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LETTER OF SUBMITTAL 

To the Congress of the United States: 

Pursuant to the act of March 3, 1915, which established the National Advisory Committee for Aeronautics, 
I submit herewith the Nineteenth Annual Report of that Committee for the fiscal year ended June 30, 1933. 

The attention of the Congress is invited to the opening pages of the Committee’s report giving the major 
reasons for the recent improvements in the speed and efficiency of airplanes for military and civil uses. The 
principal underlying cause of this remarkable progress has been the efficient functioning of the National Advisory 
Committee for Aeronautics in coordinating and planning for the research needs of aviation, civil and military, 
and in conducting the necessary fundamental scientific researches to serve the needs of all agencies. 

I concur in the Committee’s opinion that the continuous prosecution of fundamental research in aero¬ 
nautics is essential to the national defense and to the future of air transportation upon a sound economic basis. 

Franklin D. Roosevelt. 

The White House, 
January 12, 1934• 
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LETTER OF TRANSMITTAL 

National Advisory Committee for Aeronautics, 

Washington, D.C., December 15, 1983, 
Mr. President: 

In compliance with the provisions of the act of Congress approved March 3, 1915 (U.S.C., title 50, sec. 153), 
I have the honor to transmit herewith the Nineteenth Annual Report of the National Advisory Committee for 
Aeronautics for the fiscal year ended June 30, 1933. 

The past year has to an unprecedented degree witnessed the application by the Army, the Navy, and the 
aircraft industry of the cumulative results of years of fundamental research conducted by this Committee to meet 
the needs of military and civil aviation. It saw greater improvement in the speed of aircraft and in economy of 
operation than has been made in any single year since the war. 

Higher speeds have introduced new problems into a heavily crowded program of investigations. The Com¬ 
mittee is energetically prosecuting a comprehensive research program to serve all needs, and is confident that 
continued support of its work will continue to yield results of immeasurable military value and of economic value 
greatly in excess of its annual appropriations. The independent status of the Committee has been the most 
vital factor in its success and is essential to its continued efficient functioning. 

Respectfully submitted. 
Joseph S. Ames, Chairman. 

The President, 

The White House, Washington, D.C. 
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NINETEENTH ANNUAL REPORT 
OF THE 

NATIONAL ADVISORY COMMITTEE FOR 
AERONAUTICS 

Washington, D.C., November 14, 1933. 

To the Congress of the United States: 

In accordance with the act of Congress approved 

March 3, 1915, which established the National Ad¬ 

visory Committee for Aeronautics, the Committee 

submits herewith its nineteenth annual report for the 

fiscal year 1933. 

Continued progress.—It is gratifying to the Com¬ 

mittee to report that the past year was notable as 

witnessing the greatest advance in airplane perform¬ 

ance and efficiency accomplished in any single year 

since the Great War. This is largely the cumulative 

result of years of organized scientific research con¬ 

ducted by this Committee and of the practical applica¬ 

tion of the results by the Army, the Navy, and the 

aircraft industry. 

Result of sound governmental policy.—In the opinion 

of the Committee aeronautical development in the 

United States is certainly abreast, and, in certain par¬ 

ticulars, in advance of the development in any other 

country. This is the result of long-continued sound 

governmental policy in supporting fundamental aero¬ 

nautical research. It began with legislation 18 years 

ago which established the National Advisory Commit¬ 

tee for Aeronautics as an independent Government 

establishment “to supervise and direct the scientific 

study of the problems of flight,” and has been con¬ 

tinued through generous appropriations to this Com¬ 

mittee. Thus one central governmental organization, 

with the active cooperation of the War, Navy, and 

Commerce Departments and of the aircraft industry, 

supplies the research needs of aviation. By this policy 

of coordination, results of greatest value to aeronau¬ 

tics are obtained with prevention of duplication and 

waste. Supplementing this policy, there is effective 

application of the results of the Committee's researches 

in the experimental and development laboratories of 

the Army and Navy. 

Comprehensive researches serve all needs.— 

The research programs of the Committee are formu¬ 

lated largely by the various technical subcommittees 

whose membership embraces all governmental agencies 

concerned. A large part of the Committee’s research 

programs consists of specific requests of the Army and 

Navy air organizations. The latter depend upon the 

Committee for the scientific study and investigation of 

fundamental problems necessary for the improved de¬ 

sign of military and naval aircraft. Aircraft manufac¬ 

turers and operators also rely upon the Committee for 

fundamental data, and the Committee broadens its 

military and naval researches to obtain as much funda¬ 

mental information as possible in order to meet the 

needs of civil and commercial aviation. In this the 

Committee is assisted by the cooperation of the Aero¬ 

nautics Branch of the Department of Commerce and 

by an annual conference with represetatives of the 

aircraft industry, held at the research laboratories at 

Langley Field, Va. 

Facilities for fundamental research.—The Commit¬ 

tee has recognized its responsibility in shaping the prog¬ 

ress of aeronautics and, with the far-sighted support 

of the Comgress, has anticipated the research needs of 

aviation and developed at Langley Field, Va., the best- 

equipped aeronautical research laboratory in the world. 

This one central laboratory is known as the Langley 

Memorial Aeronautical Laboratory and is operated 

under the single and direct control of the Committee. 

The fundamental researches approved by the Com¬ 

mittee are conducted at that laboratory, where there 

are combined under ideal conditions facilities for labo- 

ratory investigations and for researches on airplanes 

in flight. Much of the equipment there is original and 

ingenious and permits investigations that give results 

not obtainable in any other country. The develop¬ 

ment of this laboratory represents in itself an accom¬ 

plishment in which the Congress and the country 

may take pride, for the excellence of its product has 

gained for the United States an advantageous position 

among the progressive nations in the development of 

aeronautics. 

Results of research.—Speed is still the most impor¬ 

tant single factor in increasing the relative importance 

of aircraft for national defense and in extending their 

use for commercial purposes. Primarily as a direct 

result of the Committee’s researches there have been 

great increases in speed and efficiency during the past 

year, which have opened a new era in the development 

of both military and commercial aircraft. The in- 

l 
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crease in the speed of multiengine airplanes, military 

and commercial, from 1932 to 1933 has approximated 

40 to 60 percent with practically the same engine 

power. This development is one of the outstanding 

contributions of the Committee, the major factors being: 

(1) The National Advisory Committee for Aero¬ 

nautics engine location and cowling. (The results of 

the cowling research were published in 1928. The 

results of the engine location research were issued 

confidentially to the Army, Navy, and industry in 

1930, and were kept confidential until 1932, when the 

first American airplanes embodying the principles 

had been designed and actually constructed.) 

(2) The development by the Army, the Navy, and 

the industry of reliable retractable landing gears. 

(3) Increased horsepower with same size and weight 

of engines, involving increased revolutions per minute, 

higher compression ratio, improved fuels, and im¬ 

proved cylinder cooling. 

(4) The development by the Army, the Navy, and the 

industry of satisfactory controllable-pitch propellers. 

(5) The development bv the Committee of new and 

more efficient wing sections. 

(6) Improved streamlining and use of wing flaps, 

assisted by the Committee’s researches. 

A great increase in the high speed of an airplane, 

would ordinarily be accompanied by a dangerous 

increase in its landing speed. This presented a 

problem of devising means of increasing the lift and 

drag of the wing to permit landing at a lower speed, 

without attendant loss of control. Increased safety 

in the operation of aircraft will result primarily from 

reduction in landing speeds with retention of adequate 

control. Toward this end the Committee has con¬ 

ducted researches on a number of high-lift devices, 

some of which are now in use. Others under investi¬ 

gation hold promise of further progress in retaining 

adequate control at lower landing speeds. 

Research pays.—It is essential to national defense 

and to American air commerce that the United States 

strive to keep abreast or ahead of other nations in the 

technical development of both military and commer¬ 

cial aviation. The researches of the Committee lead 

to material improvement in the performance, efficiency, 

and safety of aircraft. No money estimate can be 

placed on the value of superior performance of air¬ 

craft in warfare, for aerial supremacy is quite likely 

to be ultimately decisive of a war; nor can a money 

estimate be placed on the indeterminable savings in 

life and property due to improved safety in the opera¬ 

tion of both military and civil aircraft. The value in 

dollars and cents of improved efficiency in aircraft 

resulting from the Committee’s work can, however, 

be fairly estimated. For example, the results of six 

researches completed by the Committee within the 

last few years, when applied to airplanes equal in 

number to those in use during 1932, show that savings 

in money alone will be made possible in excess annually 

of the total appropriations for the Committee since 

its establishment in 1915. 

In the opinion of the Committee the continued 

development of aviation is vital to our national 

security and defense. Aviation is also becoming an 

increasingly important factor as an agency of trans¬ 

portation. Its continued development holds possi¬ 

bilities for the growth of a large industry, creating 

new sources of wealth, new fields of employment, and 

I new outlets for the energies of the American people. 

The Committee is of the opinion that the most essen¬ 

tial fundamental activity of the Government in aero¬ 

nautics is the continuous prosecution of well-organized 

and coordinated scientific research. Continuous fun¬ 

damental research is absolutely vital in the last analy¬ 

sis, as it underlies the effectiveness of the air arms of 

the national defense, the stability of the aircraft 

industry, and the prospect of ultimate success of air 

transportation upon a sound economic basis. The 

Committee accordingly recommends continuation of 

its work in the fields of pure and applied research on 

the fundamental problems of flight. 



PART I 

REPORTS OF TECHNICAL COMMITTEES 

In order to carry out effectively its principal func¬ 

tion of the supervision, conduct, and coordination of 

the scientific study of the problems of aeronautics, the 

National Advisory Committee for Aeronautics has 

established under the executive committee four main 

technical committees—the committees on aerodynam¬ 

ics, power plants for aircraft, materials for aircraft, and 

problems of air navigation—and under these commit¬ 

tees, eight subcommittees. These technical committees 

prepare and recommend to the executive committee 

programs of research to be conducted in their respective 

fields, and as a result of the nature of their organiza¬ 

tion, which includes representation of the various 

agencies concerned with aeronautics, they act as coor¬ 

dinating agencies, providing effectively for the inter¬ 

change of information and ideas and the prevention of 

duplication. The membership of these committees 

and subcommittees is listed in part II. 

The committees on aerodynamics and power plants 

for aircraft have direct control of the aerodynamic 

and aircraft-engine research, respectively, conducted 

at the Committee’s laboratory at Langley Field, and 

of special investigations conducted at the Bureau of 

Standards. The greater part of the research under 

the supervision of the committee on materials for air¬ 

craft is conducted by the Bureau of Standards. The 

experimental investigations in aerodynamics, aircraft 

power plants, aircraft materials, and air-navigation 

problems undertaken by the Bureau of Aeronautics of 

the Navy, the Army Air Corps, the Bureau of Stand¬ 

ards, and other Government agencies are reported to 

these four committees. 

REPORT OF COMMITTEE ON AERODYNAMICS 

SUBCOMMITTEE ON AIRSHIPS 

In order that the committee on aerodynamics may 

be kept in close touch with the latest developments in 

the field of airship design and construction and that 

research on lighter-than-air craft may be fostered and 

encouraged, a subcommittee on airships has been 

organized under the committee on aerodynamics. 

The subcommittee has kept in close touch with the 

airship investigations under way at the Langley Memo¬ 

rial Aeronautical Laboratory. The program of airship 

work at the laboratory includes the study in the full- 

scale wind tunnel of the forces on a large airship model 

at large angles of pitch and of yaw. In cooperation 

with the Bureau of Aeronautics of the Navy, the Com¬ 

mittee has also obtained information on the speed and 

deceleration on the full-size airship Macon. 

LANGLEY MEMORIAL AERONAUTICAL LABORATORY 

Landing Speed and Speed Range.—The speed of 

both military and commercial airplanes has increased 

very markedly during the past year. This increase 

in speed has been accomplished partly through an 

increase of engine power, but mainly through the re¬ 

duction of drag. The low drag, while advantageous 

in obtaining high speed, is disadvantageous in that it 

limits the gliding angle which can be obtained at low 

speed, and makes necessary a very long flat approach 

to a landing. The higher maximum speeds have also 

been accompanied by a tendency to use heavier wing 

loadings, and the landing speeds have increased to 

what seems to be the practical limit. Under these 

adverse landing conditions, devices for increasing the 

maximum lift coefficient and also the drag at the high 

i angles of attack have been of great interest. 

Flap modifications.—The committee’s work on split 

flaps has been continued during the past year. These 

flaps have now been used on several airplanes, either 

in the simple form or in the Alfaro-Zap form, in which 

the flap is moved to the rear as well as deflected down¬ 

ward. In response to the demand for more detailed 

information in regard to their aerodynamic effect and 

in regard to the air loads on the flaps, further tests have 

been made in the 7- by 10-foot wind tunnel. The air 

loads on the flaps have been measured for the purpose 

of supplying information on which to compute the 

structural strength needed and the forces required to 

deflect them (report in preparation). The results of 

these tests showed that the division of the total lift 

between the split flaps and the wing was little affected 

by flap deflection in the ordinary flight range, although 

| the division of the total drag was greatly affected by 

flap deflection. The normal-force coefficient was also 

greatly affected by flap deflection, the coefficient for 

the flap alone reaching a value of approximately 

1.40 at the angle of attack and flap deflection for 

maximum lift. 

Another investigation was made in the 7- by 10-foot 

tunnel to determine the effect on the aerodynamic 

characteristics of partial-span split flaps located at 

various positions along the wing span (Technical 

Note No. 472). The results showed that as the flap is 

cut away from the tip, the loss in lift is small at first, 

but becomes substantial if sufficient flap is removed to 

allow room for ordinary ailerons. If the flap is cut 

away from the center, the loss starts more rapidly, 

being in the neighborhood of 8 or 10 percent for the 

cut-out usually found necessary for structural reasons. 
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Full-scale tests with simple split flaps have been 

made with a parasol monoplane both in the full-scale 

tunnel and in flight, with flaps 20 percent of the wing 

chord in width extending over the outer 90 percent of 

the wing span. The full-scale lift, drag, and pitching- 

moment coefficients for the airplane were found in the 

full-scale tunnel both with the horizontal tail surfaces 

in place and with them removed (Technical Note 

No. 475). The value of CLjnax was increased from 

1.47 to 2.09 by deflecting the flap, the stalling angle 

being the same in both cases. These results agree 

well with the model results obtained in the 7- by 10-foot 

tunnel with regard to the effect of the flap. The 

computed landing speed of the airplane was reduced 

from 51 miles per hour to 41.9 miles per hour by the 

use of the flaps. 

The flight tests, the model tests in the 7- by 10-foot 

tunnel, and the full-scale wind-tunnel tests all showed 

that the control force required to displace a simple 

split flap is undesirably great. A series of wind-tunnel 

tests is now in progress to study the effectiveness of 

various methods of reducing the hinge moments of 

these flaps. 

A year ago the highest lift coefficient obtained by 

the Committee with any kind of flap device was 3.17, 

obtained with the Fowler flap. During the past year 

attempts have been made to obtain still higher lift 

coefficients. First, a slot was added to the leading 

edge of the Fowler-type wing, but only a slight increase 

in lift coefficient resulted. A special slot having a slat 

of good airfoil section was then developed and this in 

its best location gave a maximum lift coefficient with 

the Fowler-type flap of 3.62 (Technical Note No. 459). 

Then still another slot was added, a fixed slot near 

the trailing edge of the basic wing, which gave a slight 

additional increase to 3.76, a total increase of about 

200 percent above the value for the wing with all 

devices retracted. The investigation of the plain 

Fowder-type flap is being continued in the 7- by 10-foot 

wind tunnel to find the relative characteristics with 

Fowler flaps of various sizes and to determine the 

loadings on the flaps. 

Wind-tunnel tests have also been made with a flap 

consisting of an auxiliary airfoil pivoted at the rear of 

the main wing as proposed by Wragg. The auxiliary 

airfoil is located so that a slot is formed between the 

two wings in a manner somewhat similar to that of 

the Fowler-type flap, but the auxiliary is not retracted 

into the main wing. This arrangement with a 15 per¬ 

cent auxiliary airfoil gave a maximum lift about the 

same as that obtained with a simple split flap. 

Fixed auxiliary airfoils.—Last year a fixed auxiliary 

airfoil had been developed which gave an increased 

lift coefficient and an increased speed range, and which 

was thought advantageous particularly because it had 

no moving parts (Technical Report No. 428). Flight 

tests were made with the auxiliary airfoil mounted on 

a small parasol monoplane (Technical Note No. 440). 

At that time the investigation had included only one 

size of auxiliary airfoil and only one auxiliary airfoil 

section. The results seemed sufficiently promising to 

make it worth while to test auxiliary airfoils of other 

sizes and airfoil sections, and several sizes with three 

different sections have now been tested in a sufficient 

number of positions with respect to the main wing to 

determine the best arrangement (Technical Report 

No. 472). None of these has been found to be de¬ 

finitely superior in all respects to the original, although 

a decidedly lower minimum drag was obtained with 

a symmetrical section. The highest values of the 

maximum lift coefficients and the speed range criterion, 

^rmaJCDmin, were obtained with auxiliary airfoils with 

chords 11 to 15 percent of the main wing chord, 

although those as small as 7.5 percent of the main 

wing chord gave nearly the same values as the larger 

sizes. 

Tailless airjdanes.—Wind-tunnel tests were made of 

a model wing having an aspect ratio of 3 and a tapered 

plan form with a straight trailing edge (Technical 

Note No. 463). The Clark Y airfoil section was used 

throughout the entire span, with no washout. A 

constant-chord trailing-edge flap was used for longi¬ 

tudinal balance and control moments. The simple 

wing with no washout or change of basic section along 

the span had aerodynamic characteristics well suited 

for use on tailless airplanes. A higher lift coefficient 

was obtained with the full-span flap deflected as a 

unit to give longitudinal balance than with either the 

inner or outer portions of the flap deflected separately. 

Further tests are being made with the same basic 

model having a fixed auxiliary airfoil mounted ahead 

of the leading edge for the purpose of increasing the 

maximum lift coefficient and improving the balance 

characteristics. 

Controllability.—The Committee’s work on lat¬ 

eral control has been continued during the past year 

along two main lines. First, the search has been con¬ 

tinued for a lateral-control device that is completely 

satisfactory throughout the entire speed range, includ¬ 

ing angles of attack above the stall. More recently 

the work has been concentrated on lateral-control de¬ 

vices suitable for wings equipped with flaps or other 

high-lift devices along their entire spans. During the 

past year some of the control devices that the wind- 

tunnel investigation showed to be promising have been 

tried on an airplane in flight, with the result that con¬ 

siderable information has been obtained about the 

characteristics to be desired in a good lateral-control 

device, but it was found that each of the single lateral- 

control devices when tested in flight had at least one 

undesirable feature. One interesting point brought 

out by the flight and wind-tunnel tests was that the 

yawing effect of the ailerons as observed by the pilots 

corresponded to the yawing moments as measured 
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about wind axes, and not about body axes as had 

previously been thought. The flight tests also brought 

out the fact that the yawing moments caused by the 

ailerons are relatively unimportant in cruising and in 

high-speed flight, but are of critical importance at the 

angles of attack near and above the stall. 

Conventional ailerons.—The investigation in the 7- by 

10-foot wind tunnel has been extended to include con¬ 

ventional ailerons of various shapes and sizes, with dif¬ 

ferential movements and with balance arrangements, 

on wings of various plan forms (Technical Reports Nos. 

419, 422, 423, and 444, and Technical Notes Nos. 445, 

449, and 451). In all the tests the ailerons of wide- 

chord and short-span dimensions gave reasonably high 

values of rolling moment at the high angles of attack 

definitely above the stall, whereas the narrower aile¬ 

rons gave substantially lower values above the stall. 

It therefore seemed that the short wide ailerons might 

give at least fair control at angles of attack above the 

stall. The wind-tunnel tests showed, however, that 

while some conventional aileron arrangements had 

positive yawing moments with respect to the body 

axes, all gave adverse yawing moments with respect 

to the wind axes at high angles of attack, regardless 

of the differential motion, or of such balancing arrange¬ 

ments as the Frise type. When tested in flight none 

of the conventional ailerons, whether of long narrow 

or of short wide form, regardless of the differential 

motion used, gave control above the stall. From 

these results it seems that with conventional ailerons 

the secondary features, the adverse yawing moments, 

and the aggravation of the stall by the down-going 

aileron over its portion of the wing, become more 

important at high angles of attack than the direct 

rolling moment given by the ailerons. 

Wind-tunnel tests have been made with conventional 

ailerons on a slotted wing (Technical Note No. 443), 

and flight tests have been made on the lateral-control 

characteristics of a low-wing monoplane equipped with 

both slots and flaps, the flaps being confined to the 

inner portion of the span to allow room for conven¬ 

tional slotted ailerons (Technical Note No. 478). The 

results of these tests showed that the rolling-moment 

coefficients obtained were about the same regardless 

of whether the slots were open or closed, or whether 

the flaps were up or down, all of which is in accordance 

with the results of the wind-tunnel tests. In fact, the 

rolling moments measured in flight agreed very well 

with the rolling moments measured on similar ailerons 

under static conditions in the wind tunnel when the 

rolling action of the airplane was taken into account in 

the computations. 

If conventional ailerons are used on wings with 

flaps, whether of the plain or split variety, a part of j 

the span of the flap must in most cases be sacrificed. 

One arrangement has been devised in which ordinary 

ailerons are used with a full-span split flap by retract¬ 

ing the flap into the wing ahead of the ailerons. With 

this arrangement, in order to bring the flap into the 

most favorable position when deflected it is moved to 

the rear as well as downward. Wind-tunnel tests have 

shown that reasonably satisfactory rolling and yawing 

moments are obtained by the conventional ailerons 

with the flap deflected. With the flap retracted the 

conventional ailerons operate in the normal manner. 

A special wing having this arrangement is now being 

fitted to a parasol monoplane for flight tests. 

External ailerons.—A wind-tunnel investigation has 

been completed on external ailerons composed of 

separate airfoils attached to but apart from the main 

wing. The external ailerons were tried in positions 

all around the main wing, but particularly in four 

regions: (1) In front of and below the leading edge; 

(2) above the nose portion; (3) above the trailing edge; 

and (4) below the trailing edge of the main wing. 

The ailerons in front of and below the leading edge 

were found to give reversal of control at low angles 

of attack. In the region above the forward portion 

of the wing the ailerons had rolling and yawing moment 

characteristics somewhat similar to those of spoilers, 

the rolling-moment coefficients increasing in magni¬ 

tude as the angle of attack was increased to and 
1 ^ 

through the stall. For the ailerons above the trading 

edge the characteristics were similar to those of con¬ 

ventional ailerons except for the yawing moments, 

which were better. When mounted behind and below 

the trailing edge, the external ailerons could be used 

as lift flaps if deflected downward together. If de¬ 

flected differentially they acted like ordinary ailerons 

with unusually large adverse yawing moments. 

The most favorable location for control at high 

angles of attack up to well above the stall appeared 

to be just above the nose portion of the main airfoil, 

a short distance back from the leading edge. Flight 

tests have been made on external ailerons in this posi¬ 

tion with two different types of deflection, in both of 

which the ailerons were moved one at a time. With 

one type of deflection the trailing edge was moved up 

only, and with the other type the trailing edge was 

moved down only, these opposite deflections being 

selected because the wind-tunnel tests showed that 

moving the aileron in either direction from a critical 

neutral position reduced the lift on the adjacent por¬ 

tion of the wing. 

When tested in flight these ailerons had a lag, or 

delayed action, when given the deflection in which 

the trailing edge was moved downward, but they were 

free from lag when the trailing edge was given the 

individual upward deflection. In the ordinary flying 

range the acceleration in roll was found to be only 

j about half as great as that obtained with ordinary 

ailerons of approximately the same size, but the final 

rate of roll was greater than that obtained with ordi¬ 

nary ailerons. The latter condition was not consid- 
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ered advantageous by the pilots. The ailerons gave 

moderate control at the angles of attack above the 

stall. As has been found with all external ailerons 

tested in flight, however, the control force was high 

at the high speeds, even with the aileron hinge axis 

moved as far back as possible without resulting in 

overbalance at low speed. The work dealing with 

external ailerons is still in progress and the reports 

of the tests are not yet completed. 

Floating tip ailerons.—A wind-tunnel investigation 

has been completed of floating tip ailerons having 

various airfoil sections, hinge axis locations, and end- 

plate arrangements, on rectangular wings; on straight 

wings with single and multiple floating tip ailerons of 

narrow chord; and on tapered wings with 2° of taper 

(Technical Report No. 424 and Technical Note No. 

458). In general, the floating tip ailerons gave 

reasonably satisfactory values of rolling moment at 

all angles of attack, practically zero values of yawing 

moment about wind axes, and a reduction in the un¬ 

stable autorotational moments, but they also gave 

poor airplane performance characteristics, especially 

in regard to climb. The most promising of the floating 

tip ailerons seem to be those on wings of extreme taper. 

In this case, very light control forces are required and 

it would seem that there should be no great reduction 

in airplane performance if the span of the fixed part 

of the wing is sufficient for the rate of climb desired. 

Upper-surface ailerons.—These ailerons are used 

with split flaps and are formed by deflecting the upper 

trailing-edge portions of the wing above the split 

flaps. They are deflected upward individually. Both 

wind-tunnel and flight tests showed that, while mod¬ 

erate rolling control can be obtained at angles of attack 

below the stall with the flap either deflected or re¬ 

tracted, if simple unbalanced upper-surface ailerons 

are used the control forces required are excessively 

high even though the ailerons have a narrow chord. 

Reports on both the wind-tunnel and flight tests are 

in preparation. Work is now being carried on in the 

7- by 10-foot tunnel to investigate the possibility of 

obtaining a suitable reduction of hinge moment by 

means of proper hinge location and aileron profile. 

Spoilers.—Various spoiler arrangements have been 

tested both in the wind tunnel (Technical Note No. 

415 and Technical Report No. 439) and in flight 

(report in preparation). These spoilers consisted 

essentially of plates and surfaces arranged to project 

from the upper surface of a portion of the wing in 

order to reduce the lift over that portion. The 

spoilers located near the nose of the wing gave con¬ 

trol at angles of attack above the stall, but, unfor¬ 

tunately, below the stall they had a definite lag or 

delayed action due to an initial but imperceptible 

tendency to roll in the wrong direction. The time 

from the deflection of the control to the start of the 

roll in the desired direction averaged about one half 

second. The lag was found in flight with each of the 

three forms of spoiler tested, the first being a flap set 

in the upper surface and hinged at the front edge, the 

second a retractable spoiler projecting out through a 

slot in the upper surface of the wing, and the third 

the retractable spoiler cut to saw-tooth form. These 

results seem to eliminate the simple spoiler located in 

the forward portion of the wing as a satisfactory lat¬ 

eral-control device when used by itself, but, if control 

above the stall is of sufficient importance, a satis¬ 

factory arrangement free from lag can apparently be 

obtained by the proper combination of spoilers and 

ordinary ailerons. The spoilers can be arranged to 

reduce the aileron hinge moments if desired, either 

by means of their location or their connecting linkage. 

In regard to control at angles of attack above the 

stall, the flight tests have shown that the lateral 

instability above the stall may be so violent as to 

eliminate the possibility of handling the airplane satis¬ 

factorily even with an effective lateral control. Con¬ 

sidering this condition it seems that even for occasional 

emergency use control above the stall may be of 

slight value unless it is accompanied by stability. 

If the spoilers are moved sufficiently far back along 

the chord of the wing there is no doubt that the lag 

can be eliminated. Unfortunately, as the spoiler is 

moved back its effectiveness in giving control at angles 

of attack above the stall is lost. The present plans 

are to continue flight tests to find the most forward 

spoiler location free from lag. Tests are now under 

way with the retractable-type spoilers near the trail¬ 

ing edge of the wing. In this position they might 

well be called “retractable ailerons”, for they give 

approximately the same rolling and yawing moments 

as the upper-surface ailerons but with the advantage 

of very low control forces, for with this device the 

hinge moments can be made practically zero. 

Aerodynamic balancing of control surfaces.—Consid¬ 

erable interest has been centered during the past year 

on means of balancing the forces required to operate 

the various control surfaces of an airplane. An in¬ 

vestigation has been made in the 7- by 10-foot tunnel 

on a model wing with ailerons and balanced surfaces 

of various kinds. Hinge moments and rolling and 

yawing moments, as well as the general performance 

with the various arrangements, were measured. One 

type of balancing arrangement investigated consisted 

of flat plates or tabs attached to the trailing edge of 

the ailerons and deflected various amounts. Another 

type of tab was formed by deflecting the trailing-edge 

portion of the aileron itself. The latter type proved 

more effective and complete servo-control could be 

obtained for moderate aileron deflections when the 

inset tab was 20 percent of the aileron chord and cov¬ 

ered the entire aileron span. The hinge moments for 

large aileron deflections, however, were greater with 

the tabs than without. Further work is in progress 
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with inset tabs and horn-and-paddle-type balances on 

ailerons, and with inset tabs on rudders and elevators 

also. 
Stability.—A theoretical study of stability, based on 

the theory of small oscillations, is being made with a 

viewT to making possible the rational prediction of the 

stability characteristics of an airplane by simple means. 

Effect of wing-tip shape.—A wind-tunnel investiga¬ 

tion of the effect of wing-tip shape on lateral stability 

is in progress. Tests have been made with tips hav¬ 

ing rectangular and curved plan forms, and with the 

tip in front curved upward and downward different 

amounts. The tests include 6-component force and 

moment measurements at several angles of yaw, as 

well as rotation tests at zero yaw. The results show 

the effect of tip shape on general performance and on 

four of the lateral-stability factors—damping in roll, 

and variation of the rolling moment, yawing moment, 

and cross-wind force with sideslip. It was found that 

the rectangular tips gave higher values of the rolling 

and yawing moments due to sideslip than the curved 

tips, while the damping in roll was about the same for 

all of the tips tested. 

Effective dihedral.—A detailed wind-tunnel investiga¬ 

tion is being made to determine the effects of dihedral 

on lateral stability and on general performance. In 

the 7- by 10-foot wind tunnel tests are being made 

with wing models having various amounts of the span 

deflected upward to give dihedral. The results ob¬ 

tained to date indicate that a dihedral angle only in 

the outer 25 percent of the wing is quite effective in 

producing rolling moments due to sideslip up through 

large angles of attack. In addition to the wind-tunnel 

investigation qualitative flight tests are being made 

in which the lateral stability is being found for a 

parasol monoplane with dihedral angles ranging from 

0° to 9°. 

Landing.—The cinematographic apparatus de¬ 

veloped for studying the motion of airplanes in flight 

close to the ground, particularly in landings, has been 

utilized in an investigation of glide landings in gusty 

air. The airplane used in this investigation was 

equipped with unusually long shock-absorber struts. 

In the tests with the elevator held stationary, for the 

worst case recorded the attitude of the airplane varied 

from 14° nose up to 9° nose down, and the rate of 

descent varied from 28 feet per second to 4 feet per 

second, while the airplane was descending from 550 

feet to 350 feet. At the present time a paper is being 

prepared in which the results of this investigation 

will be.presented, together with the results of an in¬ 

vestigation of the variation in wind speeds close to 

the ground. 

The above-mentioned apparatus has also been used 

in investigations of the relative efficiency of two types 

of long-stroke shock-absorber struts, and of the land¬ 

ing characteristics of an autogiro. The latter investi¬ 

gation was undertaken at the request of the Aero¬ 

nautics Branch, Department of Commerce, to provide 

data for use in the formulation of design rules. 

Take-off.—A comparatively simple method of cal¬ 

culating the length of take-off run has been developed 

from the assumption of a linear variation in net accel¬ 

erating force with air speed. This method has been 

published during the year in Technical Report No. 450. 

A flight investigation was made to determine the 

effect of automatic slots and plain flaps on take-off, 

the tests being made with a small low-wing mono¬ 

plane. The take-off run was materially reduced with 

slots but not with flaps, the magnitude of the effects 

being dependent to some extent on the gross weight. 

The difference in the effects of the tw*o devices lay 

principally in the fact that the flaps increased the drag 

throughout the take-off run and thereby retarded the 

acceleration, whereas the slots had no appreciable 

deleterious effect during the preceding ground run. 

Further information on the effect of flaps on take-off 

run is available from tests in the full-scale tunnel on 

a small parasol monoplane. Calculations based on 

the power characteristics with a 95-horsepower engine 

and a fixed-pitch propeller indicated that a slight 

reduction in the calculated take-off run would be 

obtained with a flap depression of about 27°, but 

because of the poor climb with the flaps down, the total 

take-off distance required to clear an obstacle 100 feet 

high would be greatly increased for flap settings greater 

than 20° and would not be appreciably improved by 

lower settings. 

In an attempt to calculate the take-off run from 

known airplane and propeller characteristics it was 

found that no one value for the coefficient of ground 

friction would give satisfactory agreement with the 

experimental data for all take-off conditions. A 

study is being made of the influence of various factors 

on take-off. 

The recent perfection of several types of controllable 

propellers lias increased the interest in methods of 

computing the possible performance of such propellers. 

A report has been prepared pointing out some of the 

methods to be used in such calculations making use 

of data previously published by the Committee. The 

report (Technical Note No. 484) also shows the possi¬ 

bility of increasing the performance of some airplanes. 

In the computation of the propeller performance 

of airplanes, particularly of seaplanes, it has been found 

that the information previously published in Technical 

Report No. 350 was not complete enough in the low- 

speed range for the calculation of the available thrust 

of the propeller. The original data have been recom¬ 

puted, a new coefficient being used, and the results 

j are being presented in a new report in the form of 

charts which will be useful to designers in computing 

the low-speed characteristics of propellers. 
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When retractable landing gears are used on a low- 

wing monoplane the question arises how the lift 

coefficient of the wing is affected by the open wheel 

wells in the lower surface of the wing when the 

landing gear is extended and how the time for taking 

off may be affected. In order to furnish information 

on this point, the Committee was requested by the 

Army Air Corps to make tests in the full-scale tunnel 

on a Lockheed Altaic airplane. It was found that the 

wheel openings in the lower side of the wing have 

a negligible effect upon the lift and take-off of the 

airplane. The results are given in Technical Note 

No. 456. 

Maneuverability.—A report on the maneuvera¬ 

bility of an observation airplane, an investigation 

undertaken at the request of the Bureau of Aeronautics, 

Navy Department, has been published (Technical 

Report No. 457). Consideration has been given to the 

development of a criterion for maneuverability based 

on the results of previous tests. 

Spinning.—Intensive research on the problem of 

the spin has been continued both in flight and in the 

vertical tunnel, the latter having been in regular 

operation throughout the past year (Technical Report 

No. 456). Attention has been concentrated largely 

on the factors affecting the steady spin and recovery 

from it, for the ultimate purpose of insuring in the 

design of airplanes that proper recovery will be ob¬ 

tained, or that the steady spin will be entirely 

prevented. 

A paper has been published on the effect of sharp 

leading edges on the spin (Technical Note No. 447). 

There has also been published a paper (Technical 

Note No. 468) on the results of a study of the influence 

of the various factors affecting the steady spin. In 

this study the predicted influence of various modifica¬ 

tions in airplane design features were correlated with 

the results of flight tests as reported from numerous 

sources. An analysis of the results obtained in a 

flight investigation conducted on a small biplane, of 

the effect of control setting and mass distribution on 

the steady spin, has been completed and a paper on 

this subject is now being prepared. It was found that 

in general the observed effect of extensive changes in 

mass distribution could be predicted by utilizing the 

knowledge already available from previous theoretical 

and experimental studies of the problem. 

There are rather conclusive indications that provision 

of sufficient damping yawing moments offers the most 

effective method of eliminating bad spinning charac¬ 

teristics, and several researches designed to provide 

additional information on the amount of yawing mo¬ 

ment desired and the method of securing it effectively 

have been carried out or are now in progress. An 

investigation conducted in the vertical tunnel to deter¬ 

mine the effect on spinning characteristics of locating 

the stabilizer and elevator in several fore-and-aft 

positions and also in two vertical positions has been 

completed and a paper on the results has been published 

(Technical Note No. 474). The results indicate that 

a very favorable increase in yawing moment is obtained 

by a high and/or a rearward position of the horizontal 

tail surfaces. 

In the same connection the spinning characteristics 

of a biplane of the fighter type have been investigated 

in flight with various modifications to improve the 

effective fin area. In its original condition this air¬ 

plane would occasionally fail to recover when the 

controls were manipulated in accordance with the 

normal procedure for recovery. The character of the 

spin was first improved to an extent that made it safe 

for spinning by the addition of considerable fin area 

above the fuselage, a modification that could be readily 

incorporated in the existing airplanes of that type. 

The investigation was then continued to determine the 

effect of raising the stabilizer, a modification that 

was expected to prove very beneficial, on the basis of 

previous studies in the vertical tunnel. In tests now 

completed a very marked improvement in the charac¬ 

ter of the spin has been brought about by raising the 

stabilizer to the top of the vertical fin. At the present 

time the effect of an intermediate stabilizer position 

is being investigated, such a position being more 

readily adaptable to structural design requirements 

than the extreme upper position. 

The flight investigation with this airplane has been 

very closely correlated with tests in the vertical 

tunnel on a model of the same airplane primarily for 

the purpose of determining the extent to which agree- 

j ment might be expected between model and flight 

spinning tests, and possibly of deriving factors for 

converting model spinning results to full scale. The 

model data have not yet been completely analyzed. 

A third research concerned with the yawing moments 

contributed by various parts of the airplane in spins 

is now being carried out in flight on a small biplane 

previously used for mass-distribution studies. The 

lateral forces on the fin, rudder, and fuselage are being 

determined by pressure-distribution measurements, 

and at the same time the spinning motion is deter¬ 

mined so that resultant moments can be computed. 

The yawing moment developed by the remainder 

of the airplane, chiefly the wings, is then found. 

At the request of the Army Air Corps, three models 

of special pursuit airplanes were tested in the vertical 

tunnel for prediction of their spinning characteristics. 

It is interesting to note that the characteristics as 

measured compared favorably with what had been pre¬ 

dicted on the basis of previous tests with other models 

on the spinning balance. 

An experimental method for determining the 

moments of inertia of airplanes for use chiefly in 

spinning studies has been used bv the Committee for 

several years. Essentially, the method consists in 
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suspending the airplane so that it can oscillate as a 

pendulum. Refinements in the method have been 

made from time to time, some of them being of funda¬ 

mental importance. A report has been published 

(Technical Report No. 467) describing the procedure 

followed in these experiments, particularly the method 

employed in correcting for effects of the ambient air. 

Aerodynamic Interference and Drag.—The 

broad basic investigation of aerodynamic interference 

and drag previously undertaken has been continued 

through the year. The investigation is intended to 

determine where and under what conditions inter¬ 

ference effects may be of importance, and how adverse 

interferences between airplane parts may be reduced 

and favorable interferences utilized. The work is 

advantageously divided among various sections of the 

laboratory. 

Wing-fuselage interference.-—An extensive investiga¬ 

tion dealing largely with interference effects between 

the fuselage and the wing has been in progress during 

the year in the variable-density wind tunnel. The 

tests are made at a high value of the Reynolds Num¬ 

ber, and deal with combinations of variously shaped 

fuselages and wings in different relative positions. A 

large part of the test program has been carried out and 

the results are being analyzed, but the investigation 

has not progressed sufficiently far to warrant the 

drawing of conclusions. 

The best means of determining interference effects 

is by measurements on actual airplanes in the full- 

scale wind tunnel where the tests can be made with 

and without the slipstream, and where flow surveys 

can be made behind the airplane. Two investigations 

of this nature have been undertaken during the year. 

Wing-fuselage interference and buffeting were in¬ 

vestigated on a low-wing monoplane displaying 

excessive drag and tail buffeting at high angles of 

attack, successive modifications being made, including 

the addition of variously formed fillets at the juncture 

of the wing and fuselage, the installation of a National 

Advisory Committee for Aeronautics engine cowling, 

the use of sliort-span auxiliary airfoils, and provision 

for reflexing the trailing edge of the wing. Preliminary 

results of this investigation have been published in 

Technical Note No. 460. 

A more complete report is in preparation in which 

will be shown surveys of the flow about the tail sur¬ 

faces with and without power and with the various 

modifications mentioned. A special survey apparatus 

described previously was used for this work. It was 

found that the fillets, either alone or in combination 

with the National Advisory Committee for Aero¬ 

nautics cowling, reduced the buffeting and inter¬ 

ference to unobjectionable magnitudes at angles of 

attack up to the stall. The best results were obtained 

by the use of fillets together with the National Advisory 

Committee for Aeronautics cowling. 
407GS—34-2 

Another full-scale investigation of wing-fuselage 

interference on a YO-31A airplane is in progress in the 

full-scale tunnel. A mock-up of this airplane, which 

was originally built with a gull wing, has been arranged 

for the installation of wings in three positions represent¬ 

ing a high-wing, a mid-wing, and a low-wing monoplane 

and in the latter position a full cantilever wing will be 

tested as well as the braced wing used in the other 

positions. Both force tests and pressure-distribution 

measurements will be made for the whole series of tests 

and these, taken with air-flow measurements at the 

tail and engine power data, will give a complete picture 

of the effects of wing-fuselage interference on this 

particular airplane. The part of the investigation 

dealing with the gull wing has now been completed 

and the results are being analyzed while the next 

wing arrangement is being set up. 

Wing-nacelle propeller research.—The extensive pro¬ 

gram of research on the mutual influences of wing, 

nacelle, and propeller has been continued in the 

propeller-research tunnel. Investigation of nacelles 

with tandem propellers, of nacelles with pusher 

propellers, and of nacelles with tractor propellers on 

biplane wings has been completed. A large number of 

supplementary tests correlating these investigations 

with the investigations of tractor propellers on nacelles 

and monoplane wings have also been made. Reports 

covering these various parts of the investigation are 

now in preparation. 

The effect of the shape and size of the wing on the 

mutual interference has been investigated by means of 

l tests on a wing of Clark Y section and smaller chord 

for comparison with the earlier tests with a thick 

wing of large chord. Results of this investigation 

have been published as Technical Report No. 462. 

The general conclusion drawn from the investigation 

is that a completely cowled tractor nacelle located 

ahead of the leading edge of the wing is the best 

arrangement. The tandem-nacelle arrangement suf¬ 

fered largely from the high drag of the engine nacelle. 

The same is true of the pusher nacelle arrangement; in 

fact, the pusher part of the nacelle or nacelle adjacent 

to the pusher propeller appears to be the undesirable 

feature in both the pusher and tandem arrangements. 

None of these arrangements approaches the efficiency 

of the best tractor-nacelle arrangement. There appear 

to be good grounds for supposing that an arrangement 

consisting of an engine located ahead of the leading 

edge of the wing in a National Advisory Committee for 

Aeronautics cowled nacelle and an extension shaft 

carried to the trailing edge of the wing with the 

propeller located at the end will have high efficiency, 

i Tests are soon to be made with this arrangement. 

Most of the preceding tests have been made with 

nacelles for air-cooled radial engines. The liquid- 

cooled airplane engine has not been overlooked; some 

tests have been made to determine the propulsive 
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efficiency and the interference effects of a liquid-cooled 

engine nacelle and a wing. The tests made thus far 

indicate that the largest drag-producing component 

of the nacelle of the ordinary type is the radiator, 

which is normally exposed below the nacelle. A test 

was also made with a radiator completely surrounding 

the engine and enclosed within a nacelle of circular 

cross section, giving an outward shape similar to that 

of an air-cooled engine nacelle. The results of this 

test indicated that the drag of the usual liquid-cooled 

installation could be considerably reduced by such an 

arrangement. 

The great mass of data obtained on wing-nacelle- 

propeller effects in the propeller-research tunnel was 

obtained on wings of 15-foot span, aspect ratio 3, 

with a propeller of 4-foot diameter. If the propeller- 

nacelle interference extends more than about two 

diameters outboard of the thrust axis, then the effect is 

incompletely measured on such a small-span wing. 

In order to check this possibility, the same nacelle- 

nropeller combination has been tested in the full-scale 

wind tunnel in three positions relative to a wing of the 

same chord and section whose span was progressively 

decreased from 30 to 25, to 20, and finally to 15 feet. 

Forces, propeller characteristics, and pressure dis¬ 

tribution were measured and a preliminary comparison 

shows the effect of span to be not so large as to invali¬ 

date the test results on short spans. The results of 

these tests in the full-scale tunnel are being prepared 

for publication. 

Drag of landing gears.-— It has been realized for 

some time that the drag of the landing gear con¬ 

stitutes in many cases a large part of the total drag 

of the airplane. That manufacturers of airplanes are 

cognizant of this fact is witnessed by the numerous 

installations of retractable landing gears in recent 

airplanes. The additional weight and the mechanical 

complexity have retarded the general adoption of 

retractable landing gears. That these difficulties are 

being surmounted is attested by the numerous installa¬ 

tions of retractable gears in recent designs, but the use 

of nonretractable gears in several high-performance 

airplanes indicates the need for more information on 

the possibilities of reducing the drag and the unfavor¬ 

able interference effects. 

An investigation of the drag of landing gears has 

recently been completed in the propeller-research 

tunnel. In this investigation a full-size airplane fuse¬ 

lage was mounted on the balance and a large number 

of landing gears were attached to this fuselage and the 

drag determined. The drag of the complete landing 

gear as thus determined was supplemented by tests 

on component parts which were made in the 7- by 10- 

foot wind tunnel (Technical Report No. 468). About 

20 types of landing gears were investigated which, 

with numerous variations, brought the total number 

of tests to over 100. A number of styles of wheels 

and wheel fairings and fairings between wheels and 

struts were tried, so that the whole research consti¬ 

tuted a fairly complete study of landing-gear effects, 

The final report including analysis and design studies 

has been completed. 

It was found that landing gears of the older types 

without any particular streamlining and having very 

high drag can be greatly improved by installing fillets 

between the struts and wheels and fairings over the 

wheels. Of the newer types, the cantilever-type gear 

had a fairly low drag but the lowest drag was obtained 

with a gear protruding vertically below the wing and 

completely faired in. With this type the drag was 

reduced to about 13 pounds for the landing gear at 

100 miles an hour. It was also found that, as far as 

drag is concerned, the various types of wheels, such 

as high-pressure, low-pressure, and streamlined wheels, 

have relatively small effect on the total drag, but that 

interference effects between wheels and adjacent mem¬ 

bers is much more important. Taken all together, it 

appears that the drag for the exposed landing gear car 

be reduced to a point where its effect even on the high- 

performance airplane will be relatively small and the 

consequent complication of retractable gears can be 

avoided in a number of instances. 

Cowling.—The very general adoption of the Na¬ 

tional Advisory Committee for Aeronautics cowling 

and its importance for high-speed flight have pointed 

to the desirability of further research to establish more 

trustworthy design data. An extensive systematic 

investigation has accordingly been undertaken, con¬ 

sisting of three parts: (1) the cooling requirements of 

an air-cooled engine, to be established by the power 

plants division; (2) the best cowling arrangement to 

obtain the necessary cooling with minimum drag, to 

be established by model tests in the 7- by 10-foot 

tunnel; (3) verification of the results from parts (1) 

and (2) by cowling tests on full-size engines in the 

propeller-research tunnel. 

Part (1) is in progress by the engine research division. 

Part (2) is in progress in the 7- by 10-foot tunnel, and 

includes the effect of changes in the front opening, the 

rear opening, the size of the nacelle, the camber of the 

leading part of the cowling, and the effect of different 

types of leading edge. The investigation has not been 

carried far enough to warrant definite conclusions. 

Propeller drag.—For those airplanes whose func¬ 

tions require that they be dived at terminal velocity, 

the accurate prediction of this velocity is of impor¬ 

tance. Since the propeller may offer considerable 

drag in fast dives and since it exerts a controlling 

influence on the engine speed, the Committee was 

requested by the Bureau of Aeronautics, Navy 

Department, to make an investigation to determine 

the quantitative nature of these effects to the end that 

precise estimates of the terminal velocity could be 

made. This investigation included flight dive tests 
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and wind-tunnel propeller tests. During the past year 

the information has been analyzed and a report pre¬ 

pared (Technical Report No. 477), which presents the 

results in a form readily usable for the quantitative 

determination of the influence of the propeller on the j 
terminal velocity and engine speed. Some of the 

propeller tests were extended to include the negative 

thrust range of operation applicable to this condition 

of flight, and the results have been given in Technical 

Report No. 464. 

Use of the smoke tunnel and the high-speed tunnel.— 

The smoke tunnel and the high-speed tunnel have been 

employed in connection with interference studies. 

Investigations in the smoke tunnel, however, have 

been made primarily to study its utility for such re¬ 

searches. For example, the air flow was examined 

about a model on which was simulated a windshield 

of the forward-sloping V-tvpe as used on some trans¬ 

port airplanes. Observations of the smoke flow in¬ 

dicated a large wake. The windshield was then altered 

until a form was reached which gave a more satis¬ 

factory flow. The actual drags of the original and 

final windshields were then compared by tests at a 

large value of Reynolds Number in the variable- 

density tunnel. The results confirmed the deductions 

from the observations in the smokeflow tunnel in 

that they showed the original windshield to have an 

excessive drag and the final form less than half that of 

the original. 

Another investigation of particular interest was 

started in the smoke tunel and continued in the high¬ 

speed tunnel. In the smoke tunnel the flow about a 

streamline wire (lenticular section) model was ob- i 

served to indicate a relatively high drag. The flow was 

found to be improved by the addition of small round 

wires on the surface of the streamline wire to form 

a longitudinal protuberance on either side of the 

section contour somewhat behind the leading edge. 

Various sizes and positions of the protuberance were 

investigated. Later the investigation was continued 

in the high-speed tunnel where full-scale wires could be 

tested at full speed, and the drag accurately measured. 

A streamline wire of nominal size, 0.5 inch with round 

wires of 0.003-inch diameter soldered along its sur¬ 

faces to form the protuberance, at certain speeds 

showed a drag reduction due to the protuberances of 

more than 40 percent. 

Effects of surface roughness.—The question some¬ 

times arises as to the effect of surface roughness on 

the aerodynamic characteristics of a wing, and two 

investigations of a minor nature have been conducted 

on this subject during the year. Tests were made in 

the variable-density wind tunnel on a number of air¬ 

foils of the National Advisory Committee for Aero¬ 

nautics 0012 section on which the character of the 

surface was changed from a rough to a very smooth 

finish. Measurable adverse effects were found to be 

caused by small irregularities in airfoil surfaces which 

might ordinarily be overlooked. These results were 

published in Technical Note No. 457. 

An investigation of the effect of rivet heads on the 

characteristics of a 6- by 36-foot Clark Y metal airfoil 

was carried out in the full-scale tunnel and the results 

published in Technical Note No. 461. The effect of 

conventional brazier-head rivets on the drag of the 

wing was found to be large, and an investigation of 

various types of flush rivets is next to be undertaken. 

Airfoils.—Theory of wing sections.—A report on the 

aerodynamic potential theory of wing sections (Tech¬ 

nical Report No. 452) has been prepared in which is 

presented a unified rigorous treatment of the general 

theory of monoplane wing sections of any shape. 

The numerous special cases that have been previously 

treated in the aerodynamic literature are reduced to 

special cases of the general theory, which permits a 

clearer perspective of the entire field of wing theory. 

A comparison of the predicted theoretical pressures 

with experimental work for the National Advisory 

Committee for Aeronautics M6 airfoil at 12 different 

angles of attack presents a striking illustration of the 

value of the theory. In a later report (Technical 

Report No. 465) application of the general theory is 

made to 20 conventional or selected airfoils. The 

theoretical distribution of pressure at lift coefficients 

of 0, 0.5, 1.0, and 1.5 is presented graphically. Analysis 

and discussion of the results show clearly that many of 

the aerodynamic properties and characteristics of 

airfoils are explainable and predictable on the basis of 

the theoretical pressure-distribution curves. 

Investigation of airfoil shape.—The systematic in¬ 

vestigation of airfoil characteristics as affected by 

variations of the airfoil shape has been continued in 

the variable-density tunnel and a report (Technical 

Report No. 460) has been prepared covering the tests 

under comparable conditions of 78 related airfoils. 

The tests were made primarily to investigate air¬ 

foil characteristics as affected by variations of the 

section thickness and the mean-line form. One of the 

objects of investigating a wide variety of related air¬ 

foils, aside from supplying data to facilitate the choice 

of the most satisfactory airfoil for a given application, 

was to determine the trends with changes of shape that 

might be followed in order to design new shapes having 

better characteristics. The most promising possibility 

of improvement was found to be with those airfoils 

which have the position of the maximum camber well 

forward. A number of sections of this type have 

therefore been developed from the original family with 

the expectation of finding new sections that give a 

reasonably high maximum lift without an excessively 

large pitching-moment coefficient. 

Among the 78 i elated airfoils considered in the pub¬ 

lished report are some having thickness forms differ¬ 

ing from the basic one, notably those having leading 
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edges blunter and sharper than the basic leading edge. 

The consideration that the airfoil profile must enclose 

an efficient structure, however, dictates the investi¬ 

gation of other thickness forms. With single-spar 

construction, for example, an airfoil section having the 

maximum thickness well forward may be desirable. 

On the other hand, for wings like the Fowler variable- 

area wing a deep rear spar may be required. A thick¬ 

ness form having the maximum thickness farther 

back than 0.3c may then be desirable. Furthermore, 

various thickness forms have never been studied under 

conditions corresponding to full-scale airplane wings. 

Some thickness forms, such as one having the maxi¬ 

mum thickness at 0.4c, which appears from tests in 

the high-speed tunnel to be better than the basic one 

at very high speeds, may in flight be more efficient 

aerodynamically. 

Scale effect.—The results of airfoil tests in the 

variable-density tunnel and in the full-scale tunnel as 

well as indications from flight tests show that a rather 

large variation of airfoil characteristics with the 

Reynolds Number is to be found within the range of 

values of the Reynolds Number encountered in flight. 

Data from tests of an airfoil at only one value of the 

Reynolds Number cannot therefore be considered 

adequate, but must be supplemented by some knowl¬ 

edge of the changes produced by varying the value of 

the Reynolds Number from that of the test. 

The Reynolds Numbers common to modern flight 

lie in the range between 2,000,000 and 20,000,000. 

Airfoil results from wind-tunnel tests have been 

available only up to a Reynolds Number of about 3,000,- 

000, obviously indicating that an extension of airfoil 

characteristics further into the flight range is highly 

important. The characteristics of the Clark Y airfoil 

were therefore measured in the full-scale tunnel over a 

range of Reynolds Number from 350,000 to 5,600,000 

at maximum lift, and from about 350,000 to 9,000,000 

at minimum drag. This wide range was obtained by 

testing four similar metal airfoils with spans of 12, 

24, 36, and 48 feet at velocities from 30 to 118 miles 

per hour. 

The maximum lift coefficient for the Clark Y airfoil 

shows a steady rise in value with increase in Reynolds 

Number while the minimum drag coefficient shows a 

decrease in value with increase in scale. A report is 

in preparation indicating the variation of the airfoil 

characteristics with Revnolds Number, and making 
/ o | 

available for design purposes these large-scale data. 

Tapered airfoils.—Other work on airfoils includes : 

routine tests or the tabulation and analysis of data 

requested by the military services, or by the Depart¬ 

ment of Commerce. Some of these investigations have 

dealt with tapered airfoils rather than airfoil sections. 

Several tapered airfoils were tested in the variable- 

density tunnel at the request of the Army Air Corps to 

provide data for inclusion in the handbook of instruc¬ 

tions for airplane designers. In connection with the 

investigation of tapered airfoils a technical note 

(no. 483) has been prepared presenting in short forni 

for convenient use by designers the theoretical 

pitching-moment characteristics of tapered wings 

having various plan forms and having sweepback and 

twist. The information is applicable to the design oi 

wings for ordinary airplanes as well as tailless airplanes. 

Compressibility effects.—A technical report has been 

published (no. 463) giving a description of the high¬ 

speed tunnel and an account of the tests of a series 

of six commonly used propeller sections, showing the 

effects of compressibility at air speeds up to 85 percent 

of the velocity of sound. The investigation of the 

effects of compressibility has been further extended 

during this year to include a study of the important 

variations of airfoil shape. Eleven related symmetri¬ 

cal airfoils have been tested over a wide speed range to 

determine the effects of variations in the leading-edge 

radius, the thickness, and the location of the maximum 

ordinate, as well as the effects of compressibility. 

The analysis of these results is now nearing completion 

and it is indicated that the best position for the maxi¬ 

mum ordinate is 40 percent of the chord aft of the 

leading edge. The effects of variations in the lead¬ 

ing edge radius on minimum profile drag for airfoils 9 

percent thick are negligible for values of the radius 

less than 0.0089c. 

The results of this investigation were used to de¬ 

termine a thickness distribution for use in the develop¬ 

ment of cambered airfoils. Three cambered airfoils 

were tested; one of these, the National Advisory Com¬ 

mittee for Aeronautics 216 airfoil, is superior at high 

speeds to both the Clark Y and R.A.F. 6 propeller 

airfoils having the same thickness. This airfoil is 9 

percent thick; its maximum ordinate is at 40 percent 

of the chord aft of the leading edge, and its leading- 

edge radius is 0.0022c (approximately one quarter the 

usual value for the National Advisory Committee for 

Aeronautics family airfoils). The mean camber line 

corresponds to that of the National Advisory Com¬ 

mittee for Aeronautics 24 series. 

A detailed investigation of the drag of fundamental 

shapes—circular, elliptical, and prismatic cylinders— 

is now in progress. The tests are being conducted 

over a speed range extending up to approximately 

65 percent of sound velocity. Drag tests of cylinder? 

of various sizes show remarkably close agreement when 

the results for the lower speeds are plotted against 

Reynolds Number and the results for all the circular 

cylinders are in excellent agreement as to the speed 

(0.4 sound velocity) at which the compressibility 

effects become of first importance. 

Boundary-layer control.—A number of investiga¬ 

tions have been made in previous years, both by the 

Committee and elsewhere, showing rather startling 

effects of the use of blowers to suck air in through slots 
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in the surface of a wing or to blow it out. Most of 

these investigations have been made on relatively 

small models, and trustworthy results have been 

difficult of attainment because of the smallness of the 

models and because the amount of auxiliary apparatus 

required and the method used for attaching it to the 

model necessitated numerous corrections. An investi¬ 

gation is now in progress in the propeller-research 

tunnel in which a large model is used with the blower in 

the wing itself. In addition to the measurements of 

lift and drag, apparatus has been installed for measur¬ 

ing the thickness of the boundary layer and the 

pressure distribution over the wing. The power input 

to the motor is, of course, measured also. Although it 

is realized that the use of a blower for suction or 

pressure is not now attractive from a practical stand¬ 

point, it is believed the results will provide a definite 

contribution to our knowledge of the boundary-layer 

characteristics of the wing. 

Jet-Boundary Investigation.—The unique possi¬ 

bility of obtaining results in the full-scale tunnel for 

direct comparison with flight results made it im¬ 

portant to investigate all factors which might tend to 

cause a discrepancy between the wind-tunnel and 

flight results. That the limited boundary of a wind- 

tunnel jet causes a change in the aerodynamic charac¬ 

teristics of a body tested therein is well known, and at 

the time this tunnel was put in operation there was no 

theoretical correction factor available for this type of 

jet. An investigation was therefore undertaken to 

determine experimentally the jet-boundary correction 

factor. The results have verified in a very satisfactory 

manner the theoretical factor for this jet which became 

available during the progress of the work. 

The procedure consisted in measuring the charac¬ 

teristics of geometrically similar airfoils graded in size 

from large to small and then in extrapolating plots of 

these measured characteristics to simulate the condi¬ 

tion of a finite wing in space. A preliminary stud}’ of 

the test data indicated an apparent contradiction of 

the general theory of jet boundary. After further in¬ 

vestigation this discrepancy was clarified when a 

distortion of the velocity field in front of the airfoil, 

caused principally by the wake from the body carried 

around through the return passage, was shown to be 

responsible. A close agreement was shown to exist 

between the characteristics of several airplanes as 

measured in flight and in the tunnel when the jet¬ 

boundary correction and the correction for wake effect 

or blocking were applied. The results of this investi¬ 

gation are being prepared for publication as a technical 

report. The theory for an airfoil of finite span in an 

open rectangular wind tunnel has been covered in 

Technical Report No. 461. 

Structural Loading.—The studies of the flight 

loads on airplane structures which have been made in 

the past 3 years have resulted in a marked advance in 

knowledge of this subject. These investigations have 

been continued, either to add to the existing statistical 

data on some phases of the subject or to pursue further 

the underlying principles of phenomena not yet clearly 

understood. 

Load factors.—Four airplanes have been used in an 

investigation of the relation between control forces and 

acceleration in pulling out of fast dives. A theoretical 

study of this relation has also been made to determine 

the possibility of utilizing a stick-force formula in load- 

factor estimates. The results of these investigations 

indicate (1) that the stick force has no appreciable 

influence on the probable applied load factor in those 

cases where the forces are within the pilot’s strength, 

(2) that the pilot’s opinion of the control “heaviness” 

and maneuverability of the airplane may be greatly 

influenced by a number of qualities of the airplane not 

directly related to the stick force, and (3) that stick- 

force formulas are untrustworthy for estimating 

probable applied load factors. 

A statistical study of applied load factors and 

corresponding air speeds has been in progress on a 

number of airplanes under actual operating conditions, 

for which a special type of instrument has been 

developed. The instrument records acceleration and 

air speed, and has been named the “V-G recorder.” 

A number of these instruments have been in constant 

use throughout the past year on various military and 

naval aircraft, commercial transport airplanes, and 

a few privately owned airplanes. The data being 

collected cover the loadings experienced in normal 

operation, ranging from the conditions corresponding 

to violent maneuvers to those resulting from atmos¬ 

pheric gusts. Although the data so far accumulated 

are insufficient to justify final conclusions, a very 

considerable advance has been made in knowledge of 

the loading conditions to which airplanes are subjected. 

Among several interesting points which have developed 

in regard to the loads resulting from gusty air, perhaps 

the most impressive was a load factor of 5.2 applied by 

a gust on an airplane cruising at 190 miles per hour. 

This value, while unusual, illustrates the possibility 

of large gust loads in rare instances. Assuming a 

sharp-edge gust, the gust velocity for this case was 

computed to be 40 feet per second. 

I^oad distribution.—Several questions relating to 

the problem of load distribution have been given 

attention during the year. Since the preparation of 

Technical Report No. 445, which presents working 

charts for the determination of the lift distribution 

between biplane wings, further study of this subject 

has resulted in Technical Report No. 458. The influ¬ 

ence of the fuselage has been evaluated from pressure- 

distribution tests made on two conventional biplanes 

in flight. This latter information may easily be used 

in conjunction with the charts for the pure cellule. 
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Studies have also been made of the influence of 
biplane interference on the moment coefficients of the 
individual wings and on the span-load distribution. 
In regard to the moment coefficients, it has been 
found that the biplane effect is completedly over¬ 
shadowed by other influences such as surface rough¬ 
ness, imperfect profiles, and experimental error. The 
span-load distribution does not appear to be appre¬ 
ciably influenced by biplane interference. 

Experimental pressure-distribution investigations 
have been continued on an observation airplane and 
a diving bomber. The results have not yet, however, 
been completely analyzed. 

Field of View.—The field of view from an air¬ 
plane cockpit or cabin is generally classified arbi¬ 
trarily by the occupant as “good” or “poor.” An 
investigation has been started to establish a suitable 
criterion by which to rate airplanes in this respect. 
An apparatus lias been developed for measuring the 
extent of the view from any seat in an aircraft and 
several service-type airplanes have already been 
mapped. A report now in preparation will give data 
from a sufficient number of representative airplanes 
to make possible the development of a criterion for 
determining relative fields of view. 

Rain-Vision Windshield.—An investigation has 
been completed in the 7- by 10-foot tunnel on a full- 
scale model of a cabin fuselage for the purpose of 
exploring the possibilities of obtaining satisfactory 
vision through open windows under conditions of rain 
and fog. The rain was simulated by a controlled 
spray located upstream from the fuselage. Tests 
were made with openings of various forms directly 
forward and to the side, which resulted in a side- 
window arrangement which is inclined inward to give 
straight forward vision and which can be completely 
opened without the entrance of even large drops of 
rain. A report is in preparation describing the tests 
and giving the proportions of the successful design. 

Sources of Noise in Aircraft.—The fundamental 
research on the source and character of propeller 
noise has been continued. During the past year the 
work has been confined to a study of model propellers. 
The noise from such propellers has been analyzed and 
is found to consist in general of two groups of sounds. 
One group consists of a musical note whose frequency 
is connected with the speed of rotation, with its train 
of harmonics. The other group is composed of much 
higher frequencies, nonmusically related, which are 
undoubtedly generated by the shedding of vortices 
from the trailing edge of the blades. The effect of 
changes in tip speed and angle of attack upon these 
two types of sound has been investigated. The 
manner in which the ear responds to noises of this sort, 
together with several possible methods of estimating 

loudness, has been studied. 

Vibration Research.—Tests with an airplane in 
floating suspension excited by a sinusoidal force were 
continued, the response of the fuselage and wings to 
the various frequencies being studied. In the partic¬ 
ular airplane it was found that a large response oc¬ 
curred near the normal operating speed of the engine. 
In order to facilitate the observation of vibrations on 
all points of an airplane structure, a new instrument 
has been developed which permits instantaneous read¬ 
ings, obviating laborious preparations and precautions. 
A number of flight tests have been performed for the 
purpose of identifying vibrations of pure aerodynamic 
origin. Preliminary tests on a biplane disclosed con¬ 
siderable disturbances of irregular type in the range of 
400 to 650 per minute. These disturbances could only 
be observed at diving speeds or above the stalling angle; 
no vibrations that could be attributed to aerodynamic 
forces were recorded in normal flight conditions. 

Rotating-Wing Aircraft.—Because of the possi¬ 
bility of obtaining sustentation with little or no for¬ 
ward speed and the consequent possibility of safe flight 
at low speeds, continued attention has been given 
during the past year to three promising types of 
rota ting-wing aircraft. 

The first is the familiar autogiro in which the rotor 
axis is vertical, the rotation of the rotor occurs auto¬ 
matically as a result of air forces acting on the rotor 
blade, and lift on opposing blades is equalized by a 
flapping motion of the blades. Investigations have 
been made of the various elements controlling the per¬ 
formance of this type of machine, and one such inves¬ 
tigation, which consisted of determining the rotor blade 
motions and the division of load between the rotor and 
the fixed wing, has been completed and described in 
Technical Report No. 475. The results of this inves¬ 
tigation served two purposes: (1) The measured loads 
on the fixed wing have aided in the formulation of de¬ 
sign rules for the fixed wings of this type of aircraft, 
and (2) the load on the rotor correlated with the meas¬ 
ured blade motion has provided data needed for a the¬ 
oretical study of rotor characteristics, the results of 
which are now being prepared for publication. A brief 
investigation of the vibrations occurring in a 3-blade 
autogiro has also been completed, and flight tests are 
in progress for the purpose of determining the effect 
of the incidence of the fixed wings on the rotor char¬ 
acteristics and on performance in general. 

The second type of rotating wing being investigated, 
the gyroplane, is similar in general principle to the 
autogiro, but is fundamentally different in regard to 
its rotor operation, in that opposite blades of the rotor 
are rigidly connected and lift on these blades is equal¬ 
ized by oscillation about an axis parallel to the blade 
span. A theoretical analysis of this type of machine 
has been completed and is now in preparation for 
publication. 
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The third type being investigated, the cyclogiro, de¬ 

rives its lift and thrust from a power-driven rotor con¬ 

sisting of several blades rotating about an axis parallel 

to the lateral axis of the aircraft. A theoretical anal¬ 

ysis of the cyclogiro has been completed and a simpli¬ 

fied aerodynamic theory of the machine lias been 

prepared and published (Technical Note No. 467). 

The analysis indicates that the aerodynamic principles 

are sound, that hovering flight, vertical climb, and a 

reasonable forward speed may be expected with a rea¬ 

sonable expenditure of power, and that autorotation 

in a gliding descent is available in the event of engine 

failure. 

The studies on all three types of rotating-wing air- J 
craft are being continued mainly in the form of wind- 

tunnel investigations principally for the purpose of 

improving the rotor characteristics of the autogiro 

and gyroplane and confirming the soundness of the 

principles involved in the cyclogiro. 

Airships.-—Airship work has been confined to some j 

miscellaneous activities such as cooperation with the 

Army in speed trials with the TC-11 and TC-13 air¬ 

ships, cooperation with the Navy in speed and decel- 

aration tests with the U.S. airship Macon, and the 

emplification of previous reports to the Navy giving 

data obtained in the trial flights with the U.S. airship 

Akron. 

Seaplanes.—A description of the National Ad¬ 

visory Committee for Aeronautics tank, or seaplane 

channel, has been prepared and issued as Technical | 

Report No. 470. Reference is made in the report to ( 

the important items of equipment and the satisfac¬ 

tory behavior of the rubber tires, the towing carriage, 

and the towing gear. The research program has fol¬ 

lowed quite closely the program outlined in last year’s 

report. Although emphasis has been placed on in¬ 

vestigations which have immediate application, the 

addition of wave suppressers has greatly expedited 

the carrying out of the research program. 

Effects of variation in dimensions and form, of hull 

on take-off of flying boats.—The effects of variation in 

dimensions are being studied by tests of a series of ! 

five models derived from a parent form by systematic 

variations in dimensions. The five models were in¬ 

vestigated according to the general method in which 

the resistance, rise, and trimming moment of the 

model are determined at various fixed trims over a 

range of speeds. The results show that the perform- i 

ance of the parent model could be improved by chang¬ 

ing its form to give a longer and flatter forebody. A 

new forebody was made and tested with the original 

afterbody, and the improved model equals in perform¬ 

ance the best flying-boat hull. Tests of two models, > 

nos. 11 and 11 A, are described in Technical Notes 

Nos. 464 and 470. 

Observation of the behavior of the models of hulls 

tested suggested the possibility of improving perform¬ 

ance by a radical change in the form of the main step. 

A model was prepared in which the step was much 

deeper than usual and was pointed in plan form in¬ 

stead of square across the hull. This model, no. 22, 

showed a general performance much superior to the 

previous model. These results will be issued as a 

technical note and it is hoped that a full-scale test of 

this form may be made to determine its behavior under 

operating conditions. 

A model of a flying-boat hull having one form of 

stub wings or sponsons to provide lateral stability 

was investigated. Other forms of sponsons have been 

made for tests with the same main hull, and in view of 

i the later development of this type of lateral stabiliza¬ 

tion, it is planned to extend the application to hulls of 

other shapes. 

Floats for seaplanes.—In order to obtain informa¬ 

tion regarding the performance of a good high-speed 

! seaplane float, tests were made of a model of a float 

used on the Macclii racer of 1926. As a result of the 

tests a float designed to be an improvement of this 

float and to be used as a parent of future series was 

tested. This model showed a marked improvement 

over the Macclii float. The results of the two tests are 

compared in Technical Note No. 473. 

Fundamental information regarding planing sur¬ 

faces.—For a large part of the take-off run of the sea¬ 

plane, that part of the weight of the craft not supported 

by the wings is supported by the hydrodynamic reac- 

' tion of the water on the bottom of the float or boat. 

By testing surfaces that skim along the top of the water 

simulating only the bottom of a float, much valuable 

fundamental information can be obtained. A series 

of tests of planing surfaces consisting of flat surfaces at 

0°, 10°, 20°, and 30° dihedral has been completed, and 

the results are being prepared for issue as a technical 

note. A series of somewhat similar models consisting 

of two surfaces with transverse curvature set at vari¬ 

ous dihedrals is being constructed for use in further 

tests. It is also planned to test surfaces with fore and 

aft curvature at a later date. 

The results of the tests of these models may make 

possible the separation of the pure planing phenomena 

from the other factors encountered in tests of complete 

models and thus give valuable clues as to the proper 

form of bottoms. 

Frictional resistance of boat surfaces.—Frictional re¬ 

sistance of those surfaces of a boat hull which are 

exposed to the passing water has not been determined 

for speeds from 30 to 60 miles per hour. The surfaces 

for a series of tests of frictional resistance, with their 

supporting gear, are completed, and the surfaces for 

another series nearly ready for investigation. 

Specific tests for Government agencies.—A number of 

investigations specifically requested by the Bureau of 

Aeronautics have been conducted. An investigation 
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of methods for the control of spray was made on a 
model of a Navy flying boat. It was found that the 
addition of spray strips gave some improvement, but 
in this particular case not as much as was desired. 

At the request of the Army Air Corps, extensive 
tests were made of models of the hull of an amphibian 
flying boat to obtain information as to the water per¬ 
formance of the craft with various modifications. 

BUREAU OF STANDARDS 

Wind-Tunnel Investigations.—The aerodynamic 
activities of the Bureau of Standards have been con- 

« 

ducted in cooperation with the National Advisory 
Committee for Aeronautics. 

Apparatus for measuring turbulence.—Because of 
the considerable weight and bulk of the present equip¬ 
ment for making turbulence measurements the possi¬ 
bilities of developing a light and easily portable type 
of instrument are being investigated. The problem is 
being attacked by two principal methods: first, by 
simplification of the present hot-wire type of appara¬ 
tus by eliminating the batteries, and, second, by the 
direct measurement of forces on bodies such as spheres 
and cylinders. 

Computation of boundary-layer flow.—A comparison 
has been made of the boundary-layer flow computed 
by the approximate method developed by Pohlhausen 
with the more exact solutions which have been pub¬ 
lished for several special cases. Approximate methods 
of the type suggested by Pohlhausen are useful in 
giving a picture of the flow in many cases, but their 
range of application is limited. A modification of 
Polilhausen's method has been developed which ex¬ 
tends the range of application and a comparison of the 
flow computed by this method with that of more 
exact solutions shows that the range of application has 
been increased at the expense of some decrease in the 
accuracy of the approximation. A paper describing 
the methods used in the computations has been 
prepared. 

Cup anemometers.—An investigation of the effects 
of turbulence on the speed indications given bv the 
ordinary hemispherical cup anemometer has been 
completed. When disturbances in the air stream were 
produced by a turbulence screen consisting of a wire 
net on which were loosely fastened small metal tags, 
the normal rate of the anemometer was found to be 
considerably increased. A systematic investigation 
has been made of the effects of roughening the outer 
surfaces of the cups. 

Aeronautic Instrument Investigations.—The 
work on aeronautic instruments was conducted in 
cooperation with the National Advisory Committee 
for Aeronautics and the Bureau of Aeronautics of the 
Navy Department and included the investigations and 
the instrument development outlined below. 

Temperature coefficient of elastic moduli.—The re¬ 

sults of this investigation were published in the 

Bureau of Standards Journal of Research (R.P. 531) 

in March 1933. 

Lubricants for instrument mechanisms.—The essen¬ 

tial requirements of a lubricant for aircraft instruments 

include long life and operation at low temperatures. 

Mineral oils spread and therefore do not have a long 

life in the bearing. On the other hand, animal or 

vegetable oils do not spread but gum more or less 

slowly. An investigation was initiated to determine 

the characteristics of the oils available, including those 

with antioxidants, with a view to the preparation o{ 

specifications based on the performance of the best 

lubricant. Tests are being made on samples of about 

40 oils. In addition to the customary tests given 

lubricants, each sample is being given two tests, the 

results of which it is hoped to correlate: (a) An accel¬ 

erated oxidation test, and (b) a life test. The appara¬ 

tus for the life test consists of a bank of 50 watch 

balance wheels, 3 or 4 of which are lubricated 

with the same oil, which are kept in oscillation by a 

suitable electromechanical device. The condition of 

the lubricant in each balance wheel is checked from 

time to time by measuring and comparing the time 

for the amplitude of the freely oscillating balance 

wheel to decrease from a given initial to final value. 

Reports on aircraft instruments.—A report on aircraft 

power plant instruments, including descriptions of, 

and performance data on, tachometers, thermometers, 

pressure gauges, fuel-quantity gauges, and fuel-flow 

indicators was completed and will be published as 

Technical Report No. 466. Considerable progress has 

been made on two reports similar in scope on blind- 

flying instruments and on altitude instruments. 

New instruments.—A number of new instruments 

were developed and constructed. These developments 

include the following: 

A superheat meter of the resistance type has been 

completed and installed in the metal-clad airship 

ZMC-2. With this type a marked reduction in weight 

is obtained and a more rugged indicator can be used 

as compared with the thermocouple type. 

An alarm which operates when the indication of 

carbon monoxide exceeds 0.02 percent has been 

developed and added to the M.S.A. carbon monoxide 

indicator. 

An instrument was developed to indicate the level 

of the liquid air in the helium purifier apparatus. The 

level is indicated by the differential effect in the alter¬ 

nating currents from two external coils produced by a 

float in the liquid carrying a soft iron plunger. 

An air-speed meter of the commutator-condenser 

type, the propeller and commutator unit of which 

are designed for mounting on an airplane strut, was 

completed. 
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A fundamental modification has been made in the 

venturi fuel flow-meter which in the usual form has 

been found to be unsatisfactory on airplanes. Air 

instead of gasoline is used as the medium by which the 

differential pressure developed by the venturi tube is 

transmitted to the indicator in the cockpit. The 

differential pressure developed by the venturi tube is 

transmitted to two flexible elements the differential 

action of which controls a valve regulating the suction 

within an air chamber. This suction is transmitted 

to the indicator. Several designs have been prepared 

and one instrument constructed which is ready for 

flight tests. 

REPORT OF COMMITTEE ON POWER PLANTS 
FOR AIRCRAFT 

LANGLEY MEMORIAL AERONAUTICAL LABORATORY 

Compression-Ignition Engines.—The advantages 

claimed for the compression-ignition engine of reduced 

fuel consumption and the maintenance of power at 

altitude have been substantiated by recent flight tests 

of several compression-ignition aircraft engines. The 

power output per cubic inch of displacement of com¬ 

pression-ignition engines, however, is still inferior to 

that of conventional aircraft engines. The results I 

obtained from an investigation of the performance of j 

compression-ignition engines with boosting have shown 

that the increase in engine power with boosting is con¬ 

siderably less than that obtained with the carburetor 

engine. The research of the Committee has indicated 

that the method which holds the greatest promise for 

increasing the performance of the compression-ignition 

engine is to operate the engine on the two-stroke cycle. 

The investigation of the factors controlling the per¬ 

formance of a high-speed two-stroke-cycle single- 

cylinder compression-ignition engine has resulted in 

the attainment of a power output per unit of displace¬ 

ment which is 27 percent greater than that obtained 

with present commercial aircraft engines. 

Fuel spray characteristics.—The attainment of effi¬ 

cient combustion in compression-ignition engines is 

dependent upon the distribution of the fuel sprays 

within the combustion chamber. Previous investiga¬ 

tions of the Committee have shown that with fuel 

injected from round-hole orifices the greater part of the 

fuel is concentrated in the spray core. The effect on 

fuel-spray distribution of breaking up the core of fuel 

sprays has been investigated by injecting a small 

quantity of air at high pressure with the fuel oil. 

Spark photographs of the fuel sprays and measure¬ 

ments of the diameters of the oil drops in the spray 

showed that the use of the compressed air gave im¬ 

proved distribution and atomization of the fuel spray. 

An injection system incorporating this principle of fuel 

distribution was constructed and tested on a single¬ 

cylinder engine having a vertical-disk form of com¬ 

bustion chamber. The engine performance with the 

combined hydraulic and air injection system was not 

improved over that obtained with hydraulic injection 

except at high air-fuel ratios. The results obtained 

from the engine-performance tests indicated that with 

conventional hydraulic-injection pressures the atomi¬ 

zation of the fuel was sufficient to result in good 

combustion. Additional methods of improving fuel 

distribution are to be investigated. 

The penetration and distribution of fuel sprays fol¬ 

lowing the cut-off of injection have been investigated 

with the National Advisory Committee for Aeronau¬ 

tics spray-photography apparatus. The object of the 

investigation was to obtain new knowledge concerning 

the distribution of fuel sprays for time intervals as 

great as 0.05 second after the cut-off of injection. The 

effects of air density, injection pressure, and air veloc¬ 

ity counter to the fuel spray, on the spray distribution 

have been investigated. The results show that air¬ 

flow velocities from 15 to 25 feet per second directed 

counter to the fuel spray are very effective in distrib¬ 

uting the fuel spray after injection cut-off, provided 

the fuel is well broken up during the injection process. 

The effect of these low air velocities on the spray core 

during injection is negligible. 

Pintle-type fuel-injection nozzles have been used as 

a possible means of obtaining increased spray distribu¬ 

tion. During the year spark photographs have been 

taken of fuel sprays from pintle nozzles. An analysis 

of the photographs shows that the angle of the spray 

from the pintle nozzle is approximately that of a spray 

from a round orifice and that the angle of the pintle 

has only a small effect on the spray angle. The pene¬ 

tration of the spray tip is comparable to that obtained 

with round-hole orifices. The results of this investi¬ 

gation are presented in Technical Note No. 465. 

Injection-system characteristics.—A fuel-injection sys¬ 

tem has been developed to give a high rate of fuel 

discharge and to give discharge characteristics that do 

not vary with engine speed. The energy for injecting 

the fuel is supplied from a high-pressure reservoir at 

the pump in which the pressure is built up previous to 

the injection of fuel into the engine. The injection of 

the fuel is caused by the sudden opening of a pressure 

relief valve, which permits a hydraulic pressure wave 

to be transmitted through the injection tube to the 

injection valve. Injection of the fuel continues until 

the intensity of the pressure wave drops below the 

injection-valve closing pressure. With this injection 

system the period required for the injection of full¬ 

load fuel quantity for an engine having a bore of 5 

inches and a stroke of 7 inches and operating at a 

speed of 1,500 revolutions per minute is only 10 crank 

degrees. This injection system is being used to deter¬ 

mine the effect of the rate of fuel injection on the per¬ 

formance of compression-ignition engines. 

An investigation has been made to determine the 

effect of placing a reservoir between the fuel-injection 

pump and the injection tube connecting the pump to 
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the injection valve. The results show that the rates 

of fuel injection can be changed considerably by the 

use of such a reservoir and that the chattering of 

injection valve stems when a large discharge orifice is 

used can be prevented by using a reservoir of the 

correct volume. 

Combustion in compression-ignition engines.—Al¬ 

though progress has been made toward decreasing the 

weight-power ratio of compression-ignition engines, the 

best ratio obtained is still excessive when compared 

with that of present-day spark-ignition aircraft en¬ 

gines. The decrease of this ratio is dependent upon 

an increase in the combustion efficiency of compres¬ 

sion-ignition aircraft engines. The National Advisory 

Committee for Aeronautics spray-combustion appara¬ 

tus has been used to determine the effect of the time 

for mixture formation on the course of combustion. 

The compression ratio used in the investigation was 

12.7. In the preliminary tests the ignition of the fuel 

at a definite time in the cycle was insured by using an 

electric spark. The factors investigated were injec¬ 

tion-advance angle, engine-coolant temperature, en¬ 

gine speed, and spark timing and location. Indicator 

cards were obtained with an optical engine indicator; 

continuous photographic records were taken of the 

movement of the combustion zone. These data 

showed the course of the combustion to be a function 

of the temperature and pressure to which the fuel had 

been subjected previous to the ignition of the air-fuel 

mixture. At low air temperatures it was found that 

the rates of combustion varied with the volatility of 

the fuel, but at high air temperatures this relationship 

did not exist and the rates depended to a greater 

extent on the chemical nature of the fuel. The results 

of this investigation are being prepared for publication 

as a technical report. 

The rapid rate of pressure rise and high maximum 

cylinder pressures obtained in compression-ignition 

engines are detrimental to smooth engine operation. 

The rate of pressure rise and maximum cylinder pres¬ 

sure are influenced by the time required for the fuel 

after injection to absorb heat from the compressed air 

in the cylinder. Preliminary investigations conducted 

with a cam-operated fuel-injection pump and a 

diaphragm-loaded fuel-injection valve showed that 

preheating the fuel to 330° F. before injection reduced 

the ignition lag and the maximum cylinder pressure. 

For higher fuel temperatures the injection of the fuel 

became erratic. A conventional injection system has 

been modified so that it functions independently of the 

temperature of the fuel. Bench tests conducted with 

the injection system showed satisfactory operating 

characteristics for fuel temperatures of 900° F. The 

engine performance obtained with this injection sys¬ 

tem is being determined with the system installed in a 

compression-ignition engine having a high-velocity air 

flow for distributing the fuel spray. 

Information relating to the composition of the fuel 

used, the air-fuel ratio, carbon monoxide content, and 

fuel wasted because of incomplete combustion may be 

readily obtained from an analysis of the exhaust gas 

from internal-combustion engines. Research has been 

conducted from five different engines to determine the 

relationship between hydrogen, methane, and carbon 

monoxide in the exhaust of four-stroke cycle engines 

using a large number of hydrocarbon fuels. It was 

determined that a linear relation existed between the 

carbon monoxide and the hvdrogen found in the ex- 

haust gas from engines using hydrocarbon fuels. A 

small amount of methane was found to be always pres¬ 

ent in the exhaust gas, but the amount was independent 

of the air-fuel ratio and of the hydrogen-carbon ratio 

of the fuel. These determined relationships and the 

use of the Ostwald combustion diagram make available 

all the information of a complete exhaust-gas analysis 

when any two factors (carbon monoxide content, car¬ 

bon dioxide content, air-fuel ratio) are known. The 

investigation has been reported in Technical Report 

No. 476. 

Hydrogen as an auxiliary fuel for compression-ignition 

engines.—The designers of airships are of the opinion 

that the successful commercial airship must be powered 

with compression-ignition engines. The use of com¬ 

pression-ignition engines reduces the fire hazard and 

makes it possible to operate over a wide range of engine 

speeds with low specific fuel consumptions. Additional 

lift and a reduction in weight of the water-recovery ap¬ 

paratus used with helium would be obtained in com¬ 

mercial airships by the use of hydrogen stored within 

the helium cells. Since the hydrogen required to lift 

a given weight of fuel contains a quantity of heat 

energy equal to 20 percent of the heat energy of the 

fuel, it would be desirable to utilize this energy in 

driving the airship by burning the hydrogen in the 

engines. 

The Committee has conducted a research to deter¬ 

mine the quantity of hydrogen that can be mixed with 

the inlet air and burned in a compression-ignition 

engine. A single-cylinder compression-ignition engine 

operating at a speed of 1,500 revolutions per minute 

was used in this investigation. The engine was oper¬ 

ated at compression ratios of 13.4 and 15.6. The 

results indicated that a sufficient quantity of hydrogen 

could be burned with all useful fuel-oil quantities to 

compensate for the increase in lift due to the consump¬ 

tion of the fuel oil. Quantities of hydrogen from 5 to 

14 percent of the inducted air by volume could be 

burned, depending upon the engine conditions. More 

power could be obtained from the engine when the 

composite fuel was used. At light loads the thermal 

efficiency was less than that obtained with fuel oil 

alone, but at full load the efficiency was greater with 

the composite fuel. The engine could be stopped by 

shutting off the supply of liquid fuel, since it was found 
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impossible to ignite the hydrogen-air mixture by com¬ 

pression. A report of this investigation is being pre- ! 

pared for publication. 

Combustion-chamber investigation—Integral type with \ 

no effective air flow.-—The results of the investigation 

made to determine the effects of scavenging the clear- j 
ance volume and boosting on the performance of a i 

compression-ignition engine with an integral combus¬ 

tion chamber having no effective air flow have been 

published as Technical Report No. 469. This research, 

conducted at a compression ratio of 12.6, has been ex¬ 

tended to include the determination of the engine per¬ 

formance obtained at compression ratios of 10.5 and j 

15.0. The engine-operating characteristics were found , 

to be quite different at these compression ratios. At j 

a compression ratio of 10.5 starting is difficult and the 

ignition lag under standard test conditions is more than 

one third longer than that obtained at a compression 

ratio of 15.0. The rate of pressure rise at the lower i 

compression ratio as determined from indicator cards 

is nearly double the corresponding values obtained at 

a compression ratio of 15.0. Starting was easier at the 

higher compression ratio and operation smoother, with 

more uniform explosion pressures. 

Combustion-chamber investigation—Prechamber type 

with high-velocity air flow.— Progressive changes made 

to the shape of the prechamber and of the connecting 

passage have resulted in an 18 percent increase in the 

brake horsepower developed by a single-cylinder com¬ 

pression-ignition engine when operating with the theo- j 

retical full-load fuel quantity and with an engine speed 

of 1,500 revolutions per minute. The results of pre¬ 

vious investigations indicated that improvement in 

performance was the result of intensification of the air 

flow, and the first change in shape was the use of a 

passage tangential to the spherical chamber instead of 

the radial passage that had been used for the purpose of 

symmetry in previous investigations. The tangential 

passage caused a forced rotation of the sphere of air in 

the chamber which persisted during injection and com¬ 

bustion of the fuel and improved the engine perform¬ 

ance. The tangential passage was tested as a straight 

passage and also as a tapered flared passage. Best 

results were obtained with a passage slightly flared at 

the cylinder and tapered toward the prechamber. 

As a further means of intensifying the air flow, 

the auxiliary chamber shape was changed from a 

sphere to a disk with rounded edges to eliminate the 

comparatively low-velocity air at the boles of the rotat¬ 

ing sphere. This change in shape was effective in 

increasing the engine power. Changes in the direction 

of the connecting passage in an attempt to produce an 

air swirl in the cylinder seemed to have no beneficial 

effect. The use of three passages diverging from the 

cylinder, however, resulted in smoother engine oper¬ 

ation, although the performance was slightly inferior 

.to that obtained with the single passage. An increase 

in the fuel-spray penetration obtained by increasing 

the length-diameter ratio of the injection-valve orifice 

from 2.5 to 6.0 resulted in a slight increase in power 

output. 

Two-stroke cycle investigation.-—The use of the com¬ 

pression-ignition engine as a power plant for airplanes 

is dependent upon obtaining a power output per cubic 

inch of displacement comparable to that obtained 

with the conventional spark-ignition aircraft engine. 

A method of increasing the power output of compres¬ 

sion-ignition engines is to operate engines of this type 

on the two-stroke cycle. The factors affecting the 

performance of a two-stroke-cycle compression-ignition 

engine arc being investigated with a single-cylinder 

water-cooled engine having a 4.625-inch bore and a 

7-inch stroke, and operating at a maximum speed of 

1,800 revolutions per minute. The factors investi¬ 

gated include the distribution of the fuel spray, the 

scavenging air pressure, the engine speed, and the 

injection timing. The variation in fuel-spray distri¬ 

bution was obtained by varying the size, number, and 

arrangement of the fuel-valve orifices and the number 

and position of the fuel-injection valves. 

Based on the results of these tests a single injection 

valve having a three-orifice nozzle was selected for 

continuing the tests. With increase in the scaveng¬ 

ing air pressure the brake mean effective pressure 

increased linearly to 152 pounds per square inch at a 

pressure of 3 pounds per square inch and a speed of 

1,250 revolutions per minute. Performance tests at 

variable speed emphasized the importance of obtain¬ 

ing proper scavenging and charging of the engine 

cylinder. A description of the two-stroke-cycle test 

engine and the results of the preliminary engine tests 

are being prepared for publication. 

Fire Hazard in Aircraft—Hydrogenated safety 

fuels.—The investigation of the engine performance 

obtained with a hydrogenated safety fuel injected into 

the engine cylinder has been continued, a fuel having 

a flash point of 125° F. and an octane number of 95 

being used. The performance of a single-cylinder 

liquid-cooled engine lias been determined with the 

hydrogenated safety fuel for compression ratios of 

5.85 and 7.0, valve timings giving 30° and 130° overlap, 

inlet pressures from atmospheric to 5 pounds per 

square inch boost pressure, and engine speeds from 

1,250 to 2,200 revolutions per minute. The best 

results were obtained by locating the single injection 

valve between the two exhaust valves so as to direct 

the fuel spray horizontally across the combustion 

chamber against the incoming air. The duration of 

fuel injection was from 60 to 70 crankshaft degrees 

and the start of injection from 70° to 90° after top 

center on the suction stroke. At a compression ratio 

of 7.0, a valve overlap of 130 crank degrees, a speed 

of 1,750 revolutions per minute, and a boost pressure 

of 1 pound per square inch, the brake mean effective 
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pressure obtained was 175 pounds per square inch and 

the corresponding fuel consumption 0.50 pound per 

brake horsepower per hour. In general, for similar 

conditions the power obtained with the safety fuel was 

equal to that obtained with gasoline, although the fuel 

consumption with the safety fuel was 5 percent greater. 

The investigation has been described in Technical 

Report No. 471. 

Increase in Engine Power—Increase in engine 

speed.—The two principal methods of increasing the 

power output of conventional aircraft engines are to 

increase the brake mean effectvie pressure and to in¬ 

crease the engine rotative speed. The performance 

obtained with the Committee’s single-cylinder test 

engines has been limited to maximum speeds of 2,200 

revolutions per minute. In order to extend the 

investigation on boosting to higher boost pressures 

and higher engine speeds, a single-cylinder liquid- 

cooled test engine has been designed and constructed 

to operate at a maximum speed of 3,000 revolutions 

per minute and a maximum explosion pressure of 1,500 

pounds per square inch. A system of gear-driven 

counterweights is used to balance the engine. The 

test engine has been assembled and motoring tests 

of the engine are in progress. 

Cowling and Cooling of Aircraft Engines— 

Cooling properties of finned surfaces.—The demand for 

engines of higher power and the general use of the 

National Advisory Committee for Aeronautics cowling 

or of ring cowlings on airplanes has necessitated a study 

of all possible methods for improving the cooling of 

air-cooled engines. An investigation to determine the 

effect of fin pitch, fill width, and average fin thickness 

on the temperature distribution in and the heat dissi¬ 

pation from steel cylinders having tapered fins has been 

completed. The range of fin pitches investigated was 

from 0.1 to 0.6 inch, the range of fin widths from 0.37 

to 1.47 inches, and the range of average fin thickness 

from 0.04 to 0.27 inch. The cylinder diameter was 

maintained constant at 4.5 inches. The range of air 

speeds investigated was from 30 to 150 miles per hour. 

The experimental data obtained have been used as the 

basis for the development of a method for determining 

fin dimensions permitting the use of a minimum of 

material for a range of conditions of heat transfer, air 

flow, and fin materials. The results of the investiga¬ 

tion will be made available in technical reports now in 

preparation. 

Research has been conducted with several finned 

specimens enclosed by a shroud. A blower was used 

for supplying the cooling air and a Durley orifice box 

for measuring the air quantity. In these tests the 

effects on the heat transfer from the finned cylinder to 

the cooling air of a range of air densities from 0.0476 

to 0.072 pound per cubic foot, cooling air temperatures 

from 113° F. to 192° F., and air speeds from 10 to 150 

miles per hour have been investigated. For the 

cylinders tested the cooling was found to be propor¬ 

tional to the mass flow of the air raised to the 0.45 

power. 

The use of deflectors for directing the cooling air to 

the rear of the cylinder, thus increasing the amount of 

finned surface in contact with the cooling air, has been 

investigated with an electrically heated finned speci¬ 

men mounted in a wind tunnel. In these tests it was 

found that the cylinder temperatures in the rear could 

be reduced 25 percent by the use of a sheet-metal 

deflector in contact with the fin tips. The best results 

were obtained with this deflector when the front edge 

of the deflector was from 70° to 90° from the front of 

the cylinder and the rear opening was large enough not 

to restrict the air flow. A duct about 3 inches lone 

connected to the rear of the deflector appreciably 

improved the cooling. Welding the deflector to the 

fins increased the finned surface that dissipated beat 

to the air stream and appreciably reduced the cylinder 

temperatures. This investigation is to be extended to 

include tests of the more promising deflector and cyl¬ 

inder combinations at a range of air speeds from 50 to 

200 miles per hour. 

The design of the National Advisory Committee for 

Aeronautics cowling could be placed on a more rational 

basis if the minimum quantity of air required to cool 

satisfactorily a given design of engine cylinder and the 

pressure differences available for forcing the air through 

the cowling in flight were known. The minimum quan¬ 

tity of air required to cool satisfactorily a conventional 

design of engine cylinder is being determined with a 

single-cylinder test engine. The cylinder is shrouded 

and the cooling air supplied by a blower. The quan¬ 

tity of cooling air and the pressure drop through the 

cowling are being measured for a wide range of engine- 

operating conditions. The effect of varying the shape 

of the entrance and exit openings in the cowling on the 

quantity of air and pressure drop through the cowling 

are being investigated by the aerodynamics division by 

means of models of the cowling mounted in a wind 

tunnel. 

Two-row radial engine.—At the request of the Bureau 

of Aeronautics, Navy Department, the Committee has 

determined the effect of air speed, engine power, and 

engine speed on the temperature distribution obtained 

with a two-row radial engine installed in a service 

airplane. The airplane was tested in flight and in the 

full-scale wind tunnel. The temperature distribution 

over the engine was investigated by means of 47 small- 

diameter wire thermocouples and two recording pyrom¬ 

eters. Thirty of these thermocouples were used to 

determine the temperature distribution over two 

representative cylinders, one in the front row and one 

in the rear. The effect on the cooling of the attitude 

of the airplane and of the number of propeller blades 

was also investigated. 
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Instruments—Hub dynamometer.—The National 

Advisory Committee for Aeronautics hub dynamome¬ 

ter has been designed to measure and photographically 

record the torque developed by an aircraft engine in 

flight. During the past year work has been directed 

toward improving the torque-cell diaphragms. The 

original diaphragms machined from bar stock have 

been replaced by diaphragms machined from die forg¬ 

ings. Flight tests made with the dynamometer for a ' 

range of altitudes from sea level to 15,000 feet gave 

very encouraging results. The engine power as deter¬ 

mined in flight was in good agreement with the calcu¬ 

lated engine power obtained by correcting the sea-level 

brake horsepower for the pressures and temperatures 

at altitude. The temperature of the liquid in the 

torque cells was found to be the same as the free-air 

temperature and this fact will simplify the correction 

for temperature at high altitudes. 

Engine indicators.—The increasing demand for pres¬ 

sure records from spark-ignition and compression- 

ignition engines requires that the precision and reliabil¬ 

ity of the pressure-recording apparatus be increased. 

Modifications of the Farnboro engine indicator used by 

the laboratory have been continued and the pressure 

element will now operate continuously under desirable 

engine-operating conditions. The length of service of 

the disk has been increased by eliminating the arcing 

at the disk and seats. The low-pressure portion of the 

engine cycle is being studied with the aid of a strobo¬ 

scopic calve, designed primarily for obtaining gas 

samples from an engine cylinder. 

A new optical indicator which records photographi¬ 

cally the variation in pressure with time has been 

developed for use with the National Advisory Com¬ 

mittee for Aeronautics spray combustion apparatus. 

The large windows in the combustion apparatus permit 

the use of a diaphragm having a diameter of 2 inches. 

The measured frequency of the diaphragm, mirror, and 

mirror staff is approximately 9,000 vibrations per 

second. 

BUREAU OF STANDARDS 

Altitude tests of aircraft engines.—Altitude tests of a 

Curtiss D-12 engine, in which the jacket water outlet 

temperature was varied over a range of nearly 70° C., 

showed that friction decreases and fuel economy im¬ 

proves at all altitudes as the temperature of the jacket 

water is increased. At sea level and low altitudes the 

power output decreases with increasing jacket-water 

temperature, but at high altitudes the brake horse¬ 

power increases on account of the predominant effect 

of the decrease in friction. A report of these tests will 

be published as a technical note. 

Pistons giving compression ratios of about fi, 7, and 8 

were obtained from the Army Air Corps for use in 

studying the effect of compression ratio upon the varia¬ 

tion of horsepower with exhaust pressure, and the runs 

at one compression ratio have been completed. 

Phenomena of combustion.—A detailed study was 

made of the effect of water vapor on the speed of flame 

in space in equivalent mixtures of carbon monoxide and 

oxygen at low pressures. Among numerous residts of 

this investigation it was found in particular that, for 

low-pressure explosions of these gases, a moderate 

increase in the amount of water vapor was sufficient 

to double the flame speed, and that the greater the 

pressure of the active constituents the greater was the 

accelerating action. These facts indicate that the 

control of the water-vapor content in mixtures of 

carbon monoxide and oxygen is very important in any 

investigation involving measurement of flame speed. 

Provisions were made for adequate control of this factor 

in new apparatus which has been built for continuing 

the study of gaseous explosive reactions. 

Combustion in an engine cylinder.—Measurements 

have been made of the variations during combustion in 

the intensity and spectral distribution of the radiant 

energy (to 11m) emitted by the flame at two widely 

separated points in the engine combustion chamber and 

under a variety of operating conditions. The series of 

filters used in obtaining spectral distributions for the 

engine flames was used also in making supplementary 

observations of the radiation from a black-body furnace 

at different temperatures and from burner flames of 

diverse fuels. 

Preliminary analysis of these data indicates that the 

great bulk of the energy radiated by the engine flame 

is in the infrared and exhibits strongly under all condi¬ 

tions the characteristic emissions of water vapor and 

carbon dioxide, while radiant energy from incandescent 

carbon is relatively weak and insufficient to serve as a 

basis for estimating flame temperature. Although 

total radiation varies greatly during an engine cycle 

and considerably for different operating conditions, 

spectral distribution shows little change over a wide 

range of conditions. In a normal explosion, radiation 

begins to increase upon arrival of visible flame under 

a window and continues to rise for 20° or more of 

crank movement thereafter, which indicates that reac¬ 

tions producing highly active molecules of water vapor 

and carbon dioxide continue to a considerably greater 

depth behind the flame front and for a longer period in 

a given unit of charge than is generally supposed. In 

a knocking explosion, these reactions apparently are 

completed much more rapidly after inflammation in 

that part of the combustion chamber which is remote 

from the spark plug. 

Pressures and temperatures in aircraft engines.—A 

pressure element of the balanced-diaphragm type has 

been constructed for use on the C.F.R. research engine. 

The design incorporates certain experimental features 

which may prove useful in attaining the high degree of 
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simplicity and compactness necessary to the construc¬ 

tion of a reliable combination spark plug and pressure 

element for aircraft-engine use. Maximum diaphragm 

diameter and provision for adjusting the zero reading 

while the indicator is on the engine also were incor¬ 

porated in the present element to give high accuracy 

in studying low-pressure phenomena, while the pas¬ 

sages between the diaphragm and the engine com¬ 

bustion chamber were made very short to prevent 

distortion of the peaks of the indicator diagrams. 

Ignition research.-—The ignition laboratory has been 

engaged in various confidential investigations for the 

Bureau of Aeronautics, Navy Department. Further 

work has been done on the problem of measuring the 

electrical characteristics of the spark discharge and a 

paper on the character of spark discharges is being 

prepared for publication in the Bureau of Standards 

Journal of Research. An improved type of low-capaci¬ 

tance ignition cable has been developed which over¬ 

comes one of the main objections to shielding from the 

ignition standpoint. Apparatus has been devised for 

comparing the effectiveness of different types of 

shielding as regards radio reception. The study of 

hydrocarbon oxidation has been continued and a 

method has been perfected for obtaining photographic 

records of the changes in absorption which occur during 

a single engine cycle when a beam of light is passed 

through the combustion chamber of an engine. 

Detonation rating of aviation gasolines.—The C.F.R. 

Motor Method, which is in general use for the knock 

rating of motor fuels, has been recommended for use in 

rating commercial aviation gasolines pending the 

adoption of a C.F.R. Aviation Method. A program of 

multicylinder engine tests to ascertain how much 

tetraethyl lead or benzol in certain typical base fuels 

is required to match the detonation characteristics of 

three reference fuels (rated, respectively, 73, 80, and 

87 octane number by the C.F.R. Motor Method) has 

been adopted and the tests will be made by the Bureau 

of Standards in cooperation with four engine manu¬ 

facturers. Each of the five laboratories will use 

representative commercial or military aircraft engines 

and the average performance of the diverse test fuels 

will give a basis for developing a suitable laboratory 

method of rating aviation gasolines. 

Ice formation in the induction systems of aircraft 

engines.—A study of the relation of fuel volatility to 

ice formation in the induction systems of aircraft 

engines was undertaken in December and is nearly 

completed. The fuels used included three conventional 

aviation gasolines, selected to cover the commercial 

volatility range, and three aviation natural gasolines, 

differing widely in volatility. Small-scale tests at sea 

level and at altitude, using a thermally insulated car¬ 

buretor through which conditioned air was drawn by 

means of a Nash pump, showed that it was possible to 

predict quite accurately the atmospheric conditions 

under which a fuel would cause ice formation in the 

carburetor from a knowledge of the distillation curve 

of the fuel and the supplied air-fuel ratio. Full-scale 

tests with a Curtiss D-12 engine mounted in the 

altitude chamber verified the results obtained in the 

small-scale tests, ice being formed at the same venturi 

temperatures in each case within a few degrees. 

REPORT OF COMMITTEE ON MATERIALS 
FOR AIRCRAFT 

SUBCOMMITTEE ON METALS 

I liter crystalline embrittlement of sheet duralumin.— 

A report entitled “The Weathering of Sheet Aluminum 

Alloys Used in Aircraft ”, which summarizes the results 

of exposure tests of 5 years’ duration has been prepared 

for publication as a technical report. The tests in 

which were obtained the data upon which the report 

is based were conducted upon both commercial alloys 

and special compositions by exposing them continu¬ 

ously to the weather at three locations: Washington, 

D.C.; Hampton Roads, Va.; and Coco Solo, Canal 

Zone. The resulting changes in the tensile properties 

| as determined at intervals of several months during the 

duration of the tests have been used as the principal 

measure of the corrosive effect by comparison with the 

corresponding properties of similar materials care¬ 

fully stored under noncorrosive conditions. The 

change in the product of tensile strength and elongation 

expressed as a percentage of the original was found to be 

very useful for this purpose. All specimens after 

corrosion were examined as to the character of any 

corrosive attack which had occurred and its relation to 

the microstructure. 

In addition to showing the useful life which may be 

expected of the various materials under different cli¬ 

matic conditions, the investigation has clearly estab¬ 

lished a number of important facts relating to (a) 

the underlying causes of intercrystalline embrittlement 

of duralumin, (b) the most desirable method of heat 

treatment for developing reliable material having the 

high strength required, and (c) the dependability and 

usefulness of various protective coatings and surface 

treatments. 

Numerous advances have been made in the devel¬ 

opment of light alloys since the exposure tests referred 

to above were started. Early in the year a second 

series of tests intended to cover a 5-year period was 

started. The general plan is similar to that of the 

tests just completed, with a few improvements, how¬ 

ever, prompted by the first series. Considerable 

progress has already been made in the testing of the 

specimens removed at 3-month and 6-month intervals 

from the racks. The materials included in the tests 

represent 19 aluminum-base alloys and 9 magnesium- 

base alloys. Fifteen hundred specimens have been 

used at each test location. Fourteen methods for 
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surface treatment and 12 different types of coatings 

are represented. Close cooperation has been given 

by the manufacturers of the materials as well as of the 

various coating materials which form a part of the 

test. 

Exposure tests of magnesium and magnesium alloys.— 

Observations on materials in sheet form and as thin 

castings exposed continuously to the weather have 

been continued. The average change in tensile 

strength of the sheet material after 4% years’ exposure 

to the weather at Washington was of the order of 15 

percent. Most of the surface coatings failed within 

\}i years. Outstanding exceptions were aluminum- 

pigment spar varnish and an “acid-seal” coating on a 

red-lead primer. With the completion of the 5-year 

period, all of the specimens will have been tested and a 

report will be prepared. As part of the new series of 

exposure tests mentioned above, various magnesium 

alloys have been included. These will furnish infor¬ 

mation on the dependability of the materials under 

seacoast conditions. 

Protection of duralumin, anodic oxidation.-—The 

practical value of treating the surface of duralumin 

parts by an anodic oxidation process is now generally 

recognized and specified in airplane construction. 

Study of the various electrofytic methods used for this 

purpose has been continued and has resulted in im¬ 

proving and simplifying the method considerably. A 

number of modifications of the usual chromic-acid 

solution have been developed and progress has been 

made in the explanation of the deterioration of the 

electrolytic bath during use, whereby the surface 

oxide film formed in treatment of successive lots is less 

and less effective. Close contact with the Naval 

Aircraft Factory has been maintained. 

Airplane propellers—Aluminum alloy.—The con¬ 

tinued sporadic failure of propeller blades constitutes a 

serious problem to aircraft. During the year 8 alu¬ 

minum alloy blades, 4 with hub failures and 4 with 

blade failures, were studied. All were fatigue frac¬ 

tures. Those at the hub originated at the periphery 

approximately in line with the trailing edge. The 

metallurgical examination did not reveal any significant 

defects in material nor heat treatment. Stresses as¬ 

sociated with the method of clamping the blades in the 

steel hub appear to have more bearing on the hub 

failures than defective material. 

Failures in the blade itself, beyond the hub, origi¬ 

nated on the flat side of the blade, the fractures being 

suggestive of a coarsely crystalline brittle metal. 

Ordinarily fatigue fractures in aluminum alloys have 

a comparatively smooth surface. Preliminary experi¬ 

ments have indicated that fatigue cracks formed in the 

aluminum alloy blades by a few thousand cycles of 

reversed stresses greatly in excess of the fatigue limit 

were similar in appearance to those formed in the 

blades that failed in service. 

In the examinations of the metals of the failed blades 

two rather unusual types of metallographic markings 

within the structure of individual grains were discov¬ 

ered, one being a veined structure and the other criss¬ 

cross or “slip-line” markings. The cause and signifi¬ 

cance of these markings have not yet been determined. 

Both have been eliminated by suitable heat treatment 

and neither appears to have a marked effect upon the 

tensile properties of the material. 

Airplane propellers—Steel.—Examination of the frac¬ 

ture of a failed welded steel propeller revealed a fatigue 

fracture, associated with a defect in the weld on the 

leading edge. Other portions of the welds in this 

blade and some other similar blades showed defects of 

various sorts. A study was made of nondestructive 

methods applicable to the inspection of such blades. 

The use of a magnetic powder dusted on the magnetized 

blades was considered to be most practicable. It was 

found that this method revealed some defects which 

were not shown by an X-ray examination. 

A thorough study was made of hollow welded steel 

blades furnished by the manufacturer and a detailed 

report prepared describing the necessary technique to 

be employed and illustrating the patterns formed by 

the various defects. This report was intended for the 

use of inspectors in routine inspection in the field and 

in the manufacturer’s plant. The information was 

supplied to the Aeronautics Branch of the Department 

of Commerce, the Army Air Corps, and the Bureau of 

Aeronautics of the Navy. 

SUBCOMMITTEE ON AIRCRAFT STRUCTURES 

Inelastic behavior of duralumin and alloy steels in ten¬ 

sion and compression.-—A procedure has been developed 

for the determination of the stress-strain properties in 

compression of sheet and thin-walled structures. In 

this test a number of coupons are cut from the material 

and placed together like leaves in a book. Buckling 

of the outer leaves is prevented by a number of steel 

studs inserted between the specimen and an auxiliary 

frame. The preliminary tests indicate that values for 

a yield point can be obtained which can be repeated by 

different observers and, in the case of coupons cut from 

tubing, compared with values obtained in the test of 

tubes with a length-radius ratio of about 15. 

End fixation of struts.—The laboratory work on 

round normalized or annealed chromium molybdenum 

steel, duralumin, and high-strength stainless-steel 

tubing has been completed. Formulas similar to those 

by Orrin E. Ross published in Technical Note No. 306 

of the National Advisory Committee for Aeronautics 

have been developed, which represent with a good 

degree of accuracy the relation between the column 

strengths and the geometric properties of Navy stand¬ 

ard steel tubes and S.A.E. standard duralumin tubes 

passing Navy Department specifications for the tubing 

tested. From these formulas curves have been drawn 
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giving the axial load which can be carried by any stand¬ 

ard tube of any free length up to 200 times the slender¬ 

ness ratio or 200 inches, whichever is the smaller. 

Friedrich Bleich’s method of designing compression 

members with elastically restrained ends has been ex¬ 

tended so that it is now possible in trusses to design 

such members against buckling in the plane of the 

truss with considerably greater accuracy than before. 

The method consists essentially, after making a pre¬ 

liminary design, in assuming as freely supported the 

far ends of all members meeting at either end of a 

member to be designed finally, and then determining 

the free length of the latter. A nomographic chart 

has been worked out which materially assists in this 

determination. When the free length has been found, 

the rest is merely a matter of selecting the proper 

section, either by the use of the appropriate column 

formula, or from the corresponding load-free-length 

curves. 

Torsional strength of tubing.—The report on the 

torsional strength of chromium molybdenum steel 

tubing, which has been prepared in manuscript form, 

is being held in abeyance awaiting the results of the 

parallel program on 17ST duralumin tubes. 

The experimental part of this latter program has 

been completed. Tubes of the following sizes are 

included: 1-inch diameter, 0.018 to 0.120 inch thick; 

1-inch diameter, 0.022 to 0.220 inch thick; and 2-inch 

diameter, 0.022 to 0.220 inch thick. Torsion tests 

were made on tubes 20 inches and 60 inches long of 

each size; tensile and hardness tests were also made on 

tubes of each size. 

It is planned to present the results of these tests as 

soon as they have been analyzed as the second part of 

a report on torsional strength of tubing, thus including 

in one report tubing of the two materials principally 

used in aircraft design. 

Strength of riveted joints in aluminum alloy.—The 

majority of the testing fixtures and the heat-treating 

equipment have been constructed for this investigation, j 
Tests have been made to determine the effect of hole 

and plate clearances in double-shear tests of the rivet 

stock. Tests have been started to determine the 

optimum driving pressure for a given rivet size, plate 

thickness, and grip, but these have not yet progressed 

far enough for definite conclusions to be given. 

Vibration tests of propellers.—This investigation was 

undertaken in cooperation with other agencies of the 

Government in an attempt to gain a clearer under¬ 

standing of propeller failures in flight. Most propeller 

failures are found to proceed from typical fatigue 

cracks which in turn must be due to high periodic 

stresses. The source and nature of these stresses are 

not known. It is not clear whether they are due to 

resonance vibrations of large amplitude superimposed 

on the steady stress due to the centrifugal forces or 

whether they are due to purely forced vibrations. 

No answer to these questions can be expected until 

it has been shown whether or not either resonance 

vibrations or forced vibrations of sufficient amplitude 

can be maintained in a propeller to cause failure. It 

was therefore decided to begin the investigation by 

developing a method of exciting vibrations of con¬ 

trollable frequency and amplitude in the propeller, of 

measuring the stresses set up during this vibration, 

and, if possible, of producing fatigue failures. 

Of the various methods considered the following was 

successful in accomplishing its purpose. A direct- 

current motor has its armature connected across an 

alternating-current source of variable frequency while 

its field is excited by a steady direct current; the rotor 

of the motor then performs torsional vibrations of the 

frequency of the armature current and an amplitude 

that may be controlled by controlling the field current 

or the impressed alternating voltage. This torsional 

vibration is transmitted through the shaft of the rotor 

to the propeller blades, which are mounted in a hub 

at the end of this shaft in the same way as an airplane 

propeller is connected to the crankshaft of its driving 

engine. The propeller executes a forced vibration, 

which becomes large whenever the impressed frequency 

coincides with one of its natural frequencies. 

In the new equipment, which was installed after 

preliminary tests had shown the method to be practical, 

the impressed frequency may be varied from 10 to 180 

cycles per second. As the frequency was increased 

gradually from its lowest value the first resonance 

vibration was observed between 30 and 40 cycles; the 

propeller blade vibrated approximately as a cantilever 

beam fixed at the hub end; a careful determination of 

the stress distribution in this mode was made, using 

2-inch Tuckerman optical strain gages having a special 

heavy knife edge to reduce inertia effects. The stresses 

were found to vary linearly with the deflection of the 

tip of the blade. This result was utilized in making 

fatigue tests on eight propeller blades. The blades 

were run at a given tip amplitude, corresponding to a 

maximum stress amplitude given from the strain-gage 

measurements, until failure occurred. This failure 

took place in each of the eight blades by the formation 

of a crack at a point close to the observed stress maxi¬ 

mum, which was 20 to 30 inches from the center of the 

hub of the propeller. The results were plotted on a 

diagram of logarithmic stress versus number of cycles 

to failure. However, the number of points was not 

sufficient to draw definite conclusions. The torque 

amplitude causing failure was of the order of 100 ft.-lb. 

As the frequency was increased beyond the point 

corresponding to the fundamental described above, a 

torsional resonance vibration of the whole propeller 

about the driving shaft was passed at around 50 

cycles, and finally at around 110 to 130 cycles a further 

bending vibration of the individual blades was reached, 

this time with a node about 9 inches from the tip 



REPORT NATIONAL ADVISORY COMMITTEE FOR AERONAUTICS 25 

The stress distribution for the mode was obtained for 

one blade and showed a maximum a few inches from the 

node. 

The experimental investigation has been paralleled 

by a theoretical analysis. The stress distribution in a 

propeller of given design vibrating with its funda¬ 

mental frequency was calculated by a method of suc¬ 

cessive iteration first applied to propellers by Hansen 

and Mesmer (Z.F.M., vol. 23, 1933). This gave a 

close check with the observed frequency and with the 

stress distribution obtained by the Tuckerman gages. 

The same method has been modified to compute the 

natural mode, frequency, and stress distribution due to 

the first harmonic with node near the tip. 

The Materiel Division of the Army Air Corps has 

conducted a study of the resonant-vibration fre¬ 

quencies of propeller blades, using entirely different 

methods and equipment. The results of this investi¬ 

gation have been published (Air Corps Technical 

Report No. 3891), and show in general that the failures 

of propellers were due to the coinciding of the resonant- 

vibration frequencies of the propeller blades with the 

engine-explosion frequencies. 

Airship girders and airship structural members.-—A 

number of column tests have been made on two experi¬ 

mental and two production plate airship girders of 

aluminum alloy fabricated by the Goodyear-Zeppelin 

Corporation. These tests were made in the large 

Emery testing machine. The specimens were placed 

in the machine to simulate as nearly as practicable flat 

end columns. The lowest maximum load recorded for 

any of the specimens taken from the production girders 

was 27,450 pounds for a column 103.4 inches long. 

The determinations of the areas of the chord members 

are in progress. 

Specimens of the original German duralumin lattices 

and channels from the airship Los Angeles have been 

submitted at intervals throughout the year. The 

results of the tensile tests on lattice and channel 

material do not suggest that there has been any ap¬ 

preciable progress in corrosion during the last year. 

In no piece tested was the corrosion sufficient to lower 

the strength of the ship. 

A number of specimens of thin sheet Alclad cut from 

the hull plating of the airship MC-2 have been tested 

in tension. The results of these tests do not suggest 

an appreciable deterioration as a result of corrosion. 

No hull specimen showed ultimate strengths of less 

than 54,900 pounds per square inch or elongations less 

than 15 percent. 

The investigation of the stresses in wire loops has 

been continued. Studies have been made of the 

fractures of bulkhead fork wires. These fractures are 

attributed to fatigue. A satisfactory procedure for 

determining the residual stresses in wire helixes has 

been obtained. The determination of these stresses 

is proceeding as opportunity affords. 

40768—34-3 

Flat plates under normal pressure.—The analysis of 

results from a detailed test of a 5 by 5 by 0.02 inch 

duralumin plate with clamped edges led to the follow¬ 

ing tentative conclusions: 

The only known theory which gives a roughly ade¬ 

quate picture of the behavior of a plate of this type is 

that of Foeppl. The distribution of median plane 

stresses is roughly the same as that given by Foeppl; 

that of the bending stresses is very different. The 

magnitude of the maximum total stress which occurs 

at the middle of the edge of the plate is 10 to 20 percent 

higher than that predicted by Foeppl. 

By the application of Foeppl’s theory it can be 

shown that all curves of pressure versus center deflec¬ 

tion obtained from tests of square plates of a given 

material with fixed edges can be reduced to one curve 

if the pressures are divided by the fourth power of 

the ratio of the thickness of the plate to its width, 

and the center deflection by the thickness alone. 

This curve was computed for square duralumin plates 

with logarithmic paper and it was found that all the 

observed curves when reduced come fairly close to this 

curve throughout the elastic range. 

A number of stainless-steel plates have been tested 

under normal pressure; they showed the same be¬ 

havior qualitatively as the duralumin plates reported 

on above. 

Following a lead from an article in Z.V.I., vol. 26, 

1932, a varnish was developed which cracked under a 

tensile strain from 1.3 to 2.3 10-3 in./in. corresponding 

to stress well below the yield point for duralumin. 

Rectangular duralumin plates were coated with this 

varnish and the formation of the definite strain pat¬ 

tern that developed as each plate was subjected to in¬ 

creasing normal pressure was followed; this strain 

pattern showed directly the extent to which the clamp¬ 

ing at the short ends affected the stress distribution 

and it also showed the curve near the edges along which 

the surface strains reversed from compression to 

tension. 

Strength of welded joints in tubular members for 

aircraft.—Tests have been completed on the majority 

of specimens of the second series of this investigation. 

A series of 216 butt-welded tensile specimens in 

chromium molybdenum plate 0.0325 inch to 0.1875 

inch thick has been tested to determine the strengths 

obtainable in joints heat-treated after welding for 

three types of welding: The standard procedure using 

low-carbon rod; welding with chromium molybdenum 

rod; and “carburizing flux” welding. 

Joints made by these three methods and tested 

without having been heat-treated had about the same 

tensile strength. Of the heat-treated welds those 

made by the standard procedure showed less tensile 

strength than the chromium molybdenum and the car¬ 

burizing flux welds. The last type showed somewhat 

I higher tensile strengths for all heat-treated specimens 
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of 0.0325 inch thickness and in general for all the thick¬ 

nesses tested, except at the lowest drawing temper¬ 

ature, 500° F. 

Tests made on T-joints in both carbon and chro¬ 

mium molybdenum steel tubing of 1.5 inches outside 

diameter by 0.058-inch wall, show the inserted-gusset 

type of reinforcement to be the best considering 

strength, stiffness, weight, and ease of welding. 

Tests are being continued on tubular joints heat- 

treated after welding and on joints made in thin- 

walled tubing of 1.5 inches outside diameter by 0.020- 

inch wall. 

TEMPORARY SUBCOMMITTEE ON RESEARCH 
PROGRAM ON MONOCOQUE DESIGN 

Stressed-Skin, or Monocoque, Structures.— 

During the past year, research on stressed-skin, or 

monocoque, structures for aircraft has consisted 

largely of fundamental studies concerning the strength 

and behavior of skin and stiffeners. Where possible, 

such phases of the general subject have been sum¬ 

marized in useful form for the designer. 

In order that the industry and others interested 

in research on stressecl-skin structures may be kept 

informed regarding the work of the subcommittee, a 

brief summary of the minutes of each meeting is pre¬ 

pared for circulation. These minutes record the 

suggestions that are made from time to time regarding 

problems suitable for research (in other than Govern¬ 

ment laboratories). 

The subcommittee is now preparing a chart showing 

the present status of research on stressed-skin struc¬ 

tures. Accompanying the chart will be a bibliography 

and brief discussion of the most authoritative litera¬ 

ture on the various phases of the subject. 

Research on thin-walled cylinders .-—Last year the 

Committee published a preliminary report on the 

strength of thin-walled cylinders in torsion. This year 

a more complete report on the same subject is being 

published under the authorship of Dr. L. H. Donnell 

of the California Institute of Technology (Technical 

Report No. 479). In the recent report, all the avail¬ 

able test data on thin-walled cylinders in torsion are 

included and the results correlated with theory. 

A report on the strength of tliin-walled cylinders 

in compression is now in the process of publication 

(Technical Report No. 473). In this report all the 

available test data are included, together with the 

results of tests made by the Committee and by the 

California Institute of Technology. The results of 

the tests are presented in nondimensional form and 

discussed in connection with existing theory. 

A report on the strength of thin-walled cylinders 

in pure bending is also in process of publication 

(Technical Note No. 479). In this report no con¬ 

sideration is given to theory but the results are 

presented in nondimensional form for comparison with 

the results of similar tests in compression published in 

Technical Report No. 473. The important conclusion 

regarding the strength of thin-walled cylinders in 

bending is that the stress on the extreme fiber a! 

failure as calculated by the ordinary theory of bending 

is from 30 to 80 percent greater than the compressive 

strength at failure for thin-walled cylinders of the same 

dimensions. 

A report on the strength of thin-walled cylinders oi 

circular section subjected to combined transverse slieat 

and bending is in progress. This report also covers 

work which is largely experimental, but the results 

are presented in nondimensional form and compared 

with the results of torsion and bending tests previously 

reported. The tests show that, for large values of the 

ratio of moment to radius-shear (M/rV), the cylindei 

fails in bending and the stress on the extreme fiber at 

failure, as calculated by the ordinary theory of bending 

is equal to the stress on the extreme fiber at failure 

for a cylinder of the same dimensions in pure bending 

For small values of M/rV, the cylinder fails in shear 

and the maximum shearing stress at failure as calcu¬ 

lated by the oridinary beam theory is approximately 

equal to the shearing stress at failure for a cylinder ol 

the same dimensions in torsion (pure shear). For 

intermediate values of M/rV, there is a transition from 

failure by bending to failure by shear that is accom¬ 

panied by a reduction in strength. In calculating thf 

strength of the cylinder, this reduction in strength 

may be allowed for by a proper consideration of the 

dispersion of the results of the tests on thin-walled 

cylinders in pure bending. 

Strength tests on thin-walled truncated cones and 

thin-walled cylinders of elliptic section have been 

completed. The results of these tests will be published 

later. 

Research on strength oj stiffeners.—After the airplanf 

division of the Ford Motor Co. suspended operations 

last year a large portion of the engineering data 

accumulated from its researches on various types o! 

structural elements was made available to the com¬ 

mittee. As a portion of these data revealed that 

valuable information regarding local failure in stiffeners 

could be obtained, it is now being condensed for issu¬ 

ance in one or more reports. The reports as finally 

published will include design charts with the critical 

stresses plotted against the proper dimensions of the 

stiffener sections. 

Research on strength of stiffened skins.—In collabora¬ 

tion with Professor Niles of Stanford University, the 

Committee is preparing for publication a general report 

summarizing all the tests made to date on the compres¬ 

sive strength of corrugated sheet. The data for use in 

this report have been assembled from various sources, 

including the Army, the Navy, aircraft manufac- 
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turers, and the Massachusetts Institute of Technology. 

In this report the strength of corrugated sheet for the 

various types of failure will be presented in chart form 

correlated with the column curve for the material. 

Consideration will also be given to the effect of pitch- 

line curvature on the strength of corrugated sheet 

and the effect of nonuniform spacing of transverse 

rings on the column strength of the corrugations. 

During the past year the Committee published a 

report on the compressive strength of flat and slightly 

curved sheet and stiffener combinations (Technical 

Note No. 455). In this report the accuracy of three 

methods based upon various assumptions for calcu¬ 

lating the compressive strength of flat sheet and 

stiffener combinations was compared. The method 

based upon mutual action of the stiffener and on effec¬ 

tive width of sheet as a column gave the best agree¬ 

ment with the results of tests. The investigation of 

the effect of small curvature presented in the report 

residted in the conclusion that the compressive strength 

of curved panels is, for all practical purposes, equal to 

the strength of flat panels except for thick sheet where 

nonuniform curvature throughout the length of the 

panel may cause the strength of a curved panel to be 

as much as 10 to 15 percent less than the strength of 

a corresponding flat panel. 

Design of rings.—During the past year the Committee 

published two reports on the stress analysis of rings 

(Technical Notes Nos. 444 and 462). By use of the 

formulas and charts presented in these reports the 

designer is relieved of the necessity of making a least- 

work analysis when calculating the stresses in circular 

and elliptic rings for the majority of loading conditions 

that are likely to be imposed on the main frames of a 

monocoque fuselage. The study is being extended to 

an analysis of the forces that act upon the intermediate 

rings between the main rings of monocoque fuselages. 

Design of beams having thin webs in diagonal ten¬ 

sion.—During the past year a study was made and a 

report prepared (Technical Note No. 469) summarizing 

the essential formulas for the design of diagonal ten¬ 

sion field beams; that is, beams with very thin webs, 

the theory of which was developed by Professor Wag¬ 

ner of Germany. The purpose of this report was to 

present in condensed form a brief summary of the 

fundamental principles and useful formulas for the 

specific use of the designer. 

SUBCOMMITTEE ON METHODS AND DEVICES FOR 
TESTING AIRCRAFT MATERIALS AND STRUCTURES 

The Committee has continued the work on the survey 

of methods and devices for testing aircraft materials 

and structures, with a view to publication of the 

material in a series of reports dealing with various 

phases of the testing of aircraft materials and struc¬ 

tures. At the request of the Subcommittee on Air¬ 

craft Structures, priority is being given to a special 

report on extensometers which is being prepared for 

publication. 

SUBCOMMITTEE ON MISCELLANEOUS MATERIALS 

Development of fire-resistant dope for aircraft.-—The 

available cellulose esters and synthetic resins were 

investigated to ascertain their relative values in 

rendering dopes for airplane wing fabric nonflammable. 

None of the resins studied gave satisfactory tautness. 

Cellulose acetate dope was found to be the most 

satisfactory fire-resistant material of all the products 

examined. Additional protection is obtained by 

impregnating the fabric with an aqueous solution of a 

boric acid-borax mixture before applying the cellu¬ 

lose acetate dope. Fabric fireproofed and doped in 

this manner is not ignited by lighted matches, ciga¬ 

rettes, redhot nails, nor burning gasoline. The amount 

of fireproofing salt mixture required on the cloth is 

approximately 5 percent of the total weight of the 

doped fabric. 

REPORT OF COMMITTEE ON PROBLEMS OF 
AIR NAVIGATION 

In response to the need for the coordination of 

scientific research being conducted by a number of 

different agencies, both within and without the 

Government, on the problems of air navigation, the 

National Advisory Committee for Aeronautics has 

established a committee on problems of air naviga¬ 

tion, with members representing the principal agencies 

concerned with the development of aids to air naviga- 

| tion. 

In order to cover effectively the large and varied 

field of research and development on problems of air 

navigation, the following subcommittees have been 

organized under the committee on problems of air 

navigation: subcommittee on instruments and sub¬ 

committee on meteorological problems. 



PART II 

ORGANIZATION AND GENERAL ACTIVITIES 
ORGANIZATION 

The National Advisory Committee for Aeronautics 

is composed of 15 members appointed by the President 

and serving as such without compensation. The law 

provides that the members shall include 2 representa¬ 

tives each from the War and Navy Departments and 

1 each from the Smithsonian Institution, the Weather 

Bureau, and the Bureau of Standards, together with 

not more than 8 additional persons “who shall be 

acquainted with the needs of aeronautical science, 

either civil or military, or skilled in aeronautical 

engineering or its allied sciences.” One of these eight 

is a representative of the Aeronautics Branch of the 

Department of Commerce. Under the rules and 

regulations governing the work of the Committee as 

approved by the President the chairman and vice 

chairman of the committee are elected annually. 

On July 12, 1933, President Roosevelt appointed 

Dr. Lyman J. Briggs a member of the committee to 

succeed Dr. George K. Burgess, whose death on July 2, 

1932, had been noted in the preceding annual report. 

Dr. Briggs had succeeded Dr. Burgess as director of the 

Bureau of Standards, and his membership on the Com¬ 

mittee is as a representative of that Bureau. 

The first vacancy occurring during the past year was 

caused by the tragic death of Rear Admiral William 

A. Moffett, United States Navy, Chief of the Bureau of 

Aeronautics, Navy Department, who was killed in 

the destruction by storm of the airship Akron on 

April 4, 1933. For 12 years he had served on this 

Committee faithfully and with great distinction. His 

outstanding service as a member was his uniform 

sincerity in fostering truly cooperative efforts in order 

to prevent duplication in the field of fundamental 

research in aeronautics. His colleagues adopted 

resolutions mourning his loss and testifying to the 

enduring value of his great work for the development 

of aviation for national defense. 

Rear Admiral Ernest J. King, United States Navy, 

succeeded Admiral Moffett as Chief of the Bureau of 

Aeronautics, and on July 19, 1933, he was appointed 

by President Roosevelt to succeed Admiral Moffett 

as a member of this Committee. 

A second vacancy during the year was caused by 

the resignation on November 9, 1933, of Dr. William 

F. Durand, who was one of the original members 

appointed by President Wilson in 1915. Dr. Durand 

had served as chairman of the Committee in 1916 and 

1917. He resigned because his residence on the Pa¬ 

cific coast made it difficult for him to attend meeting; 

frequently, and wras succeeded as a member of the 

Committee by Mr. Eugene L. Vidal, Director ol 

Aeronautics, Department of Commerce. 

The executive offices of the Committee, including 

its offices of aeronautical intelligence and aeronautical 

inventions are located in the Navy Building, Wash¬ 

ington, D.C., in close proximity to the air organiza¬ 

tions of the Army and Navy. 

The office of aeronautical intelligence wras estab¬ 

lished in the early part of 1918 as an integral brand 

of the Committee’s activities. It is the designated 

depository for scientific and technical data on aero¬ 

nautics secured from all parts of the world. The 

material is classified, cataloged, and disseminated. 

To assist in the collection of scientific and technical 

data, the Committee maintains a technical assistant 

in Europe with headquarters at the American Embassy 

in Paris. 

CONSIDERATION OF AERONAUTICAL INVENTIONS 

In accordance with act of Congress approved July 

2, 1926, as amended by act approved March 3, 1927, 

the Committee passes upon the merits of aeronautical 

inventions and designs submitted to any branch of the 

Government and submits reports thereon to the Aero¬ 

nautical Patents and Design Board, consisting ol 

Assistant Secretaries of the Departments of War, 

Navy, and Commerce. That board is authorized, 

upon the favorable recommendation of the Committee 

to “determine whether the use of the design by the 

Government is desirable or necessary and evaluate the 

design and fix its worth to the United States in at 

amount not to exceed $75,000.” 

The work of considering aeronautical inventions 

and designs submitted is under the supervision of the 

committee on aeronautical inventions and designs. 

SUBCOMMITTEES 

The executive committee has organized a number 

of standing committees, with subcommittees, for the 

purpose of supervising its work in their respective 

fields. The four technical committees on aero¬ 

dynamics, power plants for aircraft, materials for 

aircraft, and problems of air navigation, and their 

subcommittees supervise and direct the areonautid 

research conducted by the Advisory Committee and 

coordinate the investigations conducted by other 

agencies. Their work has been described in part I. 
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The organization of the committees and subcom¬ 

mittees under the executive committee is as follows: 

COMMITTEE ON AERODYNAMICS 

Dr. David W. Taylor, chairman. 
Dr. L. J. Briggs, Bureau of Standards. 
Theophile dePort, Materiel Division, Army Air Corps, 

Wright Field. 
Lt. Comdr. W. S. Diehl (C.C.), United States Navy. 
Dr. H. L. Dryden, Bureau of Standards. 
Richard C. Gazley, Aeronautics Branch, Department of 

Commerce. 
Maj. C. W. Howard, United States Army, Materiel Division, 

Air Corps, Wright Field. 
George W. Lewis, National Advisory Committee for Aero¬ 

nautics (ex officio member). 
Dr. Charles F. Marvin, Weather Bureau. 
Lt. Comdr. Donald Royce (C.C.), United States Navy. 
Hon. Edward P. Warner, editor of Aviation. 
Dr. A. F. Zahm, Division of Aeronautics, Library of Congress. 

SUBCOMMITTEE ON AIRSHIPS 

Hon. Edward P. Warner, editor of Aviation, chairman. 
Starr Truscott, National Advisory Committee for Aero¬ 

nautics, vice chairman. 
Dr. Karl Arnstein, Goodyear-Zeppelin Corporation. 
Commander Garland Fulton (C.C.), United States Navy. 
Maj. William E. Kepner, United States Army, Materiel 

Division, Air Corps, Wright Field. 
George W. Lewis, National Advisory Committee for Aero¬ 

nautics (ex officio member). 
Ralph H. Upson, Ann Arbor, Mich. 

COMMITTEE ON POWER PLANTS FOR AIRCRAFT 

Hon. William P. MacCracken, Jr., chairman. 
George W. Lewis, National Advisory Committee for Aero¬ 

nautics, vice chairman. 
Henry M. Crane, Society of Automotive Engineers. 
Prof. Harvey N. Davis, Stevens Institute of Technology. 
Dr. H. C. Dickinson, Bureau of Standards. 
Carlton Kemper, National Advisory Committee for Aero¬ 

nautics. 
Lt. Comdr. F. M. Maile, United States Navy. 
Lt. E. M. Powers, United States Army, Materiel Division, 

Air Corps, Wright Field. 
Prof. C. Fayette Taylor, Massachusetts Institute of Tech¬ 

nology. 

COMMITTEE ON MATERIALS FOR AIRCRAFT 

Dr. L. J. Briggs, Bureau of Standards, chairman. 
Prof. H. L. Whittemore, Bureau of Standards, vice chairman 

and acting secretary. 
S. K. Colby, Aluminum Co. of America. 
Lt. Alden R. Crawford, United States Army, Materiel Divi¬ 

sion, Air Corps, Wright Field. 
Lt. N. A. Draim (C.C.), United States Navy. 
Warren E. Emley, Bureau of Standards. 
Commander Garland Fulton (C.C.), United States Navy. 
Dr. H. W. Gillett, Battelle Memorial Institute. 
C. H. Helms, National Advisory Committee for Aeronautics. 
Dr. Zav Jefferies, American Magnesium Corporation. 
J. B. Johnson, Materiel Division, Army Air Corps, Wright 

Field. 
George W. Lewis, National Advisory Committee for Aero 

nautics (ex officio member). 
H. S. Rawdon, Bureau of Standards. 

E. C. Smith, Republic Steel Corporation. 
G. W. Trayer, Forest Products Laboratory. 
Starr Truscott, National Advisory Committee for Aeronautics. 
Hon. Edward P. Warner, editor of Aviation. 

SUBCOMMITTEE ON METALS 

H. S. Rawdon, Bureau of Standards, chairman. 
Dr. H. W. Gillett, Battelle Memorial Institute. 
Dr. Zay Jefferies, American Magnesium Corporation. 
J. B. Johnson, Mat6riel Division, Army Air Corps, Wright 

Field. 
George W. Lewis, National Advisory Committee for Aero¬ 

nautics (ex officio member). 
E. C. Smith, Republic Steel Corporation. 
Starr Truscott, National Advisory Committee for Aero¬ 

nautics. 
Prof. H. L. Whittemore, Bureau of Standards. 

SUBCOMMITTEE ON AIRCRAFT STRUCTURES 

Starr Truscott, National Advisory Committee for Aero¬ 
nautics, chairman. 

Capt. Howard Z. Bogert, United States Army, Materiel 
Division, Air Corps, Wright Field. 

C. P. Burgess, Bureau of Aeronautics, Navy Department. 
Richard C. Gazley, Aeronautics Branch, Department of 

Commerce. 
Charles Ward Hall, Hall-Aluminum Aircraft Corporation. 
Lt. Lloyd Harrison (C.C.), United States Navy, Naval Air¬ 

craft Factory. 
George W. Lewis, National Advisory Committee for Aero- 

j nautics (ex officio member). 
Lt. Comdr. R. D. MacCart (C.C.), United States Navy. 
Charles J. McCarthy, Chance Vought Corporation. 
Prof. J. S. Newell, Massachusetts Institute of Technology. 
J. A. Roch6, Materiel Division, Army Air Corps, Wright 

Field. 
Dr. L. B. Tuckerman, Bureau of Standards. 

TEMPORARY SUBCOMMITTEE ON RESEARCH PROGRAM ON 

MONOCOQUE DESIGN 

George W. Lewis, National Advisory Committee for Aero- 
| nautics, chairman. 

Capt. Howard Z. Bogert, United States Army, Materiel 
Division, Air Corps, Wright Field. 

Richard C. Gazley, Aeronautics Branch, Department of 
Commerce. 

Eugene E. Lundquist, National Advisory Committee for 
Aeronautics. 

Lt. Comdr. It. D. MacCart (C.C.), United States Navy. 
Dr. L. B. Tuckerman, Bureau of Standards. 

SUBCOMMITTEE ON METHODS AND DEVICES FOR TESTING 

AIRCRAFT MATERIALS AND STRUCTURES 

Henry J. E. Reid, National Advisory Committee for Aero¬ 
nautics, chairman. 

Capt. Howard Z. Bogert, United States Army, Materiel 
Division, Air Corps, Wright Field. 

Lt. Lloyd Harrison (.C.C.), United States Navy, Naval 
Aircraft Factory. 

George W. Lewis, National Advisory Committee for Aero¬ 
nautics (ex officio member). 

Eugene E. Lundquist, National Advisory Committee for 
Aeronautics. 

R. L. Templin, Aluminum Co. of America. 
G. W. Trayer, Forest Products Laboratory. 
Dr. L. B. Tuckerman, Bureau of Standards. 



30 REPORT NATIONAL ADVISORY COMMITTEE FOR AERONAUTICS 

SUBCOMMITTEE ON MISCELLANEOUS MATERIALS 

C. H. Helms, National Advisory Committee for Aeronautics, 

chairman. 

Dr. W. Blum, Bureau of Standards. 

C. J. Cleary, Materiel Division, Army Air Corps, Wright 

Field. 

Warren E. Emley, Bureau of Standards. 

George W. Lewis, National Advisory Committee for Aero¬ 

nautics (ex officio member). 

J. E. Sullivan, Bureau of Aeronautics, Navy Department. 

G. W. Trayer, Forest Products Laboratory. 

P. H. Walker, Bureau of Standards. 

G. P. Young, Materiel Division, Army Air Corps, Wright 

Field. 

COMMITTEE ON PROBLEMS OF AIR NAVIGATION 

Hon. William P. MacCracken, Jr., chairman. 

Dr. L. J. Briggs, Bureau of Standards. 

Lloyd Espenschied, American Telephone and Telegraph Co. 

Maj. Gen. B. D. Foulois, United States Army, Air Corps, 

War Department. 

Paul Henderson, National Air Transport, Inc. 

Capt. S. C. Hooper, United States Navy. Director of Naval 

Communications, Navy Department. 

Dr. J. C. Hunsaker, Massachusetts Institute of Technology. 

George W. Lewis, National Advisory Committee for Aero¬ 

nautics (ex officio member). 

Col. Charles A. Lindbergh. 

Rex Martin, Aeronautics Branch, Department of Commerce. 

Dr. Charles F. Marvin, Weather Bureau. 

Lt. J. P. W. Vest, United States Navy, Hydrographic Office, 

Navy Department. 

Eugene L. Vidal, Director of Aeronautics, Department of 

Commerce. 

Charles J. Young, R.C.A. Victor Co., Inc. 

SUBCOMMITTEE ON INSTRUMENTS 

Dr. L. J. Briggs, Bureau of Standards, chairman. 

Marshall S. Boggs, Aeronautics Branch, Department of 

Commerce. 

Dr. W. G. Brombacher, Bureau of Standards. 

C. II. Colvin, Society of Automotive Engineers. 

Capt. A. F. Hegenberger, United States Army, Materiel 

Division, Air Corps, Wright Field. 

Dr. A. W. Hull, General Electric Co. 

Carl W. Keuffel, KeufTel and Esser. 

George W. Lewis, National Advisory Committee for Aero¬ 

nautics (ex officio member). 

Lt. C. D. McAllister, United States Army, Materiel Division, 

Air Corps, Wright Field. 

Henry J. E. Reid, National Advisory Committee for Aero¬ 

nautics. 

Lt. L. D. Webb, United States Navy. 

Charles J. Young, R.C.A. Victor Co., Inc. 

SUBCOMMITTEE ON METEOROLOGICAL PROBLEMS 

Dr. Charles F. Marvin, Weather Bureau, chairman. 

W. R. Gregg, Weather Bureau. 

Dr. W. J. Humphreys, Weather Bureau. 

Dr. J. C. Hunsaker, Massachusetts Institute of Technology. 

George W. Lewis, National Advisory Committee for Aero¬ 

nautics (ex officio member). 

Lt. F. W. Reichelderfcr, United States Navy, Naval Air Sta¬ 

tion, Lakehurst. 

Dr. C. G. Rossby, Massachusetts Institute of Technology. 

Eugene Sibley, Aeronautics Branch, Department of Com¬ 

merce. 

Capt. Alfred II. Thiessen, United States Army, Signal Corps, 

War Department. 

COMMITTEE ON AIRCRAFT ACCIDENTS 

Hon. Edward P. Warner, editor of Aviation, chairman. 

George W. Lewis, National Advisory Committee for Aerc 

nautics. 

W. Fiske Marshall, Aeronautics Branch, Department e 

Commerce. 

Lt. Comdr. A. C. McFall, United States Navy. 

Lt. Samuel P. Mills, United States Army, Air Corps, Wa 

Department. 

Capt. Max F. Schneider, United States Army, Air Corps 
War Department. 

Lt. H. B. Temple, United States Navy. 

COMMITTEE ON AERONAUTICAL INVENTIONS AND 
DESIGNS 

Dr. David W. Taylor, chairman. 

Capt. Arthur B. Cook, United States Navy. 

Dr. Charles F. Marvin, Weather Bureau. 

Brig. Gen. Henry C. Pratt, United States Army, Materis 

Division, Air Corps, Wright Field. 

John F. Victory, secretary. 

COMMITTEE ON PUBLICATIONS AND INTELLIGENC! 

Dr. Joseph S. Ames, chairman. 

Dr. Charles F. Marvin, Weather Bureau, vice chairman. 

Miss M. M. Muller, secretary. 

COMMITTEE ON PERSONNEL, BUILDINGS, AND 
EQUIPMENT 

Dr. Joseph S. Ames, chairman. 

Dr. David W. Taylor, vice chairman. 

John F. Victory, secretary. 

LANGLEY MEMORIAL AERONAUTICAL LABORATORY 

The Committee’s laboratory is located on the Arm. 

flying field, known as “Langley Field, Ya.”, on grounc 

set aside by the War Department for the Committee' 

use. The laboratory is subject to the military police 

fire, and sanitary regulations governing the post, but 

is otherwise under the exclusive and direct control o: 

the Committee. The Committee’s research work i 

conducted without interference with military opera 

tions at the field, and there is a splendid spirit o: 

cooperation which has materially aided the Committef 

in its work. 

As many of the Committee’s fundamental researclie: 

are based upon requests received from the Army and 

Navy for the investigations of particular problem? 

there has been full cooperation on the part of tlif 

Army and Navy in placing at the Committee’s disposa 

airplanes, engines, and accessories needed for researcl 

purposes. 

The Committee’s laboratories comprise 11 buildings 

and a paid research staff of 260 employees. 

ANALYSIS OF AIRCRAFT ACCIDENTS 

A standard procedure for the analysis of aircraft 

accidents proposed by the committee on aircraf 

accidents, approved by the executive committee, ad 

published as Technical Report No. 357, is followed bj 

the War, Navy, and Commerce Departments. Uni 

formity in interpretation of the Committee’s plan i 
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secured through meetings of the committee on air¬ 

craft accidents, which includes in its membership 

representatives of the War, Navy, and Commerce air 

organizations. The result is to render accident 

statistics comparable and thus through the accurate 

determination of the causes of accidents to be enabled 

to take appropriate measures for the reduction of 

accidents due to such causes. 

TECHNICAL PUBLICATIONS OF THE COMMITTEE 

The Committee has four series of publications, 

namely, technical reports, technical notes, technical 

memorandums, and aircraft circulars. 

The technical reports present the results of funda¬ 

mental research in aeronautics. The technical notes 

are mimeographed and present the results of short 

research investigations and the results of studies of 

specific detail problems which form parts of long 

investigations. The technical memorandums are 

mimeographed and contain translations of important 

foreign aeronautical articles. The aircraft circulars 

are mimeographed and contain descriptions of new 

types of foreign aircraft. 

The following are lists of the publications issued: 

LIST OF TECHNICAL REPORTS ISSUED DURING THE 
PAST YEAR 

No. 

441. A Flight Investigation of the Spinning of the NY-1 Air¬ 

plane with Varied Mass Distribution and Other Modi¬ 

fications, and an Analysis Based on Wind-Tunnel Tests. 

By Nathan F. Scudder, National Advisory Committee 

for Aeronautics. 

442. A Comparison between the Theoretical and Measured 

Longitudinal Stability Characteristics of an Airplane. 

By Hartley A. Soule and John B. Wheatley, National 

Advisory Committee for Aeronautics. 

443. Pressure-Distribution Measurements on the Hull and 

Fins of a 1/40-Scale Model of the U.S. Airship Akron. 
By Hugh B. Freeman, National Advisory Committee 

for Aeronautics. 

444. Wind-Tunnel Research Comparing Lateral Control De¬ 

vices, Particularly at High Angles of Attack. VI— 

Skewed Ailerons on Rectangular Wings. By Fred E. 

Weiek and Thomas A. Harris, National Advisory Com¬ 

mittee for Aeronautics. 

445. Working Charts for the Determination of the Lift Dis¬ 

tribution between Biplane Wings. By Paul Kuhn, 

National Advisory Committee for Aeronautics. 

446. Airfoil Section Characteristics as Affected by Protuber¬ 

ances. By Eastman N. Jacobs, National Advisory 

Committee for Aeronautics. 

447. Static Thrust of Airplane Propellers. By Walter S. Diehl, 

Bureau of Aeronautics, Navy Department. 

448. Improved Apparatus for the Measurement of Fluctua¬ 

tions of Air Speed in Turbulent Flow. By W. C. Mock, 

Jr.,-and H. L. Dryden, Bureau of Standards. 

449. Wing Characteristics as Affected by Protuberances of 

Short Span. By Eastman N. Jacobs and Albert Sher¬ 

man, National Advisory Committee for Aeronautics. 

450. The Calculation of Take-Off Run. Bv Walter S. Diehl, 

Bureau of Aeronautics, Navy Depatment. 

451. The Drag of Two Streamline Bodies as Affected by Pro¬ 

tuberances and Appendages. By Ira H. Abbott, 

National Advisory Committee for Aeronautics. 

No. 

452. General Potential Theory of Arbitrary Wing Sections. 

By T. Theodorsen and I. E. Garrick, National Advisory 

Committee for Aeronautics. 

453. The Estimation of Maximum Load Capacity of Seaplanes 

and Flying Boats. By Walter S. Diehl, Bureau of 

Aeronautics, Navy Department. 

454. Photomicrographic Studies of Fuel Sprays. By Dana W. 

Lee and Robert C. Spencer, National Advisory Com¬ 

mittee for Aeronautics. 

455. Penetration and Duration of Fuel Sprays from a Pump 

Injection System. By A. M. Rothrock and E. T. Marsh, 

National Advisory Committee for Aeronautics. 

456. The Aerodynamic Forces and Moments Exerted on a 

Spinning Model of the NY-1 Airplane as Measured by 

the Spinning Balance. By M. J. Bamber and C. H. 

Zimmerman, National Advisory Committee for Aero¬ 

nautics. 

457. Maneuverability Investigation of an 08U-1 Observation 

Airplane. By F. L. Thompson and H. W. Kirschbaum, 

National Advisory Committee for Aeronautics. 

458. Relative Loading on Biplane Wings. By Walter S. Diehl, 

Bureau of Aeronautics, Navy Department. 

459. The N.A.C.A. Full-Scale Wind Tunnel. By Smith J. 

DeFrance, National Advisory Committee for Aero¬ 

nautics. 

460. The Characteristics of 78 Related Airfoil Sections from 

Tests in the Variable-Density Wind Tunnel. By East¬ 

man N. Jacobs, Kenneth E. Ward, and Robert M. 

Pinkerton, National Advisory Committee for Aero¬ 

nautics. 

461. Interference on an Airfoil of Finite Span in an Open 

Rectangular Wind Tunnel. By Theodore Theodorsen, 

National Advisory Committee for Aeronautics. 

462. Tests of Nacelle-Propeller Combinations in Various Posi¬ 

tions with Reference to Wings. Ill—Clark Y Wing— 

Various Radial-Engine Cowlings—Tractor Propeller. 

By Donald H. Wood, National Advisory Committee 

for Aeronautics. 

463. The N.A.C.A. High-Speed Wind Tunnel and Tests of Six 

Propeller Sections. By John Stack, National Advisory 

Committee for Aeronautics. 

464. Negative Thrust and Torque Characteristics of an Ad¬ 

justable-Pitch Metal Propeller. By Edwin P. Hartman, 

National Advisory Committee for Aeronautics. 

465. Determination of the Theoretical Pressure Distribution 

for Twenty Airfoils. By I. E. Garrick, National 

Advisory Committee for Aeronautics. 

466. Aircraft Power-Plant Instruments. By Harcourt Sontag 

and W. G. Brombacher, Bureau of Standards. 

467. The Experimental Determination of the Moments of 

Inertia of Airplanes. By Hartley A. Soule and Marvel 

P. Miller, National Advisory Committee for Aeronau¬ 

tics. 

468. The Interference between Struts in Various Combina¬ 

tions. By David Biernmnn and William H. Herrn- 

stein, Jr., National Advisory Committee for Aeronautics. 

469. Increasing the Air Charge and Scavenging the Clearance 

Volume of a Compression-Ignition Engine. By J. A. 

Spanogle, C. W. Hicks, and II. H. Foster, National 

Advisory Committee for Aeronautics. 

470. The N.A.C A. Tank. A High-Speed Towing Basin for 

Testing Models of Seaplane Floats. By Starr Truscott, 

National Advisory Committee for Aeronautics. 

471. Performance of a Fuel-Injection Spark-Ignition Engine 

Using a Hydrogenated Safety Fuel. By Oscar W. 

Schey and Alfred W. Young, National Advisory Com¬ 

mittee for Aeronautics. 
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472. Wind-Tunnel Tests on Combinations of a Wing with 

Fixed Auxiliary Airfoils Having Various Chords and 

Profiles. By Fred E. Weick and Robert Sanders, 

National Advisory Committee for Aeronautics. 

473. Strength Tests of Thin-Walled Duralumin Cylinders in 

Compression. By Eugene E. Lundquist, National 

Advisory Committee for Aeronautics. 

474. Nomenclature for Aeronautics. By National Advisory 

Committee for Aeronautics. 

LIST OF TECHNICAL NOTES ISSUED DURING THE 
PAST YEAR 

No. 

432. Drag Tests of 4/9-Scale Model Engine Nacelles with 

Various Cowlings. By Ray Windier, National Advisory 

Committee for Aeronautics. 

433. The Pressure Distribution Over a Standard and a Modified 

Navy Elliptical Wing Tip on a Biplane in Flight. By 

Richard V. Rhode, National Advisory Committee for 

Aeronautics. 

434. Influence of Several Factors on Ignition Lag in a Com¬ 

pression-Ignition Engine. By Harold C. Gerrish and 

Fred Voss, National Advisory Committee for Aero¬ 

nautics. 

435. The Effect of Clearance Distribution on the Performance 

of a Compression-Ignition Engine with a Precombustion 

Chamber. By C. S. Moore and J. H. Collins, Jr., 

National Advisory Committee for Aeronautics. 

436. The Effect of Connecting-Passage Diameter on the Per¬ 

formance of a Compression-Ignition Engine with a 

Precombustion Chamber. By C. S. Moore and J. H. 

Collins, Jr., National Advisory Committee for Aero¬ 

nautics. 

437. The Pressure Distribution Over a Long Elliptical Wing Tip 

on a Biplane in Flight. By Richard V. Rhode, National 

Advisbry Committee for Aeronautics. 

43S. The Gaseous Explosive Reaction at Constant Pressure— 

Further Data on the Effect of Inert Gases. By F. W. 

Stevens, Bureau of Standards. 

439. Meteorological Conditions During the Formation of Ice 

on Aircraft. By L. T. Samuels, Weather Bureau. 

440. Flight Tests to Determine the Effect of a Fixed Auxiliary 

Airfoil on the Lift and Drag of a Parasol Monoplane. 

By Hartley A. Soule, National Advisory Committee for 

Aeronautics. 

441. Rolling, Yawing, and Hinge Moments Produced by Rec¬ 

tangular Ailerons (Correlating Technical Reports Nos. 

298, 343, and 370). By R. H. Heald, Bureau of 

Standards. 

442. Jet Propulsion with Special Reference to Thrust Aug- 

mentors. By G. B. Scliubauer, Bureau of Standards. 

443. Wind-Tunnel Research Comparing Lateral Control 

Devices, Particularly at High Angles of Attack. 

Part VII—Handley Page Tip and Full-Span Slots with 

Ailerons and Spoilers. By Fred E. Weick and Carl J. 

Wenzinger, National Advisory Committee for Aero¬ 

nautics. 

444. Working Charts for the Stress Analysis of Elliptic Rings. 

By Walter F. Burke, University of Michigan. 

445. Wind-Tunnel Research Comparing Lateral Control De¬ 

vices, Particularly at High Angles of Attack. Part 

VIII—Straight and Skewed Ailerons on Wings with 

Rounded Tips. By Fred E. Weick and Joseph A. 

Shortal, National Advisory Committee for Aero¬ 

nautics. 

446. Estimation of the Variation of Thrust Horsepower with 

Air Speed. By Shatswell Ober, Massachusetts Insti¬ 

tute of Technology. 

No. 

447. The Effect on Lift, Drag, and Spinning Characteristics^ 

Sharp Leading Edges on Airplane Wings. By Fred I 

Weick and Nathan F. Scudder, National Advisor, 

Committee for Aeronautics. 

448. Effect of Aileron Displacement on Wing Characteristic! 

By R. II. Heald, Bureau of Standards. 

449. Wind-Tunnel Research Comparing Lateral Control Dc 

vices, Particularly at High Angles of Attack. Par 

IX— Tapered Wings with Ordinary Ailerons, ft 

Fred E. Weick and Carl J. Wenzinger, National Advisor 

Committee for Aeronautics. 

450. Mercerization of Cotton for Strength with Special Refer 

ence to Aircraft Cloth. By J. B. Wilkie, Bureau o 

Standards. 

451. Wind-Tunnel Research Comparing Lateral Contrc 

Devices, Particularly at High Angles of Attack. Par 

X— Various Control Devices on a Wing with a Fixe 

Auxiliary Airfoil. By Fred E. Weick and Richard ]] 
Noyes, National Advisory Committee for Aeronautics 

452. The Importance of Auto-Ignition Lag in Knocking. Bi 

E. S. Taylor, Massachusetts Institute of Technology. 

453. Experiments with a Counter-Propeller. By E. P. Lesley 

Stanford University. 

454. The N.A.C.A. Combusion Chamber Gas-Sampling Valv. 

and Some Preliminary Test Results. By J. A. Spanogl 

and E. C. Buckley, National Advisory Committee foi 

Aeronautics. 

455. Comparison of Three Methods for Calculating the Com 

pressive Strength of Flat and Slightly Curved Sheet am 

Stiffener Combinations. By Eugene E. Lundquist 

National Advisory Committee for Aeronautics. 

456. The Aerodynamic Effect of a Retractable Landing Gear 

By Smith J. DeFrance, National Advisory Committee 

for Aeronautics. 

457. The Aerodynamic Characteristics of Airfoils as Affectec 

by Surface Roughness. By Ray W. Hooker, Nations 

Advisory Committee for Aeronautics. 

458. Wind-Tunnel Research Comparing Lateral Control De 

vices, Particularly at High Angles of Attack. Part XI- 

Various Floating Tip Ailerons on Both Rectangular anc 

Tapered Wings. By Fred E. Weick and Thomas A 

Harris, National Advisory Committee for Aeronautics 

459. Wind-Tunnel Tests on Model Wing with Fowler Flap ant 

Specially Developed Leading-Edge Slot. By Fred E 

Weick and Robert C. Platt, National Advisory Com 

mittee for Aeronautics. 

460. Full-Scale Wind-Tunnel Research on Tail Buffeting ant 

Wing-Fuselage Interference of a Low-Wing Monoplane 

By Manley J. Hood and James A. White, Nations 

Advisory Committee for Aeronautics. 

461. The Effect of Rivet Heads on the Characteristics of s 

6- by 36-Foot Clark Y Metal Airfoil. By Clinton H 

Dearborn, National Advisory Committee for Aero¬ 

nautics. 

462. Formulas for the Stress Analysis of Circular Rings in s 

Monocoque Fuselage. By Roy A. Miller, Con¬ 

solidated Aircraft Corporation, and Karl D. Wood 

Cornell University. 

463. Aerodynamic Tests of a Low Aspect Ratio Tapered Wins 

with Various Flaps, for Use on Tailless Airplanes. B; 

Fred E. Weick and Robert Sanders, National Advisor 

Committee for Aeronautics. 

464. A Complete Tank Test of a Model of a Flying-Boat Hull" 

N.A.C.A. Model No. 11. By James M. Shoemaker anc 

John B. Parkinson, National Advisory Committee for 

Aeronautics. 
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465. Some Characteristics of Sprays Obtained from Pintle- 

Type Injection Nozzles. By E. T. Marsh and C. D. 

Waldron, National Advisory Committee for Aeronautics. 

466. Engine Performance with a Hydrogenated Safety Fuel. 

By Oscar W. Schey and Alfred W. Young, National 

Advisory Committee for Aeronautics. 

467. Simplified Aerodynamic Analysis of the Cyclogiro Ro- 

tating-Wing System. By John B. Wheatley, National 

Advisory Committee for Aeronautics. 

468. A Study of Factors Affecting the Steady Spin of an Air¬ 

plane. By Nathan F. Scudder, National Advisory 

Committee for Aeronautics. 

469. A Summary of Design Formulas for Beams Having Thin 

Webs in Diagonal Tension. By Paul Kuhn, National 

Advisory Committee for Aeronautics. 

470. A Complete Tank Test of a Model of a Flying-Boat Hull— 

N.A.C.A. Model No. 11-A. By John B. Parkinson, 

National Advisory Committee for Aeronautics. 

471. A Complete Tank Test of a Model of a Flying-Boat Hull— 

N.A.C.A. Model No. 16. By James M. Shoemaker, 

National Advisory Committee for Aeronautics. 

472. The Effect of Partial-Span Split Flaps on the Aerodynamic 

Characteristics of a Clark Y Wing. By Carl J. Wen- 

zinger, National Advisory Committee for Aeronautics. 

LIST OF TECHNICAL MEMORANDUMS ISSUED DURING 
THE PAST YEAR 

No. 

687. Methods for Facilitating the Blind Landing of Airplanes. 

By M. Heinrich Gloeckner. From Zeitschrift flir 

Flugtechnik und Motorluftschiffahrt, June 24, 1932. 

688. Speed and Pressure Recording in Three-Dimensional Flow. 

By Dr. F. Krisam. From Zeitschrift fur Flugtechnik 

und Motorluftschiffahrt, July 14, 1932. 

689. The Problem of Tire Sizes for Airplane Wheels. By 

Franz Michael. From Zeitschrift fur Flugtechnik und 

Motorluftschiffahrt, July 14, 1932. 

690. Transmission of Heat from a Flat Plate to a Fluid Flowing 

at a High Velocity. By Luigi Crocco. From L’Aero- 

tecnica, February 1932. 

691. Some Ideas on Racing Seaplanes. By Giovanni Pegna. 

From Rivista Aeronautica, June 1932. 

692. Methods of Recording Rapid Wind Changes. By A. 

Magnan. From Jahrbuch No. 4 (1929) des Forschungs- 

Institutes der Rhon-Rossitten-Gesellschaft. 

693. The Testing of Airplane Fabrics. By Karl Schraivogel. 

From Zeitschrift fUr Flugtechnik und Motorluftschif¬ 

fahrt, August 27 and September 14, 1932. 

694. Combustion of Gaseous Mixtures. By R. Duchene. 

From Publications Scientifiques et Techniques du Min- 

istere de l’Air, No. 11, Service des Recherches de l’Aeron- 

autique. 

695. Automatic Stability of Airplanes. By Fr. Haus. From 

L’Aeronautique, May, June, July, and August 1932. 

696. The Problem of the Propeller in Yaw with Special Ref¬ 

erence to Airplane Stability. By Franz Misztal- 

From Abhandlungen aus dem Aerodynamischen In- 

stitut an der Technischen Hochschule Aachen, No. 11, 

1932. 

697. The'D.V.L. Gliding-Angle Control (W. Hiibner Design). 

By Walter Hiibner and Wilhelm Pleines. From 

Zeitschrift fur Flugtechnik und Motorluftschiffahrt, 

August 12, 1932. 

698. Dynamic Breaking Tests of Airplane Parts. By Heinrich 

Hertel. From Zeitschrift fur Flugtechnik und Motor¬ 

luftschiffahrt, August 14 and August 28, 1931. 

No. 

699. The Process of Separation in the Turbulent Friction 

Layer. By E. Gruschwitz. From Zeitschrift fur 

Flugtechnik und Motorluftschiffahrt, June 14, 1932. 

700. Increasing the Volumetric Efficiency of Diesel Engines by 

Intake Pipes. By Hans List. From Mitteilungen aus 

den technischen Instituten der Staatlichen Tung-Chi 

Universitat, Report No. 4, April 1932. 

701. The Effect of a Gap between Elevator and Stabilizer on 

the Static Stability and Maneuverability about the 

Lateral Axis in Flight. By Walter Hiibner. From 

Zeitschrift fur Flugtechnik und Motorluftschiffahrt, 

June 14, 1932. 

702. Determination of Inherent Stresses by Measuring Defor¬ 

mations of Drilled Holes. By Josef Mathar. From 

Archiv fiir das Eisenhuttenwesen (Communication 

from the Aachen Aerodynamic Institute), 1932-33. 

703. Take-Off and Propeller Thrust. By Martin Schrenk. 

From Zeitschrift fiir Flugtechnik und Motorluftschif¬ 

fahrt, November 14, 1932. 

704. Scale Effect of Model in Seaplane-Float Investigations. 

By W. Sottorf. From Zeitschrift fiir Flugtechnik und 

Motorluftschiffahrt, December 28, 1932. 

705. The Critical Shear Load of Rectangular Plates. By Edgar 

Sevdel. From Zeitschrift fiir Flugtechnik und Motor¬ 

luftschiffahrt, February 14, 1933. 

706. Knowledge Gained from Practical Experience in the 

Designing of Aircraft Engines. By Oskar Kurtz. 

From Zeitschrift fiir Flugtechnik und Motorluftschif¬ 

fahrt, December 14 and December 28, 1932. 

707. Experiments with Needle Bearings. By Pericle Ferretii. 

From Rivista Aeronautica, October 1932. 

708. Flight-Test Data on the Static Fore-and-Aft Stability of 

Various German Airplanes. By Walter Hiibner. From 

Zeitschrift fiir Flugtechnik und Motorluftschiffahrt, 

January 28, 1933. 

709. Future Problems of Soaring Flight (Report of 1932 Rhon 

Soaring Contest). By Walter Georgii; and Systematic 

Observations of Local Cumuli. By Roland Eisenlohr. 

From Zeitschrift fiir Flugtechnik und Motorluftschif¬ 

fahrt, March 14, 1933. 

710. Tests for the Elimination of Tail Flutter. By Curt 

Biechteler. From Zeitschrift fiir Flugtechnik und 

Motorluftschiffahrt, January 14, 1933. 

711. Pressure Rise, Gas Vibrations, and Combustion Noises 

During the Explosion of Fuels. By Professor Wawrz- 

iniok. From Automobiltechnische Zeitschrift, February 

10 and March 10, 1933. 

712. The Schneider Trophy Contest. By Alfred Richard 

Weyl. From Zeitschrift fiir Flugtechnik und Motor¬ 

luftschiffahrt, August 12 and August 27, 1932. 

713. Behavior of Vortex Systems. By A. Betz. From 

Zeitschrift fiir angewandte Mathematik und Mechanik, 

June 1932, 

714. A Simple Method for Increasing the Lift of Airplane 

Wings by Means of Flaps. By Eugen Gruschwitz and 

Oskar Schrenk. From Zeitschrift fiir Flugtechnik und 

Motorluftschiffahrt, October 28, 1932. 

715. Pressure and Frictional Resistance of a Cylinder at Rey¬ 

nolds Numbers 5,000 to 40,000. By L. Schiller and W. 

Linke. From Zeitschrift fiir Flugtechnik und Motor¬ 

luftschiffahrt, April 13, 1933. 

716. Development of the Rules Governing the Strength of 

Airplanes. By H. G. Kiissner and Karl Thalau. 

Part I—German Loading Conditions Up to 1926. 

From Luftfahrtforschung, June 21, 1932. 
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717. Development of the Rules Governing the Strength of 

Airplanes. By H. G. Kvissner and Karl Thalau. Part 

II— Loading Conditions in Germany (Continued), Eng¬ 

land, and the United States. From Luftfahrtforschung, 

June 21, 1932. 

718. Development of the Rules Governing the Strength of Air¬ 

planes. By H. G. Iviissner and Karl Thalau. Part 

III— Loading Conditions in France, Italy, Holland, and 

Russia—Aims at Standardization. From Luftfahrt¬ 

forschung, June 21, 1932. 

719. Dimensions of Twin Seaplane Floats. By L. Meyer. 

From Association Technique Maritime et Aeronautique, 

May 1933. 

720. Recent Results of Turbulence Research. By L. Prandtl. 

From Zeitschrift des Vereines Deutscher Ingenieure, 

February 4, 1933. 

721. Results of Extended Tests of the Focke-Wulf F 19a 

“Ente”, a Tail-First Airplane. By Walter Hiibner. 

From Zeitschrift fur Flugtechnik und Motorluftschif- 

fahrt, April 28 and May 13, 1933. 

722. Guide Vanes for Deflecting Fluid Currents with Small 

Loss of Energv. Bv G. Krober. From Ingenieur- 

Archiv, 1932. 

723. An Airfoil Spanning an Open Jet. By J. Stuper. From 

Ingenieur-Archiv, 1932. 

LIST OF AIRCRAFT CIRCULARS ISSUED DURING THE 
PAST YEAR 

No. 

172. The Messerschmidt M. 29 Touring Airplane (German). 

A Two-Seat Cantilever Monoplane. From information 

furnished by the manufacturers, and from Zeitschrift fur 

Flugtechnik und Motorluflschififahrt, October 14, 1932. 

173. Nieuport-Delage 590 Military Airplane (French). A 

Two-Place High-Wing Cantilever Monoplane. From 

Revue de la Societe Generate Aeronautique, October 

1932. 

174. The D.H. “Dragon Moth” Commercial Airplane (British). 

A Twin-Engine Six-Passenger Biplane. From The 

Aeroplane, December 21, 1932; and Flight, December 22, 

1932. 

175. Heinkel He 64 c Sport Airplane (German). A Two-Scat 

Low-Wing Cantilever Monoplane. From data fur¬ 

nished by the manufacturers. 

176. The Caudron P.V. 200 Touring Airplane (French). An 

All-Metal Amphibian Monoplane. From L’Aeronau- 

tique, December 1932, January 1933; and from infor¬ 

mation furnished by the manufacturers. 

177. The Boulton and Paul P. 64 Mail-Carrier. A Two- 

Engine All-Metal Biplane. From The Aeroplane, 

April 5, 1933. 

178. The Airspeed “Courier” Commercial Airplane (British). 

A Low-Wing Cantilever Monoplane. From The Aero¬ 

plane, March 22, 1933. 

179. The Westland “Wallace” General-Purpose Airplane 

(British). An All-Metal Biplane. From Flight, May 

4, 1933. 

180. The Dewoitine D. 500 Pursuit Airplane (French). An 

All-Metal Cantilever Low-Wing Monoplane. From 

data furnished by the manufacturers. 

181. The Shackleton-Murray SM-1 Light Airplane. A Two 

Place High-Wing Monoplane. From The Aeroplane, 

May 17, 1933. 

182. The Hanriot-Biche 110 Cl Airplane (French). An All- 

Metal Low-Wing Pursuit Monoplane. By Rene 

Rabion. From Les Ailes, March 30, 1933; and L’Aero- 

nautique, May 1933. 

No. 

183. Heinkel He 70 Commercial Airplane (German), a 

Seven-Seat Cantilever Low-Wing Monoplane. From 

data furnished by the manufacturers; and Luftwaeht 

March 1933. 

FINANCIAL REPORT 

The general appropriation for the National Advisory 

Committee for Aeronautics for the fiscal year 1933, as 

carried in the Independent Offices Appropriation Act 

approved June 30, 1932, was $900,000. In accord¬ 

ance with provisions of the Economy Acts affecting 

personal services, furlough and compensation deduc¬ 

tions amounting to $72,586 were made during the 

fiscal year. The amount expended and obligated was 

$827,186, itemized as follows; 

Personal services_$600, 043. 86 

Supplies and materials_ 38, 309. 12 

Communication service_ 1, 877. 83 

Travel expenses_ 10, 256. 30 

Transportation of things_ 1, 545.12 

Furnishing of electricity_ 29, 565.20 

Rent of office (Paris)_ 960.00 

Repairs and alterations_ 17, 872. OS 

Special investigations and reports_ 45, 200.00 

Equipment_ 81,556.65 

Expenditures_ 827,186.25 

Unobligated balance___ 227.70 

Furlough and compensation deductions_ 72, 586. 05 

Total, general appropriation_ 900, 000.00 

The appropriation for printing and binding for 1933 

was $15,000, of which $14,983 was expended. 

The sum of $6,780.82 was collected by this Com¬ 

mittee during the fiscal year 1933, for scientific services 

furnished private parties, and this amount was depos¬ 

ited in the Treasury to the credit of Miscellaneous 

Keceipts. 

The appropriations for the current fiscal year 1934 

are $676,000 for general expenses and $19,000 for 

printing and binding. 

On August 23, 1933, a severe storm inundated 

Langley Field and 9 of the 11 Committee laboratories 

were flooded with salt water, reaching a maximum 

depth of 5 feet in the full-scale wind tunnel. Damage 

also resulted to the walls of several structures from 

the battering effect of waves and debris from Chesa¬ 

peake Bay, backed by winds of hurricane intensity. 

The Committee had previously obtained an allot¬ 

ment of $200,000 from the Public Works Administra¬ 

tion for needed items of construction and repair. 

Immediately after the storm the Public Works Ad¬ 

ministration authorized the expenditure of as much 

of the $200,000 as might be necessary to repair the 

storm damage. This prompt action made it possible 

to minimize the direct and consequential damages. 

The cost of such emergency repairs was $47,944, and 
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an additional allotment of this amount was subse¬ 

quently made by the Public Works Administration 

for this purpose. 
CONCLUSION 

The Committee is grateful to the President and to 

the Congress for the liberal support that has been 

given to its work. It is proud of the contributions it 

has made to the progress of American aeronautics. 

It is glad to have the opportunity thus to make fur¬ 

ther contributions to the progress of civilization, for 

the history^of the human race shows that man’s 

progress has kept pace with improvements in trans¬ 

portation. Each improvement in the performance, 

efficiency, and safety of aircraft increases the relative 

importance of aviation to the national defense, and 

hastens the advent of the era when air travel will 

grow with increased safety and flourish on a sound 

economic basis. 

Respectfully submitted. 

National Advisory Committee 

for Aeronautics, 

Joseph S. Ames, Chairman. 





REPORT No. 441 

A FLIGHT INVESTIGATION OF THE SPINNING OF THE NY-1 AIRPLANE WITH 
VARIED MASS DISTRIBUTION AND OTHER MODIFICATIONS, AND AN ANALYSIS 
BASED ON WIND-TUNNEL TESTS 

By Nathan F. Scudder 

SUMMARY 

This report presents the results of an investigation oj 

the spinning characteristics of the NY-1 naval training 

biplane. The results of flight tests and an analysis based 

on wind-tunnel test data are given and compared. The 

primary purpose of the investigation was the determina¬ 

tion in flight of the effect of changes in mass distribution 

along the longitudinal axis, without change of mass 

quantity or centroid. Other effects were also investigated, 

such as those due to wing loading, center-of-gravity posi¬ 

tion, dihedral of wings, control setting, and the removal 

of a large portion of the fabric from the fin and rudder. 

The wind-tunnel test results used in the numerical anal¬ 

ysis were obtained in the 7 by 10 foot wind tunnel through 

an angle- if-attack range of 90°. 

The effect of varied mass distribution was to decrease 

the angle of attack and the linear and angular velocities, 

as ballast was moved from the center of gravity to the 

nose and tail of the airplane, without shift of centroid. 

Moderate changes in wing loading and dihedral of the 

wings and comparatively large changes in center-of - 

gravity position have small effects on the spin under the 

conditions of the tests. Different settings of ailerons and 

elevator altered the nature of the spin but did not bring 

about recovery, which was effected only by the rudder. 

The tests showed that f ull-down deflection of the elevator 

alone increased the rate of rotation, indicating that 

recoveries could best be made by using the rudder before 

moving the elevator down. Removal of a large portion 

of the fin and rudder covering (above the stabilizer and 

elevator) had no appreciable effect on the spin. A reason¬ 

able agreement was obtained between flight results and a 

numerical analysis, although the method of the analysis 

neglected many of the minor factors that us ally are 

thought to influence the spin. 

INTRODUCTION 

The control of the spinning of airplanes is one of the 

important unsolved problems of the general subject of 

safety in flying. It has beeu the subject of many 

researches in recent years, some of which are listed in 

the bibliography appended to this report. In these 

investigations the problem has been attacked from 

several theoretical and experimental aspects. On the 

theoretical side, analyses of the conditions for equi¬ 

librium in the steady spin, stability in the spin, the 

effect of control forces, and the effect of several impor¬ 

tant airplane characteristics have been made. The 

experimental investigations include flight tests with 

airplanes, tests with free-flying models, and tests in 

wind tunnels of models of airplanes or airplane parts. 

During the course of the present investigation, results 

have appeared in the literature on spinning that 

effectively illuminate some of the important features 

of spinning; however, the problem will require much 

more quantitative and extensive data before a satis¬ 

factory solution can be evolved. 

The National Advisory Committee for Aeronautics 

has been engaged for some time in a comprehensive 

investigation of spinning. One phase of the investi¬ 

gation has been a quantitative determination of the 

motion of airplanes during spins both in their normal 

conditions and after various significant changes in the 

properties of the airplane have been made. The first 

step in this work was the development of a satisfac¬ 

torily accurate method of making measurements, 

which was reported in reference 1. The present report 

deals with the application of this method to a study 

of the spinning characteristics of the NY-1 airplane, 

the first to be studied extensively. The principal 

effect studied was that of changes in mass distribu¬ 

tion along the longitudinal axis, but the effects of some 

minor aerodynamic changes were determined also. 

In order to furnish a logical basis for studying the 

intricately related flight results, an analysis of the spin 

based on wind-tunnel measurements on a model was 

made. The wind-tunnel data employed were obtained 

with a stationary balance, and some of the moments 

were computed by the strip method. The method of 

analvsis was the same as that followed in reference 2. 

37 
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FLIGHT TESTS 
APPARATUS AND METHOD 

The airplane used in the investigation was that of 

reference 1-—an NY-1 naval training biplane powered 

was mounted at the center of gravity (actually slighth 

below it for reasons of convenience). The other two 

containers were mounted under the engine supports 

and in the tail of the fuselage, respectively. (Fig. 1, 

a, &%" 
b, 2t%" 
c, 18%' 

I2'3/, ~ 

Area wings 
" ailerons 
" stabilizer 
" elevator 

fin 
rudder 

291.0 sq. ft. 

31.4 " - 
17.3 • ■ • 

17.6 ■■ - 
6.6 * - 

13.0 ■■ 

Moment of inertia of 
propeller 4. 7 slug-feet2 

Airfoil U. 5. A. 27 

OL) 
•C 3 
urt; 

1-5 

dl I? 
O' P 
E b 

S'7%"- 

Figure 1.—Line drawing of the NY-1 airplane and arrangement of ballast containers and ballast-release gear 

The maximum capacity of the main container was 436 

pounds of lead shot. The combined capacity of the 

other two containers was made ecpial to that of the 

container at the center of gravity and the capacities 

with a Wright J-5 engine. A line drawing giving its 

principal dimensions is shown in Figure 1. 

Three ballast containers were required for the tests 

with varied mass distribution. The main container 
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of the individual containers were inversely proportional 
to their distances from the center of gravity. This 
arrangement made it possible to transfer ballast from 
the center of gravity to the nose and tail without 
altering the center-of-gravity position of the ballast. 
Latches and doors operated by a lever in the cockpit 
were provided on the front and rear containers so 
that their contents might be emptied quickly in a spin 
should an emergency requiring it arise. Such a neces¬ 
sity never occurred during the tests. Mass carried in 
these containers was used in determining the effect 
of different mass distributions with no change of 
center of gravity and for determining that of changes of 
center of gravity wTith changes of mass distribution. 

The initial moments of inertia of the airplane with 
its test equipment installed wTere obtained by means of 
swinging tests. The virtual mass of the airplane under 
the conditions of the swinging tests was used in deter¬ 
mining the moments of inertia, but no effort was made 
to compute the moments of inertia for the virtual mass 
corresponding to the air density and flow conditions 
of the spin, since the values thus computed would differ 
from the measured values by entirely negligible 
amounts. 

Modifications were made to the airplane for the pur¬ 
pose of investigating the effect of changing the dihedral 
of the wings and the area of the empennage parts. 
The normal wing dihedi'al angles of 2.25° for the upper 
wing and 3.00° for the lower wing were changed to 0° 
for the upper and 1.25° for the lower, and to 4.17° for 
the upper and 4.60° for the lower wing. These modi¬ 
fications were accomplished by varying the lengths of 
the landing and the Hying wires with no changes in the 
length of the struts. The resultant effect of these 
changes in the shape of the wing cellule can be readily 
appreciated by reference to Figure 1, in which the 
normal rigging is shown. The modifications to the 
empennage were accomplished by the removal of fabric 
covering to the extent shown in Figure 2. All of the 
fin covering and portions of the rudder and elevator 
covering were removed. The purpose of this modi¬ 
fication to the empennage was to find to what degree 
the spinning characteristics of this airplane could be 
attributed to its unusually large tail surfaces. 

Tests of the effect of control setting were made by 
recording steady spins with the ailerons fully deflected 
in each direction, in contrast to the neutral setting for 
all other tests, and with the elevator hard down instead 
of hard up. In making these tests, entry was effected 
in the usual manner, and after the spin had been 
started the control element was eased into the position 
for which the test was to be made. When steady 
motion had developed, the records were taken in the 
usual manner. 

The instrument installation was essentially the same 
as that described in reference 1, consisting principally 
of three electrically driven gyroscopic angular-velocity 

I recorders, a 3-component accelerometer, and a sensi- 
| tive altimeter. The quantities necessary for a com¬ 

plete determination of the motion of the airplane were 
I measured with these instruments. For most of these 

tests the accelerometer was housed in an insulated box 
(all tests numbered higher than 40) that was held at 
constant temperature by a thermostatically controlled 
electric heater. Control of the operating tempera¬ 
ture of this instrument eliminated temperature-effect 
errors and obviated the necessity for frequent changes 
of damping oil with changes of air temperature. 

The accelerometer was placed as close to the center 
of gravity as possible, which was within a distance of 
0.25 foot. Corrections to the accelerometer readings 
wrere not at first considered necessary, but after the 
flight tests had been completed it was thought advisable 
to make the correction to obtain forces acting at the 
center of gravity, especially because some of the tests 

Figure 2.—Tail of the NY-1 airplane with fabric removed 

involved changes in the center-of-gravity position. 
In order to make the correction, the coordinates of the 
accelerometer elements were needed, and in the ab¬ 
sence of complete data the distances were estimated 
from partial data. 

The method of making the flight tests and comput¬ 
ing the results was the same as that described in refer¬ 
ence 1 with the exception of the computation of the 
accelerometer-position correction just mentioned and 
that the virtual mass was used in computing the mo¬ 
ments of inertia given in this report while it was not 
considered in the computations of reference 1. 

RESULTS 

Before presenting the results of the tests reported 
herein, a list of the symbols appearing in the text or 
tables which are not sufficiently defined on the covers 
of the report is given with definitions. A more ex¬ 
tensive table of symbols and definitions may be found 
in the appendix of reference 1. 

X", Y", Z", forces along ground axes. 



40 REPORT NATIONAL ADVISORY COMMITTEE FOR AERONAUTICS 

p, q, r, components of angular velocity about air¬ 

plane axes (based on the thrust line). 

a, angle of attack referred to airplane X axis. 

/3, angle of sideslip (positive for outward sideslip). 

AM, moment about airplane Y axis acting on 

propeller. 

AX', moment about airplane Z axis acting on 

propeller. 

A — ?£y’ spin coefficient (12, resultant angular 

velocity). 

Cx, tangential-force coefficient (airplane axes). 

Cz, normal-force coefficient (airplane axes). 

All the records were made at a mean standard alti¬ 

tude of 3,000 feet, hence the value of p used in com¬ 

puting the moment coefficients was 0.002176 slug per 

cubic foot. This value was used for all the other com¬ 

putations made in the investigation. 

The data are presented completely in numerical 

form in Tables I, II, and III. Table I gives the 

results measured with instruments, Table II gives the 

condition of the airplane at the time of the spin, and 

Table III gives the results computed from records 

and the constants applying to the airplane. 

Table II shows that for some flights ballast was 

placed in the rear ballast holder for the purpose of 

moving the center of gravity of the airplane rearward. 

This condition does not correspond to the ordinary 

condition for an airplane with its center of gravity 

farther aft than normal, because the stabilizer was not 

adjustable and changes in rigging were not made to 

balance the airplane “hands off.” The external shape 

of the airplane was thus unaltered and the changes in 

the spin were the result of changes in center-of-grav- 

ity position and mass distribution only. 

Pitching moments about the initial center-of-grav- 

ity position were used in computing all pitching-mo¬ 

ment coefficients. This required adding the moment 

of the ballast (taking effect of accelerations into ac¬ 

count) to the other moments (gyroscopic moment of 

the airplane and of the propeller) for the cases in 

which “tail-heavy” conditions of loading were used. 

The center-of-gravity position is given as percentage 

mean chord in Table II. This mean chord was taken 

as the chord in the plane of symmetry midway between 

the upper and lower wing roots, with leading and trail¬ 

ing ends on lines joining the corresponding edges of the 

upper and lower wings, and having an incidence mid¬ 

way between that of the upper and lower wings. 

PRECISION 

The precision of the instrumental measurements was 

equivalent to that stated in reference 1 with the excep¬ 

tion of the vertical-velocity measurements, in which 

the error may have been as much as 5 percent instead 

of 3 percent, the previously stated limit of error. This 

larger limit of error was indicated by the spread of 

measured vertical-velocity values and an occasional 

evidence of sticking in the altimeter movement. Flue 

tuations of pressure in the cockpit may have been 

contributory source of error. 

Corrections for the distance of the acceleromete 

elements from the center of gravity were made & 

mentioned previously, using values for the coordinate 

of the elements estimated from partial data. Tk 

maximum error in these values was not in excess o; 

0.15 foot, and the resulting error in acceleration corree 

tions was negligible. 

The timer was tested on a turntable under condi 

tions comparable to those of the spin and its operatioi 

and accuracy were found to be unaffected by rotatioi 

and acceleration. 

A check on the accuracy of the angular-velocitj 

recorders in most of the spins was obtained by timint 

10 or 15 turns of the spin from the ground. The aver 

age angular velocity thus obtained agreed in genera 

within 3 percent of the average angular velocitj 

recorded by the instruments. This agreement is prob¬ 

ably as close as the limits of accuracy of the timing. 

The values in column 4 of Table III are indicate 

of the precision of the angular-velocity and accelera¬ 

tion records taken as a whole. These values (vertica 

force at the c. g.) should be 1 g in a steady spin, and 

it may be seen that the results deviate only slightlj 

except in a few cases, notably for tests 51 and 52 

The deviation in these latter tests was caused by lacl 

of damping oil in the dashpot of the longitudinal ele¬ 

ment of the accelerometer, but since the maximum 

error of 0.1 g noted in the value of the longitudina 

force causes only a small error in most of the result 

computed from the records, they were not discarded. 

Moments of inertia of the airplane were not it 

error more than 1 percent, as stated in reference 3 

This estimation of the precision is further supported 

by more recent tests to be reported soon. The deter¬ 

minations of weights of the airplane at the time of tht 

spin were likewise not in error more than 1 percent. 

The limits of error of the fundamental measurement- 

may be summarized as follows: Angular velocity, 3 

per cent for each component; acceleration, 0.05 § 
except in a few extreme cases which fell within 0.. 

g; interval of altitude, 5 percent; time, 2 percent 

weight, 1 percent; moments of inertia, 1 percent. 

DISCUSSION OF RESULTS 

The tests were planned to show the effect of change: 

of single factors of the airplane properties on the spin 

as far as this was physically possible without majot 

modifications to the airplane. For instance, it was 

not practicable to move the center of gravity aft other 

than by placing ballast at the tail, and this was 

accompanied by a large change in the moments oi 

inertia. The results are further complicated by h> 

cidental factors, such as asymmetry of rigging or shape 

of the airplane. These tests and experience with other 

airplanes indicated that right and left spins were no! 
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comparable, even with the motor idling slowly or 

stopped. Tests such as those reported herein should 

therefore be made in one direction of spin only or in 

parallel series of tests in each direction of spin. In 

general, the former course was followed in these tests. 

One should bear in mind, therefore, that conclusions 

drawn from the results later discussed might have 

been slightly different if the spins had been made in 

both directions for each condition tested. 

Angle of attack.—This airplane spins at moderately 

high angles of attack. Throughout the tests the angle 

of attack varied through a range of 10° (46°-56°) for 

the left spins. The range of angles of attack for the 

right spins was about 12° (39°-51°). In comparison, 

values have been observed with other airplanes that 

have shown the value of angle of attack to range from 

30° to 70° in extreme cases. 

Angle of sideslip.—The angle of sideslip for the 

normal left spins was zero or very small. For the 

normal right spins this angle was positive (outward) 

and of moderate magnitude (5° to 8°). Considering 

this in relation to the angle of attack, it is noted that 

relatively small angles of attack, as for the right 

spins, are associated with positive sideslip (outward), 

whereas the larger angles of attack of the left spins 

were associated with zero (or very small) angles of 

sideslip. 

Effect of wing loading.—The only important changes 

in spin characteristics brought about by a change 

from 8.2 to 10.0 pounds per square foot wing loading 

were increases in linear velocity and angular velocity. 

The pertinent tests are tabulated for comparison in 

Table IV. 
TABLE IV 

Group Test Nos. 

W 
s V £2 

Lb/ft. 2 Increase Ft./sec. Increase Rad./sec. Increase 

A. 16,17,18 
29,30,31 

8.2 
Per cent 

80. 4 
Per cent 

2. 46 
Per cent 

B_ 10.0 22.0 91.4 13.5 2. 76 12.2 
C_ 45, 46 10. 0 22.0 83.6 4.0 2. 65 7.7 

Test groups A and B, when compared, show that the 

velocity along the flight path and the angular velocities 

both vary roughly as the square root of the wing load¬ 

ing. Reference to the simplified equations of motion 

given in the latter part of this report and consideration 

of the changes in angle of attack (see Table III) show 

that these results compare satisfactorily with the 

theory. The lack of agreement between the groups of 

tests B and C (Table IV) may be partly due to error 

in measurement of vertical velocity, but it is undoubt¬ 

edly due in considerable measure to the difference in 

the spins, as shown by the fact that the angle of attack 

for the tests of group B was 50.6° and for group C it 

was 51.4°. The reason for this difference in spins is 

not known, other than that these groups of tests were 

separated in time by several months and some unno- 
40768—34——4 

ticed changes in the airplane, such as changes in the con¬ 

dition of the fabric, may have occurred. Tests 45 and 

46, therefore, should be omitted in the discussion of the 

effect of wing loading. 

Effect of mass distribution.—Change in mass dis¬ 

tribution produced by moving ballast from the center 

of gravity to the nose and tail caused a decrease in 

rate of rotation, decrease in angle of attack, negligible 

change in sideslip angle, and a decrease in glide-path 

angle. These effects are to be seen by comparing tests 

29, 30, 31 with tests 19, 20, 21. The averages of the 

values mentioned above for the two groups of tests are 

tabulated in Table V with the values of the spin radii. 

(Table II gives ballast and moments of inertia for 

these tests.) 
TABLE V 

Test Nos. Ballast position R a /3 7 Radius 

29, 30, 31 At c. g_ 
Rad./sec. 

2. 76 

o 

50.6 

O 

-2.0 

o 

-83.2 
Feet 

3.5 
19, 20, 21 At nose and tail. 2.21 47.0 .4 -81.5 6.3 

The effect of this mass distribution change on the 

ease of recovery was practically negligible. There 

were indications, however, that if any difference 

existed it was a tendency toward easier recovery for the 

spins with ballast at the nose and tail than for the spins 

with all ballast at the center of gravity, the same 

method of manipulating the controls being used in both 

cases. 

Effect of moving the center of gravity aft.—The 

effect of a rearward position of the center of gravity 

with respect to its normal position can not be seen 

directly from these tests, because, on account of the 

limited ballast-carrying capacity of the airplane, 

appreciable displacement of the center of gravity 

could be accomplished only by putting ballast in the 

tail, and such procedure changes the moments of 

inertia more extensively than it changes the center-of- 

gravity position. The test results therefore show 

directly the effect of putting ballast in the rear end of 

the fuselage and indirectly the effect of the rearward 

position of the center of gravity. For the purpose of 

comparing results, the characteristics for the pertinent 

groups of tests are tabulated in Table VI. (Table II 

gives ballast and moments of inertia.) 

TABLE VI 

Group Test Nos. 
Ballast 
position 

c. g., 
per 
cent 
mean 
chord 

r a 0 y Radius 

A 29, 30, 31 c. g- 25.8 
Rad./sec. 

2. 76 

o 

50.6 

O 

-2.0 

O 

-83.2 
Feet 

3.5 
B 19, 20, 21 Nose and 25.8 2.21 46.9 .4 -81.5 6.3 

C 32, 33, 34 
tail. 

Tail and c. g. 34.5 2. 18 49.6 .9 -80.8 6.2 
D 35, 36, 37 Tail and c. g. 40.0 1.74 48.0 1.1 -79.4 10.0 

As may be seen from Table II, groups B and C 

represent about equal increases of moments of inertia 
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(group B having slightly greater values than C) and, ! 

in regard to moments of inertia, are comparable. The 

moments of inertia for group D are much greater than 

for those of any of the other tests. 

The effect of placing a large amount of ballast in the 

tail of the airplane as shown by a comparison of these 

data was a large decrease in rate of rotation, slight 

decrease in angle of attack, slight change in sideslip 

(in outward sense), and a large increase of radius of 

spin. The ease of recovery with ballast in the tail was 

the same as in the normal condition. Similar results 

have been observed in other airplanes, but the same 

results probably would not be found with all airplanes. 

Pilots should not conclude from these results that it is 

safe to place ballast or luggage in the rear part of the 

fuselage, unless tests have been made to prove the ' 

point. 

Conclusions concerning the effect of the center-of- 

gravity position alone without any mass-distribution 

effect can not be drawn from the flight results with any 

certainty. It is evident from the flight results that 

with this airplane the rearward position of the center 

of gravity had very little effect; however, the exact 

nature of whatever effect there may have been can not 

be determined. Reference to the analysis given in the 

Analysis of Model Test Data shows that little effect 

would have resulted from the rearward displacement of 

the center of gravity, and that there might have been 

a slight decrease in angle of attack and rate of rotation. 

Effect of dihedral of wings.-—The effect of dihedral 

of the wings may be seen from Table VII. (Table II 

gives amounts of ballast and moments of inertia.) 

TABLE VII 

Dihedral 

Test No. 
Lower Upper 

Q a 0 y Radius 

wing wing 

57, -58.60, 
61, 62._ 

0 

1.25 

O 

0 

liad./sec. 
2.42 

0 

54.3 

O 

1. 1 

0 

-82.8 
Feet 

4. 1 lc. g. at 25.8 per 
1 cent mean 
[ chord, no 
J ballast. 

16, 17, 18. 3 2.25 2. 46 48. 5 1.0 -82. 1 4. 6 
70,71,72. 4.6 4. 17 2. 56 50.7 0 -82. 9 4.0 

63,64, 65. 1.25 0 1.71 55.6 3.3 -80. 1 8.6 
]<?. g. at 40 per 
1 cent mean 
[ chord and 
J full ballast. 

35,36, 37. 3 2. 25 1.74 48.0 1.1 -79.4 10.0 
66, 68, 69. 4.6 4. 17 1.89 51.2 1.8 -80. 3 8. 1 

The effect df dihedral is evidently very small, but 

these results indicate that an increase of wing dihedral 

causes a slight increase in angular velocity. The re¬ 

covery from spins was not noticeably affected by the 

changes of dihedral employed in the tests. 

Effect of decreased area of empennage elements.— 

Tests 76, 77, 78 were made with fabric stripped from 

elements of the empennage as described above, and 

they will be compared with tests 16, 17, 18 in Table 

VIII. The ballast conditions in these two groups of 

tests were not identical, as may be seen in Table II, 

but differed only by the •weight and moment of inertia 

of the ballast containers, which were in place in the 

airplane for the tests with the empennage altered bu 

not for the tests 16, 17, 18 in which the empennag 

was in its normal condition. Aside from this snia. 

difference of ballast, the conditions of the tests involve 

no changes other than the change in empennage area. 

There was no appreciable difference in the ease 1 

recovery for these two groups of tests. 

TABLE VIII 

Test Nos. 
Condition of empen¬ 

nage 
SI a 0 y 

16,17,18.. 
76,77, 78.. 

Normal_ -_ 
Rad./sec. 

2. 46 
2. 50 

0 

48.5 
49.4 

O 

1.0 
-.6 

0 

-82. 1 
-82.2 Part of fabric re¬ 

moved. 

The values in Table VIII show that the spins wit 

the fabric removed were practically the same as thos 

with the airplane in its normal condition. This resa 

leads to the conclusion that the air forces on the ares 

from which the fabric was removed were normal 

small during the spin and, since the ease of recovery m 

not affected, the conclusion must apply also to tl 

forces acting on these areas during recovery. Cot 

sidering the forces that produced recovery (an 

recovery was effected mainly by means of the ruddt 

with this airplane), the facts that very little fabric wt 

removed from the rudder below the elevator, and thi 

the ease of recovery was about the same for bo! 

groups of tests show' that the important part of tl 

rudder must have been the portion belowr the elevatt 

w'here the air flow w'as unobstructed. A further coi 

elusion that may be drawn is that since the acta 

area of the rudder which w as effective was small, tl 

yawing moment required to effect recovery, or; 

least the initial stages of the recovery must have bet 

small. 

Effect of control setting.—The effect of contr 

setting may be seen in Table IX which shows resul 

for right spins. 
TABLE IX 

Test 
Nos. 

Control variation from 
normal > 

Q a 0 T Radis 

Rad./sec. 0 O O Fed 
6, 7, 8.. 
9. 

N one.... 2. 48 42.4 8.0 -80.9 5.! 
Ailerons with spin... 
Ailerons against 

2.91 47. 7 —8. 7 -82.8 3.1 

12_ 2. 56 51.5 14.7 -82.6 4.. 
spin. 

tl 13_ Elevator down.. 3. 17 40.3 16.2 -82.0 

1 The controls were deflected in the manner stated in the table to the extrc 
lirnit of their ranges. 

In general, it is noted that aileron deflection caust 

a pronounced change in the nature of the spin, esp 

cially with respect to the angle of sideslip. The 

changes in the sideslip angle of the spin are undoul) 

edly related to the effect of aileron deflection on rollii 

moment due to rolling, but since many other facto 

are involved in the change of aerodynamic property 
caused by aileron deflection, more complete data ft 
be needed before the results may be completely undo 
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stood. Several characteristics other than sideslip angle 

were affected by aileron deflection, especially angle of 

attack and rate of rotation, which were both increased 

by aileron deflection in either sense. 

The airplane had no tendency to recover as a result 

of aileron deflection, but undoubtedly the aileron 

setting must influence recovery indirectly, because of 

the difference in the nature of the spins produced. 

No tests on this subject were made. 

The effect of aileron deflection on the spins of several 

other airplanes was noted during the course of the 

investigation and considerable difference in results was 

observed for the different airplanes. Because both the 

rolling moments and the yawing moments introduced 

by aileron deflection influence the spin, as will be seen 

in the analysis given later in this report, it is evident 

that the many variations of proportions and arrange¬ 

ments of ailerons occurring on different airplanes 

(especially on biplanes) would result in a wide varia¬ 

tion of behavior. 

Test results and experience indicate that conven¬ 

tional ailerons offer little promise for effective control 

of the spin; however, as in most cases some effect may 

be obtained, there is no reason why pilots should not 

avail themselves of this aid after experimenting with 

their particular airplanes to find the best conditions for 

recovery. 

Downward deflection of the elevator produced an 

increase in angular velocity as shown in Table IX 

(right spins) and also in Table X giving results for left 

spins. For the right spins, downward deflection of the 

elevator produced a large increase in outward sideslip. 

In other respects the effect of downward elevator 

deflection is the same as for the left spin with normal 

center-of-gravity position discussed in the following 

paragraphs. 

The effect of deflecting the elevator downward for 

left spins is shown by the results given in Table X 

for two mass-distribution and center-of-gravity con¬ 

ditions. The ballast used and moments of inertia are 

given in Table II. 
TABLE X 

Test Nos. 

c. g., 
per cent 
mean 
chord 

Elevator setting a oc 0 7 Radius 

29, 30, 31 25.8 Up- 
Rad./sec. 

2. 76 

o 

50. 5 

O 

-2.0 

O 

-83.2 
Feet 

3.5 
53. 54, 56 25.8 Down. . 3. 42 47. 7 5.0 -82.9 2.8 
35, 36, 37 40.0 Up- 1.74 48.0 1. 1 -79.4 10.0 
49, 51, 52 40. 0 Down __ 2. 48 49.5 1.2 -81.7 5.3 

The most evident effect of putting the elevator down 

in all the tests made in the investigation was an in¬ 

crease in angular velocity, and this was accompanied 

by a small decrease in angle of attack; in fact, with 

the center of gravity in a rearward position the angle 

of attack increased when the elevator was put down. 

This result led to the expectation that possibly a more I 

rapid recovery from the spin could be effected by 

holding the elevator up during the first part of the 

recovery and putting it down later instead of immedi¬ 

ately as is usually recommended. Accordingly, a few 

flight tests were made to compare the usual method of 

recovery with a method in which the elevator was held 

up at first until the rotation had been practically 

stopped by means of the rudder. The number of turns 

and altitude required for recovery were determined for 

both methods by simple observations, and no great 

difference in number of turns or altitude required was 

found. The AJY-1 airplane was not particularly well 

suited for these tests, however, because it would 

recover normally in 1 to 1% turns; an airplane requiring 

many turns for recovery would have shown the effect 

of this method of control manipulation much more 

clearly. 

ANALYSIS OF MODEL TEST DATA 

At present there are not sufficient data available to 

make an exact numerical analysis including all the 

factors affecting the spin; however, approximate 

methods utilizing wind-tunnel model tests have been 

devised which are very helpful, and which in some 

cases give results surprisingly consistent with flight 

measurements. A computation of the characteristics 

of the spin by one of these methods would be of especial 

interest when applied to an airplane for which accurate 

flight data were available, and therefore wind-tunnel 

measurements were made on a model of the airplane 

used in the above-described flight investigation to be 

used for a numerical analysis. 

Fuchs and Schmidt have reported (reference 2) a 

method of analyzing spins that is logical and as com¬ 

plete as practicable with the data available. Other 

somewhat similar methods have been reported, but 

their method is best suited to this study and was used 

almost without change, except that the conventional 

symbols and axes of the National Advisory Committee 

for Aeronautics were employed. 

MODEL TESTS 

A 1/12-scale model of the airplane was tested in the 

7 by 10 foot open-throat wind tunnel, which, with its 

balance and test procedure, is described in reference 4. 

Measurements of lift, drag, and pitching moment were 

made over a range of from 0° to 90° angle of attack 

(referred to X body axis) and all appropriate correc¬ 

tions, except tunnel-wall corrections, were made. The 

tunnel-wall correction is of no importance for these 

tests, since it is relatively small at very high angles of 

attack. Three positions of the elevator were tested for 

the complete model. For the tests of the wing cellule 

a center section was inserted in the lower wing wdiere 

the fuselage formerly had been. The wing cellule was 

then tested through the same angles as those for the 

complete model. All coefficients were computed on 
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the basis of the area of the wing cellule with the lower 

wing carried through. Moment coefficients were re¬ 

ferred to the center of gravity. The results of the 

model tests are presented as curves in Figure 3. The 

normal and tangential force curves were computed 

from the wing cellule alone and are given in Figure 4. 

CALCULATIONS 

The preliminary assumptions employed in the 

method outlined bv Fuchs and Schmidt were that 
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Figure 3.—Aerodynamic characteristics of a 1/12-scaie model of the NY-1 airplane 

and of the wing cellule alone 

lift, drag, and lateral force were not seriously affected 

by moderate degrees of sideslip; that lift, drag, and 

pitching moment were not affected seriously by small 

rates of rotation; and that rolling and yawing moments 

were affected by sideslip of 20° or less only in a 

manner that would correspond to some particular 

aileron setting with no sideslip. Some of these as¬ 

sumptions lead to negligible errors; others, as for 

example the assumption that lift, drag, and pitching 

moments are not affected by rotation, lead to small 

errors, but the necessity of assuming that rolling 

moment due to sideslip must be counterbalanced by 

a certain amount of aileron moment is indeed un¬ 

fortunate when a study of a particular spin is to be 

made. An assumption that sideslip had no effect on 

the rolling moments would be untenable for values 

of sideslip of 10° or 20°, as may be seen from the results 

of reference 5. 

When the method of Fuchs and Schmidt was applied 

to the left spins of the NY-1 airplane, it was improved 

in three particulars: (1) The airplane was known to 

spin with no sideslip (or a very small degree of side¬ 

slip) with the controls in the normal setting for ti 

spin, which eliminates errors from sideslip in the mu 

important spin to be studied; (2) the pitching momei 

due to pitching as determined by approximation v 

found to be about equal to the pitching momei 

exerted on the propeller measured in the flight tes 

for left spins, making it possible to simplify the equi 

tions by dropping the terms for both of these factor 

and (3) the moments of inertia of this airplane we: 

known from actual measurement. 

The yawing moment of the fuselage and empennas 

due to yawing is a factor of considerable important 

and one concerning which the information available 

meager. The importance of this factor is indicate 

by two results of the flight tests: First, the tests inc 

cated that all of the vertical surface of the empenna: 

above the stabilizer and elevator was practically ino; 

erative during the spin; and, second, it was found th 

the airplane would not remain in a spin if the rudd 

was neutralized while the elevator was still held hai 

up as for a spin. Since the effective area of the rudd 

was evidently small, the change in yawing momei 

that destroyed the spinning equilibrium was sma 

which points to the importance of even a small m 

ment. On the other hand, wind-tunnel tests made 

England and at this laboratory have shown that for 

rectangular-section fuselage the magnitude and sen 

of the yawing moments (due to yaw or yawing) 

6 to 20 30 40 50 60 70 80 1 
Angle of atfock, degrees 

Figure 4.—Normal-force and tangential-force curves for the 1/12-scale modi 
NY-1 wing cellule alone 

high angles of attack were so much dependent upo 

details of shape that a method of approximation v 

practically out of the question. Thus, in spite of tt 

importance of an exact knowledge of this factor, abo 

the only course lef^ open in the question was to a 

sume that the yawing moment of the fuselage an 

empennage due to yawing w*as zero. 

The rolling and yawing moments of the wing cellul 

due to rolling and yawing, computed by the stn 

method, are not exact when a finite number of strif 



A FLIGHT INVESTIGATION OF THE SPINNING OF THE NY-1 AIRPLANE 45 

are employed, but the accuracy of this type of compu¬ 

tation is certainly within the limits of the errors of the 

assumptions required for other parts of the analysis. 

These wing rolling and yawing moments were equated 

to the gyroscopic rolling and yawing moments acting 

on the airplane, since the rolling arid yawing moments 

of the other parts of the airplane were taken to be zero. 

The rolling moment of the fuselage and empennage 

may be seen to be negligible from a consideration of 

their shapes; the reason for assuming the yawing 

moment of the fuselage and empennage to be zero 

was discussed in the foregoing paragraph. 

The computation of the quantities necessary in the 

analysis of a spin is based on the following six equa¬ 

tions of motion, which are the simplified forms of the 

general equations given in reference 6 for the case of 
zero sideslip. 

Equilibrium of forces: 

Path axis: 

— W sin 7 — CDqS =0 (1) 

Lift axis: 

mVSl cos 7 sin 0+ VF cos y cos 0 — CLqS= 0 

(2) 
Axis ± to path and lift axes: 

m V Si cos 7 cos 0 T W cos y sin 0 = 0 (3) 

(SI is positive for right spins.) 

Equilibrium of moments, incorporating the above- 

mentioned simplifications : 

-(B-C)qr = L (4) 

- (C—A) rp = M (5) 

— (A —B) pq = N (6) 

The values of p, q, and r, the angular velocities about 

the airplane body axes (assumed to coincide with the 

principal axes, which in many cases is exactly true, 

and is very nearly true in all others) were determined 

in terms of the resultant angular velocity and attitude 

angles, as follows: 

p — — Si (cos 7 cos 0 sin a + sin y cos a), 

q — Si (cos 7 sin 0). 

r = f2 (cos 7 cos 0 cos a —sin y sin a). 

Solving (1) for V after substitution of % pV2 for q: 

"V' 

2 W sin 7 

~Cn P S~ 
(7) 

Taking p = 0.002176 slug per cubic foot (3,000 feet 

altitude), IV =2,910 pounds (full ballast total weight), 

$ = 291 square feet (area with wing extended through 

fuselage): 

■ '• ^V'rP 
Solving (2) and (3) for Si: 

o = /CL2 S2 p2V2 g2 
V 4 m2 cos2 7 V2 

(8) 

which, with the constants combined, becomes: 

Sl = gJ(lA8X10S) QQ?-* 
V COS2 7 V2 

(9) 

Solving (3) for 0: 

0 = tan-1 (10) 

Because analytic expressions could not be obtained 

for the variation of lift and drag as a function of a, the 

solution could only be obtained by a semigraphieal 

method. Therefore, choosing the values of 7= —80° 

and 7 =—86°, velocities along the flight path were 

; computed for the whole range of angle of attack and 

plotted in Figure 5. Then values of ii were computed 

and plotted in Figure 6 for 7=—80°, —82°, —85°, 

— 86°, and finally values of angle of bank 0 were com¬ 

puted and plotted in Figure 7. These quantities made 

it possible to compute values of p, q, and r in terms of 

« with 7 as a parameter. (Figs. 8 to 10.) 

With the values of p, q, and r computed it was pos¬ 

sible to evaluate the expressions: 

b 
V~F 

c‘»-vhhZ(Cz(a+Aa’ v+ AF) (vs^2)) ^ 
V -b 

and 

n —_ T7: 

b 
V = sr 

vmZf0* (“+A“’V+AV) (y^))cyA,J 
-b 

y=T 

in which AV—ry and Ac* = tan 1 pand Cz andCx 

are taken from the curves (fig. 4) of normal and tan¬ 

gential force coefficients of the wing cellule alone. As 

mentioned previously, the rolling and yawing moments 

of the wing cellule are set equal to the total aerody¬ 

namic rolling and yawing moments: 

Ciu = Ct 

Cn=Cn 

The actual computation of these two moments was 

made by using four strips on either side of the plane 

: of symmetry. 

The computed values of p, q, and r and the moments 

of inertia determined by measurement were used to 

compute the gyroscopic moments. 

Figures 11 to 13 are curves of computed aerodynamic 

and gyroscopic moments about the three axes plotted 

in terms of angle of attack and for the several values of 

glide path. It is evident that in considering any one 

of these sets of three figures, equilibrium of moments 

might exist for any of the intersections of aerodynamic 

and gyroscopic moment curves corresponding to the 

same glide-path angle. However, it is necessary that 

equilibrium exist about all three moment axes simul¬ 

taneously for a steady state of motion (spinning), and 

consequently only those intersections which occur for 

the same glide-path angle and angle of attack on the 

three charts of moments corresponded to an actual 

steady spin. Curves of glide-path angle and angle of 
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0 10 20 30 40 50 60 70 80 
Angle of attack, degrees 

Figure 5.—Computed velocity along flight path, elevator up 33°, ballast at c g. 

I _L_ 
0 10 20 30 40 50 60 70 80 

Angle of attack, degrees 

Figure 7.—Computed angle of bank, elevator up 33°, ballast at c. g. 

Figure 10.—Computed yawing angular velocity, elevator up 33°, ballast at c. g. 

Figure 6.—Computed resultant angular velocity, elevator up 33°, ballast at; 

Figure 8.—Computed rolling angular velocity, elevator up 33°, ballast at ' 

Figure 9.—Computed pitching angular velocity, elevator up 33°, ballast at 
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Angle of attack, degrees 

Figure 11.—Computed aerodynamic and gyroscopic rolling-moment coeffici¬ 
ents, elevator up 33°, ballast at c. g. 

Figure 12.—Computed aerodynamic and gyroscopic pitching-moment coefficients’ 
elevator up 33°, ballast at c. g. 

Figure 13.—Computed aerodynamic and gyroscopic yawing-moment coefficients, 
elevator up 33°, ballast at c. g. 

O !0 20 30 40 50 60 70 80 
Angle of attack, degrees 

Figure 14.— Equilibrium of three moments, elevator up 33°, ballast at c. g. 

0 /O 20 30 40 50 60 70 80 
Angle of attack, degrees 

Figure 15.—Equilibrium of three moments, elevator down 25°, ballast at c. g. 
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attack, at which equilibrium of moments occurs for 

each of the three moments, are given in Figure 14. 

The curves of Figure 15 were obtained by a similar 

computation based on the model test with elevator 

down. Interesection of the three curves for rolling, 

pitching, and yawing moments at one point in these 

Figure 16.—Computed aerodynamic and gyroscopic rolling moments, elevator 
up 33°, ballast at nose and tail 

charts would represent the conditions for • a steady 

spin. 

Thus far in the computations, only one ballast 

condition has been used. Computation of equilib¬ 

rium conditions for other ballast conditions may be 

readily made employing most of the data already 

computed. It is obviously true in this computation 

Figure 18.—Computed aerodynamic and gyroscopic yawing moments, elevator 
up 33°, ballast at nose and tail 

that changes in ballast conditions do not change the 

aerodynamic quantities in any way so long as the 

weight remains constant. Therefore, the only com¬ 

putation necessary will be a determination of the 

gyroscopic moments, which is a relatively simple 

matter since the only new values will be those of 

moments of inertia. In cases in which the center of 

gravity was moved aft by placing unbalanced ballast 

in the tail of the airplane, the moment of the ballast 

under the existing conditions of linear acceleratio 

referred to the center-of-gravity position of the origin 

computations, should be included with the gyroscop 

moments. 

A computation of the equilibrium state was mac 

for one ballast condition other than that of the con 

Figure 17.—Computed aerodynamic and gyroscopic pitching moments, elevat 
up 33°, ballast at nose and tail 

putations already described. This was for the ca- 

that the ballast was placed in the nose and tail an 

therefore corresponded to the moments of inertia ft 

flight tests, 19, 20, and 21. The results are shown! 

Figures 16 to 19. 

Angle of attack, degrees 

Figur e 19.—Equilibrium of three moments, elevator up 33°, ballast at nose and tai 

DISCUSSION OF COMPUTED RESULTS 

A comparison of the flight results with the result 

of this numerical analysis discloses gratifying agree 

ment when there is no sideslip. For the condition o 

ballast at the center of gravity and elevator up (fig. 15 

the curves come very close to an intersection indicating 

equilibrium. The point plotted is the measured vah 
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of angle of attack and glide-path angle from the flight 

tests. The major discrepancy between this flight 

result and the computed results is a 2%° difference in 

glide-path angle. This difference, it is believed, is to 

be attributed to an interference effect in the wind- 

tunnel measurements. The model support employed 

for the tests was not particularly suitable for measure¬ 

ments at high angles of attack; force measurements 

(not published) on the same model in another tunnel 

indicate that the measurements presented herein are 

a few per cent too low. A study of the equations has 

shown that if the forces measured on the model were 

too small, all the computed curves would be shifted 

to unduly high values of glide-path angle, but that 

their form would not be seriously affected. 

A further study of the results (fig. 14) shows that the 

intersection of the yawing and pitching moment equilib¬ 

rium curves would occur at a slightly higher angle of 

attack if a small negative yawing moment were assumed 

in addition to that computed for the wings by the strip 

method. Such a moment could easily have arisen in the 

flight tests from the rudder, especially as the pilot re¬ 

ported that a moderate force on the rudder pedal was re¬ 

quired to hold the rudder hard over for the spin. Finally, 

whatever slight shifting of the rolling-moment equilib¬ 

rium curve may be required to cause it to pass through 

the intersection of the other two curves would corre¬ 

spond to differences in rolling moments smaller than 

the limits of error in the computation, or to the addi¬ 

tional rolling moment caused by a very small degree 

of sideslip. Thus it is seen that, although the con¬ 

ditions for equilibrium were not obtained exactly and 

the flight results did not correspond exactly with the 

computed values, the lack of agreement was small 

enough to be readily explained. 

The moment-equilibrium curves failed to intersect 

for the condition of elevator down, but the discrepancy 

is explained when it is noted that outward sideslip was 

recorded in the flight tests for both right and left spins. 

Since the computations did not take rolling moment 

due to sideslip into account, equilibrium of all mo¬ 

ments should not be obtained by the computation. 

It may be seen, however, in a qualitative way, by 

inspecting Figures 23 to 26, that rolling moment due 

to outward sideslip would shift the rolling moment 

equilibrium curve upward toward larger values of 

glide-path angle, which would reasonably be expected 

to result in a condition of complete equilibrium. Since 

outward sideslip was recorded in the flight tests, there 

was undoubtedly a positive yawing moment due to air 

forces acting on the vertical tail surfaces which was 

not taken into account. Such a moment would have 

shifted the yawing-moment equilibrium curve toward 

larger values of angle of attack, a correction that would 

make the computed results agree more closely with the 

flight results. 

Comparison of flight and computed results for 

changes of mass distribution (fig. 18) shows the same 

trend in the computed results as in the flight results, 

but equilibrium of the computed curves was not indi¬ 

cated. In order to obtain equilibrium corresponding 

to the flight results, negative yawing and negative 

rolling moments must be added to the computed mo¬ 

ments. Such moments could easily have resulted 

from some of the several factors not taken into ac¬ 

count in the analysis. In spite of this lack of indi¬ 

cated equilibrium, however, it is clear that the trend 

of the computed value is the same as for the values 

measured in flight. 

The equilibrium curves show only one intersection 

in the high angle-of-attaek range for a particular con¬ 

dition of the airplane, and this was confirmed by flight 

tests. The orientation of the three moment-equilibrium 

curves, however, suggests that equilibrium at low 

angles of attack (in the region of 20° to 30°) may be 

possible. Spinning experience with this airplane has 

not indicated definitely that a spin is or is not possible 

at such a low angle of attack, but during this investi¬ 

gation the only maneuver approximating the low 

angle-of-attack spin was a maneuver inadvertently 

obtained in a few instances, which the pilot described 

as a steep spiral. The control forces and air speed 

were reported to build up to very high magnitudes 

and the maneuver was always terminated before a 

steady state was reached. The pilot’s sensations were 

reported as ver}^ different from those in a spin. An 

extension of the numerical analysis to low values of 

a and 7 and further flight tests would yield interesting 

information on this subject. 

This method of analysis, or any equivalent method, 

may be considered perfectly general; its only limita¬ 

tions are the limitations of accuracy or knowledge of 

the data necessary for the computations. All the 

effects of the many complex details of aerodynamic 

shape, mass distribution, and other similar factors 

could be easily taken into account in this type of 

analysis, but at present data are not available for 

many of the factors that might be worth including. 

When it becomes possible to measure the resultant 

moments and forces on a model while executing a 

motion that simulates the full-scale spin, much of the 

uncertainty of the results will be removed. A special 

balance is now being perfected by the National 

Advisory Committee for Aeronautics for making 

these measurements. 

CONCLUSIONS 

The following conclusions were based on the results 

of these tests and computations. 

1. Moderate increases in wing loading produced 

only the expected slight increases in angular velocity 

and linear velocity. 

2. The change in mass distribution produced by 

moving ballast from the center of gravity to the nose 

and tail of the airplane without shift of centroid caused 

a decrease in rate of rotation, decrease in angle of 
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attack, negligible change in sideslip angle, and a 

decrease in glide-path angle. Recovery was perhaps 

slightly easier in this condition than with normal mass 

distribution. 

3. The effect on the steady spin of moving the 

center of gravity aft without changes in stabilizer 

setting was small. Ballast placed in the tail of the air¬ 

plane produced almost the same changes in the spin 

as ballast placed in the nose and tail with no change 

in center-of-gravity position. 

4. The effect of moderate changes in dihedral of the 

wing cellule was small. 

5. Removal of the covering from the fin and part of 

the rudder of this airplane did not materially affect 

the spin. 

6. Displacement of the ailerons during a steady 

spin caused large changes in sideslip angle and several 

other minor changes, but no tendency to recover. 

7. Full-down displacement of elevator caused an 

increase of angular velocity. With the center of 

gravity in its forward position, angle of attack was 

decreased and outward sideslip was produced, but 

with ballast in the tail the angle of attack increased 

and sideslip remained the same. 

8. A numerical analysis based on static wind- 

tunnel measurements and strip computations gave 

results that checked the results of flight measurements 

very closely considering the assumptions necessary. 

The charts constructed in the analysis aided materially 

in studying the various characteristics of the spin, but 

with the data available at present, an analysis such 

as this for an airplane of unknown spinning charac¬ 

teristics would not always lead to useful residts. 

Langley Memorial Aeronautical Laboratory, 

National Advisory Committee for Aeronautics, 

Langley Field, Va., June 18, 1982. 
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TABLE I. INSTRUMENT DATA 

Test No. 

Components of angular 
velocity, (rad./sec.) 

Components of accelera¬ 
tion (s) Vertical 

velocity, 
ft./sec. 

P Q r X 
VI 

Y 
m 

z 
m 

IRi_ 1.45 0.076 1. 78 -0.0236 -0.0375 1.37 86.1 
2R_ 1.70 . 126 1.67 -. 0329 -.0333 1.42 92.1 
3R___ 1.64 . 120 1.81 -.0260 -. 0351 1. 40 93.4 
5R_ 1.68 .060 1.76 -.0472 -.0379 1.39 83.3 
7 It_ 1.90 .041 1. 57 -.0222 -.0433 1.56 89.8 
8R__ 1.75 -.001 1.81 -.0076 -.0340 1.41 84.8 
9R__ 1.82 .787 2. 13 -.0010 .0565 1.38 80.1 
12R_ 1.60 -. 325 1.97 -.0083 -.0806 1.34 80.6 
13It__ 2. 40 -. 453 2.02 -.0277 -. 1158 1.64 89.9 
lfiL_ -1.58 .291 -1.86 -. 0202 . 0268 1.31 78.9 
17L.. -1.58 .291 -1.86 -.0100 .0251 1. 30 82.9 
18L.. -1.58 .286 -1.88 -.0100 . 0335 1.29 76.9 
19L_ -1.48 .258 -1.60 -.0867 -.0182 1.36 92.5 
20L.. -1.46 .378 -1.57 -.0468 -.0173 1.35 96.5 
21L.. -1. 45 .286 -1.72 -.0720 -.0061 1. 34 94.2 
221_ -1.44 .251 -1.70 -.0284 . 0049 1.27 85.6 
23 L_ -1.44 .300 -1.71 -.0376 .0043 1.28 83.2 
24 L_ -1.50 .455 -1.84 -.0464 -.0322 1.36 86.7 
25L__ -1.59 .413 -1.99 -.0408 -.0011 1.34 91.1 
271_ -1.01 .369 -1.87 -.0437 .0006 1.36 85.3 
28L_ -1.61 .410 -1.92 -.0366 -. 0234 1.31 87.4 
29 L - -.. -1.68 .437 -2.12 -.0202 -.0328 1.20 97.3 
301/-.. -1.71 . 350 -2.14 -.0189 -.0192 1.33 91.4 
311/___ -1.72 .370 -2. 12 -.0218 -.0286 1.36 85.8 
32L_ -1.37 .333 -1.71 -. 1157 -.0218 1. 26 80.4 
33L_ -1.34 .289 -1.66 -.110 -.0060 1.31 85.5 
34 L.. -1.34 .306 -1.61 -. 107 .0189 1. 33 88.7 
35L_ -1.11 .276 -1.33 -.0916 .0059 1.44 95.3 
30L_ -1. 14 .291 -1.31 -.0951 .0135 1.35 99.0 
37L_ -1.16 .290 -1.37 -.116 -.0334 1.37 95.3 
42 L_ -1. 40 .279 -1.72 -.0702 .0171 1.29 91.7 
43L_ -1.41 .323 -1.75 -.0783 -.0173 1.34 93.8 
44L... -1.38 .302 -1. 76 -.0796 -.0024 1.31 92.4 
451_ -1.63 . 295 -2. 10 -. 0377 .0051 1.28 85.1 
401/_ -1.58 .332 -2.08 -.0369 -.0039 1.29 82.2 
471_ -1.03 .255 -1.42 -. 123 -.0210 1.25 89.1 
48L_ -1.06 . 240 -1.40 -.129 -.0008 1.30 84.9 
49L__ -1.54 .317 -1.87 -.223 -. 0220 1.38 92.1 
51 L_ -1.55 .304 -1.88 -.215 -. 0394 1.31 91.3 
52L___ -1.65 .297 -1.90 -. 226 -.0693 1.31 93.2 
53L.. ... ... -2. 28 .057 -2.61 -. 104 -.0052 1.39 72.1 
54 L... -2. 25 .308 -2.56 -. 100 -.0023 1.40 76.5 
501,_ -2. 33 .023 -2.44 -. 106 .0028 1.43 82.1 
571_ -1.42 .266 -1.90 -.0164 -.0155 1.31 83.4 
58L_ -1.38 .258 -1.95 -.0122 -.0049 1.35 76.6 
001- -1.33 .249 -2. 06 -.0123 .0078 1.28 76.3 

OIL_ -1.37 .235 -1.98 -.0178 .0123 1.28 78.3 
02L_ -1.32 . 249 -2.02 -.0103 .0188 1.15 82.3 
031/_ -.92 . 166 -1.48 -. 123 .0083 1.24 85.0 
04L___ -.92 .207 -1.43 -. 130 .0006 1.25 84.0 
65L_ -.95 .209 -1.39 -. 112 .0029 1. 25 89.6 
60L__ -1. 16 .255 -1.50 -. 142 .0170 1.28 92.0 
681-_ -1. 13 .265 -1.51 -. 138 -.0055 1.24 85.4 
69L_ -1. 12 . 240 -1.42 -. 130 -.0121 1.29 95.6 

70L_ -1.56 .294 -1.99 -.0112 -.0065 1.31 80.2 

71L_ -1.58 .368 -2.01 -.0103 -.0177 1.30 85.3 

721,_ . -1.58 .271 -1.99 -.0159 .0070 1.30 87.9 
70L_ -1.56 . 283 -1.90 -. 0089 .0081 1. 27 82.1 
771,__ -1.56 .287 -1.89 -.0162 .0083 1.31 79.9 

78L.. -1.57 .500 -1.95 -.0091 —.0156 1.33 84.9 

1 Letter R is right-hand spin; letter L is left-hand spin. 
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Table II.—PROPERTIES OF AIRPLANE 

: 

Wt. dur- 
Ballast, pounds Momental ellipsoid constants c. g. posi¬ 

tion, per Changes to external dimensions or controls 
of airplane Test No. ing spin, 

pounds 
Front 0. g. Rear A B C r 1 

cent 
mean 
chord 

IK_ 2,306 0 0 0 
Slug ft.1 

2, 300 
Slug ft.1 

2, 470 
Slug ft ,2 3 

3, 863 

o 

-0.3 25.8 None. 
2 It_ 2,366 0 0 0 2, 300 2, 470 3, 863 -0.3 25.8 None, but motor was stopped. 
3 It_ 2,390 0 0 0 2,300 2, 470 3,863 -0.3 25.8 Do. 
5 It_ 2. 377 0 0 0 2, 300 2,470 3,863 -0.3 25.8 Do. 
6R_ 2, 391 0 0 0 2, 300 2,470 3,863 -0.3 25.8 None. 
7 It_ 2, 391 0 0 0 2,300 2,470 3,863 -0.3 25.8 None. 
8R_ 2, 391 0 0 0 2, 300 2,470 3, 863 -0.3 25.8 None. 
9R--__ 2, 385 0 0 0 2,300 2, 470 3,863 -0.3 25.8 Ailerons with spin.2 . 
12R_ 2,377 0 0 0 2, 300 2,470 3,863 -0.3 25.8 Ailerons against spin. 
13R_ 2,354 0 0 0 2,300 2,470 3,863 -0.3 25.8 Elevator down. 
16L_ 2,388 0 0 0 2, 300 2, 470 3,863 -0.3 25.8 None. 
17L_ 2,390 0 0 0 2,300 2, 470 3,863 -0.3 25.8 None. 
18L_ 2, 394 0 0 0 2,300 2,470 3,863 -0.3 25. 8 None. 
19L_ 2,900 343 0 93 2, 330 3, 427 4,814 2.5 25.8 None. 
20 L_ 2,923 343 0 93 2. 330 3,427 4,814 2.5 25.8 None. 
21L_ 2,911 343 0 93 2,330 3, 427 4,814 2.5 25.8 None. 

22L_ 2,930 243 131 62 2,314 3,151 4, 547 2. 1 25.8 None. 
23 L_ 2,930 243 131 62 2,314 3,151 4, 547 2.1 25.8 None. 
24 L_ 2,900 243 131 62 2,314 3, 151 4, 547 2.1 25.8 None. 

25 L_ 2,900 114 291 31 2, 308 2, 879 4, 288 1.6 25.8 None. 

27 L_ 2,911 114 291 31 2, 308 2, 879 4,288 1.6 25.8 None. 

28 L_ 2,917 114 291 31 2,308 2, 879 4,288 1.6 25.8 None. 

29 L_ 2,916 0 436 0 2, 298 2,607 4, 026 .9 25.8 None. 

301._ 2,916 0 436 0 2, 298 2,607 4, 026 .9 25.8 None. 
311._ 2,916 0 436 0 2,298 2, 607 4,026 .9 25.8 None. 

321._ 2,916 0 359 77 2, 295 3,124 4, 546 0 34.5 None. 

33L_ 2,910 0 359 77 2, 295 3,124 4, 546 0 34.5 None. 

341._ 2, 898 0 359 77 2, 295 3,124 4,546 0 34.5 None. 

35L_ 2,904 0 301 135 2,293 3,494 4,918 0 40.0 None. 

361.__ 2,898 0 301 135 2, 293 3,494 4,918 0 40.0 None. 

371._ 2,904 0 301 135 2,293 3,494 4,918 0 40.0 None. 

42L_ 2,919 343 0 93 2, 330 3, 427 4,814 2.5 25.8 None. 

431.__ 2,907 343 0 93 2,330 3, 427 4,814 2.5 25.8 None. 
441._ 2,919 343 0 93 2, 330 3, 427 4,814 2.5 25.8 None. 

451._ _ 2,901 0 436 0 2,298 2,607 4. 026 .9 25.8 None. 
461. _ ..... . . 2,937 0 436 0 2, 298 2, 607 4,026 .9 25.8 None. 

471._ 2, 907 0 301 135 2, 293 3,494 4,918 0 40.0 None. 

481._ 2,919 0 301 135 2, 293 3,494 4,918 0 40.0 None. 

49 L_ 2,907 0 301 135 2, 293 3, 494 4,918 0 40.0 Elevator down. 

511._ 2,890 0 301 135 2, 293 3,494 4,918 0 40.0 Do. 

52 L_ 2,901 0 301 135 2, 293 3, 494 4, 918 0 40.0 Do. 

531._ 2,907 0 436 0 2. 298 2, 607 4,026 .9 25.8 Do. 

54 L_ 2,919 0 436 0 2. 298 2,607 4, 026 .9 25.8 Do. 

561. .. - ... . 2,901 0 436 0 2,298 2, 607 4,026 .9 25.8 Do. 

571. . _ 2, 491 0 0 0 2,284 2, 593 4,026 .9 25.8 Dihedral, lower wing, decreased from 3° to 

581._ 2,505 0 0 0 2, 284 2,593 4,026 .9 25.8 
1.25°.2 

Do. 
60 L_ 2,477 0 0 0 2, 284 2, 593 4,026 .9 25.8 Do. 

611..__ 2,483 0 0 0 2, 284 2, 593 4, 026 .9 25.8 Do. 

621._ 2,489 0 0 0 2,284 2,593 4, 026 .9 25.8 Do. 

63L. ___ 2, 921 0 301 135 2, 293 3, 494 4,918 0 40.0 Do. 

641._ 2,919 0 301 135 2, 293 3,494 4.918 0 40.0 Do. 

65 L . _ 2,919 0 301 135 2, 293 3, 494 4,918 0 40.0 Do. 

661._ 2,896 0 301 135 2,293 3, 494 4,918 0 40.0 Dihedral, lower wing, increased from 3° to 4.6°. 

681._ 2,913 0 301 135 2, 293 3,494 4,918 0 40.0 Do. 

691.___ 2,907 0 301 135 2,293 3, 494 4,918 0 40.0 Do. 

70L___ 2. 495 0 0 0 2, 284 2,593 4,026 .9 25.8 Do. 

711._ 2,495 0 0 0 2, 284 2,593 4,026 .9 25.8 Do. 

72L . 2, 495 0 0 0 2, 284 2, 593 4,026 .9 25.8 Do. 
2, 501 0 0 0 2, 284 2,593 4,026 .9 25.8 Fabric stripped from empennage. 

771._ 2, 495 0 0 0 2, 284 2,593 4,026 .9 25.8 Do. 

78L_ 1 
2,495 0 0 0 2, 284 2,593 4, 026 .9 25.8 Do. 

1 Angie between Xbody axis and XIV principal axis. 
2 “ Ailerons with spin” is aileron deflection such that in normal flight the airplane would be caused to roll in the direction of the rolling of the spin. 
3 Dihedral values given are for the lower wing; interplane struts were not changed. 
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TABLE III COMPUTED DATA 

Test No. n R 
(a) 

Z" 
(:a) 

Radius V y a /S L M N A M AN 
Bal¬ 

last mo¬ 
ment 

c, Cm c„ A 

1R_ 
Rad./sec. 

2.29 1. 37 1.048 
Feet 

5.4 
Ft./sec. 

86.9 

O 

-82.1 

o 

50.2 

O 

I 6.0 
Lb.-ft. 

189.6 
Lb.-ft. 

-4,009.2 
Lb.-ft. 

18. 7 
Lb.-ft. 

438 
Lb.-ft. 
-19 

Lb.-ft. 
0 0. 00237 -0. 342 0. 00000 0.454 2R_ 2. 39 1.43 .974 5.9 93.1 -81. 7 43.8 5.2 295.1 -4, 453. 7 36.3 411 -31 0 .00321 —. 336 .00006 .443 

3R_ 2.45 1.40 1.015 5.1 94.3 -82.6 47.2 4.5 305.2 -4,651.2 33.4 446 30 0 . 00324 -. 343 .00004 .448 
5R_ 2. 43 1.39 .971 5.4 84.4 -81.6 45. 7 6.9 146. 3 -4, 614.3 17.0 433 17 0 . 00194 -.414 .00000 .497 6R_ 2. 46 1.47 .979 5.9 87.4 -80.8 42.3 6.8 230.4 -4. 710.6 30. 1 411 24 0 . 00285 -.408 .00007 .485 
7R_ 2. 46 1.56 .974 6.4 91.2 -80.2 39. 1 8.8 89.4 — 4, 636. 4 13. 1 386 10 0 .00101 -.378 .00004 .465 8R_ 2. 52 1.41 1.011 5.0 85.7 -81.6 45. 7 8.4 -2. 9 -4,966.7 -.35 446 3 0 -.00004 -.444 -.00003 .507 
9R_ 2. 91 1.38 1. 021 3.5 80.7 -82.8 47. 7 -8.7 2, 347. 4 -6, 059. 7 242.0 524 194 0 .0340 -.613 . 00070 .622 12Ii_ 2. 56 1.34 1.039 4.2 81.4 -82.6 51. 5 14.7 -891. 6 -4,880.6 -87.8 485 79 0 -.0127 -.479 -.00013 .542 
13R_ 3.17 1. 65 1. 043 4. 1 90.8 -82.0 40.3 16.2 -1,283.4 - 7, 587. 3 -184. 3 497 112 0 -.0147 -.622 -.00083 .602 
16L_ 2. 46 1.31 . 974 4. 6 79. 7 -82.0 48.3 1. 1 -758. 7 -4, 603.8 -78. 0 -458 72 0 -.0113 -.575 -.00223 .533 
17L_ 2.46 1.30 .975 4.6 83.7 -82.4 48.5 . 7 -756. 9 -4, 595.9 -77.6 -459 72 0 -. 0102 -.521 -.00201 .507 
18L. 2.47 1.29 . 973 4.5 77.7 -82.0 48.5 1.3 -752.0 -4,636.8 -76.5 -462 70 0 -.0118 -. 609 -.00229 .549 
19L_ 2.20 1.36 .937 6.6 92.5 -81.0 46.4 2.2 -551.5 -5,926.3 -439. 7 -395 64 0 -.00609 -.534 -.00557 .411 
20 L_ 2. 18 1.35 .947 6.6 96.5 -81.5 45. 7 -1.6 -787.6 -5, 708. 6 -633. 2 -386 93 0 -. 00800 -.472 -. 00636 .390 
21L_ 2.27 1.34 .968 5.8 94.2 -82.0 48.8 . 7 -656. 6 -6,287. 7 -479.3 -424 70 0 -.00700 -. 546 -. 00585 .395 
22 L. 2. 24 1.27 .949 5.4 85.6 -81.8 48. 7 1. 7 -577. 3 -5, 532.4 -314. 6 -419 62 0 -. 00745 -.586 —. 00486 .453 
23 L_ 2. 26 1. 28 .944 5.4 83.2 -81.5 48.6 .8 -693.0 -5, 554.3 -378.2 -420 74 0 -.00947 -.623 -.00618 . 46S 
24 L_ 2.42 1.36 1.01 5.0 86.7 -82.0 49.3 -2.9 -1, 131.2 -6, 240. 2 -597. 7 -452 112 0 -.0142 -. 643 -. 00893 .481 
25 L_ 2.58 1.34 1.01 4.3 91.1 -83.1 50. 1 -2.4 -1,133.4 -6, 349.6 -388.8 -490 102 0 -.0129 -. 595 -. 00559 .490 
27L. 2. 49 1.36 .989 4.8 85.3 -81.9 47.9 -.5 -941.5 -5, 988.8 -347.8 -459 90 0 -.0122 -. 640 -.00569 .504 
28 L_ 2. 54 1.31 .972 4.4 87.4 -82.7 48.9 -2. 1 -1,085.4 -6, 172.8 -389.2 -473 101 0 -.0134 -.629 -. 00605 .501 
29 L_ 2. 74 1.20 .924 3.3 97.3 -84.7 50. 9 -3.9 -1,302. 1 -6, 195.0 -231.0 -524 118 0 -.0130 -.513 -.00348 .486 
30 L_ 2. 76 1.32 1.018 3.6 91.4 -83.8 50.5 -1. 1 — 1,047. 5 -6, 368.6 -188. 5 -526 86 0 -.0118 -. 596 -. 00310 .521 
31L_ 2. 76 1.36 1.032 3.7 85.8 -83. 1 50.0 -. 9 -1,098.3 -6, 348. 6 -200.9 -521 91 0 -.0141 -. 674 -. 00375 .554 
32 L_ 2.21 1.27 .905 5.8 80.4 -80.8 50.2 .5 -808. 2 -5, 245. 5 -376.8 -420 82 1,457 -.0119 —. 796 -. 00673 .475 
33 L_ 2. 16 1.32 .945 6.3 85. 5 -80.8 49. 9 1.4 -683.6 -5, 033. 8 -322. 5 -410 71 1. 505 -. 00886 -. 686 -.00510 .436 
34 L. 2.12 1.33 .939 6.8 88. 7 -80.7 48.8 .8 -701.6 -4, 859. 7 -339. 7 -397 75 1,527 -.00845 -.622 -.00500 .413 
35 L_ 1.75 1.44 1.033 10.5 95.3 -78.9 48.4 1.9 -524. 3 -3,868.9 -367.3 -328 68 2, 900 -.00547 -.564 -. 00454 .318 
36 L_ 1.76 1.35 . 942 10.0 99.0 -79.7 47.2 . 1 -543. 6 -3,933. 1 -398. 9 -323 72 2, 718 -.00525 -.513 -.00455 .308 
37L_ 1.82 1.37 .963 9.5 95.3 -79.5 48.5 1.2 -565. 7 -4, 173. 1 -403.3 -337 71 2, 758 -.00590 -.578 -.00495 .320 
42 L_ 2.23 1.29 . 947 5. 7, 91.7 -82. 1 49. 7 . 7 -640.9 -6, 054.1 — 4.->0.2 -423 69 0 -.00721 -. 556 -.00584 .421 
43 L_ 2.27 1.34 . 987 5. 7 93.8 -82. 1 50.0 -.3 -809. 3 -6, 661.8 -526. 3 -430 SO 0 -. 00870 -. 582 -.00651 .417 
441- 2. 26 1.31 .976 5.6 92.4 -82.2 50.9 0 -712.3 -6,133.3 -480.8 -434 74 0 -. 00789 -.556 -.00614 .422 
45 L_ 2.67 1.28 .982 3.7 85. 1 -83.2 51.3 .3 -867. 6 — 5, 957. 7 -151. 1 -517 72 0 -.0113 -. 646 -.00291 .542 
46 L_ 2. 64 1.29 . 996 3.8 82.2 -83.0 51.6 -.3 -968.7 -5, 739.4 -165. 8 -512 82 0 -.0136 -.668 -. 00347 .554 
47L_ 1. 77 1.26 .931 8. 7 89. 1 -SO. 1 52.4 1.5 -517.3 -3, 828. 7 -314. 9 -350 63 2, 528 -.00618 -. 612 -.00451 .344 
48 L_ 1.77 1. 30 .947 9.2 84.9 -79.0 51.3 3. 1 -477. 6 -3, 895. 7 -305. 1 -344 59 2, 618 -.00628 -.688 -.00479 .361 
49 L_ 2. 45 1.40 .918 5.6 92. 1 -81.4 49.7 1.2 -847.3 — 7, 603. 5 -588.6 -460 78 2, 778 -.00948 -.921 -. 00746 .460 
51L_ 2.46 1.32 .870 5.3 91. 4 -81. 7 50.0 1.2 -817.2 -7,674.2 -567.2 -462 75 2, 638 -.00929 -.930 -.00730 .466 
52 L_ 2. 54 1.33 .839 5. 1 93.2 -81. 9 48. 7 1.3 -804. 4 -8, 248. 1 -590. 7 -467 73 2, 638 -.00879 -.944 -.00726 .471 
53 L. 3.47 1.39 .976 2.6 72. 1 -82. 7 48.8 6.3 -208.1 -10,350.4 -40. 9 -642 14 0 -. 00380 -1.528 -.00100 .832 
54 L. 3. 43 1.41 .985 2.8 76.5 -82.9 48. 1 1.9 -1,103. 8 -10,015. 6 -218.0 -630 76 0 -.0178 -1.314 -. 00475 . 773 
56 L_ 3. 37 1.43 . 960 3.0 82.1 -82.9 46.4 6. 7 -80.0 -9,823. 6 -17. 1 -600 6 0 -.00113 -1. 117 -.00325 .710 
57L_ 2. 38 1.31 1.034 4.5 83.4 -82.5 52.3 1.0 -716.8 -4, 721. 9 -119. 1 -467 66 0 -.00972 -.538 -.00251 .493 
581_ 2.40 1.35 1.085 4.4 76. 6 -82.0 53.5 1.8 -712.6 -4, 733. 5 -112. 7 -479 64 0 -.0115 -. 642 -.00284 .540 
60L_ 2.46 1.28 1. 061 3.8 76.3 -83.0 56.0 1. 1 -725. 6 -4,831. 1 -104.8 -506 61 0 -.0118 -.662 -.00269 .556 
61L_ 2. 42 1.28 1.034 4. 1 78.3 -82.7 54.2 1. 7 -659.4 -4, 798.8 -101.9 -487 58 0 -.0102 -.622 -.00247 .534 
62L_ 2. 43 1. 15 .951 3.6 82.3 -84.0 55. 6 0 -711.6 -4. 726.4 -104.5 -497 61 0 -.00991 -.558 -.00231 .509 
63 L_ 1.75 1.25 .983 8. 1 85.0 -80.4 56.8 4. 1 -347. 8 -3, 560.5 -182.8 -364 41 2, 497 -.00456 -. 642 -.00294 .355 
64 L. 1. 71 1.26 .971 8. 7 84.0 -79.7 55.6 3.2 -421.9 -3, 465.9 -230.4 -352 51 2,518 -. 00567 -.649 -.00378 .353 
65 L_ 1. 70 1.26 . 966 9.0 89. 6 -80.2 54.3 2. 6 -415.3 -3, 466. 0 -237. 7 -342 51 2,518 -. 00490 -. 569 -.00341 .328 
66 L_ 1.91 1.29 .926 7.9 92.0 -80.5 51.3 1.8 -545.2 -4, 559.4 -353. 4 -369 63 2. 578 -.00610 -.640 -.00466 .360 
68 L_ 1.90 1.25 .904 7.7 85.4 -80. 1 51.8 1.7 -568. 2 -4,464.9 -358. 9 -372 65 2, 497 -.00740 —. 725 -.00552. .385 
69L_ 1.83 1.30 .928 8. 7 95.6 -80.4 50.6 2.0 -486.9 -4,189. 4 -323.3 -349 59 2, 597 -.00751 -. 563 -. 00590 .331 
701- 2. 55 1.31 1.014 4. 1 80.2 -82. 6 50.9 . 7 -828. 6 -5,445.3 -144. 7 -489 72 0 -.0122 -.665 -.00318 .548 
71L_ 2. 58 1.30 1.006 3.9 85.3 -83. 1 50. 7 -1.4 -1,046. 7 -5, 581. 7 -183. 5 -494 91 0 -.0136 -.603 -.00356 .523 
72 L_ 2. 55 1.30 1.002 4. 1 87.9 -83.2 50. 5 . 7 -760.0 -5, 500.5 -124. 7 -489 67 0 -.009:8 -. 559 -.00246 .500 
76L_ 2. 47 1.27 .967 4.3 82. 1 -82. 6 49. 6 .8 -761. 9 -5. 184.9 -138. 7 -467 70 0 -.0107 -. 606 -.00292 .520 
77L_ 2. 47 1.31 .993 4. 5 79.9 -82.0 49. 3 1.3 -767. 1 -5, 176. 5 -141.0 -465 71 0 -.0113 -. 636 -.00313 .533 
78L_ 2. 55 1.33 1.013 4.3 84.9 -82. 6 49.4 -4. 1 -1,376.7 -5, 372.3 -248. 0 -480 123 0 -.0180 -.586 1 -.00486 ! .519 

1 Positive angle is sideslip outward; negative is sideslip inward. 
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A COMPARISON BETWEEN THE THEORETICAL AND MEASURED LONGITUDINAL 
STABILITY CHARACTERISTICS OF AN AIRPLANE 

By Hartley A. Soule and John B. Wheatley 

SUMMARY 

This paper covers an investigation of the application 

of the theory of dynamic longitudinal stability, based on 

the assumption of small oscillations, to oscillations an 

airplane is likely to undergo inflight. The investigation 

was conducted with a small parasol monoplane for the 

fixed-stick condition. The period arid damping of longi¬ 

tudinal oscillations were determined by direct measure¬ 

ments of oscillations in flight and also by calculation in 

which the factors that enter into the theoretical stability 

equation were determined in flight. A comparison of 

the above-mentioned characteristics obtained by these two 

methods indicates that the theory is applicable to the 

conditions encountered in flight. 

The investigation was extended to determine the feasi¬ 

bility of calculating the stability characteristics from basic 

data of the type that would be available to a practicing 

designer. The results of this phase of the work show that 

for the power-off condition the agreement between the 

actual and predicted stability characteristics was reason¬ 

ably satisfactory, except perhaps when the predicted sta¬ 

bility is close to neutral. For the power-on condition the 

stability can not be predicted owing to the present lack of 

information concerning slipstream effects. Further prog¬ 

ress in a solution of the problem of longitudinal stability 

depends largely on increasing the knowledge of these 

effects. 
INTRODUCTION 

With each new airplane design, the designer is con¬ 

fronted with the problem of attaining some, although 

not a definitely established, degree of longitudinal 

dynamic stability. The theory utilized in this prob¬ 

lem has been evolved and published in various stand¬ 

ard works such as those of Bryan, Bairstow, Cowley 

and Levy, and Glauert. This theory involves the 

basic assumption of small deviations from the steady 

state and the application of numerous data relating 

to the airplane. The theory is not widely applied in 

design, probably because an acceptable (although not 

necessarily the most desirable) degree of dynamic sta¬ 

bility is often attained by the application of simple 

rules developed from experience, and also because the 

theory is fairly complex and its validity has not been 

clearly demonstrated. New designs, however, are fre¬ 

quently found to possess decidedly objectionable 

stability characteristics. Furthermore, it is quite 

probable that the stability characteristics of many 

airplanes could be considerably improved. Owing to 

the lack of knowledge concerning the factors that tend 

to produce dynamic stability and the relative impor¬ 

tance of these factors, the nature of the changes nec¬ 

essary for improvement is not generally understood. 

Thus there has arisen the need for a comprehensive 

study of the problem to ascertain the validity of the 

theory, to determine in what respects, if any, it requires 

modification, and to establish thereby the procedure 

by which the designer can predict the stability char¬ 

acteristics of an airplane from basic data. An addi¬ 

tional phase of the problem arises from the fact that 

the most desirable degree of stability is not definitely 

established. The solution to this phase probably 

should be obtained by determining the degree of 

dynamic longitudinal stability possessed by airplanes 

that have very good flying characteristics. 

For the reasons mentioned above, an investigation 

of the dynamic longitudinal stability of an airplane in 

flight with and without power was undertaken. The 

results of the investigation, as reported herein, are 

divided into two parts. The first deals with checking 

the validity of the basic assumption of small devia¬ 

tions from the steady state against the actual condi¬ 

tions encountered in flight. The second deals with 

the calculation of stability from basic data and the 

comparison between calculated and test results. The 

flight tests required by the investigation were made 

with a small parasol monoplane. No attempt was 

made in the present case to establish the most satis¬ 

factory degree of dynamic longitudinal stability. 

THEORY OF STABILITY 

GENERAL PRINCIPLES 

As previously mentioned, the classical theory of the 

stability of small oscillations, its application to the air¬ 

plane, and the development of the equation of dynamic 

longitudinal stability are completely covered in the 

various works on the subject. The standard form of 

the stability biquadratic, however, is given in dimen¬ 

sional units and is very difficult to handle. Glauert 
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lias developed a nondimensional form for the equation 

(reference 1) which is more convenient in application 

and which greatly simplifies the analysis of the longi¬ 

tudinal stability. This nondimensional form has been 

used in the present case. 

For convenience of reference, the transformation 

from the dimensional to the nondimensional form of 

the stability equation is given in the appendix using 

the absolute system of units. As explained therein, 

only the long-period, lightly damped oscillation is con¬ 

sidered. The nondimensional expression for the period 

of this oscillation is 

Z7T 

lE 1 
(DC BE\2 

A c 1 K 2 C2 ) 

and that for the damping coefficient is 

- --UD^BE\ 
n 2\C C2 ) 

where 

B — - ma — xu — zw 

C ZwT/l,q T Z-ujXxi T TYlgXu ZuXw pTflw 

D = \prnuCL + iJLrriyjXu + \cL tan 90 (xmw 

~T 7/i qi^ZyXw XyZuj) Xy})XTflu 

and 

L cf l tan 90(^xw7yiu xu7/iC) T eypCi,(^//iwzu tyiuzC) 

If the damping coefficient is negative, the motion is 

stable; that is, the oscillations are damped; and if it is 

positive the motion is unstable. 

The terms xu, xw, zu, zw, mu, mw, and mQ are the non- 

dimensional derivatives (or derivative coefficients), 

and p is a parameter. As noted in the appendix the 

length l on which mv, mw, mq, and /x are based can be 

chosen arbitrarily. The length used throughout this 

paper is the distance from the center of gravity to the 

rudder post. The terms CL and d0 refer to the initial 

condition. 

The above expressions for the period and damping 

can be readily converted to the dimensional form for 

comparison with experimental data by introducing the 

pVS 

m 

T= 7V 1 

factor 

and 

r-fr 

pVS 

m 

>vs 
m 

where T and X are the period and the damping factor, 

respectively, in dimensional form. 

THE RESISTANCE DERIVATIVES IN TERMS OF FUNDAMENTAL AIR¬ 

PLANE CHARACTERISTICS 

The terms xu, xw, CL, 6 07 lu, rnu, mVf mg, and the 
parameter p must be evaluated for an analysis of the 

dynamic longitudinal stability. The manner in which 

most of the derivatives can be expressed in terms of the 

fundamental airplane characteristics will now be shown, 

Because of the marked change produced by the pro¬ 

peller in the stability derivatives, the derivatives will 

be first discussed for the power-off condition, then for 

the power-on condition. 

Power-off.—A basic assumption for this case is that 

with the propeller idling the V/nD ratio for the propeller 

remains constant for small changes in V. The assumed 

initial conditions is a steady glide with the propeller 

operating at the V/nD of zero effective thrust. 

In the appendix it is shown that for the power-off 

condition xu=—CD] similarly, it can be shown that 

= - CL and m„ = -f • 

These expressions for xu and zu apply when CD and 

CL are taken as the over-all drag and lift coefficients of 

the airplane. As the airplane is in the steady gliding 

condition Cm is zero and consequently m„=^0. 

It is noted at this point for later reference, that in 

actual gliding flight with throttled engine the pro¬ 

peller, in general, develops a small effective thrust, 

T, which may have an appreciable effect on the term 

xu. In this case 

X=T-D 
= Gr p V2D2 

and for constant V/nD 

2 CtD2 

CD /2 P F2F 

x u = —g-CD = - Co 

where CD' is the effective drag coefficient of the air¬ 

plane-propeller combination. 

The velocity w introduces a change in the magnitude 

and direction of the resultant velocity. The change in 

magnitude, however, is a second order effect and can be 

neglected. The change of angle causes a change in 

X 

Then 

<LY dXd 9 

die d<9 die 

0 w , dd 
9= x>and = 

V d w 

for a small angular displacement 6 

X= — CDP~~S cos 6+Cl^-S sin d 

as 6 is small, cos d= \ and sin d — 6 

Also, it may be assumed that 6 equals the change in a. 

Then 

Xw /2 * /‘l L 

By a similar procedure it is found that 

_ _ i dfA ,/ ^ 
Zw /2 d« ’2 Cd 
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The term mw is given by the expression The thrust now varies with velocity so that we have 

m, 1/ d C m 
lr] da 

xu i dr 
pSVdV 

-c D 

The coefficient mq of the moment derivative M.q is a 

basic characteristic of the airplane comparable with 

CL, Cd, and Cm . The expression for this coefficient is 

simply 

rnQ — MJpSVl2t] 

The term “Mq” can be determined from calculations 

by the method described later in the paper, or by direct 

measurement with a model or full-sized airplane. 

The foregoing discussion shows that a complete 

theoretical analysis of the dynamic longitudinal 

stability for the power-off condition can be readily 

made from basic data. The basic data required for a 

complete determination of the power-off stability 

characteristics can be summarized as follows: 

Wing area. 

Mass of the airplane. 

A characteristic length, l (here taken as the 

distance from the center of gravity to the 

rudder post). 

Moment of inertia about the Y axis. 

Lift, drag, pitching moment, and rotary deriva¬ 

tive coefficient as functions of angle of attack. 

Power-on.—As already pointed out, the propeller, 

because of its thrust and slipstream, causes consider¬ 

able change in the stability derivatives. In the first 

place the propeller, when operating at a positive 

thrust, must have a distinct series of stability deriva¬ 

tives of its own which are additive to those of the 

airplane. (Reference 2.) It is very probable that the 

majority of these, particularly those depending on 

angular velocity, are negligible. The variation of 

longitudinal force or thrust with velocity, however, 

must be considered. Besides the derivatives of 

the propeller, there is a large change produced in the 

stability derivatives of the airplane because of rela¬ 

tively high velocity of the slipstream flowing over the 

central portion of the wings and over the fuselage and 

tail. The increase of drag due to this effect need not 

be considered when the propeller characteristics are 

based on effective thrust. 

Our present knowledge of the character of the flow 

behind a propeller does not permit a satisfactory pre¬ 

diction of the effect of the slipstream on the stability, 

although the experiments discussed later show the 

magnitude of the effects on some of the derivatives for 

this particular airplane. The following discussion of 

the power-on derivatives will be carried as far as our 

present knowledge of the propeller effects allows. 

A basic assumption in this case is that the propeller 

torque remain constant. The assumed initial condi¬ 

tion is steady level flight. 

As T is here taken as the effective thrust, CD is the 

same as for the power-off condition. An expression for 

AT . 
^ y in terms of generalized propeller characteristics has 

been derived by Glauert (reference 2) for the assump¬ 

tion of constant torque. This expression is 

d T 2 Tr2 (2a-3r + r3) 

d V V (1 — r2) (2a + r3) 

where a is a constant = 1.325 

and r is the ratio of V/nD of the initial condition 

to V/nD for zero thrust. 

Consideration of Glauert’s expression shows that, 

AT . 
although the term vr varies considerably with changes 

in r over the normal speed range, the term is always 

small relative to CD. Consequently, it is permissible to 

evaluate the term on the basis of the average value of r. 

Then we can write 

AT_ 
AV~ 

2T 
' V K 

L dr_ 
pSVAV = 

- CnK 

since the thrust equals the drag when the angle of 

attack of the thrust line is neglected. Then 

xu = — CD(1+K) 

The form of the expression for zu is the same as 

for the power-off but, owing to the previously men¬ 

tioned slip stream effect, the lift coefficient at a given 

angle of attack is in reality not the same as in the 

power-off condition. Actually 

ZU= ~ CL'= ~ (CL+ACl) 

where A CL represents the effects of the slipstream and 

the thrust component on the lift coefficient. The term 

A Cl can not be satisfactorily evaluated. The experi¬ 

ments discussed later show that at least in this particu¬ 

lar case this term is not negligible. 

The principal difficulty in the evaluation of the 

power-on stability derivatives pertains to the moment 

derivatives. Both the thrust and slipstream effects 

enter into these terms. The thrust moment is intro¬ 

duced because in the general case the line of action of 

the propeller does not pass through the center of 

gravity. The action of the slipstream is more complex. 

The change of lift coefficient of the wings is accom¬ 

panied by a change of down wash angle which in turn 

produces a change of angle of attack at the tail. In 
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addition to the change of angle of flow at the tail, the 

velocity there is increased. As the variation of the 

angle and velocity at the tail with a change in the 

airplane’s velocity is not known, it is impossible to 

evaluate mu. That mu is not zero for the power-on 

condition is demonstrated by the change of balance 

that takes place when power is applied and the V/nD 
of the propeller changed from that for zero thrust to 

some other value. The factors that complicate the 

solution of rnu also enter into mw. The moment deriva¬ 

tive mt is less complex and varies from the power-off 

derivative essentially because of the relatively greater 

velocity over the tail for the power-on condition. 

Attempts were made to evaluate the derivatives 

mu, mw, and mg for the power-on condition on the 

basis of assumed flow over the tail. Although reason¬ 

able agreement was obtained for the damping and period 

calculated from computed values of these derivatives, 

from the type of data obtainable before the airplane 

is constructed. Complete measurements were made 

for the power-off condition. For the power-on condi 

tion only the derivatives depending on CL and CL 
were determined as it is impossible to measure the 

moment derivatives for this condition. 

THE AIRPLANE 

The airplane used in the investigation was a Doyle 
0-2, a small parasol monoplane. (Figs. 1 and 2.) The 

dimensions required in the study of longitudinal 

stability are given in the following table: 

Weight,_ 1,290-1,340 lb. 

Moment of inertia about Y axis (B)_ 073 slug ft,.2 

Wing dimensions: 

Span_ 30.0 ft. 

Chord_ 5.50 ft. 

Area_ 159.5 sq. ft. 

Airfoil section_ Clark Y. 

Figure 1.—Front view of Doj-le 0-2 airplane 

so many arbitrary assumptions had to be made in 

their evaluation that it is not considered worth while 

to include either the methods used to compute the 

derivatives or the results of the calculations made 

with them. 

EXPERIMENTAL STABILITY 

Flight tests were made with the airplane utilized 

in this investigation to determine the stability 

derivatives previously discussed and also to determine 

the period and damping of oscillations in flight by 

direct measurements. These data served two purposes. 

By comparing the period and damping found by 

direct measurements with the period and damping 

calculated from derivatives obtained from flight 

data, it was possible to test the applicability of the 

theory. Also, by comparing the derivatives and sta¬ 

bility characteristics obtained from flight data with 

those calculated from basic data for the airplane 

elements, as explained later, it w^as possible to test 

the precision with which stability can be predicted 

Center-of-gravitv position : 

Below chord_23.4 in., 36.0 per cent 

chord. 

Rear of L. E_ 22.4 in., 34.0 per ceni 

chord. 

Above thrust line (h)_ 12.0 in. 

Horizontal tail surface: 

Span_ 9.0 ft. 

Area_ 18.7 sq. ft. 

Airfoil section_ Flat plate. 

Distance from c. g. to rudder post (l)_11.8 ft. 

Engine_ LeBlond, 60 hp 

Propeller pitch-diameter ratio_0.60 

Wing loading_ 8.09-8.40 Ib./sq. ft. 
Power loading_ 21.5-22.3 lb./hp 

INSTRUMENTS 

The instruments used during the flights were: 

Air-speed recorder. 

Recording inclinometer. 

Timer. 

Control-position recorder. 

Angular-velocity recorder. 

Angle-of-attack recorder. 
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All the instruments are photographic recording. 

Detailed descriptions of the air-speed recorder, in¬ 

clinometer, timer, control-position recorder, and angu¬ 

lar-velocity recorder are given in references 3, 4, 5, 6, 

and 7, respectively. The angle-of-attack recorder is a 

recent development. It consists of a light wind vane, 

free to rotate about an axis parallel to the Y axis of the 

angle was obtained from the angle of attack and incli¬ 

nation of the X axis. The lift and effective drag 

coefficients were deduced from the wing area, dynamic 

pressure, and components of weight parallel and per¬ 

pendicular to the glide path, the effective drag coeffi¬ 

cient being the drag coefficient of the airplane-propeller 

combination. In addition to the above-mentioned 

Figure 2.—Side view of Doyle 0-2 airplane 

airplane, mounted about a chord length ahead of the 

wing at the outboard strut fitting. The motion of the 

vane is transmitted through the supporting tube by a 

fishline to the recording mechanism. The vane and 

recording mechanism are so placed in relation to one 

another that when the vane is in the desired position 

the recording mechanism may be embedded in the 

wing so as not to disturb the flow. A schematic 

sketch of the angle-of-attack recorder is shown in 

Figure 3. 
FLIGHT PROCEDURE 

Preliminary flights.—Preliminary to the main flight 

tests it was necessary to calibrate the air-speed system 

and the angle-of-attack recorder in flight. For this 

purpose a trailing Pitot-static tube, a second air-speed 

recorder, and an indicating statoscope were added. 

The air-speed system was calibrated against the trail¬ 

ing Pitot-static tube suspended 70 feet below the wing. 

The angle-of-attack recorder was calibrated against the 

inclinometer in the airplane during steady level flight. 

The calibrations were made over the complete speed 

and angle-of-attack range. 

Determination of CL and CD.—Lift and drag coeffi¬ 

cients for the power-off condition were determined 

in glides with the throttle closed. The dynamic 

pressure, angle of attack, and inclination of the A" 

axis were recorded directly in glides. The gliding 

items, the average altitude, engine speed, and air 

temperature were noted during each glide. 

Lift coefficients for the power-on condition were 

obtained by recording dynamic pressure and angle of 

attack in a series of level-flight runs. The true drag 

coefficients for this condition were deduced from the 

results of the glide tests by correcting the effective drag 

coefficient for the calculated drag of the idling pro- 

FUm 
drum 

\ a, Recording instrument 

Wing contour 

b, Mirror .--Support tube 

Cord for transmitting-- ' c> Light source 
motion of wind vane to r ~~ 

recording instrument s' s' '-Wind vane 

Figure 3.—Schematic sketch of the angle-of-att.aek recorder 

peller. The thrust coefficients required in these 

calculations of propeller drag were determined from 

the actual VjnD of the propeller in each glide and a 

curve of calculated propeller characteristics. 

Determination of Cm.—The static pitching moment 

was obtained from the results of glide tests in which a 

known pitching moment was applied. The pitching 

moment was applied by a sliding weight mounted so 

that its position could be controlled from the pilot’s 
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cockpit. A 100-pound lead weight was mounted on a 

steel tube in the front cockpit and was fitted with a 

control and locking device so that it could be locked at 

the center of gravity and at various known distances 

from the center of gravity. (Figs. 4 and 5.) 

The airplane was first glided with the weight at the 

center of gravity at a given air speed and with the 

elevator held stationary. Records were made of the 

air speed, angle of attack, and elevator position. The 

elevator position was recorded to make certain that j 

the elevator angle remained constant during the runs. 

Subsequent records were made with the weight moved 

to a new position and with the original elevator angle, j 

Figure 4.—The installation of the sliding weight in the front cockpit 

Determination of mq.—The damping coefficient duet 

rotation for the power-off condition was determined!): 

studying the motion of the airplane during pitchin, 

oscillations in glides. The pitching oscillations wer 

set up from an initially steady state by a fore-and-af 

movement of the stick after which the stick was ri 

turned to its original position. Continuous records# 

the angular velocity in pitch, air speed, angle o 

attack, and elevator angle were obtained during a pot 

tion of the steady glide and an ensuing period of seven 

seconds. Angular acceleration was deduced from n 

corded angular velocity by graphical differentiatioi 

The resultant pitching moment acting on the airplac 

Figure 5.—The pilot’s cockpit showing crank for moving the sliding weif 

This procedure was repeated until the entire normal 

range of angle of attack with one elevator position was 

covered. Difficulty experienced in maintaining a con¬ 

stant elevator angle was obivated by providing a stop 

on the control column. 

The static pitching moments were calculated from 

the weight and position of the sliding mass reduced to 

coefficient form and plotted against angle of attack. 

The moment-coefficient curve was obtained for only 

one elevator setting. In the application of these 

results to the calculation of stability the assumption 

was made that a change of elevator angle produces a 

constant difference in the ordinates over the entire 

extent of the curve. 

at any given instant was calculated from the accelen 

tion and the moment of inertia of the airplane aboo 

the Y axis. The pitching moment caused by tfc 

rotation was found by deducting the static componea 

from the resultant and was then reduced to coefficiei 

form. The static component of the resultant pitchic 

moment for a given instantaneous angle of attack ws 
found by referring to the angle of attack in the initii 

steady state, the curve of static pitching-momeo 

coefficient against angle of attack previously estal 

lislied, and the recorded air speed for the same instant 

As the static pitching moment is zero in a steady gM 

the reference to the angle of attack of the initial stead, 

condition provided a means of determining the sin 
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in ordinates of the curve of static moment coefficient 

against angle of attack corresponding to any given 

elevator position. The static pitching-moment coef¬ 

ficient for any given elevator position and angle of 

attack was thereby readily established. Values of mQ 

for the power-off condition were calculated in the 

above-described manner for various angles of attack 

throughout the range of normal flight. 

Determination of period and damping coefficients.— 

The period and the damping coefficient were deter¬ 

mined by direct measurements of the oscillation char¬ 

acteristics in flight at the same altitude as that at 

which the previously mentioned tests were made. 

These direct measurements were made both for the 

power-off and power-on conditions. As u, w, and d 

are interdependent variables, the periods of their va- 

where 

damping factor. 

T, period, in seconds. 

Vi, V2, V3, true air speed in feet per second at two 

successive maximums and the intervening mini¬ 
mum. 

PRECISION OF MEASUREMENTS 

Frequent check calibrations were made of the instru¬ 

ments used in the flight tests. Appreciable errors 

caused by faulty operation or changed calibration of 

the instruments were thereby eliminated. The effect 

of lag in the angular-velocity recorder was eliminated 

by a correction determined in laboratory tests. Prob¬ 

ably the most serious source of error in the results was 

Figure 6.—Typical records of air speed daring oscillations 

riations with time are necessarily the same, although 

the variations may not be in phase with each other. 

Consequently, the period and damping could be deter¬ 

mined by studying the behavior of only one variable. 

Air speed was chosen as the one most convenient for 

study. The tests were made by setting up oscillations 

in the manner previously described and obtaining 

records of air speed for at least one complete oscilla¬ 

tion. Sample records are shown in Figure 6. The 

records designated Runs 1 and 2 illustrate an unstable 

condition experienced with power-on at initial angles 

of attack of 16.5° and 15.0°, respectively; and those 

designated Runs 3 and 4 illustrate a stable condition 

with power-off at an initial angle of attack of 4.8°. 

The period of the oscillation was found by the time 

interval between two consecutive points of maximum 

velocity. The damping coefficient is given with suffi¬ 

cient accuracy by the approximate relation 

introduced by the limitations of accuracy in determin¬ 

ing angular accelerations by graphical differentiation 

of the angular-velocity records. Wide record lines 

caused by instrument vibration were a contributing 

cause to inaccuracies in evaluating records. The 

effect of accidental errors was considerably reduced, 

however, by obtaining two or three repeat runs for 

each test condition and expressing the results as faired 

curves. Following is a list showing the estimated 

limits of accuracy for the various items measured and 

derived from flight tests: 

Experimental quantity 

CL (except at Lmax)- 

CLmax- 

Co_ 
Cm_ 
mg- 

p. _ _ . [experimental 
Period __ 

Precision. 

± 2 per cent to ± 5 per cent. 

± 10 per cent. 

± 2 per cent to ± 8 per cent. 

±5 per cent. 

± 20 per cent. 

±10 per cent. 

± 5 per cent. 
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CALCULATED STABILITY 

In most cases it is desirable to complete an analysis 

of the stability of a proposed airplane design before 

construction. For such an analysis there are at hand 

standard basic data regarding the aerodynamic char¬ 

acteristics of the airplane elements from which the 

aerodynamic characteristics of the complete airplane 

can be calculated. In an advanced stage of the design 

there may also be available results of wind-tunnel 

tests on a model of the airplane from which the flight 

characteristics of the airplane can be more accurately 

predicted than from data for the airplane elements. 

In the present case an analysis of the dynamic longi¬ 

tudinal stability of the airplane used in the flight tests 

has been made by utilizing only basic data for the 

airplane elements; i. e., wing airfoil characteristics, 

parasite drag of nonlifting elements, and tail-plane 

characteristics neglecting interference effects and 

assuming a tail efficiency of 1. 

It will be assumed at the outset that the design has 

been carried to such a point that certain principal fea¬ 

tures of the airplane have been tentatively adopted. 

These features include the weight, the wing profile, 

area, dimensions, and arrangement with respect to the 

center of gravity; the horizontal tail-plane profile, area, 

dimensions, and position relative to the center of 

gravity and to the wings; and the over-all length and 

height, including the landing gear. In order to study 

the longitudinal stability it is then necessary to find in 

addition the moment of inertia about the Y axis and 

the lift, drag, static pitching-moment and rotary 

pitching-moment coefficients as a function of angle of 

attack. 

The moments of inertia of the airplane used in 

these tests had previously been measured (reference 8); 

consequently, the moment of inertia about the Y axis 

was available for the calculations. In general, this 

moment of inertia will not be known and must be 

estimated. It may be determined from the summation 

of small elements. This method, however, besides 

requiring long and tedious calculations, is not likely 

to prove very accurate. Probably the most convenient 

and accurate method is that given in reference 8 in 

which there are given the results of accurate measure¬ 

ments of the moments of inertia of several airplanes 

representative of different wing arrangements. From 

these results there have been derived nondimensional 

coefficients based on the weight and over-all dimen¬ 

sions. The suggested procedure is to choose the co¬ 

efficients of the airplane most nearly similar to the 

projected design and to obtain the moments of inertia 

of the projected design by multiplying the nondimen¬ 

sional coefficients by the appropriate factors. 

Curves of CL and CD for the complete airplane were 

obtained by consideration of the airfoil character¬ 

istics as determined in tests at large scale in the vari¬ 

able-density wind tunnel, and of the probable effect 

of the other airplane elements. The lift coefficien 

for the airfoil, after correction to the aspect ratio 

the actual wing, were assumed to apply to the comp]? 

airplane. To the drag coefficients of the airfoil we 

added an estimated drag coefficient representing t 

effect of the fuselage and engine, landing gear, ai 

exposed struts. The parasite-drag' coefficient w 

assumed to remain constant at all angles of attack, 

The static pitching-moment coefficient was obtain, 

by first constructing a vector diagram of the wit 

resultant force at a constant air speed. On the di 

gram the center of gravity of the airplane was spot!- 

in its correct position in relation to the wing clioi 

The moment of the wing about the center of gravi; 

was then computed with the data obtained from tl 

diagram. As the moment of the parasite drag abo 

the center of gravity was assumed to be zero, the on 

other moment was derived from the tail. The dou 

wash angle at the tail was computed from the equatio 

developed by Diehl (reference 9) employing the co: 

stant recommended by Reid (reference 10) for genet 

use, 
e — 60//?(.x+ i) —0-38 (?y + i)-o.2zCl 

where x and y are the horizontal and vertical distant 

of the tail plane behind and below the wings in units 

chord length. The angle of attack of the tail u 

corrected for the down wash from the wing. Next! 

slope of the lift-coefficient curve for the tail planem 

estimated by consideration of the airfoil section at 

aspect ratio. The tail moment about the center 

gravity was then calculated for the same velocity 

for the wing, from the slope of the tail lift-coefficie 

curve, angle of attack of the tail, the tail area, and I 

moment arm. This moment was added algebraical 

to the moment of the wing and the resultant mom? 

reduced to coefficient form. 

The coefficient mg of the rotary derivative was c; 

culated directly from the tail characteristics. T 

assumption was made that the damping of rotation 

the tail is not materially augmented by the damping 

the other parts of the airplane and that the total dam 

ing can be taken as equal to that of the tail. 1 

equation used for the calculation of mQ may be deriv 

as follows: Let the change in angle of attack of the!; 

caused by the angular velocity q be AaT 

now 

and 

(\(Xt — 'Wt! I T 

wT - Iq 

VT = {V‘+ (lq)% 

Let Mt be the change in moment of the tail caused 

the angular velocity q 
then 
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as Iq is small compared to V the term 

neglected 

and 

Mq = 

771, 

dMr „ pv 0 dCLl 
d q 

M 

ST 
da 7 

Sr 1 dC, 
<VSl2 r 1/2 S V d 

Lt 

rj <AaT 

{IqY may be 

RESULTS AND DISCUSSION 

The results of the investigation are given in Figures 

7 to 16, inclusive. The lift and drag curves of the air¬ 

plane are given on Figure 7, showing the power-off 

curves obtained both from flight tests and from cal¬ 

culations. The experimental power-on curves of lift 

and drag are given for comparison. In Figure 8 the 

experimental and calculated curves of pitching-moment 

coefficients are plotted. Figures 9, 10, 11, 12, and 13 

show the stability derivatives computed from the data 

of the two previous figures, and Figure 14 gives the 

experimental and calculated curves of the stability 

derivative mt. In Figure 15 are plotted curves of 

period and damping obtained from the experimental 

and calculated stability derivatives and points repre¬ 

senting the actual measured period and damping. 

Faired curves are given in Figure 16 to show the differ¬ 

ence in the measured stability characteristics power- 

off and power-on. It should be noted that all results 

are given for an air density of 0.00217 slug per cubic 

foot which corresponds to an altitude of 3,000 feet in a 

standard atmosph ere. 

For the determination of the validity of the assump¬ 

tion of small oscillations in dealing with the stability 

it is obviously necessary that the disturbances during 

which the actual period and damping were measured 

should have been large enough to represent actual 

average conditions that the airplane is expected to 

meet in normal flight. An inspection of the air-speed 

records obtained during the oscillations showed varia¬ 

tions in magnitude as great as 30 miles per hour during 

the course of several of the runs and average deviations 

in excess of 20 miles per hour. The amplitudes of 

these oscillations are thought to be great enough to be 

regarded as representative of conditions following a 

disturbance produced by the roughness of the air. 

The nature of the agreement between the theory 

and experiment is shown on Figure 15 where the curves 

of period and damping coefficients as calculated from 

the experimental derivatives are shown with the 

points representing the measured values of the same 

items obtained from the oscillation tests. It can be 

seen that although none of the points actually fall 

on the theoretical curve of damping coefficient they 

are dispersed about equally on either side of the curve. 

The dispersion of the points is probably caused to a 

large extent by unsteady air conditions affecting the 

airplane during the time the records were made. 

The agreement obtained indicates that the theory 

is satisfactory for use in analysis of the longitudinal 

stability characteristics of airplanes. 

For the prediction of stability characteristics it is 

essential that not only can the stability characteristics 

be calculated from the derivatives but also that the 

derivatives can be calculated with the necessary degree 

of accuracy. The degree of accuracy with which the 

stablity derivatives can be calculated is shown by a 

comparison of the calculated and experimental curves 

for the power-off condition in Figures 7 to 14. The 

curves of lift coefficient and associated derivatives 

show fair agreement except at the stall. The calcu¬ 

lated drag curve differs from that obtained in gliding 

flight by an amount that is approximately equal to the 

drag attributed to the idling propeller and conse¬ 

quently is in fair agreement with the curve for the 

power-on condition. This discrepancy, which is 

brought about by the neglect of the drag of the idling 

propeller, is reflected in xu and xw where the disagree¬ 

ment is proportional to that for Cd. The greatest dis¬ 

crepancy between the calculated and experimental 

derivatives is in Cm and rnu. and is probably caused by 

a nonelliptical lift distribution and interference effects 

at high angles, with the result that the calculated 

down wash angles are in error. With mQ the agreement 

is fair. 

The results of the computations of period and damp¬ 

ing from the calculated derivatives are of interest 

notwithstanding the relatively poor agreement in 

mw which seemingly has no serious effect on the final 

result. The curves of the calculated period and 

damping coefficient show the same general trend as 

those computed from the experimental derivatives, 

though the damping curve is offset an appreciable 

amount. The calculated values for the damping are 

smaller than the true values for this case. The com¬ 

parison indicates that predicted results would often 

be useful where more exact data are lacking. Without 

the assurance of better accuracy than that attained in 

the present case, however, it seems evident that 

predicted results showing close to neutral stability 

should not be interpreted too literally. In this con¬ 

nection it should be noted that much better accuracy 

can probably be attained if model test data are avail¬ 

able for the analysis. 

Aside from the principal results of the report there 

are other points of interest that have been brought out. 

The most important of these is the marked difference 

in the stability characteristics between the power-off 

and power-on conditions. (Fig. 16.) The stability 

for the power-on condition is generally less than with 

power-off. A portion of this difference can be attrib¬ 

uted to the difference in flight path. Supplementary 

calculations made show, however, that the difference 

in flight path accounts for very little of the difference 

and that the larger part must be attributed to slip¬ 

stream effects. It will be further noticed that the 
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curvature of the power-on damping coefficient curve 

is reversed at high angles of attack and with a very 

slight change of angle the damping coefficient becomes 

Figure 7.—Lift and drag coefficients of Doyle 0-2 airplane 

ce, ongle of of tack, degrees 
-4 0 4 8 /2 /6 

Figure 8.—Static pitching-moment coefficient of Doyle 0-2 airplane 

positive, i. e., the motion becomes unstable. This 

change of curvature can not be explained by making 

allowance for the effect of the thrust and must be 

dependent on the slipstream effect. Another demon¬ 

stration of the slipstream effect is shown on Figure 

7 by the high maximum lift coefficient for the power-* 

condition. Both of these phenomena illustrate tf 

need for further study of the flow behind the propelle 

Figure 10.—Resistance-derivative coefficient ,r„ of Doyle 0-2 airplane 

The present investigation was made with a 

stick, that is, a fixed elevator setting. This conditio 

represents the case in which the stabilizer is set fe 

the desired condition of flight and the pilot keeps tl- 

elevator in a constant position in spite of slight te«« 
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Figure 11.—Resistance-derivative coefficient zw of Doyle 0-2 airplane 

at, angle of attack, degrees 

Figure 12.—Resistance-derivative coefficient of Doyle 0-2 airplane 

Figure 14.—Rotary-derivative coefficient m, of Doyle 0-2 airplane 

40 

to 30 
o 
§ u 
<u 
10 

.0 

s 
Q. 

K to 

0 

L 
O' 

L 

\ 
II I I 
From exDer/mental_ 

\ \ 
derivatives 

-- — From calculated 

\ \ 
\ 

o + / 
den vati ves 

Doints from o sc it- 

V \ 
\ 

IOT/( jn /e .5 /s 

V v 
\ \ 

+ 

+ 
• + 

+ 
c-~. ~-, _ 

c 

5 

o 

o O ''' 

— o 

0 16 4 8/2 
of, angle of attack, degrees 
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Figure 16.—Comparative curves of the measured period and 

damping coefficient for the power-off and power-on conditions 

of Doyle 0-2 airplane 
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encies to fluctuate about the zero stick-force position. 
Another condition that might well be investigated is 
the case of free elevators as in that case the stability 
then attained determines whether or not the airplane 
can be flown hands-off. 

CONCLUSIONS 

The following conclusions are based on the results of 
the study of the dynamic longitudinal stability of the 
airplane used in this investigation: 

1. The theory of longitudinal stability based on the 
assumption of small oscillations is satisfactory for 
practical studies of the longitudinal stability of air¬ 
planes. 

2. The calculation of stability for the power-off 
condition from basic data is practicable and gives 

sufficient information to be of value in regard to the 
stability of new designs, though the results should not 
be interpreted too literally if they show the stability 
to be close to neutral. 

3. There is not enough knowledge at present con¬ 
cerning the effect of the slipstream on the various 
factors upon which the stability of the airplane de¬ 
pends to warrant calculations for the power-on con¬ 
dition. 

Langley Memorial Aeronautical Laboratory, 

National Advisory Committee for Aeronautics 

Langley Field, Va., June 24, 1982. 



APPENDIX 
DEVELOPMENT OF NONDIMENSIONAL STABILITY 

EQUATION 

The dimensional form of the equation of the longi¬ 

tudinal biquadratic, as given in the various works on 

stability, can he expressed as a determinant. 

m A — Xu 
~ZU 

-Xw — \X, 
rn A 

W cos 60+ Amw„ 
W sin d0 — ymu0 

A 2B - A Mn 
~ AZ, 4 0(1) 

where the subscript zero refers to the initial values of 

the variables and the derivatives are in terms of total 

force and moment rather than force and moment per 

unit mass. The nondimensional form was first sug¬ 

gested by the consideration 

X— - CDP% SV2 

where the symbols have their usual significance. 

Xu = dX/dV=-CDP SV 
Xu/pSV= -CD = xu 

where xu is the nondimensional form of the derivative 

Xu. 
By similar reasoning, the coefficients of the other 

derivatives can be obtained and will be found to he 

2U = ZJpSV 
X w - XJpSV 
C'W = ZJpSV 
Xg = Xg/pSVl 
Zg = Zg/pSVl 
mu = MJ pSVlrj 
mw = Mw/pS\ /1] 
mq = Mg/pSVPr, 

where t] = B/ml2 and l — a characteristic length. 

The choice of the length l is arbitrary. The distance 

from the center of gravity to the rudder post is con¬ 

sidered suitable for a study of longitudinal stability. 

Substituting for the dimensional derivatives in equa¬ 

tion (1) and replacing 

W cos 60 by %CLPSV2 
and 

W sin 90 by %CLpSV2 tan 60 

the following is obtained 

In any steady state, using the wind axes, w0 will be 

zero and u0 equals V. Then introducing the parameter 

p = m/pSl 
the determinant can he written 

\/n /•>*-/, 

A, - CW 

Tflu 7/1 w A 1 

In practice it has been found that x 

p- A xXq 

YzClp tan 6,j — p\\ — 
\\-mX 

X 1^0(2) 

and zn are terms 

of the second order with respect to the other deriva¬ 

tives and consequently are hereafter neglected. 

The biquadratic obtained from the nondimensional 

determinant, which is of similar form to that obtained 

from the dimensional form, is 

W+B\\ + C\\ + D\x + E-0 
where 

B = m. Xy 

C 2w77iq 2WXU f~ TYlqXu 2uXy) /LtHjf 

D = y2iumuCL + pmwxu 4- %CL ptnwtan 90 + mQ{zuxw 
XuZw) Xwp7Ylu 

E= %pCL (xwmu- xum,w)tan 60 + YpCL(mwzu - muzw) 

Stability is assured if Routh’s discriminant It— BCD 
- D2 — B2E and each of the coefficients are positive. 

For a more detailed analysis of the character of the 

motion following a disturbance, the complete solution 

of the equation is found. This analysis can be made 

by an approximate factorization of the biquadratic 

into two quadratics 

W+bxxc^o 

v+(g-f#)v 

of which the first represents a short-period, heavily 

damped oscillation, and the second a long-period, 

lightly damped oscillation.1 It is with the lightly 

damped oscillation that instability is most likely to oc¬ 

cur and therefore it is usually only necessary to inves¬ 

tigate this phase. The solution for At from the second 

quadratic is 

1 /D BE\ IJDC-BE\2 E 

F; 

X, 
2\C C2 

4\ I/DC-BUY 

2)-\\ 2C2 ) C 

> The accuracy of this approximate factorization, which depends on the relative 
values of the constants, was found satisfactory in the present case by reversing the 
operation with the appropriate numerical values of the constants substituted in 

the equations. 

— xupSV 
m A — zu.pS \T 

~ mu,pS 1 Jr] 

\XgpSVl + ){CLpSV2 4- Amvo0 
AZgpSVl + %CLpSV2 tan d„ — Amu0 = 0 

Wr, — rrigpS VI2-q A 

m A — xupS\^ 
- ZupSV 

— mupSVlr) 

Replace 

A by A, pSV/m 
and cancel all factors common to every member of a 

line or column 

A, - xu —xw - A,x.gpSl/m 4- CJ2 4- AiW0/V 
— zu A i~ zw — XFgpSl/m, + %CL tan 6„ — A\U0fV 
~mu — mw — A2;p*S7/m — \,m(lpSl/m 

0 

05 
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The motion is periodic only when the term represented 

by the radical is imaginary, and for this condition the 

period in nondimensional units is 

IE (DC~BE\- 
\C v 2C2 ) 

The term — 
1 (D BE \ 
2 \C C1 ) 

is the constant part of the 

logarithmic decrement of damping and is called the 

damping coefficient If the damping coefficient is 

negative, the motion is stable; that is, the oscillations 

are damped; and if the damping coefficient is positive, 

the motion is unstable. 

For comparison with the values obtained through 

the measurements in flight of the period and damping 

coefficient, it is necessary to convert the solution of X* 

to the dimensional form. This conversion can be 

easily made by the introduction of the factor pVS/m. 
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REPORT No. 443 

PRESSURE-DISTRIBUTION MEASUREMENTS ON THE HULL AND FINS OF A 1/40- 
SCALE MODEL OF THE U. S. AIRSHIP “AKRON” 

By Hugh B. Freeman 

SUMMARY 

This report presents the results 0/ measurements of 
pressure distribution conducted in the propeller-research 
vrind tunnel of the National Advisory Committee for 
Aeronautics on a 1/40-scale model of the U. S. airship 
“Akron” (“ZRS~4”)- The pressures, which were 
measured simultaneously at nearly 400 orifices located 
at 26 stations along one side of the hull, were recorded 
by two photographic multiple manometers placed inside 
the model. The hull pressures were measured both with I 

and without the tail surfaces and the control car for 
eight angles of pitch varying f rom 0° to 20° and at air 
speeds of approximately 70 and 100 miles per hour. 
The pressures were also measured at approximately 160 
orifices on one horizontal fin for the above speeds and 
pitch angles and for nine elevator angles. 

The integrated transverse forces and the integrated 
moments about the center of buoyancy were in good 
agreement with the forces and moments measured on 
the balances in the force tests. The pres sural drag of 
the hull was found to be practically zero within the 
accuracy of the tests. The pressure forces on the after 
portion of the hull in the presence of the tail surfaces 

were found to contribute more than 40 Per cenl °f the 
total fin moments measured in the force tests. Negative 
pressures as great as seven times the dynamic pressure 
of the undisturbed air stream were measured on the 
leading edge of the horizontal Jin at the 20° pitch angle 
with 20° down elevator. 

INTRODUCTION 

A knowledge of the pressure distribution over air¬ 

ship forms is of interest primarily to the airship de¬ 

signer in determining the stresses in the hull structure, 

the most important of which are due directly or in¬ 

directly to the aerodynamic forces on the hull. Ex¬ 

perimental pressure-distribution results are also useful 

in checking theoretical methods of calculating^ the 

pressures on streamline forms, in checking the forces 

and moments measured on the balances in wind- 

tunnel tests and, indirectly, in computing the fric¬ 

tional forces on the surface of the hull. Previous 

measurements of pressure distribution on good stream¬ 

line shapes at 0° pitch angle have shown that the 

resultant of the normal forces on the hull is practically 

zero; whereas, the tangential or frictional forces 

constitute nearly the entire drag of the hull. 

The subject tests are a part of a program of research 

undertaken at the request of the Bureau of Aero¬ 

nautics, Navy Department, on a 1/40-scale model of 

the U. S. airship Akron (ZRS-4), with the object 

of determining: (1) The forces and pitching moments 

on the bare hull and on the hull fitted with two 

different sets of tail surfaces, (2) the elevator forces 

and hinge moments, and (3) the pressure distribution 

over the hull and fins. This program was later 

extended to include (4) the measurement of total 

head in the boundary layer at ten stations on the 

hull. The results of (1) and (2) are presented in 

reference 1, those of (3) are the subject of the present 

report, and the results of the boundary-layer tests 

are given in reference 2. 

The unusually large size of the model, 19.62 feet in 

length and 3.33 feet in maximum diameter, allowed the 

tests of pressure distribution to be conducted at a larger 

Reynolds Number than has previously been obtained 

in model tests of a similar nature. The large model 

also permitted the multiple manometers, which record 

simultaneously 400 pressures, to be installed inside the 

model, thus greatly expediting this work. The tests 

were conducted in the 20-foot propeller-research wind 

tunnel of the National Advisory Committee for Aero¬ 

nautics and were completed in July, 1931. 

APPARATUS AND TESTS 

The model, built in the shops of the Washington 

Navy Yard, is of hollow wooden construction having 

36 sides over the fore part of the hull fairing into 24 

sides near the stern. The length of the hull is 19.62 

feet, the maximum diameter 3.33 feet, and the fineness 

ratio 5.9. The principal dimensions of the hull and 

fins are given in Table I. Four hundred pressure ori¬ 

fices, distributed among 26 stations, were placed along 

one side of the hull. The location of the stations and 

the distribution of the orifices around the hull are 

shown in Figure 1. The orifices, inch in diameter, 

were drilled into circular brass plates y2 inch in diame¬ 

ter set into and flush with the surface of the hull. The 
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Figure 1.—Location of orifices for the pressure measurements on a 1/40 scale model of the Akron 

(а) Typical sections in direction “B-B” at stations 3, 4, 6, 10, 14, and 16 showing radial locations of orifices in hull. Three orifices marked “x” placedat 

stations 4 and 6 only 
(б) Typical sections in direction “B-B” at stations 7, 9,11,13, and 15 showing radial location of orifices in hull. Three orifices marked “x” placed at station 7 only. 

Orifices marked “z” at station 11 omitted 
(r) Typical sections in direction “B-B” at stations 8 and 12 showing radial location of orifices in hull. Three orifices marked “X” placed at station 8 only. 
(d) Typical sections in direction “B-B” at stations 5 and 17 showing radial location of orifices in hull. Three orifices marked “x” placed at station 5 only. 

(e) Section “A-A” showing radial location of orifices at station 2 
(/) Typical sections in direction “ B-B ” at stations 8 to 21 inclusive, showing radial location of orifices in hull. Three orifices marked “x ” placed at station 21 only. 
(g) Typical sections in direction “B-B” at stations 22 to 26 inclusive, showing radial location of orifices in hull. Two orifices marked “x” placed at stations 22 

and 23 only, 
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Figure 4.—Manometer installation within the hull of 1/40-seale model Akron 

location of the fin orifices is given 

in Figure 2. The fin shown is of 

the Mark-II type, which is de¬ 

scribed in detail in reference 1. 

The orifices were connected in¬ 

side the hull to two photographic-re¬ 

cording multiple manometers of the 

type shown in Figure 3. Each 

manometer consisted of 200 glass 

tubes placed about the periphery 

of a drum, a long incandescent 

light bulb for making the exposures 

placed at the center of the drum, a 

reservoir to which the lower ends 

of the tubes were connected by 

means of a circular brass header, 

and a box which contained the 

photostat paper and the mecha¬ 

nism for changing the paper after 

each exposure. The photostat pa¬ 

per, wound initially on spool A, was 

passed around the metering spool 

B and then around the outside of 

the glass tubes on the drum and 

back into the box, and was wound 

on the spool C, which was driven by an electric motor. 

The metering spool was geared to a mechanism that 

broke the electric circuit and stopped the motor when 

the proper length of paper had been metered out to 

encircle the drum. 

Figure 3.—Photographic-recording multiple manometer used for recording pres¬ 
sures on the 1/40-scale model Akron 

The manometers were mounted inside the model 

| on cradles, which were free to swing about a hori- 

; zontal axis at right angles to the longitudinal axis 

of the hull, thus allowing the manometers to re¬ 

main level for the various angles of pitch. (Fig. 4.) 

In order to provide a reference line on the records, 

six of the glass tubes spaced equidistant about the 

circumference of the drums were connected, together 

Figure 5.—The 1/40-scale model Akron mounted in the 20-foot propeller-research 

wind tunnel 

with the reservoirs, to the reference pressure, which 

for these tests was the static pressure in the test 

chamber. 

Two simultaneous records, one from each manometer, 

gave a complete diagram of the pressure distribution 

over one side of the hull at one angle of pitch and at one 

wind speed. The capacity of the manometers was 18 

exposures. Thus, complete diagrams for nine angles 

of pitch and two wind speeds could be obtained in one 

run of about 30 minutes duration. 
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The method of mounting the model in the wind 

tunnel is shown in Figure 5, and is described in detail 

in reference 1. 

Figure 6.—Observed point pressures on bare hull at several stations for four 

angles of pitch of the 1/40-scale model Akron 

The pressure distribution was measured (1) on the 

bare hull at nine angles of pitch (0 = —3°, 0°, 3°, 6°, 

9°, 12°, 15°, 18°, 20°) and at air speeds of approxi¬ 

mately 70 and 100 miles per hour, (2) on the hull with 

fins and control car at the above pitch angles aui 

speeds and for three elevator angles (5 = 0°, 20°, anc 

— 20°), and (3) on one horizontal fin at the abovi 

angles of pitch and air speeds and for nine elevato; 

angles (8= -20°, -15°, -10°, -5°, 0°, 5°, 10' 

15°, and 20°). 

Because of the limited head (about 9 inches) thai 

could be recorded by the manometers, which did no: 

allow the low pressures on the suction side of tk 

leading edge of the fin to be measured with the ma 

nometers containing alcohol, these pressures wen 

measured in a separate test with the manometer 

containing mercury. 

PRECISION OF MEASUREMENTS 

The following sources of error affect the accuracy o! 

the measured pressures: 

a. Shrinkage of the photographic records. 

b. Errors in measurements of the manomete: 

deflections. 

c. Oscillation of the manometers. 

d. Fluctuations in the velocity and direction o! 

the air stream. 

The errors from a were found, in general, to be less 

I than 1 per cent and those from b are believed to b 
within ± 1 per cent. The combined errors due to a 

c, and d, estimated from a comparison of the pressure: 

over the nose of the hull from different test records 

were of the order of ±2.5 per cent. The portion ol 

these errors contributed by the oscillation of the 

manometers is believed to be small except for the 

high-speed, high-pitch-angle condition when the mode 

was observed to be quite unsteady. Additional small 

errors may have been introduced owing to the fact 

that some of the orifices had pulled into the surface 

slightly. The relative accuracy of the point pressures 

for any particular test, is best shown by the plots o 

the observed values presented in Figure 6. The 

scattering of the values from a mean curve is small. 

RESULTS AND DISCUSSION 

Because of the great mass of observed and derived 

data obtained in the present tests, it has been necessary 

to limit the results presented here to relatively fe« 

data representative of the whole. 

The results have been presented in terms of thf 

dynamic pressure q of the air stream and have beci 

corrected for the difference between the local state 

pressure in the air stream and the reference pressure 

This correction consisted simply of subtracting fron 

the pressures at any section of the model the state 

pressure of the air stream, measured in the absence o 

the model, at the corresponding position along the 

axis of the tunnel. This correction should reduce the 

pressure of the stagnation point at the nose of the hull 

with the model at 0° pitch, to a value equal to tin- 

dynamic pressure q. The mean value of p/q for th 

station (where p is the pressure) obtained from eigb 

different tests was 1.005. 
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The variation in static pressure along the hull, 

measured in the absence of the model, is given in the 

following table: 

a/L !0.0 0.1 0.2 0.3 0.4 0.5 0.6 0. 7 0.8 0.9 1.0 
p/q | . 032 .025 .020 .017 .015 .013 .011 .010 .010 .011 .013 

where a is the axial distance from the nose of the model, 

L is the length of the model, and p is the static pres¬ 

sure at any point on the axis. 

The observed values of the point pressures on the 

bare hull are presented in Table II and are plotted in 

Figure 7.—Longitudinal distribution of pressure along three longitudinals of 
the bare hull of l/40-sca!e model Akron. Pitch angle 0=20° 

Figure 6 for six stations and for four angles of pitch 

against the angular displacement « of the orifices 

from the bottom center line of the hull. The longi¬ 

tudinal distribution of pressure along the hull at 

to== 0°, 90°, and 180°, for an angle of pitch of 20°, is 

co, degrees 

Figure 8.—Effect of polygonal form on the distribution of pressures at 
station 5 on 1/40-scale mode! Akron. c=orifices at centers of flat sides of 
hull. d=orifices 1° from edges of flat sides of hull 

given in Figure 7. The values were taken from curves 

such as those given in Figure 6. 

The effect of the polygonal form of the hull upon 

the pressure distribution around the hull is shown in 

Figure 8. Figure 8 (a) shows a typical layout of the 

orifices located near the corners of the polygonal hull. 

Figure 8 (b) shows the pressures measured at station 5 

plotted against the angle w. Continuous curves have 

been drawn through the pressures measured at the 

centers of the flats and broken lines through the 

pressures measured near the edges of the flats. In 

general, the pressures at the corners are slightly lower 
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Figure 9.—Average pressures on bare hull of 1/40-scale model Akron lor four angles 
of pitch 

than those at the center. The difference is greatest on 

the lower side of the hull in the range of the values of w 

between 20° and 40°. In this range the difference 

increases with both the angle of pitch and the angle of 

displacement from the keel. The maximum effect 

shown occurs at co = 34° for the 18° angle of pitch 

Figure 10.—(a) Average pressures plotted against cross-sectional area. 
(6) Longitudinal force on bare hull of 1/40-scale model Akron. Pitch 
angle 8=0° 

where the pressure near the corner is about 30 per 

cent less than that at the center. The trend of the 

results indicates that the maximum effect occurs at a 

still higher value of w, probably around 45°, where 

there were no orifices at the corners. The results for 

the stations numbered 8, 12, and 17 were similar to 
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those shown for station 5, except that the magnitude 

of the effect was somewhat smaller. 

The average pressure at any station, considering the 

hull as a body of revolution, is given by the equation 

(reference 3) 

' f p dw (1) 

or, for the present case, if it be assumed that the pres¬ 

sure diagrams are symmetrical on the two sides of the 

hull, the average pressure is given by 

p dco 

The average pressures, obtained by integrating graph¬ 

ically curves such as those given in Figure 6, are 

Figure 11.—Transverse force per foot of length on the bare hull of the 1/40 scale 

model Akron 

presented in Table III and are plotted for four angles 

of pitch in Figure 9. 

The pressure at station 7, which is approximately 

1.5 feet from the bow, appears to be high in relation 

to those of the neighboring stations and causes an 

irregularity in the curves of average pressures. This 

characteristic, which appears in all the tests, could not 

be satisfactorily explained. It was thought perhaps to 

be due to an irregularity in the model. A careful check 

of the form of the hull in this region, however, showed 

the actual ordinates to be in close agreement with those 

specified and the form to be fair. Another possible 

explanation of the distortion of the curves in this region 

was the fact that many of the orifices at this station 

w*ere not exactly flush with the surface, but had pulled 

into the surface slightly. An inspection of the pres¬ 

sures measured at station 7 at orifices that were flush 

with the surface showed that these pressures were 

slightly lower than the mean curve, but only by an 

average amount of p/q^ 0.015, a value too small to 

remove the hump in the curve. 

The longitudinal force or, for 0° angle of pitch, t| 

pressural drag is given by the equation 

where A is the area of cross section of the hull. Thi 

integral was evaluated by integrating graphically tl 

area under the curve of the average pressure plotti 

against the cross-sectional area of the hull. (Fi| 

10 (a).) The pressural drag for ten observations mad 

at five air speeds is plotted in Figure 10 (b) againsttb 

dynamic pressure of the air stream. The scatter^ 

of the values is probably due to errors in the measure 

ments and in the graphical computation, which ii 

volves the subtraction of two approximately equj 

areas, very small errors in the pressures causa 

relatively large errors in the integrated results. Tl; 

plotted values fall about a mean line which is coincide® 

with the axis of the abscissa, indicating that withii 

Figure 12.—Computed and experimental transverse forces on the bare hull o! 
the 1/40 scale rn-del Akron. 6= 15° 

the accuracy of these tests the pressural drag is si 

small it may be considered zero. However, thi- 

result is also dependent upon the accuracy of tk 

correction for the variation in static pressure along tk 

hull. Without this correction the pressural drat 

amounts to about 21 per cent of the measured drag o: 

the hull. 

The longitudinal forces for the various angles oi 

pitch are given in Table IV and compared to the 

longitudinal forces obtained from the force measure¬ 

ments. Here, as in the case for 0° angle of attack 

the values of the integrated forces are small and quite 

erratic. 

The transverse force, in a vertical plane through the 

longitudinal axis of the hull, for any station is given by 

the equation 
dF [» 

f~dx Jo 
pr cosoidcu 
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where F is the total transverse force, x is the distance 

from the nose of the hull measured along the longi¬ 

tudinal axis, and r is the radius of the hull. The values 

of / determined graphically are given in Table V, and 

are plotted for four angles of pitch in Figure 11. The 

existence of the small transverse forces at the 0° angle 

of pitch indicates either that the air flow was not 

strictly axial or that the model was not exactly sym¬ 

metrical. The curve for the 15° angle of pitch is re- 

Figure 13.—Comparison of total transverse forces obtained from pressure dis¬ 
tribution and from force tests on the bare hull of 1/40-scale model Akron 

plotted in Figure 12 and compared to the transverse 

forces computed from Munk’s equation (reference 4) 

, dF dA ,, , . . _ 

/=dUrtS2(i2"il)sm 29 

where A is the cross-sectional area of the hull 

6 is the angle of pitch 

k2 and ki are the coefficients of additional mass 

of air transversely and longitudinally, 

respectively, 
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Figure 14.—Comparison of pitching moments obtained from pressure distribution 
and from force tests on 1/40-scale model Akron 

and also from the alternative form of this equation 

due to Upson and Klikoff (reference 5) 

i 
dF 
dx 

cos2a sin 26 

where a is the inclination of the surface of the hull to 

the longitudinal axis. The latter equation, as has been 

found in previous experiments, gives somewhat better 

agreement over the fore part of the hull than the 
former. 

40768—.34-6 

The total transverse forces on the hull, which were 

obtained by integrating the areas under curves such as 

those in Figure 11, are plotted against angle of pitch in 

Figure 13 and compared to the values computed from 

the lift and drag taken from the force tests. (Refer¬ 

ence 1.) The integrated values are in fairly good 

agreement with the measured forces at the low angles 

of pitch but are somewhat lower than the measured 

forces at the high angles. These results are what 

would be expected as the integrated values do not take 

into account the frictional forces, which at the high 
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Figure 15.—Comparison of point pressures on the after portion of the hull 
of the model Akron with and without tail surfaces 

angles of pitch have appreciable components normal to 

the hull axis. 

The moment about the center of buoyancy was com¬ 

puted in two parts'—(1) the moment due to the trans¬ 

verse force, and (2) the moment due to the longitudinal 

force. The first part (Mi) was obtained by taking the 

moment of the area of the transverse force curves 

(fig. 11) about the center of buoyancy by means of a 

mechanical integrator. The second part is given by 

where A is the cross-sectional area of the hull. This 

equation was solved graphically by plotting / deter¬ 

mined from equation (3) for the different stations 

against the corresponding cross-sectional area and 

integrating the area under the resulting curve. The 

moments due to the longitudinal forces amount to 

about 4 per cent of the total and are in the opposite 
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direction to those due to the transverse forces. The 

total moment is then 

Al=Al\ + M2 

Figure 14 (upper curve) shows the integrated moments 

for the various angles of pitch compared to the mo- 

Figure 16.—Transverse force per unit length on the hull of 1/40-scale model Akron 
with the control car and tail surfaces in place. Elevator angle 6e=0° 

ments determined by the force tests. In general, the 

two sets of results are in very close agreement. 

The influence of the fins and control car upon the 

pressure distribution over the hull is shown in Figures 

15 to 17, inclusive. The point pressures observed at 

Figure 17.—Comparison of transverse forces on the hull of the 1/40-scale model 
Akron with and without control car and tail surfaces 

four stations in the vicinity of the fins are shown in 

Figure 15 for the 20° pitch angle and compared to the 

pressures on the bare hull. The greatest change in the 

point pressures due to the presence of the fins occurs, 

as was to be expected, in the vicinity of the leading 

edges of the fins which are just forward of station 19. 

The transverse forces on the hull with the fins; 

place are presented in Tables VI, VII, and VIII, at 

are shown for several angles of pitch in Figure 16 ft 

an elevator angle 8e of 0°. Figure 17 shows the trail 

verse forces when the elevators were down 20°. fi 

comparison, the curves for the bare hull are replotfe 

on the same diagram. The influence of the tail sit 

faces on these forces on the after portion of the hull 

very marked, the forces being of equal or great 

magnitude than those on the bare hull but acting in ft 

opposite direction. The influence of the control ct 

Figure 18.—Pressure distribution on horizontal fin surface of the 1/40-scaS 
model Akron. Pitch angle 6=20°. Elevator angle 5„=20° 

on the transverse forces over the fore part of the ha 

is also quite pronounced, especially at the low angles* 

pitch. 

The integrated pitching moments on the hull, wit 

the fins and control car in place, are compared i 

Figure 14 with the moments on the bare hull and wit 

the total pitching moments of the hull with the fit 

and control car obtained from the force tests. Tt 

difference between the upper curve and the lower on 

for any particular angle of pitch, represents the tot 

moment due to the fins. The difference between tl 

upper curve and the intermediate one represents tt 
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portion of the moment due to the influence of the fins 

and control car on the pressural forces on the hull. 

The latter forces are seen to contribute more than 40 

per cent of the total fin moment. The large magnitude 

of the fin action of the hull suggests the possibility of 

augmenting this effect and thereby increasing the 

effectiveness of the fin surfaces, and also of distributing 

the forces more widely over the after portion of the hull. 

In this connection, it would be of interest to test the 

airship model with eight tail surfaces instead of four, 

the four additional fins to be placed on the 45° diame¬ 

ters of the hull and the total fin area to be the same as 

Figure 19.—Pressure contours on negative pressure side of horizontal fin surface 
of the 1/40-scale model Akron. Pitch angle 0=20°. Elevator angle 5e=20° 

before. With this fin arrangement and with the model 

at an angle of pitch, the pressure decrease over the top 

ak of the hull and the pressure increase over the bottom 

of the hull due to the influence of the tail surfaces 

in should produce much larger components in the vertical 

if plane than the present fins. The fin action of the hull 

should be increased, whereas the forces on the fins 

it should be decreased, thus shifting the greater part of 

i the fin forces directly onto the hull. The ZMC-2 
it metal-clad airship actually has a sj^stem of eight tail 

fif surfaces similar to that described above, except that 

ft the fins are all shifted around the hull by 22 K°. 

ifl The results of the measurements of the fin pressures 

)tt are presented in Figures 18, 19, and 20. The iso- 

tl metric chart in Figure 18 shows the pressures over the 

tt fin for the 20° angle of pitch and 20° down elevator. 

The maximum negative pressure recorded was on the 

leading edge and amounted to seven times the dynamic 

pressure of the undisturbed air stream. Figure 19 

shows the pressure contours on the suction side of the 

fin for the same pitch and elevator angles. The 

integrated normal-force coefficients 

normal force on fin 

where S is the area of the fin, are plotted in Figure 20 

against the elevator angle for the various pitch angles 

tested. The variation of the normal-force coefficient 

with the elevator angle is approximately linear over 

the range of angles from elevators down 20° to eleva¬ 

tors up 15°. The elevators apparently lose much of 

Figure 20.—Normal-force coefficients for horizontal fin surfaces on the 
1/40-scale model Akron 

their effectiveness when deflected upward 20°, the 

normal-force coefficient for this elevator angle being 

about the same as with the elevators up 10°. 

CONCLUSIONS 

1. The integrated transverse forces and the moments 

about the center of buoyancy were found to be in good 

agreement with the forces and moments determined 

in the force tests. 

2. The pressural drag of the hull at 0° pitch was 

found to be practically zero, within the accuracy of the 

tests. 

3. The fin action of the after portion of the hull in 

the presence of the tail surfaces was found to contribute 

more than 40 per cent of the total fin moment measured 

on the balances. 

4. Negative pressures as great as seven times the 

dynamic pressure of the undisturbed air stream were 

measured on the leading edge of the horizontal fin 

at the 20° pitch angle with 20° down elevator. 

Langley Memorial Aeronautical Laboratory, 

National Advisory Committee for Aeronautics, 

Langley Field, Va., June 28, 1932. 
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TABLE I 

DIMENSIONS OF MODEL U. S. S. “AKRON” 

[Scale=1/40] 

Distance 
from nose 

Radius 
(circum¬ 
scribed 
circle) length 

o/l Inches 
0 0 
0.02 4. 95 Length, 19.62 feet. 

.05 9. 96 Volume, 115.0 cubic feet. 

. 10 14. 20 

. 15 16. 65 

.20 18.39 Total horizontal tail surface area (square feet): 

.25 19. 12 Mark-I Mark-II 

.30 19. 61 5.074 4.590 

.35 19.85 

.40 19.90 Elevators (including balance vanes) square feet: 

.45 19.90 1.004 0.932 

.50 19. 80 

.55 19.59 Elevator balance vanes square feet: 

.60 19. 12 0.234 0.220 

. 65 18.46 

.70 17. 50 Elevator chord length (feet): 

.75 16. 15 c=0.410 C =0.369 

.80 14. 44 

.85 12. 29 Location of elevator axis: 

.90 9.61 a/z.=0.9090 a/t = 0.9059 

. 95 6. 52 Center of buoyancy: 
1.00 0 a/t=0.464 

Leading edge of control car: 
a/r. =0.1555 

Length of control car = 1.238 (feet). 

TABLE II. 1/40-SCALE MODEL U. S. S. “AKRON” 

OBSERVED PRESSURES p/q 

BARE HULL 

[100 m. p. h. approximately] 

Sta- 
Angle of pitch, 9 

tion CO 

No. 0° 3° 6° 9° 12° 15° 18° 20° 

1 Nose. 1 0.967 ‘ 0.900 0.785 0.682 0.434 0.098 -0. 132 

0 0.866 ‘.934 ‘. 956 i. 975 ‘.983 ‘.990 1.985 1.960 
30 .853 ‘. 891 ‘. 901 1. 890 .865 .829 . 783 . 720 
60 .849 .850 .826 .771 .695 .575 .451 .330 

2 90 .846 .825 .769 .674 .596 .432 .262 . 128 
120 .844 .799 .728 .606 .519 .353 . 164 .049 
150 .840 .786 .716 .601 .519 .393 .284 . 197 
180 .834 .770 .700 .589 .521 .413 .294 .220 

0 . 702 .779 .834 .888 i. 920 1.944 1.962 1. 970 
30 . 698 .749 .800 .838 .822 .836 .854 .837 
60 .681 .699 .712 .713 .661 .619 .579 .515 

3 90 .681 .668 .625 .576 .499 .396 .291 . 190 
120 .681 .633 .563 .474 . 399 .275 . 144 .043 
150 .678 .599 . 513 .404 .329 . 206 .067 -.014 
180 .681 .590 .505 .389 .312 .200 .079 .004 

0 .414 . 507 .580 .674 . 704 .774 .845 1. 878 
30 .417 .480 .550 .627 . 625 .676 .733 .737 
60 .408 .433 .465 .489 .446 .436 .433 .390 

4 90 .393 .370 .346 .325 .416 . 177 . 103 .024 
120 .386 .312 .238 . 162 .080 -.032 -. 150 -.245 
150 .382 . 279 . 180 .077 -.003 -. 115 -. 250 -.338 
180 .376 .254 . 158 .032 -.052 -. 160 -.290 -.373 

* Value taken from faired curve. 

TABLE II. 1/40-SCALE MODEL U. S. S. “AKRON”-G 
OBSERVED PRESSURES p/q 

BARE HULL 

[100 m. p. h. approximately] 

Sta¬ 
tion 
No. 

CO 

Angle of pitch, 0 

0° 3° 6° 9° 12° 15° 18° 20 

0 . l'O .257 .332 .434 .477 .567 .652 
10 . 164 .247 .330 .429 .466 .550 .633 .6! 
20 . 177 .244 .324 .416 .440 .552 .595 .63 

.51 30 .158 .219 . 294 .374 .386 .455 . 505 
40 . 160 .217 .282 .349 .342 .389 . 428 .1) 
50 . 165 .211 . 260 .310 . 288 .318 .341 .33 
60 . 152 . 184 .215 .249 . 210 .216 .202 ,18 
70 . 134 . 148 . 167 . 184 . 135 . 116 .082 .0! 
80 . 140 . 131 . 132 . 129 .068 .024 -.038 -.O' 

5 90 . 142 . 123 . 102 .085 .015 -.046 -. 115 -.18 
100 . 136 .098 .070 .032 -. 040 -. 117 -.206 -.28 
110 . 126 .073 . 023 -. 035 -. 103 -. 195 -.301 -r 
120 . 125 .056 -. 001 -.076 -. 148 -.242 -.353 -.4! 
130 . 131 .055 -.018 -. 105 -. 176 -. 280 -.393 -.4' 
140 . 128 .041 -. 035 -. 131 -. 199 -. 297 -.415 -.41 
150 . 123 .025 -. 063 -. 163 -.233 -. 330 -. 446 -.5! 
160 . 121 .018 -.071 -. 176 -.244 -.340 -.453 -.52 
170 .111 .003 -.086 -.198 -. 266 -.360 -. 471 -.5) 
180 .112 -.002 -.091 -.203 -.275 -.372 -.478 -.55 

0 .049 .132 .201 .288 .338 .433 .503 .5? 
30 .056 . 117 . 183 .250 . 270 . 336 .386 .4. 
60 .037 .074 . 101 . 121 .093 .097 .075 • Or 

6 90 .035 .028 .005 -.017 -.077 . 134 -.210 -T 
120 .008 -. 047 -.095 -. 174 -. 232 -. 316 -.417 -.45 
150 .008 -.070 -. 142 -.234 -.287 -. 366 -. 462 -.51 
180 -.004 -.077 -. 152 -. 242 -.300 -.372 -.452 -.56 

0 -.027 .043 . 107 . 171 .222 .305 .372 .46 
10 -.003 .058 . 122 . 184 . 232 .306 .367 .3! 
20 -.015 .043 . 104 . 161 . 200 . 270 .321 .31 
30 -.029 .025 . 034 .131 . 155 . 211 .251 .2; 
40 -. 017 .034 .080 . 117 . 124 . 159 . 176 .16 
50 -.010 .034 .067 .087 .080 .098 .089 .11 
60 -.018 .015 .034 .042 .017 . 017 -.016 -.02 
70 -.027 -.001 .006 .004 -.034 -. 053 -. 109 -,i; 
80 -.030 -.021 -.028 -.046 -.091 -. 126 -. 194 —.24 

7 90 -.011 -.019 -.031 -.063 -. 113 -. 163 -.241 -.26 
100 -.018 -. 041 -.063 -.113 -.164 -. 226 -.314 -.3' 
110 -.044 -.071 -. 103 -. 166 -.217 -. 283 —. 377 -.44 
120 -.051 -.096 -. 133 -.208 -. 254 -.325 -.419 -.45 
130 -.030 -.081 -. 119 -. 198 -. 241 -. 305 -.394 -.44 
140 -.047 -. 103 -. 149 -.228 -.269 -. 330 -.416 -.4* 
150 -.046 -. 103 -. 153 -.229 -.268 -. 323 -.396 -.43 
160 -.066 -. 134 -. 183 -.2.54 -.296 -. 345 -. 404 -.4! 
170 -.044 -. 109 -. 159 -.227 -. 268 -.317 -. 369 -.41 
180 -.049 -. 119 -. 169 -.239 -.233 -.331 -.377 -.41 

0 -. 139 -.092 -.041 .014 .053 . 124 . 199 .22 
4 -. 144 -.097 -. 044 .009 .054 . 120 . 189 .21 
6 -. 144 -. 097 -.044 .008 .052 . 120 . 186 ,21 

14 -. 142 -.097 -.044 .006 .046 . 105 . 162 .18 
16 -. 137 -.096 -.044 .006 .042 . 100 . 156 .1? 
24 -. 139 -.099 -. 057 -.021 .004 .045 .081 .15 
26 -. 134 -. 097 -. 059 -. 029 -.014 .015 .036 .05 
30 -. 132 -.097 -.061 -.031 -.017 .010 .033 .04 
34 -. 148 -. 113 -.0^2 -.064 -.062 -.047 -.033 -.0- 
36 -. 149 -. 113 -.087 -.071 -. 079 -.074 -.081 -.08 
60 -. 130 -. 106 -.094 -. 086 -. 109 -. 113 -. 147 -.1! 
84 -. 132 -. 134 ~. 151 -. 182 -. 234 -.283 -.374 -.43 

86 -. 146 -. 155 -. 172 -.206 -.257 -.314 -.402 -.45 

8 90 -.137 -. 147 -. 166 -. 199 -.246 -.293 -.379 -.45 
94 -. 151 -. 167 -. 194 -.244 -.294 -. 366 -.461 
96 -.154 -. 175 -. 204 -. 251 -.302 -.370 -.462 -.55 

120 -. 136 -. 175 -.207 -. 269 -.309 -. 366 —. 447 -.56 

144 -. 149 -. 198 -. 264 -. 302 -.336 -.389 -.467 —. 5T 

146 -. 163 -. 212 -. 251 -.317 -.351 -.404 -.481 -.53 

150 -. 171 -. 223 -. 261 -.319 -. 351 -.395 -.459 -.46 

154 -. 144 -. 197 -.232 -. 296 -.326 -.369 -.430 -.46 

156 158 -.2)0 -. 246 -. 301 -.330 -. 369 -.417 -.44 

164 -. 158 -.210 -.246 -.294 -.321 -.352 -.381 -.46 

166 -. 158 -.210 -. 247 -. 296 -. 321 -. 352 -.381 -.4! 

174 -. 164 -.215 -. 252 -.297 -.322 -. 352 -.375 -.36 

176 -. 163 -.213 -.251 -.297 -.321 -.350 -.369 -.3* 

180 -. 156 -. 205 -.244 -. 286 -.314 -.345 -.364 

0 -. 147 -. 117 -.080 -.042 -.005 .042 . 106 .12 

10 -. 144 -. 115 -.079 -.040 -.005 .040 .093 
20 -. 149 -. 128 -.090 -. 057 -.032 .007 .046 .05 

30 -. 150 -. 120 -.087 -. 062 -.044 -.020 .005 .02 

40 -. 137 -. 119 -.094 -.077 -. 069 -.060 -.052 -.04 

50 -. 137 -. 123 -. 105 -. 100 -. 114 -. 114 -. 134 
60 -. 134 -. 127 -. 119 -. 122 -. 147 -. 162 -.207 -.21 

70 -. 128 -. 128 -. 129 -. 137 -. 175 -. 201 -.262 -.25 

80 -. 144 -. 148 -. 159 -. 179 -. 225 -. 260 -.337 -J 

9 90 -. 140 -. 160 -. 179 -.210 -. 259 -.305 -. 390 -J 

100 -. 140 -. 165 -. 185 -. 229 -. 274 -.325 -. 409 -.ft 

110 -. 140 -. 175 -. 200 -. 250 -. 292 -.347 -.426 -.ft 

120 -. 137 -. 175 -. 200 -. 252 -.290 -.338 -.412 -.ft 

130 -. 147 -. 190 -.215 -. 262 -.295 -.335 -. 399 -.ft 
-J 140 -. 144 -. 186 -.212 -. 250 -. 283 -.313 -. 365 

150 -. 140 -. 180 -.204 -.238 -. 267 -. 286 -.324 

160 -. 139 -. 178 -. 199 -.230 -. 255 -.270 -.290 

170 -. 149 -. 188 -. 210 -. 234 -. 259 -.270 -. 277 

180 -. 145 -. 181 -.205 -.229 -. 252 -. 261 -.264 

0 -. 125 -. 107 -.075 -. 045 -.023 .017 .075 j 
-.0 30 -. 109 -.093 -.072 -. 055 -.045 -. 030 -.010 

60 -. 120 -. Ill -. 110 -.113 -. 148 -. 165 -.205 —,2T 

10 90 -. 126 -. 140 -. 157 -. 190 -. 238 -.283 -.367 -.I1 

120 -.126 -. 156 -. 177 -.225 -. 258 -.310 -.373 

150 1 -.130 -. 160 -. 175 -.200 -.225 -.241 -.267 
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TABLE II. 1/40-SCALE MODEL U. S. S. “AKRON”—Con. 

OBSERVED PRESSURES p/g 

BARE HULL 

[100 m. p. h. approximately] 

Sta- CO 

1 
Angle of pitch, 0 

tion | 
No. 0° 3° 6° 9° 12° 15° 18° 20° 

0 143 133 -. Ill -.091 -.075 -.045 .005 .011 
10 -. 107 -. 095 -. 075 -.055 -.040 -. 009 .029 .032 
20 -. Ill -. 105 -.081 -.065 -.058 -.038 -.003 -.006 
30 -. 124 -. 116 -, 106 -. 105 -. 110 -. 115 -. 121 -. 122 

11 40 -. 124 -. 114 -.098 -.090 —. 0s6 -.076 -.065 -.061 
50 -. 123 -. 114 -. Ill -. 118 -. 136 -. 150 -. 176 -. 188 
00 -. 136 -. 131 -. 136 -. 148 -. 185 -. 209 -. 260 -. 282 
70 -. 121 -. 121 -. 128 -. 146 -. 188 -.222 -.285 -.319 
80 -. Ill -. Ill -. 125 -. 143 -. 190 -.224 -. 291 -. 334 

100 -. Ill -. 131 -. 156 -.200 -.243 -.292 -.381 -.441 
110 -. 116 -. 136 -. 156 -.201 -.238 -.286 -.360 -.411 
120 -. 123 -. 144 -. 163 -. 208 -.238 -.286 -.346 -.336 
130 -. 136 -. 156 -. 173 -.208 -.230 -.266 -. 320 -.342 
140 -. 131 -. 149 -. 161 -. 190 -. 209 -.230 -. 271 -.282 
150 -. 143 -. 158 -. 168 -. 184 -.203 -.210 -.235 -.242 
160 -. 121 -. 139 -. 143 -. 156 -. 173 -. 173 -. 191 -.295 
170 -. 138 -. 158 -. 171 -. 175 -. 185 -. 173 -.175 -.173 

0 -. 100 -.094 -.079 -.065 -.057 -.034 .001 .007 
4 -.091 -.085 -.072 -.057 -.052 -.024 .010 .010 
6 -.093 —. 0o7 -. 072 -.057 -. 052 -.025 .003 .010 

14 -.091 -.087 -.072 -.059 -.057 -.037 .003 -.010 
16 -. 103 -.094 -.0.0 -.072 -.070 -.052 -.034 -. 032 
24 -. 103 -.095 —. 0s8 -.087 -oyo -.087 -.087 -.0s5 
26 -. 103 -.095 -.090 -. 094 -. 104 -. 101 -. 129 -. 124 
30 -. 191 -.087 -.077 -,0c 5 -. 092 -. 102 -. 120 -. 121 
34 -. 118 -.117 -. 122 -. 132 -. 155 -. 172 -.225 -.229 
30 -. 105 -. 099 -. 099 -. 110 -.134 -. 154 -. 194 -.202 
60 -.098 -.094 -.100 -. 119 -. 152 -. 179 -.222 -.253 
84 -. 105 -. 112 -. 134 -. 172 -. 229 -.285 -. 390 -.445 
86 -. 105 -.110 -. 134 -. 174 -. 230 -.287 -. 390 -.452 
90 -. 096 -. 107 -. 124 -. 162 -. 208 -.255 -.343 -.393 

12 94 -. 100 -. 107 -. 125 -. 175 -. 229 -.288 -.397 -.460 
96 -. 103 -. 118 -. 132 -. 184 -. 237 -. 295 -.403 -.464 

120 -. 105 -.118 -. 132 -. 174 -. 200 -. 241 -.305 -.337 
144 -. 105 -. 118 -. 124 -. 160 -. 175 -. 204 -.250 -.256 
146 -. 108 -. 122 -. 127 -. 162 -. 175 -. 201 -. 240 -.246 
150 -. 101 -. 112 -. 115 -. 140 -. 152 -.161 -. 193 -. 199 
154 -. 103 -.112 -. 117 -. 138 -. 150 -. 157 -. 188 -. 194 
156 -. 10'< -. 109 -. 110 -. 124 -. 139 -. 142 -. 172 -. 179 
164 -. 106 -. 109 -. 107 -.112 -. 124 -. 112 -.140 -. 141 
166 -. 103 -. 107 -. 104 -. 107 -.119 -. ioy -. 132 -. 129 
174 -. 103 -. 105 -. 102 -. 102 -. 110 -.096 -. 107 -. 095 
176 -. 101 -. 100 -. 100 -. 100 -. 109 -.092 -.095 -. 087 

0 -.070 -.065 —. 055 -.050 -.040 -.016 .008 .010 
10 -.060 -.055 -.048 -.040 -.037 -.015 .005 .009 
20 -.041 -.068 -. 032 -.055 -.030 -.015 -.005 -.003 
30 -. 077 -.073 -. 072 -. 075 -.083 -.080 -. 088 -.090 
40 -.070 -.070 -.068 -.078 -.093 -. 102 -. 128 -. 132 
50 -. 072 -.071 -.073 -.097 -. 120 -. 139 -. 187 -. 197 
60 -.067 -.068 -.073 -. 102 -. 135 -. 165 -.227 -.247 
70 —. 067 ~. 070 -.078 -. 10s -. 152 -. 190 -.266 -.296 
80 -.072 -.082 -. 100 -. 133 -. 182 -.227 -. 318 -.356 

13 90 -.072 -.083 -.097 -. 137 -. 185 -.231 -.321 -.366 
100 -.069 -.087 -. 102 -.132 -. 178 -.232 -.310 -.371 
110 -. 069 -. 102 -. 137 -. 172 -.217 -. 290 -.337 
120 -. 072 -.095 -. 105 -. 137 -. 160 -.206 -.256 -.287 
130 -.074 -. 095 -.095 -. 120 -. 138 -.165 -.189 -.221 
140 -.079 -. 102 -.092 -. 107 -. 122 -. 135 -. 161 -. 179 
150 -.065 -.080 -.072 -.078 -.090 -. 100 -. 135 -. 159 
160 -.082 -.090 -.077 -.075 -.087 -.088 -. 126 -. 154 
170 -.074 -. 0»2 -. 070 -.063 -.072 -. 060 -. 072 -. 068 
180 -.065 -.073 -.062 -.053 -.062 -.043 -.038 -. 033 

30 -.057 -.069 -.061 -.062 -.072 -.071 -.082 -.088 
60 -.059 -.071 -.074 -.099 -. 134 -. 161 -.225 -.251 

14 90 -. 059 -.082 -. 101 -. 124 -. 176 -. 225 -.309 —. 357 
120 -.059 -.081 -.094 -.113 -. 136 -.171 -.216 -.237 
150 -.063 -.074 -.066 -.071 -. 081 -.091 -. 136 -. 168 
180 -.054 -.059 -.046 -.037 -.042 -.024 -.014 -.007 

0 -.076 -.092 -.087 -.082 -.082 -.069 -.044 -.052 
10 -.081 -.099 -.094 -.089 -. 090 -.077 —. 0o0 -.065 
20 -.073 -.089 —. 0o6 -.0o5 -.092 -.082 -.075 -.082 
30 -.092 -. 109 -. Ill -. 119 -.135 -.139 -. 153 -.160 
40 -.085 -. 100 -,100 -. Ill) -. 134 -. 147 -. 173 -. 185 
50 -.081 -. 099 -.100 -. 119 -. 149 -. 169 -.216 -. 232 
60 -.081 -. 100 -.104 -. 132 -.165 -. 198 -.256 -.286 
70 -.069 -.085 -.094 -. 119 -.159 -. 199 -. 266 -.294 
80 -.085 -. 105 -.117 -. 146 -. 194 -.237 -. 318 -.355 

15 90 -.074 -. 100 -. 109 -. 139 -.185 -.233 -.303 -.349 
100 -.069 -.090 -. 101 -. 132 -. 172 -.218 -.281 -.319 
110 -.062 -.080 -.087 -. 117 -. 149 -. 186 -.235 -.259 
120 -.069 -.085 -. 092 -.119 -. 134 -. 168 -. 186 -.202 
130 -.073 —. 085 -.084 -. 102 -.110 -. 131 -. 144 -. 160 
140 -.057 -.069 — .065 -.0(9 -.084 -.099 -. 124 -. 143 
150 -.067 -.070 -.064 -.069 -.082 -.082 -. 152 -.200 
160 -.059 -.064 -.052 -.054 -. 059 -.085 -. 137 -. 165 
170 -.073 -.072 -.055 -.052 -.055 -.055 -.055 -.055 
180 -.049 -.052 -.035 -.022 -.032 -.010 -.012 -.018 

0 -.077 -.098 -.098 -. 101 -. 104 -. 098 -.081 -.086 
30 -.083 -. 101 -. 105 -. 118 -. 134 -.138 -.153 -.158 
60 -.084 -. 101 -. Ill -. 140 -. 176 -.210 -. 270 -.293 

Ifi 90 -.079 -.098 -. 110 -. 138 -. 181 -.223 -.287 -.323 
120 -.083 -.096 -. 096 -. 115 -. 121 -. 148 ~. 148 -. 165 
150 -.070 -.068 -.059 -.063 -.074 -.088 -. 165 -.201 
180 -.060 -.053 -.038 -.023 -.031 -.016 -.031 -.046 

TABLE II. 1/40-SCALE MODEL U. S. S. “AKRON”—Con. 

OBSERVED PRESSURES p/q 

BARE HULL 

[100 m. p. h. approximately] 

Sta- CO 
Angle of pitch, 6 

L11) Li 
No. 0° 3° 6° 9° 12° 15° 18° 20° 

0 -.079 -. 103 -.114 -.125 -. 133 -.134 -. 129 -. 139 
4 -.079 -. 103 -. 110 -. 125 —. 133 -. 134 -. 130 -. 137 
6 -.084 -. 112 -. 117 -. 134 -.143 -. 140 -. 137 -. 149 

10 -.084 -. 110 -.119 -. 135 -. 147 -. 147 -. 142 -. 154 
14 -.096 -. 125 -.134 -. 157 -. 173 -. 181 -. 183 -. 194 
16 -.083 -. 107 -. 117 -. 134 -.150 -. 150 -. 152 -.168 
20 -.088 -.115 -. 124 -.145 -.163 -. 167 -.169 -. 185 
24 -.091 -.115 -. 120 -. 157 -. 180 -. 187 -.214 -.227 
26 -.091 -. 117 -. 132 —. li.7 -. 199 -.214 -.251 -. 268 
30 —. 0c3 -. 102 -. 117 -.147 -. 173 -. 187 -. 226 —. 2.,8 
34 -.084 -. 105 -. 120 -.151 -. 177 -. 194 -.231 -.248 
36 -.084 -.105 -.120 -. 154 —. l£>7 -.214 -. 268 -.285 
40 -.084 -. 105 -.119 -.154 -.187 -.214 -.269 -.289 
50 -.084 -.107 -. 122 -.154 -.183 -.214 -.266 -.285 
60 -.074 -.098 -. 117 -. 149 -.182 -.214 -. 273 -.302 
70 -.067 -.087 -. 104 -.135 -.170 -.214 -.278 -.309 
80 -.683 -. 100 -.119 -. 151 -. 185 -.231 -.294 -.327 
84 -.(83 -.100 -. 119 -. 154 -. 197 -.249 -. 321 -.361 
86 -.(91 -. 117 -. 134 -.167 -.20s -.261 -.330 -.369 

17 90 — .084 -. 102 -.115 -.147 -. 130 -.217 -.266 -.302 
94 -.077 -.093 -. 109 -.139 -.173 -.217 -.268 -.304 
96 -.077 -.092 -. 104 -. 137 -. 172 -.217 -. 264 -.300 

100 -.079 -.060 -. 100 -. 129 -. 153 -.184 -.209 -.240 
110 -.067 -.077 -.080 -.102 -. 117 -. 134 -.135 -. 161 
1-0 -.072 -.077 -.075 —. 087 -.092 -.100 -. 109 -. 132 
130 -.074 -.070 -.067 -.073 -.077 -.084 -. 109 -. 134 
140 —. 079 -.070 -.067 -.070 -.073 -.084 -. 109 -. 136 
144 -.081 -.073 -.067 -.070 -.030 -.087 -. 110 -. 137 
146 -.077 -.068 -.060 -.065 -.077 —. 0s7 -. 120 -. 148 
150 -.074 -.067 -.055 -.063 -.030 -.094 -.120 -. 146 
154 -.071 -.063 -.053 -.060 — .010 -.095 -.117 -. 141 
156 -.065 -.058 -.050 -.653 -.075 -. 102 -. 139 -.151 
160 -.060 -.050 -.037 -.048 -.057 -. 102 -. 174 -.200 
164 -.071 -.038 -.048 -.058 -.063 -. 122 -. 181 -. 205 
166 -. 069 -.040 -.047 -.053 -.055 -. 102 -. 147 -. 171 
170 -.065 -.047 -.038 -. 042 -.038 -.058 -. 100 -. 124 
174 -.067 -.047 -.040 -.037 -. 088 -. 037 -.087 -. 112 
176 062 -.048 -.035 -.032 -.033 -.0.0 -.077 -.099 
180 -.060 -.050 -.083 -.027 -.01,0 -. 032 -.070 -.097 

0 -.064 -.093 -. 107 -. 134 -. 147 -. 150 -. 157 -. 1(6 
13 -.053 -.0c0 -.097 -. 122 -. 137 -. 139 -. 147 -. 1(4 
30 -.053 -.078 -.097 -. 129 -. 150 -. 165 -. 198 -.203 
40 -.060 -.083 -. 102 —. 135 —. 167 -. 187 -. 229 -. 245 
50 -.060 -.083 -. 104 -. 137 -. 172 -. 201 -. 254 -.179 
60 -.062 -.083 -. 105 -. 140 -. 177 -.214 -.280 -.302 
77 -.053 -.070 -.090 -. 124 -. 158 -. 204 -. 273 -.307 

18 90 -.055 -.067 -.080 -. 109 -. 137 -. 175 -.211 -.245 
103 -.057 -.063 -.070 -.094 -. 113 -. 132 -. 129 -. 157 
120 -.055 -.050 -.050 -.053 -.055 -.067 -.084 -. 109 
130 -.050 -.042 -.033 -.042 -.050 -.038 -.084 -. 109 
140 -.050 -.037 -.030 -.037 -.050 -.067 -. 092 -. 117 
150 -.048 -.032 -.025 -.035 -.060 -.097 ~. 100 -. 117 
167 -.047 -.030 -.017 -.030 -.033 -.080 -. 132 -. 154 
180 -.043 -.025 -.011 -.008 -.017 -.032 -.094 -. 105 

30 -.045 - 067 -.095 -. 130 -. 156 -. 181 -.201 -. 226 
40 -.043 -.063 -.087 -. 122 -. 155 -. 184 -.221 -.242 
50 -.045 -.067 -.087 -. 125 -. 167 -.201 -.248 -. 274 
60 -.043 -.065 -.083 -. 124 -. 163 -. 201 -. 258 -. 290 

19 77 -.043 -. 058 -.078 -. 110 -. 140 -. 192 -.241 -.282 
103 -.040 -.037 -.042 -. 060 -.067 -. 087 -.080 -. 107 
120 -.038 -. 028 -. 020 -.028 -.033 -.050 -. 070 -. 094 
130 -.033 -.018 -.013 -.020 -.030 -.047 -.062 -. 089 
140 -.033 -.017 -.008 -.017 -.033 -. 058 -.077 -. 100 
150 -.029 -.010 .000 -.017 -. 047 -.080 -.078 -. 099 

13 -.012 -.038 -.058 -.097 -. 117 -. 132 -. 145 -. 159 
30 -.016 -.038 -. 063 -. 104 -. 135 -. 162 -. 186 -.213 
40 —. 016 -.038 -. 063 -. 102 -. 135 -. 165 -. 199 -.226 
50 -.016 -.037 -.062 -. 100 -. 133 -. 178 -. 226 -.255 
60 -.014 -.033 —. 055 -.095 -. 130 -. 174 -.227 -.263 
/ l -.014 -.027 -.040 -.075 -. 100 -. 150 -. 182 -. 226 

20 103 -. 009 -.005 -.005 -.018 -. 023 -.013 -.047 -.074 
120 -.011 .000 .00.1 -.001 -. 010 -.030 -.050 -.074 
130 -.011 .003 .012 .001 -.013 -.035 -.053 -.084 
140 -. ooy .010 .017 .001 -. 015 -. 042 -. 058 -.084 
150 -.002 .015 .020 .001 -.030 -.055 -. 079 
167 -.002 .017 .027 .008 -.007 —. 063 -. 097 -. Ill 

13 .022 -. 005 -.030 -.067 -. 093 -. 114 -. 125 -. 116 
30 .012 -.013 -.010 -. 083 -. 120 -. 152 -. 177 -. 206 
40 .025 .003 -. 020 -.062 —. 0j3 -. 125 -. 154 -. 183 
50 .017 -.003 -.030 -.067 -. 105 -. 147 -. 184 -.218 
60 .022 .003 -.017 -.053 -. 092 -. 145 -. 193 -. 232 
77 .025 . 015 .000 -. 027 -.0.7 -.091 -. 039 -. 149 

21 90 . 024 .030 .034 .019 .013 -.010 -.008 -.037 
103 .022 .033 .037 .025 .015 -.013 -.020 -.015 
120 .029 .010 . 045 .030 .015 -.006 -.015 -.042 
130 .027 .010 .045 .030 .008 -.017 -.030 -. 050 
no .032 . 015 .049 .022 -. 015 -.020 -.023 -. 045 
150 .031 .047 .054 .030 .008 -.047 -. 060 . -070 
167 .032 .045 .056 .034 .007 -.027 -.058 -. 074 E 

7 Yt. .053 .020 .000 -.033 —. 063 -.092 -. 101 -.117 
37^2 .044 .022 -.001 -.035 -.077 -. 114 -. 134 -. 161 
52J.4 .037 .020 -.003 -.033 -.030 -. 139 -. 154 -. 193 ; 

22 82^ . 053 .054 .051 .030 . 017 .000 .000 1 -.030 
97>i2 .053 .057 .061 .044 . 035 1 .011 .022 -.003 
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TABLE II. 1/40-SCALE MODEL U. S. S. “AKRON”—Con. TABLE III-b 

OBSERVED PRESSURES p/g AVERAGE PRESSURES -p'/q 

BARE HULL BARE HULL 

[100 m. p. h. approximately] 

Sta¬ 
tion 
No. 

0) 

Angle of pitch, 0 

0° 3° 0° 9° 12° 15° 18° 20° 

22 12714 .053 .063 .067 .050 .030 .009 .002 -.018 
142 *4 .053 .063 .066 .042 .015 -.001 -. 010 -. 032 

17214 .053 .063 .066 .032 .000 -.037 -.053 -.062 

7/4 .095 .073 .050 .009 -.018 -.044 -.054 -.073 

3734 .096 . 076 .063 .021 -.013 -. 049 .068 -. 101 

5234 .096 .081 .066 .036 .012 -.038 .051 -. 090 

23 8234 .096 .096 .098 .080 .069 .046 .056 .030 

0734 .096 .099 . 100 .083 .066 .050 .061 .036 

12734 .098 .099 . 100 .080 .062 .048 .050 .031 

14234 .089 .094 .095 .066 .046 .029 .028 .009 

17234 .089 .094 .088 .046 .012 -.018 -.012 -.014 

734 . 127 . 109 .091 .053 .016 -.014 -.036 -.054 

3734 . 127 . 114 . 101 .070 ,045 -.008 -.021 -.054 

5234 . 127 . 117 . 113 .086 .072 .019 .019 -.019 

24 8234 . 127 . 129 . 130 . 115 . 101 . 085 .095 . 075 

9734 . 127 . 133 . 133 . 116 . 101 .085 .093 . 075 
12734 . 127 . 129 . 128 . 103 .084 .066 .066 .055 

14234 . 127 . 123 . 116 .096 .076 .070 .068 .055 

17234 . 127 . 119 . 113 .066 .036 .029 .063 . 053 

714 . 172 . 168 . 166 . 142 . 108 .072 .042 .022 

3734 . 172 . 170 . 170 . 156 . 143 . 104 .095 .064 

5234 . 172 . 170 . 177 . 164 . 149 . 145 . 134 . 116 

25 8234 . 172 . 172 . 177 . 164 . 148 . 147 . 140 . 136 

9734 . 172 . 172 . 171 . 162 . 148 . 142 . 136 . 131 

12734 . 172 . 165 . 166 . 152 . 136 . 131 . 120 . 120 

14234 . 172 . 163 . 159 . 149 . 135 . 132 . 132 . 126 

17234 .172 .160 146 . 115 . Ill . 132 . 146 . 136 

734 .215 .216 .216 .210 . 199 . 198 . 190 . 174 

373/2 .215 .214 .213 . 196 . 174 . 196 .203 . 197 

5234 .215 .212 .206 . 190 . 174 . 190 .203 . 194 

26 8234 .215 .209 .201 . 185 . 169 . 181 . 197 . 196 

9734 .215 .206 . 198 . 183 . 167 . 185 . 195 . 192 

12734 .215 .206 . 198 . 186 . 177 . 195 . 197 . 196 

14234 .215 .206 . 198 . 186 . 182 . 198 .203 . 196 

17234 .215 .202 .201 .201 .202 . 206 .211 . 197 

TABLE III-a 

1/40-SCALE MODEL U. S. S. “AKRON” 

AVERAGE PRESSURES—p'[q 1 

BARE HULL 

0=0° 

Sta¬ 
tion 
No. 

Cross¬ 
sec- 

q, lb./sq. ft. 

tional 
area 8.0 12.7 18.2 21.4 24.7 

1 
2 

Sq.ft. 
0 
.05 

1. 001 
.848 

1.005 
.853 

1.003 
.849 0.852 0.842 

3 .27 .681 .678 .687 .688 .673 
4 .75 .390 .378 .391 .390 .387 
5 1.51 . 130 . 122 . 134 . 128 . 127 
6 2.22 .013 .015 .018 .014 .017 
7 3. 40 -.053 -.041 -.035 -.036 -.036 
8 4.83 -. 155 -. 150 -. 146 -. 153 -. 155 
9 6. 11 -. 148 -. 140 -. 146 -. 152 -. 150 

10 7.06 -.127 -. 128 -. 130 -. 131 -. 128 
11 7.87 -. 125 -. 125 -. 130 -. 127 -.130 
12 8. 36 -. 105 -. 100 -. 105 -. 103 -. 104 
13 8.60 -.068 -.066 -. 073 -.070 -. 072 
14 8.60 -.057 -.058 -.061 -.060 -.063 
15 8. 40 -.065 -.075 -.075 -.073 -.076 
16 7.76 072 -.077 -.076 -.073 -.079 
17 6.54 -.076 -.078 -.077 -.071 -.073 
18 5.50 -.051 -.052 -.052 -. 049 -.052 
19 4.55 -.031 -.033 -.033 -.030 -.037 
20 3.68 .000 -.001 -.005 -.003 -.010 
21 2.85 .029 .033 .024 .032 .024 
22 2. 07 .055 .058 .050 .057 .048 
23 1. 45 .087 .094 .087 .097 .091 
24 .98 . 119 . 122 . 120 . 130 . 125 
25 .47 . 163 . 166 . 166 . 176 . 169 
26 .18 .205 .208 .207 .214 .212 

[g = 25.2 lb./sq. ft.] 

Sta¬ 
tion 
No. 

Angle of pitch—8 

3° 6° 9° 12° 15° 18° 20° 

1 0. 942 0. 840 0.682 0. 434 0.098 -0. 132 
2 0. 830 .793 . 717 .656 .544 .455 .332 
3 .671 .649 .609 .553 .490 .409 .340 
4 .376 .358 .337 .288 .240 . 193 . 138 
5 . 127 . Ill .096 .058 .028 -.024 -.059 
6 .024 .014 -.003 -. 039 -.061 -. 103 -. 137 
7 -.031 -.034 -.055 -.077 -.098 -. 137 -. 157 
8 -. 150 -. 160 -. 178 -. 199 -. 221 -.261 -.286 
9 -. 150 -. 157 -. 170 -. 189 -. 202 -.236 -.254 

10 -. 131 -. 138 -. 150 -. 173 -. 192 -.211 -.232 
11 -. 132 -. 133 -. 150 -. 178 -. 184 -. 212 -.229 
12 -. 101 -. 104 -. 129 -. 156 -. 171 -.217 -.233 
13 -.078 -.075 -.097 -. 114 -. 132 -. 172 -. 195 
14 -. 076 -. 075 -. 037 -. 108 -. 123 -. 170 -. 189 
15 -.090 -.037 -. 100 -. 120 -. 144 -. 176 -.197 
16 -.090 -.092 -. 103 -. 125 -. 149 -. 185 -. 198 
17 -.087 -. 090 -. 113 -. 131 -. 153 -. 188 -.210 
18 -.000 -.069 -.092 -. 113 -. 140 -. 170 -. 190 
19 -. 042 -. 049 -. 075 -. 101 -. 129 -. 147 -.180 
20 -.016 -.018 -.048 -.070 -.098 -. 123 -. 149 
21 .022 .018 -.013 -. 034 -.065 -.088 -. 114 
22 .048 

.088 
.039 .011 -.016 -.046 -.054 -.075 

23 .083 .055 .032 .004 .000 -.025 
24 . 125 . 114 .088 .068 .045 .041 .025 
25 . 169 . 165 . 153 . 137 . 128 . 115 . 106 
26 .210 .205 . 192 . 180 . 196 .202 . 196 

TABLE IV 

1/40-SCALE MODEL U. S. S. “AKRON” 

LONGITUDINAL FORCE—P"/? 

0 
degs. 

Pressure 
distribu¬ 

tion 1 

Force 
tests 

0 
degs. 

Pressure 
distribu¬ 

tion 1 

Force 
tests 

3 0.007 0.459 15 0.047 0. 346 
6 .064 .443 18 .256 
9 .001 .430 20 . 158 

12 .025 .398 

i Mean of two speeds. 

TABLE V 

1/40-SCALE MODEL U. S. S. “AKRON” 

TRANSVERSE FORCE PER FOOT LENGTH—//g 

BARE nULL 

[g = 25.2 lb./sq. ft.] 

Sta¬ 
tion 
No. 

Angle of pitch—0 

3° 6° 9° 12° 15° 18° 

O O
 

1 0 0 0 0 0 0 0 
2 .014 .027 .047 . 062 . 076 .073 .090 

3 .078 . 146 .220 .255 .331 .404 .435 
4 . 184 .319 .470 .537 .666 .835 .918 

5 .287 .461 .665 . 770 .966 1. 177 1.307 

6 .305 .498 .735 .879 1.088 1.290 1.443 

7 .280 .475 .715 .844 1.051 1.242 1.366 

8 .269 .426 .650 .771 .913 1. 104 1.239 

9 . 144 .317 .477 . 585 .730 .858 .957 

10 . 162 .285 .390 .481 .570 .694 .720 

11 .093 . 189 .290 .340 .371 .528 .544 

12 .078 .0% . 165 .211 .206 .293 .298 

13 .067 .081 .070 . 107 . 144 . 160 .232 

14 -.005 .028 .030 .046 . 058 .065 . 128 

15 -. 091 -.066 -.094 -. 103 -.069 -.066 -.037 

16 -.090 -. 306 -. 125 -. 180 -. 187 -. 154 -. 123 

17 -. 103 -. 174 -.259 -. 279 -.301 -.268 -.234 

18 -. 100 -. 181 -.265 -.268 -.2.54 -.266 -.263 

19 -. 120 -. 184 -. 262 -. 254 -. 254 -. 299 -.304 

20 -. 101 -. 158 -.209 -.221 -.216 -. 245 -.239 

21 -. 077 -. 137 -. 178 -. 187 -. 175 -.209 -.250 

22 -.046 -.087 -. 105 -. 137 -. 137 -. 149 -.174 

23 -.027 -.046 -.046 -. 051 -.088 -. 101 -. 116 

24 -.014 -. 018 -. 001 -. 026 -.049 -. 090 -. 100 

25 .001 .016 .006 .004 -.017 -. 038 -.035 

26 .006 .008 .007 .005 -.001 -.003 -.001 

1 Values in each column are a mean of two independent observations 
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TABLE V—Continued 

1/40-SCALE MODEL U. S. S. “AKRON”—Con. 
[g = 12.5 lb./sq. ft.] 

Sta¬ 
tion 
No. 

Angle of pitch—0 

3° 6° 9° 12° 15° 18° 20° 

1 0 0 0 0 0 
2 .018 .044 .043 .061 . 095 
3 .074 . 150 . 191 .266 .437 
4 . 183 .326 .413 . 571 .895 
5 .274 .459 .615 .822 1. 309 
6 .300 .496 .677 .898 1.423 
7 .308 .475 . 650 .869 1.379 
8 .272 .447 .596 .806 1.296 
9 . 159 .344 .440 .606 1.031 

10 . 156 .274 .386 .456 .848 
11 .071 . 162 .224 .306 . 662 
12 .066 . 103 . 117 .227 .367 
13 .060 .093 .084 . 169 .276 
14 -.002 .023 .021 .032 . 151 
15 -.080 -.066 -. 110 -. 105 -.009 
16 -. 106 -. 110 -. 132 -. 158 -. 112 
17 -.111 -. 182 -.265 -.244 —.184 
18 -. 122 -. 178 -.261 -.291 -.211 
19 -. 145 -.211 -.254 -.222 -.281 
20 -.097 -. 175 -.204 -.206 -.251 
21 -.084 -. 141 - 176 -. 159 -.222 
22 -.038 -. 101 -. 103 -. 114 —. 164 
23 -.015 -.035 -.028 -.029 —. 136 
24 -.003 -.009 .006 .002 -. 110 
25 .021 .025 .031 .018 —.055 
26 .005 .014 .014 .008 -.009 

TABLE VI 

1/40-SCALE MODEL U. S. S. “AKRON” 
TRANSVERSE FORCE PER FOOT LENGTH—f/q 

ON HULL WITH TAIL SURFACES AND CONTROL CAR 

[Elevators neutral; g=25.2 lb./sq. ft.] 

Sta¬ 
tion 
No. 

Angle of pitch- -e 

3° 6° 9° 12° 15° 18° 20° 

1 0 0 0 0 0 0 0 
2 .012 .031 .048 .066 .079 .077 .096 
3 .055 . 123 .204 .268 .333 .354 .432 
4 . 144 . 269 .428 .571 .702 .783 .916 
5 . 164 .377 .625 .831 1.033 1.127 1.330 
6 .217 .440 .716 .885 1.104 1.232 1.470 
7 .251 .416 .686 .871 1.077 1. 198 1. 360 
8 . 211 .367 .568 . 759 .909 1.008 1. 232 
9 .301 .360 .574 .654 .829 .937 .995 

10 .078 . 194 .363 . 490 .587 .650 .823 
11 . 182 .231 . 262 .327 .484 .493 .630 
12 .039 .071 . 160 . 165 .215 .339 .389 
13 .028 .035 .046 . 107 . 107 . 183 .286 
14 .007 -.009 -.012 -.009 .051 . 109 .139 
15 -.055 -. 105 -. Ill -. 139 -.080 -.039 .046 
16 -.070 -. 147 -. 180 -. 156 -.077 -.086 .000 
17 -.079 -. 141 -. 141 -.208 -.168 -. 135 -.069 
18 -.043 -. 069 -.068 -.046 .000 . 115 .164 
19 -.085 —. 057 -.005 .083 . 198 .287 .299 
20 -.037 -.018 .021 . 133 .221 .361 .412 
21 -.024 -.036 .005 .097 .136 .252 .299 
22 -.009 -.002 .024 . 101 . 120 . 194 .227 
23 -.010 -.017 .014 .069 .058 . 103 .124 
24 .006 .021 .057 .055 .082 .072 .090 
25 .006 .017 .050 .054 .043 .026 .023 
26 -.001 .007 .021 .015 -.006 .000 -. 006 

[Elevators neutral; 2 = 12.5 lb./sq. ft.] 

' Sta- Angle of pitch—0 

No. 3° 6° 9° 12° 15° 18° 20° 

1 0 0 0 0 0 0 0 
2 .016 .037 .0-14 . 068 .078 .086 .094 
3 .075 . 154 . 195 .268 .346 .378 .417 
4 . 177 .338 .424 .582 . 703 . 788 .874 
5 .231 .469 .613 .841 1.025 1. 133 1.258 
6 .268 .488 692 .906 1. 150 1. 230 1.377 
7 .288 .472 . 660 . S72 1.065 1.217 1.310 
8 .206 .409 . 575 .765 .891 1.013 1. 150 
9 .288 .373 .571 .655 .819 .889 .922 

10 .068 .236 .333 .470 .597 .610 .739 
11 ..169 .211 .222 .338 . 460 .495 .561 
12 .027 . 114 . 156 .229 . 232 .339 .291 
13 .000 .021 .053 . 095 . 114 . 146 . 186 
14 .007 .011 -.019 .035 .081 .086 . 137 
15 -. 053 -. 110 —. 101 -. 114 -.039 -.032 .046 
16 -.077 -. no -. i45 -. 154 -. 066 -.092 -.029 
17 -.071 -. i41 -. 135 -. 180 -. 157 -. 101 -.075 
18 -. 053 -. 096 -. 056 -.039 .024 .081 . 144 
19 -.085 -.081 .005 .071 . 179 .304 .316 
20 -.026 -.023 . 006 . 102 .224 .332 .377 
21 —. 03o -.027 .001 .099 . 154 .236 .300 
22 .000 -.0*5 .031 .082 . 113 . 178 .214 
23 -. 013 -.002 .028 .057 .070 .094 . 106 
24 .005 .021 .058 .062 .070 .066 .079 
25 .005 .022 .050 .054 .037 .028 .013 
26 .000 .008 .015 .013 -.001 -.002 -.003 

TABLE VIII 

1/40-SCALE MODEL U. S. S. “AKRON” 

TRANSVERSE FORCE PER FOOT LENGTI1-//2 ON HULL WITH TAIL 
SURFACES AND CONTROL CAR 

[Elevators 20° up] 

? = 12,8 lb./sq. ft. ?=22.S lb./sq. ft. 

Sta- 
tion e e 
No. 

0° 6° 15° 

O O 0° 6° 15° 20° 

1 0 0 0 0 0 0 0 0 
2 -.003 .035 .077 .098 -.001 .031 .068 .090 
3 -.003 .137 .350 .422 \ ©

 O .135 .314 .421 
4 .012 .303 .740 .903 .008 .305 .671 .924 
5 .014 .468 1.068 1.296 .029 .454 .963 1.320 
6 .015 .505 1.177 1.391 .039 .503 1.042 1.383 
7 .051 .506 1. Ill 1.337 .022 .518 1.010 1.299 
8 .026 .416 .955 1.128 .016 . 433 .851 1.143 
9 .114 .411 .834 .958 .123 .434 .734 .900 

10 -.027 .211 .555 .715 -.023 .228 .477 .682 
11 .036 . 169 .442 .542 .055 .173 .362 .513 
12 .023 .099 .280 321 .032 .064 .149 .293 
13 .023 .053 .097 .197 .039 .060 .046 . 172 
14 .000 .005 .012 .174 .002 .002 .007 .148 
15 -.039 -.059 -.048 .069 -.023 -.091 -.119 .064 
16 -.011 -.112 -.165 .018 -.024 -.159 -. 165 -.004 
17 -.055 -.152 -.166 -.036 -.069 -.164 -.212 -. 109 
18 -.020 -.074 .000 .206 -.028 -.087 -.030 . 148 
19 -.112 -. no .178 .338 -.086 -.071 . 152 .270 
20 -.111 -.085 .152 .320 -.067 -.070 . 140 .318 
21 -.149 -.109 .088 .212 -.080 -. 108 .083 .259 
22 -. 134 -.138 -.025 .066 -.164 -. 125 -.016 .084 
23 -.089 -.066 -.028 .021 -.081 -. 029 -.040 .062 
24 -.035 -.008 .028 .028 -.032 -.020 -.053 .026 
25 .001 .016 .048 .024 -.009 .033 .047 .015 
26 .003 .012 .008 -.002 -.010 .018 .011 -.003 

TABLE VII 

1/40-SCALE MODEL U. S. S. “AKRON” 

TRANSVERSE FORCE PER FOOT LENGTH-//? ON HULL WITn TAIL 
SURFACES AND CONTROL CAR 

[Elevators 20° down] 

?=12.8 lb./sq. ft. g = 22.8 lb./sq. ft 

Sta- 
tion e e 
No. 

0° 6° 15° 20° 0° 6° 15° 20° 

1 0 0 0 0 0 0 0 0 
2 -.001 .035 .084 .093 .001 .037 .079 .094 
3 -.003 .142 .348 .421 .000 . 150 .333 .433 
4 .008 .303 .717 .897 .017 .309 .709 .906 
5 .022 .441 1.000 1.2S7 .023 .445 1.000 1.293 
6 .048 .496 1. 104 1.432 .047 .518 1. 112 1.418 
7 .058 .477 1.096 1.379 .076 .480 1.075 1.346 
8 .043 .412 .902 1.199 .057 .422 .921 1.176 
9 .143 .442 .829 1.080 .164 .461 .842 1.023 

10 -.021 . 196 .567 .770 .002 .22-1 .565 .770 
11 .029 .201 .417 .573 .060 220 .441 .561 
12 .023 . 101 .206 .353 .028 .094 .245 .312 
13 .018 .067 .116 .255 .028 .060 .146 .234 
14 -.007 .032 .065 . 123 .007 .035 .095 .142 
15 -.034 -.073 -.062 .032 -.018 -.057 -.075 .014 
16 -.031 -. 174 -.090 -.009 -.022 -.079 -.088 .013 
17 -.034 -.091 -. 143 -.061 -.012 -. 125 -.135 -.061 
18 .052 .013 .092 .252 .041 .000 .102 .227 
19 .008 .064 .308 .431 .024 .042 .279 .426 
20 .064 . 113 .434 .650 .096 .118 .410 .610 
21 . 120 . 131 .393 .516 .133 . 145 .373 .514 
22 . 155 . 192 . 382 .512 . 168 . 190 .395 . 503 
23 .087 . 122 .275 .317 .096 .122 .265 .313 
24 .050 .075 .164 .167 .046 .075 . 163 .151 
25 .005 .044 .049 .044 .005 .046 .058 .033 
26 -.006 .011 .001 -.005 -.007 .011 .000 -.003 
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WIND-TUNNEL RESEARCH COMPARING LATERAL CONTROL DEVICES, PARTICU¬ 
LARLY AT HIGH ANGLES OF ATTACK 

VI—SKEWED AILERONS ON RECTANGULAR WINGS 

By Fred E. Weick and Thomas A. Harris 

SUMMARY 

This report covers the sixth of a series oj investigations 

in which various lateral control devices are compared with 

particular reference to their effectiveness at high angles oj 

attack. The present report deals with flap-type ailerons 

hinged about axes having an angle with respect to the 

leading and trailing edges oj the wing. Tests were made 

on jour different skewed ailerons, including two different 

angles of skew and two sizes oj ailerons. At the high 

angles oj attack, all the skewed ailerons tested were slightly 

inferior with respect to rolling and yawing moments to 

straight ailerons having the same span and average chord. 

Computations indicate that the skewed ailerons are also 

injerior with respect to hinge moments. 

INTRODUCTION 

This report is the sixth of a series giving the results 

of an investigation in which it is hoped to compare 

all types of lateral control devices which have been 

satisfactorily used or which show reasonable promise of 

being effective. In this program it is planned first to 

test the various types of ailerons and other control 

devices on rectangular wings of aspect ratio 6. Later 

the best of these control devices are to be tested on 

wings of different shape. In the entire series the vari¬ 

ous devices are to be subjected to the same program of 

wind-tunnel tests which, it is thought, include all the 

factors directly connected with lateral control and 

stability that can be satisfactorily handled in a routine 

manner in a wind tunnel. The tests are designed to 

show the relative merits of the various control devices 

in regard to lateral controllability, lateral stability, 

and general usefulness. They include regular 6-com¬ 

ponent force tests with the control devices both neutral 

and deflected various amounts, rotation tests in which 

the model is rotated about the tunnel axis and the 

rolling moment measured, and free rotation tests show¬ 

ing the range and rate of autorotation. Because of the 

large effect of yaw on lateral stability, the tests are 

made not only at 0° yaw, but also with an angle of 

yaw of 20°, which represents the conditions in a 

fairly severe sideslip. 

Part I of this series (reference 1) dealt with three 

different sizes of ordinary ailerons. One of these 

ailerons was of a medium size taken from the average of 

a number of conventional airplanes, one was extremely 

short and wide, and the other was extremely long and 

narrow. All the ailerons were proportioned to give 

approximately equal controllability at angles of attack 

below the stall and with equal up-and-down deflection. 

The results were analyzed to show the relative merits 

of the three sizes of ailerons when set in the above 

manner and also in accordance with two differential 

movements, and with upward movement only. 

Other work that has been done in this series is 

reported in references 2, 3, 4, and 5. 

The present report covers similar tests on skewed 

ailerons. Previous tests made by the Army Air 

Service on skewed ailerons had shown them to give 

higher rolling moments than straight ailerons at high 

angles of attack on a certain wing model. (Reference 

6.) These tests indicated that the best angle of skew 

was about 8° or 10°, with 20° as the maximum giving 

beneficial results. The present tests included ailerons 

with 10° and 20° skew, both angles being tried on 

ailerons of two different sizes, one having the same 

span and average chord dimensions as the medium¬ 

sized ailerons of Part I and the others the same as the 

short, wide ailerons of Part I. These ailerons were 

tested on a rectangular wing only, but skewed ailerons 

will be later tested on wings with other plan forms. 

APPARATUS AND METHODS 

Wind tunnel.—The 7- by 10-foot wind tunnel of the 

National Advisory Committee for Aeronautics, which 

is being used throughout the entire investigation, has 

an open jet and a single closed return passage. The 

tunnel, together with the regular balance and asso¬ 

ciated apparatus, is described in detail in reference 7. 

Models.—Inasmuch as previous tests (reference 1) 

had shown that the moments caused by both right and 

left ailerons could be found separately and added 

together to give the total effect of both with a satis¬ 

factory accuracy, the present tests were made with 

81 
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the right aileron only. All four ailerons were tested 

on one 10- by 60-inch laminated mahogany Clark Y 

wing model, which had a removable portion in the 

right rear corner as indicated in Figure 1. Four 

Removable aileron block 

--i- 

n 
-b-60.0 

-b/2- 

1-0.40 b/2- 

►-0.30 b/2-1 -S 
& 
C5 

I I*-0.30 b/2-1 £ 

<\i 
CS 

Figure L—Diagram of wings showing details of ailerons 

different models of this portion of the wing were 
made, each containing one of the four ailerons. 

Tests.—This series of tests was conducted in ac¬ 

cordance with the standard procedure and at the 

dynamic pressure and Reynolds Number employed 

throughout the present research on lateral control. 

(See reference 1.) The dynamic pressure was 16.37 

pounds per square foot, corresponding to a speed of 

80 miles per hour at sea level under standard atmos¬ 

pheric conditions, and the Reynolds Number based 

on the 10-inch wing chord was 609,000. 

Aileron movements.—From tests with the single 
ailerons deflected upward and downward various 
amounts, data were obtained from which the results 
w^ere computed for four aileron movements: The equal 
up-and-down, average differential, extreme differential, 
and up-only movements. These movements were 
the same as those used in Part I. (Reference 1.) 
The relative up-and-down displacements with the two 
differential movements are given in Table I and the 
assumed linkages to obtain all of the movements in 
Figure 2. The deflection of the skewed ailerons was 
measured in a plane perpendicular to the hinge axis, 

and is slightly greater than the projected angle 
deflection in a longitudinal plane. 

Accuracy.—The accuracy of the results present 
in this report is the same as that obtained in Part 
It is considered satisfactory at all angles of atts 
except in the burbled region between 20° and 2 
when the rolling and yawing moments are relativt 
unreliable due to the critical, and often unsymmetrit 
condition of the burbled air flow around the wing. 

Equal up-and-down 

Differential No. I 

Differentia! No.2 

Up-only 

Figure 2.—Aileron linkage systems. Assumed maximum deflections 

RESULTS 

Coefficients.—The results are given in the form 
absolute coefficients of lift and drag and of roll 
and yawing moments: 

CL = 

CD = 

Ct 

lift 

qS 
drag 

/z> qS , _ rolling moment 
qbS 

, yawing moment 
Cn $S~ 
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where S is the total wing area, b is the wing span, and 

q is the dynamic pressure. The coefficients as given 

above are obtained directly from the balance and 

refer to the wind (or tunnel) axes. In special cases 

in the discussion where the moments are used with 

reference to body axes the coefficients are not primed. 

Thus the symbols for the rolling and yawing moment 

coefficients about the body axes are Ct and Cn. 
Tables.—The complete detailed results of the 

present tests are given in Tables II to XIII. 

Table II contains the following data for the un¬ 

yawed wing with the 40 per cent semispan ailerons 

having a 10° angle of skew: 

1. CL and CD with zero aileron deflection. 

2. C/ and Cn' for each aileron setting. Table 

III gives similar data for the same aileron with the | 

wing at —20° yaw', and Table IV with the wing at 

+ 20° yaw. 

Tables V, VI, and VII are similar to Tables II, III, 

and IV, respectively, but cover the results for the 40 

per cent semispan aileron having 20° skew; Tables 

VIII, IX, and X cover the wider 30 per cent semispan 

ailerons with 10° skew, and Tables XI, XII, and 

XIII the 30 per cent semispan ailerons with 20° 

skew. 
DISCUSSION IN TERMS OF CRITERIONS 

For a comparison of the different lateral control 

arrangements, the results of the tests are discussed in 

terms of criterions, which are explained in detail in 

Part I and briefly in the following paragraphs. By 

use of these criterions a comparison of the effect of the 

different control devices on the general performance, | 

the lateral controllability, and the lateral stabilitv 

may be made. The values of the criterions sum¬ 

marizing the results of the present tests are given in 

Table XIV, and the values for the standard and the 

short, wide ailerons of Part I (no skew) are included 

for comparison. 

GENERAL PERFORMANCE 

The values of the three criterions used in connection 

with the general performance of the wing, the maxi- 

17 
mum lift coefficient, the speed-range ratio ~Lr™z, and 

U ornin 

the climb criterion ^ at CL — 0.70, are not appreciably 

affected by ordinary ailerons, so these values are ap¬ 

proximately the same for the various cases tested. 

of the wing. Expressed in coefficient form for a 

rectangular monoplane wing, the criterion is 

EC 

where Ct is the rolling-moment coefficient about the 

body axis due to the lateral controls. The value of 

this expression that has been found to represent 

satisfactory control is approximately 0.075. A more 

detailed explanation of the derivation of EC and of its 

more general form, which is applicable to any wing 

plan form, is given in Part I. 

The comparison of the various ailerons and move¬ 

ments is given in Table XIV for four representative 

angles of attack: 0°, 10°, 20°, and 30°. The 0° 

angle represents the high-speed attitude; a =10° 

represents the highest angle of attack at which 

entirely satisfactory control with ordinary ailerons 

can be obtained; a. = 20° is the condition of greatest 

lateral instability and is probably about the greatest 

obtainable angle of attack in a steady glide with most 

present-da}^ airplanes; and finally, a = 30° is given 

only for a comparison with controls for possible future 

types of airplanes. 

At a = 0°, all the ailerons gave values of RC 
greatly in excess of that considered necessary. 

At a = 10°, the ailerons with 10° skew gave slightly 

higher values of RC for most of the assumed aileron 

movements than the straight ailerons having the same 

average chord, but the ailerons with 20° skew gave 

lower values. 

At a = 20°, the 40 per cent semispan ailerons, both 

with 10° and with 20° skew, gave substantially lower 

values of RC than the straight ailerons of the same 

span and average chord. The same is true for the 30 

per cent semispan aileron with 20° skew, but the 30 

per cent semispan aileron with 10° skew gave values 

nearly as high as the straight ailerons of the same span 

and average chord.1 

At a = 30°, none of the ailerons gave values of RC 
approaching the assumed satisfactory one. 

Lateral control with sideslip.—If a wing is yawed 

appreciably, a rolling moment is set up that tends to 

raise the forward tip. The magnitude of this rolling 

moment is always greater at very high angles of attack 

than the available rolling moment due to ordinary 

ailerons. The highest angle of attack at which the 

aileron can balance the rolling moment due to 20° 

yaw is tabulated for all the arrangements tested as a 

criterion of control with sideslip. As previously men- 

LATERAL CONTROLLABILITY 

Rolling criterion.—The rolling criterion upon which 

the effectiveness of each of the aileron arrangements 

is judged is a figure of merit that is designed to be 

proportional to the initial acceleration of the wing 

tip that follows a deflection of the ailerons from 

neutral, regardless of the air speed or the plan form 

1 Owing to the fact that the wing with 40 per cent chord by 30 per cent semispan 

straight ailerons (reference 1) had a lift coefficient at an angle of attack of 20° that 

was about 9 per cent lower than the other Clark Y wings of this series of tests, the 

values of AC are correspondingly higher for that condition. A rigorous comparison 

of the results at an angle of attack of 20° can not, therefore, be made with this wing, 

but on the basis of later tests with the same size aileron on another wing, it seems 

that a reasonable comparison can be made with the present data on skewed ailerons 

if the values of RC for the short, wide, straight aileron given in Table XIV are 

reduced by 9 per cent. If that is done the values will be very slightly higher than 

those for the 30 per cent semispan aileron with 10° skew. 
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tioned, 20° yaw represents the conditions in a fairly 

severe sideslip. Table XIV shows that the lateral 

control against the effect of 20° sideslip is maintained 

up to approximately the same angle of attack with all 

of the combinations tested. 

Yawing moment due to ailerons.—The desirable 

yawing moment due to ailerons depends to some ex¬ 

tent upon the type of airplane that is being considered. 

For highly maneuverable military or acrobatic ma¬ 

chines complete independence of the controls as they 

affect turning moments about the various body axes 

is a desirable feature. On the other hand, for large 

transport airplanes or for machines to be operated by 

relatively inexperienced pilots, a favorable yawing 

moment of proper magnitude would be an appreciable 

aid to safe flying at high angles of attack. Finally, it 

is obvious that a yawing moment tending to retard 

the high wing when the airplane is banked is never 

desirable. 

The yawing moments obtained with the skewed 

ailerons follow closely those for the straight ailerons 

having the same span and average chord, the adverse 

values being slightly higher in general for the skewed 

ailerons at angles of attack above the stall. The 

maximum adverse yawing moments for the equal up- 

and-down movement and for both differential move¬ 

ments were greater with all of the skewed ailerons 

tested, but could be overcome by an average rudder. 

LATERAL STABILITY 

Inasmuch as the skewed ailerons do not affect the 

shape of the wing to an appreciable extent when 

neutral, they have no appreciable influence on the 

lateral stability, and the values of the criterions on 

this subject are considered the same as those for the 

wings with the straight ailerons. The criterions for 

lateral stability are given in Table XIV and explained 

in reference 1. The rolling moments tending to make j 

the wings autorotate (Ox) depend in a very critical 

manner on the exact profile of the airfoils and are 

sometimes quite different for two airfoils made to the 

same design. The two examples given in Table XIV 

represent the extremes of this variation. 

CONTROL FORCE REQUIRED 

The hinge moments were not measured for the 

skewed ailerons, the rolling and yawing moment tests 

having shown them inferior to straight ailerons. Since 

it is approximately true that the binge moment of an 

aileron varies as the square of the chord, however, it 

is to be expected that the hinge moments would be 

slightly higher for skewed than for straight ailerons of 

the same span and average chord. This condition has 

been substantiated by computations made by inte¬ 

grating values of the hinge moment for different unit 

chords obtained from data given in reference 8. These 

approximate computations showed that for equal up- 

and-down deflection of 25°, the total hinge moment 

of the 40 per cent semispan ailerons with 10° skew 

should be about 9 per cent higher and with 20° skew 

about 18 per cent higher than the values for the 

straight ailerons. 
CONCLUSIONS 

At the high angles of attack, all the skewed ailerons 

tested were slightly inferior to the straight ailerons 

having the same span and average chord with respect 

to both the rolling and yawing moments produced, 

Computations indicate that they are also inferior with 

respect to the control force required. 

Langley Memorial Aeronautical Laboratory, 

National Advisory Committee for Aeronautics, 

Langley Field, Va., July 12, 1932. 
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TABLE I 

SIMULTANEOUS AILERON DISPLACEMENTS WITH 
ASSUMED DIFFERENTIAL ARRANGEMENTS 

Angles measured about aileron axis 

Average differen¬ 
tial (No. 1) 

Extreme differen¬ 
tial (No. 2) 

Upward 
displace- 

inen t 

Down¬ 
ward 

displace¬ 
ment 

V pward 
displace¬ 

ment 

Down¬ 
ward 

displace¬ 
ment 

Degrees Degrees Degrees Degrees 
0 (1 0 0 

10 8. 5 10 7 
20 13 20 12 
30 15 30 14 
35 15 40 11.5 

50 7 
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TABLE II 

FORCE TEST. 10- BY 60-INCH CLARK Y WING WITH 10° SKEWED AILERONS 25 PER CENT AVERAGE c BY 40 
PER CENT 6/2. YAW = 0°. R. N. = 609,000. VELOCITY = 80 M. P. H. 

*A *a 

a -5° -3° 0° 4.5° 10° 12° 14° 15° 16° 18° 20° 22° 25° 30° 4*
. 

O
 o 50° 60° 

up down 
AILERONS LOCKED- NEUTRAL 

0° 0° Ci 0.004 0.143 0.354 0. 700 1 061 1.180 1.256 1.278 1. 246 1.245 1.198 1. 132 0.827 0. 862 0.802 0.718 0.598 
0° 0° Cd .018 .017 .022 .045 .089 . 108 . 131 . 145 . 171 .201 .247 .283 .426 .531 .714 .879 1.050 

UP ONLY 

10° Ci' 0.020 0.021 0. 006 0 006 0 003 
10° cv -.001 -.004 — .006 — .004 — 004 

20° cv .036 042 021 .015 007 
20° Cn .001 -.005 —.011 — 009 —.007 
25° Cl' .044 .049 0.048 0.048 0 046 0 045 030 0 024 0.006 .015 .011 
25° Cn' .003 —.034 -.006 -.007 - 009 -.012 — 013 -.013 -.008 — 009 — 009 

30° Cl' .048 .051 .033 .025 .015 
30° Cn' .004 -.004 -.012 -.011 —.010 
35° Cl' .053 .057 .055 . 054 .051 .050 .036 031 .011 .022 .019 
35° Cn' .006 —.002 - 004 -.006 -.007 -.039 — .011 -.012 -.006 — .009 — 012 

40° Cl' .059 .061 .039 .023 .021 
40° Cn' .008 —.001 —.010 -.037 -.011 
50° Cl' .063 . 039 067 .036 .064 030 044 036 .008 .013 . 011 
50° Cn' .012 .002 000 -.002 —. 004 — 006 -. 008 -.008 —.002 -.004 — .006 

60° Cl' .009 . 075 075 . 074 .071 069 .053 .042 .008 .012 . 011 
60° Cn' .015 .005 .003 .000 -.002 —.005 —.006 —. 00G —.001 -.004 -.005 
80° Cl' .076 . 084 .062 .018 .010 
80° Cn' .019 .009 -.003 -.005 -.007 

DOWN ONLY 

7° Cl' -0.015 -0.012 —0. 012 -0.011 -0. 007 -0 010 -0 003 -0 001 -0 007 -0.001 -0.001 
7° Cn .001 .003 . 003 .004 .004 . 004 .005 . 004 .004 .002 .003 

sy2° Cl — .018 - 015 -.005 .001 -.001 
8H° Cn' . 002 . 004 .006 .003 .004 

10° Cl' -. 021 — 017 —.007 -.002 -.001 
10° Cn’ .003 .005 .007 . 004 .004 

1114° Cl' —. 025 -.019 —.009 -.004 -.002 
ny° Cn .003 . 006 .008 .005 .005 

12° Cl' —.025 -.019 -.007 -.004 -.001 
12° Cn .004 . 007 .008 .005 .006 

13° Cl' -. 027 —. 021 -.007 -.002 -.002 
13° Cn .004 .007 .009 . 005 .006 
14° Cl' -.029 —. 024 —. 006 -.001 -.002 
14°' Cn .005 . 008 .010 .006 .007 

15° Cl’ -. 031 - 024 - 023 -.021 -.017 -.012 —.006 .001 -.038 -.001 -.002 
15° Cn' .005 008 .009 .009 .010 . 010 .010 .007 .037 .006 .007 
20° Ci —.037 —. 030 —.005 -.001 -.001 
20° Cn' .007 . 013 .013 .008 .010 

25° Ci — 041 — 036 — 035 — 033 — 028 - 020 -.005 .007 -. 006 -.001 -.001 
25° Cn' . 009 . 015 .016 .017 .018 .017 .014 .039 .011 .010 .011 
35° Ci —. 046 — 044 —.010 .003 .002 

35° Cn' .015 .021 .017 ... 1. .014 .015 
1 

TABLE III 

FORCE TEST. 10- BY 60-INCH CLARK Y WING WITH 10° SKEWED AILERONS 25 PER CENT AVERAGE c BY 
40 PER CENT 6/2. YAW= —20°. R. N. = 609,000. VELOCITY=80 M. P. H. 

a -5° 0° 5° 10° 12° 14° 15° 16° 18° 20° 22° 25° 
1 

O O
 

CO 

O O
 

-*r 50° 60° 

up down 
AILERONS LOCKED—NEUTRAL 

0° 0° Cl -0.014 0.305 0. 635 0. 946 1.044 1.123 1. 145 1. 162 1. 179 1. 178 0.972 0.912 0.914 0.817 0. 758 0. 642 
0° 0° Cd .020 .022 .042 .078 .094 . 114 . 123 . 133 . 168 .218 .350 .421 .545 .681 .882 1.045 
0° 0° Ci -.002 -.006 -.006 -.006 -.015 -. 020 -. 026 -. 032 -. 055 -.078 -. 102 -. 104 -.085 -.057 -.048 -.044 
0° 0° C„’ .001 .001 .002 .004 .006 .008 .010 .011 .014 .016 .023 .039 .049 .042 .046 .054 

UP ONLY 

25° Ci 0 046 0 042 0. 048 0 048 0.048 0. 061 0. 050 0. 039 0.031 0. 013 -0.002 
25° Cn' 003 — 005 —. 007 — 008 -.010 -.011 -.014 -.023 -.022 -.017 -.006 

35° Ci . 057 054 . 061 . 061 .062 .064 .065 .091 .075 .019 .012 
35° Cn' 007 — 003 —. 005 — 007 -. 010 -.012 -.015 -.018 -.037 -. 025 -.010 

50° Ci 067 068 . 075 . 075 .076 .079 . 076 .071 .092 .031 .026 
50° Cn 015 — 003 000 - 003 —. 006 -.008 —.011 -.028 -.036 -.024 -.008 

60° Ci 064 074 . 082 . 085 . 085 . 089 .083 .098 .090 .035 .026 
60° Cn' .015 .007 .004 . 001 -. 002 -.004 -.008 -.027 -.035 -.023 -. 013 
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TABLE IV 

FORCE TEST. 10- BY 60-INCH CLARK Y WING WITH 10° SKEWED AILERONS 25 PER CENT AVERAGE c BY 4ft 
PER CENT 6/2. Y'AW = 20°. R. N. = 609,000. VELOCITYr = 80 M. P. H. 

*A 

a -5° 0° 5° 10° 12° 14° 15° 16° 18° 

O O
 22° 25° 30° 

O O
 

O o 
1 

60° 

O A op 
down 

AILERONS LOCKED—NEUTRAL 

0° 0° Cl 0.003 0. 318 0. 646 0. 956 1.057 1.130 1.148 1.166 1.181 1. 176 0. 942 0.914 0. 90S 0.815 0. 752 0. 629 
0° 0° Cn .019 .022 .043 .080 .095 . 116 . 125 . 136 . 171 .222 .353 .424 .523 .679 .872 1.021 
0° 0° Ci' .008 .012 .013 .017 .021 .027 . 032 .039 .063 .081 . 106 . 107 .097 .060 . 052 .047 
0° 0° Cn’ -.001 -.002 -.003 -.006 -. 003 -.011 -.012 -.014 -.017 -.022 -.031 -. 045 -.055 -.048 -.054 -.063 

DOWN ONLY 

7° Ci' -0. 013 -0. 010 -0. 009 -0. 009 —0. 007 -0. 008 -0.006 -0. 003 -0.003 -0.001 -0. 002 
7° Cn' . 002 . 003 .003 . 004 .003 .003 . 004 . 003 . 004 . 003 .004 

15° Cl' —. 026 -.020 -. 020 -. 019 —.016 -.013 -. 013 —.006 -. 007 -.003 -.004 
15° Cn' . 004 . 007 .007 . 003 . 007 .006 .007 .008 .008 .007 .008 

25° Cl' -.036 -. 033 —.033 -. 030 -. 027 -. 025 -. 019 -. 009 -. 010 -. 006 -. 004 
25° Cn' .007 . 013 .014 .015 .014 . 012 .013 .013 .014 .012 .013 

i 

TABLE V 

FORCE TEST. 10- BY 60-INCH CLARK Y WING WITH 20° SKEWED AILERONS 25 PER CENT AVERAGE c BY 40 
PER CENT 6/2. YAW = 0°. R. N. = 609,000. VELOCITY = 80 M. P. H. 

5 A 

a -5° -4° -3° 0° 4 5° 10° 12° 14° 15° 16° 18° 20° 22° 25° CO
 

o
 o O O

 50° 60° 

down 
AILERONS LOCKED- NEUTRAL 

0° 0° Cl 0.005 0. 076 0. 151 0.360 0. 700 1.060 1. 173 1.250 1. 253 
1 

1.244 1.243 1. 170 1. 117 0. 803 0. 858 0. 790 0. 713 0.600 
0° 0° Cd .018 .016 .017 .022 .045 .038 .103 .130 . 146 .165 .201 .245 .283 .418 .540 .706 .890 1.053 

UP ONLY 

10° Cl' 0.015 0.015 0. 003 0. 001 0.000 
10° Cn' -. 001 -.003 —. 005 -.004 -.003 
20° Cl' .030 .031 . 015 .008 .005 
20° Cn' . 000 -.004 -. 010 -.007 —.007 

25° Cl’ .038 .038 0. 040 0.038 0.036 0. 036 .022 0. 021 0. 010 .013 .010 
25° Cn’ .002 -. 004 —. 005 -.006 -.008 —. 009 -.011 -.011 -. 008 -.008 -.009 
30° Cl’ . 042 .044 .028 . 015 . 012 
30° Cn’ .003 -.004 -.011 -.009 -.010 

35° Cl' .047 .049 .051 .050 .048 . 048 .033 .032 .015 .018 .015 
35° Cn’ . 005 - 002 -.004 -.005 -.007 -. 010 -.011 -. 012 -.007 -. 008 -.010 
40° Cl' .049 .052 .038 .016 .014 
40° Cn' .007 -. 001 -.010 -. 007 -.008 

50° Cl' .052 .058 . 058 .056 . 055 . 056 .050 .037 . 020 .019 .016 
50° Cn' .010 .003 . 001 -.001 —.003 -. 005 -.007 -.008 -.004- -.005 -.006 
60° Cl' .056 .063 .065 . 065 .064 . 065 . 048 . 037 .020 .019 .012 
60° Cn' .013 . 006 .005 . 003 . 001 -.001 —. 003 -.004 -.001 -.002 -.006 

80° Cl' 
80° Cn’ .1- 

DOWN ONLY 

7° Cl' -0.011 —0. 013 -. 011 -0. 011 -0. 009 — 0. 009 —0.005 -0. 001 0. 001 0.000 -0.001 
7° Cn’ . 001 . 003 .004 . 004 .005 .005 . 005 .004 . 003 .002 .003 

8}4° Cl' —.016 -.014 -. 009 -.007 -.005 
8}4° Cn’ . 002 .004 .006 .005 .005 

10° Cl' -. 018 -. 017 -.009 -.006 -.005 
10° C„' . 002 . 005 .008 .005 .006 

1154° Cl' —.021 -.020 -.010 -.006 -.005 
11}4° Cn' . 003 . 006 .009 .006 .006 

12° Cl' -. 022 -.020 -. 010 -.006 .002 
12° Cn’ .003 .006 . 009 .006 .007 
13° Cl' -.023 —.023 -.012 -.007 -.006 
13° Cn' .003 . 007 . 010 . 006 .007 

14° Cl' -. 024 —.023 -.012 -.007 -.006 
14° Cn' .004 .007 .010 .007 .007 
15° Cl' —. 026 —. 025 - 023 —. 024 —. 021 - 008 —. 010 . 000 -. 003 -.006 -.005 I 

15° Cn' .004 . 008 .009 . 010 .011 .011 .010 . 007 . 006 .007 .007 

20° Cl' —.032 —.032 -. 008 -.007 -.006 
20° Cn’ . 006 .012 . 013 .009 .010 
25° Cl' —. 035 —. 035 — 034 —. 032 —. 028 - 015 —. 00 8 . 004 -.002 -. 006 -.005 
25° Cn’ . 008 . 014 .015 .016 .018 .018 . 015 . 009 . 010 .011 .013 

35° Cl’ -. 0-41 —.040 -.014 -.005 -.005 
35° Cn' . 010 .017 .016 .014 .015 

r _ 
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TABLE VI 

FORCE TEST. 10- BY 60-INCH CLARK Y WING WITH 20° SKEWED AILERONS 25 PER CENT AVERAGE c BY 
40 PER CENT 6/2. YAW=-20°. R. N. = 609,000. VELOCITY = 80 M. P. H. 

6 
a -5° 0° 5° 10° 12° 14° 15° 16° 17° 18° 

O O
 

CN 22° 25° 30° 

O O
 50° 60° 

A 
AILERONS LOCKED—NEUTRAL 

0° 0° Cl -0.002 0.312 0.637 0.944 1.040 1.118 1. 144 1.167 1. 178 1. 168 0. 966 0.917 0.912 0.818 0. 759 0. 642 
0° 0° Ci> .019 .021 .042 .079 .096 . 115 . 125 . 137 . 169 .221 .348 .422 .525 .687 .886 1. 053 
0° 0° CY -.001 -.003 -.004 -.008 -.012 -.018 -.024 -.030 -.052 -.076 -. 102 -. 104 -.091 -.056 -.048 -.044 
0° 0° Cn' .002 .002 .002 .005 .006 .008 .010 .012 .014 .016 .022 .040 .049 .044 .048 .055 

UP ONLY 

25° Cl' 0. 035 0.036 0. 036 0. 037 0. 037 0. 038 0. 038 0. 033 0. 027 0. 011 0.006 

25° Cn . 002 -. 005 -. 007 -. 009 -.011 -.011 -.014 -.019 -.022 -.016 -.010 

35° Ci' . 046 .048 . 049 . 051 . 051 .052 .052 . 046 . 040 .023 .012 
35° Cn' . 005 -. 004 —. 006 -. 008 -. Oil -.012 -.015 -.024 -.027 -.023 -.013 

50° Cl' 058 . 064 . 065 . 067 .068 .069 .070 .063 .055 .038 .021 

50° Cn 013 .001 -. 002 -. 004 -.008 -.009 -.014 -. 025 -.027 -. 025 -.015 

60° Cl' 062 . 071 . 073 .075 .076 .078 .077 .069 . 061 . 044 .028 

60° Cn .020 . 006 . 004 . 000 -.004 -.005 .010 -.020 -.025 -.023 -.016 

TABLE VII 

FORCE TEST. 10- BY 60-INCH CLARK Y WING WITH 20° SKEWED AILERONS 25 PER CENT AVERAGE c BY 
40 PER CENT 6/2. YAW = 20°. R. N. = 609,000. VELOCITY = 80 M. P. H. 

15° 
15° 

25° 
25° 

b Up 
A 

5 

a -5° 0° 5° 10° 12° 14° 15° 16° 17° 18° 

O O
 

C
N

 22° 25° C
O

 
O

 o o
 O 50° 60° 

A 
down 

AILERONS LOCKED— NEUTRAL 

0° 0° Cl 0. 000 0.328 0.699 0.955 1. 053 1. 130 1. 153 1. 168 1. 181 1.174 0. 936 0.912 0.901 .0812 0. 747 0.631 

0° 0° Cd .018 .021 .043 .080 .096 . 115 . 125 . 138 . 172 .224 .356 .422 . 520 .677 .871 1. 035 

0° 0° Ci' . 010 .013 .015 .019 .023 .028 .034 .042 .065 .082 . 107 . 109 . 097 .060 . 052 0. 047 

0° 0° Cn' -.001 -.001 -.003 -.006 —. 008 -.011 -.012 -.014 — -.017 -.022 -.031 -. 044 -.055 -. 048 —. 053 -. 063 

DOWN ONLY 

Cl' 
Cn' 

Cl' 
Cn' 

Cl' 
Cn' 

-0.010 
.001 

-.021 
.003 

-.031 
.007 

-0. 011 
.003 

-.021 
.007 

-.033 
.014 

-0. 010 
.003 

-. 020 
.008 

-.033 
.015 

-0.009 
.004 

-.019 
.009 

-.032 
.017 

-0. 008 
.003 

-.019 
.008 

-.031 
.016 

-0.008 
.003 

-.016 
.007 

-.027 
.013 

-0. 005 
.003 

-.012 
.008 

-.021 
. 014 

-0.003 
.003 

-.007 
.007 

-.011 
.012 

-0.004 
.003 

-.009 
.007 

-.012 
.013 

-0. 002 
.002 

-.004 
.006 

-.005 
.012 

-0.003 
.004 

-.005 
.008 

-.007 
.013 
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TABLE VIII 

FORCE TEST. 10- BY 60-INCH CLARK Y WING 
30 PER CENT 6/2. YAW=0°. 

WITH 10° SKEWED AILERONS 40 PER CENT AVERAGE c 
R. N. = 609,000. VELOCITY = 80 M. P. H. 

B1 

5 

a -5° -3° 0° 4. 5° 10° 12° 14° 15° 16° 18° 

O o 
CN 22° 25° 30° 

O O
 

1 
Tf* 

1 

50° 60° 

A 1 down 
AIL E R O N S L O C K E D —N E U T R A L 

0° 0° c,. 0.008 0.149 0. 363 0. 700 1. 068 1. 176 1.280 1. 255 1.240 1.241 1. 163 1. 117 0. 793 0.845 0.808 0.716 0.600 0° 0° Cd .016 
. 

.016 .020 .043 .087 . 108 . 130 . 148 . 166 . 199 .246 .281 .419 .538 .727 .881 1.045 

UP ONLY 

10° Cl' 0.018 0.020 0.006 0. 001 0. 000 
10° Cn -.001 —.004 -. 006 -.003 -.003 

20° Cl' .037 .040 .025 .002 .004 
20° Cn .002 —.005 —.011 —.005 -.007 
25° Cl' .044 .048 .048 .047 .046 .045 .047 .034 .020 .009 .007 .008 
25° Cn' .004 —.004 -.008 -.011 -.012 -.013 -.008 -.007 -.008 

30° Cl’ . 04S .055 .042 .009 .011 
30° C„' . 006 —.002 —.012 -.008 —.009 
35° Cl' .053 .065 .065 . 054 . 064 .064 .052 . 037 .018 . 016 . 016 
35° Cn' .009 .000 -.003 —.005 -.007 -.009 —.012 -.014 -.009 -. 009 -.012 
40° Cl' .059 .071 .059 .019 .019 
40° Cn' . 012 .002 -.010 -.009 -.012 
50° Cl’ .065 .081 .083 .082 .082 .083 .070 .050 .034 .018 .027 
50° Cn' .016 .007 .005 . 003 .000 -.003 —.006 -.008 —.007 -.005 -.011 
60° Cl' .072 .087 . 0S9 .091 .092 .094 .079 .052 .043 .026 .017 
60° Cn' .021 .012 .010 .008 .006 . 004 .001 —.001 —.003 —.003 -.008 
80° Cl' . 062 .071 .054 .014 .010 
80° Cn' .018 _1 .009 .001 .001 -.005 

DOWN ONLY 

7° Cl’ -0.014 -0.012 -0.011 -0. 009 —0.007 -0.007 —0.005 -0.013 —0. 000 -0.001 -0.001 
7° Cn’ .002 .004 .004 .004 .005 .005 . 005 .005 .003 .003 .003 

8'A° Cl' -.017 —.014 -.005 .001 .003 
8A° Cn' .002 .004 .006 .003 .005 

10° Cl' —.020 -.016 —.004 .001 .000 
10° Cn .003 .005 .007 .004 .005 

ii y2° Cl' -.022 —.017 —.005 .002 .000 
ny2° Cn' .003 .006 . 007 .004 .005 

■ 12° Cl' -.023 -.018 -.004 .002 .000 
12° Cn' .003 . 006 .008 .004 . 005 . 
13° Cl’ —.025 -.021 —.005 .003 .000 
13° Cn . 004 . 008 .009 .005 . 006 

14° Cl' -.026 -.022 —.002 .002 .000 
14° Cn .004 .008 .009 .005 .007 . 
15° Cl' —.027 -.023 -.023 —.022 -.018 -.003 -.006 -.010 .001 001 000 
15° Cn' . 005 009 .010 .011 . 012 .012 .010 .008 .007 .006 .008 

20° Cl' —.033 -.029 .002 004 .001 
20° Cn . 007 .013 .011 .007 .010 
25° Cl’ -.039 -.033 -.033 -. 030 - 027 -.007 -.004 -. 004 .004 .005 .001 
25° Cn .012 . 016 .018 .018 020 . 018 . 014 . 010 .010 .009 .013 

35° C,’ — 044 - 037 —.005 .010 .004 — 

35° Cn i .022 .017 .012 .017 .016 |_ 

TABLE IX 

FORCE TEST. 10- BY 60-INCH CLARK Y WING WITH 10° SKEWED AILERONS 40 PER CENT AVERAGE c B: 
30 PER CENT 6/2. YAW=-20°. R. N. = 609,000. VELOCITY = 80 M. P. H. 

8 up 
8 ■ 

-5° 0° 5° 10° 12° 14° 15° 16° 18° 

o O
 

CN 22° 25° 

O o
 

cc 40° 

O o
 

»o 60° 

A A down AILERONS LOCKED—NEUTRAL 

0° 0° Cl -0. 008 0.311 0. 639 0. 938 1.043 1. 114 1. 139 1. 155 1.174 1.175 0. 984 0. 922 0. 908 0.816 0. 760 0.642 
0° 0° Cd .019 .022 .042 .078 .095 . Ill . 124 . 134 . 166 .214 .346 .413 . 525 .681 .879 1.057 

0° 0° Ci' -.001 -.003 -.005 -.009 -.013 -.019 -.024 -.030 -.053 -.075 -. 103 -. 105 -.093 -.057 -.047 -.044 

0° 0° C„' . 002 .002 .002 .005 .006 .008 .010 .011 .013 .016 .021 .038 .048 .042 .047 .055 

UP ONLY 

95° Cl' 0 042 0 042 0 043 0 042 0. 042 0 042 n 045 0 043 0 039 0 032 0.021 0.005 
25° Cn . no4 — .005 -.006 -.008 — .009 -.010 — Oil — 014 —.021 -.024 -.022 -.010 

35° Cl' 060 061 . 061 063 . 062 .057 049 .037 .011 
35° Cn . 010 —. 001 -.008 —.011 —. 015 -.025 -.028 -.027 -.015 

50° Cl' . 070 088 .090 090 090 .094 
— 005 

093 .086 .074 .060 .020 
50° c,' 021 009 . 005 . 002 - 001 — 010 —. 021 - 029 —.030 -.018 

60° Cl' 069 . 103 . 104 . 106 108 . 113 110 . 102 .089 .074 .032 

60° Cn .024 .019 .015 .011 .007 .004 -.002 -.015 -.024 —.028 -.019 
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TABLE X 

FORCE TEST. 10- BY 60-INCH CLARK Y WING WITH 10° SKEWED AILERONS 40 PER CENT AVERAGE c BY 30 
PER CENT b/2. YAW = 20°. R. N. = 609,000. VELOCITY = 80 M. P. H. 

a -5° 

o
 ©

 5° 10° 

O
 

0
4

 14° 15° C
5

 O
 

18° 20° 22° 25° C
O

 
©

 0
 

40° 
o

 o
 

40 

0 ©
 

©
 

6 
A 

1 

down 

0° 

0° 

0° 

0° 

7° 
7° 

15° 
15° 

25° 
25° 

AILERONS LOCKED—NEUTRAL 

Cl 0.002 0.326 0.653 0. 962 1.059 1.128 1. 157 1.175 1. 188 1.178 0. 980 0.915 0.890 0. S08 0. 750 0. 630 
Cd .017 .022 .043 .080 .098 . 115 . 125 . 138 . 172 222 .357 .421 .521 .673 .869 1.037 
Cl' .010 .013 .015 .019 .024 .028 .034 .043 . 064 .083 .095 . 109 .096 .061 .053 .048 
C n -.001 -.001 -.003 -.006 -.008 -.011 -.012 -.014 -.017 -.021 -.030 -.045 -.054 -.048 -.054 -.064 

DOWN ONLY 

CV 
cv 

Cl' 
cv 
Cl' 
cv 

-0.012 
.001 

-.025 
.004 

-.039 
.011 

-0.011 
.003 

-.022 
.008 

-.038 
.019 

-0.011 
.003 

-.024 
.009 

-.040 
.020 

-0.010 
.004 

-.022 
.010 

-. 030 
.021 

-0.010 
.004 

-.021 
.010 

-.034 
.020 

-0.007 
.003 

-.010 
.008 

-.020 
.015 

-0.005 
.003 

-.013 
.008 

-.010 
.015 

0.010 
.002 

.008 

.000 

.004 

.012 

-0.004 
.004 

-.007 
.009 

-.010 
.015 

-0.003 
.003 

-.003 
.007 

-.003 
.012 

-0.004 
.006 

-.005 
.009 

-.005 
.014 

TABLE XI 

FORCE TEST. 10- BY 60-INCH CLARK Y WING WITH 20° SKEWED AILERONS 40 PER CENT AVERAGE c BY 30 
PER CENT 6/2. YAW = 0°. R. N. = 609,000. VELOCITY = 80 M. P. H. 

5 up 
A 

A 

down 

0° 0° 
0° 0° 

10° 
10° 

20° 
20° 
25° 
25° 

30° 
30° _ 
35° 
35° 

40° 
40° 
50° 
50° 

60° 
60° 
80° 
80° 

7° 
7° 

S14° 
84° 

10° 
10° 

1114° 
11 *4° 

12° 
12° 
13° 
13° 

14° 
14° 
15° 
15° 

20° 
20° 
25° 
25° 

30° 
30° 

-3° 0° 4.5° 10° 12° 14° 15° 16° 18° 20° 22° 25° 30° 40° Cn
 

©
 O 60° 

AILERONS LOCKED—NEUTRAL 

Cl 0. 022 0. 164 0.372 0.700 1.069 1. 178 1. 249 1.247 1.244 1. 243 1. 164 1. 102 0. 795 0. 838 0.804 0. 707 0. 589 
Cv .017 .016 .022 .046 .093 . 112 . 134 . 152 . 171 .207 .243 .281 .424 .535 .721 .887 1.053 

UP ONLY 

cv ;_ 0. 017 0.016 0.016 0.016 0.013 0.013 0. 003 0.004 0. 002 0.001 0. 000 
cv .000 -.003 -.004 -.004 -.005 -.005 -.005 -.005 -.003 -.003 -. 004 

Cl' . 033 .035 .034 . 031 . 033 .033 .023 .021 .008 . 010 .005 
cv . 001 -.005 -.007 -. 007 -.008 -.010 -.010 -.012 -.007 -.007 -.008 
Cl’ .041 .043 .041 . 041 .039 .039 .028 .025 .008 .009 . 006 
cv .003 —.004 -.005 — .006 -.008 -.010 -.011 -. 012 -.007 -.008 -. 009 

Cl' .049 .051 .051 .050 .050 .050 .041 .037 .015 .015 .012 
cv . 006 -. 002 —.004 -. 006 -. 008 -.010 -. 012 -.013 -.009 -. 010 -. Oil 
Cl' .053 .059 .059 .057 .056 .055 . 043 .040 .015 . 016 .014 
cv .003 -.002 -.003 -.005 -.007 -.010 -.011 -.013 -.009 -.010 -.012 

Cl' . 05S .067 . 066 .066 . 066 .066 .057 .049 .023 .021 .020 
cv .011 .001 -.002 -.003 -.006 -.008 -.011 -.012 -.010 -.010 -.014 
Cl' . 069 .079 . 078 .078 .077 .077 .062 .054 .030 .024 .026 
cv . 017 .006 . 004 .001 -.002 -.004 -.006 -.008 -.007 -.003 -. 013 

Cl' .070 .087 .037 .088 .037 .087 .070 . 061 .036 . 029 .024 
cv . 020 . 013 .010 . 00 3 .005 .002 .000 -.002 -.002 -. 004 -.011 
Cl' 
cv 

DOWN ONLY 

Cl’ -0. 011 -0. 008 -0.009 -0.009 -0. 009 -0. OOS -0.001 0. 000 0.002 0.001 0.000 
cv . 002 . 00 4 . 004 .005 . 005 .006 .006 .005 .004 .004 .004 
Cl' — 013 — Oil —. 012 -.0'! —. OOS —. Oil —. 009 .000 . 001 . 001 —. 001 
cv 003 .004 .005 .006 . 006 .007 . 006 .005 .004 .003 .004 

Cl' -. 015 -.013 -.014 -.014 -. 012 -.001 -.003 .000 .002 .002 .000 
cv . 003 .006 . 006 . 007 . 007 .003 .007 . 006 .001 .004 . 004 
Cl' —. 016 -.016 -.017 - 016 -.015 -.002 .000 .001 .002 .002 .000 
cv 003 . 006 .007 . 008 . 009 . 009 .003 .006 .004 . 005 . 005 

Cl' —. 018 -.017 -. 018 -.017 -.015 -.003 -.004 .001 .002 .002 .000 
Cn' .004 .007 .007 .009 .009 .009 .008 .006 .005 . 005 .005 
Cl' —. 019 -.020 -.021 -.019 -.016 -. 004 . 004 . 001 . 003 .002 -.001 

Cn . 004 .OOS .009 . 009 .010 .010 .009 .1X17 .005 . 005 .006 

Ci' — 020 - 020 —. 021 -. 020 -. 016 —. 004 -.003 .001 . 002 .002 . 000 
Cn' . 001 . 008 .009 . 010 . on . Oil .009 .007 .005 . 005 . 007 
Ci' — 022 —. 023 -. 023 -. 022 -. 018 —. 005 -. 003 .002 . 002 .003 . 000 
C ' 005 .009 .010 . on .012 . 012 .010 .007 .006 .006 .007 

Cl' -. 027 -. 028 -.028 -.027 -.022 -.005 -.003 .005 .004 .003 .000 

Cn' . 007 .013 .014 . 015 .016 .015 .012 .009 .007 .008 .010 
c? 033 — 032 —. 031 —. 031 —. 026 —. 007 . 001 . 006 . 005 . 004 .001 
Cn' 

.... 
010 .016 .018 .019 .020 .017 .014 .010 .009 .009 .011 

Cl' — 039 -.037 -.037 -.035 -.029 -.018 -.003 .006 .007 .007 .002 
Cn' . 013 . 019 .020 .021 .023 .021 .016 .012 .011 .012 .015 

40768—34-7 
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TABLE XII 

FORCE TEST. 10- BY 60-INCH CLARK Y WING WITH 20° SKEWED AILERONS 40 PER CENT AVERAGE c BY3f 
PER CENT 6/2. YAW =-20°. R. N.= 609,000. VELOCITY = 80 M. P. H. 

1 
6 

CL -5° 0° | 5° 10° 

1 

12° 14° 16° 17° 18° to
 

o
 o
 

22° 25° 30° 40° 

O O
 

uO 60° 

;6a up 
A 

down 
AILERONS LOCKED—NEUTRAL 

0° 0° Cl 0.006 0. 326 0. 651 0. 948 1.048 1.109 1. 152 1. 168 1. 166 1. 164 0. 953 0.914 0. 896 0. 819 0.754 0.639 
0° 0° Cd .018 .022 .044 .080 .097 . 115 . 137 . 152 . 172 . 220 .350 . 423 .526 .692 .881 1.048 
0° 0° Ci' -.002 -.004 -.005 -.009 -.013 -.019 -. 033 -.042 -.055 -.078 -. 104 —. 105 -.089 -. 057 -.048 -.043 
0° 0° C„' .001 .001 .002 .005 .006 .009 .012 .013 .014 .017 .025 .041 .049 .044 .048 .055 

UP ONLY 

25° Ci’ 0.037 0. 036 0. 037 0.036 0.038 0.039 0.047 0.043 0. 033 0.016 0. 003 
25° Cn . 003 —. 006 —. 007 —.008 —.011 -.012 -.015 -.020 -.025 -.020 -.012 

35° Cl' 052 .053 .053 .052 .053 -.055 -.054 -. 048 -.038 -.025 -.008 
35° Cn' .007 —.004 —.006 -.008 —.011 -.013 -.016 -.025 -.029 -.026 -. 016 

50° Cl' . 071 . 077 .076 .078 .080 .079 .082 .072 .065 . 046 .018 
50° Cn' .019 . 003 .001 —. 002 — .006 —.009 -.013 —. 026 -.031 -.030 -.021 

60° Cl' .081 .091 .092 .093 .096 .097 .098 .089 .080 .061 .025 
60° Cn .029 . 012 .008 . 005 .001 -.003 -. 009 -.022 -.029 -.029 -.019 

TABLE XIII 

FORCE TEST. 10- BY 60-INCH CLARK Y WING WITH 20° SKEWED AILERONS 40 PER CENT AVERAGE c BY5 
PER CENT 6/2. YAW=20°. R. N. = 609,000. VELOCITY = 80 M. P. H. 

<5 
a -5° 0° 5° 10° 12° 14° 16° 17° 18° 

O o 

L
 

22° 25° 30° 40° 50° 60° 

A UP 
A 

down 
AILERONS LOCKED-NEUTRAL 

0° 0° Cl 0.017 0.337 0. 663 0. 965 1.067 I. 136 1. 177 1. 194 1. 185 1. 177 0. 935 0.903 0. 894 0. 808 0. 744 0. 628 

0° 0° Cd .017 .021 .044 .081 .098 . 118 . 141 . 157 . 175 .225 .353 .421 .523 .681 .879 1. 042 

0° 0° Ci' .009 .013 .015 .018 .022 .028 .042 .054 .055 .083 . 107 . 107 .096 .053 .052 .041 

0° 0° Cn' -.001 -.002 -.003 -.008 -.008 -.010 -.014 -.015 -.017 -. 022 -.031 -.050 -.054 -.046 -.052 -.061 

DOWN ONLY 

7° Cl' —0 010 —0 009 —0 010 —0. 010 —0. 010 -0.008 -0.005 -0.003 -0.003 -0.001 0. 000 

7° Cn .002 .003 .004 .004 .005 .004 .005 .004 .008 .004 .004 

15° Cl' — 021 -.022 —.023 -. 022 -.022 -.019 -.016 -.007 -.007 -.003 -.002 
15° Cn 004 009 .010 .011 . Oil .010 .010 .008 .010 .008 .009 

25° Cl' — 034 -.036 -.045 —.034 -.032 -.028 -.023 -.009 -.010 -.002 -.002 
25° Cn .009 .017 . 019 .019 . 018 . 016 . 016 . 014 .016 .012 .012 
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TABLE XIV.—CRITERIONS SHOWING RELATIVE MERITS OF AILERONS 

ASSUMED RIGHT AILERON UP AND LEFT AILERON DOWN 

Subject 

Wing area or minimum 
speed. 

Speed range. 
Rate of climb.. 

Lateral controllability.... 

Lateral control with side¬ 
slip. 

Yawing moments due to 
ailerons: (+) Favorable; 

(—) unfavorable. 

Lateral stability (54=0°). 

Criterion 

Maximum Cl -...) 

Maximum Cz/minimum Cj5.|^‘4=0° 
LID at Cz=0.70.J 

\RC a=0°. 
IRC a=10°.' 
IRC a = 20°.. 
[RC a = 30°. 

Maximum a at which ailerons will 
balance Ci' due to 20° yaw. 

C„ 
A Ct = 0° 

"a a=l0°. 

nA a=20°. 

"a a=30°. 

a for initial instability in rolling. 
a for initial instability at p'6/2 V=0.05: 

Yaw=0°. 
| Ditto: Yaw=20°... 
Maximum unstable C\ at p’b/2V= 

0.05: Yaw=0°. 
(Ditto: Yaw=20°.. 

Straight ailerons 25 per cent 
chord by 40 per cent semispan 
(assumed standard size) 

10° skewed ailerons 25 per cent 
average chord by 40 per cent 
semispan 

20° skewed ailerons 25 per cent 
average chord by 40 per cent 
semispan 

Stand¬ 
ard 25° 
up, 25° 
down 

Differ¬ 
ential 
No. 1 

35° up, 
15° 

down 

Differ¬ 
ential 
No. 2 

50° up, 
7° 

down 

Up 
only 
60° 

Stand¬ 
ard 25° 
up, 25° 
down 

Differ¬ 
entia] 
No. 1 

35° up, 
15° 

down 

Differ¬ 
ential 
No. 2 

50° up, 
7° 

down 

Up 
only 
60° 

Stand¬ 
ard 25° 
up, 25° 
down 

Differ¬ 
ential 
No. 1 

35° up, 
15° 

down 

Differ¬ 
ential 
No. 2 

50° up, 
7° 

down 

Up 
only 
60° 

1.270 1.270 1.270 1.270 1.278 1.278 1.278 1.278 1.253 1.253 1.253 1.253 
79.4 79.4 79.4 79.4 74.7 74. 7 74.7 74.7 76.4 76.4 76.4 76.4 
15.9 15.9 15.9 15.9 15.6 15.6 15.6 15.6 15.6 15.6 15.6 15.6 

.204 .202 .214 . 196 .240 .238 .221 . 194 .204 .204 .179 .155 

.076 .074 .074 .072 .082 .077 .075 .069 .071 .070 .065 .058 

.038 .051 .055 .054 .035 .039 .041 .044 .031 .041 .048 .040 

.017 .005 .002 .002 .026 .032 .018 .014 .031 .032 .024 .021 

20° 20° 21° 22° 19° 20° 20° 21° 18° 19° 20° 20° 

.002 .010 .016 .001 .010 .015 .002 .009 .013 
-.007 b-. 003 b~. 002 -.007 b-. 003 ‘-.003 “—.007 -.006 003 b—. 003 •-.001 

.004 . 013 . 018 . 004 .013 .018 . 003 . 012 . 017 
-.004 b—.002 6—. 001 ‘-. 005 “-.002 b-,001 -.005 b-. 002 b-. 002 “-.001 

.008 .013 .005 . 012 .018 .014 
-.010 b—. 007 fc-.ooe “-.003 ‘-.013 ‘-.009 ‘-.009 b~. 004 -.014 ‘-.009 ‘-.009 b-. 004 

. 002 /. 004 A 016 . 004 . 008 
-.008 -.008 t—. 007 (,-.004 -.008 ‘-.004 ‘-.002 «-. 007 '-.004 ‘-.005 b—.003 

18° 18° 18° 18° 
17° 17° 17° 17° 

11° 11° 11° 11° 
. 048 . 048 .048 .048 

.093 .093 . 093 .093 

Subject Criterion 

Straight ailerons 40 per cent 
chord by 30 per cent semispan 

10° skewed ailerons 40 per cent 
average chord by 30 per cent 
semispan 

20°skewed ailerons 40 per cent 
average chord by 30 per cent 
semispan 

Stand¬ 
ard 25° 
up, 25° 
down 

Differ¬ 
ential 
No. 1 

35° up, 
15° 

down 

Differ¬ 
ential 
No. 2 

50° up, 
7° 

down 

Up 
only 
60° 

Stand¬ 
ard 25° 
up, 25° 
down 

Differ¬ 
ential 
No. 1 

35° up. 
15° 

down 

Differ¬ 
ential 
No. 2 

50° up, 
7° 

down 

Up 
only 
60° 

Stand¬ 
ard 25° 
up, 25° 
down 

Differ¬ 
ential 
No. 1 

35° up, 
15° 

down 

Differ¬ 
ential 
No. 2 

50° up, 
7° 

down 

Up 
only 
60° 

Wing area or minimum 
speed. 

Speed range.. 

Maximum Cl—...| 

Maximum Cz/minimum Cd.(&a=0 
LID at Cz=0. 70.J 

| 1.258 
^ 78.5 
l 15.9 
• 

1.258 
78.5 
15.9 

1.258 
78.5 
15.9 

1.258 
78.5 
15.9 

1.260 
80.3 
16.3 

1.260 
80.3 
16.3 

1.260 
80.3 
16.3 

1.260 
80.3 
16.3 

1.249 
78.5 
15.2 

1. 249 
78.5 
15.2 

1.249 
78.5 
15.2 

1.249 
78.5 
15.2 

Rate of climb_ 

Lateral controllability... 

[RC cr = 0°..... .226 
.078 
.046 
.019 

.234 

.084 

.058 

.025 

.226 

.083 
». 073 
.026 

.202 

.076 
*.074 
.022 

.229 

.078 

.037 

.011 

.220 

.082 

.053 

.024 

.216 

.085 

.064 

.024 

. 197 

.078 

.064 

.028 

.199 

.072 

.029 

.016 

.200 

.077 

.044 

.023 

.214 

.080 

.054 

.030 

. 187 

.078 

.057 

.032 

|RC a=10°...... 
iRC a=20°..... 
(RC a = 30°..... 

Lateral control with side¬ 
slip. 

Maximum a at which ailerons will 
balance Ci due to 20° yaw. 

19° 20° 22° 25° 19° 20° 21° 22° 19° 19° 20° 21° 

Yawing moments due to 
ailerons: (+) Favor¬ 
able; (—) unfavorable. 

lC*A a = 0°..... 
f .005 

b—.002 
.006 

b—. 003 
.001 

b-. 008 

.016 
“-.001 

.020 
“-.002 

.019 
b—. 007 

.003 
‘-.005 

.021 .004 
b—.003 

.006 
b—.002 

.014 
b—. 003 

.019 
b—.002 

.015 
b—.008 

.002 
‘-.008 

.021 
“-.001 

.027 

.003 
b—. 003 

. 004 
b- 003 

.014 
b—.003 

.017 
“-.003 

.010 
b—.009 

.001 
‘-.007 

.020 
“-.001 

.028 
“-.001 

.024 
“-.004 

.010 
“-.002 

1—. 007 -.008 -.006 

CnA a= 10°... 
.026 

1-.007 
/ 

-.006 -.006 
c 
CnA a = 20°..... 

.029 
“-.003 

.009 
‘-.002 

.028 
“-.004 

.011 
‘-.004 

. oio / ‘-.013 b-. 009 -.014 ‘-. 009 

CnA a = 30°.. X—. 012 ‘‘-.009 -.013 ‘-.009 -.012 ‘-.008 

Lateral stability (5 a=0°). 

18° 
17° 

12° 
.022 

.085 

18° 
17° 

12° 
.022 

.085 

18° 
17° 

12° 
.022 

.085 

18° 
17° 

12° 
.022 

.085 

a for initial instability at p'6/2 U=0.05: 
Yaw=0°. 

Maximum unstable C. at p'b/2V= 
0.05: Yaw=0°. 

° to / Where the maximum yawing moment occurred below maximum deflection, the letters indicate the deflection of the up aileron as follows: “ = 10°, l- 
<i=25°,‘=30°,/=40°. 

» RC has a minimum value of 0.066 at a=17° and a maximum of 0.074 at a=22°. 
* RC= 0.064 at a = 17° and 0.094 at a=22°. 

15°, ‘=20°, 
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WORKING CHARTS FOR THE DETERMINATION OF THE LIFT DISTRIBUTION 
BETWEEN BIPLANE WINGS 

By Paul Kuhn 

SUMMARY 

In this report are presented empirical working charts 
from which the distribution of lift between wings; viz, the 
fraction of the total lift borne by each, can be determined 
in the positive lift range for any ordinary biplane cellule 
whose individual wings have the same profile. The var¬ 
iables taken directly into account include airfoil section, 
stagger, gap/chord ratio, decalage, chord ratio, and over¬ 
hang. It is shown that the influence of unequal sweep- 
back and unequal dihedral in upper and lower wings 
may be properly provided for by utilizing the concepts of 
average stagger and average gap/chord ratio, respectively. 
The effect of other variables is discussed, but they have not 
been included in the charts either because their influence 
was obviously small or because insufficient data existed to 
make possible a complete determination of their influence. 
All available pertinent biplane data were analyzed in 
establishing the charts, and in some cases theoretical re¬ 
lationships were utilized to establish qualitative ten¬ 
dencies. 

INTRODUCTION 

The importance of the knowledge of lift distribution 

is too well known to require much comment. If the 

structural design of airplanes is to be improved by 

using methods of stress analysis more refined than those 

now in use, the applied loads must be known to a higher 

degree of accuracy. 

The determination of the lift distribution between 

biplane wings is only one phase of the problem of 

applied loads that has not been satisfactorily solved. 

The reason lies largely in the absence of a satisfactory 

biplane theory and in the absence of sufficiently exten¬ 

sive coordinated test data. For instance, the method 

of determining the lift distribution between biplane 

wings now recommended by the Department of Com¬ 

merce (reference 1), is based exclusively on tests of the 

R. A. F. 15 airfoil, whereas there is considerable evi- 

dence that the lift distribution changes with the airfoil 

section. Furthermore, the recommended rules for de¬ 

termining the effect of overhang and unequal chords 

are based on inadequate assumptions. Rules in use 

by the Army and Navy at the time of writing are even 

more sketchy and incomplete than those in use by the 

Department of Commerce. 

For the above reasons, an analysis of all available 

biplane test data has been made at the request of the 

Aeronautics Branch, Department of Commerce, with a 

view toward further refinement of the method for de¬ 

termining the lift distribution between biplane wings. 

The present report gives the results of the analysis. 

The results are summarized and condensed into 

working charts from which the lift distribution may be 

obtained in the positive lift range for any ordinary 

biplane whose upper and lower wings have the same 

airfoil section. If CLu, CLl, and CLb denote the lift 

coefficients, respectively, for the upper wing, lower 

wing, and their biplane combination, each coefficient 

can be determined from the other two. In this report 

the lift distribution is arbitrarily characterized by the 

ratio CLJCLb~H, and is given as a function of the 

following variables: Stagger, gap/chord ratio, deca¬ 

lage, chord ratio, overhang, and airfoil section. Other 

variables, such as tip shape, aspect ratio, dihedral, 

fuselage interference, and scale effect were neglected 

either because their influence was obviously small or 

because insufficient data were available to take them 

properly into account. 

METHOD OF PROCEDURE 

The procedure followed in arriving at the working 

charts involved: (1) An examination of available test 

data bearing on the problem, in which certain of the 

data were selected as a basis; (2) a comparison of the 

selected test data with biplane theories; (3) a selection 

of the most important variables to be included in the 

charts; and (4) construction of the charts, which were 

finally based largely on the test data, although certain 

qualitative relationships were established by the theory. 

Test data.—A complete list of references to the test 

data used in the analysis is given at the end of the 

report. The test data consist of results from pressure- 

distribution and force measurements. It was found, 

where comparable results were available, that the pres- 

, sure-distribution data were only slightly inferior in 

accuracy to the force data. Both kinds of data were 

therefore used. 

Comparison of test data from different sources show¬ 

ing the effect of a given variable indicated, in general, a 
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reasonably good agreement. There were, however, 

three exceptions—the tests reported in references 2, 3, 

and 4. Reference 2 presents the results of tests on bi¬ 

planes composed of R. A. F. 6c airfoils. Because the 

R. A. F. 6c airfoil is now obsolete and because these 

tests were made before the technic of wind-tunnel test¬ 

ing was well advanced, reference 2 was discarded. 

Reference 3 presents the results of extensive tests 

with the R. A. F. 19 airfoil. This airfoil, although 

only moderately thick, has an excessive camber and is 

known to be subject to laige scale effects. For that 

reason, and also because such abnormal airfoils are 

not commonly used, the results of reference 3 were 

given no consideration in the analysis. 

The results given in reference 4 show a bad scatter¬ 

ing in some respects, and the tests were made in such 

a manner that it is difficult to compare the results 

with any others. Reference 4 was therefore not used. 

Biplane theories.—Although theories of the biplane 

are plentiful, only Millikan’s theory (reference 5) was 

used, as it is the most complete. This theory was 

found to be much superior to the older theories, but 

it was not found to check the experimental data suffi¬ 

ciently well in all cases to serve as a basis for the quan¬ 

titative determination of the lift distribution. In view 

of its complexity, attempts to introduce empirical 

correction factors were considered inadvisable. The 

theory was therefore used only in certain cases to 

establish qualitative trends where insufficient data 

were available to accomplish that result. When ade¬ 

quate data were at hand, the results of calculation bv 

Millikan’s theory were not used. 

The variables of the problem.—Although the ulti¬ 

mate object of this analysis was to establish a basis for 

the determination of the lift distribution between the 

wings of actual biplanes, an insufficient number of 

tests in which the influence of such factors as the 

fuselage and slipstream was present were available to 

permit such a result. By far the most of the data 

available were obtained from tests on wind-tunnel 

models in which the fuselage and propeller were absent. 

For this reason, the problem was considered from two 

points of view: First, that of the cellule (which is 

defined here as the combination of two superposed or 

approximately superposed wings without fuselage); 

and second, that of the biplane (which is here defined 

as the cellule plus appurtenances, such as the fuselage, 

that make up the complete airplane). 

Analysis of the data indicated that the distribution 

of lift between the wings of a cellule is appreciably 

affected by the following variables: Decalage, stagger, 

gap/chord ratio, airfoil section, overhang, and chord 

ratio. Of minor importance are unequal sweepback 

and unequal dihedral in upper and lower wings. 

These factors can be dealt with by using an average 

stagger and average gap/chord ratio, respectively. 

The influence of tip shape, equal dihedral in both 

wings, and equal sweepback in both wings is assumed 

to be negligible. Aspect ratio is probably of small 

importance within its usual practical limits, and it has 

also been assumed to be of negligible importance, 

unusual designs involving very small aspect ratios, 

special consideration may, however, be necessary. 

The charts.—The charts include the variables listed 

in the preceding paragraph as having an appreciable 

influence on the lift distribution. They are arranged 

in sequence as follows: First, a basic chart (fig. 19, 

Appendix) which gives R against CLb for cellules having 

gap/chord and chord ratios of 1, no overhang, and no 

decalage; second, a chart (fig. 20, Appendix) giving 

correction factors for gap/chord ratios other than 1; 

third, a chart (fig. 21, Appendix) giving correction 

factors for decalage other than zero; and fourth, a 

chart (fig. 22, Appendix) giving correction factors for 

overhang. These factors are to be multiplied by or 

added to the basic curves to correct for gap/chord 

ratio, decalage, and overhang, as discussed in the 

report and detailed in the Appendix. No chart is 

given for chord ratios other than 1, but means for 

taking them into account are indicated. The above 

arrangement and content of the charts are somewhat 

arbitrary, but they appeared to be logical after an 

inspection of the data. A discussion of the derivation 

of these charts in the light of the test data and 

Millikan’s theory follows. 

DISCUSSION OF CELLULE DATA AND DERIVATION OF 

THE CHARTS 

The basic chart.—Figure 1 shows a series of experi¬ 

mental R curves for two sets of cellules with gap/chord 

ratio of 1 having 0° stagger and 30° stagger with 

different airfoil sections. Comparison of the curves, 

particularly for 30° stagger, shows that the lift dis¬ 

tribution may be taken as a function of the sum of 

mean camber and thickness, where the mean camber 

is the camber of the mean line and is measured from 

the chord subtending the mean line. 

An explanation is necessary regarding the Clark 1 

points. The R curve derived from the tests of refer¬ 

ence 6 was found to be somewhat out of place on tiie 

camber-thickness scale. This discrepancy was be¬ 

lieved to be due to the fact that the individual airfoils 

used in the cellule had different monoplane character¬ 

istics on account of slight differences in the ordinates 

of the two airfoils. (See reference 5.) Millikan’s 

theory was therefore used in this case. Its validity 

for the purpose was first established by comparing the 

experimental Clark Y results with the theoretical £ 

values that were computed using the monoplane 

characteristics of the experimental airfoils. A close 

agreement was found up to a biplane lift coefficient 0: 

0.9. This agreement was considered evidence that 

the theory was correct in this case. Two R values for 

the Clark Y were therefore recomputed on the basis 

of monoplane characteristics obtained on an accurah 

model in the variable-density tunnel (reference 7), and 
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these values were used to represent the Clark Y cellule 

with 30° stagger in Figure 1. 

Figure 2 shows the experimental points for two air¬ 

foils at 0°, 15°, and 30° stagger. The curves shown 

for 0° and 30° are taken directly from the basic chart. 

The curves for 15° were obtained from the basic chart 

by straight-line interpolation between the curves for 0° 

and 30°, i. e., by halving the difference in ordinates; 

it is therefore apparent that straight-line interpolation 

for stagger is sufficiently accurate. This conclusion is 

supported by other test data. 

The same figure shows a number of points obtained 

by using the present design rules. (Reference 1.) 

They show the errors that are due to basing rules on 

R. A. F. 15 tests only. 

It will be seen in Figure 1 that at 0° stagger the value 

of R does not appear to be a clearly defined function of 

the sum of camber and thickness as in the case of 30° 

stagger. However, the total variation in Rfor different 

airfoils at 0° stagger is considerably smaller than at 30° 

stagger, so that errors involved by assuming that R is 

still a function of this sum are hardly larger than the 

experimental errors. 

At negative stagger there are very few data (refer¬ 

ences 6 and 8) other than R. A. F. 15 data in existence. 

They indicate that at low and medium biplane lift 

coefficients a single curve adequately represents the 

tests, and that the difference in airfoil section makes 

itself felt only near the stalling point. 

The basic chart was therefore drawn up (see Appen¬ 

dix, fig. 19), giving the lift-distribution curves for 

equal span, equal chord cellules with gap/chord ratio 

of 1 and without decalage as functions of the sum of 

camber and thickness for staggers of —30°, 0°, and 

30°. The chart is based on test results given in 

reference 6 and references 8 to 16, inclusive. 

The gap/chord factor chart.—In Figure 3 three sets of 

R curves are shown for airfoils at differenct. gap/chord 

ratios. They suggest the possibility of obtaining the 

R curves for gap/chord ratios other than 1 by multiply¬ 

ing tne R curves of the basic chart by correction factors 

that depend on the biplane lift coefficient and on the 

stagger. On the basis of all applicable test data 

(references 6, 8, and 14), correction-factor curves were 

derived for a gap/chord ratio of 0.75. These curves 

are shown in Figure 20. (See Appendix.) It was 

found that for a stagger of 30° straight lines served the 

purpose. For 0° it was found necessary to replace 

the straight lines at lower lift coefficients by curves. 

On account'of lack of data the factors for —30° 

stagger were obtained by symmetrical inversion from 

the factors for 30°. There is no theoretical justifica¬ 

tion for this procedure, but the resulting factors are 

well confirmed by test data for the R. A. F. 15 airfoil 

at two gap/chord ratios. The only applicable test 

data available for a thick airfoil (fig. 4) do not show 

more than a fair agreement with the derived factors, 

but there is not sufficient information available to 

attempt refinement of the procedure. 

For gap/chord ratios between 1 and 0.75 the gap/ 

chord factors may be obtained by straight-line inter¬ 

polation. A word of caution is necessary here re¬ 

garding extrapolation of the gap/chord factor chart. 

The Gottingen 133 airfoil, with a camber-thickness 

sum of 12.85 at a gap/chord ratio of 0.67 and 37° 

stagger, which represents extrapolation both for 

stagger and gap/chord ratio, shows fair agreement 

(fig. 8, decalage = 0°), but the Clark Y with a camber- 

thickness sum of 15.4 at a gap/cliord ratio of 0.5 shows 

a large discrepancy at 0° stagger (not illustrated). 

Consequently, extrapolation to gap/chord ratios below 

approximately 0.65 is hazardous, particularly for air¬ 

foils with a camber-thickness sum of 13.0 or more. 

If it be assumed that for a gap/chord ratio of 3 the 

biplane interference has disappeared, then R= 1 for 

this gap/chord ratio and larger ones. This result may 

be used to obtain R curves for gap/chord ratios larger 

than 1 by interpolating lineally between the R curve for 

a gap/chord ratio of 1 (and for the given stagger) and 

between the R curve for the gap/chord ratio of 3, 

which is R = 1 regardless of stagger. The R curves 

obtained by this method of interpolation agree 

reasonably well with the test data. 

Figure 4 shows experimental points and R curves 

derived from the charts for the U. S. A. T. S. 5 at 0°, 

30°, and —30° stagger and at a gap/chord ratio of 0.9. 

Figure 5 similarly compares the experimental points 

and R curves from the charts for the Clark Y at three 

values of stagger and at a gap/chord ratio of 0.75. The 

relatively large disagreement at 33%° stagger may be 

attributed, in part, to the differences between the upper 

and lower wings of the Clark Y cellule mentioned in 

the discussion of the basic chart. 

The decalage-factor chart.—Figures 6, 7, and 8 

show the results of some tests on cellules with vary¬ 

ing amounts of decalage. From these and similar tests 

(reference 6, 9, and 14), decalage-factor curves have 

been derived (see Appendix, fig. 21) in a manner sim¬ 

ilar to that by which the gap/chord factor curves were 

obtained. The decalage-factor curves are not, how¬ 

ever, straight lines. The decalage factors are seen to 

depend on the gap/chord ratio and the stagger, but not 

on the airfoil section. No test results are available at 

negative stagger, so no curves could be given for this 

case. 

In Figure 8 the discrepancy between the experimental 

points and the R curves determined by using the charts 

is larger than in the cases shown in Figures 6 and 7. 

Examination of the figure shows, however, that the 

discrepancies are systematic and are due to the fact 

that the basic curve for 0° decalage is too high at low 

and medium lift coefficients. It should be pointed out, 

too, that the basic curve for tins case was extrapolated 

from the charts both for stagger and gap/chord ratio. 
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When dealing with the influence of gap/chord ratio 

it was assumed that R is always 1 for a gap/chord ratio 

of 3. If there is no biplane interference, R depends on 

the ratio of the angles of attack of upper wing and 

cellule (average of upper and lower) and on the slope 

of the monoplane lift curve. Assuming for the latter 

an average value of 0.075, it was possible to draw' the 

decalage-factor curve for a gap/chord ratio of 3 (any 

stagger) which can be used to obtain factors for gap/ 

chord ratios larger than 1 by straight-line interpola¬ 

tion. This relation is expressed by curve 5, Figure 21. 

Airfoil.-__ ( Gottin- 
\ gen 387 

Propel¬ 
ler 4 

U.S. A. 
27 

Clark 
Y 

Gottin¬ 
gen 133 

R. A. F. 
15 

Maximum mean camber, per 
cent chord___ 5.9 5.7 5.4 3.8 4.6 2. 6 

Maximum thickness, per cent 
chord___ 15.1 12.7 11.0 11.7 8.1 6. 4 

Gap/chord ratio_ 1.0 1.0 1.0 1.0 1.0 1.0 
Chord ratio.... 1.0 1.0 1.0 1.0 1.0 1.0 
Decalage, degree __ 0 0 0 0 0 0 
Percentage overhang__ 0 0 0 0 0 0 
Reference__ 13 13 13 5,6 14 8,10,11, 

12 

Figure 1.—Experimental lift-distribution curves for biplane cellules 

The overhang-factor chart.—Comparison of the 

experimental curves for the Clark Y with varying 

overhang (fig. 9) shows that except possibly for very 

low lift coefficients, the effect of overhang is to shift 

the R curve vertically by amounts proportional to the 

percentage of overhang, where percentage of overhang 

is defined as 
upper span —lower span 

upper span 
X100. At first 

glance this does not seem to hold for negative overhang 

at low lift coefficients. There is, however, a possibility 

that an error of %° decalage may have existed in the 

test set-up which would account for the apparent 

discrepancy between the results at positive and neg* 

tive overhang. For this reason it was assumed thatic 

all cases the change in R is proportional to the amoun; 

of overhang. Figure 22 (see Appendix) show's th 

derived overhang factors. 

It will be noticed that Figure 22 requires the over 

hang factor to be multiplied by the chord ratio. Tin 

rule is based on the consideration that the effect o: 

overhang is due chiefly to a change in aspect ratio o: 

one of the wings. If one wing has a smaller chord m 
consequently a larger aspect ratio, the effect caused!)! 

Airfoil......... / Gottingen 
1 387 

Propefe 
4 

Maximum mean camber, per cent chord. 5.9 
Maximum thickness per cent chord. 15. 1 J! 
Gap/chord ratio__ I 0 
Chord ratio_____ 1 0 
Decalage, degree... .... 0 ( 

Percentage overhang.. 0 j 

Reference__ 13 !S 

Figure 2.—Lift distribution in cellules with Gottingen 387 and Propeller 4 air!' 

changing its aspect ratio will be less. The variation' 

the overhang factor with stagger is based oh simp 

aerodynamical considerations and is at least part! 

substantiated by test data. (Fig. 10.) 

The influence of chord ratio.—If an equal-chor 

cellule be compared with a cellule having the low 

chord smaller than the upper (assuming the upp 
wdng to be the same in both cases), a qualitative coi 

sideration of the changes indicates that the ratio R- 
the unequal-chord cellule will be nearer 1 than in tl 

equal-chord cellule. The same effect is producedt 

increasing the gap/chord ratio of the equal-chord ce 

lule. It seems possible, therefore, to treat the uneqt 

chord case by introducing an effective gap/chord rati 
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At the same time, however, the question of stagger 

must be considered. The stagger has been measured 

in the past at the leading edges, the quarter-chord 

points, the one-third chord points, and the half chord 

points. Some of these points were chosen merely for 

convenience, others with some aerodynamical reason¬ 

ing. Examination of the curves from references 17 and 

18 (fig. 10) suggested that the stagger should be meas¬ 

ured at points even farther back. The three-quarter 

chord points were chosen as convenient reference points. 

When this was done and when an effective gap/chord 

1.6 

1.5 

/. 

/. 

R 

/., 

/./ 

/. 

8 

Cl. 

Airfoil_ _ 
f Gottingen 
i 133 

Clark Y 

4.6 3.8 
Maximum thickness, per cent chord____ 8.1 11.7 
Chord ratio _ -- .. -.. 1.0 1.0 
Decalage, degree. __- _ _ 0 0 
Percentage overhang . ..-__ 0 0 
Reference. . .. . 14 6 

Figure 3.—Change in lift-distribution curves due to change in gap/chord ratio 

ratio based on the actual gap and the lower chord was 

used, the charts were found to check the few test results 

available. (Fig. 10 and fig. 11, decalage = 0°, taken from 

references 17, 18, 19, and 20.) 

In the absence of test data at larger staggers, basic 

curves were calculated by the Millikan theory; from 

these R curves were obtained for certain unequal- 

chord biplanes with a chord ratio of 2 by interpolation. 

These curves are shown in Figure 12. The same un¬ 

equal-chord biplanes were then computed directly, 

also by means of Millikan’s tlieorj^; the results are 

shown by the symbols on the figure and are seen to 

check the curves quite well. 

The same procedure was followed with biplanes 

having a chord ratio of 1:2 inasmuch as there were no 

test data available for cellules in which the lower wing 

had the larger chord. The results, also shown in Fig¬ 

ure 12, are seen to check well at negative stagger, but 

not quite so well at large positive stagger. Because 

the degree of accuracy of the theory is uncertain, these 

calculations can serve only as weak evidence, but they 

tend to strengthen the conviction that the proposed 

method of measuring an effective stagger and an effec- 

/. 

/. 

1.4 

1.3 

R 

1.8 

/./ 

1.0 

.9 

.8 

fU. S. A. 
1 T. S. 5 

5.4 
17.5 

Gap/chord ratio_ ____ .9 
1.0 
0 
0 
8 

Figure 4.—Comparison of experimental points with curves from charts for U. S. A. 

T. S. 5 airfoil 

tive gap/chord ratio gives a fair approximation for the 

lift distribution. 

Minor factors.—As has been stated before, the in¬ 

fluence of equal dihedral and sweepback on both wings 

can probably by entirely neglected. For the case of 

unequal dihedral, the lift distribution can be obtained, 

with small error, by assuming no dihedral and measur¬ 

ing the gap at a section including the centroid of the 

semicellule. For practical purposes, any convenient 

section may be used for measuring the gap, since the 

differences in the lift distribution with slight changes 

in gap are very small at normal gap/chord ratios. 
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Unequal sweepback can be taken into account by 

measuring the stagger at the centroid of the semicellule. 

Experimental evidence of the validity of this procedure 

is shown in Figure 13. 

The influence of tip shape is probably negligible, as 
indicated by the fact that almost all the data were con¬ 
sistent even though they represent airfoils with square 
tips, semicircular tips, and raked tips. 

The influence of increasing the aspect ratio above 6 

up to the practical limit probably has not much in¬ 

fluence on the lift distribution. One test at aspect 

ratio 5.6 (reference 21) shows no variation from the 

others, but it is probable that for aspect ratios below 

L4 
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r-From ref. 6-y-charts 
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Airfoil. 

Maximum mean camber, per cent chord. 
Maximum thickness, percent chord_ 
Gap/chord ratio.... 
Chord ratio.... 
Decalage, degree.... 
Percentage overhang. 
Reference_____ 

Clark Y 

3.8 
11.7 

.75 
1.0 
0 
0 
6 

Figure 5.—Comparison of experimental points with curves from chart for Clark 
Y airfoil 

this there will be a rapidly increasing influence. 

However, such cases are rare. 

PRECISION OF THE CHARTS 

It must be borne in mind that the charts are based 

on tests of airfoils having a flat lower surface or only 

a moderate degree of lower camber. They should 

therefore be used only for such airfoils. As a matter 

of interest, curves are shown for a widely different type 

of airfoil. (Fig. 14.) 

Between CLh — 0.3 and approximately 90 to 95 per 

cent CLjnax the deviation of experimental points from 

the R curves of the working charts is generally less 

than 0.03 except in cases involving decalage. Below 

CLb = 0.3 the error increases rapidly and at CLb = 0.2 is 

in a number of cases about 0.10. At CLb — 0.2, how. 

ever, an error in decalage of 0.2° in the test set-uj 
will cause an error in R of about 0.05. Since 0.2° wa. 

about the limit of accuracy of the decalage setting h 

most of the wind-tunnel tests forming the basis of thi- 

analysis and since decalage is not the only source i 
error, discrepancies of 0.10 between the R curves anc 

experimental data at CLb = 0.2 are not surprising 

Below CLb — 0.2 the test results scatter so badly tha 

the curves were discontinued at this point. 

As the burbling point depends on the Reynold: 
Number and other factors besides the airfoil, the! 
curves are unreliable near this point. They shouli 

O .2 .4 .6 .8 1.0 1.2 14 

Airfoil U. S. i! 

Maximum mean camber, per cent chord.....- 
Maximum thickness, per cent chord___ 
Gap/chord ratio... 
Chord ratio......-.— 
Stagger, degree...-... 
Percentage overhang..... 
Reference..... 

Figure 6.—Effect of decalage on U. S. A. 27 airfoil 

not be relied on above 90 per cent CLmax where CLm. 
taken, if possible, from wind-tunnel tests on a cob 

parable biplane combination. If such tests are lit 

available, the termination of the curves may be use 

as a rough indication of the burbling point. TM 

U. S. A. T. S. 5 burbled considerably sooner than tl 

chart would indicate (fig. 4), but for most tests tf 

curves gave a good approximation practically up t 

the experimental burbling point. 

The accuracy of curves obtained by means of tl 

decalage factors is somewhat lower than the genet 

accuracy of the curves involving no decalage. Tt 

maximum deviation of experimental points may1 

taken as about 0.05 for decalage up to 6° and betwetf 

CLb = 0.3 and 0.95 Cw 
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APPLICATION OF THE CHARTS TO COMPLETE 
BIPLANES 

The model biplane.—Aerodynamic investigators 

have realized that it is important to test not only com¬ 

ponent parts of the airplane, but also the complete 

assembly, since interference effects may be very large. 

Numerous tests of this type have been made for other 

(Gottingen 
l 133 

Maximum mean camber, per cent chord... 
Maximum thickness, per cent chord. 

4. 8 
8. 1 
.67 

1.0 
0 
0 

14 

Gap/chord ratio . ... 
Chord ratio __ 
Stagger, degree .-. - -.. 
Percentage overhang ______ 
Reference . _ ______ 

Figure.7.—Effect of decalage on Gottingen 133 airfoil 

purposes, but only a single test is available where the 

complete model with fuselage was tested to obtain 

the loads on the upper and the lower wing separately. 

This test, reported in reference 22, shows a very 

considerable influence of the fuselage. (Fig. 15.) 

The value of R is approximately 14 per cent higher 

than predicted from the chart. The span-load curves 

for the lower wing in this case show a very marked 

falling off toward the center line of the airplane. This 

effect is probably somewhat larger than would ordi¬ 

narily be expected because a rather large opening 

existed between the root of the wing and the fuselage. 

Tests on the influence of a fuselage on the wings of a 

low-wing monoplane (reference 23) have shown that 

even without such a gap at the root of the wing, a 

(Gottingen 
(. 133 

4.6 
8.1 

. 67 
1.0 

37 
0 

14 

Figure 8.—EiTect of decalage on Gottingen 133 airfoil 

very marked reduction of the lift may occur. Figure 

16, which was derived from data given in reference 23, 

shows the curve of lift coefficient against angle of at¬ 

tack for different types of fuselages attached to the 

wing; for unfavorable fuselage shapes as much as 20 

per cent of the lift may be lost due to interference 

from the fuselage. It should be noted, too, that the 
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lift used is the total lift of the combination, whereas 

the reference area is the wing area; consequently, the 

decrease in lift coefficient on the wing itself is even 

larger than indicated on the figure. Such an effect 

AirfoiL __ Clark Y 

Maximum mean camber, per cent chord___ 3.8 
Maximum thickness, per cent chord- . . ... 11. 7 
Gap/chord ratio. _ __ _ 1.0 
Chord ratio_ __ _ _ 1.0 
Stagger, degree..______ 0 
Decalage, degree___ .. _ 0 
Reference... . ... . 6 

Figure 9.—Experimental lift distribution on cellule with overhang 

Ch 

Airfoil . .. . __ R. A. F. 15 R. A. F. 15 

Upper wing -- _ 6 by 36 
4 by 36 

4.5 
20 
0 

18 

6 by 36 
4 by 24 

4.5 
20 
0 

17 

Lower ring -- ______ 
Gap, inches...- - -_ 
Stagger, degrees at L. E___ 
Decalage, degree_ __ 
Reference ._ .... 

Figure 10.—Lift distribution for unequal-chord biplanes with and without 

overhang 

might be considered to be comparable to conditions on 

the lower wing of a biplane. An opposite effect may 

be expected on the upper wing. 

The influence of the fuselage will be extremely 

difficult to predict, because it depends so much on the 

fairing of the wing root into the fuselage, the size an 

shape of windshields, the gap between the fuselage an 

upper wing, and other factors. The lack of tests o: 

complete biplane models is to be very much deploy 

The full-scale biplane.—The oldest complete pr& 

sure-distribution tests were made on the MB-3 p 
suit airplane. (Reference 24.) This airplane has 

very unusual feature in that the upper wing has 

washout of 3°, while the lower wing has a washin of 1 

In the computation of the R curve for this airplane 

was assumed that it would be sufficiently accurate! 

use the average incidence for each wing, resulting in 

decalage of 2°. However, it is evident that tin 

assumption can give only a rough approximate 

particularly at low angles of attack. Figure 17 show 

Airfoil _ . . _ 
/Gottingen 
\ 436 

Gottinp 
436 

Maximum mean camber, per cent chord... 3.9 11 
11. 2 It; 

Gap/chord ratio .. . .....- - _ 1.1 LI 

Chord ratio ._ ..... . . 79 ,( 

Stagger (approximate) ___ 0 0 

Percentage overhang__ _ 29. 75 29.' 
25 IS! 

Figure 11.—Lift distribution on PW-9 airplane 

a comparison of the experimental points with the 1 

curve. The agreement at high lift coefficients is fail 

particularly considering the fact that the press® 

distribution measurements are made with only a ver 

few orifices per rib. The agreement at low lift coel 

cients is very much poorer, as was expected; Tt 

dotted lines show the lift distribution at the maxima: 

load during pull-ups from dives. As no time historic 

were given, the biplane lift coefficient at which thfc 

maximum loads occurred could not be computed. 

A more comprehensive and more detailed series: 

measurements was made on the PW-9. (Referent 

25.) It is mentioned in this reference that the airplay 

had an accident that caused, later on, frequent change 

in rigging, of which no continuous record was kept 

The deviations of the experimental points from ft 

R curve at high and intermediate speeds could 1 

explained by of decalage. (Fig. 11.) This possih 
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ity is made plausible by a close examination of the 

photograph of the airplane that shows that the right 

upper wing, on which the measurements were made, 

had less incidence than the left upper wing. However, 

the true explanation of the discrepancy is probably 

to be found largely in the differences in lift distribution 

due to the slipstream. 

Figure 18 shows a series of points obtained from the 

time histories of mild pull-ups with power off. It will 

be seen that these points group much more closely 

around the R curve, the influence of the slipstream 

Figure 12.—Lift distribution for unequal-chord biplanes by Millikan’s theory 

being smaller in this case. Another peculiarity, how¬ 

ever, appears on this chart; that is, a number of 

points are beyond the range of biplane lift coefficients 

which are obtained in steady flight or in the wind 

tunnel. This phenomenon, which is more pronounced 

in abrupt pull-ups, is discussed in reference 25, where 

it is pointed out that the increased maximum lift 

coefficient occurs mainly on the upper wing and is 

probably caused by the high rate of change of angle of 

attack. Recently, wind-tunnel tests have been made 

in Germany (reference 26) in which the angle of attack 

was increased suddenly by changing the direction of 

the air stream. A formula is given for the increase in 

lift coefficient as a function of chord, speed, and rate 

of change of angle of attack. The formula, applied 

to the PW-9 tests, gives maximum values for the 

increase in maximum lift coefficient which are, in 

general, only about half as great as the observed values. 

The higher coefficients obtained in the PW-9 pull-ups, 

however, might be expected as a result of the fact that 

the Reynolds Number in the pull-ups was more than 

twice as great as that in level flight. 

More attention should be given this subject in future 

research to determine how the critical loads depend 

on the maximum lift coefficient of the pitching wing. 
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Airfoil...... Clark Y 

Maximum mean camber, per cent of chord,_ 3.8 
11.7 
1.0 
1.0 
0 
0 

Maximum thickness, per cent of chord. , _ , _ , 
Gap/chord ratio___ _ 
Chord ratio__________ 
Decalage, degree_ - _ 
Percentage overhang. .... ... 

Figure 13.—Validity of average stagger assumption for unequal sweepback in 
upper and lower wings 

RECOMMENDATIONS 

As far as our knowledge of the cellule is concerned, 

tests are desirable on the following doubtful points: 

(1) Effect of unequal chords; (2) effect of unequal 

chords in combination with overhang and decalage 

(unequal-chord tests should include cellules with the 

upper wing having the smaller chord); (3) effect of 

gap/chord ratio below 1, using airfoils of different 

thicknesses and cambers. In one otherwise excellent 

series of tests an attempt was made to evaluate 

this effect by making only one test at a gap/chord 

ratio of 0.5, which is probably below any practical 

dimension. The argument wTas that such a test wrould 

showr in an exaggerated way the influence of low 

gap/chord ratios. This argument seems unsound, for, 

at such low gap/chord ratios, so many other factors 

begin to exert an influence that it is difficult to draw 

any general conclusions from such an experiment. 
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0 .2 .4 .6 .8 J.O 1.2 1.4 1.6 

Airfoil R. A. F. 19 

Maximum mean camber, per cent of chord 
Maximum thickness, per cent of chord_ 
Qap/chord ratio__-.- 
Chord ratio.__ 
Decalage, degree_ 
Percentage overhang_ 
Reference___ 

10. 52 
9.9 
1.0 
1.0 

0 
0 
3 

Airfoil R. A. F.: 

Maximum mean camber, per cent of chord 
Maximum thickness, per cent of chord.... 
Gap/chord ratio... 
Chord ratio... 
Stagger...—. 
Decalage.. 
Percentage overhang.... 
Reference_____ 

M 
LI 

17®* 

Figure 14.—Lift distribution on a cellule with R. A. F. 19 airfoil 
Figure 15.—Lift distribution on a B. E. 2C airplane model 

ct, degrees 

Figure 16.—Influence of fuselage shape on lift of low-wing monoplane 

Airfoil.. .. .... .... 
IR. A. F 
| (mod®-' 

Maximum mean camber, per cent of chord... _ ... _ 
1 

Maximum thickness, per cent of chord . .. ... l1 

Gap/chord ratio_ _______ 
Chord ratio__ _ ___ ___ . if 
Stagger, degree_ . __ . .. ... _ _ . 
Decalage, degrees. .. _ __ _ _ _ .. 
Percentage overhang..... ... .. . 
Reference . _ _ _ . _ .. 

_ 

Figure 17.—Lift distribution on MB-3 airplane 
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Maximum mean camber, per cent of chord. 
Maximum thickness, per cent of chord_ 
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Chord ratio...... 
Stagger, degree (approximate)... 
Decalage......—. 
Percentage overhang... 
Reference..... 

3.9 
11.2 
1.1 
.79 

0 

29. 75 
25 

Figure 18.—Comparison of predicted and experimental lift distribution on the 

PW-9 airplane 

No information at all is available on the 

important subject of biplane lift distribution 

in inverted flight. Some tests should be made 

at negative lift up to the maximum negative 

lift coefficient. 

Design rules should take into account possi¬ 

ble variations in decalage caused by errors or 

arbitrary changes in rigging. In view of the 

fact that lack of data prevented the establish¬ 

ment of correction factors for decalage at nega¬ 

tive stagger, the decalage correction for 0° 

stagger may be applied to allow for rigging 

changes in biplanes having negative stagger 

until test data become available. 

The influence of interferences, particularly 

that caused by the fuselage, should be studied 

more extensively. The effects of fuselage in¬ 

terference should be recognized in formulating design 

rules for the load distribution between biplane wings. 

Such effects might be tentatively included in the allow¬ 

ance for accidental positive decalage. 

Langley Memorial Aeronautical Laboratory, 

National Advisory Committee for Aeronautics, 

Langley Field, Va., July 11, 1932. 

1.8 



APPENDIX 

USE OF THE CHARTS 

The fundamental idea of the charts is, briefly, that 

one chart gives the lift-distribution, or R, curve for the 

basic biplane; that is, the equal-span, equal-chord 

biplane without decalage, and with a gap/chord ratio 

of 1. The other charts give correction factors that are 

multiplied by or added to the basic curves to take ac¬ 

count of decalage, overhang, and gap/chord ratios 

other than 1. 

The important characteristics of the biplane are 

listed below in the sequence in which they appear in 

the determination of the R curve: 

(1) Airfoil section. 

(2) Gap/chord ratio. 

(3) Chord ratio. 

(4) Stagger. 

(5) Decalage. 

(6) Overhang. 

(1) The airfoil is taken into account by selecting 

the proper curve for the sum of camber and thickness. 

This applies to the basic chart (fig. 19) and to the 

gap/chord factor chart (fig. 20). 

(2) The gap/chord ratio is taken into account: 

(a) For gap/chord ratios less than 1, by multiplying 

corresponding ordinates of the basic R curve and of the 

proper gap/chord factor curve. (Fig. 20.) The method 

of interpolating to find the proper gap/chord factor 

curve is explained under the subhead Interpolation of 

Factors. 

(b) For gap/chord ratios greater than 1, by inter¬ 

polating lineally between the R curve for the gap/chord 

ratio of 1 and the R curve for the gap/chord ratio of 

3, which is R = 1. 

(c) The gap/chord factors are used only for the 

staggers for which they are given; viz, 30°, 0°, and 

— 30°. If the biplane has any other stagger, say 17°, 

it is necessary to find the R curves for 0° and 30° 

stagger at the given gap/chord ratio and to interpolate 

between these two R curves to obtain the R curve for 

17° stagger. 

(3) If the chord ratio differs from 1, an effective 

gap/chord ratio, wdiich is the actual gap divided by 

the chord of the lower wing, is used. 

(4) The stagger used is an effective stagger meas¬ 

ured in degrees between the line connecting the three- 

quarter chord points and a perpendicular to the chord 

of the upper wing in a plane containing the centroid 

of the semicellule. This method of measuring stagger 

must be borne in mind in the case of unequal-chord 

biplanes. 

The R curve for a stagger other than 30°, 0°, or ~30; 

is obtained by straight-line interpolation. For 17 

for instance, the R curves are drawn for 0° and 30 

and the curve for 17° is found by linear interpolatioti 

between them. 

The end points of the 0° and — 30° curves are con¬ 

nected by a straight line to determine the end point 

of curves for negative stagger; otherwise the procedurt 

is the same as for positive stagger. 

(5) Decalage is provided for by multiplying corre¬ 

sponding ordinates of the basic curve and of the 

proper decalage-factor curve. (Fig. 21.) The inter¬ 

polation for finding the proper decalage-factor cum 

is explained under the subhead Interpolation oi 

Factors. For 0Lb greater than 1.0, the end of the! 

curve is faired into the end of the basic curve as indi¬ 

cated by dotted lines in Figures 6, 7, and 8. 

(6) Overhang is provided for by adding to the! 
curve the overhang correction from Figure 22 after all 

other corrections have been made. 

INTERPOLATION OF FACTORS 

(1) Gap/chord factor.—The gap/chord factor chan 

gives the factor curves for a gap/chord ratio of 0.75. 

From these, the factor curve for a gap/chord ratio be¬ 

tween 0.75 and 1 is obtained by linear interpolation 

remembering that the factor is 1 for a gap/chord ratio 

of 1. 

(2) Decalage factors.—There are two cases— 

(a) G/c< 1: 

For example let G/c = 0.8; stagger=17°. • 

In Figure 21, between the Fd curve for (G/c = 11 

stagger = 0°) and the Fd curve for (G/c = 0.75, stagger 

= 0°), interpolate to obtain the Fd curve for (6r/c = 0.S 

stagger = 0°). 

Between the Fd curve for (G/c=1.0, stagger = 30 

and the Fd curve for (G/c = 0.75, stagger = 30°), inter 

polate to obtain the Fd curve for (G/c = 0.8, stagger3 

30°). 

Between the Fd curve for (G/c = 0.8, stagger=Ou 

and the Fd curve for (G/c = 0.8, stagger = 30°) inter¬ 

polate to obtain the Fd curve for (G/c = 0.8, stagger3 

17°). 

(b) G/c> 1: 

Let G/c = 1.25; stagger=17°. 

Between the Fd curve for (G/c =1.0, stagger=0° 

and the Fd curve for (G/c = 1.0, stagger = 30°) inter¬ 

polate to obtain the Fd curve for (G/c = 1.0, stag¬ 

ger = 17°). 

104 
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Between the Fd curve for (6r/c = 1.0, stagger = 17°) 

and the Fd curve for (G/c = 3) interpolate to obtain the 

Fd curve for (G/c — 1.25, stagger = 17°). 

Example.—The following is an example of the pro¬ 

cedure for finding R against CLf) in the most general 

case. 

DATA 

Airfoil—Clark Y 

Camber + thickness: 15.5. 

Span, upper: 40 ft. 

Span, lower: 30 ft. 

Chord, upper: 7 ft. 

Chord, lower: 5 ft. 

Gap: 4.5 ft. 

Stagger: 13° (measured at the three-quarter chord 

points). 

Decalage: 1.5°. 

Gap/chord ratio: 0.9. 

The following list explains the significance of each 

item in Table I and tells how it is obtained. 

(1) .Rvalues for G/c = 1, (camber4-thickness) = 15,5 

stagger = 30° from Figure 19. 

(2) R values for stagger = 0°. 

(3) G/c factor for (camber + thickness) = 15.5, stag¬ 

ger =30°, G/c = 0.15 from Figure 20. 

(4) G/c factor for stagger = 30°, G/c = 0.9 by inter- 

polation; (4) = 1 + [(3) — 1] X 

(5) G/c factor for (camber + thickness) = 15.5, stag¬ 

ger = 0, G/c — 0.75 from Figure 20. 

(6) G/c factor for (camber -f thickness) = 15.5, stag¬ 

ger =0, G/c = 0.90 by interpolation from (5); (6) = 1- 

[! ^ (5)]x 0)25' 

(7) R values for G/c — 0.9, stagger = 30°; (7)= 

(1) X(4). 

(8) R values for G/c = 0.9, stagger = 0°; (8) = 

(2) X (6). 

Figure 22.—Overhang factors. 

_ . .. „ .upper span—lower span v smaller chord 
Overhang correct]on — FoX-1-1-----— X- 

upper span ' larger chord 

(9) Difference between R values, (7) and (8). 
13 

(10) = (9) X ^ (interpolating for stagger). 

(11) R values for G/c = 0.9, stagger=13°; (11) = 

(8)+ (10). 
(12) Decalage factors, Fd, for G/c = 0.9, stagger=0° 

by interpolating in ratio between Fd curves for 

G/c= 1, stagger = 0° and G/c = 0.15, stagger = 0° on 

Figure 21. 

(13) Decalage factors for G/c = 0.9, stagger = 30c 

obtained in a manner similar to (12). 

(14) Difference between (12) and (13). 
13 

(15) = (14) X 3Q (interpolating for stagger). 

(16) Fd values for G/c = 0.9, stagger=13°; (16) = 

(13) +(15). 

(17) Complete decalage factor for 1.5° decalage; 

(17) = 1 + 1.5 X (16). 

(18) R values for Gfc = 0.9, stagger = 13°, decalage5 

1.5°; (18) = (11)X(17). 

(19) Overhang correction from Figure 22= 
10 5 

0.197 X40 X y = 0.035. 

(20) Final R values by adding (19) to (18). 
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Table I.—Calculation of typical R curve 

0.2 0.4 0.6 0.8 1.0 1.26 

Item No.: 
(1)----- 1.217 1.199 1.183 1.177 1.167 1.131 
(2)- .968 1.008 1.030 1.044 1.056 1.071 
(3).. 1.102 1.083 1.063 1.044 1.025 1.000 
(4).. 1.041 1.033 1.025 1.017 1.010 1.000 
(5)-- .758 .913 .950 .965 .980 1.000 
(6).. .903 .965 .980 .986 .992 1.000 
(7)..— 1.299 1.239 1. 213 1. 197 1.179 1.131 
(8).. .875 .973 1.010 1.029 1.048 1.071 
(9) - -.-. .424 .266 .203 . 168 .131 .060 
(10).. . 184 . 115 .088 .073 .057 .026 
(11)- 1.059 1.088 1.098 1. 102 1. 105 1.097 
(12)_ .266 . 142 .086 . 057 .029 
(13).. . 199 . 106 .067 .046 . 029 
(14)_-_ .067 .036 .019 .011 .000 
(15).. .029 .016 .008 .005 . 000 
(16).. .228 . 122 .075 .051 . 029 
(17).-. 1. 342 1.183 1. 112 1.076 1.043 1.000 
(18)- 1. 421 1.288 1.221 1.186 1. 153 1.097 

(19) .-. 

(20) ...... 1.456 
0.197X 40-* 

1.323 j 1.256 

i 5 
Xy=0.03 

‘ 1. 221 

5 

1. 188 1.132 
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AIRFOIL SECTION CHARACTERISTICS AS AFFECTED BY PROTUBERANCES 

By Eastman N. Jacobs 

SUMMARY 

The drag and interference caused by protuberance 

from the surface of an airfoil have been determined in the 

N. A. C. A. variable-density wind tunnel at a Reynolds 

Number of approximately 8,100,000. The effects of vari¬ 

ations of the fore-and-aft position, height, and shape of 

the protuberance were measured by determining how the 

airfoil section characteristics were affected by the addition 

of the various protuberances extending along the entire 

span of the airfoil. The results provide fundamental 

data on which to base the prediction of the effects of actual 

short-span protuberances. The data may also be applied 

to the design of air brakes and spoilers. 

INTRODUCTION 

The ideal airplane, aerodynamically, may be con¬ 

sidered as one having only the drag due to skin friction 

and the minimum induced drag associated with its lift. 

Prof. B. M. Jones in England has shown that actual 

airplanes fall far short of such an ideal. Interference 

effects, it seems, must be blamed for a considerable part 

of the energy wasted in producing the turbulence 

associated with the comparatively large drag of actual 

airplanes. 

The National Advisory Committee for Aeronautics 

has planned a series of investigations dealing with the 

subject of aerodynamic interference. The investiga¬ 

tions will, it is hoped, lead to the discovery of the cause 

of the serious adverse effects and will provide data that 

may be applied to the solution of practical problems of 

design. An examination of present-day airplanes, both 

military and commercial, has led to the belief that a 

considerable part of the adverse interference arises 

from small projecting objects, such as fittings, tubes, 

wires, rivet heads, lap joints, butt straps, filler caps, 

inspection plates, and many other projections from the 

main surfaces that may be considered together as pro¬ 

tuberances. A systematic investigation of protuber¬ 

ances differently formed and variously located should 

indicate the relative magnitude of such effects and also 

show the effect of disturbing the flow in the boundary 

layer about otherwise streamline bodies. 

Some early investigations of bound ary-interference 

effects were originated by Prandtl at Gottingen in 1914 

to study the effects of a small ring protruding from the 

surface of a sphere. Large negative, or favorable, 

interference effects were observed at certain values of 

the Reynolds Number because the turbulence produced 

by the protuberance changed the character of the 

boundary layer so as to delay the separation of the flow 

from the surface, thus producing a smaller turbulent 

wake and a smaller drag. Similar experiments have 

more recently been performed bv Ower in England 

with streamline bodies. (Reference 1.) At low values 

of the Reynolds Number, when the flow in the bound¬ 

ary layer of the body is to a considerable extent 

laminar, protuberances from the forward portions of 

the body cause a transition from the laminar to the 

turbulent state of flow in the boundary layer with a 

resulting increase of drag. This effect is not of great 

practical significance, however, because the flow in the 

boundary layer of full-scale bodies is probably, in any 

event to a large extent, of the turbulent type. It is 

advisable, therefore, to make investigations involving 

boundary-interference effects at large values of the 

Reynolds Number if they are to be of the greatest 

practical value. 

Tests have been made in the variable-density wind 

tunnel at large values of the Reynolds Number to 

determine the effects of protuberances from the surface 

of a streamlined body of revolution. The results have 

not yet been published. The present report deals with 

another phase of the investigation; that is, the effects 

on airfoil section characteristics of protuberances ex¬ 

tending along the entire span from the airfoil surface. 

A succeeding report will consider the effects on wing 

characteristics of protuberances extending only over 

portions of the wing span. The tests with which the 

present report deals were made in the N. A. C. A. 

variable-density wind tunnel during March, 1932. 

The N. A. C. A. 0012 airfoil section was employed 

throughout the investigation and the dynamic scale of 

the tests was maintained approximately the same 

throughout (Reynolds Number 3,100,000). The effects 

of variations of the position, size, and shape of the pro¬ 

tuberance were measured by determining how the air¬ 

foil section characteristics were affected by the addition 

of the various protuberances. 

109 
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TESTS 

The N. A. C. A. variable-density tunnel and the 

methods employed for airfoil testing in the tunnel are 

described in detail in reference 2. These tests were 

made in the usual way, measuring the lift, drag, and 

pitching moments on a 5 by 30 inch duralumin airfoil 

mounted in the air stream so that the angle of attack 

could be varied. The model mounting differed in one 

respect from that described in reference 2. Instead 

of using a sting attached to the lower surface of the 

airfoil as part of the airfoil support, a special sting was 

employed that was attached near the trailing edge of 

the airfoil. As the airfoil has svmmetrical sections, it 

was thus possible to make the airfoil and sting as¬ 

sembly symmetrical about the plane of the airfoil 

chords. 

A section of the airfoil employed, the N. A. C. A. 

0012 (reference 3), is shown in Figure 1. The pro¬ 

tuberances were placed in the slots shown, the posi- 

The characteristics of the airfoil without protuber¬ 

ances—that is, with all slots filled—were measured 
twice during the progress of the investigation as a 

check on the consistency of the results. 

For comparison with the results obtained at nega- 

tive angles of attack, average curves for the negative- 

angle runs on the plain airfoil have been used. These 

differ slightly from the corresponding positive-angle 

curves because of asymmetrical support interference 

When the protuberance was in the leading-edge posi¬ 

tion the tests were made at both positive and negative 

angles of attack, but average curves have been used 

to present the results. Thus the various curves pre¬ 

senting the results for the plain airfoil do not agree 

exactly. Furthermore, they should not be expected to 

agree with other tests of the same airfoil, because the 

tare-drag correction applied throughout this investiga¬ 

tion did not allow for the lower drag of the special air¬ 

foil sting employed. 

0.05 c 
position l 

'0.0IPS c protuberance in 0.15 c position 

,'-0.005 c protuberance faired 
' in 0.30 c position ;.a65 cpo5jfion 

Leading edge position. Stations and ordinates in % chord 

Station Ordinate Station Ordinate Station Ordinate 
O O 15 5.345 70 3.664 
1.25 1.894 20 ,5. 738 80 2.623 
2.5 2.6/5 30 6.002 90 1.448 
5.0 3.555 40 5.803 95 0.807 
7.5 4.200 50 5.294 too (0.126) 
! O 4.683 60 4.563 L.E.Rad. =1.576 

Figure 1.—N. A. C. A. 0012 airfoil showing protuberances 

tions being: Directly at the leading edge; 5 per cent 

of the chord behind the leading edge; 15 per cent 

(approximately the front spar position); 30 per cent 

(maximum ordinate position); and 65 per cent (ap¬ 

proximately the rear spar position). The protuber¬ 

ances were placed only on the upper side of the sym¬ 

metrical airfoil, but the effect of each on the lower 

surface was determined by testing the airfoil through 

the negative angle-of-attack range. 

The protuberance consisted of a strip of sheet du¬ 

ralumin having the desired height placed in one of the 

slots indicated in Figure 1 in such a way as to extend 

along the entire span of the model. The form that will 

be referred to as the faired protuberance was produced, 

as indicated in Figure 1, by forming over the protuber¬ 

ance a plaster-of-Paris fairing the cross section of which 

approximated a small half airfoil section on the surface 

of the main airfoil. The slots in the airfoil when not in 

use were filled with duralumin strips carefully filed to 

the surface and polished to present a continuous smooth 

surface. The protuberance was used in only one slot 

at a time, starting with the highest protuberance 

0.0125c, and then reducing the height consecutively to 

0.0050c, 0.0020c, and in some cases to 0.0010c and 

0.0004c, by filing off the top of the projecting strip. 

RESULTS AND DISCUSSION 

The results are presented by means of curves of the 

lift coefficient CL, profile-drag coefficient CDo, moment 

coefficient about a point one-quarter of the chord be¬ 

hind the leading edge Cmcli, and the angle of attack for 

infinite aspect ratio a0. The results are thus presented 

as airfoil section characteristics. The most important 

results, those corresponding to the various heights and 

positions of the protuberance, are presented in Figures 

2 to 10. Attention should be here called to the fact, 

however, that the characteristics thus presented should 

not be used with precise strip method calculations as 

though they were true infinite-aspect-ratio character¬ 

istics, but should be considered as average section 

characteristics deduced from the test data by the 

methods described in reference 2. Differences be¬ 

tween these section characteristics and the true ones 

may probably be neglected as long as all the sections of 

the rectangular wing that was tested were operating 

at effective angles of attack within the range of ap¬ 

proximately normal lift curve slope. Their use is also 

partly justified by the fact that approximately correct 

results for a full-span protuberance on a wing of nor¬ 

mal aspect ratio are obtained from them when the 

simple aspect-ratio corrections (reference 2) are 

applied. 

Proturberance position.—The results for the largest 

protuberance (0.0125c) in the various positions on the 

airfoil surface are shown in Figure 11. Considering 

first the effects of the protuberance on the lift at lo« 

angles of attack, it will be seen that the effect of the 

protuberance is to decrease the lift slightly for all 

upper-surface positions and to increase it slightly for 

all lower-surface positions. As regards the lift at 

higher angles of attack and the maximum value of the 

lift, the protuberances on the lower surface have little 

effect, whereas the adverse effect of those on the upper 
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Figure 2.—Section characteristics for various protuberance heights. Protuberance on leading edge (position indicated by arrow) 

Figure 3—Section characteristics for various protuberance heights. Protuberance on lower surface, 0.05c behind leading edge (position indicated by arrow) 
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Figure 4.—Section characteristics for various protuberance heights. Protuberance on lower surface, 0.15c behind leading edge (position indicated by arrow) 

Figure 5.—Section characteristics for various protuberance heights. Protuberance on lower surface, 0.30c behind leading edge (position indicated by arrow) 
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Figure 6.—Section characteristics for various protuberance heights. Protuberance on lower surface, O.G5c behind leading edge (position indicated by arrow) 

Figure 7.—Section characteristics for various protuberance heights. Protuberance on upper surface 0.65c behind leading edge (position indicated by arrow) 



114 REPORT NATIONAL ADVISORY COMMITTEE FOR AERONAUTICS 

Figuke 9.—Section characteristics for various protuberance heights. Protuberance on upper surface, 0.15c behind leading edge (position indicated by arrow) 
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Figure 10.—Section characteristics for various protuberance heights. Protuberance on upper surface, 0.05c behind leading edge (position indicated by arrow) 
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surface becomes increasingly serious as the protuber¬ 
ance approaches a point near the leading edge. 

Considering now the effect of the protuberance on 
the drag, it will be seen from the plots of the profile- 
drag coefficient in Figure 11 that the effect is drastic 
for any position of the protuberance and attitude of 

the airfoil except for the nose position at low angles of 

ance is shown by the curves in Figures 2 to 10. These 

figures give complete test data for the various protuber¬ 
ance positions and heights. The effect on the drag of 
varying the height, however, is shown more advan¬ 
tageously in Figure 12, where the profile drag coeffi. 
cients corresponding to CL = 0 and CL = 0.5 are plotted 

against protuberance height. Straight lines repre- 

attack and the lower-surface positions behind the nose 
at the higher angles of attack. The protuberances in 
the most critical positions, on the upper surface near 
the leading edge, produce very large increases of the 
profile drag even at comparatively low angles of 
attack. 

Protuberance height.—The effect on the airfoil 
characteristics of varying the height of the protuber- 

senting a calculated variation in drag with protuber¬ 

ance height are also included for comparison. 
The calculated lines were obtained by computing 

the additional profile drag due to the protuberance 

from the formula 

ACDo = CD (V'/VYh/c 

CD is the drag coefficient of the protuberance based on 
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its frontal area. Weiselsberger (reference 4) gives the 

drag coefficient for flat plates of very large aspect ratio 

as approximately 2. The value 2 was therefore used 

for the calculations. The term (V'/V)2 represents the 

square of the ratio of the local velocity at the airfoil 

surface at the position of the protuberance to the free- 

stream velocity. Values of this ratio claculated by 

the method of reference 5 are given in Table I for the 

positions on the surface corresponding to those of the 

protuberance. The ratio h/c is the ratio of the pro¬ 

tuberance frontal area to the airfoil area. In other 

words, ACDo is the drag the plate would be expected to 

have expressed as a coefficient based on airfoil area 

neglecting the interference of the plate on the flow over 

the airfoil and the effects of the reduced velocity in the 

boundary layer of the airfoil on the drag of the plate. 

The lines plotted in Figure 12, obtained by adding 

&CDo to the profile drag of the wing without protuber¬ 

ance, are of value for comparison with the actual 

experimental curves. 

TABLE I.—RESULTS OF CALCULATIONS OF VELOC¬ 
ITY AT SURFACE OF N. A. C. A. 0012 AIRFOIL 

Station, per cent c 5 15 30 65 

/ V at airfoil \ 2 

V V undisturbed stream/ for Cl=0_ 1.38 1.41 1.36 1. 14 

/ V at airfoil \ 2 on upper surface 
V ('undisturbed stream/ for Cl=0.5_ 2.29 1.89 1.61 1. 24 
/ V at airfoil \ 2 on lower surface 
\ 1' undistrubed stream/ for Cl = 0.5.. .68 .98 1.06 1.03 

A comparison of the lines with the experimental 

curves indicates that four regions may be considered 

as the protuberance height is increased. 

The first is that region extending from h = 0 to 

approximately h = 0.001c, where the rate of increase 

of drag with protuberance height is low as compared 

with that indicated by the lines representing the cal¬ 

culated values. The relatively slow increase of drag 

with protuberance height in this region is probably 

due to the fact that the protuberance is in the low- 

velocity part of the wing boundary layer. Even in 

this region, however, the drag should not be consid¬ 

ered as negligible, as shown by the fact that the drag 

increase due to the 0.001c protuberance expressed as 

a drag coefficient based on the free-stream dynamic 

pressure and the protuberance frontal area is in no 

case less than 0.7 at CL = 0. 
The forward positions particularly show a second 

region extending from approximately 0.001c to 0.002c 

where the drag increases rapidly with protuberance 

height. In this region the protuberance is probably 

producing serious disturbing effects on the airfoil 

boundary layer. From a practical standpoint, it is 

therefore concluded that a special effort should be 

made to eliminate from a wing surface protuberances 

that exceed a height of 0.001c. On a wing of 70-inch 

chord this height corresponds to 0.07 inch, or little 

more than one-sixteenth inch. 

In the third region the curves tend to become 

parallel to the calculated lines. The actual drag 

influences, however, are much smaller than the 

calculated ones. 

Some of the curves show a fourth region where the 

protuberance produces a marked interference with the 

flow over the airfoil. This region is not shown by any 

of the curves corresponding to CL = 0, and only by 

those corresponding to CL = 0.5 for the protuberance 

positions on the upper surface forward of the 0.65c 

position. Very rapid increases of drag with pro¬ 

tuberance height are indicated in this region for 

protuberances higher than 0.005c. The conclusion is 

that protuberances extending from the upper surface 

forward of the maxim?:m-thickness position, having a 

height greater than 0.005c, should be particularly 

avoided. These protuberances may, however, have 

a useful application as spoilers or air brakes. 

For the estimation of the drag due to protuberances 

in connection with practical applications, a simpler 

method of calculating the drag due to protuberances 

based on the data given in the following table will 

probably be more satisfactory than the previous 

discussion. In the table are presented the important 

results at a lift coefficient of 0.2 corresponding to 

high-speed flight. The results are given as coefficients 

of drag due to the protuberance, the coefficients being 

based on the protuberance frontal area and the free- 

stream dynamic pressure, so that the drag due to a 

protuberance may be obtained simply as the product 

of the protuberance frontal area, dynamic pressure, 

and the coefficient from the following table: 

COEFFICIENTS OF DRAG DUE TO PROTUBERANCE 
BASED ON PROTUBERANCE FRONTAL AREA 
(Cx=0.2) 

per Height in 
cent c terms of 
behind chord 0.0004 
leading 
edge 

0.001 0.002 0.005 0.0125 

5 upper surface- - 1 1.1 1.8 1.9 2.4 
15 upper surface----- .8 2.3 2.0 2.9 
30 upper surface- . 7 1.2 2. 2 

.9 .9 1. 4 
5 lower surface--- 1 .6 . 7 •7 .8 
15 lower surface..... .8 1. 2 1.3 1. 5 
30 lower surface- . 7 1. 1 1. 1 1. 5 
65 lower surface...... 1.0 .8 1. 2 

As a rule, the drag due to most of the protuberances 

investigated could be roughly estimated as equal to or 

greater than the product of the protuberance frontal 

area and the free-stream dynamic pressure. A lower 

drag results from protuberances on the leading edge or 

near the leading edge on the lower surface, and from 

other small protuberances, but the rule may be found 

useful. The higher drags may be seen from the table 

to correspond to protuberances having a height of 

0.002c or more, particularly when they are on the for¬ 

ward portion of the upper surface. 

As a practical application, consider a Kz-inch thick 

butt strap at a position on the upper surface 0.05c 
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behind the leading edge extending along the span of a 

wing having a 70-inch chord and a 35-foot span, the 

frontal area of the protuberance is then 0.091 square 

feet. If the velocity is 200 miles per hour, the dy¬ 

namic pressure for standard air is 102.32 pounds per 

square foot. Applying the above rule, or taking the 

coefficient 1 from the preceding table, the drag is esti¬ 

mated as 102 times 0.091, or 9.3 pounds. The corre¬ 

sponding power consumption at the speed considered 

would be approximately 5 horsepower. 

The effects on maximum lift of the protuberances of 

various heights are also shown in Figures 2 to 10. The 

effect can be seen more easily, however, from the curves 

of Figure 13 representing the variation of maximum 

lift with protuberance height for the various positions 

Figure 13.—Variation of maximum lift with protuberance height. Protu¬ 
berance on upper surface 

on the upper surface of the airfoil. It will be remem¬ 

bered that the protuberance on the lower surface pro¬ 

duced only a slight change in the maximum lift coeffi¬ 

cient. Figure 13 indicates that the loss of maximum 

lift due to the protuberance is nearly proportional to 

the protuberance height except for the positions near 

the leading edge on the upper surface. For these posi¬ 

tions the small protuberances produce disproportion¬ 

ately large effects. In the nose position the protuber¬ 

ance having a height of only 0.0004c reduced the maxi¬ 

mum lift by approximately 15 per cent. This pro¬ 

tuberance was so small that it might rather be 

classed as a surface roughness. Because considerable 

difficulty was experienced in forming it, the shape of 

the protuberance was not maintained exactly as de¬ 

sired. Sections of the airfoil nose, including the pro¬ 

tuberance, were measured after the protuberance had 

been reduced in height to 0.0004c. The results of 

these measurements for four sections are shown in 

Figure 14 to a scale corresponding approximately ti, 

full scale for medium-size airplanes. The general con- 

elusion that may be drawn from this phase of the in- 

vestigation is that the airfoil leading edge must fo 

smooth and fair if high maximum lift coefficients are I 

to be obtained. 

Fairing.—The effects of fairing the 0.005c protuber¬ 

ance are shown in Figures 15 to 23. Each figure pre¬ 

sents the airfoil section characteristics corresponding I 

to one protuberance position for the plain airfoil, the 

airfoil with the normal 0.005c protuberance, and the 

airfoil with the faired protuberance. 

The results showing the effects on drag of fairing the 

prot uberances are shown bv the profile-drag curves at 

the right of each figure. It is concluded from these 

results that the adverse drag effects of the protuberance 

may be greatly reduced but not entirely eliminated by 

employing a simple fairing over the protuberance as 

shown in Figure 1. 

As regards the adverse effects of the protuberance 

on the maximum lift, it may be concluded that they 

can be practically elimina ted by a simple fairing of the 

type employed except where the protuberance is near 

the leading edge. With the protuberance in the lead¬ 

ing-edge position, it is obvious that a suitably formed 

fairing would eliminate the adverse effects. In this 

position, therefore, the fairing was applied to only one 

side of the protuberance. These results, which are I 

presented in Figure 15, indicate that the fairing has! 

little effect when it is employed on only one side of the 

protuberance. For the first position behind the lead¬ 

ing edge on the upper surface the simple fairing em¬ 

ployed apparently was not adequate, as the full value 

of maximum lift coefficient (fig. 23) was not regained 

after the fairing had been applied. 

CONCLUSIONS 

The following conclusions of immediate practical 

value may be drawn from the residts in regard to the 

effects of full-span protuberances. 

1. For most of the unfaired protuberances investi¬ 

gated except those very near the leading edge, the 

drag resulting from the addition of the protuberance 

could be roughly estimated as equal to or greater than 

the product of the free-stream dynamic pressure and 

the protuberance frontal area. 

2. The greater drag increases may result from pro¬ 

tuberances the height of which exceeds 0.001c, par¬ 

ticularly when the protuberances are from points f 

along either surface forward of the maximum-thickness 

position. 

3. Very large increases of drag may result from the 

interference of a protuberance having a height ex¬ 

ceeding 0.005c if it is on the forward portion of the 

upper surface of the profile. 

4. A simple fairing over the protuberance greatly 

reduces but does not entirely eliminate the adverse 

effect. 
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Figure 14.—Nose profile, measured at four representative stations along span, showing 0.0004c protuberance at leading edge 
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5. The effect ol a protuberance on the maximum 

lift is unimportant when the protuberance is on the 

lower surface, but becomes very important, even for a 

protuberance so small that it would ordinarily be 

classed as a surface roughness, as the position ap¬ 

proaches the leading edge along the upper surface. 

Langley Memorial Aeronautical Laboratory, 

National Advisory Committee for Aeronautics, 

Langley Field, Va., July 11, 1932. 
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STATIC THRUST OF AIRPLANE PROPELLERS 

By Walter S. Diehl 

SUMMARY 

Static thrust data jrom more than 100 airplane pro¬ 
peller tests are collected from various sources and com¬ 
bined in working charts, from which the static thrust 
coefficient KTo in the equation 

T = KToXb. hp 

0 r. p. m.Xdiam. 

may be readily determined. The available data cover 
practically all types of propellers and are in good agree¬ 
ment. For extreme pitch ratios, or for very low and for 
very high blade settings, the values of KTq are shown to 
deviate considerably from the generally used linear 
relations based on data at moderate pitch ratios. 

INTRODUCTION 

The static thrust of a propeller was formerly of 

interest only in connection with proposed helicopter 

designs, but the advent of very high powers and 

corresponding high performance in recent airplane 

designs have made in necessary to consider the static 

thrust as a design factor. At present the chief appli¬ 

cations of accurate static thrust data are in the calcu¬ 

lation of nosing-over moments and the estimation of 

take-off runs. 

The available methods of calculating static thrust 

are based on constants derived from Durand and 

Lesley’s tests on wooden propellers. (Reference 4.) 

It is the purpose of this report to revdse the constants 

and to extend the methods to include recent data on 

adjustable metal propellers. 

Warner shows in reference 1 that the thrust per 

horsepower is obtained by division, from the coeffi¬ 

cients 

and 

giving 

or 

Ct PnWA 
(1) 

Cp priADh 
(2) 

T Ct 1 
P CP nD 

r Cr P 
1 — CP nD 

(3) 

In Chapter XIV of reference 2, Mr. Warner states: 

“It can be shown from propeller theory that the 

static thrust per horsepower for a propeller is equal to 

a constant divided by the product of the r. p. m. of 

the propeller and its diameter, and experiments by 

Durand have shown that the average value of the 

constant ranges from 49,000 for propellers designed to 

work normally at a value of V/nD of 1.1 up to 79,000 

when V/nD for maximum efficiency is 0.5-. 

The variation of the coefficient is approximately 

linear between the points given.” 

In reference 3 the author gives the static thrust 

formula 

T0 = 6,000 ( 18.7-9 r V .oD 
b. hp 

(r. p. m.) X D (4) 

Where T0 is the static thrust in pounds, p/D is the 

nominal pitch/diameter ratio and D is the diameter in 

feet. The value of the constant in equation (4) was 

based on Durand and Lesley’s data and is substan¬ 

tially identical with Warner’s values as quoted above. 

It will be shown that the static thrust coefficient 

KTo in the equation 

KTqX b. hp 

(r. p. m.) X D 
(5) 

can be determined with fair accuracy for any propeller 

from data usually available or readily obtained. 

DURAND AND LESLEY’S TESTS 

In Table V of reference 4, Durand and Lesley give 

the “standing thrust and power” for 67 propellers, 

these include a number of variations in blade section 

and blade form that are of academic interest only, since 

practically all propellers now in use are in the Sj F2 

class. Table I lists the essential data including the 

static thrust coefficient KTq for all of the Sj F2 

propellers. KTo is found from the relation 

KTo = 33,000^ 

the conversion factor 33,000 being required for the 

units of b. hp and r. p. m. in equation (5). 
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The values of KTo are plotted against p/D on 

Figure 1. The dashed line on this figure corresponds 

to equation (4) and may be represented by 

KTo = 112,400-57,000-| 

or 

Kt0 — 57,000 (l .97 — jy) 

both of which are identical with equation (4). 
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Figure 1.—Static thrust coefficients for 2-blade wooden propellers. 
Durand and Lesley’s tests. N. A. C. A. Technical Report No. 30 

N. A. C. A. TESTS 

Three series of systematic tests on adjustable blade 

metal propellers have been made by the National 

Advisory Committee for Aeronautics in the propeller 

research tunnel at Langley Field. (References 5, 6, 

and 7.) Static thrust data from these reports are 

given in Tables II to V, inclusive, and the values of 

KTo are plotted against blade setting at 0.75 K in 

Figure 2. There is a considerable scattering of the 

points probably due to fuselage interference effects 

and to the method of obtaining the static values of CT 
and CP by extrapolation but the trend of the variation 

is well defined. It is of considerable interest to note 

the reduction in static thrust at high pitch angles for 

propellers with the Clark Y section. This charac¬ 

teristic, which may be due to an early stalling of the 

blade sections, has been observed in flight tests to such 

an extent that a separate curve is apparently required 
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for these propellers. As shown by the data from 

Technical Report No. 351 (reference 6), given in 

Table III, cutting off the tips to reduce the diameter 

does not appreciably affect the static thrust coefficient. 

BRITISH TESTS 

A very complete investigation of propeller charac¬ 

teristics is covered by Reports and Memoranda 

No. 829 of the British Aeronautical Research Com¬ 

mittee. (Reference 8.) Static thrust data from this 

report are given in Tables VI and VII. The former 

covers propellers having constant pitch along the 

blade, while the latter have the variable pitch dis¬ 

tribution obtained with the usual blade adjustment. 

Values of KTq are plotted against blade angle at 0.75 B 
on Figure 3. The data are usually consistent due to 

care exercised in eliminating interference and fall 

very close to the three curves, the one for two blades 

being identical with that given on Figure 2. 

8 12 16 20 24 28 32 36 
8. btode angle, degrees, at O. 75 R 

Figure 2.—Static thrust coefficients for adjustable blade metal propellers 

THE CALCULATION OF STATIC THRUST 

For any given set of design conditions the static 

thrust may be calculated from equation (5): 

(5) 

the proper value of KT being obtained from Figures 1, 

2, or 3. In the case of adj ustable blade metal propellers 

it is common practice to specify the blade setting in 

terms of the blade angle at the 42-inch radius. Figure 

4 has been prepared for obtaining blade angles at 

0.75 R from the values at the 42-inch radius, for con¬ 

ventional pitch distributions. This curve gives the 

correction Ad to be added to or subtracted from the 
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blade angle at the 42-inch radius to obtain the blade 

angle at the 0.75 R. 
In design studies it is more convenient to work with 

the V/nD for maximum efficiency than with the blade 

an<de. Figure 5 is a plot of KTo against V/nD for 

maximum efficiency, using the data from Tables I to 

VII. The points appear to fall nearer to regular 

curves than when p/iD or d is used as the base. 

In using equation (5), the full rated b.hp and r.p.m. 

may be used without appreciable error since the ratio 

5 hp/r.p.m. is substantially constant for full-throttle 

operation. 

Eioure 3.—Static thrust coefficients for metal propellers. British tests, R. & M. 

No. 829 

CONCLUSIONS 

A study of the collected data leads to the following 

conclusions: 
1. In general, narrow blades give a higher static 

thrust coefficient than wide blades. 
2. Thin blades appear to give a higher static thrust co¬ 

efficient for low pitch setting and less static thrust 

at high pitch settings than thick blades. 

3. Blade section may be very important in deter¬ 

mining the static thrust coefficient at high pitch 

settings. 
4. There is a decrease in the static thrust coefficient 

due to the use of 3 or 4 blades at low pitch 

settings but the curves converge into one curve 

at and above a blade setting of 23° at 0.75 R. 
5. The effect of gearing an engine is to reduce the pro¬ 

peller r. p. m., to increase the diameter, and to 

increase the pitch or blade angle required. W ith 

large reduction ratios the effect of the increased 

diameter and the reduction in KTo corresponding 

to the increased pitch may more than offset the 

effect of the change in r. p. m., and thus reduce 

the static thrust. 

Figure 4.—Correction for obtaining blade angle at 0.75 radius from blade setting at 
42'' station. Positive (+) values of A 6 to be added to setting at 42" station, 
negative (—) values to be subtracted to get blade angle at 0.75 radius. Example: 
For 10 ft. dia. Prop. A0= —.9°. ®o.75R=®42"_.9° 

6. The variable pitch propeller will give a large in¬ 

crease in static thrust coefficient when the avail¬ 

able blade setting change is sufficient to attain 

blade angles of 12° or less. 

Bureau of Aeronautics, 

Navy Department, 

Washington, D. C. Sept., 1932. 
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Figure 5. 
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TABLE I TABLE IV 

ooMTTr THRUST COEFFICIENTS FOR WOODEN PRO- 
STAUh^o mTA FROM DURAND AND LESLEY’S SELLERS—DATA 

TESTS, TABLE V, N. 
NO. 30 

A. C. A. TECHNICAL REPORT 

b 

D 

0.075 
. 100 
.075 
. 100 

.075 

.100 

.075 

. 100 

.075 

. 100 

.075 
. 100 
.075 
. 100 

p 
D 

Maximum 
efficiency 

t) m V/nD 
for 7Jm 

0.9 0.810 0.83 
.9 .798 . 78 
. 7 .778 .65 
.7 .759 .63 
.5 .703 .49 
.5 .670 .47 
.9 .804 .82 
.9 .803 .80 
.7 .781 .65 
. 7 .772 .64 
.5 .699 .48 
.5 .680 . 47 

1. 1 .834 1.00 
1.1 .818 .96 

Thrust co¬ 
efficient 

Ct ~gPnW< 

0.0160 
.0195 
.0149 
.0164 
. 0120 
.0122 
.0168 
.0188 
.0137 
. 0164 
.0112 
.0121 
.0158 
.0189 

Power co¬ 
efficient 

rv_Ro_ 
gptfD* 

0. 00840 
. 01035 
.00662 
.00769 
.00470 
.00490 
. 00348 
.01000 
.00601 
. 00300 
.00435 
.00491 
.01021 
. 01248 

Static thrust 
coefficient 

Ct' 
Kt0 — 33000^-U, 

62800 
62200 
74300 
70400 
84300 
82100 
65400 
61900 
75100 
67700 
84800 
81400 
51000 
50000 

TABLE II 

STATIC THRUST COEFFICIENTS FOR METAL PRO¬ 
PELLERS N. A. C. A. TESTS, TECHNICAL REPORT 
NO. 306 

STATIC THRUST COEFFICIENTS FOR ADJUSTABLE 
PITCH PROPELLERS WITH NAVY STANDARD SEC¬ 
TION (MODIFIED R. A. F.-6) N. A. C. A. TESTS, 
TECHNICAL REPORT NO. 378 

Camber 
ratio 

Blade 
setting 

at 
0.75 R 

6 

Ct0 <>o 

Maximum effici¬ 
ency Static 

thrust co¬ 
efficient Kt, i 

7? m 
V/nD 
for g m 

0. 06 

O 

11 0.081 0. 028 0. 700 0.42 95600 
15 .083 .039 .753 . 0/ 70400 
19 . 102 .067 .795 .70 50100 
23 . 113 .092 .810 .86 40500 
27 .111 .112 .820 1.02 33300 

.08 11 .081 .029 .680 .42 92000 
15 .080 .041 .740 . 56 64700 
19 .098 .050 .780 .71 64700 
23 . 102 .062 .805 .85 54100 
27 .115 . 120 .820 .99 31600 

. 10 11 .075 .030 .660 .43 82400 
15 .088 .041 .732 .59 70900 
19 . 101 .053 .782 .73 63000 
23 . 106 .065 .802 .88 53600 
27 .116 .092 .805 1.00 41500 

TABLE V 

Blade 
setting 

at 
0.75 R6 

Static thrust 
coefficient 

Cr, 

Static torque 
coefficient 

Cp o 

V 

nD 
tor 
f] m 

Static thrust 
coefficient 

Kt, 

11° 0.079 0.026 0.48 100300 

15° .094 .038 .65 81400 

19° . 101 .050 .77 66200 

23° .096 .067 .91 47200 

27° .099 .098 1. 13 33000 

TABLE III 

STATIC THRUST COEFFICIENTS FOR ADJUSTABLE 
METAL PROPELLERS WITH CUT-OFF TIPS N. A. 
C A TESTS, TECHNICAL REPORT NO. 351 

Diam¬ 
eter D 

feet 

Blade 
angle at 

0.75/2 

e 

Static values 
Maximum effici¬ 

ency 

Ct0 CP(i f) m 
V/nD 
for t)m 

10.0 

O 

12 0.066 0. 026 0. 733 0.48 
17 .091 .041 .790 . 65 
23 .080 .072 .819 .85 
28 .089 . 101 .836 1.08 

9.5 12 .080 .031 .714 .48 
17 .096 .046 .771 .63 
23 .096 .083 .808 . 85 
28 . 108 . 118 .822 1.05 

9.0 12 .093 .035 .705 .48 
17 .102 .052 . 759 . 64 
23 . 110 . 100 .791 .87 
28 .114 . 125 .810 1.05 

8.5 12 .098 .037 .689 .47 
17 . 116 .063 .756 .66 
23 126 .090 .785 .89 
28 . 134 . 153 .800 1.11 

8.0 12 .099 .038 .675 .47 

17 . 127 .067 .740 .66 

23 . 149 .097 .772 .92 
28 . 148 .159 .780 1. 10 

Static 
thrust CO- 

83700 
73200 
36700 
29060 

85200 
68900 
38200 
302C0 

87700 
64600 
36300 
30100 

87400 
60700 
46100 
28900 

86000 
62500 
50600 
30700 

b_ 

D 

0.0803 

.0845 

. 0892 

.0945 

. 1C05 

STATIC THRUST COEFFICIENTS FOR ADJUSTABLE 
PITCH PROPELLERS WITH CLARK Y SECTION 
V 4 C A TESTS. TECHNICAL REPORT NO. 378 

Blade 
Camber setting Ct, cP 0 

ratio at 0.75R 

B 

O 

0.06 11 
15 

0.081 
.081 

0. 028 
.039 

19 . 106 .085 
23 . 114 .108 
27 .097 . 110 

.OS 11 .078 .029 
15 .083 .039 
19 .074 .056 
23 .088 .085 
27 .105 . 120 

.10 11 .075 .030 
15 .085 .040 
19 .091 .052 
23 .098 .079 
27 .086 .113 

Maximum effi¬ 
ciency 

V m 

0. 725 
.777 
.802 
.815 
.820 

.750 

.795 

.810 

.820 

.826 

.746 

.778 

.802 

.813 

.828 

VI nD 
for ijm 

0.46 
.60 
. 77 
.90 

1.03 

.48 

.62 

.76 

.93 
1.09 

.50 

.62 

. 77 

.93 
1.12 

Static 
thrust coeffi¬ 

cient Kt, 

95600 
68200 
41100 
34800 
2SS00 

88800 
70400 
43500 
34100 
28800 

82400 
70400 
57800 
40900 
25100 
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TABLE VI TABLE VII 

STATIC THRUST COEFFICIENTS FOR METAL PRO¬ 
PELLERS DATA FROM BRITISH A. R. C. R. & M 
NO. 829 

STATIC THRUST COEFFICIENTS FOR ADJUSTABLE 
PITCH METAL PROPELLERS — D A T A FROM 
BRITISH A. R. C. R. & M. NO. 829 

Data 
from 
Table 
No. 

Blades 

Pitch 

Maximum 
efficiency Static data 

Static 
thrust 
coeffi¬ 
cient 
At0 No. 

Width 
diam. 

b 
D 

Blade 
angle 

at 0.75i? 

e 

diam. 

P 
D T?m V/nD 

for >Jm 

Thrust 
coeffi¬ 
cient 
At/ 

Torque 
coeffi¬ 
cient 
Aq0 

6(1) 2 0.082 

O 

7 

/ 

15 0.3 0. 545 0.300 0. 0622 0. 00341 95900 
6(2) 4 .082 7 15 .3 .446 .288 .0928 .00638 76400 
6(3) 2 .082 12 0 .5 .734 .456 .0910 . 00514 93000 
6(4) 4 .082 12 0 .5 .630 .480 . 1400 . 01003 73300 
6(5) 2 .082 16 30 .7 .780 .624 . 1145 .00811 74200 
6(6) 4 .082 16 30 .7 . 725 .623 . 1860 .0159 61500 
6(7) 2 .082 23 0 1.0 .85 .928 . 1200 .0151 41700 
6(8) 4 .082 23 0 1.0 .84 .945 .2180 .0257 44500 
6(9) 2 .082 32 30 1.5 .867 1. 400 . 1330 .0269 25900 

6(10) 4 . 082 32 30 1.5 .865 1.370 . 2440 .0489 26200 | 
6(11) 3 .082 12 0 .5 .664 .465 . 1210 . 0792 80200 
6(12) 3 .082 23 0 1.0 .852 . 955 . 1827 . 01888 50800 
6(13) 2 . 123 23 0 1.0 .842 .967 . 1953 . 01835 55800 
6(14) 2 .0615 23 0 1.0 .875 .970 .0861 . 01210 37400 
6(15) 4 .0615 23 0 1.0 .837 .920 . 1550 .0214 38000 I 
6(16) 2 .041 23 0 1.0 .882 .910 . 0536 . 00760 37000 
6(17) 3 .041 23 0 1.0 .865 .933 .0780 .01130 36200 i 
6(18) 4 .041 23 0 1.0 . 855 . 950 . 1000 . 01490 35200 
6(19) 6 .041 23 0 1.0 .807 .893 . 1395 .02113 34700 
6(20) 2 . 123 12 0 .5 .668 .475 . 1140 .00769 77900 
6(21) 2 .0615 12 0 . 5 .738 .456 .0727 . 00415 94700 
6(22) 4 .0615 12 0 .5 . 658 .465 . 1224 . 00816 78900 
6(23) 2 .041 12 0 .5 . 758 .477 .0500 . 00288 91200 
6(24) 3 .041 12 0 .5 .684 . 455 . 0692 .00423 85900 
6(25) 4 .041 12 0 .5 .665 .455 . 0867 .00561 81200 
6(26) 6 .041 12 0 .5 | .613 .434 . 1135 .00813 73500 

Data 
from 
Table 
No. 

Blades 

Pitch 

Maximum 
efficiency Static data 

Static 
thrust 
coeffi¬ 
cient 
Ar0 No. 

Width 
diam. 

b 

D 

Blade 
angle 

at 0.75R 

0 

diam. 

P 

D rim 
V/nD 
for Tim 

Thrust 
coeffi¬ 
cient 
Ar/ 

Torque 
coeffi¬ 
cient 
A«# 

7 (1) 2 0.082 

O 

7 

/ 

15 0.33 0. 551 0. 320 0. 0659 0. 0C338 102500 
7 (2) 2 .082 12 0 . 51 .715 .460 .0950 .00558 89400 
6 (5) 2 .082 16 3C .70 .780 .624 . 1145 .00811 742C0 
7 (3) 2 .082 23 0 1. 00 .853 .896 . 1235 .01475 44000 
7 (4) 2 .082 28 30 1.25 .886 1. 127 . 1332 .02096 33300 
7 (5) 2 .082 32 30 1. 45 .896 1.424 . 1383 .0255 28400 
7 (6) 2 .082 35 30 1.64 .885 1. 583 . 1445 .0293 25900 
7 (7) 2 . 082 34 15 1.52 .837 1. 320 . 1458 .0271 28200 
6 (1) 2 .082 7 15 .30 .545 .300 .0622 .00341 95900 
7 (8) 2 . 082 5 30 .28 .445 .272 .0586 . 00328 93900 
6 (9) 2 .082 32 30 1. 40 .867 1. 400 . 1330 .0269 25900 
7 (9) 4 . GS2 7 15 .33 .480 .312 .0987 . 00631 82200 
7(10) 4 .082 12 0 .51 . 637 .480 . 1393 . 01022 71600 
6 (6) 4 .082 16 30 .70 .725 .623 . 1860 . 0159 61400 
7(11) 4 .082 23 0 1.00 .805 .896 .2245 .C2585 45600 
7(12) 4 .082 28 30 1. 25 .847 1. 136 . 2330 .0379 32300 
7(13) 4 .082 32 30 1.45 .855 1.286 . 2395 .0471 26700 
7(14) 4 .082 35 30 1. 64 .882 1.560 . 2470 .0534 24300 
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IMPROVED APPARATUS FOR THE MEASUREMENT OF FLUCTUATIONS OF AIR SPEED 

IN TURBULENT FLOW 
By W. C. Mock, Jr., and H. L. Djiyden 

SUMMARY 

This paper describes recent improvements in the 
design oj the equipment associated with the hot-wire 
anemometer for the measurement of fluctuating air 
speeds in turbulent air flow, and presents the results of 
some experimental investigations dealing with the re¬ 
sponse of the hot wire to speed fluctuations of various 
frequencies. Attempts at measuring the frequency of the 
fluctuations encountered in the Bureau of Standards' 
54-inch wind tunnel are also reported. The design of 
the amplifying and compensating equipment for use 
with the hot wire is treated briefly. In addition, the 
difliculties encountered in the use of such apparatus 
and the precautions found helpful in avoiding them are 
discussed. The work was carried out at the Bureau of 
Standards with the cooperation and financial support of 
the National Advisory Committee for Aeronautics. 

INTRODUCTION 

Theoretical investigations of turbulence such as 

those formulated by Reynolds (reference 1), by 

Lorentz (reference 2), and by Burgers (reference 3) 

emphasize the need for experimental data on the 

fluctuations of air speed found in turbulent air flow. 

The most promising instrument for such measure¬ 

ments is the hot-wire anemometer, which we believe 

to have been first suggested for this use by E. Ilugue- 

nard and liis coworkers. (Reference 4.) In two earlier 

papers (references 0 and 6) the equipment developed at 

the Bureau of Standards has been described, and the 

application of the equipment illustrated by a study of 

the effects of turbulence in wind-tunnel measurements. 

Within the last two years, the equipment has been 

greatly improved as to uniformity of response to fluctu¬ 

ations of various frequencies. It was felt desirable to 

describe the improved apparatus and to place 011 record 

such parts of our experience as might be valuable to 

other laboratories engaged in similar investigations. 

The paper is divided into four parts, each of which 

is self-contained and may be read independently. 

Part I treats the response of the hot-wire anemometer 

to speed fluctuations, giving a recapitulation of the 

theory developed in a previous paper, describing 

methods of compensating for the lag of the wire, and 

experimental determinations of the performance of 

the wire and the compensating circuit. Part II deals 

with the design of amplifiers for use in turbulence 

measurements. Part III describes improvements in 

the Bureau of Standards’ apparatus made since the 

publication of references 5 and 6. Part IV gives an 

account of some experiments on the frequency dis¬ 

tribution of the speed fluctuations in a wind tunnel. 
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IMPROVED APPARATUS FOR THE MEASUREMENT OF FLUCTUATIONS OF AIR SPEED 
IN TURBULENT FLOW 

IN FOUR PARTS 

PART I 

RESPONSE OF THE HOT-WIRE ANEMOMETER TO SPEED FLUCTUATIONS 

GENERAL THEORY 

The hot-wire anemometer, as used for measurements 

of speed fluctuations, consists essentially of a platinum 

wire, of small diameter and short length, placed in the 

air stream with its long dimension perpendicular to 

the direction of the mean flow, and heated to a suit¬ 

able temperature by means of an electrical current. 

Fluctuations in the speed of the air stream produce 

fluctuations in the temperature of the wire and hence 

in its resistance. The changes in voltage drop across 

the wire may be amplified by means of vacuum-tube 

amplifiers, and finally measured by means of a ther¬ 

mocouple-actuated milliammeter indicating the square 

root of the mean square of their magnitudes. If the 

changes in resistance are negligible as compared to the 

total resistance in the heating circuit, so that the cur¬ 

rent remains constant, the fluctuation in the voltage 

drop will be proportional to the fluctuation in resist¬ 

ance. For special purposes, such as examination of 

the wave form of the fluctuations, a cathode ray oscil¬ 

lograph may be used as the final measuring instrument. 

Vacuum-tube voltmeters may also be used if the fluc¬ 

tuations are periodic and of known wave form, other¬ 

wise their use will introduce errors. 

Unfortunately for the simplicity of the measure¬ 

ments, the fluctuating voltage drop across the hot-wire 

anemometer is neither proportional in amplitude nor 

in phase with the speed fluctuations. When the speed 

is decreasing rapidly the electrical current heating the 

wire is unable to supply sufficient energy to raise the 

temperature of the wire at the required rate. Con¬ 

versely, when the speed is increasing rapidly, the sup¬ 

ply of heat energy possessed by the wire retards its 

cooling. In other words, the hot-wire anemometer has 

a lag which causes the fluctuating voltage drop to be 

less in magnitude and to lag in phase behind the voltage 

drop which would correspond under equilibrium condi¬ 

tions to the instantaneous speed, by an amount which 

increases as the rapidity of the speed fluctuation 

increases. 

The theory of the behavior of a hot wire when sub¬ 

jected to speed fluctuations, either periodic or irregular, 

has been developed in a previous paper (reference 5) 

and need not be repeated in full here. It suffices to 

state that the response of the hot wire is characterized 

by a time constant M, related to the physical properties 

of the wire and the operating conditions in the following 

manner: 

where 

M 
4.2PA2s (T- Tq) 

i2rv 

room or air temperature. 

T— average temperature of the hot wire. 

A = cross-sectional area of the hot wire. 

s = the specific heat of air, 0.037 cal. per g per 

degree C., approximately. 

i = the heating current. 

p = density of the wire, 21.37 g/cm3 for plati¬ 

num. 

rv = resistivity of the wire at temperature T0 = 

approximately 0.000012 ohm-cm, for 

platinum at the usual room temperature. 

For periodic fluctuations the action of the hot wire is 

to produce a fluctuating voltage drop equal in ampli¬ 

tude to 

1 

Vl + MV 

times the amplitude of the fluctuating voltage drop 

that would correspond under equilibrium conditions 

to the speed fluctuation, and lagging behind the speed 

fluctuation, in phase, by the angle, a = tan-1 M co, where 

M is the time constant of the hot wire as defined above, 

and w is 27r times the frequency of the velocity fluctua¬ 

tions. 

For irregular fluctuations, the voltage fluctuation cor¬ 

responding to the speed fluctuation under equilibrium 

conditions may be expanded in a Fourier series, the 

effect on each component of the series computed as 

132 
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for a periodic fluctuation, and the results added to 

give the response of the wire. 

From the form of the expression for the reduction of 

amplitude, it is evident that the hot-wire anemometer 

becomes very insensitive at any but the lowest fre¬ 

quencies. Improvement in the performance in this 

respect may be obtained by reducing the diameter of 

the wire used, but even with the smallest sizes, 0.003 

to 0.015 mm, the use of which is attended by con¬ 

siderable practical difficulty, the performance remains 

inadequate if the higher frequencies thought to exist in 

the speed fluctuations are to be reproduced in their true 

relation to the lower frequencies. 

The performance of a typical hot-wire anemometer 

(diameter 0.0167 mm) is illustrated by Table I. 

TABLE I 

Frequency 
cycles 

per second 
CO 

1 
tan-i Mu 

■JMW+1 

1 6.3 1.000 

O 

1.4 
5 31.4 .992 7.2 

10 62.8 .970 14.1 
20 125.7 .893 26.7 
50 314.2 .636 51.5 
75 471.2 .469 62.0 

100 628.3 .370 68.3 
200 1, 256. 6 . 195 78.7 

M=0.004, r,=0.000012, p=21.37, s=0.037, T-To=120° C., A=2.2X10-«, i=0.2 
ampere. 

COMPENSATION CIRCUITS FOR REDUCING THE LAG 
ERROR 

A graphical correction for the amplitude reduction 

and phase lag of the hot-wire anemometer is possible 

(reference 5) if an oscillogram, or similar record, of 

the fluctuation is available and the fluctuation is 

small. In practice, however, the complexity of the 

oscillogram makes such a method so laborious as to 

be impractical. Furthermore, the condition that the 

fluctuation be small does not always obtain. 

The expressions given for the amplitude reduction 

and phase lag of the hot-wire anemometer are identical 

in form with those expressing the magnitude and 

phase of the current relative to the impressed voltage 

in a circuit containing inductive reactance and resis¬ 

tance. It should therefore be possible to introduce 

somewhere in the apparatus associated with the hot¬ 

wire anemometer an electrical distortion, having an 

equal but opposite effect, in such a way as to eliminate 

the lag errors. This method was suggested in an 

earlier paper. (Reference 5.) 

The method adopted for introducing this compen¬ 

sating distortion consists essentially of the use of a 

voltage-dividing circuit (fig. 1) made up of an induc¬ 

tance L and a resistance fti in series and connected 

across the load resistor RL of one of the vacuum tubes 

in the amplifier in such a manner that the grid circuit 

of the following vacuum tube is connected across the 

inductance. In series with the inductance L, and in 

that part of the voltage divider feeding the following 

vacuum tube, is a resistance R2 used for adjustment of 

the time constant L/R2 which must be made equal to 

the time constant M of the hot wire. Designating by 

fto the resistance of the load resistor RL in parallel 

with the internal alternating current resistance of the 

vacuum tube out of which the circuit works, it is 

readily seen that the ratio of the voltage applied to the 

grid circuit of the following tube to the voltage drop 

across the plate resistor RL is equal to 

R2 -\-juL 
Ro T R\ + R2 + ]wL 

To give the desired compensation, the ratio should be 

proportional to ft2+ycoL, the factor of proportionality 

not containing o>, and L/R2 should equal the time con¬ 

stant M of the wire. As explained more fully in 

reference 5, the sensitivity of the apparatus is reduced 

by the compensating circuit in the ratio 

R2 
r0+r,+r2 

and the error in compensation at a given frequency 

depends primarily on the factor 

L 
Ro + Ri + R2 

For an error of 1 per cent in amplitude, ^ 4- 4- Rr 

must be as small as 0.14, or the error factor must be as 

small as The frequency at which the error 
u> 

reaches 1 per cent is equal to 0.14 divided by 2r times 

the error factor. 
In 1930 a similar circuit (fig. 2) was described by 

Ziegler. (Reference 8.) The practical equivalence of 

this circuit and that in use at the Bureau of Standards 

is made evident by a consideration of the impedance to 

alternating currents presented by condensers and 

inductances. The capacity C across the resistance 

ft/ (fig. 2) offers an impedance ^his *in_ 

pedance decreases with increasing frequency and thus 

decreases the voltage drop across ft/, allowing a 
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greater voltage to be passed on to the grid of the follow¬ 

ing vacuum tube. The inductance L in the Bureau of 

Standards circuit offers an impedance Zl = 2-kJL, which 

increases as the frequency increases and thus increases 

the voltage impressed across the grid circuit of the 

following vacuum tube. The effect in each case is 

directly proportional to the frequency and the results 

are equivalent. 

By the process used in deriving the corresponding 

expressions for the inductance type of compensating 

circuit it may be shown that in Ziegler’s arrangement 

the sensitivity is reduced by the compensating circuit in 

the ratio 

R2' 

Rq + Ri + R2 

the error factor is 

CR/(R0 + R2') 

Rq + #/ -f R2 

Error factor equals 

L 
Rq + R\ + R2 

0.00000985 

Equating values of attenuation and time constant 

thus obtained to corresponding expressions for the 

capacity compensation circuit, 

It r 
Attenuation = p-r-py, p / = 0.00272 

JlQ 1 lX\ I IX2 

Compensation = CR/ = 0.003623 

and solving for C, R2 and the error factor for R/ = 1,000, 

10,000, 100,000, and 1,000,000 ohms when Z?0 =10 ohms 

and again when R0= 100,000 ohms, we obtain the 

results of Table II. 

TABLE II 

Ao=10 ohms 

Ri' ohms Frequency 

Cm/ Ri' ohms error factor for 1 per 
cent error 

c. p. s. 

1,000 3. 623 2. 755 0. 00004560 489 
10,000 .3623 27.30 .00001346 1, 653 

100,000 .03623 272.8 .00001021 2, 182 
1,000,000 .003623 2, 727. 4 . 00000989 2,252 

i?o=100, 000 ohms 

1,000 3. 623 275.5 0. 003575 6.2 ! 
10,000 .3623 300. 0 . 003292 6.8 

100,000 .03623 545.5 . 001816 12.3 
1,000,000 . 003623 3,000.2 . 0003381 65.8 

and the time constant, which must be equal to the time 

constant of the hot wire is CR/, where R0 is the im¬ 

pedance out of which the system works. 

The relative performance of the two circuits may be 

examined by substituting in the expressions for the 

attenuation, error, and time constant of the inductance 

compensation circuit typical values of inductance and 

resistance as used at the Bureau of Standards, equating 

the values of attenuation and time constant thus 

obtained to the equivalent expressions for the capacity 

compensation circuit, substituting various appropriate 

values of R0 and R'. and finally solving for C, R2' and 

the value of the error factor. This operation is carried 

out below, and the results presented in Table II. 

L — 10.87 henrys. 

£0 = 100,000 ohms. 

R\ = 1,000,000 ohms. 

#2 = 3,000 ohms. 

Attenuation equals 

#2 

Rq + #1 + R2 
0.00272 

Time constant equals 

tt = 0.003623 

Examination of the data thus obtained leads to the 

following conclusions: First, in order to obtain an 

error factor comparable with that of the inductance 

type of circuit, 0.00000985, R0 must be small, thus pre¬ 

cluding the possibility of working the capacity com¬ 

pensation system in the plate circuit of one of the ampli¬ 

fying vacuum tubes; second, #/ should be large for 

best results. The fact that the circuit may not be used 

in a vacuum-tube plate circuit leads to a practical 

difficulty in that if it is employed ahead of the ampli¬ 

fier, as is the case in Ziegler’s apparatus (reference 7), 

the fluctuating voltage from the hot wire is attenuated 

by the compensating circuit, and may reach the ampli¬ 

fier at a voltage level near that of the tube noises 

originating in the first amplifying tube. If this hap¬ 

pens, amplification increases the tube noises from the 

first tube in the same proportion as the fluctuating 

voltage, and since they are so nearly equal, their sepa¬ 

ration is difficult. Further, the presence of tube noise 

may introduce spurious frequencies into the voltage 

fluctuations. The advantage of a compensating cir¬ 

cuit that can be used in the middle of the amplifier is 

that the fluctuating voltage from the hot wire reaches 

the first tube unattenuated and therefore at a con¬ 

siderably higher level than the noises originating there. 

The proportion between tube noises and voltage flue- 
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tuation then remains the same, regardless of any sub¬ 

sequent amplification or attenuation. Compensation 

following the amplifying apparatus is difficult, practi¬ 

cally, because such a system would require the voltage 

fluctuations to be built up to a level too high to be 

conveniently handled in the vacuum tubes ordinarily 

available if the output, after being subjected to the 

attenuation of the compensation circuit, is to remain 

large enough to operate any ordinary measuring 

instrument. 

experimental investigations of the perform, 
ance of the hot-wire anemometer and the 
compensation circuit 

The performance of the hot-wire anemometer and 

the compensating system lias been investigated experi¬ 

mentally by two methods. 

The first method (reference 5) consisted of placing 

the suitably mounted hot wire in an air stream and 

imparting a simple harmonic motion to it by mechani¬ 

cal means, the direction of the motion being parallel to 

the direction of the air flow. The hot wire was oscil¬ 

lated at several frequencies with amplitudes so chosen 

that the product of frequency and amplitude, and 

therefore the maximum speed, remained constant. 

A detailed discussion of the result obtained from those 

tests is given in reference 5. Briefly, it was found that 

over the range of frequencies investigated, 0 to 60 

c. p. s., the results showed good agreement with the 

theory, and the action of the compensating circuit was 

found to be satisfactory. 

In 1931, H. Doetsch and P. V. Mathes (reference 8) 

made a similar investigation and reported good agree¬ 

ment with the earlier work at the Bureau of Standards. 

Attempts to extend this method of investigation to 

higher frequencies by mounting the hot-wire anemom¬ 

eter on one prong of an electrically driven tuning fork 

met with failure because the fine platinum wire was 

broken by the large inertia forces set up when any 

useful amplitude of oscillation, at high frequency, was 

obtained. 

A less direct but more practical method has been 

described by Ziegler. (Reference 7.) In this method 

changes in the electrical resistance of the hot wire are 

produced by a small alternating electric current of 

known magnitude and frequency superposed on the 

direct heating current instead of by fluctuations of air 

speed. For small changes in resistance, the theory of 

the response to resistance changes produced by changes 

in the current is identical with that for resistance 

changes produced by changes in the rate of cooling. 

The change in resistance is measured as a function ol 

the frequency, the alternating component of the cur¬ 

rent in the wire being maintained constant. Some 

measurements by this method have been made at the 

Bureau of Standards. 

The circuit of Figure 3 was used to introduce the 

alternating current into the wire and to measure the 

resulting changes in the resistance of the wire as a func¬ 

tion of frequency. It consists simply of a Wheatstone 

bridge of which one arm Rx is the hot-wire anemometer. 

I he battery {E~ 12 volts) in series with the regulating 

resistance Rb, supplies the necessary heating current to 

maintain the hot wire at the proper average tempera¬ 
ture. 

The bridge is first balanced both for direct and alter¬ 

nating current when the hot wire is replaced by a 

resistor whose resistance is equal to the mean resistance 

of the hot wire and does not vary with the current. 

The hot wire is then substituted for this resistor. 

When the small alternating current is applied, it pro¬ 

duces an alternating change in the resistance of the 

hot wire, unbalancing the bridge. The magnitude of 

the fluctuation of the resistance of the hot wire may be 

computed from the voltage drop applied to the ampli¬ 

fier and the sensitivity of the bridge. The equilibrium 

values may be obtained by direct experiment, measur¬ 

ing the resistance of the wire for different heating 

h~+ 

currents, using a galvanometer as the indicating 

instrument for the bridge. 

The alternating current was supplied from an audio¬ 

frequency vacuum-tube oscillator through a condenser 

which isolated the oscillator from the bridge, as far as 

direct current is concerned. The oscillator was a Gen¬ 

eral Radio Co. type 377-B instrument, having a fre¬ 

quency range of 25 to 70,000 c. p. s. with excellent 

wave form when working into a suitable load im¬ 

pedance, and a power output of about 100 milliwatts, 

sufficient for the purpose of the tests. 

Because of the great bulk of the amplifier and the 

difference between the capacities of the two sides of 

the input circuit to ground, it was found desirable to 

house the amplifier in a metal cage and to place a 

Wagner ground to the cage across the input terminals. 

A small slide rheostat (potentiometer) of 25,000 ohms 

resistance was found satisfactory, the ends of the wind¬ 

ing being connected to the two input terminals and 

the variable point to the cage. The variable point was so 

adjusted that reversing the bridge current and revers¬ 

ing the amplifier terminals gave the minimum effect 
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A number of difficulties were encountered, not men¬ 

tioned by Ziegler, and perhaps not met with by him 

because of suitable choice of the bridge constants. It 

seems desirable to discuss the performance of the com¬ 

bined a. c.-d. c. bridge in a little detail to indicate the 

nature of the difficulties and how they may be avoided. 

Application of Ivirchhoff’s laws for the continuity of 

the current at junction points A, B, C, G, and for the 

voltage relations in circuits BCDB, CGDC, and 

ABCGFA gives the following seven equations for 

determining the seven unknown currents, Ia being 

measured. 

Ib+Ia=Io 
I\ + I4 = Io 
J3 + Ig~ 14 
I2 d" I3 = Jo 
I4R4 + IgRg ~ I\R\ = 0 
I'iR'i I2R2 IgRg — 0 
IiR4 A I3R3 A If>Rh = E 

Since it is desired to hold the alternating current in 

the wire constant, and only Ia can be readily' measured, 

the first thing of interest is the relation between Ix 
and Ia. Solution of the above equations for Ix gives 

j__(E+IaRb) (RgR'i + RgRi+R2R4+II?,RI) 
ll Y+RgX 

where 

Y=RXR2R3 ~r R1R2R4 JrRxR3R4 + R2 R3R4+RbRxR2 
+ R^RxR^I RbR2R4 +RJR3R4 

and 

X=Rl(Rb + H + R4) + RbR2 + Rt>R:i + RbR4 + R2RZ + R2R4 

Rg, the resistance of the input circuit of the amplifier 

is quite large as compared with the values of the other 

resistances in the bridge. Introducing this fact, we 

find 
r _(E+IaRb) (R3 + R4). 

X 

The resistance Rx of the hot wire is not constant, but 

fluctuates with the current. Let us place R1=Rl+r, 

where Rx is the mean value and the departure r is a 
function of Ix. Introducing the value of Rx in X, we 

find X=X+ (Rb + R3 + R4) r when A" is the value of X 

with Rx substituted for Rx. Thus 

7 AE+IM CRz+R4) (l) 
X + (Rb+R3 + R4) r 

Since r is a function of Ix and also of the frequency, 
the relation between Ix and Ia is not independent of 
the frequency and is far from simple in the general 
case. Keeping Ia constant does not keep Ix constant. 

However, IgRl 
E 

-and 
(.Rb + R3 + R4) r 

X 
will be small if 

Ia is small. Treating them as small quantities whose 
squares and products may be neglected, equation (1) 
may be written 

r _ E(R3-\-RI) IaRb(R3+R4) E(Rt+RJ(Rb+R>+Ittr 

1 X X Z5 (2) 

The first term in equation (2) is the direct current 

through the wire which we shall call Idc. The second 

term is the main alternating current through the wire, 

proportional to Ia. The third term represents the 

fluctuation in current through Rx due to the variation 

of Rx. To secure a simple relation between Ix and /,„ 

it is desirable to make this last term negligible. The 

ratio of the last term to the second is 

E + R3 + R4) v 

IaRb X 

°L lu (1+/j>3+^4) r (3) 

" I a Rb 

Since r and Ia are not in phase, the direct ratio can 

not be taken. Placing Ia = Iaejut and r = r ej{at~a) 

the ratio (3) becomes 

Ide (1 + rXrj 7 erl° (4) 

la Rb 

The importance ol the choice of suitable values of 

the bridge resistances in reducing the ratio (3) is best 

illustrated by two numerical examples. 

Assuming the reasonable value of M= 0.0041, and 

a frequency of 25 c. p. s., we will consider first 

a bridge having the following values of resistances, 

Rx = 7.60 ohms, R2~Rz — 7.58 ohms, R4 = 7.60 ohms, 

Rb = 22.44 ohms, and r=^).053 ohms, a 12-volt heating 

battery being used, and la made 0.005 ampere. Then, 

J^-M. 18) 12 
911.71 

= 0.1998 ampere, 

and the ratio (4) of the alternating current caused by 

the resistance variation to the main alternating current 

through the hot wire is 

0 1998 (1+ra)re-^ 0.339^. 
0.005 Rb 

Next, consider a bridge having the same direct cur¬ 

rent through the same hot wire, and the following 

values of resistance Rb = 44.52 ohms, i?i = 7.60 ohms, 

i?2 = 7.60 ohms, i?3 —900 ohms, ^4 = 900 ohms, M and 

oj having the same values as in the first example. 

Then, it may be shown, that Idc — 0.1998 ampere as 

before. Also, from a consideration of the second 

term of (2), the alternating current in the wire is in¬ 

creased by a factor of 1.97. The value of r is there¬ 

fore taken to be 0.053X 1.97 or 0.104, i. e., as pro¬ 

portional to the alternating current, an assumption 

which experiment shows to be reasonable when the 
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alternating current is small as compared to the direct 

heating current. The ratio of the alternating cur¬ 

rent caused by the resistance variation to the main 

alternating current through the hot wire is then 

0.096 e~ja, which is less than one-third the value for 

the bridge arrangement of the first example. 

The current A is very nearly in phase with Ia when 

r is small, and the resistance variation lags the current 

/l by the phase angle tan-1 Mu where M is the time 

constant of the hot wire. Hence a is approximately 

tan"1 Mco or for the above examples tan"1 0.0041 X2tt 

X25 = tan"1 0.64 or 32.6°. Even with the second 

bridge arrangement, the alternating current due to 

resistance variation is 8 per cent of the main alternating 

current at a frequency of 25 c. p. s. With increasing 

frequency, r decreases in magnitude and a. increases so 

that the effect disappears. Hence an experimental 

procedure which holds Ia constant permits variations 

of the alternating component of h of approximately 8 

per cent. 

Solution of the bridge equations for IgRa with Rg 

large leads to the result: 

T JJ - IgRb) (RjRj ~~ R\R'i) , r\ 
lgrig— 

or introducing Ri + r for Rif assuming the bridge to be 

balanced as to R\, i. e., R2 i?4 = 7?i R3, and neglecting 

Ia Rb as compared to E and (Rb + R3 + R±) r compared 

to X, we find 

Introducing Idc 

Equation (7) gives the relation between the voltage 

across the amplifier input and the resistance variation 

r. It is seen that the sensitivity may be increased by 

making R3 large in relation to i?4. However, this 

procedure requires R2 to be increased in order to 

preserve the balance of the bridge which in turn 

requires Ix to flow through a large resistance. This is 

impractical because of the large battery required to 

supply the heating current. A good compromise 

between sensitivity and battery size is obtained when 

R3 and I?4 are equal, the sensitivity then being one-half 

the theoretical maximum. 

When designing a bridge for use with both alternat¬ 

ing and direct current it is essential to make all 

resistances as nearly noninductive as is possible. In 

the instance of R2, R3, and i?4 this presents no greater 

problem than that of constructing the resistances 

according to one of the several methods known to give 

satisfactory results over the range of frequencies 

involved, roughly 0 to 10,000 c. p. s. The solution is 

not so simple in the case of Ri because this arm of the 

bridge contains the hot wire, which must of necessity 

be mounted in the wind tunnel and connected to the 

j T? _ER*r (6) 

I„Rn ~ 
IdcR3r 

Rt + R* 
(7) 

remainder of the apparatus by leads of considerable 
length. The inductance of these leads may be of 
great importance. 

The alternating current potential across R{ (main 
term only) is 

Ai (R3+R<)(IaRb) _ hdaRbRy 
(8) x E 

and the voltage being measured is, from equation (7), 

EcR^r 
IoRe Rz + Rt (9) 

It is evident that any inductive reactance in the Ri 
branch of the bridge, such as that due to the inductance 
Le of the long leads to the hot wire, will cause the 
current in the wire to lag behind the voltage (8); in 
other words, the voltage (8) will lead the current by 

the phase angle tan"1 The quadrature voltage 

component leading the current in the wire will be 

wLeIdcIaRb 
E 

(10) 

o)L. 
since -p-5 is small. At high frequencies, the change in 

resistance of the wire lags the current in the wire by 

nearly 90°, and hence is nearly in quadrature. The 

ratio of the quadrature component due to the induc¬ 

tance of the leads to the measured voltage is therefore 

approximately 
CoLeRb (A3 T I?4) Ia 

R3rE (ID 

Mid the voltages are in opposite phase so that the 

effect is to reduce the measured voltage. 

The magnitude of the effect of lead reactance is 

shown by the following example. 
Assuming as probable values, A3 + A4 = 2,000 ohms, 

?3 = 1,000 ohms, Rb = 85 ohms, Le = 10"5 henrys, E= 12, 
0.00222, 

7, = 0.005, w = 6,280, ratio (11) becomes -=- and 

f 7 = 0.00222 which is a reasonable value at the fre¬ 

quency considered, the ratio of the quadrature voltage 

o the voltage we wish to measure is 1.00. Since the 

implifier amplifies and measures the sum of the two 

voltages, which are in opposite phase, an error of 100 

;>er cent is introduced, the input voltage to the ampli¬ 

fier being reduced to zero. 
Equation (11) indicates that the error caused by the 

nductive reactance of the leads to Rx may be reduced 

jy decreasing A6, a remedy that does not meet the 

requirements for low ratio of alternating current due 

to resistance variation to main alternating current. 

(Equation 4.) An alternative remedy is to balance 

Dut the effect of the inductance Le, in the Ri arm of 

the bridge by one of two ways: (1) the use ol a ca¬ 

pacity of proper magnitude across R3, or (2) the use ol 
1 " l R 
an inductance of magnitude equal to in the R2 arm 

40768—34-10 
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of the bridge. The latter is the easier solution, and 

the method employed was to mount B2 on the end of 

a pair of leads exactly similar to those in the Rx arm. 

Then, since B1 = B2, and the inductance in the two 

arms is equal, the quadrature voltages balance each 

other. 

The alternating current balance of the bridge may 

be checked experimentally by substituting a resistance 

in the B^ branch equal to the resistance of the hot 

wire, but independent of temperature. The bridge is 

then balanced to the direct current, in the usual man¬ 

ner, and alternating voltage from the audio-frequency 

oscillator applied. If no alternating voltage appears 

across the amplifier input under these conditions, the 

bridge is balanced with respect to alternating current. 

Figure 4 shows the results of a test on the uncom¬ 

pensated hot-wire anemometer in still air. The input 

voltage to the amplifier is plotted against frequency, 

Frequency, cycles per second 

Figure 4 

the alternating current applied to the bridge being held 

constant. The procedure followed in making this 

test was first to adjust the heating current to the 

proper value by means of Bb. The bridge was then 

balanced by adjusting R2 until no direct potential 

appeared across the amplifier input terminals, using 

a sensitive direct-current galvonometer as the indicat¬ 

ing instrument, since the amplifier was not suitable for 

direct-current indication. An alternating current of 

0.005 ampere was then applied to the bridge, the fre¬ 

quency being varied from 25 to 10,000 c. p. s. Read¬ 

ings of the amplifier output were taken at each fre¬ 

quency. By means of the calibration data, the 

corresponding input voltages were computed. 

The theoretical result of this test would be a curve 

such that the input voltage was inversely proportional 

to Vl +MV. Over the higher frequency range where 

MW is large compared to 1, the relation between input 

voltage and frequency would be expected to be linear 

and in the lower frequency range where MW is com¬ 

parable in magnitude to 1 the curve should be concave 

downward. The actual result of the test is seen to be 

identical with the theoretical from 25 to 700 c. p. s. 

Above 700 c. p. s. the response is less than the the¬ 

oretical, partly because of some decrease of the ampli¬ 

fier output at the higher frequencies, but largely 

because the balancing of the inductance of the leads 

to the hot wire was not perfect, being limited by the 

sensitivity of the amplifier. 

Figure 5 illustrates the results obtained from a test 

on the hot-wire anemometer working into the com¬ 

pensated amplifier. In this case the wire was placed 

in the air stream of the wind tunnel. The compen¬ 

sation was set at the value computed from the relation 

L w 4.2 p A2S(T— T0) 

Figure 5 

From 25 c. p. s. to 430 c. p. s. the compensation brings 

the output of the hot wire and amplifier combination 

to within 2 per cent of the ideal value represented by 

the ordinate 1.0, i. e., the value representing a response 

independent of the frequency. Above 430 c. p. s. the 

ratio of the actual to the ideal response increased to a 

maximum of 1.19 at 1,500 c. p. s. This rise is due to 

the fact that the coil used in the compensating circuit 

has unavoidable distributed capacity, as well as the 

desired inductance, and therefore acts as a tuned 

circuit resonating at about 1,500 c. p. s. The imped¬ 

ance of an inductance with distributed capacity does 

not increase directly with frequency, as does the react¬ 

ance of a pure inductance, but acts rather as though 

the inductance had been replaced by an equivalent 

inductance 

L - L 
1 -U*LC 

where C represents the distributed capacity. For 

this reason, it is very desirable to reduce the distributed 
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capacity of the compensating inductance to the lowest 
possible va ue and thus reduce the dependence of Le 

on frequency. 
To summarize, our experiments and those ol Zaegier 

have shown that the theory of the lag of the wire is 
valid for frequencies up to perhaps 1,000 per second. 
Verification at higher frequencies is difficult because 
of the increased sensitivity required and the effects 

of the inductance of the several members of the bridge. 
Since the theory of the lag is shown to be correct, the 
required performance of the compensating circuit is 
readily computed. The actual performance may be 
tested by applying known a. c. voltages of varying 
frequency. The degree with which the required per¬ 
formance can be met is illustrated in Figure 11, given 
later. 
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PART II 

THE DESIGN OF AMPLIFIERS FOR USE IN TURBULENCE MEASUREMENTS 

The fluctuating voltage drop produced by the action 

of the speed fluctuations in the free stream of a wind 

tunnel on the hot-wire anemometer is of the order of a 

few thousandths of one volt and therefore, for conven¬ 

ience in measurement, must be amplified. The 

vacuum-tube amplifier is the only practical instru¬ 

ment available for this purpose. 

Vacuum-tube amplifiers for turbulence measure¬ 

ment must meet several general requirements in the 

matter of performance. First, they must give suf¬ 

ficient amplification of the available input voltage to 

operate suitable measuring instruments. Second, they 

must be free from amplitude distortion; that is, the 

output must be directly proportional to the input. 

Third, they should, for a given fixed input voltage, 

give a constant output, regardless of the frequency 

of the input voltage, throughout the range of fre¬ 

quencies involved in turbulence measurement. 

The first requirement, in the present state of the 

art at least, means that a suitable amplifier must be 

one with several stages of amplification. The second 

requirement means simply that care must be exer¬ 

cised to supply the proper grid and plate potentials 

to each vacuum tube, so that it will operate on the 

straight portion of its grid-voltage plate-current curve, 

and to so choose the tube and its operating conditions , 

that the maximum expected grid voltage swing will 

neither carry the grid potential from the straight part 

of the curve nor cause the grid to become positive and 

draw current. The third requirement, namely, that 

the amplifier response be independent of frequency in 

the range of frequencies involved is the most difficult 

to satisfy, principally because of the first requirement. 

The construction of a multi-stage amplifier necessi¬ 

tates some method of coupling the tubes together so 

that the amplified voltage from one vacuum tube may 

be applied to the grid of the following tube for further 

amplification. To make this connecting circuit inde¬ 

pendent of frequency entails considerable difficulty. 

There are several interstage coupling systems that 

may be used over the range of frequencies in which we 

are interested, and each has certain advantages as 

well as disadvantages, the discussion of which requires 

some consideration of the theory of vacuum tubes as 

amplifiers. 
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The action of a vacuum tube in amplification is de¬ 

termined by the relations between instantaneous cur¬ 

rents and voltages in both input and output circuits. 

When a steady voltage is impressed on the grid cir¬ 

cuit of a vacuum tube, no grid current flows if the grid 

is negative with respect to the filament. If an alter¬ 

nating, voltage is then applied, an alternating current 

will flow in the grid circuit because of the path offered 

by the internal grid-filament capacity of the tube, and 

also in the plate circuit because of the grid-plate 

capacity. The power thus supplied is dissipated as 

heat in the resistances of the circuits and must be 

reduced to the lowest possible level in order to main¬ 

tain a high efficiency in the amplifier. 

The performance of circuits containing vacuum 

tubes may be computed by assuming that the tube 

impresses a voltage of pEg, p being the amplification 

factor and Eg the alternating grid voltage, in a circuit 

consisting of the external impedance Z0, and the 

internal alternating current impedance rv of the tube 

under the operating conditions. Hence, the alter¬ 

nating component of the plate current Iv is given by the 

relation 
M Eg 

rp-\- 
(10) 

The alternating voltage EP across the load circuit 

is the product of the alternating plate current and the 

load impedance, that is, 

7pZ, = fi'„=(f-^z-o) (11) 

E 
Since -^r is the voltage amplification A of the tube 

and load combination, we may write 

(12) 

Equation (12) is of considerable importance in 

amplifier design in that it shows the effect of load 

impedance Z0, on the voltage amplification. It is 

seen that Z0 should be made as large as possible, in 

order to obtain the maximum gain in voltage. The 

increase in amplification is rapid until Z0 becomes 

some 5 or 10 times as large as rP. As Z0 is increased 

beyond that point, however, comparatively little gain 

in amplification is obtained. 
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The four types of interstage couplings that are com- I 

monl> used are transformer coupling, impedance- 

capacity coupling, direct coupling, and resistance- 

capacity coupling. They are illustrated schemati¬ 

cally in Figures 6-a, b, c, and d, respectively. 

Figure 6a represents the essentials of the common j 
transformer coupled audio-frequency amplifier, which ! 

derives its name from the fact that an iron-cored 

transformer is used to couple the plate circuit of 

vacuum tube A to the grid circuit of vacuum tube B. 

The alternating voltage Eg applied to the grid of tube A 

appears in the output circuit as a voltage \iEg in 

series with the internal alternating current impedance 

of the tube rp, and the primary impedance of the ! 

The advantage of the transformer coupled amplifier 

is obviously the effect of n in increasing the amplifica¬ 

tion. The disadvantage, where extreme uniformity 

of response at a wide range of frequencies is necessary, 

as in turbulence measurement, lies in the fact that 

Z0, being the impedance of a circuit consisting essen¬ 

tially of inductance and some resistance, is a function 

of the frequency, varying directly with frequency if 

the resistance is negligible. Since Z0 varies with fre¬ 

quency, so does the amplification according to the 

relation expressed by equation (13). Therefore, if 

uniform response over any range of frequencies is de¬ 

sired, it can be obtained only by making Z0 extremely 

large with respect to rp at the lowest frequency of the 

transformer T. The voltage Eg thus causes an 

alternating current to flow through the transformer 

primary impedance, producing an alternating voltage 

drop Et, across the transformer primary and inducing 

an alternating potential nEt, across the transformer 

secondary, where n is the voltage ratio of the trans¬ 

former, equal to the turns ratio if the input impedance 

of tube B is nonreactive and very high, and the 

transformer is' free from all losses and flux leakage. 

The amplification of tube A and transformer 7 is 

then 

A = VJ±1 pr > 

or n times equation (12); that is, 

njuZp 

rP + Z0 
(13) 

where Z0 is the impedance of the transformer primary. 

desired range. Since this lowest frequency may be 

only a few c. p. s., the practical difficulty in con¬ 

structing a transformer having a large enough im¬ 

pedance for satisfactory operation is very great. A 

further practical difficulty arises from the fact that 

the construction of such a transformer requires a pri¬ 

mary winding of many turns and hence considerable 

distributed capacity. This distributed capacity, in 

conjunction with the capacity between the elements 

of the associated vacuum tubes, forms a parallel tuned 

circuit with the transformer inductance. If the 

resonant frequency of this tuned circuit lies in or near 

the range of frequencies over which the amplifier is 

to be used, the impedance Z0 will be greatly increased 

at and near resonance with consequent nonuniformity 

of amplification. If the transformer is so designed 

that the resonant effect does not occur, the distributed 

capacity will still make itself felt in the form of a 
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marked reduction of impedance, and loss of ampli¬ 

fication at frequencies above a few thousand c. p. s., 

because of its shunting effect on the transformer 

impedance. 

From the above discussion, it is seen that the 

transformer-coupled amplifier experiences consider¬ 

able difficulty in meeting the requirements for a suc¬ 

cessful turbulence measuring instrument. As far as is 

known to us, it is impossible to obtain suitable trans¬ 

formers for such an amplifier. 

The impedance-capacity coupled amplifier of Figure 

6b may be considered as a special case of transformer 

coupling in which the voltage ratio n, is unity. It 

lacks the principal advantage of the transformer 

coupled type, namely, the possibility of amplification 

due to transformer voltage ratios greater than one, 

and possesses the same disadvantages of frequency 

dependence and distributed capacity effects. 

Figure 6c is the basic circuit of the amplifier first 

used at the Bureau of Standards for turbulence 

measurements. (Reference 5.) It is a member of a 

large family of essentially similar amplifiers known as 

direct coupled. The load impedance Z0, is a simple 

nonreactive resistor and therefore independent of 

frequency. Hence, theoretically at least, this type 

of coupling gives uniform action regardless of fre¬ 

quency, and is operable even at zero frequency. 

Practically, this performance is not obtained because 

of the shunting effect of the stray capacities of the 

wiring, and the interelectrode capacities of vacuum 

tubes A and B. These capacities which, as will be 

shown later, may be quite appreciable in magnitude, 

are all in parallel with each other and the load resistor 

R0. Then since the impedance Z0 of the load circuit 

consisting of R0 and Cm parallel is at frequency/, 

Z.--- 1 (14) 

V^2+(27r^2 

it is at once evident that Z0 decreases with increasing 

frequency, and that the amplification factor A is 

A = n- 1 (15) 

^Ro2+(27r/C')2+1 

The amplification decreases with increasing frequency. 

The loss in amplification at high frequencies is seen 

to be a function of the capacity C. Unfortunately, 

the value of C is comparatively large in the direct 

coupled amplifier of the type illustrated because of the 

large capacity to ground of battery b2, which is used to 

maintain the grid of tube B at the proper negative 

potential with respect to the filament. 

In use it was found that the direct-coupled amplifier 

gave uniform response from zero to a few hundred 

c. p. s. only. For this reason, and also because of the 

fact that in the direct-coupled amplifier slight varia¬ 

tion of the voltage of any battery, or the constants 

of any component of the system, caused amplified 

shifting of the grid and plate potentials of all the 

following vacuum tubes, making the amplifier sub¬ 

ject to drifting, and difficult of adjustment, the use of 

the direct coupling was abandoned in favor of resis¬ 

tance-capacity coupling. 

The resistance-capacity method of coupling is illus¬ 

trated by Figure 6d. It differs from the direct 

coupling of Figure 6c only in that a condenser Cc is 

placed in the connection between the plate of vacuum 

tube A and the grid of vacuum tube B, the latter 

being held at the required negative potential by bat¬ 

tery b2 through R2. 
The purpose of the condenser Cc, is to insulate the 

grid of tube B from the positive plate potential of 

tube A, while allowing the amplified alternating voltage 

across the load resistor Rx of tube A to be impressed 

on the grid of tube B. The use of a large grid bat¬ 

tery at a high potential above the filament, such as 

battery b2 of Figure 6c is then unnecessary. By 

doing away with this battery a large portion of the 

shunting capacity which makes the direct-coupled 

amplifier unsuitable for use at frequencies greater 

than 100 or 200 c. p. s., is eliminated with consequent 

improvement in performance. A further advantage 

realized by the use of resistance-capacity coupling, 

in preference to direct coupling, is that the condenser 

Cc, localizes the effect of variation of battery voltages 

to the tube or tubes connected to that battery, thereby 

eliminating the general shift of operating voltages and 

difficulty of adjustment characteristic of direct-coupled 

systems. 

The disadvantage of resistance-capacity coupling is 

that Cc is reactive and therefore its impedance is 

dependent on the frequency. That this disadvantage 

may be obviated by proper design, and in some 

particulars even turned to advantage, may be shown 

from an elementary consideration of the circuit 

theory. 

Neglecting, for the present, the effect of the vacuum- 

tube interelectrode capacities, the load impedance of a 

resistance-capacity coupled amplifier consists of Rx 
(fig. 6d) in parallel with the circuit formed by R2 with 

Cc in series. The alternating grid voltage for vacuum 

tube B is taken from across R2. At low frequencies, 

where the reactance of Cc is large compared to the 

resistance of R2, that part of the alternating voltage 

across Rx which is impressed on the grid of vacuum 

tube B is small, being zero at zero frequency. As the 

frequency is increased the reactance of Cc decreases, 

and when it becomes negligible compared to R2 the 

maximum amplification results. The amplification is 

then independent of frequency and the load impedance 

of tube A is essentially equal to the resistance of R\ 
and R2 in parallel. 

From the above it follows that two items must be 

considered in the design of the coupling circ uit 

namely, Cc must be large so that good amplification 
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may be obtained at low frequencies, and R2 should be 

large in proportion to R\ so that the load impedance of 

vacuum tube A and hence the amplification may be as 

high as possible. 
Unfortunately, the use of a high capacity at Cc and 

a high resistance at R2 also results in a circuit of large 

time constant Cc Rz- If a momentary surge or over¬ 

load of the amplifier causes the grid of tube B to be¬ 

come positive the amplifier will become inoperative, 

or “block” for a length of time equal to that required 

for the positive charge to leak off from Cc through R2. 
The time required for this leakage is proportional to 

the time constant of the coupling circuit. To reduce 

lected in the discussion of coupling condenser and grid 

resistor size. Here it is the magnitude of the unavoid¬ 

able interelectrode capacities, and the somewhat 

avoidable stray capacity between grid, plate, and fila¬ 

ment wiring that controls the performance. 

Figure 7a is the simplified schematic diagram of a 

2-stage resistance-capacity coupled amplifier, with the 

interelectrode capacities shown as dotted lines. Let 

us investigate the effect of these capacities on the 

performance of the amplifier at high frequencies. 

If we assume that the mean grid potentials of 

vacuum tubes A and B are negative so that the grid to 

fi'ament resistances of the tubes are high, and that Eg, 

A 8 

A 8 

this effect to a practical minimum, it is necessary to 

reduce the time constant either by reducing Cc with 

resultant loss of amplification at low frequencies, or by 

reducing R2 with consequent loss of amplification at all 

frequencies. The latter alternative, if employed, 

necessitates-the use of a large number of stages in order 

to obtain the desired amplification, which leads to 

serious practical difficulties. We are therefore forced 

to reduce Cc, fixing its value to obtain a compromise 

between loss of amplification at low frequencies and 

the degree of sluggishness to be tolerated in the 

amplifier. 
The response of a resistance-capacity coupled ampli¬ 

fier to high frequencies is determined by factors neg- 

the applied alternating grid voltage, is small, we may 

represent the circuit of Figure 7a by the equivalent 

net work of Figure 7b. Eg represents a small alter¬ 

nating input voltage; G, P, and F the grid, plate, 

and filament, respectively, connected by the inter¬ 

electrode capacities Cg/, Cgp, and CPf, rP the internal 

alternating-current impedance of the vacuum tube; 

R1 the plate-circuit load resistor; Ge the coupling con¬ 

denser; and R2 the grid-circuit resistor of the following 

tube. The amplifying action of the tube is repre¬ 

sented by the alternating voltage y.Eg, introduced 

into the plate circuit in series with rp. Since the plate 

current increases as the grid becomes more positive 

nEg is in opposite phase to Eg. 
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The exact solution of the network of Figure 7b re¬ 

quires the solution of 17 simultaneous equations and 

will not be given here. The most important effect 

with many types of vacuum tubes is due to the shunt¬ 

ing effect of the network to the right of R2, especially 

to the current flowing in the condenser Ggv'. The volt¬ 

age across this condenser is readily seen to be Eg + E' 
where E' is the voltage across the plate resistor R/ of 

the second tube. In computing E' for an amplifier 

used at audio-frequencies, it is permissible as a first 

approximation to neglect the current flowing through 

Cgp and CPf in comparison with I', since at audio¬ 

frequencies the impedances of the interelectrode ca¬ 

pacities are large compared with the rest of the net¬ 

work. Then, considering the circuit farthest to the 

right, 
J, M Eg' 

r/ + R? 
and 

JT' = T J? • — _ T? t 
L 1 Kl rv' + R^° 

The voltage across the condenser Cop is therefore 

E/ (l + 
Mi?/ 

r' + Rr' 

or since mB/ , ~-r is the voltage amplification A of tube 
rp i 

B, Eg' (1 + At). The current flowing through Cgv' is 

therefore j 2 ir f C0P Eg' (1+H). 
The voltage applied to the network to the right of 

R2 is Eg'. Hence the apparent impedance of the 

condenser Cap is 

(16) 
j2rj (1+A )0{ OP 

or the effect is as if the capacity of this condenser were 

increased by the factor (1+A). 

An exact solution of the network would give a still 

lower shunting impedance because of the effects of 

Cgf, Cpf, Cp/, Cgp, and Cg/. Cp/, Caf, Cp/, and C0f are 

approximately fixed for any conventional assembly 

of commercially available tubes and associated com¬ 

ponents, Cpf + Cg/ being of the order of 30 nnf. With 

Rx = 250,000, a capacity of this magnitude produces a 

one per cent reduction of the effective plate imped¬ 

ance at a frequency of 3,010 cycles per second, account 

being taken of the fact that the shunting current is in 

quadrature with the plate current. With Rx = 
100,000, a 1 per cent reduction occurs at a frequency 

of about 7,540 cycles per second. 

When the effects of (1+H) Cgp are included, we 

find that frequency errors become large at still lower 

frequencies. Consider the two amplifiers which have 

been used at the Bureau of Standards. In the first 

using UX240 tubes with Rx = 100,000 ohms, Cap is 

about 10 /inj and A about 20. The effective shunting 

capacity is 21X10 + 30 = 240 mm/- Appreciable errors 

are introduced at frequencies as low as 900 cycles per 

second. In the second using the UY224 screen-grid 

tubes, with Rx = 250,000 ohms, Cap is only 0.015 

nnj, and A about 80. The effective shunting ca¬ 

pacity is about 80 X. 015 + 30 = 31.2 mjJ. Appreciable 

errors are introduced only above a frequency of 

about 2,860 cycles. 

The calculations given above correspond fairly well 

to the actual performance of the two amplifiers. The 

effect of the shunting capacity is frequently overlooked 

in the design of resistance-capacity coupled amplifiers. 

Another factor having an important effect on the 

performance at high frequencies as illustrated in part 

in the preceding calculations is the relation between 

the shunting capacity and the external plate imped¬ 

ance. If, at a certain high frequency Cs, the shunting 

capacity has 10 times the impedance of Rx, its effect 

will be much less than if, at the same frequency, and 

with the same shunting capacity, Rx is increased until 

its impedance is, say, one-half that of Cs. The effect 

is further complicated in practice because increase in 

Rx will cause increased amplification, according to the 

relation expressed by equation (12), which in turn re¬ 

sults in increased effective shunting capacity, making 

the difference between the impedance of Cs and the 

impedance of Rx still smaller than if Rx alone had been 

increased. The modern practice of using very high 

values of Rx in order to obtain high amplification per 

stage must therefore be avoided if good uniformity of 

response over a wide range of frequencies is necessary. 

Conversely, if unduly low values of Rx are employed, 

in an effort to improve the range of uniform response, 

the amplification per stage will be so reduced' that the 

number of stages necessary to obtain the required 

amplification may become excessive. 

The objection to a large number of stages is two¬ 

fold. First, the difficulty in operation and adjustment 

of the complete amplifier increases much faster than 

the number of stages. Second, the actual improve¬ 

ment in uniformity of response obtained may be of 

slight consequence, even though the performance of 

each individual stage is improved, because the addi¬ 

tion of each similar stage amplifies the nonuniformity 

of the previous stages. For example, if we have a 2- 

stage amplifier giving a voltage gain of 100 per stage 

at some lowT frequency and 50 per stage at 10,000 

c. p. s., the over-all gain of the two stages at the low 

frequency will be 10,000, and at 10,000 c. p. s., 2,500. 

If we then reduce Rx with the object of improved per¬ 

formance, until the voltage gain per stage becomes 10 

at the low frequency and 7.5 at the high frequency of 

10,000 c. p. s., it will be necessary to use four stages 

to obtain the same over-all gain at the low frequency 

as in the previous instance, and the over-all gain at 

10,000 c. p. s. will be 3,160. The over-all performance 

is seen to be improved slightly but not to the same 

extent as the performance of the individual stages, and 

probably not enough to compensate for the operational 

difficulties introduced by the addition of two stages. 
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PART III 

IMPROVEMENTS IN THE BUREAU OF STANDARDS APPARATUS 

The assembly of equipment at the Bureau of Stand¬ 

ards for measurement of turbulence consists of five 

parts: (1) The wire itself; (2) a Wheatstone bridge for 

accurate measurement of the resistance of the wire at 

room temperature; (3) an apparatus with suitable 

switching arrangements for supplying the wire with 

heating current, measuring the heating current, meas¬ 

uring the voltage drop across the wire at various air 

speeds for calibration purposes, and finally transferring 

the fluctuating voltage drop across the wire to the 

amplifier input; (4) a suitable amplifying system, in¬ 

cluding the requisite compensation for the amplitude 

reduction and phase angle lag of the wire; and (5) a 

final measuring instrument. The earlier forms of the 

apparatus are described in references 5 and 6; it is 

assumed that the reader is familiar with them. Those 

references also give in detail the method of calibration 

and the method of computing the magnitude of the 

speed fluctuation. 
THE WIRE 

The wire itself has undergone little modification 

since its first use at the Bureau of Standards. It is 

generally a platinum wire about 0.75 to 1.0 centimeter 

in length and 0.017 millimeter in diameter, electrically 

welded to a suitable mounting. Some of the first hot 

wires were soldered to their mountings but this 

practice was soon abandoned because of the uncertain 

contact between wire and support. The welds joining 

the platinum wire to the prongs of the supports should 

be inspected with a low-power microscope, or a good 

jeweler’s eyeglass. A good uniform weld is easily 

identified. No other kind will be found satisfactory 

It has been found advisable to anneal each new wire, 

before use by passing sufficient current through it to 

cause it to glow a dull red. If the wire is to be used 

tightly stretched, as when working in the boundary 

layer of a flat plate or other body, this annealing 

process should be conducted with the wire tight but 

must not be continued for more than a few minutes. 

Undue prolongation of the annealing of such a wire 

usually leads to a greatly shortened life. The wire 

when heated tends to soften, as is desired, but tension 

tends to stretch and harden it again. If the annealing 

is continued for a long time, the wire becomes con¬ 

siderably' elongated and weakened, breaking soon after 

being put in service. Measurements of the turbulence 

in the free stream of the wind tunnel do not require 

that the wire be under tension; therefore wires for this 

use may be annealed for longer periods without detri¬ 

mental effect on their life. Fifteen to thirty minutes 

is probably quite sufficient for proper annealing. 

Proper annealing tends to reduce the magnitude of 

the changes in the room-temperature resistance of the 

wire which often take place during the course of a set 

of observations. Thus, the accuracy of the data 

obtained is increased and the labor of the computations 

decreased. Since the resistance of the wire is seldom 

the same after a run as before, it is advisable to meas¬ 

ure it carefully immediately before and after completing 

the observations. 

The age of the wire has been found to have an effect 

on the results obtained. In one case the use of a wire 

several months old increased the readings several per 

cent in comparison with those obtained with a new 

wire. This action is believed to be due to some change 

in the character or condition of the surface of the wire, 

perhaps accumulation of dirt, and may not occur 

everywhere. It is believed to be the best policy to 

change the wire frequently and avoid any possibility 

of this effect. 

EQUIPMENT FOR MEASURING MEAN VOLTAGE DROP 

The third item of the equipment, the heating-current 

measurement, control, and voltage-drop measurement 

apparatus, together with the switching circuits, re¬ 

mains the same as that described in previous reports 

(references 5 and 6), except that the mechanical ar¬ 

rangement has been considerably improved, with 

resultant increase in convenience of operation. 

THE AMPLIFIER 

The amplifier has undergone several modifications 

since the publication of references 5 and 6. The 

amplifier described in reference 5 consisted of four 

stages, using UX240 vacuum tubes, direct coupled as 

in Figure 6c, and an output stage consisting of one 

UXI71 vacuum tube. While this arrangement proved 
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usable over the range of frequencies between zero and 

one or two hundred c. p. s., it was subject to drifting, 

and difficult to maintain in the proper operating con¬ 

dition. It sometimes happened that the change in 

calibration of the amplifier during the course of taking 

a set of observations was so great that the observa¬ 

tions had to be discarded. For these reasons the use 

of this amplifier was discontinued and the amplifier 

described in reference 6 was constructed. This am¬ 

plifier differed from the former principally in the use 

of resistance-capacity coupling instead of the original 

direct-coupling system. This change resulted in a 

great improvement in the constancy of performance of 

the apparatus by eliminating the drifting and general 

uncertainty of operation over any extended period of 

time. Furthermore, the range of frequencies over 

In 1930 work was started on an improved amplifier. 

The schematic circuit diagram of the fifth and final 

arrangement (fig. 8) indicates that basically it is the 

same as the amplifier of reference 6. The differences 

are in the details and components employed. 

The first difference of note is the use of the more 

modern UY224 tetrode vacuum tubes in place of the 

earlier UX240 triocles. These tubes have two advan¬ 

tages: First, the voltage amplification factor is much 

higher, permitting a voltage amplification per stage of 

60 to 80 under the conditions of operation existing in 

the present amplifier; second, due to the use of a 

screening, or shielding grid between the control grid 

and plate, the internal capacity between grid and plate 

is reduced from the 10 nnf of the UX240 type to 

0.015 nnf, resulting in a reduction of the total shunting 

Ri. 1,000,000 CO. 
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Rs .... 2,500 co. 
Ri..... 5,000 co. 
Rs. 10,000 CO. 
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Js_Transformer output jack. 
Jx.Input jack. 
Jt.Plate current jack. 
Js_Plate current jack. 
J\_Compensation circuit jack. 
Js_Plate-current jack. 
Js.Meter-output jack. 

Figure 8.—Circuit of audio-frequency amplifier for turbulence measurement 

which uniform response was obtained was sub¬ 

stantially increased, because of the reduction in shunt¬ 

ing capacity effected by dispensing with the large 

grid bias battery. (See b2 of fig. 6c.) The coupling 

capacities used were 2 /i/ mica condensers of high 

quality, and together with the 1 megohm grid re¬ 

sistors formed a coupling circuit having a time constant 

of 2 seconds. This large coupling capacity permitted 

uniform response to frequencies as low as 1 c. p. s. or 

less, but the 2-second time constant caused some 

inconvenience because of the long time required for the 

amplifier to unblock after being subjected to a momen¬ 

tary overload, such as often occurs in the use of the 

apparatus. The tubes employed were the UX240 

type, and the voltage amplification per stage was 

about 20. 

capacity from 240 /xty, to 31.2 with consequent 

increase in the range of uniform response. A further 

improvement in operation resulting from the use of 

the UY224 vacuum tube, with its considerably higher 

voltage amplification is that the number of stages 

exclusive of the output stage has been reduced from 

four to three. This reduction in the number of 

stages, together with the use of stages having superior 

individual performance with respect to uniformity of 

response, results in still greater over-all improvement 

in uniformity. 

In the 4-stage amplifiers of references 5 and 6, con¬ 

trol of the over-all amplification was obtained by means 

of taps on the plate resistor of the first tube and a 

switching arrangement for cutting out one stage. In 

the present 3-stage amplifier the amplification control 
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consists of a greater number of taps on the plate re¬ 

sistor of the first tube, and no provision is made for 

cutting out a stage of amplification. The plate- 

resistor taps are so arranged that each step reduces the 

amplification to half that of the previous step. There 

are 7 such steps in the control and the amplification 

may be varied over a range of 64 to 1. 

Another important modification in the present 

apparatus consists of the substitution of coupling 

condensers of 0.25 nf capacity for those of 2.0 nj 
previously used. This change results in nonuniform¬ 

ity of response at frequencies below 25 c. p. s.,1 but 

increased uniformity of response at the higher fre¬ 

quencies because of the reduced bulk and stray capac¬ 

ity of the condensers. Also, the performance with 

respect to blocking is greatly improved, since with 

1-megohm grid resistors the time constant of the 

coupling circuit has been reduced to 0.25 second from 

the 2.0 seconds of the previous amplifier. 

The input of the earlier amplifiers (references 5 and 

6) was directly to the grid of the first vacuum tube. In 

the present amplifier (fig. 8) this has been changed by 

the insertion in the first grid circuit of a condenser of 

the same capacity as the coupling condensers. This 

change increases the ease of operation by insulating 

the grid of the first vacuum tube from the hot wire as 

far as direct current is concerned, making exact bal¬ 

ancing of the direct current voltage drop across the 

wire less necessary than before. In the previous 

amplifiers any unbalance in the direct current voltage 

drop was transmitted directly to the grid of the first 

tube, changing the grid voltage thereof, and hence 

changing the operating conditions of the tube. In 

the presence of large speed fluctuations, it is difficult 

to obtain exact balance of the direct current voltage 

drop, therefore the use of the condenser input has a 

practical advantage in that it confines any error result¬ 

ing from incorrect balance to the measurement of the 

mean voltage across the wire, avoiding further errors 

due to changes in the condition of operation of the 

amplifier from that for which the calibration was 

made. 

The UXI7I output vacuum tube used in the earlier 

amplifiers has been replaced in the newer equipment 

by the UX245 type. This tube was chosen because 

of its higher transconductance; that is, a greater change 

in plate current for a given change in grid voltage. Since 

the measuring instrument generally used is a current- 

measuring device, this change results in an increase in 

the sensitivity of the output stage of the amplifier. 

Further increase in the sensitivity of this stage has 

been secured by abandoning the use of a potentiometer 

across the balancing battery to adjust the voltage 

necessary to balance out the direct-current potential 

drop across the plate resistor of the output tube. 

This direct-current potential drop must be balanced 

1 The computed error is less than 5 per cent at 10 cycles per second. 

in order that the a. c. milliammeter shall read onlv the 

alternating current, but the use of a potentiometer 

across the balancing battery introduces resistance in 

series with the measuring instrument and reduces the 

sensitivity. In the improved amplifier this effect is 

avoided by choosing a suitable balancing voltage and 

then adjusting the voltage drop across the output tube 

plate resistor until it is equal to the balancing battery 

voltage. The adjustment is made by changing the 

plate and grid voltages of the output tube. Fortu¬ 

nately, it is found that if the balancing-battery voltage 

is 45 volts and the plate voltage 200 volts, proper 

operating conditions are obtained when the plate cur¬ 

rent of the output tube is adjusted to the 30 m. a. 

necessary for balance. 

Vacuum-tube amplifiiers while essentially simple in 

principle, require constant vigilance to insure satisfac¬ 

tory operation. Constancy of calibration is seldom 

attained. It is most closely approximated when con¬ 

stant watch is kept on the voltage of all batteries 

associated with the amplifier. The amplifier must in 

general be calibrated before and after every set of 

observations, and the simplest method is to apply a 

known voltage to the input, under standard condi¬ 

tions, and measure the output current. The amplifier 

used at the Bureau of Standards is provided with a 

5,000-ohm resistor, Ru of Figure 8, in series with the 

compensating circuit, and normally shortcircuited by 

a switch. When it is desired to calibrate the amplifier 

the compensating coil and resistance L and Ru, are 

removed from the circuit and the shortcircuiting switch 

across Rn opened. The amplification control R2 to 

Rz, is then set on the fourth step, a resistance of 2 

ohms placed across the amplifier input, an alternat¬ 

ing current of 2 milliamperes of frequency 500 c. p. s. 

passed through this resistance, and the output current 

read. The output current normally obtained is about 

3 milliamperes with the present amplifier. If the out¬ 

put is found to be below normal the voltage of all 

batteries is checked. If no low voltage is found the 

next step advisable is a check on the operating condi¬ 

tions of each of the three screen-grid tubes. This 

check is made by inserting a milliammeter in each 

plate circuit in turn and noting the plate current. A 

voltmeter and a potentiometer are then connected so 

that a known grid voltage may be applied to each tube 

and a curve of plate current versus grid voltage obtained 

under the conditions of plate and screen-grid voltage 

and plate-resistor resistance existing in that stage. If 

the operating plate current as first measured lies with¬ 

in the straight portion of the curve, the stage is in the 

proper operating condition. If it does not, the trouble 

is localized and the individual components must be 

examined. Since these are few in number the trouble 

is usually easily located. The usual sources of trouble 

are the plate resistor of the stage under consideration 

and the coupling condenser of the preceding stage. 
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Considerable difficulty has been experienced in obtain¬ 

ing suitable plate resistors. It is found that their 

resistance sometimes increases greatly with age, often 

becoming extremely high. If this happens, the oper¬ 

ating conditions in the stage are upset with consequent 

loss of amplification. Less frequently the coupling 

condensers give trouble due to leakage. Any current 

leakage through the coupling condenser flows through 

the grid resistor of the following stage, producing a 

voltage drop tending to make the grid more positive, 

thus disturbing the operating conditions of the tube. 

In extreme cases the grid voltage may be so changed 

that the tube becomes saturated, because of insuffi¬ 

cient negative grid voltage, and altogether ceases to 

amplify. The coupling condenser following the com¬ 

pensation circuit is the one most likely to give trouble 

because it is subjected to almost the full 300 volts of 

the plate battery, whereas the other coupling con¬ 

densers are at a voltage lower than 300 volts by the 

voltage drop through the plate resistors. The use of 

the highest grade condensers available is strongly 

recommended. Infrequently the above examination 

of the defective stage will disclose no faults in the 

components. If this is the case the tube itself is 

probably defective and must be replaced. Faulty 

tubes, however, are quite rare according to our expe¬ 

rience. Some considerable differences may be noticed 

between the characteristics of tubes nominally of the 

same type. This is especially true of the UY224 
tetrodes, but if care is taken to adjust the grid voltage 

to the proper value for best operation they will 

generally be found to give the same performance. 

Another item in the amplifier that sometimes gives 

trouble is the imperfection of wire connections. 

Whenever possible, all connections should be soldered 

with a good rosin flux solder. Acid or paste fluxes 

should never be used because of the corrosion and 

leakage caused by spattering of the flux when heat is 

applied. Those connections, such as switches, jacks, 

and vacuum-tube sockets, which may not be soldered 

must be frequently inspected and cleaned. 

COMPENSATION CIRCUIT 

The arrangement of the compensation circuit has 

been changed slightly from that of the earlier ampli¬ 

fiers. Reference to Figure 8 shows that the compen¬ 

sating inductance and resistance L and Rn, are not 

placed directly in the plate circuit of the vacuum tube 

in series with the plate resistor, as in the previous 

amplifiers, but, together with the one megohm resist¬ 

ance Rio, form a voltage dividing circuit in parallel 

with the plate resistor Rg. This system is essentially 

the same as the earlier one of inserting L and Rn in 

series with Rg so that Rg performs the function of Rl0, 
but offers the advantage that R10 may be made as large 

as desired, with consequent reduction of the phase 

error of the circuit (reference 5), without materially 

affecting the amplification of the tube preceding the 

compensating circuit. In the original arrangement, 

since the plate battery voltage is fixed by practical 

considerations Rg, which also acts as Ri0, may not he 

increased indefinitely without reduction of the ampli¬ 

fication because of the reduction of the plate voltage 

as Rg becomes larger. This reduction in the amplifi¬ 

cation takes place before Rg has become as large as 

might be desired from the standpoint of reducing the 

errors of compensation. 

The compensating inductance L, used in the present 

equipment is the result of extended efforts to improve 

the action of the former coil. Reduction of the 

distributed capacity was the major problem involved, 

and the solution adopted consisted of winding the coil 

in three equal sections separated somewhat and con¬ 

nected in series. The finished coil has a length to 

diameter ratio of about 1.0, an inductance of 10.87 

Figure 9.—Effect of variable condenser across third tube-load resistance on 
compensation 

henrvs, and a resistance of 713 ohms. This coil was 

found to have sufficient distributed capacity to cause 

resonance at 4,000 c. p. s., whereas the coil formerly 

used resonated at 1,500 c. p. s., a considerable improve¬ 

ment even in view of the fact that the inductance of 

the coil is some 5 per cent lower than that of the 

original coil. 

The presence of the resonant frequency in the range 

of frequencies over which measurements were desired 

led to a further modification in the new apparatus not 

found in the old. This modification is the addition of 

the shunting condensers C2 and C3 (fig. 8), across the 

plate resistor of the last tube but one. The purpose 

of these condensers is to introduce a reduction of 

response at the high frequencies to compensate for 

the increase in impedance of the compensating coil at 

and near the resonant frequency. The first condenser 

C2, in series with the variable condenser C3, is merely 
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a protective device. Since the plate current of the 

next to the last tube is 0.001 ampere and the plate 

resistor has a resistance of 250,000 ohms, a voltage 

drop of 250 volts exists across the plate resistor. If 

the plate resistor is accidentally short-circuited, as has 

happened during adjustment when C3 alone was used, 

the grid of the last tube is subjected to a transient 

voltage change of 250 volts, with results that are 

sometimes disastrous. For this reason the condenser 

C2 was inserted in series with C3 to prevent accidental 

short circuiting of C3 from short circuiting the plate 

resistor. 

By careful adjustment of the capacity of the shunt¬ 

ing condenser Cz it was found possible considerably to 

improve the action of the compensating circuit. 

Figure 9 presents the results of tests with two condenser 

settings. The horizontal line of ordinate 1.0 repre¬ 

sents the ideal of uniform response of the hot wire plus 

compensated amplifier. The curve labeled “minimum 

capacity” is the response obtained when the variable 

capacity C3 is set at its minimum value. The curve 

^aa 
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Figure 10.—Frequency characteristic of amplifier alone. In each instance the 
curve is plotted on the basis of maximum output = 1.0. The actual maximum 
output compensated is 121.5 times the uncompensated maximum output 

marked “condensers as used” is the best condition 

obtained as a result of several trial settings of C3. With 

the condenser set at minimum the response is within 

2 per cent of the ideal from 25 c. p. s. to 300 c. p. s., an 

improvement over the previous amplifiers and com¬ 

pensators, but with the condenser set as used, the 

response is within 2 per cent of the ideal from 25 c. p. s. 

to 2,000 c. p. s., a very considerable improvement in 

performance. 

The curves of Figure 7 were made by applying a 

known alternating voltage to the amplifier, measuring 

the output at various frequencies, and multiplying by 

VF-i-IlPc? the amplitude reduction factor of the 

hot wire. Therefore, they represent the combined 

performance of the hot wire and the compensated 

amplifier. Figure 10 shows the performance of the 

amplifier alone; that is, without the effect of the hot 

wire. It is seen that the response of the uncompen¬ 

sated amplifier is within 2 per cent of uniform from 

25 to 3,000 c. p. s. and falls off only 8 per cent at 5,000 

c. p. s. The second curve shows the output of the 

compensated amplifier, plotted relative to 1.0 as the 

maximum, for convenience. Actually the maximum of 

the compensated curve is 122 times the maximum of 

the uncompensated. The compensated curve is seen 

to rise almost uniformly to 4,000 c. p. s. Above 4,000 

c. p. s. it falls again because of the rapidly decreasing 

impedance of the compensating circuit above its 

resonant frequency. 

In Figure 11 the performance of the hot wire, the 

amplifier, and the compensating circuit are summar¬ 

ized. The curve marked “amplifier distortion” is the 

performance of the uncompensated amplifier, as in 

Figure 10; the curve marked “uncompensated” repre¬ 

sents the performance obtained by using the hot wire 

with the uncompensated amplifier, to the same scale; 

and the curve marked “compensated” is the perform¬ 

ance resulting from the combination of hot wire and 

compensated amplifier also to the same scale. The 

“compensated” curve is seen to be within 2 per cent 

Figure II.—Frequency characteristic of amplifier and hot wire 

of the ideal, represented by the ordinate 1.0, from 25 

to 2,000 c. p. s. This is the performance of the ampli¬ 

fier as now used. It is to be especially noted that the 

output of the amplifier does not fall below the ideal 

until 5,000 c. p. s. is reached, thus insuring that any 

high frequencies existing in the turbulent air How will 

make their presence felt in the observations. 

FINAL MEASURING INSTRUMENT 

The fifth section of the measuring assembly, namely, 

the final measuring instrument, remains, in general, 

the 0 to 5 m. a. thermocouple milliammeter used in all 

previous work. Reference to Figure 8 will show that 

it is normally short-circuited by a key or switch. This 

has been found necessary because of the frequency with 

which disturbances large enough to burn out the meter 

occur. It is very essential to avoid making any ad¬ 

justments in the amplifier or associated equipment, or 

even touching any portion of the input circuit, when 

the meter is not shortcircuited. Otherwise, a burned- 

out milliammeter is almost certain to result. As a 
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further precaution, a direct-current milliammeter is 

connected in series with the thermocouple instrument 

to indicate whether or not the balance of the direct- 

current voltage drop across the amplifier output re¬ 

sistor is correct. If this meter does not read zero the 

balance is imperfect and must be adjusted before re¬ 

moving the short-circuit from the thermocouple milli- 

reduce the sensitivity because of the resistance intro¬ 

duced in series with the meter. 

The thermocouple milliammeter has been supple¬ 

mented for some purposes by a General Radio cathode- 

ray oscillograph. The oscillograph is found very use¬ 

ful for visual inspection of the wave form and has been 

used with a moving-film camera for making permanent 

A. Support for the hot wire. 
B. Controls, measuring instruments and switching circuits for pow 
C. Amplifier. 
D. Resistance R of compensating circuit. 
E. Inductance L of compensating circuit. 
F. Direct-current milliammeter. 
G. Thermocouple actuated alternating-current milliammeter. 

Figure 12.—Turbulence-measurir 

ammeter. The direct-current milliammeter is also a 

useful indicator of the magnitude of the slower fluctua¬ 

tions in the turbulence. If the reading of the direct- 

current milliammeter is fluctuating more than one or 

two milliamperes it is unsafe to put the thermocouple 

milliammeter in the circuit. 

We have not been able to find suitable fuses to pro¬ 

tect this meter, which do not at the same time greatly 

supply to the hot wire, and for measurement of mean air speed. 

apparatus (batteries not shown) 

records. It is also useful for checking the performance 

of the amplifier by comparing the shape of an amplified 

sinusoidal voltage wave with the original. The cath¬ 

ode-ray oscillograph may also be used as a visual check 

on the accuracy of the compensation according to the 

method of Ziegler. (Reference 9.) 

Since the output of the main amplifier is insufficient 

to operate the cathode-ray tube from the low levels of 
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turbulence found in the free stream of the wind tunnel, 

an additional stage of amplification is employed. This 

consists of a single RCA247 pentode vacuum tube, 

resistance-capacity coupled to the main amplifier, and 

working into a load resistor of 7,000 ohms, with plate 

and screen-grid voltages of 250 and 200 volts, respec¬ 

tively. Under these conditions the voltage gain of the 

visual observation the time axis is supplied by a re¬ 

volving or rocking mirror, while for permanent records 

the moving-film camera is used. It has been found 

that a film speed of approximately one foot per second 

may be used under the usual conditions of spot bright¬ 

ness and film sensitivity. The film employed to date 

has been regular Eastman negative motion-picture 

1 
i 

8 
l _{ 

A. Audio-fre'iuency oscillator for calibrating and studying the distortion C. Cathode-ray oscillograph tube. 
the amplifier. D. Power-supply unit for cathode-ray oscillograph. 

B. Single-stage amplifier for use with cathode-ray oscillograph. E. Time-axis apparatus for cathode-ray oscillograph. 

Figure 13.—Auxiliary equipment for use with turbulence-measuring apparatus 

stage is about 11 and the permissible grid swing is 

about 22 volts; hence an output peak voltage swing of 

as much as 132 volts may be obtained. One pair of 

the two sets of deflecting plates of the cathode ray 

tube is connected across the output resistor of the 

pentode amplifier through a 1.0nj condenser and the 

cathode-ray beam thus deflected by the alternating 

voltage appearing across the output resistor. For 

film. It is thought that the use of the newer and ex¬ 

tremely sensitive panchromatic films might permit 

higher film speeds. 

The wire mounting, amplifier, etc. (without batter¬ 

ies), are shown in Figure 12, and the audio-frequency 

oscillator, cathode-ray oscillograph tube, and auxiliary 

equipment in Figure 13. 
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PART IV 

EXPERIMENTAL DETERMINATION OF THE FREQUENCY DISTRIBUTION OF THE SPEED 
FLUCTUATIONS 

The question of the frequencies present in the speed 

fluctuations is one of great interest. Knowledge of the 

range of frequencies involved would be of help in the 

design of the compensating circuit, and might throw 

much needed light on the nature of turbulence. 

In 1931 several attempts were made to determine the 

frequencies present in the fluctuations in the free 

stream of the Bureau of Standards 54-inch wind 

tunnel. In the first of these experiments an amplifier 

was used, which passed a narrow band of frequencies, 

the location of which in the audio-frequency spectrum 

could be controlled. It was thought that by means of 

this arrangement it might be possible to compare the 

amplifier outputs at various settings of the band 

circuit and obtain some information regarding the 

distribution of the energy of the fluctuations with 

frequency. 

The amplifier used for this purpose was one of several 

stages of resistance-capacity coupled UY224 vacuum 

tubes preceded by one stage in which the load circuit 

consisted of a fixed inductance L, and a variable 

capacity C, in parallel, instead of the plain resistance 

load used in the following stages. This inductance- 

capacity parallel circuit resonates at a frequency 

^ = 2tr -yJlTd (17) 

neglecting the small effect of the resistance R, of the 

coil having the inductance L. At the resonant fre¬ 

quency the circuit presents an impedance, 

At frequencies much different from that of resonance 

the impedance is very low. Since the inductance- 

capacity circuit acts as the load circuit of the vacuum 

tube with which it is associated, the amplification 

obtained in that tube is given by equation (12) where 

Z0 is the impedance of the inductance-capacity combi¬ 

nation, and the effect of interelectrode capacities is 

neglected. The amplification is very low at all fre- 
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quencies except those at and near the resonant fre¬ 

quency fT. By varying the capacity C, the resonant 

frequency may be shifted as desired, and by connecting 

the amplifier to the hot wire in the usual manner and 

taking output readings at several settings of the 

capacity C, some qualitative information regarding the 

frequency distribution in the speed fluctuation may be 

obtained. Quantitative data is not easily obtained by 

this method for two reasons. First, the amplification 

at resonance depends on the relation between L and 

C, as expressed by equation (18), and since (7is variable 

the amplification will be different for each setting of 

C. The selectivity or sharpness of the resonant circuit 

may be defined as the fractional change in impedance 

for a given change in either C or L at resonance, which 

may in turn be shown to be equal to the ratio of the 

inductive reactance to the resistance of the inductance; 
27r -f j 

that is,-jr-Therefore, the selectivity, or width 

of the band of frequencies amplified, depends on the 

frequency of resonance. 

The first difficulty, that of unequal amplification at 

each of the various capacity settings, may be more or 

less easily remedied by calibrating the amplifier at 

each of the various condenser settings and making 

appropriate corrections to the outputs obtained. 

The second difficulty, that of unequal selectivity of 

the system, is not so easily corrected. The method of 

correction employed consisted of plotting the response 

of the amplifier against frequency for each of the con¬ 

denser settings and measuring the area under the 

curves thus obtained, between certain limits of fre¬ 

quency. These areas were then used as the basis of a 

correction to be applied to the output readings. 

The effectiveness of the highly selective amplifier 

was checked experimentally by introducing a pro¬ 

nounced and definite frequency into the turbulence by 

means of mounting the hot wire in the wake of a 

round rod placed in the wind tunnel with its axis 

perpendicular to the direction of the flow. It was 

found possible to detect the frequency of the eddies 

in the wake of the rod quite easily by properly tuning 
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the inductance-capacity circuit. Furthermore, the fre¬ 

quency measured corresponded closely with the fre¬ 

quency computed from the velocity of flow and diam¬ 

eter of rod according to the well-known relation 

V 
/=0.18 -jy 

When the hot wire was placed in the free stream of 

the wind tunnel no definitely predominant frequency 

or frequencies could be detected, hut by comparing 

the corrected experimental results with theoretical re¬ 

sults predicted on the basis of various arbitrary dis¬ 

tributions of frequency it was concluded that the 

turbulence was mainly of low frequency and the 

energy was probably distributed in some such manner 

as 90 per cent between 25 and 500 c. p. s., and 10 per 

cent between 500 and 1,000 c. p. s. No conclusions 

could be drawn regarding frequencies much below 25 

c. p. s., because the amplifier was inoperative in that 

frequency range. 

The second attempt to determine the frequency dis¬ 

tribution in the turbulence arose from the desire to 

eliminate the effect of the unequal selectivity, and the 

rather unsatisfactory correction for it. Use was made 

of an apparatus for sound analysis developed by 

Theodorsen. (Reference 10.) 

Briefly, the operation of Theodorsen’s apparatus is 

dependent on the fact that the energy loss in an ohmic 

resistance through which a complex current wave flows 

is equal to the sum of the energy losses due to the 

harmonic components of the complex wave, except in 

the case in which there are two components of the 

same frequency in phase with each other, in which 

instance the energy loss is increased by a certain 

amount. Practical use is made of this principle by 

causing the complex wave to flow in a hot wire through 

which an alternating current of sine wave form and 

controllable frequency also flows. When the controlled 

wave is adjusted to the same frequency as that of airy 

component of the complex wave the energy dissipated 

in the hot wire in the form of heat is increased or 

decreased relative to the dissipation due to the sum 

of the component losses, depending on the phase rela¬ 

tionship. The temperature of the hot wire rises or 

falls, resulting in a change in resistance, and therefore 

in the voltage drop, which may be amplified and re¬ 

corded. The principal advantage of this system of 

frequency is its great and uniform selectivity. All 

components of the complex wave are detected with 

equal selectivity and their effects are proportional to 

their amplitudes. 

The successful use of Theodorsen’s apparatus de¬ 

pends on the existence in the complex wave form of 

components constant in frequency; otherwise it would 

be impossible to set the controlled wave to the same 

frequency as the component. 
40768—34-11 

When an attempt was made to analyze the complex 

wave resulting from the amplified and compensated 

effect of the wind-tunnel turbulence on the hot-wire 

anemometer by means of the apparatus described 

above, entirely negative results were obtained. This 

we believe to be due to the absence from the turbulence 

of any components sufficiently constant in frequency 

to be detected by the very selective apparatus. 

The third, and perhaps most definitely successful 

attack on the frequency distribution problem was made 

by the use of a cathode ray oscillograph. Using this 

instrument, with its auxiliary amplifier, on the output 

of the compensated amplifier, moving film records 

were made of the turbulence in the free stream of the 

wind tunnel. The speed of the moving film being 

known, it was possible to count the number of velocity 

fluctuations occurring in a given length of the record 

or, if advisable, to make a harmonic analysis. 

Records were made using a hot wire of 2 mm length, 

in place of the usual 1 cm type, in the hope that the 

shorter wire might exhibit a better response to the 

high frequencies. There is some evidence that the 

physical dimensions of the higher frequency velocity 

fluctuations may be so small as to cause their effect to 

cancel out over the 1 cm length of the longer wire. 

Measurements made with long and short wires alter¬ 

nately indicated very little, if any difference, however, 

in the mean amplitude of the fluctuations. 

The greatest number of maxima found in the moving- 

film records was in every instance between 300 and 400 

per second, including those records made when using 

the 2 mm wire. Since, as shown by Figure 11, the 

performance of the amplifier and compensator is 

entirely adequate for the reproduction of frequencies 

up to 5,000 c. p. s., and the records show no trace of 

reversals of higher frequency than 300 or 400 per 

second, it seems quite permissible to conclude that 

reversals of greater frequency than 400 c. p. s. either 

do not exist in the turbulence or are so small in effect 

as to be unnoticeable, even under the favorable con¬ 

ditions existing in the apparatus. This conclusion is 

in agreement with the qualitative data as to frequency 

distribution derived from the experiments with the 

inductance-capacity tuned selective amplifier. 

Since the fluctuations are not sinusoidal, the repro¬ 

duction of frequencies much higher than the frequency 

of the reversals is necessary correctly to reproduce the 

wave form. 

Unfortunately, because of the limited illumination 

available, and the necessity of using a rather high film 

speed in order to record any high frequencies that 

might exist in the turbulence, the records obtained 

were too faint for satisfactory half-tone reproduction, 

and therefore could not be included in this report. 

They were, how'ever, quite satisfactory for their original 

purpose of supplying data regarding the wave form 

of the fluctuation. 
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WING CHARACTERISTICS AS AFFECTED BY PROTUBERANCES OF SHORT SPAN 
By Eastman X. Jacobs and Albert Sherman 

SUMMARY 
i 

The drag and interference caused by short-span pro¬ 
tuberances from the surface of an airfoil have been in¬ 

vestigated in the N. A. C. A. variable-density wind 
tunnel at a Reynolds Number of approximately 3,100,000, \ 
based on the chord length of the airfoil. The effects of 
variations of the protuberance span length, span position, \ 
and shape were measured by determining how the wing 
characteristics were affected by the addition of the various 
protuberances. 

The results indicate that the central sections of a rec- 
tangular wing are more sensitive to the addition of pro¬ 
tuberances than the outer sections. A very short pro- j 

tuberance in the midspan position may cause a dis- 1 
proportionately large reduction in maximum lift. At 
low values of the lift coefficient the drag due to the protu¬ 
berances increases approximately as the total length for 
protuberances of equal height, but at h igher lift coefficients 
induced interference effects appear so that short-span 
protuberances produce disproportionately large drag 
increases. An example is included to show how airfoil 
theory and a knowledge of the section characteristics may \ 
be applied to estimate induced interference effects. The \ 
adverse effects of protuberances are shown to be greatly 
reduced by simple fairings. 

INTRODUCTION 

The National Advisory Committee for Aeronautics 
is conducting in the variable-density wind tunnel a 
series of fundamental investigations dealing with 
aerodynamic interference. The investigations will, j 

it is hoped, lead to the discovery of the sources of 
adverse interference effects and provide data that may 
be applied to the solution of practical problems of 
design. Some of the investigations deal with the 
effects of protuberances from the surfaces of bodies. 
The data obtained from these investigations are 
applicable to the prediction of the effects of projecting 
objects such as fittings, tubes, wires, rivet heads, 
joints, filler caps, and inspection plates protruding 

from the main surfaces. 
Variations of the height and the chord position of 

protuberances extending along the entire span of an 
airfoil have been investigated to determine how the 
airfoil section characteristics are affected. These re¬ 

sults have been published. (Reference 1.) Tests have 
also been made to investigate the effects of protuber¬ 
ances from the surface of a body of revolution. (Refer¬ 
ence 2.) Because the protuberances found on actual 
airplane wings usually extend over only short portions 
of the span, it is necessary to consider the effects of 
short-span protuberances. The investigation with 
which this report deals was therefore made to study 
the effects of short-span protuberances and to form a 
basis for the practical application of the airfoil section 
data reported in reference 1. 

Most of the present investigation was confined to 

the effects of protuberances of one height at one posi¬ 

tion along the chord of a symmetrical airfoil section. 

The variables considered were the protuberance length 

along the span, position along the span, and the num¬ 

ber and shape of the protuberances. The generality of 

the results was tested by investigating the effects on 

the aerodynamic characteristics of a cambered airfoil 

of protuberances simulating lift or landing-wire fittings 

of a type sometimes found on airplanes. The tests 

were made during March and April, 1932. 

TESTS 

The tests necessary for this investigation were made 
in the N. A. C. A. variable-density wind tunnel at one 
value of the Reynolds Number, approximately 3,100,- 

000. This tunnel and the methods employed for testing 
are described in detail in reference 3. The tests 
herein reported were made in the usual way except 
that the symmetrical airfoil used with most of the tests 
was provided with the special mounting described in 

reference 1. 
For most of the tests a standard 5 by 30 inch dura¬ 

lumin airfoil having the symmetrical N. A. C. A. 0012 

section (reference 1) was used. This airfoil was 

tested with different protuberance arrangements in 

order to determine the effects of varying the protu¬ 

berance span length, span position, and shape. The 

various protuberances were of one height, 0.012.5c, 

and were placed on the upper surface of the airfoil at 

the single position on the profile shown in Figure 1, 

0.05 of the chord behind the leading edge. A strip of 

metal to form the protuberances was placed in the 

slot shown in Figure 1, which extended along the 
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entire span Of the airfoil. The portions of the strip 

which were not needed to form protuberances were 

carefully filed to the airfoil surface and polished to 

present a continuous smooth surface. Protuberances 

having various lengths were thus formed at the mid- 

span position by progressively filing off the ends of the 

Protuberance 0.0/25c high, 0.05 c behind leading edge 

Sec tion A -A j£d—=.— -) 
_/ 

Fairing of 0.0/ b protuberance "--( 

Figure 1.—N. A. C. A. 0012 profile showing protuberances 

remaining protuberance. The airfoil was also tested 

with short protuberances placed at positions along the 

span corresponding approximately to those of the 

interplane struts on single-bay and two-bay biplanes. 

The protuberances that will be referred to as faired 

protuberances were produced, as indicated in Figure 

1, by forming over the protuberance a plaster-of-Paris ) 

RESULTS 

The results are presented in the form of curves of 

lift coefficient CL, drag coefficient CD, and moment 

coefficient about a point on the chord one-quarter of 

dr0.003/P5c 

Outer-bay fitting Inner-bay fitting 

Front e/e vation 
showing fittings 

Figure 2.—Fitting arrangements on N. A. C. A. 4412 airfoil 

5 6- 

the chord behind the leading edge Cmc/4 plotted 

against angle of attack. These results, which are 

corrected for tunnel-wall effects (reference 3), thus 

represent the characteristics of an airfoil of aspect 

ratio 6. Curves are also given representing the effee- 

fairing, the cross section of which approximated a 

small half-airfoil section on the surface of the main 

airfoil. 

Two tests were also included of an N. A. C. A. 

4412 airfoil with protuberances simulating the inter- 

plane wire fittings sometimes found on single and two 

bay biplanes. These protuberances and their arrange¬ 

ment on the airfoil are shown in Figure 2. 

tive profile-drag coefficient CDo plotted against the lift 

coefficient CL. The effective profile-drag coefficient is 

that obtained by deducting from the total drag coeffi¬ 

cient the usual induced-drag coefficient of a rectangular 

airfoil of aspect ratio 6. (Reference 3.) The effective 

profile drag therefore includes any additional induced 

drag due to the protuberance over that of a plain rec¬ 

tangular airfoil operating at the same lift coefficient. 
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DISCUSSION 

Protuberance length.—The results obtained by 

varying the protuberance length are shown in Figure 3. 

The characteristics of the airfoil with midspan pro¬ 

tuberances of various lengths between one-tenth span 

(0.106) and five one-thousandths span (0.0056) are 

compared in this figure with the characteristics of the 

plain airfoil and the characteristics of the airfoil having j 

the full-span protuberance, taken from reference 1. 

The variation of drag and maximum lift with protu¬ 

berance length, however, is shown more advanta¬ 

geously in Figure 4 where the effective profile-drag 

coefficients, corresponding to various angles of attack, 

and the maximum lift coefficient are plotted against 

protuberance length. 

Referring to the curve in Figure 4 representing the 

variation of the maximum lift coefficient with protu¬ 

berance length, it will be seen that as the protuberance 

length is increased from zero the maximum lift at first 

drops very sharply, then at an approximately constant 

rate. Apparently, a protuberance of length 0.016 is 

sufficiently large to disturb the entire flow over the 

central portion of the airfoil at large angles of attack. 

The curves of effective profile-drag coefficient in 

Figure 4 indicate that at the small angles of attack 

which correspond to the small lift coefficients the 

additional drag due to the protuberance is approxi¬ 

mately proportional to the protuberance length. The 

effect of a short-span protuberance on the drag of a 

wing at very low lift coefficients may therefore be 

approximated from the section characteristics of an 

airfoil with a full-span protuberance. At higher angles 

of attack corresponding to higher lift coefficients, 

however, the moderately short protuberances produce 

disproportionately large adverse effects. These effects 

may be attributed in part to an additional drag re¬ 

sulting from induced interference. The increase in 

induced drag caused by the protuberance over that of 

a plain rectangular airfoil appears on the plot as an 

increased effective profile drag. 

Induced interference.—Short-span protuberances 

that reduce the lift coefficients of the airfoil sections 

near the center of a rectangular wing tend to increase 

the departure from the elliptical span load distribution, 

and thus to increase the induced drag. This effect is 

said to be due to induced interference. If the aero¬ 

dynamic characteristics of all the sections of a wing 

are known, airfoil theory may be applied to estimate 

its span load distribution, and hence the induced 

interference drag. 

The span load distribution for a wing having a short- 

span protuberance may be approximated as follows: 

For a given angle of attack of the wing, a more or less 

arbitrary curve is drawn representing a span load 

distribution that is thought to approximate the true 

one. From this assumed span load distribution, the 

downwash is found at a number of stations along the 

span. The effective angle of attack at each station is 

then obtained as the difference between the geometric 

angle of attack at the station and the downwash angle. 

From the effective angle of attack at each station and 

the experimentally determined airfoil section character¬ 

istics for the section at that station, the lift coefficient 

for the section at each station is obtained. A check 

span load distribution is thus derived, from which, 

Figure 4.—Variation of lift and drag with protuberance length 

together with the span load distribution curve orig¬ 

inally assumed, a more nearly accurate span load 

distribution curve may be estimated. Thus, a curve 

approximating the actual span load distribution may 

be determined, as shown in Figure 5, by continuing the 

process through successive approximations until a 

check distribution is reached that agrees with the 

assumed curve from which it was derived. 

Figure 5 illustrates the application of this method 

to the approximation of the span load distribution for 

the N. A. C. A. 0012 airfoil with the 0.106 protuberance 

in the midspan position for an angle of attack of 15°. 

Figure 6 shows some of the results. 
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In the derivation of the check span load distribution, | 

the following equation for the downwash wx at any 

station yx was used: 

d K, 
1 fs-r- ay 

Wl = Tir (Reference 4) 

where K is the circulation at any point along the span, : 

y is the distance of any point out from the center line 

along the span, and s is the length of the semispan. 

This equation was put in a more convenient form by 

Figure 5.—Approximation of span load distribution for a wing with 0.10b 

protuberance at midspan position, a = 15° 

c 
substituting cV for K where c is the chord length 

and T" is the frec-stream velocity, thus: 

w 
V 

d CL 
f8 dy ' 

7 Stt )-f7TZ 

d y 

yi-y 

dCZ 

d y 
However, because - approaches infinity as y ap¬ 

proaches ylt y was determined by expanding the equa¬ 

tion for the downwash to the more useful form: 

where A is a small distance as compared with the span. 

The first two terms were integrated graphically. The 

third term resulted from evaluating 

after expressing the span load distribution between the 

limits yx — A and yx + A by the equation CL = a + by + cy2, 

the constants a, b, and c being expressed in terms of the 

slopes of the span load distribution curve at y = yx — A 

and y = yx + A. 

Difficulties resulting from uncertainty in regard to 

the exact form of the loading curve along the portions 

of the span near the ends of the protuberance were 

avoided by calculating independently the downflow 

resulting from those portions of the lift grading curve. 

The downflow resulting from each small portion of the 

curve between y = h — A and y — h + A, where h is the 

value of y at the ends of the protuberance, was 

evaluated approximately by considering the downflow 

to be induced by a finite vortex at y = h, the strength 

of which is the difference between the vorticity at 

y — h — A and y = h-f A. This part of the downflow at 

the station yx due to each vortex is then given by 

WX_ C ~ 

V 8tt h — yx 

When working through the successive approxima¬ 

tions shown in Figure 5, the method was found to 

require some care and judgment in order to converge 

rapidly to an acceptable solution. The judgment was 

required for the estimation of each succeeding approxi¬ 

mate loading curve from considerations of the character 

of the preceding loading curve and its check distribu¬ 

tion. It was noticed, in developing tliis method, that 

the use of the check distribution as the succeeding 

approximation might lead to successively divergent 

loading curves. 

From the span load distribution, the lift coefficient 

CL and the induced-drag coefficient CDl were calculated 

from the following equations (reference 4): 

c^h$'-,Ci-Ay 
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The value of CL calculated for this example was 0.97 

as compared with the test value of 0.91, the discrepancy 

being 7 per cent. 

The calculated CDi was 0.0670, which corresponds 

to an increase of 26 per cent over that of the wing 

without a protuberance at the same lift coefficient. 

The total drag coefficient of the wing was calculated 

as follows: The average values of effective angle of 

attack for the portions of the wing with and without 

the protuberance were found from Figure 6(c) to be 

20.5° and 9.9°, respectively. At these effective angles 

of attack, the profile-drag coefficients for the corre¬ 

sponding airfoil sections were read from the section 

characteristics in reference 1. They were 0.296 and 

0.0125, respectively. They were each multiplied by 

the portions of the span their corresponding profiles 

occupied (0.1 and 0.9) and added to the calculated 

induced-drag coefficient to obtain the total calculated 

drag coefficient. The value obtained was 0.108, 

which was 14 per cent low as compared with the test 

value of 0.1250. 

The differences between the calculated and the exper¬ 

imentally determined values may be due in part to 

the fact that the section characteristics used in the 

computations are average section characteristics de¬ 

rived from tests of rectangular airfoils of normal aspect 

ratio and not true infinite aspect ratio characteristics. 

Such calculations may be of value, nevertheless, in con¬ 

nection with the interpretation of experimental results, 

and should also be of assistance in predicting certain 

interference effects. 

Protuberance arrangements.—The results of the 

tests of the airfoil with the short protuberances at 

various positions along the span are presented in Fig¬ 

ures 7 and 8. It is evident from the lift curves that 

protuberances distributed along the span away from 

the center have a smaller adverse effect on the maxi¬ 

mum lift than a protuberance of the same total length 

at center span. The greater effect of the protuberance 

at the center might be expected, because the central 

sections of a rectangular airfoil near maximum lift 

operate at higher effective angles of attack than the 

outer sections. Protuberances near the center there¬ 

fore tend to start the burble at a lower angle of attack. 

Considering now the effects of the distributed pro¬ 

tuberances on the drag in the range of the lift coefficient 

corresponding to high-speed flight, the results of 

Figures 7 and 8 indicate that the additional drag due 

to the protuberances depends approximately directly 

on their total length. Although this agrees with the 

results of Figure 4, from which it was concluded that 

the additional drag was proportional to the protuber¬ 

ance length, it should be mentioned here that all the 

results tend to indicate that at very low lift coefficients 

protuberances of length 0.016 or less may produce rela¬ 

tively larger than proportional adverse effects. II 

very short protuberances do produce serious disturbing 

effects, such objects as small protruding rivet heads on 

an airplane wing might be expected to reduce sub¬ 

stantially the performance of the airplane. Full-scale 

tests should therefore be made to investigate the effects 

of a large number of such short-span protuberances. 

The effect of the distributed protuberances on the 

drag at higher values of the lift coefficient might be 

estimated by applying the airfoil theory previously 

described as applied to a midspan protuberance. 

Experimental results (figs. 7 and 8) indicate, as might 

be expected, that the distributed protuberances do not 

increase the drag at higher lifts as much as a single 

protuberance of the same total length at the center of 

the airfoil. 

Figure 6— Results of interference calculated fora wing with 0.10b protuber¬ 
ance at midspan position, a = 15° 

Practical applications.—From practical considera¬ 

tions, it is desirable to know whether or not the adverse 

effects of protuberances may be eliminated by fairing 

them into the wing surface, and if the effects of actual 

protuberances can be predicted from the results of tests 

of these simplified protuberances. The results shown 

in Figure 8 indicate that the adverse effects of short- 

span protuberances may be largely eliminated within 

the working range of angles of attack by applying sim¬ 

ple fairings as shown in Figure 1. The maximum lift 

of the airfoil with the faired protuberances, however, 

was not so high as that of the plain airfoil. The results 

in reference 1, dealing with the fairing of full-span 

protuberances, indicated that the adverse effect of a 
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protuberance on maximum lift was practically elimi¬ 

nated by a simple fairing unless the protuberance was 

very near the leading edge. In all probability, there¬ 

fore, fairings over short-span protuberances from posi¬ 

tions on the wing near or behind the front-spar position 

would also eliminate any adverse effects on the maxi¬ 

mum lift coefficient. 

The applicability of the results to a practical in¬ 

stance of a wing with protuberances was investigated 

by testing an airfoil having the N. A. C. A. 4412 

section with protuberances simulating lift or landing- 

wire fittings. (Fig. 2.) The results of these tests are 

presented in Figure 9. They indicate that within the 

usual flying range of lift coefficients, the protuberances 

coefficient is found to be 0.0366. Then if the fittings 

are considered as occupying the portions of the span 

between the extremities of each projection, the portion 

of the span occupied by the two outer-bay fittings is 

0.0196, and by the outer-bay and inner-bay fittings is 

0.0566. Then applying the conclusion that the effect 

of short-span protuberances at low lifts is proportional 

to the total length of the protuberances, the increase 

in drag coefficient resulting from the two outer-bay 

protuberances is found to be 0.0007, and for the outer 

and inner-bay protuberances, 0.0020. The agreement 

between these predicted drag increases and those 

shown by the test results in Figure 9, 0.0008 and 

0.0020, respectively, is good. 
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produce no marked loss of lift and therefore no marked 

induced interference, although at very high lifts the 

inner-bay fittings do show an effect on the lift. The 

drag curve then shows a definite interference-drag 

effect. The effect of protuberances on the drag of a 

wing, from the practical designer’s standpoint, is of 

greatest importance in the high-speed range of lift 

coefficients where the induced interference effects may 

be neglected. In this range, the drag due to the fittings 

would be approximated as follows: The increase in 

profile drag due to a protuberance of equivalent 

height, and at the same position along the chord as the 

fittings (0.15c behind the leading edge), is taken from 

the section characteristics of reference 1. If the 

equivalent height of the fitting is taken as 0.0125c 

(the average height is 0.0124c) and a value of the lift 

coefficient of 0.2 is assumed, the increase in profile-drag 

CONCLUSIONS 

1. At low values of the lift coefficient corresponding 

to the high-speed flight condition, the effect on drag 

of partial-span protuberances is approximately pro¬ 

portional to their total length. This conclusion, 

however, may not apply to a large number of very 

small protuberances, such as rivet heads, on an 

airplane wing. Full-scale tests should be made to 

investigate the effects of a multiplicity of small 

protuberances. 
2. At higher values of the lift coefficient induced inter¬ 

ference effects may become important if the protuber¬ 

ance is of the type that alters the airfoil section lift. 

Under these conditions short-span protuberances may 

produce disproportionately large effects, which for 

rectangular wings are greatest when the disturbing 

protuberances are near the midspan position. 
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3. Small protuberances near the midspan position 

may produce serious adverse effects on the maximum 

lift coefficient. 

4. A simple failing over a small protuberance prac¬ 

tically eliminates its adverse effects. 

Langley Memorial Aeronautical Laboratory, 

National Advisory Committee for Aeronautics, 

Langley Field, Va., October 24, 1932. 
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THE CALCULATION OF TAKE-OFF RUN 

By Walter S. Diehl 

SUMMARY 

A comparatively simple method of calculating length 

of take-off run is developed from the assumption oj a 
linear variation in net accelerating force with air speed 
and it is shown that the error involved is negligible. 

The run formula is reduced to 

a KsVs2 m 
Where Vs is the take-off speed, T\ is the initial net 
accelerating force, W is the gross weight and Ks a coeffi¬ 
cient depending only on the ratio of initial to final net 
accelerating force. Detailed instructions are given for 
application of the formula and for the calculation of all 

factors involved. 
INTRODUCTION 

Exact calculations may be made for the distance 

run during the take-off of a landplane if sufficient data 

are available on propeller, engine, and airplane char¬ 

acteristics, and if some assumption is made regarding 

the pilot’s technique. The calculations are neces¬ 

sarily laborious since the relations are such that step- 

by-step integration is required. In most cases lack of 

exact data on power plant and airplane prevents an 

exact calculation even if such were desired, while for 

all practical purposes a close approximation is all that 

is needed. 
A number of formulas and methods have been pro¬ 

posed and used extensively in the past for calculating 

take-off runs. Most of these methods are based on 

average thrusts obtainable with the power plants 

formerly in use, and under favorable conditions gave 

satisfactory results. However, the advent of high 

performance has brought about changes in propeller 

design, for example, that greatly affect the take-off 

run so that a complete revision is required to accom¬ 

modate the new variables. 
The present study is concerned with the develop¬ 

ment of a method suitable for routine take-off calcula¬ 

tions in the Bureau of Aeronautics of the Navy 

Department. Such a method, to be satisfactory, was 

required to be reasonably simple without neglecting 

any important variable. The method derived in this 

or has been in use long enough to justify consider¬ 

able confidence in its validity. All attempts to obtain 

a more simple method have resulted in unsatisfactory 

reliability. While the method here presented is in¬ 

tended as a practical approximation to a difficult 

problem, it is highly probable that greater accuracy 

would have no significance in view of lack of definite 

knowledge regarding basic data. 

Unless otherwise specified the take-off run is to be 

the run required to attain a given air speed in a calm; 

lb.-ft.-sec. units will be used. 

GENERAL CALCULATION OF TAKE-OFF RUN 

The major forces acting on the airplane during take- 

i off are thrust, air drag, and friction drag. In the 

simplest case, at constant angle of attack, the air drag 

i will vary as the square of the air speed and the friction 

| drag will vary with the load on the wheels. The net 

accelerating force will then be the difference between 

the thrust and the total drag as indicated on Figure 1. 

For convenience, the forces may be reduced to unit 

values by dividing each by the gross weight. 

In general the take-off may be considered to consist 

of three stages: A short initial period during which the 

i tail is raised to normal position, a relatively long 

163 
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period of acceleration at a substantially constant 
angle of attack and a short period during which the 
angle is increased for take-off. It is possible for the 
third stage to be partially or wholly suppressed, de¬ 
pending on the airplane characteristics and pilot’s 
efforts. If a definite sequence be assumed, the corre¬ 
sponding curves for air drag and friction drag may be 
determined. The variation of thrust with air speed 
may be calculated from engine and propeller test data. 
The normal tendency is for the thrust to decrease 
slightly with increase in speed and with a substantially 
linear relation, as indicated on Figure 1. In some 
cases, however, the thrust may remain constant, or 
even increase with air speed. 

Assuming that the thrust and the drag are known as 
a function of air speed, the calculation of take-off run 
is made as illustrated by Figure 2 and Table I. The 

Air and ground speed, ft/sec. . V 

Figure 2 

spacing between the ordinates. It is usually given in 
the form 

A= O&/1 + 2/2 + S/3 .... y2yn) AA" 

where Tq, y2, y3 .... yn are the ordinates of the curve 
equally spaced at the distance AX apart. 

EQUATION FOR TAKE-OFF RUN 

An extended analysis of calculated take-off runs in 
comparison with observed runs leads to the following 
conclusions: 

1. The effects of thrust variation, gross weight, take¬ 
off air speed, and wind speed predominate to 
such an extent that in practice all other vari¬ 
ables may be neglected. 

2. The effect of normal variations in power is so 
great that considerable latitude is allowable in 
simplifying assumptions. 

curve of net accelerating force F/W in Figure 2 is the 
same as that in Figure 1. The acceleration is given by 

(1) a = ^W 

c. T7 dS , dV 
Since V= and a= -y- 

d t df 

V 
a 

d S 
dV’ 

(2) 

V 
if — is plotted against V as in Figure 2 the area under 

a 
the curve is proportional to the run S. This area may 
be found by any convenient method, such as by a 
planimeter, the trapezoidal rule or Simpson’s rule. 
The trapezoidal rule used in Table I is ordinarily the 
simplest method. By this method the area under a 
curve, between any number of equally spaced ordi¬ 
nates, is equal to the product of the sum of the inside 
ordinates plus one-half of the end ordinates, by the 

3. The effect of thrust variation from the static con¬ 
dition to take-off is of such primary importance 
that proper allowance must be made for the 
propeller characteristics. 

4. The effects of wind speed and actual take-off 
speed are best handled in the form of correc¬ 
tions to the run required to attain stalling speed 
in a calm. 

The most promising method of simplifying the calcu¬ 
lations appears to be in the assumption that the net 
accelerating force varies linearly with air speed as 
indicated on Figure 3. The calculations of Table II, 
based on this assumption, shows a run of 448.8 feet, 
as compared with 439.3 feet obtained in Table I. 
This is an error of less than 2.2 per cent, for what may 
be considered an average case. Such an error is 
entirely negligible in comparison with the uncertainty 
in power or propeller characteristics, and the variation 
in piloting. 
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With the assumption of a linear variation in net 

accelerating force the relations are as shown on Figure 

3. The thrust per pound varies from T0/W at the 

start, T0 being the static thrust, to TJW at take-off, 

Tc being the thrust at take-off speed V. The total 

drag per unit weight varies from n=f/W at the start to 

= £ at the take off. The net accelerating 

force per unit weight at the start is 

w w M 
The net accelerating force at take-off is 

(3) 

Tf 
W 

T, 
W 

D 
L (4) 

Since the net accelerating force varies linearly with air 

speed it follows that 

F 
W 

L 
w 1 -K 

V 
Vs (5) 

where (1 —K) is the ratio of the final to the initial 

accelerating force. That is, 

{\-K)=^ovK 
Tx - Tf 

Tx 

The resulting equation of motion is 

dV_ F _ Tif, „V\ 
dt 9w %7v KvJ 

or 

i'-xv) 
Integrating this gives 

S 

VdV 
rV\~%rd,S 

(6) 

(7) 

9\wJ 
-4 (8) 

For take-off at speed Vs equation (8) reduces to 

(9) 

gw 
The term within the brackets on the right hand 

side of equation (9) depends only on the ratio of the 

final net thrust to the initial net thrust Tf/Ti. 
Hence we may write 

K. V,2 S0= 

m 
(10) 

where S0 is the total run to attain the speed V, in a calm 

and ^4[4i4log(i~-K))]' 
Calculated values of Ks are given in Table III and 

plotted on Figure 4. 

In order to use equation (10), the static thrust and 

the thrust at take-off speed must be known. Methods 

for calculating the thrust will be given. 

TIME REQUIRED FOR TAKE-OFF 

In some cases the time required for take-off is of 

importance. This may be obtained from equation (6) 

written in the form 

dV 

l~Kv. 

T 
(6a) 

Figure 4.—Take-off run in a calm 

a.. 5,-% 

U, = take-oIT air speed-ft./sec 
7’0=static thrust—pounds. 
W=gross weight—pounds. 

m coefficient of traction. 

from which, by integration 

-V. 
i 'Tx\los\l KVS 0-4) (ii) 

gK\Wy 

For time to take-off speed V— Vs, this becomes 

t- -=^r[j.log(l-K)] (12) 

w) g ( 
As in equation (9), the term in the brackets depends 

onlv on the ratio of the net thrusts. Hence 

t0 = 
Kt Vs 

Ty 
W 

(13) 
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where t is the time in seconds to attain the take-ofl' INITIAL NET ACCELERATING FORCE 

Ratio, 

Final net thrust 

Initial ne t thrust 
7> 
T, 

Figure 5.—Coefficient for time to take-off 
Kt V, 

tsec — 

Figure 6.—Static thrust coefficient 

Calculations for Kt are given in Table III and Kt is 

plotted as a function of the ratio TF!TX on Figure 5. 

The initial net accelerating force per unit weight is 

defined by equation (3) 

w~ w M (3) 
In reference 4 it is shown that the static thrust may 

be calculated by the equation 

_KToX b. hp 

0 r. p. m.XD 

The static thrust coefficient KTo may be plotted as 

a function of blade angle at 0.75 R as in Figure 6. 

+3,------------ 

Propeller diameter, ft. 

Figure 7.—Correction for obtaining blade angle at 0.75 radius from blade 
setting at 42" station. Positive (+) values of A0to be added to setting 
at 42" station, negative (—) values to be subtracted, to get blade angle 
at 0.75 radius. 

Example: For 10 ft. dia. prop. 
A0= —0.9° 

00.75 R= 042" — .9° 

Since it is common practice to adjust or read the blade 

angle at a given station regardless of the propeller 

diameter, a correction must be applied to obtain the 

setting at 0.75 R. Figure 7 gives the correction 

; Ad to convert the blade angle at the 42-inch station to 

the corresponding value at 0.75 R. The 42-inch 

station is 75 per cent of 56 inches, so that the correc¬ 

tion is zero for a diameter of 9 feet 4 inches. For 

diameters less than 9.33 feet the 0.75 R station will 

therefore lie inboard of the 42-inch station and con¬ 

sequently will have greater blade angles, i. e., Ad is 

positive. For diameters greater than 9.33 feet the 

0.75 R station blade setting will be less than at the 

42-inch station, i. e., Ad is negative. 
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KTo may also t>e plotted against the VjnD for 

maximum efficiency as in Figure 8. In design studies 

it is problably more convenient to use V/nD than 

blade angle. Under normal conditions the two 

methods give identical results, but in general the 

blade angle is slightly preferable owing to the practice 

of setting the pitch instead of changing diameter to 

obtain the desired revolutions. 

The coefficient of traction n must be selected accord¬ 

ing to ground conditions. It varies from about 0.02 

for a smooth surface such as a concrete runway or a 

flight deck to as much as 0.30 for a sandy surface. In 

the absence of exact data, the following values may 

be used: 

Smooth deck or hard surface-m=0- 02 
Good field, hard turf-/u = 0. 04 
Average field, short grass-m=0. 05 
Average field, long grass-m = 0. 10 
Soft ground, gravel or sand-m=0. 10 to 0. 30 
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V/nD for maximum efficiency 

Figure 8.—Static thrust coefficient 

1.40 

FINAL NET ACCELERATING FORCE 

The final net accelerating force per unit weight is 

defined by equation (4) 

W~~W L K } 

where Tv is the thrust at take-off speed and D/L is 

the ratio of drag to lift. 
Tt may be obtained from the thrust horsepower at 

take-off speed Us by the use of Figure 9, which is a plot 

of t.hp/t.hpTO against V/Vm. The thrust horsepower 

at take-off speed is the product of the maximum t.hp 

by the ratio t.hp/t.hpm from the curve, or 

t.hp = t.bPmx 1-2- 

The corresponding thrust is given by 

550 t.hp 

V,.p.s. 

(15) 

(16) 

The value of D/L may be taken as the reciprocal of 
the maximum value of L/D for the airplane, which is 
usually known. Figure 10 is a plot of (.L/D)max as a 
function of aspect ratio and total parasite coefficient 

CDPo for use in estimating (L/D)max- The total 
parasite coefficient VdPo includes the wing profile 

drag. 
EFFECT OF WIND ON TAKE-OFF RUN 

While the effect of wind may be obtained directly 
from the integrated equations of motion, it is always 
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more convenient to apply a correction to the run in a 

calm. Analysis of a series of take-off runs under 

various assumed conditions shows that a single curve 

(fig. 11) is sufficient to give the correction factor. 

In Figure 11 the ratio of the run Slc in a wind V„ to 

the run S0 in a calm is plotted against the ratio of 

wind speed Vw to the take-off speed V3. When the 

run in a calm is known, the run in any wind is 

S„ = S„x§r (17) 

the value of SJS0 being read from Figure 11 for 

the value of VJV, corresponding to the desired Vw. 

EFFECT OF CHANGES IN WEIGHT AND TAKE-OFF 
SPEED 

The effect of a change in weight is to change both 

the take-off coefficient Ks and the take-off speed Vs. 
Since W/Vs2 is assumed constant 

where F is a correction factor to allow for the varia¬ 

tion in Ks. Figure 12 gives F as a function of kC/IF* 

and TpjTi. It will be noted that lor small changes 

in weight (± 25 per cent) and for normal values of 

TFlIT, (i. e., 0.60 to 1.00) the value of F may be taken 

as unity for most purposes, the average error probably 

being of the order of 3 per cent. 

When the stalling speed is varied, with weight held 
constant, there will be a slight change in the ratio 
TF/Tr and a corresponding change in Ks. In general 
these changes are negligible so that for all practical 

purposes 

INSTRUCTIONS FOR CALCULATION OF TAKE-OFF RUN 

In general the use of equation (10) requires the 

following steps: 

1. Obtain the static thrust coefficient KrQ from Fig¬ 

ure 6 or Figure 8 and calculate the static thrust 

T0 using equation (14); 

2. Divide the static thrust by the gross weight, and 

subtract the proper value of the coefficient of 

traction n to obtain the initial net accelerating 

force per unit weight 
T, 
W 

(equation (3)); 

3. Calculate the thrust available at take-off speed 
Tv using the method described above, equa¬ 

tions (15) and (16) with Figure 9, and divide 

T„ by the gross weight; 

4. Calculate or estimate the maximum LjD of the 

airplane (using Figure 10, if necessary) and 

subtract the reciprocal from TJW to obtain the 

final net accelerating force per unit weight 

Tf/W (equation (4)); 

5. Take the ratio of TF/Tr and read the correspond¬ 

ing value of the take-off coefficient Ks from 

Figure 4. 

6. Calculate the take-off run in a calm, using this 

value of Ks with equation (10); 

7. Apply corrections as required; for wind using 

equation (17) with Figure 11, or for a different 

gross weight using equation (18) with Figure 

12. 

An example of a calculation for take-off run, showing 

method of tabulating work, is given in Table IV. 
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TABLE I 

CALCULATED TAKE-OFF RUN USING NET ACCEL¬ 

ERATING FORCE SHOWN ON FIGURE 2 

TABLE II 

CALCULATED TAKE-OFF RUN USING ASSUMED 

LINEAR NET ACCELERATING FORCE SHOWN ON 

FIGURE 3 

Air speed 
V 

ft. /sec. 

Net ac¬ 
celerat¬ 
ing force 

F 
W 

Acceler¬ 
ation 

a 

ft./sec.2 

II 

1 

*(t) 

Distance 
run 
S 

ft. 

0 0.450 14. 48 0 0 0 
10 .435 13.98 0.71 0.35 3.5 
20 .420 13.50 1. 48 1.45 14.5 
30 . 405 13.02 2.30 3. 34 33.4 
40 .390 12. 55 3.19 6.08 60.8 
50 .375 12.06 4.14 9. 75 97.5 
60 .360 11.59 5.18 14.41 144.1 
70 .345 11.10 6.30 20.15 201.5 
80 .330 10. 62 7.53 27.06 270.6 
90 .315 10.13 8.88 35.27 352.7 

100 .300 9.65 10.35 44.88 448.8 

Air speed 
V 

ft./sec. 

Net ac¬ 
celerating 

force 
F 
W 

Acceler¬ 
ation 

a 

ft./sec.2 

V 
a 
dS 
d V 

Distance 
run 
S 

ft. 

0 0. 4500 14.48 0 0 0 
10 .4395 14. 13 0. 71 0.35 3.5 
20 .4280 13. 77 1.45 1.43 14.3 
30 .4155 13. 36 2.25 3.28 32.8 
40 .4020 12. 92 3.09 5. 95 59.5 
50 .3875 12.46 4.01 9. 50 95.0 
60 .3720 11.97 5. 02 14. 02 140.2 
70 .3555 11 43 6.12 19.59 195.9 
80 .3380 10. 87 7.35 26. 32 263. 2 
90 .3195 10. 27 8. 76 34. 38 343.8 

100 .3000 9.65 10.35 43.93 439.3 

srFVwJ 

40768—34 12 
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TABLE III 

CALCULATION FOR K, AND Kt 

Tp 

Ti K log(l-A) 
log(l-JO 

IO 

1 
K F 

=—B—A 

K, 
F 

—log(l—JO 
K il 

\_
 

o
' 

T
 

5
 

=a-/o A B 9 ok 

1.30 -0.30 0. 262364 2. 915159 -3. 3333 0. 41817 0. 01300 0. 8745 0. 02718 
1.20 -.20 . 182321 4. 558036 -5.0000 .44196 . 01374 .9116 . 02833 
1.10 10 . 095310 9. 531021 -10.0000 . 46898 . 01458 .9531 .02962 
1.05 -.05 +. 048790 19. 51606 -20.0000 . 48394 . 01504 . 9758 . 03033 
1.00 
.95 

0 
+0.05 

0 
-. 051293 -20.51732 +20.0000 

(. 50000) 
. 51732 

(. 01554) 
.01609 

(1. 0000) 
1.0259 

. 03108 

. 03189 
.90 .10 -.105360 -10.53603 10.0000 . 53603 . 01666 1. 0536 . 03275 
.85 .15 -. 162519 -7. 223053 6. 66667 . 55639 .01729 1. 0835 . 03368 
.80 .20 -. 223143 -5. 578587 5.0000 . 57859 . 01798 1.1157 . 03467 
.75 .25 -. 287682 -4. 602912 4.0000 .60291 . 01874 1. 1507 . 03577 
.70 .30 -. 356675 -3. 963053 3. 3333 .62972 . 01957 1.1889 . 03695 
.60 .40 -. 510826 -3. 192659 2.5000 .69266 . 02153 1. 2771 . 03969 
.50 .50 -. 693147 -2. 772589 2.0000 .77259 . 02401 1. 3863 . 04309 
.40 .60 -.916291 -2. 545252 1. 6666 . 87859 .02731 1. 5272 . 04747 
.30 .70 -1.203973 -2.457087 1.428571 1.02852 .03197 1. 7200 . 05346 
.20 .80 -1.609438 -2.514746 1. 25000 1. 26475 .03931 2.0118 . 06253 
.10 .90 -2. 302585 -2.842695 1.1111 1. 73158 .05382 2.5584 .07952 

TABLE IV 

EXAMPLE OF CALCULATIONS FOR TAKE-OFF RUN 

Remarks 

Airplane tvpe_ _ _ Biplane 
3,000 

400/1900 
250 
12.00 

Clark Y 
1.50 

I Gross weight TV lb.. _ ___ 
b. hp/prop. r.p.m_ _ 
Wing area Ssq. ft-- .. .... 
W'ing loading iV/S lb./sq. ft. 
Wing section .. . .. ___ 
Maximum lift coefficient Ct =.. 

Stalling speed V, ft./sec_ 82 
220 Maximum speed Vm ft./sec.. 

Propeller diameter D ft_ - -. 9.0 
.77 
.80 

320 = ^7 m X b. Il P. 

V/n'D_ 

Propeller blade setting 42" R.. . 20.0° 
20. 5° 

normal 
53,000 

1, 240 

.413 

Setting given. 
Figure 7. 

Figure 6 or Figure 6. 
8. 

Equation (14). 

Propeller blade setting 0.75 R._ .. 
Propeller blade section, or design... 
Static thrust coefficient Kto- -_ _ 

-K+oXb.hp. 
Static thrust T0 =-—ft .. - __. 

r.p.m. X-D 
To 
w 

TABLE IV 

EXAMPLE OF CALCULATIONS FOR TAKE-OFF RUN- 
Continued 

Remarks 

02.. .393 Equation (3). TV \ TV / 

Ratio V./Vm _ _ - .373 
.578 

185 
1,240 

.413 
9.0 

.302 

From Figure 9. 
Equation (15). 
Equation (16). 

See Figure 10. 

Equation (4). 

t.hp/t.hp at V, _ 
t.hpat V,... ___ 
Thrust at V, T,=_ 
T,/W ... 
Maximum LID .. ___ __ 
rir_(T,_D\ 

W \ TV X/ 

Ratio Tp/Ti . .. _ ___ .770 
.0183 

313 

From Figure 4. 

Equation (10). 

Take-off run coefficient K, - ... 
^ „ K, V.i 
Run So— ft--- -_ _ - _ 

Wind velocity VB ft./sec___ 40 
.49 
.295 

92 
From Figure 11. 
Equation (17). 

Ratio VvjV,'____ 
Ratio Sw/So__ 
S„ ft. ...... 
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THE DRAG OF TWO STREAMLINE BODIES AS AFFECTED 
BY PROTUBERANCES AND APPENDAGES 

By Ira H. Abbott 

SUMMARY 

Two airship models were tested in the N. A. C. A. 
variable-density wind tunnel to determine the drag co¬ 
efficients at zero pitch, and the effect of fins and cars and 
of flat and, streamline protuberances located at various 
positions along the hull. During the investigation the 
stern of one model was rounded off to produce a blunter 
shape. The extreme range of the Reynolds Number 
based on the over-all length of the models was from 

1,300,000 to 33,000,000. 
At large values of the Reynolds Number the streamline 

protuberance affected the drag very little, and the addi¬ 
tional drag caused by the flat protuberance was less than 
the calculated drag of the protuberance alone. The fins 
and cars together increased the bare-hull drag about 20 

per cent. 
INTRODUCTION 

The National Advisory Committee for Aeronautics 

is conducting in the variable-density wind tunnel an 

extensive investigation of aerodynamic interference. 

The investigation deals in part with the effects of pro¬ 

tuberances from the surfaces of otherwise streamline 

bodies. Tests have been made (reference 1) to study 

the effects on the characteristics of wings and airfoil 

sections of protuberances from the surface of an airfoil. 

The part of the investigation dealt with in this report 

is the study of the interference of protuberances from 

the surfaces of streamline bodies of revolution. 

The desirability of making such interference tests in 

the variable-density wind tunnel where large values of 

the Reynolds Number may be obtained is apparent 

from consideration of the boundary-layer theory. 

(Reference 2.) If wind-tunnel tests of airship models 

are made in the usual range of relatively small Rey¬ 

nolds Numbers where neither the laminar nor the 

turbulent condition of the boundary layer is predom¬ 

inant, the type of flow' existing in the boundary layer 

over a large portion of the surface is dependent upon 

the turbulence of the air stream. The drag coeffi¬ 

cients thus obtained have no simple relation to the full- 

scale coefficients; in fact, those obtained for the same 

model at the same Reynolds Number but in different 

wind tunnels vary greatly. (References 2 to 6.) If a 

protuberance is attached to a model tested in this 

range of Reynolds Numbers, the additional turbulence 

created by the protuberance may cause the line of tran¬ 

sition between the laminar and turbulent boundary 

layers to move upstream with a resulting increase in 

the drag coefficient. The nature of the interference 

between the body and the protuberance in this case 

is obviously different than that which occurs when the 

boundary layer is almost completely turbulent. The 

data obtained at large values of the Reynolds Number 

in this investigation are accordingly expected to be 

more applicable than those previously obtained at 

small values of the Reynolds Number to the solution 

of design problems, such as the determination of the 

drag of fittings, radiators, w-ater-recovery apparatus, 

and other objects projecting from fuselages and airship 

hulls. 
A study of the effects of protuberances was planned 

to be made during a previous investigation of the aero¬ 

dynamic characteristics of airship models. (Reference 

4.) The drag of the models, however, was found to 

vary with the surface roughness which, with the wooden 

models used in the investigation, could not be main¬ 

tained constant under the conditions of temperature 

and pressure in the variable-density wind tunnel. 

An attempt to measure the relatively small differ¬ 

ences in drag due to protuberances was accordingly 

considered inadvisable. To obviate the difficulty the 

Goodyear-Zeppelin Corporation furnished a simplified 

metal model of the U. S. airship Akron. The tests on 

this model were delayed by extensive alterations of the 

variable-density wund tunnel. Meanwhile the U. S. 

Army Air Corps requested tests of a model of a pro¬ 

posed metal-clad airship. The two models w^ere tested 

in January, 1931. The drag coefficients at zero pitch, 

and the additional drag due to flat and streamline 

protuberances, and to fins and cars were determined. 

The extreme range of Reynolds Numbers obtained in 

these tests was from about 1,300,000 to 33,000,000. 

APPARATUS AND METHOD 

The two airship models of aluminum alloy used in 

this investigation are designated models A and M, 

respectively. 
171 
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Model A was a simplified model of the U. S. airship 
Akron with circular cross sections. The length of this 
model was 37.39 inches and the fineness ratio was 5.9. 
The measured ordinates are given in Table I. The 
surface of this model was very smooth. No fins and 
cars were furnished. During the investigation the 
stern of this model was altered to a blunter shape, the 

During the course of the investigation the surface of 
this model was polished for a distance of 6 inches aft 
of the bow, and later was polished all over. This 
model was equipped with one control and four motor 
cars, and with two sets of tail surfaces, one set having 
six and the other eight fins. The arrangements of the 
fins and cars are shown in Figures 2a and 2b. 

Figure 1.—Outlines of model A with original and altered sterns showing typical flat and streamline protuberances 

ordinates of which are given in Table I. Figure 1 is 
an outline drawing of the model showing the two sterns. 

Model A was tested with a flat-plate protuberance 
having a width of 11.8 per cent and extending 3.9 per 
cent of the maximum diameter of the model from the 
surface. This protuberance was successively attached 
to the model perpendicular to the surface at 8.02, 17.4, 
30.7, 43.6 (near maximum ordinate), 63.5, and 82.2 per 
cent of the length of the model aft of the bow. Further 
tests were made with the flat protuberance faired to 

The tests were made in the variable-density wind 
tunnel, which is described in reference 7. The mount¬ 
ing of the model on the auxiliary drag balance was 
similar to that described in reference 3, except that 
four partly shielded round wires were used to support 
the model instead of three streamline wires, and that 
a 45° linkage was used instead of a bell crank to trans¬ 
mit the force of a counterweight. Figure 3 is a photo¬ 
graph of model M mounted in the tunnel. The dis¬ 
tances from the downstream edge of the entrance 

form a streamline protuberance located successively at 
8.02, 30.7, and 63.5 per cent of the length aft of the 
bow. The outlines of the protuberances in typical 
positions on the hull are shown in Figure 1. 

Model M was a model of a proposed metal-clad air¬ 
ship. The length of this model was 45.44 inches and 
the fineness ratio was 4.5. The ordinates are given in 
Table II. This model had a machined surface showing 
very small circumferential tool or finishing marks. 

cone to the bows of models A and M when mounted 
for tests were 12 and 10 inches, respectively. 

The results were corrected for the drag of the support 
wires, the effect of the static pressure gradient along 
the axis of the tunnel, and the effect of the tunnel walls. 
The wire drag was computed (reference 8), and was 
checked by testing model A successively with two 
sizes of wires. The interference between the rear 
support wires and the fins of model M was found to be 
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negligible by testing this model with the rear support 
wires in two positions. The static pressure gradients 
were measured at all tank pressures (reference 7) for 
the determination of the horizontal buoyancy correc¬ 
tion, which was computed for each pressure by a pro¬ 
cess of graphical integration. As this correction 
showed small inconsistent variations with tank pres¬ 
sure, an average correction was used for all pressures. 
The tunnel-wall correction was computed from the 

formulas given in reference 9. 

Figure 3.—Photograph of model M with fins and cars mounted 

for test in the variable-density wind tunnel 

PRECISION 

The variation in check points indicates the acciden¬ 
tal error of the gross force measurements to be about 
i 1 per cent of the net hare-hull drag. The error of 
the balance calibration may be as large as ± 2 per cent 
at the small Reynolds Numbers and ± 1 per cent at 

the large ones. 
The drag coefficients of model A as determined from 

successive tests with support wires 0.0155 and 0.0240 
inch in diameter were the same within the accuracy of 
the tests. The precision of the tare-drag correction is 
accordingly believed to be within ± 3 per cent of the 
net bare-hull drag. No reliable estimate of the error 
in the horizontal buoyancy correction can be made, 
but the result of this error is believed to be small 
because this correction was only about 5 and 10 per 
cent, respectively, of the net bare-hull drags of models 
A and M. The tunnel-wall correction w~as very small 
and the error in this correction is believed to be 

negligible. 
Disregarding the error in the horizontal buoyancy 

correction, the possible error in the results is ± 6 per 
cent. As the inaccuracies of corrections do not aflect 
the precision of the values obtained for the additional 
drags of protuberances and appendages, these ^ allies 

are believed to be precise to about ± 1 per cent of the 
net bare-hull drags. 

RESULTS AND DISCUSSION 

The results are presented in the form of drag coeffi¬ 

cients which are defined as CD= ~(y0iy| and are 

4 5 6 783/0 20 30x/06 
Reynolds Number, 

based on the over-all length of the model 

Figure 4.—Drag coefficients of model A 

Tested in the N. A. C. A. variable-density wind tunnel. Volume=0.472 cu. ft. 
(Vol.) 2/3=0.606sq. ft. Length = 37.39 in. Bare hull with original and altered sterns. 
Drag coefficient and Reynolds Number of altered model based on original volume 
and length. Results corrected for wire drag, horizontal buoyancy, and tunnel- 

wall effect. 

plotted as functions of Reynolds Number. The 
Reynolds Numbers are based on the lengths of the 

models. 
Bare-hull drags.—The bare-hull drags of models A 

and M are presented in Figures 4 and 5. The figures 
show that the curves of drag coefficients are nearly 
straight lines when plotted on logarithmic scales 
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Figure 5.—Drag coefficients of model M 

Tested in the N. A. C. A. variable-density wind tunnel. Bare hull. Volume = 
1.291 cu. ft. (Vol.)2/3= 1.186 sq. ft. Length=45.44 in. Support wires=0.0240 in. dia. 
Results corrected for wire drag, horizontal buoyancy, and tunnel-wall effect. 

against the Reynolds Number. It will be seen from 
Figure 5 that the drag coefficient of model M is the 
same, within the accuracy of the tests, at a given value 
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of the Reynolds Number irrespective of the combina¬ 

tion of air speed and density used to give that Rey¬ 

nolds Number. A comparison of the results obtained 

for model A with those obtained for different models 

of the same airship in different tunnels is given in 

reference 10. 

.Figure 6.—The increase of drag coefficient of model A resulting from a flat protuber- I 

ance located in various positions along the hull 

Effect of blunt stern.—The drag coefficients of model 

A with the altered stern, which was considerably 

blunter than the original one (fig. 1), are presented in 

Figure 4. At the highest values of the Reynolds Num¬ 

ber the drag is about 5 per cent higher with the altered 

stern than with the original one. It will be noticed 

that the rate of decrease of the drag coefficient with 

increasing values of the Reynolds Number is less for 

the model with the altered stern than for the original 

model. 

Effect of flat protuberances.—The additional drag 

coefficients due to a flat protuberance located at vari¬ 

ous positions along the hull of model A are plotted 

against the Reynolds Number in Figure 6. At the 

highest values of the Reynolds Number the additional 

drag due to the protuberance in any position is less 

than the drag of the protuberance alone as calculated 

from flat-plate data. (Reference 11.) This fact indi¬ 

cates that at large values of the Reynolds Number any 

increase of drag resulting from the effect of the pro¬ 

tuberance on the flow over the hull need not be con¬ 

sidered. 

Figure 6 shows a fairly consistent decrease in the 

additional drag due to the protuberance as its position 

varies from bow to stern. This variation is in the direc¬ 

tion that would be expected, since the protuberance 

when located near the stern may be in a region of lower 

velocity than when located near the bow. It is inter¬ 

esting to note how well this effect can be predicted 

from boundary-layer and pressure-distribution data. 

The apparent drag coefficients of the protuberance as 

located in the various positions have been calculated 

using the measured additional drags due to the pro¬ 

tuberance, and the average dynamic pressures of the 

air streams in which the protuberance was placed. 

These average dynamic pressures were determined 

graphically from pressure-distribution and boundary- 

layer data obtained at a Reynolds Number of 18,000,- 

000. (Reference 12.) The calculated drag coefficients 

of the protuberance are tabulated in Table III. As 

expected, these calculated coefficients show less varia¬ 

tion with the position of the protuberance than the 

measured additional drags. The calculated drag 

coefficients of the protuberance are much lowrer than 

the usual flat-plate coefficients (reference 11), indicat¬ 

ing the presence of favorable additional interference 

that was not considered in the above calculations. 

The values of the calculated drag coefficients of the 

protuberance apply directly only to flat-plate pro¬ 

tuberances in contact with the hull, and may be con¬ 

siderably different from coefficients similarly obtained 

for flat plates near, but not in contact with, the hull. 

Effect of streamline protuberances.—The additional 

drag coefficients due to streamline protuberances are 

plotted against the Reynold Number in Figure 7 for 

three positions along the hull of model A. It will be 

noted that the additional drag due to these protuber- 

Figure 7.—The increase of drag coefficient of model A resulting from a streamline 
protuberance located in various positions along the hull 

ances is very small at the high values of the Reynolds 

Number. 

Effect of fins and cars.—The additional drag coef¬ 

ficients for each group of fins and of fins and cars on 

model M are plotted against the Reynolds Number in 

Figure 8. The increase of drag coefficients due to the 

six and eight fm groups is about 8 and 11 per cent, 

respectively, of the bare-hull drag. The low drag of 

the six-fin group was originally thought to be due to 
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interference between the fins and the rear support 

wires, which were located nearly in the planes of two 

of the fms. The tests were therefore repeated with the 

rear support wires moved, but the results checked those 

previously obtained. 

No data are available to permit the computation of 

the average dynamic pressure of the flow over the fins; 

therefore the drag coefficients of the fms have been 

computed using the measured additional drag due to 

them, the dynamic pressure of the stream with no 

model present, and the fin areas. These drag coeffi- 
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Figure 8.—The increase of drag coefficient of model M resulting from fins and cars 

cients were found to be 0.0073 and 0.0088 for the six 

and eight fin groups, respectively, at the highest value 

of the Reynolds Number obtained. These values are 

approximately the same as the minimum drag coeffi¬ 

cients of thin symmetrical airfoils. (Reference 13.) 

The fin sections, however, were not of good streamline 

form, and hence it is probable that there was a favor¬ 

able interference effect. 

The additional drag due to the cars with either set 

of fins at the highest values of the Reynolds Number 

was equal to about 10 per cent of the bare-hull drag. 

The drag coefficient of the cars based on the sum of 

their maximum cross-sectional areas and the dynamic 

pressure of the air stream with no model present has 

been computed from the measured additional drag 

due to the cars. This drag coefficient was about 0.12 j 

at the largest values of the Reynolds Number obtained j 

which were about 1,200,000 and 5,600,000 for the 

motor and control cars, respectively. This drag coeffi¬ 

cient is about 50 per cent larger than that for good 

streamline bodies at the same Reynolds Numbers. 

(Reference 4.) Part of this difference may be due to 

interference between the hull and cars, but it is prob¬ 

able that the relatively poor streamline forms of the 

cars as compared with the airship models of reference 

4 accounts for most of the difference. It will be noted 

that there is an apparent error in the test at the lowest 

value of the Reynolds Number (fig. 8), because the 

results of this test show an appreciable difference in 

the additional drag due to the cars with the different 

sets of fins. 

Effect of surface roughness.—The drag coefficients 

obtained for model M with its original surface, with 

the surface polished for a distance of 6 inches aft of the 

bow, and with the surface polished all over are plotted 

in Figure 5. The drag coefficients agree within the 

accuracy of the tests. The previous tests which 

showed large effects of surface roughness on the drag 

coefficient were made with models whose surfaces were 

much rougher than those of the present tests. (Refer¬ 

ence 4.) 
CONCLUSIONS 

The results reported in this paper are significant in 

showing that the addition to a streamline body of 

revolution of flat and streamline protuberances of the 

size tested does not result in adverse interference 

effects at large values of the Reynolds Number. 

Accordingly, no large adverse interference effects 

would be expected to result from variations of the 

shape of the protuberance. It is probable, however, 

that the removal of the protuberance from the hull to 

form a body or plate separated from the hull by a 

small gap would modify the interference to an appre¬ 

ciable extent. 

Langley Memorial Aeronautical Laboratory, 

National Advisory Committee for Aeronautics, 

Langley Field, Va., September 26, 1982. 
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TABLE I 

MEASURED ORDINATES OF MODEL A 

Station, 
measured 
from bow 

Ordinates 

With 
original 
stern 

With 
altered 
stern 

Inches Inches Inches 
0.000 0. 000 0.000 

.250 .414 .414 

.500 .726 .726 
1.000 1. 167 1.167 
2. 000 1. 752 1.752 
4.000 2. 384 2.384 
6.000 2. 744 2. 744 
8.000 2.963 2.963 

10.000 3. 083 3. 083 
14.000 3. 187 3.187 
18. 000 3.179 3.179 
22. 000 3. 071 3.071 
26. 000 2. 826 2.820 
80. 000 2. 304 2.304 
32. 500 1.830 
33.000 1.717 
33. 500 1. 598 
34. 000 1.476 1.473 
34. 500 1. 344 
34. 750 1.267 
35. 000 1. 173 
35. 250 1.055 
35. 500 .905 
35. 750 .651 
36. 000 .314 
36. 180 .000 
36. 600 .658 
37. 100 .421 
37. 350 .204 
37. 390 .000 

TABLE II 

MEASURED ORDINATES OF MODEL M 

Station, 
measured 
from bow 

Ordinates 

Inches Inches 
0.000 0. 000 
.250 .402 
.500 . 728 

1.000 1.291 
2.000 2. 123 
4. 000 3. 123 
6.000 3. 745 
8.000 4. 194 

10. 000 4.513 
12.000 4. 738 
14.000 4.888 
18.000 4. 992 
22. 000 4. 907 
26. 000 4. 654 
30.000 4. 239 
34.000 3.679 
36. 000 3. 336 
38. 000 2. 949 
40. 000 2. 496 
42. 000 1. 966 
43. 000 1.643 
44. 000 1. 256 
44. 500 1.002 
44.750 .856 ! 
45. 000 .691 
45. 250 .455 
45. 438 .000 

TABLE III 

DRAG COEFFICIENTS OF FLAT PROTUBERANCES 
ON MODEL A 

Where q„ is the average local dynamic pressure and S is the area 
of the protuberance 

Reynolds Number of model A based on the over-all length of 
the model, 18,000,000 

Location of 
protuber¬ 
ance, per 
cent of 

length of 
model A 

aft of nose 

Cdv 

8.02 0. 88 
8. 02 .84 

17.4 .84 
17.4 .84 
30. 7 .75 
30.7 .75 
43.6 .75 
43.6 .70 
63.5 .79 
63.5 .79 
63.5 .70 
63.5 .75 
82.2 .75 
82. 2 .75 
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GENERAL POTENTIAL THEORY OF ARBITRARY WING SECTIONS 
By T. Theodorsen and I. E. Garrick 

SUMMARY 

This report gives an exact treatment of the problem of 
determining the 2-dimensional potential flow around 
wing sections of any shape. The treatment is based 
directly on the solution of this problem as advanced by 
Theodorsen in N. A. C. A. Technical Report No. 411. 
The problem condenses into the compact form of an inte¬ 
gral equation capable of yielding numerical solutions by 
a direct process. 

An attempt has been made to analyze and coordinate 
the results of earlier studies relating to properties of wing 
sections. The existing approximate theory of thin wing 
sections and the Joukowsky theory with its numerous 
generalizations are reduced to special cases of the general 
theory of arbitrary sections, permitting a clearer perspec¬ 
tive of the entire field. The method not only permits the 
determination of the velocity at any point of an arbitrary 
section and the associated lift and moments, but furnishes 
also a scheme for developing new shapes of preassigned 
aerodynamical properties. The theory applies also to 
bodies that are not airfoils, and is of importance in other 
branches of physics involving potential theory. 

INTRODUCTION 

The solution of the problem of determining the 

2-dimensional potential flow of a nonviscous incom¬ 

pressible fluid around bodies of arbitrary shape can be 

made to depend on a theorem in conformal represen¬ 

tation stated by Riemann almost a century ago, 

known as the fundamental theorem of conformal rep¬ 

resentation. This theorem is equivalent to the state¬ 

ment that it is possible to transform the region 

bounded by a simple curve into the region bounded by 

a circle in such a way that all equipotential lines and 

stream lines of the first region transform respectively 

into those of the circle. The theorem will be stated 

more precisely in the body of this report and its sig¬ 

nificance for wing section theory shown-—suffice it at 

present to state that if the analytic transformation by 

which the one region is transformed conformally into 

the region bounded by the circle is known, the poten¬ 

tial field of this region is readily obtained in terms of 

the potential field of the circle. 

A number of transformations have been found by 

means of which it is possible to transform a circle into 

a contour resembling an airfoil shape. It is obviously 

true that such theoretical airfoils possess no particular 

qualities which make them superior to the types of more 

empirical origin. It was probably primarily because 

of the difficulty encountered in the inverse problem, 

viz, the problem of transforming an airfoil into a 

circle (which we shall denote as the direct process) 

that such artificial types came into existence. The 

2-dimensional theoretical velocity distribution, or what 

is called the flow pattern, is known only for some 

special symmetrical bodies and for the particular class 

of Joukowsky airfoils and their extensions, the out¬ 

standing investigators * 1 being Kutta, Joukowsky, and 

von Mises. Although useful in the development of 

airfoil theory these theoretical airfoils are based solely 

on special transformations employing only a small 

part of the freedom permitted in the general case. 

However, they still form the subject of numerous 

isolated investigations. 

The direct process has been used in the theor}7 of 

thin airfoils with some success. An approximate 

theory of thin wing sections applicable only to the 

mean camber line has been developed 2 by Munk and 

Birnbaum, and extended by others. However, at¬ 

tempts 3 which have been made to solve the general 

case of an arbitrary airfoil by direct processes have 

resulted in intricate and practically unmanageable 

solutions. Lamb, in his “Hydrodynamics ” (reference 

1, p. 77), referring to this problem as dependent upon 

the determination of the complex coefficients of a 

conformal transformation, states: “The difficulty, 

however, of determining these coefficients so as to 

satisfy given boundary conditions is now so great as 

to render this method of very limited application. 

Indeed, the determination of the irrotational motion of 

a liquid subject to given boundary conditions is a 

problem whose exact solution can be effected by direct 

processes in only a very few cases. Most of the cases 

for which we know the solution have been obtained by 

an inverse process; viz, instead of trying to find a 

value of 4> or f which satisfies [the Laplacian] v2<£ = 0 

or VV * 0 and given boundary conditions, we take 

some known solution of these differential equations 

1 See bibliography given in reference 9, pp. 24, 84, and 583. 

1 Cf. footnote 1. 

’ See Appendix II of this paper. 
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and inquire what boundary conditions it can be made 

to satisfy.” 

In a report (reference 2) recently published by the 

National Advisory Committee for Aeronautics a gen¬ 

eral solution employing a direct method was briefly 

given. It was shown that the problem could be stated 

in a condensed form as an integral equation and also 

that it was possible to effect the practical solution of 

this equation for the case of any given airfoil. A 

formula giving the velocity at any point of the surface 

of an arbitrary airfoil was developed. The first part 

of the present paper includes the essential develop¬ 

ments of reference 2 and is devoted to a more com¬ 

plete and precise treatment of the method, in particu¬ 

lar with respect to the evaluation of the integral 

equation. 

In a later part of this paper, a geometric treatment 

of arbitrary airfoils, coordinating the results of earlier 

investigations, is given. Special airfoil types have 

also been studied on the basis of the general method 

and their relations to arbitrary airfoils have been 

analyzed. The solution of the inverse problem of 

creating airfoils of special types, in particular, types of 

specified aerodynamical properties, is indicated. 

It is hoped that this paper will serve as a step 

toward the unification and ultimate simplification of 

the theory of the airfoil. 

TRANSFORMATION OF AN ARBITRARY AIRFOIL INTO 
A CIRCLE 

Statement of the problem.—The problem which this 

report proposes to treat may be formulated as follows. 

Given an arbitrary airfoil4 inclined at a specified angle 

in a nonviscous incompressible fluid and translated 

with uniform velocity V. To determine the theoreti¬ 

cal 2-dimensional velocity and pressure distribution at 

all points of the surface for all orientations, and to 

investigate the properties of the field of flow surround¬ 

ing the airfoil. Also, to determine the important 

aerodynamical parameters of the airfoil. Of further 

interest, too, is the problem of finding shapes with 

given aerodynamical properties. 
Principles of the theory of fluid flow.—We shall 

first briefly recall the known basic principles of the 

theory of the irrotational flow of a frictionless incom¬ 

pressible fluid in two dimensions. A flow is termed 

“2-dimensional ” when the motion is the same in all 

planes parallel to a definite one, say xy. In this case 

the linear velocity components u and !) of a fluid 

element are functions of x, y, and i only. 

The differential equation of the lines of flow in this 

case is 
v dx — u dy = 0 

* By aa airfoil shape, or wing section, is roughly meant an elongated smooth shape, 

rounded at the leading edge and ending in a sharp edge at the rear. All practical 

airfoils are characterized by a lack of abrupt change of curvature except for a rounded 

nose and a small radius of curvature at the tail. 

and the equation of continuity is 

du ^ dv _ du b( — v) 
dx dy 01 dx dy 

which shows that the above first equation is an exact 

differential. 

If Q = c is the integral, then 

u 
dQ 
dy 

and v — 
dQ 
dx 

This function Q is called the stream function, and 

the lines of flow, or streamlines, are given by the equa¬ 

tion Q = c, where c is in general an arbitrary function 

of time. 

Furthermore, we note that the existence of the 

stream function does not depend on whether the motion 

is irrotational or rotational. When rotational its 

vorticity is 
_ dv _ du _ d2Q d2Q 

* dx dy dx2 by2 

which is twice the mean angular velocity or “rotation” 

of the fluid element. Hence, in irrotational flow the 

stream function has to satisfy 

VQ,b?Q= 
dx2 by2 

(2') 

Then there exists a velocity potential P and we have 

dP dQ 
dx U dy 

dP= = _dQ> 
dy 1 dx. 

The equation of continuity is now 

d2P d2P 
dx2 by2 

0 

Equations (1) show that 

dPdQ+dP dQ 
dx dx by dy 

(1) 

(2) 

so that the family of curves 

P = constant, $ = constant 

cut orthogonally at all their points of intersection. 

For steady flows, that is, flows that do not vary 

with time, the paths of the particles coincide with the 

streamlines so that no fluid passes normal to them. 

The Bernoulli formula then holds and the total pres¬ 

sure head II along a streamline is a constant, that is 

K p v2+p' = II 

where p' is the static pressure, v the velocity, and p 

the density. If we denote the undisturbed velocity 

at infinity by V, the quantities p' —p' 0 by p, and 

% p V2 by q, the Bernoulli formula may be expressed as 
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The solutions of equations (2) and (2'), infinite in 

number, represent all possible types of irrotational 

motion of a nonviscous incompressible fluid in two 

dimensions. For a given problem there are usually 

certain specified boundary conditions to be satisfied 

which may be sufficient to fix a unique solution or a 

family of solutions. The problem of an airfoil moving 

uniformly at a fixed angle of incidence in a fluid field 

is identical with that of an airfoil fixed in position and 

fluid streaming uniformly past it. Our problem is 

then to determine the functions P and Q so that the 

velocity at each point of the airfoil profile has a direc¬ 

tion tangential to the surface (that is, the airfoil con¬ 

tour is itself a streamline) and so that at infinite dis¬ 

tance from the airfoil the fluid has a constant velocity 

and direction. 

The introduction of the complex variable, z — x + iy, 
simplifies the problem of determining P and Q. Any 

analytic function w(z) of a complex variable 2, that is, 

a function of z possessing a unique derivative in a 

Figure l.—Conformal propertj' of analytic functions 

each real functions of x and y. Suppose now in the 

xy complex plane there is traced a simple curve/(s). 

(Fig. 1.) Each value of 0 along the curve defines a 

point w in the w plane and j{z) maps into a curve/(w) 

or F{z). Because of the special properties of analytic 

functions of a complex variable, there exist certain 

special relations between f(z) and F(z). 
The outstanding property of functions of a complex 

variable analytic in a region is the existence of a unique 

derivative at every point of the region. 

dw __ Urn w — w'_ i 
d0 2—>z' z — z' 

This relation expresses the fact that any small curve 

zz' through the point 0 is transformed into a small 

curve wwf through the point w by a magnification p 
and a rotation y; i. e., in Figure 1 the tangent t will 

coincide in direction with T by a rotation y = @ — a. 

Figure 2.—Orthogonal network obtained by a conformal transformation 

region of the complex plane, may be separated into its 

real and imaginary parts as w(z) = w(x + iy) = P(x, y) 
+ iQ(x, y), determining functions P and Q which may 

represent the velocity potential and stream function of 

a possible fluid motion. Thus, analytic functions of a 

complex variable possess the special property that the 

component functions P and Q satisfy the Cauchy- 

Riemann equations (eq. (1)), and each therefore also 

satisfies the equation of Laplace (eq. (2)). Conversely, 

any function P(x,y) + iQ(x,y) for which P and Q 
satisfy relations (1) and (2) may be written as w(x+' 
iy) = w(z). The essential difficulty of the problem is 

to find the particular function w(z) which satisfies the 

special boundary-flow conditions mentioned above for 

a specified airfoil. 

The method of conformal representation, a geomet¬ 

ric application of the complex variable, is well adapted 

to this problem. The fundamental properties of trans¬ 

formations of this type may be stated as follows: 

Consider a function of a complex variable z = x + iy, 
say w(z) analytic in a given region, such that for each 

value of 0, w(z) is uniquely defined. The function 

w(z) may be expressed as w = £ + ir) where £ and rj are 

This is also true for any other pair of corresponding 

curves through 0 and w, so that in general, angles 

between corresponding curves are preserved. In par¬ 

ticular, a curve zz" orthogonal to zz’ transforms 

into a curve ww" orthogonal to wwf. 
It has been seen that an analytic function j{z) may 

be written P(x, y) + iQ(x, y) where the curves P = con¬ 

stant and Q = constant form an orthogonal system. 

If then f(z) is transformed conformally into f(w) 
= P(£, rj) + iQ(Z, 77) that is into f[w(z)] = F(z) = R(x, y) 
+ iS(x, y), the curves P(x, y) = constant, Q(x, y) = con¬ 

stant map into the orthogonal network of curves 

R(x, y) — constant, S(x, y) = constant. (Fig. 2.) If the 

==p is zero at a point w, the trans¬ magnification 
d0 

formation at that point is singular and ceases to be 

conformal. 

We may use the method of conformal transforma¬ 

tions to find the motion about a complicated boundary 

from that of a simpler boundary. Suppose w(z) is a 

function which corresponds to any definite fluid motion 

in the 2 plane, for instance, to that around a circle. 

Now if a new variable f is introduced and 0 set equal 



180 REPORT NATIONAL ADVISORY COMMITTEE FOR AERONAUTICS 

to any analytic function of f, say 2 =/(£■), then w(z) 
becomes w[/(f)] or W(f) representing a new motion in 

the f plane. This new motion is, as has been seen, 

related to that in the 2 plane in such a way that the 

streamlines of the z plane are transformed by 2=/(f) 

into the streamlines of the f plane. Thus, the con¬ 

tour into which the circle is transformed represents 

the profile around which the motion W(f) exists. The 

problem of determining the flow around an airfoil is 

now reduced to finding the proper conformal transfor¬ 

mation which maps a curve for which the flow is known 

into the airfoil. The existence of such a function was 

first shown by Riemann. 

We shall first formulate the theorem for a simply 

connected region 5 bounded by a closed curve, and 

then show how it is readily applied to the region 

external to the closed curve. The guiding thought 

leading to the theorem is simple. We have seen that 

an analytic function may transform a given closed 

region into another closed region. But suppose we 

are given two separate regions bounded by closed 

curves—does there exist an analytic transformation 

which transforms one region conformally into the 

other? This question is answered by Riemann’s 

theorem as follows: 

Riemann’s theorem.—The interior T of any simply 

connected region (whose boundary contains more than 

one point, but we shall be concerned only with regions 

having closed boundaries, the boundary curve being 

composed of piecewise differentiable curves [Jordan 

curve], corners at which two tangents exist being per¬ 

mitted) can be mapped in a one-to-one conformal 

manner on the interior of the unit circle, and the 

analytic6 * * function Z=j{z) which consummates this 

transformation becomes unique when a given interior 

point z0 of T and a direction through z0 are chosen to 

correspond, respectively, to the center of the circle and 

a given direction through it. By this transformation 

the boundary of T is transformed uniquely and con¬ 

tinuously into the circumference of the unit circle. 

The unit circle in this theorem is, of course, only a 

convenient normalized region. For suppose the re¬ 

gions Ti in the f plane and T2 in the w plane are 

transformed into the unit circle in the z plane by 

t=f(z) and w = F(z), respectively, then Tx is trans¬ 

formed into To by f = <t>(u>), obtained by eliminating 2 

from the two transformation equations. 

In airfoil theory it is in the region external to a closed 

curve that we are interested. Such a region can be 

readily transformed conformally into the region in¬ 

ternal to a closed curve by an inversion. Thus, let us 

suppose a point z0 to be within a closed curve B whose 

5 A region of the complex plane is simply connected when any closed contour lying 

entirely within the region may he shrunk to a point without passing out of the region. 

Cf. reference 3, p. 367, where a proof of the theorem based on Green’s function is 

given. 

6 Attention is here directed to the fact that an analytic function is developable at 

a point in a power series convergent in any circle about the point and entirely 

within the region. 

external region is T, and then choose a constant k 
such that for every point z on the boundary of r, 
\z — Zo\i>k. Then the inversion transformation w = 

k . 
—— Will transform every point in the external region 
2 Z0 

T into a point internal to a closed region T' lying 

entirely within B, the boundary B mapping into the 

boundary of r', the region at infinity into the region 

near z0. We may now restate Riemann’s theorem as 

follows: 

One and only one analytic function f =f(z) exists by 

means of which the region F external to a given curve 

B in the f plane is transformed conformally into the 

region external to a circle C in the z plane (center at 

2 = 0) such that the point 2= 00 goes into the point 

r= °° and also 
d/(2) 

d2 
= 1 at infinity. This function can 

be developed in the external region of C in a uniformly 

convergent series with complex coefficients of the form 

£ — m-f(z)—m-z + C~ + C-! + “!+ • • • (4) 

by means of which the radius R and also the constant 

m are completely determined. Also, the boundary B 
of T is transformed continuously and uniquely into the 

circumference of C. 
It should be noticed that the transformation (4) is 

a normalized form of a more general series 

f — m — ao + a_!2+ ;r + -2+. 
2 2 

and is obtained from it by a finite translation by the 

vector a0 and a rotation and expansion of the entire 

field depending on the coefficient a_x. The condition 

1 = 1 is necessary and sufficient for the fields at 

infinity to coincide in magnitude and direction. 

The constants c£ of the transformation are functions 

of the shape of the boundary curve alone and our 

problem is, really, to determine the complex coeffi¬ 

cients defining a given shape. With this in view, we 

proceed first to a convenient intermediate trans¬ 

formation. 

The transformation £ = 2' + This initial trans¬ 

formation, although not essential to a purely mathe¬ 

matical solution, is nevertheless very useful and 

important, as will be seen. It represents also the key 

transformation leading to Joukowsky airfoils, and is 

the basis of nearly all approximate theories. 

Let us define the points in the f plane by £ = x + iy 
using rectangular coordinates (x, ?/), and the points in 

the 2' plane by z'^ae^10 using polar coordinates 

(aed). The constant a may conveniently be con¬ 

sidered unity and is added to preserve dimensions. 

We have 

(5) 
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and substituting z' = ae*+ie 

we obtain f = 2a cosh (ip + i0) 

or £ = 2a cosh \p cos 0 + 2ia sinh \p sin 0 

Since £ = x + iy, the coordinates (x, y) are given by 

x = 2a cosh ip cos 0 j ^ 

y = 2a sinh \p sin 0 j 

If \p = 0, then z' = aeie and f = 2a cos 0. That is, if P 
and Pf are corresponding points in the f and s' planes, 

respectively, then as P traverses the x axis from 2a to 

— 2a, P' traverses the circle aeie from 0 = 0 to 0 = t, 
and as P retraces its path to f = 2a, P' completes the 

circle. The transformation (5) then may be seen to 

map the entire f plane external to the line 4a uniquely 

into the region external (or internal) to the circle of 

radius a about the origin in the s' plane. 

Let us invert equations (6) and solve for the elliptic 

coordinates \p and 0. (Fig. 3.) We have 

Figure 3.—Transformation by elliptic coordinates 

cosh \p = 

sinh \p 

2a cos 0 

y 
2a sin 0 

and since cosh 2\p — sinh 2\p=l 

x V / y 
= 1 

,2a cos 0/ \2a sin 0, 

or solving for sin20 (which can not become negative), 

a, 

2 

2 sin2 0 = p + -^1 p2 + [^; 

where -(£)-(£) 

Similarly we obtain 

(7) 

x 
+ 

,2a cosh yp 

or solving for sinh 2\p 

2 sinh 2\p = — p 

(_l 
\2a sm sinh \p 

= 1 

>M!> (8) 

We note that the system of radial lines 0 = constant 

become confocal hyperbolas in the f plane. The circles 

p = constant become ellipses in the f plane with major 

axis 2a cosh \p and minor axis 2a sinh \p. These orthog¬ 

onal systems of curves represent the potential lines and 

streamlines in the two planes. The foci of these two 

confocal systems are located at (±2a, 0). 

Equation (8) yields two values of \p for a given 

point (x, y), and one set of these values refers to the 

correspondence of (x, y) to the point (ae*, 0) external to 

a curve and the other set to the correspondence of 

(x, y) to the point (ae~*, — 0) internal to another curve. 

Thus, in Figure 3, for every point external to the 

ellipse Ei there is a corresponding point external to the 

circle Cx, and also one internal to G\ . 
The radius of curvature of the ellipse at the end of 

the major axis is p = 2a or f°r small values of \p, 

p^2a\p2. The leading edge is at 

2a cosh \po^2a(l + ~^s2a+ 

Now if there is given an airfoil in the f plane (fig. 4), 

and it is desired to transform the airfoil profile into a 

curve as nearly circular as possible in the z' plane by 

using only transformation (5), it is clear that the axes 

of coordinates should be chosen so that the airfoil 

appears as nearly elliptical as possible with respect to 

the chosen axes. It was seen that a focus of an 

elongated ellipse very nearly bisects the line joining 

the end of the major axis and the center of curvature 

of this point; thus, we arrive at a convenient choice of 

origin for the airfoil as the point bisecting the line of 

length 4a, which extends from the point midway be¬ 

tween the leading edge and the center of curvature of 

the leading edge to a point midway between the 

center of curvature of the trailing edge and the trailing 

edge. This latter point practically coincides with the 

trailing edge. 

The curve B, defined by ae*+ie, resulting in the z' 
plane, and the inverse and reflected curve Br, defined 

by ae~*~i9, are shown superposed on the £ plane in 

Figure 4. The convenience and usefulness of trans- 

Figure 4.—Transformation of airfoil into a nearly circular contour 

formation (5) and the choice of axes of coordinates 

will become evident after our next transformation. 

'n 

The transformation z' — ze -Consider the trans- 

formation z' = zem where/(s) = 2 -n- Each exponential 
o 2 

Cn 

term e 2 represents the uniformly convergent series 

1 + h+±(cA\ J-Y^Y 
zn^2 \\zn) m\\znJ 

+ (9) 
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where the coefficients cn = An + iBn are complex num¬ 

bers. For f(z) convergent at all points in a region 

external to a certain circle, z' has a unique real abso¬ 

lute value |2|e|/(z)l in the region and its imaginary part 

is definitely defined except for integral multiples of 

2iri. When z= °°, z' = zec°. The constant c0 = Tl0 + 

Bi0 is then the determining factor at infinity, for the 

afield t infinity is magnified by eA° and rotated by the 

angle B0. It is thus clear that if it is desired that the 

regions at infinity be identical, that is, z' = z at infinity, 

the constant c0 must be zero. The constants and c2 
also play important roles, as will be shown later. 

We shall now transform the closed curve 7 z'=ae'l/+ie 
into the circle z = ae'l/0+l‘p (radius origin at center) 

by means of the general transformation (reference 2) 

which leaves the fields at infinity unaltered, and we 

shall obtain expressions for the constants An, Bn, and 

\Ao- The justification of the solution will be assured by 

the actual convergence of 2 \ since if the solution 
i zn 

exists it is unique. 

By definition, for the correspondence of the bound¬ 

ary points, we have 

2/ = 2/"*o+i(e~<p) (io') 

Z(An + iBn)1 

Also z' = ze 

Consequently 

—<Ao + i{d — <p) ='Zl{AnJriBn)\ 
1 z 

where z = ae+0+i,p 

On writing z = R(cos <p + i sin <p) where R = ae'//0, we 
have 

00 . 1 
’A — ’Ao +1(0 — <p) = 2(An + iBn)jjrn(cos ntp— i sin rup) 

Equating the real and imaginary parts of this relation, 

we obtain the two conjugate Fourier expansions: 

00 r A B 1 
cos n<p+-^n sin rup I (11) 

VB a n 

9~(p=~i[W‘cos 7lip~Wi sin n(p\ (12) 

From equation (11), the values of the coefficients 
K 

Bn 

and the constant iAo are obtained as follows: 

An 1 2vr 
m = ~ ft cos tup d<p (a) U 7r Q 

Bn 1 2ir 
dI = - fi sin n<p d<p (b) 
n x 0 

7 Unless otherwise stated, p and 9 will now be used in this restricted sense, i. e., as 

defining the boundary curve itself, and not all points in the z’ plane. 

1 27r 

4/o = K-J%'l'd<P 
2t0 

(c) 

The evaluation of the infinite number of constants 

as represented by equations (a) and (b) can be made 

to depend upon an important single equation, which 

we shall obtain by eliminating these constants from 

equation (12). 

Substitution of (a) and (b) for the coefficients of 

equation (12) gives 

7T 

00 

y 
1 

2t 
cos f ip(<p) sin n<p dip 

0 

2 7T 
sin n<p' S 't'(v) cos np> dp> 

0 

where ^(ip) — \p and (d — <p)' represents 6 — <p as a func¬ 

tion of p>', and where ip' is used to distinguish the angle 

kept constant while the integrations are performed. 

The expression may be readily rewritten as 

,/ 1 
oo 2tt 

(d ip)' — - 2 yV(??)(sin n<p cos nip' — cos ?npsin n<p')dip 
7T 1 q / 

But 

J co Z7T 
= - 2 f i(ip) sin n(ip—ip') dc? 

* 1 0 

n 
v sin n(ip-ip')=\cot 

cos (2w+l) -^2 

2 sin <P~ <p 
2 

Then 

(e-ip)' = 
lim 

n—> co 

2 7T 

4z f*M cot A <L 
0 

2 7T 

I 27r cos(2w+l) ^- 

— qZ. ftiv) 
2t0 sin <P~ <P 

2 

d ip 

The first integral is independent of n, while the latter 

one becomes identically zero. 

Then finally, representing ip —6 by a single quantity 

e, viz tp — 0=ze = e(ip), we have 

2 

« = StM cot^-d*. (13) 
-x 0 2 

By solving for the coefficients in equation (12) and 

substituting these in equation (11) it may be seen that 

a similar relation to equation (13) holds for the func¬ 

tion \p(ip). 

*(*>')- 4- }^ cot!^dv+ yJtMdv (14) 
Z7T q Z Z 7T q 

The last term is merely the constant \pQ, which is, as 

has been shown, determined by the condition of mag- 
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nification of the z and z' fields at infinity. The 
^ 2tt 

corresponding integral-- f e(<p) dap does not appear in 
2tt0 

equation (13), being zero as a necessary consequence 
of the coincidence of directions at infinity and, in 
general, if the region at infinity is rotated, is a constant 
different from zero. 

Investigation of equation (13).—This equation is 

of fundamental importance. A discussion of some of 
its properties is therefore of interest. It should be 
first noted that when the function is considered 
known, the equation reduces to a definite integral. 
The function 8 e(<p) obtained by this evaluation is the 
“conjugate” function to so called because of the 
relations existing between the coefficients of the 
Fourier expansions as given by equations (11) and (12). 

For the existence of the integral it is only necessary 
that be piecewise continuous and differentiable, 
and may even have infinities which must be below 
first order. We shall, however, be interested only in 
continuous single-valued functions having a period 2x, 
of a type which result from continuous closed curves 
with a proper choice of origin. 

If equation (13) is regarded as a definite integral, it is seen 
to be related to the well-known Poisson integral which solves 
the following boundary-value problem of the circle. (Reference 
3.) Given, say for the z plane a single-valued function u(R,t) 
for points on the circumference of a circle w—ReiT (center at 
origin), then the single-valued continuous potential function 
u(r,cr) in the external region z=reia of the circle which assumes 
the valves u (R, x) on the circumference is given by 

1 r2 — 

u(r.cr) =2u^R't) R2 + r2-2Rr cos (<r-r) d* 

and similarly for the conjugate function v(r,<r) 

v(r,<r)=J~S v{R,t) 
r2—R2 

2tt 0 R2JrT2 — 2Rr cos (cr—r) 

These may be written as a single equation 

u(r,cr)+iv(r,(r) =/(z) 
,, , i r tr \ z^wa = ff = -— •£. f(w)-aw 

2ttC z — w 

where the value /(z) at a point of the external region z=reic is 
expressed in terms of the known values f(w) along the circum¬ 
ference w=Reir. In particular, we may note that at the 

^i |— gtf ■■ 
boundary itself, since i -j-T — cot -—» we have 

2tt 
u(R,<t) -\-iv{R,o) = -J- f [u(R,t) -HT(R,t)] cQt ^a ---dr, 

2tt o ^ 

which is a special form of equations (13) and (14). 

The quantity \p is immediately given as a function 
of 0 when a particular closed curve is preassigned, and 
this is our starting point in the direct process of trans¬ 
forming from airfoil to circle. We desire, then, to find 
the quantity ^ as a function of <p from equation (13), 
and this equation is no longer a definite integral but an 

» This function will be called “conformal angular distortion” function, for reasons 

evident later. 

integral equation whose process of solution becomes 
more intricate. It would be surprising, indeed, if 
anything less than a functional or integral equation 
were involved in the solution of the general problem 
stated. The evaluation of the solution of equation (13) 
is readily accomplished by a powerful method of suc¬ 
cessive approximations. It will be seen that the 
nearness of the curve ae^16 to a circle is very signifi¬ 
cant, and in practice, for airfoil shapes, one or at most 
two steps in the process is found to be sufficient for 
great accuracy. 

The quantities \f/ and e considered as functions of <p 
have been denoted by and e(<p), respectively. 
When these quantities are thought of as functions of 0 

they shall be written as \0(0) and ?(0), respectively. 
Then, by definition 

nnfi as) 
6(0)^e[*>(0)] 

Since ip — d = e, we have 

H<p) = #>“«(<») 1 nr.\ 
<p(d)=d + e(6) J 1 ; 

We are seeking then two functions, \j/(<p) and e(v?), 
conjugate in the sense that their Fourier series expan¬ 
sions are given by (11) and (12), such that \p[(p(6)] = 
\p(d) where $(0) is a known single-valued function of 

period 2r. 

Integrating equation (13) by parts, we have 

1 2 TT 

e(<p')=- f log sin 
* 0 

2 d (p 
d<p (13') 

The term log sin is real only in the range <p = <pr to 

^ = 2tt+<p', but w'e may use the interval 0 to 2tt for <p 
with the understanding that only the real part of the 

logarithm is retained. 
Let us write down the following identity: 

log sin 
2 

=log sin 
e-er 

9. 

+ log 
sin 

(0 + eQ — (fl + Q' 
2 

. 0-6' 

sin —o— 

log 
sin 

sin 

(0 + e2) — (0 + e2)' 

2 

(0 + ii) — (0+e O' 

2 

• (0 + e*) — (0 + €*) ' 

sin-g- 

log ^ (0-f 6ft_i) — (0 + it-i)'+ 
sm-2- 

(17) 

• (0 + en)-(0 + era)' - (0+6)-(0+e)' 
sin-2- sm 2 

+ log . ffl + i._,)-(8 + i,-i)> + 1°g ■ (e+h)-(« + i.Y 
sm --^- sm 2 

where in the last term we recall that 0 + e(0) = <p(0); and 
where it may be noted that each denominator is the 
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numerator of the preceding term. The symbols ek 
(k = 1, 2, • • - , n) represent functions of 0, which thus 

far are arbitrary.9 

Since by equation (15) \p(6) = \f/[p(d)] we have for 

corresponding elements d0 and d<p 

Then multiplying the left side of equation (17) by 

1 di/'Op) A ^ w I 
7T d0 

-d<p and the right side by 
7T Cl ip 

grating over the period 0 to 2t we obtain 

2 7T 

d0 and inte- 

«[^(9')] =«(»') = - /log sin djCM d„ 
ro - d0 

2t 
+- y* io 

T o 

. (0 + €k) (0 + *fc) ' 
2 d*(9) 

g.._ (« + «,.,)-(»■+6*-,)' d0 a" 
bill j'. 

o • (0+6(0)) -(0+6(0))^ 

, i2^, :_i_d.A(0) 

»o °g -in (g + ^)~(g + 0/ d0 
d0 (18) 

e*+1(0') =1 f log sin^+JO^W d, 
* 0 

d0 

we introduce a new variable <pk defined by 

¥>*(0) = 0 + i*(0) (*=1, 2, . . n) 
Then 

eA+l[^(|^/fc+l)] = **k+l(<p'k) 

“>7r • {<pk~<pfk) d<£[0 (*?*)] 1 
(21) 

= - / log sin 
7T 

0 d <pk 
d Vk 

From the definition of ipk as 

•P/c(9) =0 + e*(0) 

_ 

where k= 1,2, . . ., 7?. 
We now choose the arbitrary functions e*(0') so that 

i.(0') = O 
and 

it(90^riogsi„(i±^-^±^dMd9 (19) 
7T Q Z (XU 

where k = 1, 2, . . ., n. 
Equation (18) may then be written 

e(0') =€o+ei+fe-«i) • • • + («»—€b_i) + (« — en) (20) 

or e(0') = Xi + X2 + . . . X„+X 

where X* (0') =«*— e*_i and is in fact the &th term of 
equation (18). The last term we denote by X. 

From equation (19) we see that the function et(0') is 
obtained by a knowledge of the preceding function 
e*_i(0/)- For convenience in the evaluation of these 
functions, say 

2 7T 

m(r cln 

9 The symbol represents 0'+«t(fl') and is used to denote the same function 

of S' that 9+e*(fl) is of 0. The variables 8 and 9' are regarded as independent of each 

other 

we may also define the symbol ek(ipk) by 

0(<Pk) = <Pk — ck(<pk) 

where 
ek(d) =ek[<pk{0)] 

It is important to note that the symbols ek, ek, ek* 
denote the same quantity considered, however, as a 
function of 0, <pk, <pk-\, respectively. 

The quantities (ek — et_i) in equation (20) rapidly 
approach zero for wide classes of initial curves ^(0), 
i. e., \p[d(<pk)} very nearly equals \}/[d{<pk+1)] for even 
small k’s. The process of solution of our problem is 

then one of obtaining successively the functions ip(d), 

WM], ^M], .... $[d(<pn)] where $[d(<pn)] and 
*n[Q{<Pn)\ become more and more “conjugate.” The 
process of obtaining the successive conjugates in prac¬ 
tice is explained in a later paragraph. We first pause 
to state the conditions which the functions <pk are sub¬ 
ject to, necessary for a one-to-one correspondence of 
the boundary points, and for a one-to-one corre¬ 
spondence of points of the external regions, i. e., the 
conditions which are necessary in order that the 
transformations be conformal. 

In order that the correspondence between boundary 
points of the circle in the 2 plane and boundary points 
of the contour in the z' plane be one-to-one, it is 
necessary that 6 {ip) be a monotonic increasing function 
of its argument. This statement requires a word of 
explanation. We consider only values of the angles 
between 0 and 2x. For a point of the circle boundary, 
that is, for one value of ip there can be only one value 
of 0, i. e., d{ip) is always single valued. However, tp(9), 
in general, does not need to be, as for example, by a 
poor choice of origin it may be many valued, a radius 
vector from the origin intersecting the boundary more 
than once; but since we have already postulated that 
^(0) is single valued this case can not occur, and <^>(0) 
is also single valued. If we decide on a definite direc- 

d0 
tion of rotation, then the inequality^ ^0 expresses 

the statement that as the radius vector from the origin 
sweeps over the boundary of the circle C, the radius 
vector in the z' plane sweeps over the boundary of B 
and never retraces its path. 

The inequality 

d0__ i _ (kM >o 
d<p~l dip ~ 

corresponds to 
de(«p) 

dip 

Also, the condition 

d^= d£(9) > 
d0 1+ do = ' 

corresponds to 

de(0) 
d0 - 

> - 1 
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. , • d0 , d <p 
Multiplying x- by we get 

1 - 
d e(<p) 

1 
de(ey 

i fl x, 'V 
dtp ) \ d.0 / 

This relation is shown in Figure 5 as a rectangular 

hyperbola. We may notice then that the monotonic 
die 

behavior of <p(6) and 6(<p) requires that remain on 

the lower branch 10 of the hyperbola, i. e., 

(22) 

It will be seen later that the limiting values 

de(<p) , de(^) 
*■) — oo 

d<p dip ”V1'e',d0 ~’d0 

correspond to points of infinite velocity and of zero 
velocity, respectively, arising from sharp corners in the 

original curve. 
The condition for a one-to-one conformal corre¬ 

spondence between points of the external region of the 
circle and of the external region of the contour in the 
z' plane may be given (reference 5, p. 98 and reference 
6, Fart II) as follows: There must be a one-to-one 
boundary point correspondence and the derivative of 

di 
CO 

-0 

OT C , 
V — 

l ZT 

d2' 
dz 

= e ffU) 
1+z.tt) for |z|>R or 

since 

d g(z) 
dz 

5^ — 1 for |s|>i? 

the analytic function zr = ze1 ~ given by equation (10) 

must not vanish in the region. That is, writing g(z) 

oo 

for 2 we have 

the integral transcendental function e9{z) does not vanish 
in the entire plane, the condition is equivalent to 

10 The values of the upper branch of the hyperbola arise when the region internal 

to the curve ae *+■'» is transformed into the external region of a circle, but may also 

there be avoided by defining t=<p+9 instead of <p—9. 

40768—34-13 

By equation (10') we have on the boundary of the 
circle, g(Reiv) = if/— ypQ — ie, and 

Ag{z) R iv dMy)-^(y)] 
2 dz ne iRe^dip 

de(y) _ .dip(<p) 
d<^> dip 

the first term on the right-hand side being real and the 
last term a pure imaginary. We have already postu¬ 
lated the condition 

— d<p~ 

as necessary for a one-to-one boundary point corre¬ 

spondence. Now by writing z = £ + ii) and = 

P(£,r]) +iQ(£,v), we note that gives the boundary 

values of a harmonic function P(^,v) and therefore this 
function assumes its maximum and minimum values 
on the boundary of the circle itself. (Reference 3, p. 

223.) Hence can never become —1 in the 

# # # 
external region, i. e., ^ can never vanish in this 

region. 
At each step in the process of obtaining the succes¬ 

sive conjugates we desire to maintain a one-to-one 
correspondence between 0 and <pk, i. e., the functions 
e{ipk) and <pk(fi) should be mono tonic increasing and are 
hence subject to a restriction similar to equation (22), 

viz, 

-oo<^L<l (22') 
d <pic 

The process may be summed up as follows: We con¬ 
sider the function ^(0) as known, where j£(0) is the 
functional relation between \p and 0 defining a closed 
curve ae*+ie. The conjugate of ^(0) with respect to 0 

is (0). We form the variable <p1 = 0 + eI(0) and also 
the function ^[0(#>O]. The conjugate of ^[0(^)1 with 
respect to ipx is e*2(<Pi) which expressed as a function of 
0 is e2(0)- We form the variable <^2 = 0+€2(0) and the 
function ^[0(<?2)]. The conjugate of ^[0(^)1 is **3(^2), 
which as a function of 0 is i3(0), etc. The graphical 
criterion for convergence is, of course, reached when 
the function $[d(<pn)\ is no longer altered by the 
process. The following figures illustrate the method 
and exhibit vividly the rapidity of convergence. The 
numerical calculations of the various conjugates are 
obtained from formula I of the appendix. 

In Figure 6, the $(6) curve represents a circle re¬ 
ferred to an origin which bisects a radius (obtained 
from an extremely thick Joukowsky airfoil) (seep. 200) 
and has numerical values approximately five times 
greater than occur for common airfoils. The \{/(<p) 
curve is known independently and is represented by 
the dashed curve. The process of going from $(0) to 
xf/((p) assuming \p(<p) as unknown is as follows: The 
function it(0), the conjugate function of ^(0), is found. 
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The quantity \p is then plotted against the new variable 
ipl = 6Jrli{6) (i. e., each point of \p{6) is displaced hori¬ 
zontally a distance ej and yields the curve \p[6(<pi)]. 
(Likewise, ex(0) is plotted against <pi yielding ei(<pi).) 

is drawn at P'. This process yields the function e2(0). 
The quantity \J/ is now plotted against the new variable 
<p2 = 0 + e2(0) (i- e., each point of \f/(d) is displaced hori¬ 
zontally a distance e2) giving the function \p[d(<p2)]. 

The function e*2(<pi) is now determined as the conjugate 
function of iA[0(<pi)]. This function expressed as a 
function of 0 is e*2[<pi(0)] = e2(0). It is plotted as follows: 

This curve is shown with small circles and coincides 
with \p{<p). Further application of the process can 
yield no change in this curve. It may be remarked 

Figure 7.—Process applied to transforming a square into a circle 

At a point P of e*2 (<pi) and Q of corresponding to 
a definite value of <px one finds the value of Q which 
corresponds to by a horizontal line through Q meet¬ 
ing €i(0) in Q'; for this value of 6, the quantity e2 at P 

here that for nearly all airfoils used in practice one 
step in the process is sufficient for very accurate results. 

As another example we shall show how a square 
(origin at center) is transformed into a circle by the 
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method. In Figure 7 the '$(0) curve is shown, and in 
Figure 8 it is reproduced for one octant.11 The value 
is ^(0) = log sec 6. The function <A[0Oi)] is shown 
dashed; the function $[d(<p2)] is shown with small 
crosses; and ^[0(^)1 is shown with small circles. The 
solution yp{(p) is represented by the curve with small 
triangles and is obtained independently by the known 
transformation (reference 3, p. 375) which transforms 
the external region of a square into the external region 

of the unit circle, as follows: 

w(z) i+p(t 
Zq 

where denotes a power series. Comparing this 

with equation (10), we find that ip(<p) except for the 

constant \p0 is given as the real part of logj^l + pQ^ 

evaluated for z = ei,p, and that e(<p) is given as the 
negative of the imaginary part. It may be observed 
in Figure 8 that the function ^[0(^3)1 very nearly 
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Figure 8—Process applied to transforming a square into a circle 

equals \P(<p). The functions e(y) and ?(0) are shown in 

Figure 7 (a); we may note that at = which corre¬ 

sponds to a corner of the square, ^ = 1 or also, 

de 
d0 

= 00 

u Because of the symmetry involved only the interval 0 to ^ need be used. rl he 
integral in the appendix can be treated as 

‘(¥>0 = - k / Uv) cot 2x 
dv» 

V 
4 

It may be remarked that the rapidity of convergence 
is influenced by certain factors. It is noticeably af¬ 
fected by the initial choice of io(0). The choice 
Co (0) — 0 implies that d and y are considered to be very 
nearly equal, i. e., that aerepresents a nearly cir¬ 
cular curve. The initial transformation given by 
equation (5) and the choice of axes and origin were 
adapted for the purpose of obtaining a nearly circular 

A <K<p)[cot 2(<p—<f')— cot 2(<p-}-(P,)]d^ ■ 0 

Figure 9.—Translation by the distance OM 

curve for airfoil shapes. If we should be concerned 
with other classes of contours, more appropriate 
initial transformations can be developed. If, how¬ 
ever, for a curve ae'l,+i9 the quantity e = p — Q has large 
values, either because of a poor initial transformation 
or because of an unfavorable choice of origin, it may 
occur that the choice eo(0) — 0 will yield a function 

ejUj) for which may exceed unity at some points, 
a<pi 

thus violating condition (22'). Such slopes can be 
replaced by slopes less than unity, the resulting func¬ 
tion chosen as eo(0) and the process continued as 
before.12 Indeed, the closer the choice of the function 
€q(0) is to the final solution ?(0), the more rapid is the 
convergence. The case of the square illustrates that 
even the relatively poor choice €0(d) = 0 does not appre¬ 
ciably defer the convergence. 

The translation Z\ = z + C\.—Let us divert our 
attention momentarily to another transformation 
which will prove useful. We recall that the initial 
transformation (eq. (5)) applied to an airfoil in the f 
plane gives a curve B in the z' plane shown schemati¬ 
cally in Figure 9(a). Equation (10) transforms this 
curve into a circle C about the origin 0 as center and 
yields in fact small values of the quantity <p-6. We 
are, however, in a position to introduce a convenient 
transformation, namely, to translate the circle C into- 
a most favorable position with respect to the curve B 
(or vice versa). These qualitative remarks admit of a 
mathematical formulation. It is clear that if the 
curve B itself happens to be a circle 13 the vector by 
which the circle C should be translated is exactly the 
distance between centers. It is readily shown that 

12 The first step in the process is now to define ¥>o=0+«o(0) and form the function 
vflflfao)]. The conjugate function of ^[0(<po)l is t'ofv’o) which expressed as a inaction 

of 6 is «i(0), etc. 
n See p. 200. 
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then equation (10) should contain no constant term. 

We have 

c y v tl 

= 2(1 + 

z' = ze 

hm) 

=z(1+l+l+....) 

+ . 

etc. 

where 14 

k\ — Ci 

, _ . Ci2 
k2—c2-\--^ 

(10) 

i+-U . 
22 •) X 

(10a) 

7 , Cl 
"-3 C3 + C2C1 t g 

It is thus apparent that if equation (10) contains no 
first harmonic term, i. e., if 

Ci = /li + iB\ = — ~J'\f/ei'pd(p = 0, 

the transformation is obtained in the so-called normal 
form 

,dx d2 
2i + U+~2 + 2l Z\ 

(23) 

curve, i. e., OP^ae*, PQ represents the translation 
vector cx = aey+is, OQ is ae*'*19', and angle POQ is 
denoted by fx. Then by the law of cosines 

e2*1 = e2* + e2y - 2e *ey cos (6 - 8) (a) 

and by the law of sines 

ey sin (6 — 8) 
sm M =-zr.- 

or 6X = 6 -\- p. — 0 + tan -1 ey * sin (6 — 8) 
(b) 1 — ey~'1' cos (6 — 8) 

In Figure 10 are shown the \f(6) and i(6) curves for the 
Clark Y airfoil (shown in fig. 4) and the 1^(0,) and 
€i(0i) curves which result when the origin is moved 
from 0 to M. It may be noted that ei(0i) is indeed 
considerably smaller than e(0). It is obtained from 

1 
2 x 

(^-0L)'=-9- f h(fp) cot 2T () 
ip— (p 

d <p 

and the constant \f/0 is given 15 by 

>Ao = 
2 7T 
f 'Pi (<p) d<p 
0 

The combined transformations.—It will be useful to 

combine the various transformations into one. We 
obtain from equations (5) and (10) an expression as 
follows: 

This translation can be effected either by substituting 
a new variable zx = z + ch or a new variable z/ = 2' — cx. f = 2a cosh ^log|+ 2 c^\ (24) 

Figure 10.—The if-(6) and ifi(di) curves (for Clark Y airfoil) 

This latter substitution will be more convenient at 
this time. Writing 

or we can also obtain a power series development in 2 

f = cx + 2 + 
(h 
z 

+ (25) 

where 16 an = kn+l + a2hn-i 

The constants kn may be obtained in a convenient 
recursion form as 

1 
k\ — C\ 

2k2 = kxcx + 2c2 

3&3 — k2C\ + 2kxc2 + 3c3 
4^4 = k3cx + lk2c2 + 3 k 1 c3 + 4c4 

The constants hn have the same form as kn but with 
each Ci replaced bv — ct (and hQ = 1). It will be re¬ 

's The constant \po is invariant to change of origin. (See p. 200.) It should be 
remarked that the translation by the vector c 1 is only a matter of convenience and 
is especially useful for very irregular shapes. For a study of the properties of airfoil 

shapes we shall use only the original e(<p) curve. (Fig. 10(a).) 
16 By equations (S) and (10) we have 

Zi' = ae'/'l+i9l) Ci = aey+iS, and z' = ae*+i9 

we have 
ae*l+Wl = aej+id — aey+iS 

The variables \px, and 6{, can be expressed in terms of 
■\p, 6, 7, and 8. In Figure 9(b), P is a point on the B 

■" These constants can be obtained in a recursion form. See footnote 16. 

$- = z<? 

00 
C n 

Zn 

2 £2 
1 I 2" 

The constant kn is thus the coefficient of — in the expansion of e and the constant 

_y £» 

1 7z" 
h„ the coefficient of — in the expansion of e . For the recursion form for k„ 

see Smithsonian Mathematical Formulae and Tables of Elliptic Functions, p. 120. 
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called that the values of cn are given by the coefficients 
of the Fourier expansion of \p{<p) as 

R 

and 

c l2% 
J \p(<p)eiTlipdi<p where R = ae*0 

T 0 

2 7T 

2tt ^ 0 
The first few terms of equation (25) are then as 

follows: 
Ci C{ 

, <?2+ 2 +a2 , C3 + C2C!+ 6 -Cjft2 , 
f = 2 + Cx fl-1-2-t ■ (25') 

By writing z^^z + Ci, equation (25) is cast, into the 
normal form 

y . ^1 . ^2 , ^ — -Si ri-1—o T . . . ° /y /y 4 Z\ Z x 
(26) 

The constants bn may be evaluated directly in terms 
of an or may be obtained merely bv replacing by 
\f/x (<p) in the foregoing values for an. 

The series given by equations (25) and (26) may be 
inverted and z or zl developed as a power series in y. 
Then 

di a2 + a}Ci a}c12 + 2a2c1 + a^-ra2 
2(f) = r-Ci-y- 

and 
f2 r3 

-jr~ 

■ • (27) 

(28) 

The various transformations have been performed 
for the purpose of transforming the flow pattern of a 

Figure 11.—Streamlines about circle with zero circulation (shown by the full 
lines) Q— — Vsinh n sin cp=constant 

circle into the flow pattern of an airfoil. We are thus 
led immediately to the well-known problem of deter¬ 
mining the most general type of irrotational flow 
around a circle satisfying certain specified boundary 
conditions. 

The flow about a circle.—The boundary conditions 
to be satisfied are: The circle must be a streamline of 
flow and, at infinity, the velocity must have a given 
magnitude and direction. Let us choose the £ axis as 
corresponding to the direction of the velocity at 

infinity. Then the problem stated is equivalent to 
that of an infinite circular cylinder moving parallel to 
the £ axis with velocity Fin a fluid at rest at infinity. 

The general complex flow potential17 for a circle of 
radius R, and velocity at infinity V parallel to the x 
axis is 

W(Z)=-f(z + !)-T log | (29) 

where F is a real constant parameter, known as the 

Figure 12.—Streamlines about circle for V=0 Q=—J~M=constant 
2 7T 

c 
circulation. It is defined as <jwsds along any closed 

curve inclosing the cylinder, vs being the velocity 
along the tangent at each point. 

Writing z = Reti+i‘/’ and w = P + iQ, equation (29) be¬ 
comes 

w= — V cosh (n + i<p) — ?r(n + i<p) 
ZlT 

(29') 

or P= — V cosh n cos (pP 

Q — — V sinh m sin ^ r 

o - *P 
Ztt 

r 
Itt 

For the velocity components, we have 

d w . T/, R2\ ir 
(30) 

In Figures 11 and 12 are shown the streamlines for 
the cases F = 0, and V= 0, respectively. The cylinder 
experiences no resultant force in these cases since all 
streamlines are symmetrical with respect to it. 

The stagnation points, that is, points for which u 

and v are both zero, are obtained as the roots of 4—= 0. 
(12 

This equation has two roots. 

ir± Vl67r2£2F2-r2 
20: 4ttV 

and we may distinguish different types of flow accord¬ 
ing as the discriminant 167r2T?2I72—F2 is positive, zero, 
or negative. We recall here that a conformal trans¬ 
formation w=J(z) ceases to be conformal at points 

where p* vanishes, and at a stagnation point the flow 

divides and the streamline possesses a singularity. 
u Reference 4, p. 56 or reference 5, p. 118. The log term must be added because 

the region outside the infinite cylinder (the point at infinity excluded) is doubly 
connected and therefore we must include the possibility of cyclic motion. 
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The different types of flow that result according 

as the parameter T2 ^ \6ir2R2V2 are represented in 

Figure 13. In the first case (fig. 13 (a)), which will not 
interest us later, the stagnation point occurs as a 
double point in the fluid on the y axis, and all fluid 
within this streamline circulates in closed orbits around 
the circle, while the rest of the fluid passes downstream. 
In the second case (fig. 13 (b)), the stagnation points 

are together at S on the circle Rel(p and in the third 
case (fig. 13 (c)) they are symmetrically located on the 
circle. We have noted then that as r increases from 
0 to 4tRV the stagnation points move downward on 

the circle Rei<p from the £ 
axis toward the rj axis. 
Upon further increase in 
T they leave the circle and 
are located on the rj axis in 
the fluid. 

Conversely, it is clear 
that the position of the 
stagnation points can de¬ 
termine the circulation r. 
This fact will be shown to 
be significant for wing- 
section theory. At pres¬ 

ent, we note that when 

both T and FV 0 a marked 
dissymmetry exists in the 
streamlines with respect to 
the circle. They are sym¬ 
metrical about the rj axis 
but are not symmetrical 
about the £ axis. Since 
they are closer together on 
the upper side of the circle 
than on the lower side, a 
resultant force exists per¬ 
pendicular to the motion. 

We shall now combine 
the transformation (27) 
and the flow formula for 

the circle equation (29) and obtain the general complex 
flow potential giving the 2-dimensional irrotational flow 
about an airfoil shape, and indeed, about any closed 
curve for which the Riemann theorem applies. 

The flow around the airfoil.—In Figure 14 are 
given, in a convenient way, the different complex 
planes and transformations used thus far. The com¬ 

plex flow potential in the 2 plane for a circle of radius 

R origin at the center has been given as 

w(z) = - v(z + Y^-^log 2 (29) 

where V, the velocity at infinity, is in the direction of 

the negative £ axis. Let us introduce a parameter to 

Figure 13.—Streamlines about circle 
[from Lagally—Handbuch der Physik 

r 
Bd. VII] Q = Vsinh n sin <p——n=con- 

stant (a) r* > 16irU?2 V> (b) r*=16xs.R*Fs 
(c) r2<16x2iJ2F2 
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we may obtain the complex flow potentials in the 
various planes by substitutions. For the flow about 
the circle in the zx plane, 2 is replaced by zx — cx 

w(zx) = - V 

d w 

[Ol - ClW* + fa-Cl)] log^gl ~ 

_iL_ (32') L1 (2i-Ci)*J 2ir(z1 — Ci) { } 
= - Ve 

For the flow about the B curve in the zf plane, z is 
replaced by z(z') (the inverse of eq. (10a)) and for the 
flow about the airfoil in the r plane 2 is replaced by 
2(f) from equation (27) 

W(X) = - F[zG>l'“ + 
R2 

2(f)' 
o~ la ■ *r 1 

1 “Sr'0 2(f) (33) 

dll 
dr 

r Tt i f t R2e~2ia\ 

L TeV [2(0)0 

R2e 2ia\ ir ~]d2(r) 
[z(r)]27 27r[2(r)]J d(r) 

(34) 

The flow fields at infinity for all these transformations 
have been made to coincide in magnitude and direction. 

At this point attention is directed to two important 
facts. First, in the previous analysis the original 
closed curve may differ from an airfoil shape. The 
formulas, when convergent, are applicable to any 
closed curve satisfying the general requirements of 
the Riemann theorem. However, the peculiar ease of 
numerical evaluations for streamline shapes is note¬ 
worthy and significant. The second important fact is 
that the parameter T which as yet is completely unde¬ 
termined is readily determined for airfoils and to a 
discussion of this statement the next section is devoted. 
It will be seen that airfoils may be regarded as fixing 
their own circulation. 

Kutta-Joukowsky method for fixing the circula¬ 

tion.—All contours used in practice as airfoil profiles 
possess the common property of terminating in either 
a cusp or sharp corner at the trailing edge (a point of 
two tangents). Upon transforming the circle into an 

! (J2 
airfoil by $=j(z), we shall find that! is infinite at 

the trailing edge if the tail is perfectly sharp (or very 
large if the tail is almost sharp). This implies that 

the numerical value of the velocity 
dw d2 
d2 dr 

= [fl| is 

infinite (or extremely large) provided the factor 
dw 
d2 

is not zero at the tail. There is but one value of the 
circulation that avoids infinite velocities or gradients 
of pressure at the tail and this fact gives a practical 

basis for fixing the circulation. 

The concept of the ideal fluid in irrotational poten¬ 
tial flow implies no dissipation of energy, however large 
the velocity at any point. The circulation being a 
measure of the energy in a fluid is unaltered and inde 
pendent of time. In particular, if the circulation is 
zero to begin with, it can never be different from zero. 

However, since all real fluids have viscosity, a better 
physical concept of the ideal fluid is to endow the 
fluid with infinitesimal viscosity so that there is then 
no dissipation of energy for finite velocities and pres¬ 
sure gradients, but for infinite velocities, energy losses 
would result. Moreover, by Bernoulli’s principle the 
pressure would become infinitely negative, whereas a 
real fluid can not sustain absolute negative pressures 
and the assumption of incompressibility becomes in¬ 
valid long before this condition is reached. It should 
then be postulated that nowhere in the ideal fluid from 
the physical concept should the velocity become 

dw 
infinite. It is clear that the factor 

d2 
must then be 

zero at the trailing edge in order to avoid infinite 
velocities. It is then precisely the sharpness of the 
trailing edge w'hich furnishes us the following basis for 
fixing the circulation. 

It will be recalled that the equation 0 deter¬ 

mines two stagnation points symmetrically located on 
the circle, the position of which varies with the value 
of the circulation and conversely the position of a 
stagnation point determines the circulation. In this 
paper the x axis of the airfoil has been chosen so that 
the negative end (0 = x) passes through the trailing 
edge. From the calculation of e = <p — 8 (by eq. (13)) 
the value of <p corresponding to any value of 0 is deter¬ 
mined as ip = 0 + e, in particular at 0 = x, ip = x + j8, where 
P is the value of e at the tail and for a given airfoil is a 
geometric constant (although numerically it varies 
with the choice of axes). This angle p is of consid¬ 
erable significance and for good reasons is called the 
angle of zero lift. The substance of the foregoing 
discussion indicates that the point z=Rel<ir+l3) = — Ret(i 
is a stagnation point on the circle. Then for this value 

of 2, we have by equation (32) 

dw 
d2 

= -Ve la\ 1 -R2e~2ia ir 
= 0 

or 

z* / 2x2 

r=~2 irRVie^+V (1. g—2i(a+0)) 

gi(a+j3) _£~i(a+/3) 
AirRVy- 

2 i 

4ttRV sin (a+ 0) (35) 

This value of the circulation is then sufficient to 
make the trailing edge a stagnation point for any value 
of a. The airfoil may be considered to equip itself 
with that amount of circulation which enables the 
fluid to flow past the airfoil with a minimum energy 
loss, just as electricity flowing in a flat plate will dis¬ 
tribute itself so that the heat loss is a minimum. The 
final justification for the Kutta assumption is not only 
its plausibility, but also the comparatively good agree¬ 
ment with experimental results. Figure 15 (b) shows 
the streamlines around an airfoil for a flow satisfying 
the Kutta condition, and Figures 15 (a) and 15 (c) illus- 
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(a) 

trate cases for which the circulation is respectively too 
small and too large, the stagnation point being then on 

the upper and lower surfaces, re¬ 
spectively. For these latter cases, 
the complete flow is determinable 
only if, together with the angle of 
attack, the circulation or a stag- 

(b) nation point is specified. 
Velocity at the surface.—The 

flow formulas for the entire field 
are now uniquely determined hv 
substituting the value of F in equa- 

_ 1C ,, ... tions (33) and (34). We are, how- 
circulation smaller than for ever, in a position to obtain much 
Kutta condition; (b) flow sjmp}er an(j m0re convenient re- 

(c) flow with circulation lations for the boundary curves 
greater than for Kutta themselves. Indeed, we are chiefly 

interested in the velocity at the 
surface of the airfoil, which velocity is tangential to 
the surface, since the airfoil contour is a streamline of 
flow. The numerical value of the velocity at the 

surface of the airfoil is 

die dw dz dz' 

dr dz dz' dr 
v = -\jvx2 + vv2 = \vx - ivv\ = 

We shall evaluate each of these factors in turn. From 

equations (32 and (35) 

i4ttRV sin(a+ 0) 

c-M1- 

At the boundary surface z = Rei'p, and 

d w 

Inrz 

or 

dz 

d w 

= — Veia(l — e 2i(«+iP-)—2 iVe iip sin (a + 0) 

t—= — Ve~**[(eUa+,p) — e~Ua+,p)) +2i sin(a+ 0)] 
dz 

= — 2i I7c''^[sin(a+ tp) + sin(a+ /3)] 

and 

dw 
dz 

= 2 F[sin (a + v?) + sin (a + /3) ] (36) 

In general, for arbitrary F we find that 

dw1 oT7 . , , . I 
—j—1 — 2 V sin (a+ w) 
dz\ 

To evaluate 
dz' 

2nvR 

we start with relation (10) 

CO p 
v W* 
1 zn. 

(36') 

z =ze 

At the boundary surface 

z' = ze'l'~'l'0~u where e = ip — 6 and z = ae'/,0+i,f‘ 

dz z\ dz 

z'(l t d(t-ie) 
z\ id<p 

(37') 

-K 

d<p de ;d\p .d\p 
7 d# ~ d# “ ldd \ 2Y1 _ ldd 

dip 
dd 

-M( 
i+ - 

(19 

Then 
Ids' 
dz 

1 -+ (<L?Y 
\d#/ (37) 

1 + 

By equation (5) 
dO 

(r 
r = z' + —, and at the boundary z' = ae*+ie, or 

t = 2a cosh(ip + id) 

d(" • i f , , -Md(ip + id) 
(T?“2 sinh(^ + ,9)-ajr- 

dr 2 
Then 1-yS 

(1 z 

and 
dz' 

Then finally 

= 2 sinh(^ + id)e~('f,+i9). 

= 4g-2if (sinhV cos2# + coshV sin2#) 

= 4e-2^ (sinhV + sin2#) 

= 2e~* -y/sinh2!/' + sin2#) dr (38) 

dw dw 1 dz dz' 

dr dz ‘ dz' dr 

l7[sin(a + (p) + sin (a + /3)]^1 + 

-y/(sinhV + sin29) (l + () ) 

(39) 

In this formula the circulation is given by equation 
(35). In general, for an arbitrary value of F (see 
equation (36')), the equation retains its form and is 

given by 

T 
v= 

'j^sin (a <p) 

F 
FtRV ]( 

^ (sinh2\p + sm29)(l + (^) ) 

(40) 

For the special case r = 0, we get 

V sin {a. + ip) 1 + *° 

-y/ (sinh2^ + sin2#)^l + ) 

(41) 

Equation (40) is a general result giving the velocity 
at any point of the surface of an arbitrary airfoil sec¬ 
tion, with arbitrary circulation for any angle of attack 
a. Equation (39) represents the important special 
case in which the circulation is specified by the Kutta 
condition. The various symbols are functions only of 
the coordinates (x, y) of the airfoil boundary and ex¬ 
pressions for them have already been given. In Tables 
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I and II are given numerical results for different air¬ 

foils, and explanation is there made of the methods of 

calculation and use of the formulas developed. 

We have immediately by equation (3) the value of 

the pressure p at any point of the surface in terms of 

the pressure at infinity as 

Some theoretical pressure distribution curves are given 

at the end of this report and comparison is there made 

with experimental results. These comparisons, it will 

be seen, within a large range of angles of attack, are 

strikingly good.18 

The pressure at any point is 

Then, 
P=Po~?pV2 

P.-iP.^fifidy+idx) 
X c 

ip r dw die -j- 

“2^37 37 dz 

where the bar denotes conjugate complex quantities. 

Since C is a streamline, vxdy — vudx = 0. Adding the 

quantity 

ip f (»i, + ivx) (vxdy - vudx) = 0 
c 

GENERAL WING-SECTION CHARACTERISTICS 

The remainder of this report will be devoted to a 

discussion of the parameters of the airfoil shape affect¬ 

ing aerodynamic properties with a view to determining 

airfoil shapes satisfying preassigned properties. This 

discussion will not only furnish an illuminating sequel 

Px = fpxds = - fpdy 
c c 

Pv = fPu ds = J'pdx 
c c 

P x i Py = fp{dy + idx) 
c 

to the foregoing analysis leading to a number of new 

results, but will also unify much of the existing theory 

of the airfoil. In the next section we shall obtain 

some expressions for the integrated characteristics of 

the airfoil. We start with the expressions for total 

lift and total moment, first developed by Blasius. 

Blasius’ formulas.—Let C in Figure 16 represent a 

closed streamline contour in an irrotational fluid field. 

Blasius’ formulas give expressions for the total force 

and moment experienced by C in terms of the complex 

velocity potential. They may be obtained in the fol¬ 

lowing simple manner. We have for the total forces 

in the x and y directions 

18 A paper devoted to more extensive applications to present-day airfoils is in 
progress. 

to the last equation, vve get. 19 

Px-iPv-^f (Vx - ivy)2 (d.r + idy) 

JH(a?'i* 
(42) 

The differential of the moment of the resultant 

force about the origin is, 

dM0 = p(x dx + y dy) 
=R. P. of p[x dz + y dy + i(ydx — xdy) ] 

= i?. P. of p z dz 
where “R. P. of” denotes the real part of the complex 

quantity. We have from the previous results 

d(P °x — iPv) = ~ i V dz = \l;( tt ^ dz P 2 Vdz) 

Then 

and 

dMa=-R. P. °f§(^)’*dz 

M„=-R. P. of|/(jf)!zdz (43) 

Let us now for completeness apply these formulas to 

the airfoil A in the f plane (fig. 14) to derive the Kutta- 

Joukowskv classical formula for the lift force. By 

equation (32) we have 
dw Tr , ir R2Ve — ia 
dz 27tz z~ 

= 1 

and by equation (25) 

dr 
dz 

Then 

dw_ dw' dz 
dr dz dr 

a i a2 

?T 1 1 
= — Veia — jr-1- (R2Ve ia - axVeia) —2+ 

2-kz z 

Cf. Blasius, H: Zs. f. Math. u. Phys. Bd. 58 S. 93 and Bd. 59 S. 43, 1910. 

Similarly, _ 
ip ( die\2— 

a less convenient relation to use than (42). 
Note that when the region about Cis regular the value of the integral (42) remains 

unchanged by integrating about any other curve enclosing C. 
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and 

D'-A+f+#+... 

where 

A0= V2e2i° 

F 
A. = iVeia- 

7r 

A2= — 2R2V2 + 2ax V2e2ia — ~ 
47r 

Then 

ip MdwYdf , 
-2 ATfJ did2 

-f (2«4.) 

— le*“pTT 

Therefore 

Px = pW sin a 
Pv = pVr cos a 

30 It may be recalled that ci = ^ft(<p)e<rd<p and ai=a2+^3+ej. (See eq. (25').) 

and are the components of a force pVY which is per¬ 
pendicular to the direction of the stream at infinity. 
Thus the resultant lift force experienced by the airfoil is 

L = PV r (44) 

and writing for the circulation T the value given by 
equation (35) 

L = 4ttRpV2 sin (a+/3) (45) 

The moment of the resultant lift force about the 
origin f = 0 is obtained as 

m„=r. p.of-|y(^)Vdf 

=«• p-ot-i{(My^A 
=R. P.of-|/(A-4.+^+ . ,)x 

(c‘ + 2+z+?+ • •)(1~?+ • -)d2 

=R. P. of ~ 2iri (coefficient of z~1) 

—R. P. of — ^ 27rl (A2 + AiCi) 

or, M0 is the imaginary part of tp(A2 + AxCi). After 
putting20 Ci = meis and ax = b2e2i^ we get 

M0 = 2rpV2b2 sin 2(a+ y) + pVY m cos (a + 8) (46) 

The results given by equations (44) and (46) have 
physical significance and are invariant to a transforma¬ 

tion of origin as may be readily verified by employing 
equations (26) and (32') and integrating around the C\ 
circle in the zx plane. It is indeed a remarkable fact 
that the total integrated characteristics, lift and loca¬ 
tion of lift, of the airfoil depend on so few parameters 
of the transformation as to be almost independent of 
the shape of the contour. The parameters R, ft, ax, 
and Ci involved in these relations will be discussed in a 
later paragraph. 

We shall obtain an interesting result21 by taking 
moments about the point £ = cx instead of the origin. 
(M in fig. 17.) By equation (25) we have, 

j—fl = 2 + ?! + ??T. . • 
5 z z2 

and by equation (43) 

mm=r. p. of-! ^a^yjcr-odf 

p. of-|/(a 
, A\ , A2 

2 z2 X 

z+^+^,+ ■ p + • • )ds 

or 
=R. P. of —ixpA2 

Mm = 2Trb2p T 2 sin 2 (a + 7) 

-2a 
(ci + 6J 

uA-H 3 * 4 7/---¥■ --; 

(47) 

jt Axis 

'S'* 
or 

S/c 
*v 

Figure 17.—Moment arm from M onto the lift vector 

This result could have been obtained directly from 
equation (46) by noticing that pTT in the second term 
is the resultant lift force L and that Lm cos (a+ 6) 
represents a moment which vanishes at M for all values 
of a. (In fig. 17 the complex coordinate of M is 
^ = meu, the arm OH is m cos (a+ 5).) The perpendic¬ 
ular hM from M onto the resultant lift vector is simply 

obtained from Mm = LhM, 
as 

b2 sin 2 (a + 7) 
h M 

2R sin (a + ft) 
(48) 

The intersection of the resultant lift vector with the 
chord or axis of the airfoil locates a point which may 
be considered the center of pressure. The amount of 
travel of the center of pressure with change in angle 
of attack is an important characteristic of airfoils, 
especially for considerations of stability, and will be 
discussed in a later paragraph. 

» First, obtained by R. von Mises. (Reference 6.) The work of von Mises forms 
an elegant geometrical study of the airfoil. 
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The lift force has been found to be proportional to 
sin (a + /3) or writing a + (3 = ai 

L = 4tPRV2 sin (49) 

where ai may be termed the absolute angle of attack. 
Similarly writing a + 7 = a2 

Mm = 2irb2pV2 sin 2a2 (50) 

With von Mises (reference 6, Pt. II) we shall denote 
the axes determined by passing lines through M at 
angles /3 and 7 to the x axis as the first and second axes 
of the airfoil, respectively. (Fig. 18.) The directions 
of these axes alone are important and these are fixed 
with respect to a given airfoil. Then the lift L is 
proportional to the sine of the angle of attack with 
respect to the first axis and the moment about M to 

If this moment is to be independent of a, the coeffi¬ 
cients of sin 2a and cos 2a must vanish. 
Then 

and 

Hence, 

62cos 2y=Rrco$ (/3+cr) 

b2 sin 2y=Rr sin (/3 + a) 

b2 
r— ^and <r = 2y — 

Then if we move the reference point of the moment to 

b2 
a point F whose radius vector from M is 75e,(2'r the 

moment existing at F is. for all angles of attack con¬ 
stant, and given by 

MF = 2irpb2V2 sin 2(7 — /3) (51) 

Figure 18.—Illustrating the geometrical properties of an airfoil (axes and lift parabola of the R. A. F. 19 airfoil) 

the sine of twice the angle of attack with respect to 

the second axis. 
From equation (47) we note that the moment at any 

point Q whose radius vector from M is reia, is given by 

Mq = 2-irpb2V2 sin 2 (a + 7) — Lr cos (a + a) 

Let us determine whether there exist particular 
values of r and a for which MQ is independent of the 
angle of attack a. Writing for L its value given by 

equation (45), 

Mq = 2irpb2V2 sin 2(a 4- 7) — 4-irpRrV2 sin (a + j8) cos (a + a) 

And separating this trigonometrically 

Mq = 2ttpV2[{b2 cos 2y—Rr cos (/3+ a)) sin 2a 

+ (b2 sin 2y—Rr sin (/3+ or)) cos 2a 

— Rr sin (/3— <x)] 

It has thus been shown that with every airfoil pro¬ 
file there is associated a point Ffor which the moment 
is independent of the angle of attack. A change in 
lift force resulting from a change in angle of attack 
distributes itself so that its moment about Fis zero. 

From equation (47) it may be noted that at zero lift 
(i. e., a = —13) the airfoil is subject to a moment couple 
which is, in fact, equal to MF. This moment is often 
termed “diving moment” or “moment for zero lift.” 
If MF is zero, the resultant lift force must pass through 
F for all angles of attack and w'e thus have the state¬ 
ment that the airfoil has a constant center of pressure, 

if and only if, the moment for zero lift is zero. 
The point F, denoted by von Mises as the focus of 

the airfoil, will be seen to have other interesting prop¬ 
erties. We note here that its construction is very 
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b2 
simple. It lies at a distance ^ from Mon a line making 

angle 2y— (3 with respect to the x axis. From Figure 
18 we see that the angle between this line and the first 
axis is bisected by the second axis. 

The arm hF from F onto the resultant lift vector L 
(hF is designated FT in Figure 18; note also that FT, 
being perpendicular to L, must be parallel to the direc¬ 
tion of flow; the line TV is drawn parallel to the first 
axis and therefore angle VTF=a + (3) is obtained as 

, MF —b2 sin 2(/3—7) 

or setting 

L 2R sin(a-i 

sin 2('/3 

&) 

-7) 

hF=- 
h 

(52) 
sin(o!+/3) 

But hF is parallel to the direction of a, and the relation 
h = —hF sin (a+/3) states then that the projection of 
hF onto the line through F perpendicular to the first 
axis is equal to the constant h (h is designated FV in 
the figure) for all angles of attack. In other words, 
the pedal points T determined by the intersection of 
hF and L for all positions of the lift vector L lie on a 
straight line. (The line is determined by T and V in 
fig. 18.) The parabola is the only curve having the 
property that pedal points of the perpendiculars 
dropped from its focus onto any tangent lie on a 
straight line, that line being the tangent at the vertex. 
This may be shown analytically by noting that the 
equation of L for a coordinate system having F as 
origin and FV as negative x axis is 

h 
x sin at + y cos ax*=hF=> ~ p} 

By differentiating with respect to a: = a+/3 and elim¬ 
inating we get the equation of the curve which the 
lines L envelop as y2 = dh(x + h). From triangle FVS 
in Figure 18, it may be seen that the distance 

b2 
MF = ^> is bisected at S by the line TV; for, since 

FV=h = 7yn sin 2(y — jS) and angle FSV= 2(/3 —7), then 

SF= bl 
2 R 

It has thus been shown that the resultant lift 

vectors envelop, in general, a parabola whose focus is 
at F and whose directrix is the first axis. The second 
axis and its perpendicular at M, it may be noted, are 
also tangents to the parabola being, by definition, the 

resultant lift vectors for a= — 7 and a=-x — y, respec¬ 

tively. 

If the constant h reduces to zero, the lift vectors 
reduce to a pencil of lines through F. Thus a constant 
center of pressure is given by h = 0 or sin 2(/3 — 7) = 0 

which is equivalent to stating that the first and second 
axes coincide. The lift parabola opens downward 
when the first axis is above the second axis (d>7); it 
reduces to a pencil of lines when the two axes are 

coincident (/3 = 7) and opens upward when the second 
axis is above the first (/3<^7). 

W. Muller 23 introduced a third axis which has some 
interesting properties. Defining the complex coordi¬ 
nate as the centroid of the circulation by 

ana using equations (25) and (32) one obtains 

where 

T0 = 1 

fo-Ci=Zo + %0 

t [R sin « + sin (a+ 27)] 
2 sin (a + 0) 

1 

R 

b2 
(53) 

V° = 2 sin (a + ffj ^ cos “ ■- R cos (a+ '2y) 1 

The equation of the lift vector lines referred to the 
origin at M and x axis drawn through M is 

x cos a — y sin a. = 
b2 sin (a 4- 7) 

2R sin (a + 0) 
(54) 

and it may be seen that the point (x0, y0) satisfies this 
equation. The centroid of the circulation then lies on 
the lift vectors. By elimination of a from equation 

(53) one finds as the locus of (£0, y0) 

b2 
2xq[R cos p-ft cos (/3 — 2y)] + 2y0[R sin jS 

b2 b4 
+jsm (0 — 2y)] =R2~j£2 

(55) 

which is the equation of a line, the third axis, and 
proves to be a tangent to the lift parabola. Geomet¬ 
rically, it is the perpendicular bisector of the line FF' 
joining the focus to the point of intersection of the 
first axis with the circle. (Fig. 18.) 

The conformal centroid of the contour.—It has 
already been seen that the point M has special inter¬ 
esting properties. The transformation from the air¬ 
foil to the circle having M as center was expressed in 
the normal form and permitted of a very small e(<p) 
curve. (See p. 188.) It was also shown that the 
moment with respect to M is simply proportional to 
the sine of twice the angle of attack with respect to 
the second axis. We may note, too, that in the pres¬ 
entation of this report the coordinate of M, f = Ci 

^ 0 

of the F(<p) curve. 
We shall now obtain a significant property , of M 

invariant with respect to the transformation from air¬ 
foil to circle. We start with the evaluation of the 

integral 
dz 

ds 

22 Reference 7, p. 169. Also Zs. fur Ang. Math. u. Mech. Bd. 3 S. 117, 1923. 
Airfoils having the same first, second, and third axes are alike theoretically in 

total lift properties and also in travel of the center of pressure, i. e., they have the 

same lift parabola. 
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where A is the airfoil contour, ds the differential of 
ds 

, as will be recalled, is the magni- arc along A, and 
dr 

fication factor of the transformation £=j(z) mapping 
airfoil into circle; i. e., each element ds of A when 

ds . ... 
gives dS the differential of arc in the magnified by 

dr 
plane of the circle, i. e., |ds|. Then we have, 

ft 
ds 

dt 
ds= ft(z) |dsj and by equation (25), 

c 

Then 

= f^i + z+j + ^F . .)|dz| 

2tt / 
= f (clJrReiv+ jpe~2i,p 

ds 
— 2tR Ci 

+ 

clfdS=clf 
C A dr 

ds 

Ci 
ft 
A 

dz 
a? ds 

f 
A 

dz 

dt 
ds 

(56) 

The point M of the airfoil is thus the conformal cen¬ 
troid obtained by giving each element of the contour 
a weight equal to the magnification of that element, 
which results when the airfoil is transformed into a 
circle, the region at infinity being unaltered. It lies 
within any convex region enclosing the airfoil contour.23 

ARBITRARY AIRFOILS AND THEIR RELATION TO 
SPECIAL TYPES 

The total lift and moment experienced by the air¬ 
foil have been seen to depend on but a few parameters 
of the airfoil shape. The resultant lift force is com¬ 
pletely determined for a particular angle of attack by 
only the radius R and the angle of zero lift /?• The 
moment about the origin depends, in addition, on the 
complex constants cx and at or, what is the same, on 
the position of the conformal centroid M and the focus 
F. The constants cx and ax were also shown (see foot¬ 
note 20) to depend only on the first and second har¬ 
monics of the e(<p) curve. Before studying these 
parameters for the case of the arbitrary airfoil, it will 
be instructive to begin with special airfoils and treat 
these from the point of view of the “conformal angular 
distortion” b(<p)] curve. 

Flow about the straight line or flat plate.—As a 
first approximation to the theory of actual airfoils, 
there is the one which considers the airfoil section to 
be a straight line. It has been seen that the line of 
length 4a is obtained by transforming a circle of radius 

• (X2 
a, center at the origin, by f=z+-* The region ex- 

z 

2} Cf. P. Frank and K. Lowner, Math. Zs. Bd. 3, S. 78, 1919. Also reference 5, 
p. 146. 

tern a 1 to the line 4a in the £ plane maps uniquely into 
the region external to the circle \z\—a. A point Q of 
the line corresponding to a point P at aeie is obtained 
by simply adding the vectors a(ei9 + e~i9) or completing 
the parallelogram OPQP'. 

For ^ = 0, we have from equation (6) 
x = 2a cosh \p cos 6 — 2a cos d 
y = 2a sinh \p sin 0 = 0 

Then the parameters for this case are R = a, /3 = (), 

ai=a2 (i. e., b— a, 7 = 0), and M is at the origin O. 
Taking the Kutta assumption for determining the 
circulation we have, 

the circulation, F = 47ra V sin « 

the lift, L = 47rapV'2 sin « 
moment about M, MM = 2ra2pV2 sin 2a 
... b- 

position of F is at zF =Ci + -^ ^ = a 

Since /3 = y, we know that the travel of the center of 
pressure vanishes and that the center of pressure is at 

F or at one-fourth the length of the line from the lead¬ 
ing edge. The complex flow potential for this case is 

w(f) = - V[z(£)eia+ <^“3 + ^ ^g z(£) (58) 

where z(£)= -j — a2 is the inverse of equation 

(5). Since ip(<p) =e(<p) =0 for this case, equation (39) 
giving the velocity at the surface reduces to 

v=V 
sin( 

. <p 
sin ~z 

for r = 47ralrsin a, 

and b)^ equation (41) v=V 
7 (sin ((p + a)\ .. 

sin <p 
^ for F 0. 

Flow about the elliptic cylinder.—If equation (5) 
is applied to a circle with center at the origin and 
radius aethe ellipse (fig. 19) 

,_t._. +_t_ 
(2a cosh\f/)2 (2a sinli^)2 

is obtained in the £ plane and the region external to 
this ellipse is mapped uniquely into the region external 
to the circle. The same transformation also trans¬ 
forms this external region into the region internal to 
the inverse circle, radius aeWe note that a point 
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Q of the ellipse corresponding to P at aeis 
obtained by simply completing the parallelogram 
OPQP' (fig. 19) where P' now terminates on the circle 
aeThe parameters are obtained as i? = ae^, j8 = 0, 

ax = a2, M is at the origin O. Then, assuming the rear 
stagnation point at the end of the major axis, 

T ^^irae^V sin a 
L = 4:ir pae^V2 sin a 

MM = 2ira2pV2 sin 2a 

Since /3 = y, the point F is the center of pressure for all 
angles of attack and is located at zF = ae~'l/ from O or a 
distance ae* from the leading edge. The quantity 

EF ae+ 
EE' 2 a{fi* + e~+) 

cosh \f/+ sinh \p 
4 cosh \f/ 

^(1 + tanh ip) 

represents the ratio of the distance of F from the 
leading edge to the major diameter of the ellipse. 

The complex flow potential is identical with that 
given by equation (58) for the flat plate, except that 
the quantity a2 in the numerator of the second term is 
replaced by the constant are2*. Since — constant, 
e(<p)= 0 and equation (39) giving the velocity at each 
point of the surface for a stagnation point at end of 
major axis becomes 

Vsmh 7 + smv 

the equation of a circle; but since y can have only 
positive values, we are limited to a circular arc. In 
fact, as the point P in Figure 20 moves from A' to A 
on the_circle, the point Q traverses the arc A/ Ax and 
as P completes the circuit AA' the arc is traversed in 
the opposite direction. As in the previous cases, we 
note that the point Q corresponding to either P or to 
the inverse and reflected point P' is obtained by com¬ 
pleting the parallelogram OPQP'. We may also note 

M' 

and for zero circulation by equation (41) 

-v-JSkgZr (59') 
ysinh y' + siny 

Circular arc sections.—It has been shown that 
a2 

the transformation f = 2 + — applied to a circle with 

center at 2 = 0 and radius a gives a straight line in the 
f plane, and when applied to a circle with center z = 0 
and radius different from a gives an ellipse in the f 
plane. We now show that if it is used to transform a 
circle with center at z — is (s being a real number) and 
radius Qa2 + s2, a circular arc results. The coordinates 
of the transform of the circle C in the f plane are given 
by equation (6) as 

x = 2a cosh \p cos 9 
y = 2a sinh \p sin 9 

A relation between and 9 can be readily obtained. 
In right triangle OMD (fig. 20), OM = s, angle OMD = 9, 
and recalling that the product of segments of any 
chord through 0 is equal to a2, OD = y2 (OP — OPQ = 

(e^ — e~^) 
a--g= a sinh Then s sin 9 = a sinh ip, and from 

the equation for y,y = 2s sin20. Eliminating both 9 and 
ip in equation (6) we get 

Figure 20.—The circular arc airfoil 

that had the arc AiAi' been preassigned with the 
requirement of transforming it into the circle, the most 
convenient choice of origin of coordinates would be 
the midpoint of the line, length 4a, joining the end 
points. The curve B then resulting from using trans¬ 
formation (5) would be a circle in the z' plane, center 
at z' = is, and the theory developed in the report could 
be directly applied to this continuous closed B curve. 

Had another axis and origin been chosen, e. g., as in 
Figure 21, the B curve resulting would have finite 
discontinuities at A and A', although the arc AxAi is 
still obtained by completing the parallelogram OPQP'. 

The parameters of the arc AXA/ of chord length 4a, 

and maximum height 2s are then, R=^a2 + s2, 

/3 = tan-1-- The focus F may be constructed by 

erecting a perpendicular to the chord at A' of length s 
(60) 
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and projecting its extremity .on MAf. The center M' 
of the arc also lies on this line. 

The infinite sheet having the circular arc as cross 
section contains as a special case the flat plate, and 
thus permits of a better approximation to the mean 
camber line of actual airfoils. The complex flow poten¬ 
tial and the formulas for the velocity at the surface 
for the circular arc are of the same form as those 
given in the next section for the Joukowsky airfoil, 
where also a simple geometric interpretation of the 
parameters e and \f/ are given. 

Joukowsky airfoils.—If equation (5) is applied to 
a circle with center at z = s, s being a real number, and 
with radius R^aFs, a symmetrical Joukowsky air¬ 
foil (or strut form) is obtained. The general Joukow¬ 
sky airfoil is obtained when the transformation 

f =z+ — is applied to a circle C passing through the 
£ 

point z=—a and containing z = a (near the circum¬ 
ference usually), and whose center M is not limited to 
either the x or y axes, but may be on a line OM inclined 
to the axes. (Fig. 22.) The parametric equations of 
the shape are as before 

x = 2a cosh \}/ cos 9 
(6) 

y = 2a sinh \p sin 6 

Geometrically a point Q of the airfoil is obtained by 
adding the vectors ae^*6 and ae~'i'~id or by completing 
the parallelogram OPQP’ as before, but now Pf lies on 
another circle Br defined as z = ae~'l/~ie, the inverse 
and reflected circle of B with respect to the circle of 
radius a at the origin (obtained by the transformation 
of reciprocal radii and subsequent reflection in the x 
axis). Thus OP-OP' = a2 for all positions of P, and 
OP' is readily constructed. The center Mx of the 
circle B' may be located on the line AM by drawing 
OMi symmetrically to OM with respect to the y axis. 
Let the coordinate of M be z = is + deif}, where d, s, 
and £ are real quantities. The circle of radius a, with 
center M0 at z — is, is transformed into a circular arc 
through A,A/ which may be considered the mean 
camber line of the airfoil. At the tail the Joukowsky 
airfoil has a cusp and the upper and lower surfaces 
include a zero angle. The lift parameters are 

R= -^JaF+s2 + d, /3 = tan_1^> eq = <P = b2e2iy or b = a and 

7 = 0. Since 7 = 0, the second axis has the direction of 
the x axis. The focus F is determined by laying off 

cP 
the segment MF= ^ on the line MA'. This quantity, 

it may be noted, is obtained easily by the following 
construction. In triangle MDC', MD = R, MC' and 
MC are made equal to a, then CF drawn parallel to 

DC' determines MFThe lift parabola may be 

now determined uniquely since its directrix AM and 
focus F are known. 

It may be observed that if it is desired to transform 
a preassigned Joukowsky profile into a circle, there 
exists a choice of axis and origin for the airfoil such 
that the inverse of transformation (5) will map the 
airfoil directly into a circle. This axis is very approx¬ 
imately given by designating the tail as ( — 2a, 0) and 
the point midway between the leading edge and the 
center of curvature of the leading edge as ( + 2a, 0) the 
origin then bisecting the line joining these points. 

The complex potential flow function for the Jou- 
kowsky airfoil is 

w(r) = - F^(r)^“+—^J+^iog^(r) (6i) 

where 

g(X) = 2±V(§)2~a2-m 
By equation (39) we have for the velocity at the 
surface 

F[sin(o; + ^) + sin(a+ 0)]^ 1 + 

■yj (sinh V + sin20)(^l+(J^ j 

This formula was obtained by transforming the flow 
around C into that around B and then into that around 
A. Since we know that B is itself a circle for this 
case, we can simply use the latter two transformations 
alone. 
We get 

v = l7[sin (a + <p) + sin (a + ff)] e* ,Q2. 

-y/sinh V + sin20 

That these formulas are equivalent is immediately 
evident since the quantity 

is unity being the ratio of the magnification of each 
arc element of C to that of B. (See eq. (37).) 
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A very simple geometrical picture of the parameters 
e and ip, exists for the cases discussed. In Figure 
23 the value of e or <p — 6 at the point P is simply 

Figure 23.—Geometrical representation of e and <p 
for Joukowsky airfoils 

angle OPM, i. e., the angle subtended at P by the 
origin 0 and the center M. The angle of zero lift is 
the value of e for 0=x; i. e, eTall == (3 = OTM. In 
particular, we may note that e = 0 at £ and Sj which 
are on the straight line OM. Consider the triangle 

OMP, where OP = ae\ MP = R = ae+°, angle 

OPM= e; also, MOX=8, MOP = 6--8, 0MP = t- 
(<p — 8). Then by the law of cosines, we have 

= 1+2p cos (<p — 8) + p2 
or 

<A — <A0 = 4y log (1 +2p cos(<p-5) +P2) (63) 

= | (__ i)»-! cos n(<p-&) 
n 

and by the law of sines 

sin e = 
p sin(ip — 8) 

(1 + 2p cos (<p — 8) + p2) ‘/i 

or 

/ \ * _i psin(^-5) e(<p) = tan 1T—--— 
1 + p cos (<p — 8) 

Z / ^n-isin n(<p-8) n 
7 1 n 

(64) 

We see that, as required, the expressions for the “radial 
distortion” y'/(<p) and the “angular distortion” e(<p) 
are conjugate Fourier series and may be expressed as 
a single complex quantity 

Te = 2 
l 
(-1)*-1 

n 
png—in(p—5) 

= log [1 + pe 5)] 

It is evident also that the coefficient for n = 1 or the 
“first harmonic term” is simply pei& and a translation 
by this quantity brings the circle C into coincidence 
with B as was pointed out on page 187. 

The constant = f'P&V ls readily shown to be 
0 

invariant to the choice of origin 0, as long as 0 is 
within B. he have 

{ 2tt \2iri 
JT - log (1 +2p cos (<p-<5) -f p2)e2Vl<£> 

-7r0 2t() 2 

2tT / oo 
f\ *„+2 (-1)“-’ 

0 \ 1 

cos n(<p — 8) 
n 

d<p=Wo 

Figure 24 shows the Joukowsky airfoil defined by 
p = 0.10 and 5 = 45°, and Figure 25 shows the \p{0), 
\p(<p), e(0), and e(<p) curves for this airfoil. 

Arbitrary sections.—In order to obtain the lift 
parameters of an arbitrary airfoil, a convenient choice 
of coordinate axes is first made as indicated for the 
Joukowsky airfoil and as stated previously. (Page 181.) 
The curve resulting from the use of transformation (5) 
will yield an arbitrary curve ae'l/+ie which will, in 
general, differ very little from a circle. The inverse 
and reflected curve ae~'f,~id will also be almost circular. 
The transition from the curve aeto a circle is 
reached by obtaining the solution e(<p) of equation 
(13). The method of obtaining this solution as 
already given converges with extreme rapidity for 
nearly circular curves. 
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The geometrical picture is analogous to that given 

for the special cases. In Figure 26 it may be seen that 

a point Q on the airfoil (N. A. C. A. -M6) corre¬ 

sponding to P on the B curve (or P' on the B' curve) 

is obtained by constructing parallelogram OPQP'. 
The ip{9) and i(0) curves are shown in Figure 27 for 

this airfoil. The complex velocity potential and the 

expression for velocity at the surface are given respec- 

The method used for arbitrary airfoils is readily 

applied to arbitrary thin arcs or to broken lines such 

as the sections of tail surfaces form approximately. In 

Figure 26 the part of the airfoil boundary above the x 
axis transforms by equation (5) into the two discon¬ 

tinuous arcs shown by full lines, while the lower 

boundary transforms into the arcs shown by dashed 

lines. If the upper boundary surface is alone given 

(thin airfoil) we may obtain a closed curve ae*+id only 

by joining the end points by a chord of length 4a and 

choosing the origin at its midpoint.25 The resulting 

curve has two double points for which the first deriva¬ 

tive is not uniquely defined and, in general, it may be 

seen that infinite velocities correspond to such points. 

xlt a point of the \f/(d) curve corresponding to a 

mathematically sharp corner, there exist two tangents, 

that is, the slope 
d t(d) 

dd 
is finitely discontinuous. The 

tively by equations (33) and (39). The lift param¬ 

eters are 

R ae* o, |S = eTau (at 6= tt),Mis at2 = C! ~ f 'P(<p)el,pd<p 

x 0 

and Fis at 2 = + where Gq is given in equation (25'). j 

The first and second axes for the N. A. C. A. -M6 

airfoil are found to coincide and this airfoil has then a 

constant center of pressure at F. Figures 28 (a) to 

28 (1) give the pressure distribution (along the x axis) j 
for a series of angles of attack as calculated by this 

theory and as obtained by experiment.24 Table I 

contains the essential numerical data for this airfoil. 

24 The experimental results are taken from test No. 323 of the N. A. C. A. variable- 
density wind tunnel. The angle of attack <* substituted in equation (39) has been j 
modified arbitrarily to take account of the effects of finite span, tunnel-wall inter- ; 
ference, and viscosity, by choosing it so that the theoretical lift is about 10 per cent ! 
more than the corresponding experimental value. The actual values of the lift ! 
coefficients are given in the figures. I 

curve e(0) must have an infinite slope at such a point 

for according to a theorem in the theory of Fourier 

series, at a point of discontinuity of a F. S., the con¬ 

jugate F. S. is properly divergent. This manifests 

itself in the velocity-formula equation (39) in the fac¬ 

tor ( 1 
de\ 

which is infinite at these sharp corners. 

For practical purposes, however, a rounding of the 

sharp edge, however small, considerably alters the slope 

at this point. 
d0 1 

Ideal angle of attack.—A thin airfoil, represented 

by a line arc, has both a sharp leading edge and a 

sharp trailing edge. The Kutta assumption for fixing 

the circulation places a stagnation point at the tail for 

all angles of attack. At the leading edge, however, 

25 Note that ^(0+*) = ~4- (0) for this case. 

40768—34- 14 
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Theoretical Experimental 
o Upper surface x Lower surface 

(A verage R.N. = 3 x 10s) 

Figures 28 a to e.—Theoretical and experimental pressure distribution for the M6 airfoil at various angles of attack 
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Theoretical 

Theoretical Experimental 
O Upper surface 

Theoretical Experimental 
o Upper surface 

- u.ao £ /,£/«- 

Figures 28 f to j.—1Theoretical and experimental pressure distribution for the M6 airfoil at various angles of attack 
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the velocity is infinite at all angles of attack except 

one, namely, that angle for which the other stagnation 

point is at the leading edge. It is natural to expect 

that for this angle of attack in actual cases the fric¬ 

tional losses are at or near a minimum and thus arises 

the concept of “ideal” angle of attack introduced by 

Theodorsen (reference 8) and which has also been 

designated “angle of best streamlining.” The defini¬ 

tion for the ideal angle may be extended to thick 

airfoils, as that angle for which a stagnation point 

occurs directly at the foremost point of the mean 

camber line. 

The lift at the leading edge vanishes and the change 

from velocity to pressure along the airfoil surface is 

usually more gradual than at any other angle of attack. 

of this function, one can determine airfoil shapes of 

definite properties. The e(v>) function, which we have 

designated conformal angular distortion function, will 

be soon to determine not only the shape but also to 

give easily all the theoretical aerodynamic character¬ 

istics of the airfoil. 

An arbitrary e(v>) curve is chosen, single valued, of 

period 2x, of zero area, and such that — oo ^ <n. 
dip 

These limiting values of are far beyond values 

yielding airfoil shapes.27 The iJ/(<p) function, except for 

the constant \f/0, is given by the conjugate of the 

Fourier expansion of e(v) or, what is the same, by 

evaluating equation (14) as a definite integral. The 

Theoretical Experimental 
o Upper surface 
x Lower surface 

Theoretical Experimental 
o Upper surface 
x Lower surface 

Figures 28 k to I.—Theoretical and experimental pressure distribution for the M6 airfoil at various angles of attack 

The minimum profile drag of airfoils actually occurs 

very close to this angle. At the ideal angle, which we 

denote by «/, the factor [sin (a+<£?) +sin (o; + 0)] in 

equation (39) is zero not only for 9 = tv or e = eT = 0 but 

also for 0 = 0 or e = eN. We get 

oif T e^r — (ct/ T 6t>) or 
(e;v T eT) 

ar = (65) 

CREATION OF FAMILIES OF WING SECTIONS 

The process of transforming a circle into an airfoil is 

inherently less difficult than the inverse process of 

transforming an airfoil into a circle. By a direct appli¬ 

cation of previous results we can derive a powerful and 

flexible method for the creation of general families of 

airfoils. Instead of assuming that the \p(Q) curve is 

preassigned (that is, instead of a given airfoil), we 

assume an arbitrary Tp(<p) or e(<p) curve 26 as given. 

This is equivalent to assuming as known a boundary- 

value function along a circle and, by the proper choice 

28 Subject to some general restrictions given in the next paragraph. 

constant \f/0 is an important arbitrary28 parameter 

which permits of changes in the shape and for a certain 

range of values may determine the sharpness of the 

trailing edge. 

We first obtain the variable 6 as d (<p) = <p — e (<p), so 

that the quantity \p considered as a function of d is 

\p (9) = \p [tp (0)]. The coordinates of the airfoil surface 

are then 
x = 2a cosh \p cos 6 

y = 2a sinh ip sin 9. 
(6) 

27 For common airfoils, with a proper choice of origin, j <<0.30. 

28 For common airfoils Vo is usually between 0.05 and 0.15. The constant is 
not, however, completely arbitrary. We have seen that the condition given by 
erpiation (22) is sufficient to yield a contour free from double points in the z' plane. 
We may also state the criterion that the inverse of equation (5) applied to this 
contour shall yield a contour in the f plane free from double points. Consider the 
function t(0) for 0 varying from 0 to *■ only. The negative of each value of i{0) in 
this range is considered associated with —0. i. e., ir^O^Zir. Designate the function 
thus formed from 0=0 to 2-n- by ^(0)*. Then V(0)* represents a line arc in the f 
plane, i. e., the upper surface of a contour. [See footnote 25.] Then for the entire 
contour to be free from double points it is necessary that the lower surface should not 
cross the upper, that is, the original ^(0) curve for 0 varying from t to 2ir must not 

cross below iA(0)*. 
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The velocity at the surface is 
[sin (a + <p) + sin (a + /3)] e*0 

V 

(sinhV + sm2«)L(l-^J + (0 

(39') 

and is obtained by using equation (37') instead of (37) 
in deriving (39). The angle of zero lift /3 is given by 

<p (0) — 6 + i (6) for 6 = x, i. e., <p (x) = x + /k 
The following figures and examples will make the 

process clear. We may first note that the most natural 
method of specifying the e (<p) function is by a Fourier 
series expansion. In this sense then .the elementary 
types of e (<p) functions are the individual terms of 
this expansion. 

29(h) to 29(t). In particular, the second harmonic 
term may yield S shapes, and by a proper combina¬ 
tion of first and second harmonic terms, i. e., by a 
proper choice of the constants A2, 8U and <$2 in the 
relation 

e(<p) —Ai sin (<p — 8i) + A2 sin (2<p — 82) 

it is possible to fix the focus F of the lift parabola as 
the center of pressure for all angles of attack.29 The 
equation 

t(<p) =0.1 sin (<p — 60°) + 0.05 cos 2<p 
represents such an airfoil and is shown in Figure 29(u). 

The general process will yield infinite varieties of 
contours bv superposition of sine functions; in fact, if 

e (<p)=0.t sirup 
ip0 =0.I / 

f(ipj=0./ sin(<p-/5°) 

f(tp)=0.05 sinfp-45°J 
ip0 =0.05 

((<p)=O.I sin(<p-45°) 
il/n =008 

f(pj=0./ sin(<p-30°J e(<p)=O.I s/n(<p-45°J 
\p0=O.I2 

e(tp)=O.I sin(3<p-90°J 
ip0=OJ 

e(<p)=O.I sir>(<p~45°) €(<p)=0./5 sin(<p~45°) 
ip0 =0. /5 

e(<p)=O.I sinOtp 
lpo=0.t 

e(<p)=0,075 sin(4<p) 

€(<p)=0.i sinfp-75°) ((<p)=0./ sin(2<p-45°) 

e[<pj=0. / sin(v-90°) ((<pj=0./ sin(2(p-90°) 

Figure 29.—Airfoils created by varying t(<p) 

e(<p)=0.075 s/n(4p-90°) 

Consider first the effect of the first harmonic term 

e (<p) =Ai sin (fp-5,), ^ = c 

In Figures 29(a) to 29(g) may be seen the shapes 
resulting by displacing ^ successively by intervals of 
15° and keeping the constants Ai = 0.10 and y'0 = 0.10. 
The first harmonic term is of chief influence in deter¬ 
mining the airfoil shape. The case e(y) = 0.1 sin 
(y-45°) is given detailed in Table II. (This airfoil 
is remarkably similar to the commonly used Clark 5 
airfoil.) The entire calculations are characterized by 
their simplicity and, as may be noted, are completely 
free from the necessity of anjr graphical evaluations or 
constructions. 

The effect of the second and higher harmonics as 
well as the constant \f/0 may be observed in Figures 

the process is thought of as a boundary-value problem 
of the circle, it is seen that it is sufficiently general to 
yield every closed curve for which Riemann’s theorem 
applies. 

Langley Memorial Aeronautical Laboratory, 

National Advisory Committee for Aeronautics, 

Langley Field, Va., November 4, 1932. 

29 This is accomplished as follows: Weseek to determine the constants At, At, it, and 
(jjZ 

St so that 6=y, where 7 is obtained from equation (2:/) as ai=62e2,A=a2-f —+C2 and 

we may note that n^=Aje£Si and Ate,s2. These relations are transcenden¬ 

tal; however, with but a few practice trials, solutions can be obtained at will. Addi¬ 
tion of higher harmonics will yield further shapes having the same center of pressure 
properties if d is kept unchanged. 



APPENDIX 

I. EVALUATION OF THE INTEGRAL. 

1 2x a 
= f H<p) COt^ 

2x 0 2 

= iosr 
0 7T ~r\ d if 

sin 

The function \p(<p) is of period 2t and is considered 
known. (Note that the variables <p and <p' are re¬ 
placed by 0 and 0', <p\ and <pi', ip2 and ip2 , etc., in 
equation (21) and that the following formula is 

applicable for all these cases.) 
A 20-point method for evaluating equation (13) as 

a definite integral gives 

e(v?') = “ “|j*o- + <i\ («Ai “ t-i) + ^ ~ f-2) 

.T ^9(^9 + . = <5/ (I) 

where 

1^1 = value of at <p = <p' + 
7T 

To 

nw 
\j/n = value of ^(^?) at <p = <p' + ^q 

(ft=l,-l, 2, -2, ... . 9, -9). 

7T 
and the constants an are as follows: a0= jq = 0.3142; 

ax = 1.091; a2 = 0.494; a3 = 0.313; a4 = 0.217; as = 0.158; 

a6 = 0.115; a7 = 0.0884; a8 = 0.0511; and a9 = 0.0251. 
This formula may be derived directly from the 

definition of the definite integral. The 20 intervals1 
7T 7T , 7T j_ _ , 3t 

chosen are — 9b oq’ ^ + 20 t0 <p+‘2b~’ etc- 

It is only necessary to note that by expanding \p(<p) in 

a Taylor series around <p = ip' we get 

<pr + s 
\ f tie) cot 

<p' — s 

r&±M I 
L J(p=(p' 

where the interval <p'— s to T + s is small. And, in 

general, 
<p2 _ / 

I f *K<p) cot d<p 
<Pi 

is very nearly 
<P—<P2 

~ f A l0g 
sin 

sin <p — <Pi 

* Reference 2, p. 11, gives a 10-point method result. 
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where the range (p2 — <Pi is small and \pA is the average 
value of in this range. The constants an for the 

^ dtp (13) 20 divisions chosen above 

<p- T 
dip (13') (in = log* 

. 2ft +1 
sin it 4(} 

2 . 2ft-1 
Sill IT 4Q 

(ft = — 9, . + 9) 

As an example of the calculation of c(0) we may refer 
to Table I and Figures 26 and 27 for the N. A. C. A. 
-M6 airfoil. From the ^(0) curve (fig. 27) we obtain 

the 20 values of \p and ^ for 20 equal intervals of 0. 

For the airfoil (fig. 26) we get the following values: 

(Upper 
6 surface) * 

d7 
&6 

(Lower 
6 surface) 

d7 
d0 

0 (nose) 0. 192 0. 000 
1 1 7T 
nr 

0. 049 -0. 002 

7T 
lo 

. 185 . 027 
\2w 
nr 

. 057 . 050 

2tt 
To 

. 192 . 000 
137r 
nr 

. 071 . 030 

Stt 
To 

. 189 -. 030 
14?r 
nr 

. 077 . 011 

Air 
To 

. 174 -. 064 
15tt 
10 

. 079 . 000 

57T 
To 

. 146 -. 095 
167T 
To 

. 082 . 016 

07T 
To 

. 110 -. 114 
177T 
10 

. 090 . 039 

7 7T 
To 

. 077 086 
18tt 
10 

. Ill . 091 

8tt 
TO 

. 052 -. 066 
19tt 
10 

. 150 . 154 

9 7T 
To 

. 041 . 025 27r (nose) . 192 . 000 

7r (tail) . 055 . 000 

The value of e at the tail (i. e., the angle of zero lift) 

is, for example, using formula I 

e = — 
i r 7r 

7r[_10 
xo 

+1.091 (.049 — .041) 

+ .494 (.057- .052) 

+ .313(.071- .077) 

+ .2170077- .110) 

+ .1580079- .146) 
+ .115(.082- .174) 

+ .0884 (.090- -.189) 

+ .0511 (.111 -.192) 
+ .0251 (.150- .185)1 = -0105 
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3 7r 
The value of e for 0= for example, is obtained by 

a cyclic rearrangement. Thus, 

+ 1.091 (.174 — .192) 

+ .494(.146-.185) 

+ .3130110-. 192) 

+ .217 (.077 — .150) 

+ .158(.052 — .111) 

+ .115(.041-.090) 

+ .0884 (.055-.082) 

+ .05110049-.079) 

+ .0251(.057 - .077)] = .0347 

The 20 values obtained in this way form the ?i(0) 

curve, which for all practical purposes for the airfoil 

considered, is actually identical with the final e(0) 

curve. 

II. NOTES ON THE TRANSFORMATION. 

f=/(2) =Ci + 2 + -1 + -2+ . . . (4') 

There exist a number of theorems giving general 

limiting values for the coefficients of the transforma¬ 

tion equation (4), which are interesting and to some 

extent useful. If f=/(2) transforms the external 

region of the circle C of radius R in the 2 plane, into 

the external region of a contour A in the f plane in a 

one-to-one conformal manner and the origin (* = 0 lies 

'within the contour A (and/'(<») = 1) then the area 

inclosed by A is given by the Faber-Bieberbach 

theorem as 2 
OO l |o 

O r> 2   y n\Wn\ 
* K * #2(n+l) 

Since all members of the above series term are positive, 

it is observed that the area of C is greater than that 

inclosed by any contour A in the f plane (or, at most, 

equal to the area inclosed by A if A is a circle). 

This theorem leads to the following results 

(a) 

\cx\S2R (b) 

Let us designate the circle of radius R about the 

conformal centroid M as center as C\ (i. e., the center 

is at ^ — Ci) this circle has been called the “Grund- 

kreis” or “basic” circle by von Mises). Then since 

kb -jj represents the distance of the focus F from M, the 

relation (a) states that the focus is always within C\. 
In fact, a further extension shows that if r0 is the radius 

of the largest circle that can be inclosed within A, then 

r 2 
F is removed from C\ by at least 

a For details of this and following statements see reference 5, p. 100 and p. 147, and 

also reference 6, Part II. 

From relation (b) may be derived the statement that 

if any circle within A is concentrically doubled in radius 

it is contained entirely within a circle about M as 

center of radius 2R. Also, if we designate by c the 

largest diameter of A (this is usually the “chord” of 

the airfoil) then the following limits can be derived: 

R>\c 

These inequalities lead to interesting limits for the 

lift coefficient. Writing the lift coefficient as 

CL= 
L 

%pV2c 

where by equation (45) the lift force is given by 

L = 4:TrRpV2 sin (cx+/3) 

we have 
O E> 

2t sin (a + @) 5* CL =-- sin (a + /3) iS 4t sin (a + /3) (II) 
c 

The flat plate is the only case where the lower 

limit is reached, while the upper limit is attained for 

the circular cylinder only. We may observe that a 

curved thin plate has a lift coefficient which exceeds 

2-7t sin (a + j3) by a very small amount. In general, the 

thickness has a much greater effect on the value of 

the lift coefficient than the camber. For common 

airfoils the lift coefficient is but slightly greater than 

the lower limit and is approximately 1.1X27T sin 

(a + p). 
Another theorem, similar to the Faber-Bieberbach 

area theorem, states that if the equation $=j(z) trans¬ 

forms the internal region of a circle in the 2 plane into 

the internal region of a contour B in the f plane in a 

one-to-one conformal manner and /'(O) = 1 (the origins 

are within the contours) then the area of the circle is 

less than that contained by any contour B. This 

theorem, extended b}^ Bieberbach, has been used in an 

attempt to solve the arbitrary airfoil.3 The process 

used is one in which the area theorem is a criterion as 

to the direction in which the convergence proceeds. 

Although theoretically sound, the process is, when 

applied, extremely laborious and very slowly con¬ 

vergent. It can not be said to have yielded as yet 

really satisfactory results. 

III. LOCATION OF THE CENTER OF PRESSURE FOR AN 
ARBITRARY AIRFOIL 

It is of some interest to know the exact location of 

the center of pressure on the x axis as a function of the 

angle of attack. In Figure 30, O is the origin, M the 

conformal centroid, L the line of action of the lift 

force for angle of attack a. Let us designate the 

3 Muller, W., Zs. f. angew. Math. u. Mech. Bd. 5 S. 397, 1925. 
Ilohmiorf, F., Zs. f. angew. Math. u. Mech. Bd. 6 S. 265, 1926. 
Also reference 5, p. 185. 
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intersection of L with the x axis of the airfoil as the 
center of pressure P. 

tained graphically, of the \J/ against 6, and e against 
d curves, respectively; (12) is given by 

In the right AONM we have, 

OM = Ci — meib = Ay + iRx 

ONcos 6 = 

MN = m sin b = Bx 

and in right AJKM, KM 
MJ 
sin a 

hiu 

sin a 

Then KN=-^—Bx 
sin a 

and NP = KN tan a = hM sec a — By tan a 

By equation (48) 

, Mm _ b2 sin 2 (a+ 7) 
hM-~T'2R "sin (a+W 

Then the distance from the origin to the center of 
pressure P is 

OP = ON+ NP = Al — B1 tan « 
b2 sin 2 (aAy) 
2R cos a sin («+/3) . (Ill) 

Figuke 30.—Center of pressure location on the x axis 

EXPLANATION OF THE TABLES 

Table I gives the essential data for the transforma¬ 
tion of the N. A. C. A. -M6 airfoil (shown in fig. 26) 
into a circle, and yields readily the complete theoretical 
aerodynamical characteristics. Columns (1) and (2) 
define the airfoil surface in per cent chord; (3) and (4) 
are the coordinates after choosing a convenient origin 
(p. 181); (5) and (6) are obtained from equations (7) 
and (8) of the report ; (9) is the evaluation of equation 
(13) (see Appendix); (10) and (11) are the slopes, ob¬ 

where 1J/0 

1 i>4;) eio 

-y/ (sirih V + sin20) (i+i m) 
1 “ 

7T f t (<fi) d(p and may be obtained graphi- 
“7r 0 

cally or numerically; column (13) gives <p — 6 + e. The 
velocity v, for any angle of attack, is by equation (39) 

v = Vk [sin (a + <p) + sin (a + 0)] 
and the pressure is given by equation (3). The angle 
of zero lift /3 is the value of e at the tail; i. e., the value 
of e lor 6= tt. 

Table II gives numerical data for the inverse process 
to that given in Table I; viz, the transformation of a 
circle into an airfoil. (See fig. 29.) The function 
e(<p) =0.1 sin (<^ — 45°) and constant i/'0 = 0.10 are 
chosen for this case. Then i/'(^) = 0.1 cos (^> — 45°) 
+ 0.10. It may be observed that columns (11) and 
(12) giving the coordinates of the airfoil surface are 
obtained from equations (6) of the report. Column 
(13) is given by 

V(sinh 
and the velocity at the surface is by equation (39') 

v=Vk [sin (c*+ <p)+sin (a+j8)] 
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TABLE I 

N. A. C. A—M6 

UPPER SURFACE 

Per cent 
c 

y in per 
cent c 

X V sin W sin ft 
0 

radians i 

1 

0 0 2.037 0.000 0.000 0. 0373 0. 000 0.192 

1. 25 1.97 1.986 . 0796 .0465 .0341 .217 . 184 

2 50 2.81 1.936 .1135 .0941 . 0342 .312 . 184 

5 0 4.03 1.835 . 163 .187 .0354 .447 . 187 

7 5 4.94 1.734 .200 . 275 .0363 .551 . 189 

10 5.71 1.633 .231 .357 .0373 . 640 . 192 

15 6. 82 1.431 .276 .507 .0375 .792 . 193 

20 7. 55 1.229 .305 .636 .0366 .923 . 190 

30 8. 22 .825 .332 .835 .0330 1.153 . 181 

40 8. 05 .421 .325 .957 .0276 1.361 . 165 

50 7. 26 .017 .293 1.000 .0215 1. 571 . 146 

60 6.03 -.387 .244 .963 .0154 1. 764 . 124 

70 4.58 -. 791 .185 .845 .0101 1.975 . 100 

80 3.06 -1.195 .124 .645 .0059 2. 209 . 077 

90 1. 55 -1.599 .063 .363 .0027 2. 495 . 052 

95 .88 -1.801 . 036 . 191 .0016 2.690 .040 

100 .26 -2. 003 .000 .000 .0030 3.142 . 055 

LOWER SURFACE 

o 0 2.037 0.000 0.000 0.0373 6.283 0.192 

1. 25 1.76 1.986 -.071 .0425 .0297 6.075 . 172 

2. 50 2.20 1.936 -.089 .0844 . 0234 5.989 . 152 

5. 0 2.73 1.835 -.110 . 173 .0176 5.855 . 132 

7. 5 3.03 1.734 -. 122 .259 .0144 5.749 . 120 

10 3. 24 1. 633 -. 131 .342 . 0125 5. 659 . 112 

15 3.47 1.431 -. 140 .494 .0099 5. 505 .099 

20 3.62 1.229 -. 146 . 626 .0085 5. 371 .092 

30 3.79 .825 -. 153 .831 .0070 5.136 . 084 

40 3. 90 .421 -.158 .956 .0065 4. 924 . 081 

50 3.94 .017 -. 159 1.000 . 0063 4. 712 . 079 

60 3.82 -.387 -. 154 .963 .0062 4.518 . 0785 

70 3. 48 -.791 -. 141 : 845 .0058 4.307 . 076 

80 2.83 -1.195 -. 114 .645 .0050 4. 074 . 0< 1 

90 1.77 -1.599 -.072 .363 .0035 3.788 . 059 

95 1.08 -1.801 -.044 .191 . 0025 3. 594 . 050 

100 .26 -2.003 .000 .000 .0030 3. 142 . 055 

I 

. 
dvt 

G0 

dt 

do k <p=0+t 

o t 

-0.0457 0.000 0.085 6.280 -2 37 

-. 0276 -.010 .080 4. 249 10 52 

-. 0205 .009 .080 3. 368 16 41 
-.0098 .022 .080 2. 557 25 4 
~. 0015 .022 .080 2.163 31 31 

. 0063 .020 .085 1.929 37 3 

.0188 -.009 .095 1.660 46 27 

.0310 -.031 . 100 1.498 54 38 

. 0549 -.066 .107 1.324 69 11 

.0717 -.085 .088 1.220 82 7 

.0856 -.100 .060 1.166 94 55 

. 0932 -. 100 .025 1. 152 106 25 

.0920 -. 100 -.029 1.167 118 28 

.0828 -.088 -. 056 1. 302 131 19 

.0617 -. 067 -.085 1.687 146 30 

.0410 -. 035 -.080 2. 340 156 28 

.0105 .000 -.027 19.83 180 36 

-0. 0457 0.000 0.085 6. 280 -2 37 

-. 0781 . 133 . 120 4. 615 -16 21 

-.0850 . 160 .050 3. 525 -21 43 

-. 0882 . 133 -.010 2.510 -29 35 

-.0850 . 109 -.045 2.025 -35 28 

-.0811 .080 -.057 1.764 -40 24 

-. 0723 . 069 -.067 1.466 -48 44 

-. 0637 .057 -.067 1.307 -55 54 

-.0516 .025 -.052 1.156 -68 39 

-.0421 .008 -.036 1.098 -80 17 

-. 0350 .000 -.029 1.081 -91 59 

-.0310 .010 -.013 1. 120 -102 53 

-.0300 .019 .000 1.211 -114 55 

-.0295 .036 -.011 1. 370 -128 14 

-. 0235 .044 -.040 1. 769 -144 16 

-.0140 .020 -.067 2.368 -154 50 

.0105 .000 -.027 19. 83 -179 24 

Degrees Radians 

0 0.0000 
5 .0873 

10 . 1745 
15 . 2618 
20 .3491 
25 .4363 
30 . 5236 
35 .6109 
45 .7854 
55 . 9599 
70 1.2217 
80 1. 3963 
90 1. 5708 

100 1.7453 
110 1. 9199 
125 2.1817 
135 2. 3562 
150 2. 6180 
160 2. 7925 
170 2.9671 
180 3. 1416 

Radians 

-0. 0707 0. 0707 
-. 0643 . 1516 
-.0574 . 2319 
-.0500 .3118 
-. 0423 .3914 
-.0342 .4705 
-.0259 .5495 
-. 0174 .6283 

.0000 . 7854 

.0174 . 9425 

.0423 1.1794 

.0574 1. 3389 

.0707 1.5001 

.0819 1. 6634 

. 0906 1.8293 

.0985 2.0832 

. 1000 2.2562 

. 0966 2. 5214 

.0906 2. 7019 

.0819 2.8852 

.0707 3. 0709 

0 0.0000 
-5 -.0873 

-10 -. 1745 
-15 -. 2618 
-20 -.3491 
-25 -. 4363 
-30 -. 5236 
-35 -. 6109 
-45 -. 7854 
-55 -. 9599 
-70 -1. 2217 
-80 -1. 3963 
-90 -1.5708 

-100 -1. 7453 
-110 -1.9199 
-125 -2. 1817 
-135 -2. 3562 
-150 -2. 6180 
-160 -2. 7925 
-170 -2. 9671 
-180 -3.1416 

-0. 0707 0. 0707 
-. 0766 -.0107 
-.0819 -.0926 
-.0866 -. 1752 
-.0906 -. 2585 
-. 0940 -. 3423 
-. 0966 -. 4270 
-.0985 -.5124 
-. 1000 -. 6854 
-. 0985 -.8614 
-. 0900 -1. 1311 
-.0819 -1.3144 
-.0707 -1.5001 
-. 0574 -1.6879 
-. 0423 -1.8776 
-. 0174 -2.1643 

.0000 -2. 3562 

. 0259 -2. 6439 

.0423 -2. 8348 

. 0574 -3. 0245 

.0707 -3.2123 

TABLE II 

e(^)=0.1 sin (#>—45°) ^0=0.10 0=€(ir) =0.0657 = 3° 47' 

0 

Degrees 

O / 

4 3 0. 1707 
8 41 . 1766 

13 17 . 1819 
17 52 . 1866 
22 26 . 1906 
26 57 . 1940 
31 29 . 1966 
36 0 . 1985 
45 0 .2000 
54 0 . 1985 
67 35 . 1906 
76 43 . 1819 
85 57 . 1707 
95 18 .1574 

104 49 . 1423 
119 22 . 1174 
129 16 . 1000 
144 28 .0741 
154 48 . 0577 
165 19 .0426 
175 57 . 0293 

4 3 0.1707 
-0 37 . 1643 
-5 18 . 1574 

-10 2 . 1500 
-14 49 . 1423 
-19 37 . 1342 
-24 28 . 1259 
-29 21 . 1174 
-39 16 . 1000 
-49 21 .0826 
-64 48 . 0577 
-75 19 .0426 
-85 57 . 0293 
-96 43 .0181 

-107 3 .0094 
-124 1 .0015 
-135 0 .0000 
-151 29 .0034 
-162 25 .0094 
-173 18 .0181 
-184 3 .0293 

UPPER SURFACE 

dt dift eosh ift sinft ift COS 0 
<i4> 

l 
a<t> 

0. 0707 0. 0707 1. 0146 0.1715 0.9975 

. 0766 .0043 1. 0156 .1775 .9885 

.0819 .0574 1.0166 . 1826 . 9733 

. 0866 .0500 1.0175 . 1877 .9518 

.0906 .0423 1. 0182 . 1918 . 9243 

.0940 .0342 1. 0189 . 1952 .8914 

.0966 .0259 1.0194 . 1979 . 8528 

.0985 .0174 1.0198 . 1998 .8090 

. 1000 .0000 1. 0201 .2013 .7071 

.0985 -.0174 1.0198 . 1998 . 5878 

.0906 -. 0423 1. 0182 . 1918 . 3813 

. 0819 -. 0574 1. 0166 . 1820 . 229S 

.0707 -. 0707 1. 0140 .1715 . 0706 

.0574 -. 0819 1.0124 . 1581 -.0924 

.0423 -.0906 1.0101 . 1428 -.2557 

. 0174 -.0985 1.0069 . 1177 -. 4904 

.0000 -. 1000 1. 0050 . 1002 -. 6329 

-.0259 -.0966 1. 0028 .0742 -.8138 

-. 0423 -.0906 1.0017 .0577 -.9048 

-. 0574 -.0819 1.0009 .0426 —.9673 

-. 0707 -. 0707 1.0004 . 0293 —. 9975 

sin 0 

0. 0703 
. 1510 
.2298 
.3068 
. 3816 
.4532 
.5223 
.5878 
.7071 
.8090 
.9244 
. 9733 
.9975 
.9957 
.9368 
.8715 
.7742 
.5812 
.4258 
. 2538 
.0706 

£ 
2 

1.0121 
1.0039 

. 9895 

.9685 

.9411 

.9082 

.8693 

.8250 

. 7213 

. 5994 

.3882 

. 2336 

.0716 
-.0935 
-.2583 
-. 4933 
-.6361 
-.8161 
-.9063 
-. 9682 
-.9979 

V 
2 

0.0121 
. 0268 
.0420 
. 0576 
.0732 
.0885 
. 1034 
. 1174 
. 1423 
. 1616 
. 1773 
. 1777 
.1711 
. 1574 
. 1381 
.1026 
.0776 
. 0431 
. 0246 
.0108 
.0021 

LOWER SURFACE 

0.0707 .0707 
.0643 . 0766 
. 0574 .0819 
. 0500 .0866 
.0423 .0900 
.0342 .0940 
. 0259 .0966 
.0174 .0985 
.0000 .1000 

-.0174 .0985 
-. 0423 . 0906 
-. 0574 . 0S19 
-. 0707 .0707 
-.0819 . 0574 
-. 0906 .0423 
-.0985 .0174 
-. 1000 .0000 
-. 0966 -.0259 
-.0906 -.0423 
-. 0819 -. 0574 
-.0707 -. 0707 

1. 0146 0.1715 
1.0135 . 1650 
1.0124 . 1581 
1.0113 . 1506 
1.0101 . 1428 
1. 0090 . 1346 
1. 0079 . 1262 
1.00S9 . 1177 
1. 0050 . 1002 
1.0034 .0827 
1.0017 .0577 
1. 0009 .0426 
1. 0004 . 0293 
1.0002 .0181 
1.0000 .0094 
1.0000 .0015 
1. 0000 I . 0000 
1.0000 .0034 
1.0000 .0094 
1.0002 .0181 
1.0004 .0293 

0.9975 0. 0708 
.9999 1 -.0103 
.9957 i -. 0924 
.9847 -. 1742 
.9368 -. 2557 
.9420 -. 3357 
.9102 -.4142 
.8716 -.4901 
.7742 -. 6329 
.6514 -. 7587 
.4258 -. 9048 
. 2535 —. 9373 
. 0705 -.9975 

-.1170 -.9931 
-.3021 -.9533 
-.5594 -. 8289 
-. 7071 -. 7071 
-. 8787 -. 4774 
-.9533 -.3021 
-. 9932 -. 1167 
-. 9975 +.0706 

1.0121 0.0121 
1. 0134 -.0018 
1.0030 -.0146 

. 9958 -.0262 

. 9766 -.0365 

. 9505 -.0452 

. 9174 -. 0523 

.8776 —. 0577 

.7781 -.0634 

. 6536 -. 0627 

. 4235 -.0522 

. 2537 -.0412 

. 0706 -.0292 
-. 1170 -. 0180 
-.3021 -.0090 
-.5594 -.0012 
-.7071 .0000 
-. 8787 -. 0016 
-. 9533 -.0028 
-. 9934 -.0021 
-. 9979 +. 0021 

k 

6. 3941 
5.1215 
4, 0960 
3. 3602 
2. 8421 
2. 4704 
2.1892 
1.9746 
1. 6689 
1. 4709 
1. 2859 
1.2133 
1.1717 
L 1586 
1. 1756 
1. 2727 
1.4088 
1. 8306 
2. 4584 
4.0496 

13. 4411 

6. 3941 
7. 1236 
6.3827 
5. 0338 
3. 9225 
3. 1489 
2. 6077 
2. 2203 
1.7161 
1.4163 
1.1650 
1.0763 
1.0322 
1.0270 
1. 0616 
1.2136 
1.4209 
2.1106 
3.3501 
8. 6641 

13. 441: 
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THE ESTIMATION OF MAXIMUM LOAD CAPACITY OF SEAPLANES 
AND FLYING BOATS 

By Walter S. Diehl 

SUMMARY 

It is shown that the relation between the gross load W 
and the time for take-off t of seaplanes and flying boats 

■is of the form 

Where Wm is the maximum possible load corresponding 
to infinite value of t, b • hp is the total brake horsepower and 
K is a constant. Data from four tests give K—140. 

This equation supplies a method of calculating time 
for take-off with any load, or vice versa, when the time 
for one load is known. 

INTRODUCTION 

The maximum load that can be taken into the air by 
a seaplane or flying boat is a matter of general interest 
and, in some cases, of considerable importance. It 
may be obtained either by calculation or by direct 
experiment. However, the calculation requires model 
basin data not always available, while the direct deter¬ 
mination with gradually increased loads is often out 
of the question, due to the time and expense involved. 
Consequently, very little data are available on the 
ability of seaplanes to take off with heavy loads. 
This paper is concerned with the study of take-off data 
and the development of a simple method for the esti¬ 
mation of maximum load. 

GRAPHICAL SOLUTION FOR MAXIMUM LOAD 

Observed times for take-off with a progressive 
increase in gross weight are given in Table I. These 
data are for a t^ypical flying boat fitted with two 
engines developing 540 b-hp each, according to 
calibration tests. The conventional plot of take-off 
time against gross weight is given in Figure 1. 

A test was also made on another flying boat substan¬ 
tially identical with the above except that it was fitted 
with two calibrated engines developing 620 b-hp each, 
and the time for take-off was found to be 30 seconds 
with a gross load of 17,184 pounds. This point is also 
plotted on Figure 1. The question then arises as to 
what is the maximum load that can be taken off with 
the second flying boat. It is obvious that the plotting 
method used in Figure 1 is unsatisfactory for this 
purpose. 

A study of the various methods of plotting indicates 
that the use of the reciprocal of the time for take-off 

should give a curve intercepting the weight axis at the 
limiting weight and that the use of power loading in¬ 

stead of W'eight would make the plot more general. 
When plotted in this manner, as in Figure 2, the data 
from Table I lie on or very near to a straight line as 
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does the single point from the second test. If this 
relation is general it supplies a very simple method of 
determining the maximum load from a single take-off 
since the straight line is represented by an equation 
of the form 

Where t is the time in seconds for take-off with the 
IF 

b. hp 
the maximum load that can be taken off and K, the 
slope of the line, is a load constant. 

The maximum possible load would be 

power loading 
W ► r 17 

j is the power loading for 

W„ = b. 

DETERMINATION OF LOAD CONSTANT K 

Table II contains take-off data for two flying boats. 
Table III contains take-off data for the short “ Singa¬ 
pore I” as given in Tables I and II of Reports and 
Memoranda No. 1411 of the British Aeronautical Re¬ 
search Committee. (Reference 1.) All of these data 
are plotted on Figure 3, and the points are found to 
lie on lines of the same slope giving K= 140. This 
slope differs slightly from that obtained from a single 
set of test data in Figure 2, where K would appear to 
be about 125. The tests on the “Singapore,” Table 
III, if taken alone would indicate a value of about 150 

Reciprocal of time in seconds for take-off 

Figure 3.—Take-off curves for flying boats 

for K. The value of K= 140 in Figure 3 obviously fits 
the two sets of data combined and gives good agree¬ 
ment with the data from Table II as well. The rela¬ 
tion of equation (1) therefore becomes 

or 

IF \ 140 
b. hp/ t (3) 

IF W Wm \ 140 
b. hp/ \b. hp/ t (3a) 

The vertical displacement of the lines in Figure 3 is 
due to differences in propulsive efficiency and total re¬ 
sistance. Flying boat No. I of Table II has very low 
drag due to good hull lines and ample wing surface of 
high aspect ratio. Flying boat No. II of the same 
table has considerably more hull and wing drag with 
the addition of an excessive amount of parasite resist¬ 
ance. The flying boats of Tables I and III are quite 
similar except for size. The locations of the lines on 
Figure 3 are in accordance with these conditions. 

It would be desirable to use thrust power, t. hp, in¬ 
stead of brake horsepower, b. hp, in equation (1), if 
the propeller efficiency were readily obtained. How¬ 
ever, the differences would be small with modern de¬ 
signs and the probable improvement does not appear 
to justify the increased difficulty in practical use. 

ESTIMATION OF MAXIMUM LOAD 

Equation (3) supplies a very simple method for esti¬ 
mation of the maximum load that can be taken off by 
a seaplane or flying boat. All that is required is a 
single timed take-off with a known gross load. Sub¬ 
stitution of this observed take-off time and the corre- 

W 
spondmg power loading ^ ^ into equation (3) gives 

the maximum power loading corresponding to infinite 
rime. The gross load is then found from equation (2) 
if desired, but this is of academic interest only. The 
practical limit may be set according to conditions at, 
say, 60 seconds or 120 seconds, and equation (3a) 
solved for the corresponding power loading. 

It is of interest to check the indications of Figure 3 
against observed or calculated data. In the tests 
given in Figure 1, the maximum load appears to be 
approximately 19,000 pounds. The calculated maxi¬ 
mum loads substituting the take off time and power 
loading for each run into equation (3), are given in 
Table IV. The values range from 19,000 to 19,800 
pounds, a maximum deviation of about 4 per cent 
from the actual value. This means that the maximum 
load could have been predicted within 4 per cent by 
the first run or within about 2 per cent from any of 
the succeeding runs. 

In a similar manner the total resistance curves given 
on Figure 1 of reference 1 indicate that the limiting 
load for the “Singapore I” is just less than 30,000, 
while the calculated maximum loads for each run of 
Table III, as given in Table V range from 28,750 to 
29,600 pounds. This is less than 4 per cent deviation, 
or about the same accuracy as shown by Table IV. 
As might be expected, the greatest deviation occurs 
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at the light loads. In using this method it appears 

desirable that a load giving a run of about 50 seconds 

to 60 seconds be used if maximum accuracy is to be 

attained. 

Multiplying both sides of equation (3) by b. hp 

gives 
c? 

wm=w 140 b. hp 
(4) 

this gives the maximum load Wm directly when the 

value of t is known for a given weight. For example, 

assume that the time for take-off is 35 seconds with a 

gross load of 15,000 pounds and 1,000 b. hp. Then 

by substitution in equation (4) 

Wm — 15,000 + 
140X1000 

35 

= 19,000 pounds. 

This is the maximum possible load for an unlimited 

run in a calm. A more practical problem is to find the 

load that can be taken off in a specified time, say, 60 

seconds. If this load is designated the service load 

Ws and the specified maximum time by ts, the sub¬ 

stitution in equation (4) gives 

W,= W.+ 140 b. hp (f—f) (5) 

TABLE I.—OBSERVED TAKE-OFF DATA ON A FLYING 
BOAT 

(Tests by Patrol Plane Squadron 7-F) 

Run 
No. 

Gross 
weight 
IF lb. 

Power 
loading 

IF 

b. hp 

Time to 
take off 

t sec. 

Recip¬ 
rocal of 
time to 
take off 

1 

t 

Remarks 

1. 14, 824 
15, 808 
16,825 
17, 350 
18,600 

18,991 

13.75 
14. 65 
15.60 
16.05 
17.20 

17.50 

30.5 
41.4 
60.3 
92.0 

190.0 

0.0328 
.0241 
.0166 
.0109 
.0053 

4- knot wind. 
5- knot wind. 
2-knot wind. 
2-knot tail wind. 
4-knot cross wind. Plane had to 

be taken into shoal water to get 
on step. 

Did not get off after getting on 
step under same conditions as in 
run 5. 

2.. 
3_ 
4 ... 
5 . 

6 _ 

TABLE II.—OBSERVED TAKE-OFF DATA ON TWO 
FLYING BOATS 

Type 
Gross 

weight 
IF lb. 

Power 
loading 

IF 

b. hp 

Time to 
take off 

t sec. 

Recip¬ 
rocal of 
time to 
take off 

1 

t 

Remarks 

I_ /19, 945 
121. 145 
15,000 

115,500 
116, 000 
116, 500 

15.35 
16. 26 
14.03 
14. 50 
14.96 
15.42 

36 
46 
65 
80 

123 
180 

0.0278 
.0217 
.0154 
.0125 
.0081 
.0055 

2X650 b. hp. Tests at Anacostia 
Naval Air Station. 

2X535 b. hp. Tests in glassy water 
at Naval Aircraft Factory. 

II_ 

t0 being the observed take-off time with the load W0. ! 

Using the values t„ = 35 sec., IF0= 15,000 pounds, and 

b. hp = 1,000 from the example above it is found, for 

ts — 60 

W, = 15,000 + 140 X 1,000 (J5 ~ 

= 16,667 pounds. 

If the specified maximum time is ts=120 sec. 

IF, = 15,000+140X1,000 (3^” jT>o) 

= 17,833 pounds. 

Bureau of Aeronautics, 

Navy Department, 

Washington, D. C., Sept., 1932. 
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TABLE III.—TAKE-OFF DATA FROM TABLES I AND II 
OF BRITISH A. R. C. R. & M. No. 1411 

Gross 
weight 

IF 
lb. 

Power 
loading 

IF 

b. hp 

Time for 
take-off 

t 
sec. 

Recipro¬ 
cal of 

time for 
take-off 

1 

t 

Remarks 

20.350 12.38 27.5 0.0364 1,645 b.hp, gear ratio 0.477. 
21, 580 13.12 30.5 .0328 4-blade propeller: 
23,000 13.98 36.3 . 0275 P = 12.0 ft. 
24.000 14. 58 41.3 .0242 D = 12.5 ft. 
24, 800 15. 07 48.0 . 0208 
26,000 15.80 66.0 .0151 

TABLE IV.—CALCULATED MAXIMUM LOADS FOR 
TAKE-OFF 

Using Observed Data from Table I with Equation (3) 

t 140 / W\ / IF m \ 

sec. t \b.hp/ \b.hp/ V* max 

30.5 4.59 13.75 18.34 19,800 
41.4 3.38 14.65 18.03 19, 500 
60.3 2.32 15. 60 17.92 19, 400 
92.0 1.52 16.05 17. 57 19,000 

190.0 .74 17.20 17.94 19, 400 

Table V.—CALCULATED MAXIMUM LOADS FOR 
TAKE-OFF 

Using Observed Data from Table III with Equation (3) 

Time for 
take-off 

t 
sec. 

140 / IF \ ( IF m \ 
IF mas 

t \b. hp/ \b. hp/ 

27.5 5. 10 12.38 17.48 28,750 
30. 5 4. 60 13. 12 17. 72 29,150 

36.3 3. 86 13.98 17.84 29,350 
41.3 3.39 14.58 17.97 29, 600 

48.0 2.92 15.07 17.99 29, 600 

66.0 2.12 15. 80 17.92 29, 500 
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PHOTOMICROGRAPHIC STUDIES OF FUEL SPRAYS 
By Dana W. Lee and Robert C. Spencer 

SUMMARY 

A large number of photomicrographs of fuel sprays 
were taken for the purpose of studying the spray struc¬ 
ture and the process of spray formation. They were 
taken at magnifying powers of 2.5, 3.25, and 10, using 
a spark discharge of very short duration for illumina¬ 
tion. Several types and sizes of nozzles were investi¬ 
gated, different liquids were used, and a wide range of 
injection pressures was employed. The sprays were 
photographed as they were injected into a glass-walled 
chamber in which the air density was varied from If 
atmospheres to 0.0013 atmosphere. 

Within the range investigated, the photomicrographs 
support the theory advanced by Dr. 11. A. Castleman, jr., 
to explain the atomization of liquid fuels in carburetors 
and in injected sprays. With injected sprays, the fuel 
leaves the nozzle as an unbroken column, is ruffled, and 
then torn into small, irregular ligaments by the action of 
the air. The ligaments are then quickly drawn up into 
drops by the surface tension of the fuel. Turbulent fuel 
flow accelerates the disintegration of the fuel jet by ruf¬ 
fling its surface close to the orifice, but has relatively small 
disintegrating power in itself. When other factors are 
kept constant the degree of disintegration of the jet in¬ 
creases with the distance from the nozzle, the air density, 
the fuel velocity, or the fuel turbulence, but decreases with 
an increase of fuel viscosity, surface tension, or nozzle 
orifice diameter. 

INTRODUCTION 

More rapid and uniform mixing of the fuel and air 
in the combustion chambers of fuel-injection engines 
is essential if the combustion process is to be controlled 
and higher specific outputs obtained. Accordingly, 
many experiments have been made to determine the 
general shape, the rate of growth, the final drop size, 
and the fuel distribution of sprays from various types 
of nozzles. However, the study of the manner in 
which the fuel is divided into the millions of small 
drops which constitute a fuel spray has hitherto been 
handicapped by a scarcity of direct experimental 
evidence. Some investigators have discussed the proc¬ 
ess of spray formation with particular emphasis on 
vibrations and turbulent flow within the nozzle. (See 
references 1 and 2.) Others have been most interested 
in the effects of the forces which result from the rela¬ 

tive motion between the fuel and the air. (See ref¬ 
erences 3, 4, 5, and 6.) 

The investigation described in this report was made 
to study the formation of fuel sprays by means of 
instantaneous photomicrographs, and to determine the 
effect of various design and operating factors on the 
characteristics of the sprays. The experiments were 
conducted during the early part of 1932 by the Na¬ 
tional Advisory Committee for Aeronautics at Langley 
Field, Va. 

APPARATUS AND TEST PROCEDURE 

A microscope with camera attachment was used to 
take photomicrographs at a magnifying power of 10 
and a large camera with a short focus lens was used 
for magnifications of 2.5 and 3.25. 

The illumination for photographing the sprays was 
supplied by a spark from the electrical circuit shown in 

String soaked in calcium - 
chloride solution 

^ \ 

/ \ 
I \ 

Figure 1.—Circuit used to produce illuminating sparks of short duration 

A. Main condenser. 
B. Auxiliary condenser. 
C. Auxiliary spark gap. 
D. Illuminating spark gap. 
E. Reflector. 

Figure 1. The principle of this circuit is as follows: 
The condensers A and B are charged to a high po¬ 
tential by a transformer and a rectifying tube. When 
the switch controlling the discharge is closed, the small 
condenser B discharges across the auxiliary spark 

215 
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gap C, ionizing the air in the gap and greatly lowering ! 
its resistance. Condenser A then discharges across 
both gaps C and D; the light from gap D is used to 
photograph the spray, that from gap C being shielded 
from the camera lens. The duration of the illuminating 
discharge in circuits of this type is of the order of 10-7 
second, provided that the resistance of the connecting 
wires is low. (See reference 7.) In this case, the capac¬ 
ities of the condensers A and B were about 0.01 and 
0.001 microfarad, respectively. They were charged to 
about 30,000 volts and the connecting copper wires ; 
were about 0.16 inch in diameter and as short as 
practicable. 

When taking photomicrographs, the spark gap is 
mounted in front of a parabolic reflector, and the 
reflector, spray nozzle, and microscope are placed in 
line so that the photomicrographs are silhouettes. 
A glass tube was slipped over the spark-gap points, to 
confine the spark discharge to a relatively narrow path. 

The nozzles were used in an automatic injection 
valve and also as open nozzles. Figure 2 shows a 

Figure 2.—Sketch of automatic injection valve, and enlarged 
view of nozzle assembled in valve 

sketch of the injection valve and an enlarged view of 
a nozzle assembled in the valve. The injection valve 
was operated by the common-rail fuel-injection system 
of the N. A. C. A. spray photographic apparatus. 
(Reference 8.) Synchronization of the spark with the 
spray from the valve was accomplished by a rotary 
disk switch on the shaft with the cams that control 
the injection. The spark could be made to occur at 
any desired stage in the development of the spray by 
changing the phasing of the disk switch with respect 
to the cam shaft. The sprays from the open nozzles 
were continuous, the fuel being supplied from a 
reservoir arranged to maintain a constant pressure for 
several seconds. In this case the timing of the spark 
was manually controlled. It has been shown by Roth- 
rock in reference 8 that with the common-rail injection 
system used there are pronounced fluctuations in the 
instantaneous pressures at the nozzle during the 
injection period. Therefore, in order that the data 
might be strictly comparable, continuous sprays from 
open nozzles were used whenever possible. 

For experiments at other than atmospheric air 
density, the sprays were injected into a glass-walled 
chamber in which the air density could be raised by 
admitting compressed air from an air bottle or lowered 
by exhausting the chamber with a vacuum pump. 

Except where otherwise noted, the fuel used in the 
tests was a Diesel fuel oil having, at atmospheric 
pressure and a temperature of 22° C., a viscosity of 
0.022 poise, and a specific gravity of 0.837. 

RESULTS AND DISCUSSION 

The fact that the photomicrographs are silhouettes 
must be kept in mind while studying them, because 
frequently the core of the spray was the only part 
dense enough to register on the films. Most of the 
minute drops in the envelope of the spray surrounding 
the core could not be photographed. At high injection 
pressures or high air densities the surrounding cloud 
of drops became so dense that all details were obscured. 
Therefore, in order to study the process of fuel spray 
formation to the best advantage, the majority of the 
photomicrographs were taken at low injection pressures 
and low air densities. As the conditions were altered 
progressively until engine conditions were approached, 
the changes in the spray were carefully studied, and 
from these observations there have been drawn a 
number of general conclusions about the formation 
of fuel sprays. 

A certain amount of discretion had to be used in 
selecting representative photomicrographs for illus¬ 
tration. Variations and irregularities, probably caused 
by fluctuations in the flow through the nozzle, were 
often present in the fuel jets. Only a relatively small 
portion of the jet could be photographed, and it some¬ 
times happened that one of these irregularities was in 
front of the lens when the illuminating spark occurred. 
Therefore, several photomicrographs were always 
taken at each test condition, and pictures representa¬ 
tive of the general trend were selected. The con¬ 
clusions presented in this report are based on the study 
of about 2,800 fuel-spray photomicrographs. 

TERMINOLOGY 

Many different terms have been used by various in¬ 
vestigators in describing the process by which liquid 
fuel is transformed into fuel sprays. “Jet disintegra¬ 
tion’', “disruption”, “collapse”, “decay”, and “break¬ 
up” have been used, as well as the word “atomization.” 
In this report, the recommendations of Castleman 
(reference 5) concerning the terminology of fuel-spray 
formation have been adopted whenever possible. He 
proposed that the word “atomization” be limited to the 
last stage of the process, during which the fuel particles 
attain their final size and form, and that the word “dis¬ 
integration” be used in connection with that part of the 
process preceding atomization. The term “dispersion” 
has quite generally been accepted as denoting the ratio 
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of spray volume to fuel volume. In this investigation, 

dispersion was estimated qualitatively from the photo¬ 

micrographs. 

differences between continuous and intermittent 
SPRAYS 

As has been mentioned, both continuous sprays from 

open nozzles and intermittent sprays from an auto¬ 

matic injection valve were photographed. The first 

portions of sprays from the valve were considerably 

more dispersed than the later portions; however, when 

the sprays were fully developed, their appearance was 

the same as that of continuous sprays. The difference 

in dispersion between the early and late portions of a 

spray from the valve was most noticeable when the 

injection occurred in a vacuum, where the restricting 

influence of the air was much reduced. As the air 

seat and the sudden surge when the fuel under pressure 

is released contribute to this turbulence. With the 

exception of Figures 3 and 4, all photomicrographs of 

sprays from an injection valve, shown in this report, 

were made when the spray was fully developed. 

THEORIES OF SPRAY FORMATION 

Among recent works on the phenomena of spray for¬ 

mation, the contributions of Haenlein, Castleman, and 

Schweitzer are the most directly related to the work 

that has been done at this laboratory. 

Haenlein (reference 3) took spark photographs of 

jets of liquids having a wide range of physical proper¬ 

ties and obtained very definite information concerning 

the nature of the disintegration of a liquid jet up to in¬ 

jection velocities of about 230 feet per second. He de¬ 

scribed four characteristic disintegration phenomena, 

(a) At start of spray. (b) 0.002 second after start of spray. 

Figure 3.—Two stages of similar intermittent sprays in a vacuum, X 10. Injection pressure, 2,000 pounds per square inch; orifice diameter, 0.014 
inch; air density, 0.0020 atmosphere (pressure =2 mm Hg, absolute); distance from nozzle, 3 inches 

density was increased, this difference in dispersion 

decreased until at high air densities it was relatively 

slight. This initial dispersion effect is shown quite 

strikingly by Figure 3, which shows two stages in the 

development of similar intermittent sprays injected 

into a vacuum. The first part of the spray is dispersed 

very greatly, although the individual drops are rela¬ 

tively large. However, 0.002 second after the start 

the jet appears as an unbroken column. The general 

appearance of the first and later portions of intermit¬ 

tent sprays injected into air at atmospheric density is 

shown by Figure 4. As the dispersion of the early 

part of the spray is most apparent at low air densities 

when the air has the least restricting effect, it seems 

probable that the flow conditions at the start of in¬ 

jection are such as to produce considerable turbulence. 

The momentary throttling as the valve stem leaves its 

40768—34-15 

which are dependent upon the velocity of injection: 

(1) Drop formation accomplished solely by the surface 

tension of the liquid; (2) drop formation where the 

surface tension is reenforced by air action; (3) wave 

formation by the air; (4) sudden and complete dis¬ 

integration of the jet. No explanation was offered for 

the last phenomenon. 

In references 4 and 5, Castleman has expressed a 

very reasonable explanation of the atomization oi 

liquids. He says, in reference 4: 

The actual process of atomization in an air stream seems 

rather simple: A portion of the large mass is caught up (say, at 

a point where its surface is ruffled) by the air stream and, being 

anchored at the other end, is drawn out into a fine ligament. 

This ligament is quickly cut off by the rapid growth of a dent 

in its surface, and the detached mass, being quite small, is 

swiftly drawn up into a spherical drop. (A quite similar 

phenomenon occurs when a large drop is detached from a tube. 
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The chief difference is that the ligament connecting the small drop to 

the main mass is much finer than that connecting the large drop to the 

liquid in the tube, and, hence, the time of detachment is enormously 

less.) The higher the air speed, the finer the ligaments, the shorter 

At start of spray. 0.002 second after start of spray. 

Figure 4.—Two stages of similar intermittent sprays in the atmosphere, X 2.5. Injection 
pressure, 1,500 pounds per square inch; orifice diameter, 0.008 inch; air density, 1 atmosphere 

their lives, and the smaller the drops formed, within the limits discussed 

above. 

He also compares airless injection of fuel to air-stream atom¬ 

ization, and concludes that the atomization process is the same 

in each case, the formation of ligaments 

being controlled by the relative velocity 

between the air and the fuel. 

Schweitzer discusses the mechanism of 

jet disintegration in reference 2. He em¬ 

phasizes the fact that rotationally symmet¬ 

ric disturbances and wavelike disturbances 

caused by the air can not possibly cause 

such extremely fine atomization as occurs 

in ordinary fuel injection, and gives par¬ 

ticular attention to the influence of turbu¬ 

lent flow in the nozzle. Experiments are 

cited in which fuel was injected into a vac¬ 

uum, and a distinct dispersion was noted at 

Reynolds Numbers of about 3,500 and 

above. 
TYPES OF JET DISINTEGRATION 

The forms of jet disintegration analyzed 

by Haenlein, caused by rotationally sym¬ 

metric and wavelike disturbances, are illus¬ 

trated in Figure 5. In photograph (a) of 

this figure the jet velocity is so low that 

the air plays no part, and the fuel column 

is separated into drops solely by the forces 

of surface tension. The beginning of en¬ 

largements and contractions in the stream 

is visible at some distance above the point 

of jet collapse. These inequalities in the 

fuel column increase slowly at first, then 

quite rapidly until the column is broken 

into elongated fragments. These fragments 

as they are falling through the air continue 

to be acted upon by surface tension. They 

therefore shorten themselves and, after a 

series of oscillations in which they become 

alternately elongated and flattened, settle 

down in the form of spherical drops. 

In Figure 5(b), which was taken at a 

higher magnifying power than 5(a), the jet 

velocity has been increased until the aerody¬ 

namic forces also play a part in the disin¬ 

tegration of the jet. The action of the air 

on the fuel column may be similar to that 

of the wind on the surface of a body of 

water. If the relative velocity between the 

liquid and the layer of air close to its sur¬ 

face increases at the wave crests and de¬ 

creases in the troughs, the result will be a 

decrease in pressure at the crests and an 

increase in pressure at the troughs. These 

pressure differences will increase the am¬ 

plitude of the waves, and, in the case of 

the fuel jet accelerate its disintegration. 

(See reference 3.) 
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Figure 5.—Types of jet disintegration. Orifice diameter, 0.020 inch; air density, 1 atmosphere 

(a) Rotationally symmetric disturbances without air influence, X 3.25. Injection pressure less than 10 

pounds per square inch. 
(b) Rotationally symmetric disturbances with air influence, X 10. Injection pressure, 50 pounds per 

square inch. 
(c) Wave formation, X 10. Injection pressure, 100 pounds per square inch. 
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In Figure 5(c) the jet velocity is still greater, and 

waves have been formed in addition to the rotationallv 

symmetric disturbances. These waves are also the 

result of aerodynamic forces, and at the higher veloci¬ 

ties they develop more rapidly than do the rotationallv 

symmetric disturbances so that the jet is broken into 

many irregular parts. 

LIGAMENT FORMATION 

The formation of ligaments and their collapse into 

drops are shown in Figure 6. Virtually all photo¬ 

graphs, except those at very low or very high pres¬ 

sures, show such ligaments. At very low pressures 

the relative velocity of the fuel and air is not sufficient 

for ligament formation, and at very high pressures 

the velocity is so high and the ligaments so small and 

so obscured by the fuel particles in the spray envelope 

that they are not distinguishable. The collapse of the 

ligaments is seen to be very similar to the collapse of 

a larger column, as described in connection with 

Figure 5. 

The similarity between the photomicrographs of 

Figure 6 and the photographs made by Scheubel of 

air-stream atomization in a model carburetor (refer¬ 

ence 9) indicates that the two methods of atomizing 

fuel are fundamentally the same. 

EFFECT OF TURBULENT FUEL FLOW 

The cpiestion of fuel turbulence is associated both 

with nozzle conditions and with Reynolds Number as 

determined by the injection velocity, the orifice diam¬ 

eter, and the kinematic viscosity of the fuel. If the 

Reynolds Number is below a certain critical value, 

any turbulence caused by nozzle irregularities will 

tend to damp out, but if it is above the critical value, 

an initial disturbance will persist. From experiments 

with fluid flow in long, uniform tubes, this critical 

value has been determined to be about 2,300. As 

the ratio of the length to the diameter of the nozzle 

bores was usually 2.5 or less, the use of Reynolds 

Numbers to determine whether the flow was turbu¬ 

lent or not is somewhat questionable. However, the 

appearance of fuel jets injected into an evacuated 

chamber, where the influence of air forces must be 

negligible, indicates that the Reynolds Number crite¬ 

rion may be applied in most cases. 

Figures 7 and 8 show a series of fuel jets in vacuum, 

for which the Reynolds Number was varied from 

1,500 to 9,000 by increasing the injection velocity. 

In these photographs, and in most of the others taken 

of injections into a vacuum, the nature of the flow 

seems to be controlled by the Reynolds Number, 

appearing to be laminar at values below the critical 

and turbulent above it. 

The disintegration of the fuel jets in vacuum was 

much slower than in air. Sheets of fuel were thrown 

nut from the higher velocity jets, and these later split 

into parts and were then drawn up into relatively 

large drops by the force of surface tension. In no 

case were any extremely fine drops formed in a vac¬ 

uum, such as were observed when fuel was injected 

into air. 

PHOTOMICROGRAPHS AT VARIOUS DISTANCES FROM THE NOZZLE 

The progressive effect of the various forces acting 

on the fuel jet may be shown quite distinctly by 

photographing a jet at increasing distances from the 

nozzle, other conditions being kept constant. The 

photomicrographs in Figure 9 show the disintegration 

of a low-velocity jet at various stages of the process. 

The jet issuing from the orifice contains slight irregu¬ 

larities, which may be caused by fuel turbulence or 

by vibrations of the nozzle. These irregularities are 

accentuated by the action of the air until the jet con¬ 

sists of many irregular parts, which are then drawn 

out into ligaments by further action of the air, and 

the ligaments collapse to form drops. Ilere, at low 

velocity, are found in modified forms the types of jet 

disintegration previously described. 

Photomicrographs of a high-velocity spray at differ¬ 

ent distances from the nozzle are shown in Figure 10. 

In this case, the relative air velocity is high enough to 

draw ligaments away from the jet as soon as it has 

been slightly ruffled. 

In Figure 11, the velocity of the jet was about the 

same as that in Figure 10, but the viscosity of the 

fuel was 0.102 poise instead of 0.022. As was ex¬ 

pected from the observations of other investigators, 

jets of this fuel did not disintegrate as quickly as jets 

of the less viscous fuel. Wavelike disturbances were 

very prominent with the more viscous fuel, and the 

ligaments were long, and slow to collapse into drops. 

It is apparent from these photomicrographs that 

the disintegration of a jet is a progressive affair; as 

the distance from the nozzle increases so does the 

degree of disintegration, until the relative velocity of 

the fuel and air has become so low that interaction 

no longer takes place. 

EFFECT OF AIR DENSITY 

If the theory of atomization by ligament formation 

holds, there will be little tendency toward the forma¬ 

tion of extremely fine drops when sprays are injected 

into a vacuum. The photomicrographs show that 

although there is sometimes considerable disintegra¬ 

tion of fuel jets injected into a vacuum, in all such 

cases the jet is merely broken up into relatively large 

parts, or extended into wide sheets, and the drops are 

always larger than in sprays injected into air. (See 

figs. 3 and 12). As the air density is increased (fig. 

12) the degree of disintegration of the jet at a given 

distance from the nozzle becomes greater, and the 

sizes of the fuel particles are apparently reduced. 
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Injection pressure, 250 lb./sq. in. 
Orifice diameter, 0.014 inch. 
Distance from nozzle, 5 inches. 
Fuel viscosity, 0.022 poise at 22° C. 

Injection pressure, 550 lb./sq. in. 
Orifice diameter, 0.020 inch. 
Distance from nozzle, 5 inches. 
Fuel viscosity, 0.022 poise at 22° C. 

Injection pressure, 120 lb./sq. in. 
Orifice diameter, 0.020 inch. 
Distance from nozzle, 7.5 inches. 
Fuel viscosity, 0.022 poise at 22° C. 

Injection pressure, 700 lb./sq. in. 
Orifice diameter, 0.020 inch. 
Distance from nozzle, 1.5 inches. 
Fuel viscosity, 0.102 poise at 22° ( 

Figure 6.—Photomicrographs of fuel sprays showing the formation and collapse of ligaments, X 10. All sprays continuous, injected into air 
at atmospheric density 
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R N. = 1,500 R. N. =2,400 R. N.=2,600 R. N. = 3,000 

Figure 7.—Fuel jets at various Reynolds Numbers, in vacuum, X 2.5. Orifice diameter, 0.020 inch; air density, 0 0013 atmos¬ 
phere (pressure=l mm Jig, absolute); fuel viscosity, 0.102 poise at 22° C.; photographs taken just beyond the orifice 
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R. N. =3,500 R. N. = 5,000 R. N. = 7,000 R. N.=9,000 

Figure 8— Fuel jets at various Reynolds Numbers, in vacuum, X 2.5. Orifice diameter, 0.020 inch; air density, 0.0013 atmosphere 
(pressure=l mm Fig, absolute); fuel viscosity, 0.102 poise at 22° C.; photographs taken just beyond the orifice 



At the nozzle. 1 inch from nozzle. 3 incnes from nozzle. 

5 inches from nozzle. 7.5 inches from nozzle. 10 inches from nozzle. 

Figure 9.—Photomicrographs of a low-velocity fuel jet at different distances from the nozzle, X 10. Injection pressure, 100 pounds per square inch; orifice diameter, 0.020 inch; air density, 1 atmosphere 
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The 2.5-power photographs in Figure 13 show the 

general effect of increasing the air density. The 

effective injection pressure in this case was main¬ 

tained at 250 pounds per square inch above the 

chamber pressure, and even at this low injection 

pressure the cloud of fine drops in the envelope becomes 

very dense when the chamber-air density reaches 

values corresponding to those in compression-ignition 

engines at the time of fuel injection. 

An examination of the photomicrographs taken at 

different air densities and at different distances from 

the nozzle, shows that, at a given injection pressure 

and distance from the nozzle, an increase in air density 

causes a very decided increase in the degree of dis¬ 

integration of a jet. Substantially the same results 

may be obtained, however, by keeping the air density 

constant and increasing the distance from the nozzle. 

Thus it is seen that the disintegrating process is not 

completed immediately, but continues as long as the 

fuel retains enough velocity for the air to act upon it. 

In dense air, the process is more quickly carried to the 

limits obtainable with the jet velocity being used, j 

but in air at low density the jet loses velocity more 

slowly and travels farther, and the final effect is the 

same, as shown in reference 10. 

EFFECT OF THE CONDITION AND DIMENSIONS OF NOZZLE ORIFICES 

It is a well-known fact that fuel jets from large | 

orifices penetrate farther than jets from small orifices. 

In air whose density is atmospheric or greater, air 

forces predominate in the disintegration of the jet, ! 

so that small jets with their high surface/volume ratio 

are disintegrated sooner than large jets. Most of the 

photomicrographs showed this faster disintegration of 

small jets, other conditions being the same. As 

deceleration of the jet increases with its degree of 

disintegration, the reason for the greater penetrating 

power of large jets is apparent. 

As will be noted when inspecting the various photo¬ 

graphs of sprays in a vacuum, different nozzles may 

give greatly different dispersions at low air densities. 

As this difference in dispersion decreases rapidly with 

increasing air density, it is of little importance with 

respect to compression-ignition engines. In fuel- 

injection spark-ignition engines requiring injection 

during the intake stroke or early in the compression 

stroke, the air density is low enough for this change 

in dispersion to be effective. 

Figure 12 showed the effect of air density on the 

dispersion of sprays from two nozzles, each having an 

orifice diameter of 0.008 inch but with different orifice 

lengths. In this case the spray from the orifice having 

a length/diameter ratio of 2.5 was more widely dis¬ 

persed than that from the orifice having a ratio of 

0.5. When two nozzles having orifice diameters of 
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3.5 inches from nozzle. 5 inches from nozzle. 

5.5 inches from nozzle. 6 inches from nozzle. 

Figurk 11.—Jet disintegration at different distances from the nozzle, X 10. Injection pressure, 1,000 pounds per square inch; orifice diameter, 
0.008 inch; air density, 1 atmosphere; fuel viscosity, 0.102 poise at 22° C. 



Air density, 0.0052 atmosphere (pressure=4 mm Hg, absolute). Air density, 1 atmospnere. Air density, 13 atmospheres. 

Figure 12.—Effect of air density on fuel jets from nozzles having orifice length/diameter ratios of 0.5 and 2.5, X 10. Injection pressure, 1,000 pounds per square inch; orifice diameters, 0.008 inch; distance from nozzle, 1.5 inches 
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(a) (b) (c) (d) (e) 

Figure 13.—Effect of air density on fuel jets, X 2.5. Effective injection pressure, 250 pounds per square inch; orifice diameter, 0.020 
inch; fuel viscosity, 0.130 poise at 22° C. 

Air densities: 

(a) 0.0013 atmosphere. (b) 1 atmosphere. (c) 4.4 atmospheres. (d) 7.8 atmospheres. (e) 14 5 atmospheres. 
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(a) (b) (c) 

Figure 14.—Jets from orifices having the same dimensions, in vacuum, X 2.5. Injection pressure, 3,000 
pounds per square inch; orifices, 0.014 incn in diameter and 0.028 inch long; air density, 0.0013 atmosphere 

(pressure=1 mm Hg, absolute) 

Nozzles; 
(a) straight hole in thin steel plate, (b) conventional nozzle, polished, (c) conventional nozzle, unpolished. 
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0.014 inch and lengths of 0.006 and 0.028 inch were 

tried, it was found that the shorter orifice produced 

the greater dispersion. Four nozzles having orifice 

diameters of 0.020 inch and lengths of 0.010, 0.040, 

0.100, and 0.200 inch were also tried. In this case the 

0.040-inch-long orifice produced the widest spray. 

Nozzles similar to the ones used in the present experi¬ 

ments were used by Gelalles in his measurements of 

spray-tip penetration. (Reference 11.) He found 

that the spray-tip penetration was least with orifice 

length/diameter ratios of 2 or 3, and greatest with a 

ratio of about 6. 

Photographs taken of jets from three nozzles 

having identical orifice lengths and diameters, but 

differing in other respects, are shown in Figure 14. 

The nozzle for Figure 14 (a) was a straight hole in the 

center of a steel disk. The nozzles for (b) and (c) 

were of the type shown in Figure 2, the difference 

being that for (b) the orifice was polished after it 

was drilled out, but for (c) the orifice was left rough. 

Another example of the effect of small irregularities 

in the nozzle on spray dispersion is shown in Figure 15. 

Photograph (a) shows a spray from a slightly cor¬ 

roded nozzle, and (b) shows a spray from the same 

nozzle after it had been carefully polished. 

EFFECT OF INJECTION VELOCITY 

The effect of injection velocity on the disintegration 

of fuel jets is shown by the photomicrographs of 

Figures 16, 17, and 18. As the injection velocity is 

increased, the disintegrating forces which result from 

air action and from fuel turbulence increase. At very 

low injection velocities, when these forces are slight, 

the entire-jet may be seen in the various characteristic 

forms of jet disintegration. At higher injection 

velocities the jet issues from the orifice in a turbulent 

condition, and the irregular surface is accentuated by 

air action. The fuel is divided into smaller and smaller 

parts until the air forces can no longer overcome the 

resisting forces due to the surface tension and vis¬ 

cosity of the fuel. These smallest parts then collapse 

to form drops. Ligaments may be drawn directly 

from the unbroken column soon after it has been 

ruffled, but the majority are formed after the jet has 

been disintegrated into parts. At very high velocities 

the ligaments are so small that most of them will 

probably not be visible in the photomicrographs when 

they are reproduced for publication. Ligaments have 

been observed on the original negatives of sprays 

injected into air at a density of one atmosphere at 

injection pressures as high as 4,000 pounds per square 

inch. 
HIGH DISPERSION NOZZLES 

Nozzles intended to give great dispersion are gen¬ 

erally designed to produce a jet of fuel that has as 

large a surface as possible exposed to the action of the 

air. Flow conditions in such nozzles usually produce 

considerable turbulence, and the combination of 

turbulence and large surface exposed to the air causes 

very rapid jet disintegration. Figures 19 and 20 

show the flow conditions at the exit of some nozzles 

of this type. For clearness the injection velocities 

were kept below 130 feet per second and the sprays 

injected into the atmosphere. Figure 19(a) shows the 

pronounced whirling of the fuel as it leaves a nozzle 

equipped with a helically grooved stem. Figure 19(b) 

la) Orifice pitted by rust. (b) Orifice polished. 

Figure 15.—Change in dispersion when disturbing influences are present in the orifice, X 10. Injection pressure, 1,000 pounds per square 
inch; orifice diameter, 0.038 inch; air density, 0.0352atmosphere (pressure=4 mm Hg, absolute); distance from nozzle, 3 inches 
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20 pounds per square inch. 200 pounds per square inch. 

300 pounds per square inch. 900 pounds per square inch. 

Figure lfi.—Effect of injection pressure on jet disintegration, X 10. Orifice diameter, 0.020 inch; air density, 1 atmosphere; distance from 
nozzle, 4.75 inches 
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100 pounds per square inch. 250 pounds per square inch. 

1,000 pounds per square inch. 4,000 pounds per square inch. 

Figure 17.—Effect of injection pressure on jet disintegration, X 10. Orifice diameter, 0.008 inch; air density, 1 atmosphere; distance from 

nozzle, 2.5 inches 
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50 pounds per square inch. 250 pounds per square inch. 550 pounds per square inch. 

1,000 pounds per square inch. 1,500 pounds per square inch. 2,000 pounds per square inch. 

Figure 18.— Effect of injection pressure on jet disintegration, X 10. Orifice diameter, 0.020 inch; air density, 1 atmosphere; distance from nozzle, 5 inches 
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(a) Centrifugal-type spray. (b) Spray from impinging-jets nozzle. 

(c) Slit nozzle. (<L Slit nozzle. 

Figure 19.—Flow conditions at exit of some high-dispersion nozzles, X 10. Injection pressure, 100 pounds per .square inch or less; aii den 

sity, 1 atmosphere 
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(a) (b) 

(c) (d) 

Figure 20.—Flaw conditions at exit of some high-dispersion nozzles, X 10. Injection pressure, 100 pounds per square inch or less; air density, 
1 atmosphere; all sprays from slit nozzles 



s: 

m 

Gasoline. Water. Ethyl alcohol. 

Diesel fuel No. 1. Diesel fuel No. 2. Lubricating oil. 

Figure 21.—Jets of various liquids, X 10. Injection pressure, 1,500 pounds per square inch; orifice diameter, 0.020 inch; air density, 1 atmosphere; distance from nozzle, 5 inches 
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shows the flat side of the spray from an impinging- 

jets nozzle, just beyond the point of impingement. 

Figure 19(c) shows the flat side of a sheet of fuel in¬ 

jected from a slit orifice in a hemispherically shaped 

nozzle. The irregular waves were probably the result 

of air forces. In Figure 19(d) the flat side of a sheet 

of fuel from a rectangular slit is showm. The regularity 

of the waves and the fact that they seem to possess 

their full amplitude as they leave the nozzle suggest 

that they are the result of nozzle vibrations. 

The low-velocity jets shown in Figure 20 were all 
from slit nozzles. The turbulence of the flow shown 
in photographs (a) and (b) was of such a nature that 
a few large drops were thrown off at right angles to 
the main jet. The peculiar flow conditions shown in 
(c) were caused by a slight obstruction in the slit 
orifice. Photograph (d) shows examples of laminar 
flow, forced vibrations, and turbulent flow in different 
parts of a fan-shaped sheet of fuel. 

EFFECT OF DIFFERENT LIQUIDS 

Sass (reference 12) took 10-powTer photomicro¬ 
graphs of sprays of fuels having different viscosities 
and concluded that the atomization improved as the 
viscosity was decreased. 

A number of photomicrographs were taken at this 

laboratory using different liquids to determine quali¬ 

tatively the effects of viscosity and surface tension on 

spray formation. For convenience the viscosities and 

surface tensions of the various liquids are listed in 

Table I. All values were determined at temperatures 

as near as possible to those prevailing in the laboratory 

at the time the photomicrographs were taken. 

TABLE I 

PROPERTIES OF LIQUIDS USED 

[Temperature, 22° C.; pressure, atmospheric] 

Liquid Viscosity, 
poises 

Surface 
tension, 
dynes 
per cm 

Gasoline._. 0.0042 21 
W ater.. .0096 68 
Ethyl alcohol.... .0115 24 
Diesel fuel No. 1..... .022 27 
Diesel fuel No. 2.. .102 28 
Lubricating oil.... 3.07 31 

Representative photographs taken at 1,500 pounds 

per square inch injection pressure were selected and 

are shown in Figure 21. At higher injection pressures 

the differences in behavior become more evident, but 

at such high pressures and under these particular condi¬ 

tions the photographs are blurred and unsuitable for 

reproduction. 

Examination of the photomicrographs of Figure 21 
and the values given in Table I shows that for any one 
set of conditions the degree of disintegration of the jet 
decreases as the viscosity is increased. In the case of 
water, a decided effect of the increased surface tension 

in reducing the degree of jet disintegration is notice¬ 
able. However, for such differences in surface tension 
as are found among the various fuels the effect is 
negligible. 

ATOMIZATION MEASUREMENTS 

Most of the photomicrographs were entirely un¬ 
suitable for quantitative measurements of the fineness 
of the atomization. In the atmosphere the atomiza¬ 
tion process was usually not completed in the region 
photographed, and in dense air the photomicrographs 

Figure 22.—Photomicrograph used to measure drop sbes for the Diesel 
fuel No, 1 curve of Figure 24 

were not clear. In a few cases, however, it was possi¬ 

ble to measure the sizes of the fuel particles from the 

photomicrographs. An example of such a photo¬ 

micrograph is shown in Figure 22. Only a very small 

part of the spray w^as included in the field of the micro¬ 

scope, and many of the fuel particles were irregular or 

out of focus, so that the results may not be truly 

representative of the entire spray. The atomization 

measurements are included in this report because they 

support some of the conclusions reached from a study 

of all the photomicrographs. 

In Figures 23 to 25 the ordinates of the curves show 

what percentage of the fuel volume was broken up 

into drops having diameters between zero and the 

value of the abscissa. In Figure 23 curves obtained by 

measuring photomicrographs of sprays injected into 

the atmosphere from an orifice 0.008 inch in diameter 

and 0.020 inch long are compared with curves for 

carburetor atomization (from Scheubel, reference 9) 

and with curves for fuel injections into dense air (data 

from Lee, reference 10). Each curve is identified by 

the relative velocity between the fuel and the air. 

For the carburetor sprays this is the air velocity at the 

Venturi throat, and for the injected sprays it is the 

initial fuel-jet velocity. A strict comparison of these 
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different sets of curves is impossible because of the 

different fuels, nozzles, and air densities used, but the 

fact that the curves arrange themselves according to 

their relative fuel-air velocities shows that it is this 

factor which predominates. Moreover, the close 

agreement between Scheubel’s curves for alcohol and 

those obtained from photomicrographs of alcohol 

sprays injected into the atmosphere supports Castle- 

man’s conclusion that the atomization process in 

injected sprays is the same as that in carburetors. 

The curves in Figure 24 give atomization data for 

four different liquids at low fuel-air velocities. They 

supplement the conclusions derived from a study of 

the photomicrographs as to the effects of the surface 

tension and viscosity of the fuel on jet disintegration. 

At these low injection velocities the atomization of 

Diesel fuel No. 2 and lubricating oil had not begun 

at 5 inches from the nozzle, the distance at which all 

the atomization measurements were made. 

As a supplement to the above experiments, atomiza¬ 

tion measurements were made with Diesel fuels Nos. 

1 and 2 at an injection velocity of 765 feet per second 

(pressure = 4,000 pounds per square inch) and an air 

density of 1.01 pounds per cubic foot. The sprays 

were caught on smoked-glass plates and the impres¬ 

sions made there by the fuel drops were counted and 

measured. For a complete description of this method, 

see reference 10. The results of these measurements 

and forces resulting from the relative motion between 

the fuel and the air. Atomization is accomplished by 

o .008 .O/O .002 .004 .006 
Drop diameter, /rich 

Figure 24.—Atomization data for different liquids. Orifice diameter, 0.008 
inch; air density, 1 atmosphere 

air acting upon the fuel column and the detached 

parts, tearing off fine, irregular threads or ligaments, 

which subsequently col¬ 

lapse into drops because of 

the surface tension of the 

fuel. The observations of 

Figure 25.—Effect of fuel viscosity on 
the fineness of the atomization. Injec¬ 
tion pressure, 4,000 pounds per square 
inch (initial jet velocity about 785 feet 
per second); orifice diameter, 0.020 
inch; air density, 13 atmospheres. 

are shown in Figure 25. The atomization was finer 

for the less viscous fuel, but the effect of fuel viscosity 

was less pronounced under these conditions than it 

was at low injection velocities and low air densities. 

CONCLUSIONS 

This photomicrographic study of fuel sprays has 

shown that the fuel leaves the nozzle as an unbroken 

column, but is quickly disintegrated into many irregu¬ 

lar parts by a combination of fuel-stream turbulence 

ligament formation and the results of drop size meas¬ 

urements, within the range investigated, support the 

conclusion of Dr. R. A. Castleman, jr., that the 

atomization process in injected sprays is the same as 

that in carburetors. 

When other variables are held constant, the degree 

of disintegration of the jet: 

(a) Increases with distance from the nozzle, until 

the disintegrating forces due to the relative velocity 

between the air and the fuel are no longer sufficient 
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to overcome the resisting forces due to the surface 
tension and viscosity of the fuel. 

(b) Increases with increase of air density. 
(c) Increases with increase of jet velocity. 
(d) Decreases with increase of orifice diameter. 
(e) Decreases with increase of fuel viscosity. 
(f) Decreases with increase of fuel surface tension. 
(g) Increases with increase of fuel turbulence. Fuel 

turbulence accelerates the disintegration of the fuel jet 
by ruffling its surface close to the orifice, but it has 
relatively little disintegrating force in itself. 

At atmospheric and subatmospheric air densities 
there may be wide differences in the dispersion of 
sprays from geometrically similar nozzles, because of 
different degrees of turbulence caused by slight 
irregularities in the nozzles. This difference is also 
shown between the early and late parts of sprays from 
nozzles used with automatic injection valves. At air 
densities corresponding to those in compression- 
ignition engines at the time of fuel injection the 
differences are slight. 

Langley Memorial Aeronautical Laboratory, 

National Advisory Committee for Aeronautics, 

Langley Field, Va., December 15, 1932. 
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REPORT No. 455 

PENETRATION AND DURATION OF FUEL SPRAYS FROM A PUMP INJECTION 
SYSTEM 

By A. M. Rothrock and E. T. Marsh 

SUMMARY 

High-speed motion pictures were taken of individual 
fuel sprays from a pump injection system. The changes 
in the spray-tip penetration with changes in the pump 
speed, injection-valve opening and closing pressures, 
discharge-orifice area, injection-tube length and diameter, 
and pump throttle setting were measured. The pump 
was used with and without a check valve. The results 
show that the penetration oj the spray tip can be controlled 
by the dimensions oj the injection tube, the area of the 
discharge orifice, and the injection-valve opening and 
closing pressures. 

INTRODUCTION 

In order to determine the suitability of a given type 
of injection system for high-speed compression- 
ignition engines, it is necessary to know the operating 
characteristics of the system. One of the most 
important characteristics to be investigated is the 
formation and the development of the fuel spray. 
During the last five years the National Advisory Com¬ 
mittee for Aeronautics has published considerable 
information on the effects of the various factors which 
control the formation and the development of the fuel 
spray. Investigations have been conducted with a 
mechanically operated injection valve and with auto¬ 
matic injection valves. In these investigations it was 
necessary to operate the injection system from a 
constant source of pressure because the purpose of the 
tests was to investigate the effects of such variables as 
the injection pressure, the spray-chamber density, and 
the discharge-orifice design. 

With pump injection systems, however, the injection 
pressure varies with pump speed and in some cases 
with the fuel quantity delivered. Tests already con¬ 
ducted (reference 1) have shown that the injection 
pressures affect the penetration of the fuel spray 
during the first few thousandths of a second. As this 
is the time available for injection in a high-speed com¬ 
pression-ignition engine, it is important to know how 
the pressure variations in a pump injection system 
will affect the fuel-spray penetration and dispersion. 
It is also advantageous to know the effects of such 
variables as the injection-tube length, the injection- 
tube diameter, the discharge-orifice diameter, and the 

injection-valve opening and closing pressures on the 
penetration and dispersion of the fuel spray. 

This report presents the results obtained from an 
investigation made at the Langley Memorial Aero¬ 
nautical Laboratory, Langley Field, Va., to determine 
the effect of pump speed, the dimensions of the injec¬ 
tion tube, the pump throttle setting, the discharge- 
orifice diameter, and the adjustment of the injection 
valve on the penetration and dispersion of the fuel 
spray. As far as was practicable the test conditions 
were the same as those used by Rothrock in his investi¬ 
gation of the hydraulics of fuel-pump injection sys- 

Figure 1.—Diagrammatic arrangement of N. A. C. A. spray photographic 
equipment for use with fuel pumps 

terns. (See reference 2.) The injection valve and the 
fuel pump were the same as those described in refer¬ 
ence 2. The pump was tested with and without a 
check valve. 

APPARATUS AND METHODS 

A diagrammatic arrangement of the apparatus used 
in this investigation is shown in Figure 1. This 
apparatus is a modification of the N. A. C. A. spray 
photographic equipment (reference 3) used in taking 
high-speed motion pictures of a single spray discharge 
from a common-rail system. Two modifications have 
been made: a change from the common-rail system to 
the pump system of injection, and a change in the 

241 
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spray chamber so that continuous injections from a 

fuel pump into the compressed air would not fog the 

chamber and prevent photographs from being taken 

of a single spray. 

In the modified spray chamber (fig. 2) a funnel was 

arranged in front of the nozzle to deflect the sprays 

Reservoir 

Funnel catch 

.-■Spray chamber 

Injection.. 

valve 

Push rod 

Injection 
tube 

Figure 2.—Spray chamber for use with fuel pumps 

into a reservoir. Releasing the funnel catch allowed 

the funnel to drop below the nozzle and permitted 

the spray to enter the spray chamber. With the 

proper timing the funnel uncovered the valve nozzle 

between pump discharges so that there was no inter¬ 

ference between the spray and the funnel. 

The pump tested was a 6-cylinder commercial fuel 

pump. A cross section through one of the cylinders 

of the pump (fig. 3) shows its construction. The 

outlets from five of the pump plungers were by-passed 

to the oil reservoir and the sixth was connected to the 

injection valve with a seamless steel tube having an 

outside diameter approximately twice the inside 

diameter. 

The injection pump was rotated by a variable-speed 

electric motor and was connected to the camshaft 

through a jaw clutch. The camshaft remained sta¬ 

tionary until engaged by this clutch. It then made 

one revolution with the pump shaft. During this 

revolution of the camshaft, the funnel catch was 

released; the rotary switch completed the electric 

circuit between the condensers and the spark gap. 

The rotary'switch and the pump were timed with the 

serrated coupling so that the spray was synchronized 

with the discharges of the condensers. The injection- 

valve closing pressure instead of opening pressure was 

measured because of the greater accuracy of this 

measurement. (See reference 2.) The injection-valve 

opening pressure was approximately 1.4 times the 

closing pressure. 

The fuel oil used had a specific gravity of 0.83 and 

an absolute viscosity of 0.022 poise at 100° F. 

Unless otherwise stated, all tests were made with a 

0.020-incli diameter orifice and a 34-inch injection 

tube. The discharge orifice length/diameter ratio was 

6:1 in all tests. 

The procedure for taking a spray photograph was 

the same for all tests. The pump was brought up to 

the desired speed and the throttle opened for a few 

revolutions to expel all air from the injection tube. 

Air was then blown through the spray chamber to clear 

the glass walls and to remove suspended oil particles. 

The air pressure, unless otherwise stated, was raised 

to 200 pounds per square inch, a density of 1.1 pounds 

per cubic foot, which is equivalent to the density in the 

combustion chamber of an engine operating at a com¬ 

pression ratio of 14, and the funnel was raised and 

latched in position. When the desired film-drum 

Figure 3.—Diagrammatic sketch of fuel pump used 
in tests 

speed was reached, the pump throttle was again opened, 

and after several revolutions of the pump the clutch 

was engaged. A progressive series of photographs was 

thus recorded of the spray development. From these 

records the spray-tip penetration curves were obtained. 
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Stem-lift records of the injection-valve stem were 
also taken in a few cases to determine the movement 
of the valve stem under the pressure conditions in 
the injection valve. The method was the same as 
described in reference 2. 

TEST RESULTS AND DISCUSSION 

SPRAY-TIP PENETRATION 

The results of the tests are shown by graphs on which i 
the penetration of the fuel sprav-tip in the spray i 

Figure 4.—Effect of pump speed on penetration. Valve closing pressure, 2,000 
lb./sq. in. Tube length, 34 in. Injection tube inside diameter, 0.125 in. Orifice 

diameter, 0.020 in. 

chamber is plotted against time. Tangents to these 
curves indicate the rate of penetration of the spray 
tip. A separate curve is plotted for each variable and 
the effect of the variable on spray-tip penetration is 
noted. Each curve is plotted from two or three tests 
under the same conditions. Additional checks were 
made when large variations appeared. Zero time on 
the graphs refers to the start of the spray from the 

orifice. 
Effect of pump speed.—In reference 2 it was shown 

that varying the pump speed added to the initial 
pressure (approximately the valve-closing pressure) in 
the injection tube instantaneous values of pressure 
proportional to the velocity of the pump plunger. 
As the initial pressure was increased the ratio of the 
pressures created by the motion of the pump plunger 
to the total pressure at any instant decreased. It 
has also been shown in references 1 and 4 that both 
the maximum injection pressures and the injection- 
valve opening pressure alfect the spray-tip velocity. 
However, as the rate-of-pressure rise, after the injection 

valve opens, decreases or as the ratio of the maximum 
pressure to the injection-valve opening pressure 
decreases it can be expected that the effect of the 
injection-valve opening pressure on the spray-tip 
penetration will increase and the effect of the maximum 
pressure will decrease. We can therefore expect that, 
in general, as the injection-valve opening pressure 

is increased the effect of pump speed on spray-tip 
penetration will decrease. 

In reference 2 it has also been shown that as the 
pump speed is decreased a speed is reached below 
which the pressure waves originating at the fuel pump 
are not sufficient to hold the injection-valve stem from 
the seat. This value of speed depends on the injection- 
pump plunger diameter, the pump-cam contour, the 
injection-tube diameter, the initial pressure in the 
injection tube, the injection-valve opening and closing 
pressures, and the pressure into which the discharge 
takes place. It is, within practical limits, independent 
of the injection-tube length. For speeds below this 
value the injection-valve stem will tend to oscillate, 
thereby opening and closing the injection valve. 
The phenomenon is sometimes accompanied by a 
chattering of the injection-valve stem against its seat 
during the injection period. When this phenomenon 
occurs the fuel discharge instead of consisting of a 
single spray will consist of two or more individual 
sprays following each other, generally in quick suc¬ 
cession. Under certain circumstances the stem may 
not lift sufficiently to expose a flow area greater than 
the discharge-orifice area. In this case the stem and 
seat together act as a variable-area orifice. Owing 
to restriction to flow the spray will not have the 
penetrating ability possible were the stem fully lifted. 

The effect of pump speed on the spray-tip penetra¬ 
tion at an injection-valve closing pressure of 2,000 
pounds per square inch is shown in Figure 4. In no 

0 00/ .002 003 O .00/ 
Time, second 

.002 .003 .004 

Figure 5.—Effect of pump speed on spray-tip penetration at high injection-valve 
closing pressure. Injection-valve closing pressure, 2,500 lb./sq. in. Tube length, 
34 in. Injection tube inside diameter, 0.125 in. Orifice diameter, 0.020 in. 

case was there evidence of primary sprays before the 
main spray at pump speeds above 760 r. p. m. The 
variation in maximum pressures and in the rate-of- 
pressure rise was sufficient to cause the spray-tip pene¬ 
tration to increase with pump speed. 

Figure 5 shows the effect of low pump speeds on 
the spray-tip penetration at an injection-valve closing 
pressure of 2,500 pounds per square inch. The figure 
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shows that at the two lower speeds primary sprays 

appeared before the main spray. These primary sprays 

were caused by the seating of the injection-valve stem 

after the initial opening. After the second lifting of 

the stem the pressure was sufficient to keep the injec¬ 

tion-valve stem off its seat. If the main sprays at 

the two lower speeds are compared with those at the 

higher speeds (fig. 5(b)) it is seen that the penetra¬ 

tion of the main spray is not appreciably affected by 

the pump speed. It may be concluded that in this 

case the injection-valve closing pressure was sufficiently 

high so that the effect of the rate-of-pressure rise and 

maximum pressures had no appreciable effect on the 

spray-tip penetration of the main sprays. 

At low pump speeds and with an injection-valve 

closing pressure of 500 pounds per square inch, the 

rate-of-pressure rise and the maximum pressures 

1^1 ft __I_L i ! r l i i i 
0 -00/ 002 ■003 .0 .00/ .002 ■003 .004 

T/nie, second 

Figure 6.—Effect of pump speed on spray-tip penetration at low injection-valve 
closing pressure. Injection-valve closing pressure, 500 Ib./sq. in. Injection tube 
inside diameter, 0.125 in. Tube length, 34 in. Orifice diameter, 0.020 in. 

materially influenced the penetration. (Fig. 6.) At 

the two lower speeds primary sprays occurred. 

Figure 7 shows a spray photograph and stem-lift 

record taken at a pump speed of 190 r. p. m. with 

atmospheric pressure in the spray chamber. The 

small lines at the top of the stem-lift record were 

caused by a spark gap placed in scries with the main 

gap for taking the photographs. Consequently, each 

line corresponds to a spray photograph. Because 

the stem record extended for more than a single revo¬ 

lution of the film drum, the spray photographs and 

the stem record are not syncronized. The injection- 

valve stem oscillated, thus opening and closing the 

injection valve and causing a series of sprays. The 

bouncing of the stem was eliminated when the cham¬ 

ber pressure was increased to 200 pounds per square 

inch, because of the additional force on the stem. 

However, when the pump speed was decreased to 

108 r. p. m. (fig. 8) the bouncing of the stem during 

the whole injection period again occurred though the 

chamber pressure was 200 pounds per square inch. 

Comparison of Figures 7 and 8 shows that in the 

former the stem lift and consequently the pressures 

were higher than in the latter. 

Effect of injection-valve closing pressure.—Figure 9 

shows the effect of the injection-valve closing pressure 

on the penetration of the tip of the main spray for a 

pump speed of 470 r. p. m. The records showed that 

there were primary sprays with injection-valve closing 

pressures of 1,500 pounds per square inch or greater. 

The figure shows that the penetration of the main 

spray increases as the injection-valve closing pressure 

was increased until a value of 1,500 pounds per square 

inch is reached For this pressure the spray-tip pene¬ 

tration decreased. As the injection-valve closing 

pressure was further increased the penetration again 

increased. The decrease in the penetration at the 

injection-valve closing pressure of 1,500 pounds per 

square inch was probably caused by the injection- 

valve stem throttling the flow of fuel past the valve 

seat. Above this injection-valve closing pressure, 

although throttling still occurred as has been shown in 

reference 2, the pressure at the start of injection was 

sufficient to give the spray the increased penetration. 

The penetration of both the primary and main sprays 

for the injection-valve closing pressures of 1,500 and 

2,000 pounds per square inch is shown in Figure 10. 

It is seen that the primary spray as well as the main 

spray penetrated at a faster rate as the injection-valve 

closing pressure was increased. 

Figure 11 shows the effect of the injection-valve 

closing pressure on the spray-tip penetration for a 

pump speed of 760 r. p. m. No primary sprays were 

observed at this speed. However, as was the case with 

470 r. p. m. a minimum penetration occurred at a par¬ 

ticular injection-valve closing pressure, 2,000 pounds 

per square inch. 

At low injection-valve closing pressures and a pump 

speed of 760 r. p. m., it was shown in reference 2 that 

the pressure-wave phenomenon caused secondary dis¬ 

charge after cut-off occurred at the fuel pump. Sec¬ 

ondary discharges did not occur with the higher 

injection-valve closing pressures. The photographs 

shocved these secondary discharges with the low valve 

closing pressures, but because of the fogging of the 

chamber the photographs were not clear enough to 

reproduce on a half-tone photo-engraving. 

Effect of injection-tube diameter.—As shown in 

reference 2, it is advisable to use an injection-tube 

diameter equal to or slightly greater than the critical 

tube diameter so that the flow through the injection 

tube will be laminar with a resultant small pressure 

loss caused by friction. Figure 12 (a) shows that the 

penetration at a pump speed of 760 r. p. m. was nearly 

the same for all injection-tube diameters even when 

diameters considerably less than the critical diameter 

(0.098 inch) were employed. For the conditions 

shown in Figure 12 (a) it may be concluded that the 



Figure 7.—Spray photograph and stem-lift record at low pump speed. Pump speed, 190 r. p. m. Injection-valve closing pressure, 500 Ih./sq. in. Injection tube inside diameter, 0.125 in. Tube length, 34 in. Spray 
chamber density, 0.0765 Ib./cu. ft. 
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Figure 8.—Spray photograph and stem-lift record at low pump speed. Pump speed, 108 r. p. m. Injection-valve closing pressure, 500 lb./sq. in. Injection-tube inside diameter, 0.125 in. Tube length, 34 in. Spray 
chamber density, 1.11 Ib./cu. ft. 
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injection-valve opening and closing pressure controlled 

the spray-tip penetration. 

For the pump speed of 470 r. p. m. (fig. 12 (b)) the 

smaller tube gave the lower spray-tip penetration. As 

the test conditions caused primary starts at the begin- 

Figure 9.—Effect of injection-valve closing pressure 
on spray-tip penetration. Pump speed, 470r. p. m. 

Injection-tube inside diameter, 0.076 in. Tube 
length, 34 in. Orifice diameter, 0.020 in. 

ning of the spray (fig. 10) the drop in rate of pene¬ 

tration was probably due to their formation. 

In order to illustrate the influence of these primary 

sprays in this instance, a comparison of Figure 10 with 

Figure 12 (b) shows that the primary spray penetration 

for the 0.076-inch tube falls below the curve for the 

primaries of the 0.041 and 0.059 inch diameter tubes, 

indicating lower penetration for the 0.076-inch tube. 

Figure 10.—Effect of injection-valve closing pressure on spray-tip penetration 
of primary and main sprays. Pump speed, 470 r. p. m. Injection-tube inside 
diameter, 0.076 in. Tube length 34 in. Orifice diameter, 0.020 in. 

However, the main spray for the 0.076-inch tube shows 

greater penetration. The spray photographs for the 

0.041 and 0.059 inch diameter tubes show primaries 

but the main sprays are not clear enough to be meas¬ 

ured directly. Measurement of the clearest main 

spray (0.059-inch tube) shows the main spray pene¬ 

tration to be the same as that for the 0.076-inch tube. 

The increase in penetration for the 0.125-inch tube 

(470 r. p. m.) is due to laminar flow which exists in the 

tube. As shown in reference 2, turbulent flow in a 

tube results in friction and pressure losses which give 

a low initial stem lift and a slow rise in pressure at the 

injection valve. Both conditions aid the formation of 

primary sprays. With laminar flow these conditions 

Figure 11.—Effect of injection-valve closing pres¬ 
sure on spray-tip penetration. Pump speed, 760 r. 
p. m. Injection-tube inside diameter, 0.125 in. 
Tube length, 34 in. Orifice diameter, 0.020 in. 

i are lacking and a faster rate-of-pressure rise results 

which increases the penetration. 

Effect of injection-tube length.—Figure 13 shows 

the effect of the injection-tube length on the spray-tip 

penetration. The results show that there was little 

variation in the spray-tip penetration for tube lengths 

0 .00/ .002 .003 O .00/ .002 
Time, second 

.003 .004 

Figure 12.—Effect of injection-tube inside diameter on spray-tip penetra¬ 
tion. Injection-valve closing pressure, 2,000 lb./sq. in. Tube length, 34 in. 
Orifice diameter, 0.020 in. 

between 34 and 70 inches. Because of the limitations 

of the apparatus it was not possible to test injection- 

tube lengths of less than 34 inches. However, it was 

shown in reference 2 that the instantaneous pressures 

showed little variation with injection-tube lengths of 

from 4 to 34 inches. Consequently, it may be assumed 

that the injection-tube length does not have an appre¬ 

ciable effect on the penetration of the fuel spray. 

Effect of pump-throttle setting.—Increase in the 

pump-throttle setting (fig. 14) gave decreased penetra¬ 

tion. The injection periods for low throttle settings 
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were short, but the spray reached the maximum 

penetration that could be measured before cut-off 

occurred. The effect of the initial pressure rise with 

early cut-off should have a determining effect on the 

action of the spray. From stem-lift records (reference 

2, fig. 17) the pressure rise as the valve stem is first 

lifting is more rapid at the lower throttle setting. The 

Figure 13.—Effect of injection-tube length on spray-tip penetration. Injection- 
valve closing pressure, 2,500 Ib./sq. in. Injection-tube inside diameter, 0.125 in. 
Orifice diameter, 0.020 in. 

higher initial velocity of the spray gives, therefore, 

an increased rate of penetration for the lower throttle 

settings. 

Effect of check valve in pump.—With no check 

valve in the pump there was a slight increase in the 

rate of penetration over that obtained by using a 

check valve, as is shown by Figure 15. The results 
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Figure 14.—Effect of pump throttle setting on spray- 
tip penetration. Pump speed, 760 r. p. m. Injec¬ 
tion-valve closing pressure, 2,000 Ib./sq. in. Injec¬ 
tion-tube inside diameter, 0.076 in. Tube length, 
34 in. Orifice diameter, 0.020 in. 

without the check valve were erratic. In reference 2, 

Figure 19, the stem-lift curve obtained without a 

check valve in the pump shows a faster rate of stem 

lift than with a check valve, indicating a greater 

pressure rise and greater initial spray-tip velocity j 

than that obtained with a check valve in the pump, but * 

the injection period was materially decreased. How- 1 

ever, later results have shown that removing the check 

valve also decreases the total fuel quantity discharged. 

With no check valve between the pump and the 

injection tube, the tube often became air locked caus¬ 

ing a pulsating flow’ in the injection tube, but no 

injection. The air lock was probably caused by air 

leakage from the spray chamber past the injection- 

valve seat. This air lock persisted even after the 
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Figure 15.—Effect of check valve on spray-tip penetration. Injection-valve 
closing pressure, 2,500 lb./sq. in. Injection-tube inside diameter, 0.125 in. 
Tube length, 34 in. Orifice diameter, 0.020 in. 

injection-valve closing pressure had been raised to 

4,500 pounds per square inch. The other five plungers 

would discharge regularly into the oil reservoir. With 

the check valve in the pump, any air in the tube was 

forced out during the first fewr revolutions. 

Effect of open nozzle.—The open nozzle used in 

these tests was fitted with a ball-check valve close to 
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Figure 16.—Effect of check valve and open nozzle on spray-tip penetration. Open 
nozzle. Injection-tube inside diameter, 0.125 in. Tube length, 34 in. Orifice 
diameter, 0.020 in. 

the nozzle to prevent leakage of air into the injection 

line, as recommended in reference 5. With the check 

valve in the pump a marked increase in the rate of 

penetration vras noted at 760 r. p. m. (fig. 16) over that 

obtained without the check valve. The increase at 

470 r. p. m. was not so noticeable. The increase in 

rate of penetration was due to the fact that the closing 

of the check valve trapped an initial pressure in the 
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injection tube equal to the spray-chamber pressure. 

This initial pressure aided in building up higher 

pressures in the injection tube. Furthermore, the 

check valve lessened the probability of the formation 

of an air pocket in the injection tube. 

The pentration obtained with the open nozzle with 

and without the check valve at the pump was less than 

Figure 17.—Spray-tip penetration with 0.030 in. ori¬ 
fice. Injection-valve closing pressure, 2,500 lb./sq. 
in. Injection-tube inside diameter, 0.125 in. Tube 
length, 34 in. Orifice diameter, 0.030 in. 

that obtained with the closed nozzle under the same 

conditions. 

Effect of orifice diameter.—Figure 17 shows the 

results obtained with an 0.030-inch diameter orifice at 

pump speeds of 470 and 760 r. p. m. These curves 

show a lower rate of penetration than the correspond¬ 

ing series for the 0.020-incli orifice (fig. 15(b)) and the 
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Figure 18.—Computed instantaneous pressure at discharge 
orifice. Pump speed, 760 r. p. m. Injection-valve closing 
pressure, 2,500 lb./sq. in. Injection-tube inside diameter, 
0.125 in. Tube length, 34 in. 

photographic record shows a decreased injection 

period. 

Values for the instantaneous pressures (fig. 18) at 

the orifice, computed by the method presented in 

reference 2, show that with the 0.020-inch orifice the 

instantaneous pressures were much higher than with 

the 0.Cr30-inch orifice. These higher pressures resulted 

in a higher rate of penetration for the smaller orifice. 

CONCLUSIONS 

1. The test results presented show that fuel-injec¬ 

tion pumps designed for high-speed compression- 

ignition engines have satisfactory operating character¬ 

istics over the speed range which is encountered under 

load in ordinary practice. At low speeds, such as 

are used for starting and idling, the fuel injection 

takes place as a series of sprays, because the fuel 

pressures originating at the pump are not sufficient to 

maintain high injection pressures at the discharge 

orifice of the injection valve. The results also show 

that the fuel-spray characteristics are affected by the 

injection-tube diameter, the discharge-orifice area, 

the pump throttle setting, and check valves placed in 

the system. 

2. Increasing the injection-valve opening and closing 

pressure increases the spray-tip penetration, decreases 

the duration of the injection, and increases the ten¬ 

dency for primary sprays to appear before the start of 

injection. 

3. Increasing the pump speed increases the spray- 

tip penetration with low injection-valve opening and 

closing pressures, but has little effect on the penetra¬ 

tion for high injection-valve opening and closing 

pressures; decreases the injection lag; increases the 

duration of the injection in pump degrees; and 

decreases the tendency for primary discharge to occur. 

Langley Memorial Aeronautical Laboratory, 

National Advisory Committee for Aeronautics, 

Langley Field, Va., August 24, 1931. 
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THE AERODYNAMIC FORCES AND MOMENTS EXERTED ON A SPINNING MODEL 
OF THE NY-1 AIRPLANE AS MEASURED BY THE SPINNING BALANCE 

By M. J. Bamber and C. H. Zimmerman 

SUMMARY 

A preliminary investigation of the effects of changes in 

the elevator and rudder settings and of small changes in 

attitude upon the aerodynamic forces and moments ex¬ 

erted upon a spinning airplane was undertaken with the 

spinning balance in the 5-foot vertical tunnel of the 

National Advisory Committee for Aeronautics. The 

tests were made on a Yu-scale model of the “NY-1” 

airplane. 

Data by which to fix the attitude, the radius of spin, 

and the rotational and air velocities were taken from 

recorded spins of the full-scale airplane. Two spinning 

conditions were investigated. All six components of the 

aerodynamic reaction were measured and are presented 

in coefficient form referred to airplane axes. 

The results show that, except for pitching and yawing 

moments, the changes in forces and moments introduced 

by elevator and rudder movements were small and of the 

same order of magnitude as those introduced by small 

changes in attitude. The pitching moment was approxi¬ 

mately doubled by movement of the elevator from 38° up to 

27° down but was little affected by rudder movement re¬ 

gardless of the elevator position. A large yawing moment 

opposing the spin was introduced when the rudder was 

moved from full with the spin to full against the spin with 

the elevator up. When the elevator was down the yawing 

moment given by full rudder movement was reduced to 

approximately one fourth its former value. 

The results indicate that the change in yawing moment 

produced by the rudder with the elevator up was the only 

component of force or moment produced by the elevator 

and rudder that could not have been balanced in an actual 

spin by small changes in attitude and angular velocity. 

INTRODUCTION 

Spinning of airplanes has been the subject of a great 

amount of research in recent years but the problem is 

far from a solution at the present time. When con¬ 

sidering possible solutions airplanes may be classified 

under two headings; namely, those which should never 

be spun and those which should be controllable in the 

spin. 

For the first class, which includes most commercial 

airplanes as well as bombers and transports for military 

40768—34-17 

and naval use, the problem is open to three lines of 

attack: (1) To make the airplane incapable of attain¬ 

ing a stalled attitude; (2) to so proportion and limit 

the movement of the stabilizing and control surfaces 

for a given wing combination that there will always 

be an aerodynamic diving moment when the airplane 

is stalled and it will not be possible for any rotation to 

persist that will give an inertia stalling moment great 

enough to overcome the aerodynamic diving moment 

even with all controls set for a spin; or (3) to use a 

wing and stabilizing surface combination which will be 

stable in rectilinear flight when the airplane is stalled. 

Prevention of the stall is undoubtedly a complete solu¬ 

tion, but unfortunately it is probable that adverse 

weather conditions, coupled with improper use of the 

controls, will cause any airplane to stall if it has good 

performance and maneuverability characteristics. 

The solution of the problem by making the airplane 

incapable either of maintaining a stall or of maintaining 

rotation when stalled is closely related to the solution 

of the problem of making airplanes of the second class, 

such as pursuit, fighter, or commercial stunting air¬ 

planes, readily controllable in the spin. The difference 

is one of magnitudes of pitching, autorotation, and 

damping moments. The whole spinning problem 

therefore reduces to a study of the balance of moments 

and forces when the airplane is rotating and stalled, 

and of the nature and magnitude of the changes of 

those moments and forces with changes in the motion. 

The conditions for equilibrium are that for any axis 

the sum of the moments due to aerodynamic reactions 

upon the lifting and the control surfaces must equal 

and oppose the inertia moments, and that the aero¬ 

dynamic forces must equal and oppose the components 

of gravity and of centrifugal force. It is possible to 

calculate the inertia forces and moments for all spin¬ 

ning conditions, but present knowledge of the directions 

and magnitudes of the forces and moments exerted 

by the air upon the parts of a rotating airplane is so 

limited that the engineer has no certain way of know¬ 

ing whether or not the airplane he is designing will 

balance in a spin. Consequently, a great amount of 

time and money which could be saved if sufficient data 

were available is spent trying to correct the spinning 

characteristics of airplanes after they are built. 

249 
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Figure 1.—The NY-1 airplane model mounted in a spinning attitude in the downward flowing air stream. The 6-component balance (shown with cover removed 
to display mechanism) revolves with the model. 
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Data upon the aerodynamic characteristics of a 

spinning airplane may be obtained in several ways; 

namely, flight tests with full-scale airplanes, flight 

tests with balanced models, strip-method analysis of 

wind-tunnel force and moment tests, and wind-tunnel 

tests of rotating models. A brief discussion of these 

methods will be given here. 

Spinning tests of full-scale airplanes have been made 

from time to time over a period of years. (See 

references 1, 2, 3, 4, and 5.) Such tests have revealed 

the range of attitudes and conditions in which airplanes 

will spin, they have contributed much to the knowledge 

of the aerodynamics of the spin, and they undoubtedly 

must be continued to verify the results obtained by 

more convenient methods. Because of the expense of 

making full-scale tests, the danger to equipment and 

personnel, the difficulty of studying the forces and 

moments upon the component parts of the airplane, 

and the fact that the spinning range that can be investi¬ 

gated with a particular airplane is limited, it is desirable 

that other methods be used for a general investigation 

of the problem. 

Flight tests with balanced models have also been a 

valuable source of information concerning the spin, 

and the most notable effort along this line is the series 

of tests being conducted in England in a vertical 

tunnel built especially for such purposes. (See refer¬ 

ences 6 and 7.) Model tests are much less expensive 

and are not subject to the dangers of full-scale tests. 

Balanced models, however, are relatively expensive and 

troublesome to build and use as compared with ordi¬ 

nary models, the tests must be made at very low 

Reynolds Number, the determination of the aerody¬ 

namic forces and moments is difficult and tedious, it is 

nearly impossible to secure complete data of the effects 

of small changes in attitude, and it is not possible to 

determine the aerodynamic reactions upon the com¬ 

ponent parts. 

Strip-method analysis is useful chiefly as a means of 

studying the effects of certain changes in the aerody¬ 

namic characteristics of wings upon the balance in the 

spin, it being postulated that the results of tests of 

wings which have all sections at the same angle of 

attack can be used to predict the characteristics of the 

same wings when the angle of attack varies along the 

span. Such analyses are very laborious and of doubt¬ 

ful value in determining the spinning characteristics 

of a particular airplane. 

Several forms of rolling balances have been used for 

testing the autorotation characteristics of airfoil and 

airplane models. (See references 8, 9, and 10.) Data 

from rolling-balance tests are subject to errors because 

of tunnel-wall, blocking, and scale effects. Much 

greater velocities may be used in wind-tunnel tests 

where the model is restrained than in dropping tests, 

and it is possible to vary the air speed to study the 

effect of scale. Rolling balances make it possible to 

measure the forces and moments supplied by the 

component parts of the airplane. In the past, 

attempts have been made to use tail moments of a 

yawed model obtained in straight force tests, but it 

has been found that such data are likely to lead to 

erroneous conclusions when applied to the spinning 

condition. (See reference 11.) Rolling-balance data 

have been of limited value because it has not been 

possible to measure all six force and moment com¬ 

ponents or to reproduce a true spinning condition. 

The spinning balance used in this investigation is a 

6-component rotating balance from which it is pos¬ 

sible to obtain wind-tunnel data for any of a wide 

range of possible spinning conditions. 

The present series of tests was undertaken as a 

preliminary investigation of the effects of changes in 

Reynolds Number (within the range obtainable), of 

attitude, and of elevator and rudder settings upon 

the aerodynamic forces and moments upon a model 

when spinning. A model of the NY-1 airplane was 

used in order that a comDarison of the data might be 

made with those obtained from full-scale spins of the 

airplane. (See reference 5.) 

APPARATUS AND MODEL 

Apparatus.—The tests were made on the spinning 

balance that has been developed for use in the 5-foot 

vertical wind tunnel of the National Advisory Com¬ 

mittee for Aeronautics. The wind tunnel, which is of 

the open-jet type, is described in reference 12. The 

spinning balance (fig. 1) consists of a balance head 

that supports the model and contains the force- 

measuring units, a horizontal turntable supported by 

streamline struts in the center of the jet and, outside 

the tunnel, a direct-current driving motor, a liquid 

tachometer, an air compressor, a mercury manometer, 

a pair of indicating lamps, and the necessary controls. 

The balance head is mounted on the turntable and it 

may be set to give any radius of spin between 0 and 8 

inches. 

The balance head contains a vertical spindle to the 

upper end of which the model is rigidly attached. 

The spindle has six degrees of freedom, except as 

restrained by a linkage system which connects it to 

six measuring units. A line diagram of the force 

sj'stem is shown in figure 2. The lower two thirds of 

the spindle, the linkage system, the measuring units, 

and the supporting framework are enclosed by a 

duralumin case one half of which is shown removed 

in figure 1. 

A diagrammatic sketch of one of the force-measuring 

units is shown in figure 3. A force of tension or com¬ 

pression in the connecting link is transmitted through 

the self-alining ball bearings and becomes a moment 

in the beam about the Emery knife-edge. This 

moment and a constant moment produced by the 

spring attached to the beam are balanced by the 
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pressure of air behind the rubber diaphragm. Air 

pressure is admitted to the rotating parts of the bal¬ 

ance through an oil-sealed slip joint at the bottom of 

the turntable shaft. The air pressure is regulated 

by valves and indicated by a mercury manometer. 

Balance is indicated by neon lamps connected through 

slip rings to the contact points. Since there is but 

one air-pressure tube leading to the balance, only 

one reading can be made at a time. Each of the 

measuring units is fitted with a small glycerin-filled 

dash pot which serves to damp the oscillations of the 

beam. 

In order that the balance reading might be easily 

corrected for forces introduced by the weights and the 

moments of inertia of the model and balance parts, 

tare readings were made for each spinning condition 

with the balance head and the model completely en¬ 

closed by a shield which was attached to the turn¬ 

table and rotated with the balance. 

Model.—The model, which had been built by the 

Navy Department for wind-tunnel tests, was a 

%2-scale mahogany reproduction of the NY-1 airplane 

(fig. 1). Originally it differed from the full-scale air¬ 

plane in the following particulars: There were no land¬ 

ing or flying wires; the landing gear and wing struts 

were %2-inch rods of circular cross section; a pair of N 

struts a short distance out from the fuselage were used 

Figure 3.—Diagram of a measuring unit of spinning balance. 

in place of the cabane struts. The model was equipped 

with movable elevator and rudder but it had no ailerons. 

It was rigged with no wasliin or washout (±0.1°) and 

the fin was set parallel to the plane of symmetry. 

For this investigation the original wooden fin and 

rudder, which were of a thin symmetrical section, were 

replaced with a X6-inch duralumin flat plate fin and 

rudder of the same plan form. Additional bracing 

struts were added between the fuselage and the upper 

wing. The fuselage was cut out for installation of a 

ball clamp for attachment to the balance. 

TESTS 

The direction and velocity of the flow about the 

balance head were determined in the positions to be 

occupied by the wings and tail surfaces of the model. 

These surveys were made with the balance rotating at 

a speed corresponding to a normal spin and at a radius 

of 5 inches. The air stream was found to have a 
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twist of 0.4°, which was corrected for by increasing the 

rotational speed of the balance. In the region to be 

occupied by the tail there was an outflow of about 1° 

and an increase in velocity of about 2.5 percent caused by 

the blocking effect of the balance head and turntable. 

Since these parts were partly shielded by the model when 

force tests were being made it is unlikely that they then 

affected the air flow to the extent the survey indicated. 

For the force and moment tests two left spinning 

conditions were chosen from uncorrected data obtained 

in a series of full-scale spins of the NY-1 airplane. 

(The corrected data appear in reference 5 as test 

nos. 30L and 19L. It may be noted that the actual 

differences are small.) The principal characteristics 

of the spins, the difference being due to changes in 

moments of inertia, are given in the following table: 

Radius, 
feet a <9 (90°°—T) 

a 
rad./sec. 

F 
ft./sec. by by Sa 0i 'Pi 

3.4 50° -30' 5°54' 2. 76 91.4 33° 34° 0° -7° 17' —38°17' 18°58' 
6.2 46°20' 1°42' 8°30' 2. 20 92.4 33° 34° 0° —6°44' —42°17' 13°53' 

where +/3 is sideslip outward and ipx, 6X, and \px are 

angles defining the attitude. As here used, tpx is the 

vertical angle between the Y (span) axis and the 

horizontal, positive when the right wing tip is the 

lower; 6X is the vertical angle between the X (fuselage) 

axis and the horizontal, negative when the tail is above 

the horizontal; and \px is the angle between the spin 

radius and the projection of the X axis upon the hori¬ 

zontal, positive when the airplane has been rotated in 

a clockwise direction (viewed from above) about a 

vertical axis, from a position in which the X axis inter¬ 

sects the spin axis. For the attitudes defined, small 

changes of 6x give negligible changes of /3 and nearly 

equal changes of a (a approximately = 90° + dx), small 

changes of <px give negligible changes of a and nearly 

equal changes of (3 (/3 approximately = a+ <px), and 

small changes of \f/x give negligible changes of both 

a and /3- 
A preliminary series of tests was made in each of 

the spinning conditions with tunnel air speeds of 45, 

50, 60, 65, 70, 75, and 80 feet per second to determine 

the scale effect. The scale effect over this range was [ 

found to be negligible and all further tests were made 

at 65 feet per second (Reynolds Number approxi¬ 

mately 153,000) at which speed the operation of the 

balance was most satisfactory. The control settings 

and attitudes for the remainder of the tests are given 

in the following tables: 

Radius=3.4 inches. 0=23.7 radians per second. V=65 feet per second (tunnel 
velocity) 

by bn *1 0. 

33°, 18°, 3°, -27° 31°30' — 7°17' —38°17' 18°58' 
33°, 18°, 3°, -27° 17° — 7° 17' — 38°17' 18°58' 
33°, 18°, 3°, -27° 0° — 7° 17' -38° 17' 18°58' 
33°, 18°, 3°, -27° —31°30' —7°17' —38°17' 18°58' 

33° 31°30' -3°, -o°, -9° -38° 17' 18°58' 
33° 31°30' —7°17' -36°, -40°, -42° 18°58' 
33° 31°30' — 7°17' —38°17' 15°, 17°, 21° 

Radius=6.2 inches. 0=18.77 radians per second. F=65 feet per second (tunnel 
velocity) 

by. bn 0i 'Pi 

: 33°, 18°, 3°,-27° 3l°30' -6° 14' -42° 17' 13°53' 
33°, 18°, 3°, -27° 17° —6°44' -42° 17' 13°53' 

' 33°, 18°, 3°.-27° 0= —6°44' —42°17' 13°53' 
] 33°, 18°, 3°,-27° —31°30' —6°30' -42° 17' 13°53' 

33° 31°30' -5°, -9°, -11° -42° 17' 13°53' 
33° 31°30' —6°44' -38°, -40°. -44° 13°53' 
33° 31°30' —6°!4' —42°17' 12°, 16°. 18° 

RESULTS 

The forces measured by the balance units for the 

various test conditions were plotted and data for the 

calculations of the forces and moments about the body 

axes were taken from the charts, it being assumed that 

these values should follow smooth curves. The forces 

and moments so obtained were reduced to coefficient 

form by the relations: 
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where the symbols X, Y, Z, L, M, N, q, b, and S have 

their usual significance. The lower wing was consid¬ 

ered as extending through the fuselage in computing 

wing area. It should be noted that the span was 

taken as the fundamental length in all the moment 

equations to facilitate the transfer from one set of axes 

to another and to make the moments appear in their 

proper magnitude with respect to each other b/c = 7.66). 

The results, in absolute coefficient form, are presented 

as curves in figures 4 to 10, inclusive. 

At least one repeat test was made for each test 

condition and differences in balance readings were 

found, in general, to be within 5 percent. A com¬ 

parison of the force and moment values computed 

from the flight tests and those obtained from the spin¬ 

ning-balance measurements is given in the discussion. 

No corrections were made for tunnel-wall or blocking 

effects. 
DISCUSSION 

Changes in control settings.—The effects of changes 

in elevator and rudder settings are shown in figures 

4 to 7, inclusive. The changes in Cx, CY, Cz, and Ct 
are small and will be discussed in connection with atti¬ 

tude changes. 

The pitching-moment coefficient, Crn, was approxi¬ 

mately doubled as the elevator was moved from full 

with the spin to neutral. Further movement against 

the spin had a comparatively small effect. The curves 

are similar to those for an airfoil when passing through 
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the stall. Movement of the rudder gave small changes 

of Cm but no general tendency was revealed. 

When the elevator was up the value of Cn was in¬ 

creased, in the sense to oppose the spin, as the rudder 

was moved from full with the spin to full against it. 

The change of moment was approximately proportional 

shielded when the elevator was down. They confirm 

the deductions from smoke-flow tests (reference 13) 

and are similar to the results obtained in tests of various 

stabilizer locations (references 14 and 15). 

Changes in attitude.—Small changes in attitude (see 

figs. 8, 9, and 10) gave changes in Cx, CY, Cz, and Ci 

Figure S.—Effect of inclination of thrust axis to horizontal (0i) upon aerodynamic characteristics of NY-1 airplane model when spinning. 

to the change of rudder position. When the elevator 

was down (against the spin) rudder movement had 

practically no effect in producing a yawing moment 

opposing the spin, this being especially true in the case 

of the spin of small radius. These results might have 

been predicted because a considerable portion of the 

rudder was exposed to the undisturbed air when the 

elevator was up but the rudder was almost entirely 

of the same order of magnitude as those given by full 

movement of the elevator and/or rudder. Within the 

range of attitudes tested, the changes in Cn were not 

sufficient to balance those obtained with elevator 

movement. It is apparent that small changes in atti¬ 

tude coupled with a small increase in rotational ve¬ 

locity, and hence inertia stalling moment, might lead 

to a balance with elevators down. Since changes in 
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Cn produced by small changes in attitude were of the 

same order of magnitude as those given by elevator 

movement when the rudder was with the spin, it ap¬ 

pears that it would be quite possible for the airplane 

to continue the spin with very little change in attitude 

if the elevators were down. 

The results indicate that, with the elevators up, 

relatively large changes of attitude would be necessary 

to balance the change of Cn due to rudder movement. 

It is likely that if a large change in attitude would give 

a balance of Cn, balance of the other forces and mo¬ 

ments would be disturbed and the spin would not con- 

Full-scale tests confirm these deductions. In a spin 

made with the elevator down (no. 54L, reference 5) 

the only definite changes revealed were a decrease in 

radius, a decrease in resultant air velocity, and an in¬ 

crease in rotational speed. The sideslip, the flight path, 

and the angles of attack at the center section were 

intermediate between those for the spins described 

under Tests. 

tinue. This conclusion is confirmed by flight results, 

which showed the impossibility of maintaining balance 

with the rudder against the spin and with the elevators 

up. 
With the elevators down, the changes in Cn due to 

rudder movement were small and it appears that the 

airplane might continue to spin in this condition regard¬ 

less of rudder position. This possibility was not thoi- 
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The limits of error in the full-scale measurements 

(reference 5) are given as 7 percent for the vertical 

velocity and 3 percent for the rotational velocity, and 

since the squares of both of these quantities enter into 

the computation of the coefficients it is evident that 

the tunnel measurements are well within the limits of 

accuracy of the flight tests. 

There is one important difference which is as yet not 

explained. The fundamental relations of mechanics 

show that the aerodynamic moment about the vertical 

axis through the center of gravity of the airplane (Cn") 

Figure 10.—Effect of yaw about vertical axis (<h) upon aerodynamic characteristics of NY-1 airplane model when spinning. 

oughly investigated in flight but in the few cases tried 

recovery was effected with little increase in the number 

of turns necessary. 

Comparison between full-scale and model data.— 

A comparison between the full-scale and the model 

data for the steady spin is given in the following table: 

Radius, 
inches Test Cr Cq Cn" 

3.4 Full scale_ 1.414 0. 0759 0. 0015 
Model__ _ 1. 415 . 0765 .027 

6.2 Full scale.-... 1. 466 .0674 .0010 
Model_ 1.301 .0619 .023 

The resultant force and moment coefficients (CR and 

CQ) are in good agreement for the case of the spin with 

the smaller radius but the values from model tests are 

about 10 percent lower than the values computed from 

the full-scale spin of 6.2-foot radius. 

is very small, being equal to the gyroscopic moment of 

the propeller about that axis. A yawing moment op¬ 

posing the spin and equal in magnitude to about one 

third the resultant moment was found in the tunnel 

measurements. 
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An attempt was made to explain this discrepancy on 

the basis that there was wasliin of the left wing and that 

the fin was set at an angle to the plane of symmetry on 

the full-scale airplane while both washin and fin angle 

were zero for the model. Accordingly, the lower left 

wing of the model was given 1°15' washin and an addi¬ 

tional test made, but no appreciable change in moment 

about the vertical axis was obtained. No tests were 

made with different fin settings but rudder-moment 

curves indicate that a change in fin setting could have 

produced only a small change in Cn". It was found 

possible to reduce Cn" to zero by giving the model 

about 12° of outward sideslip. 

It is believed that the differences revealed between 

the full-scale and the tunnel results are not such as to 

change the slopes or configurations of the curves of 

figures 4 to 10, and that they do not affect the analysis 

given in the preceding discussion or the conclusions to 

which it points. 
CONCLUSIONS 

1. A rudder may be rendered ineffective as a source 

of yawing moments in the spin by the shielding effect 

of the stabilizer and elevator. 

2. Small changes in attitude coupled with changes 

in rotational velocity may be sufficient to balance force 

and moment changes given by changes in elevator 

setting or by changes in rudder setting with the ele¬ 

vators down. 
3. Large changes in attitude are necessary to pro¬ 

duce moments sufficient to balance the yawing moment 

about the body axis given by movement of an un¬ 

shielded rudder. 
4. The spinning balance is a practical and economical 

means of obtaining valuable data upon the aerody¬ 

namic forces and moments given by a spinning model 

and its component parts. 

Langley Memorial Aeronautical Laboratory, 

National Advisory Committee for Aeronautics, 

Langley Field, Va., February 7, 1933. 
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REPORT No. 457 

MANEUVERABILITY INVESTIGATION OF AN 03U-1 OBSERVATION AIRPLANE 
By F. L. Thompson and H. W. Kirschbaum 

SUMMARY 

This report presents the results obtained in maneu¬ 

verability tests conducted by the National Advisory Com¬ 

mittee for Aeronautics with an 03U-1 observation 

airplane. This investigation is the third in a series of 

similar investigations requested by the Bureau of Aero¬ 

nautics, Navy Department, for the purpose of comparing 

the maneuverability of different airplane types and to 

provide quantitative data for use in establishing a criterion 

or method for rating the maneuverability of any airplane. 

The two former investigations were conducted with the 

fighter types designated F6C-3 and F6C-J+ and have been 

reported previously. 

Measurements of the air speed, the angular velocity, 

the linear acceleration, and the positions of the controls 

were made during abrupt single-control maneuvers with 

three stop positions for each control, during steady hori¬ 

zontal turns for the determination of minimum radius, 

and during 180° turns by various methods. Flight-path 

coordinates in two dimensions were determined for the 

180° turns by means of a special camera obscura designed 

for the previous investigation of the F6C-f airplane. 

All maneuvers were performed at an altitude of approxi¬ 

mately 3,000 feet. 

The results of the abrupt single-control maneuvers are 

presented by curves showing the variation of the measured 

quantities with respect to air speed and control movement. 

The results of the 180° turns are shown by time histories of 

the measured quantities for one maneuver of each type and 

by a table giving principal flight-path dimensions, altitude 

change, speed change, time required for completion, and 

maximum values of recorded quantities for all turns. The 

minimum radius of turn for steady horizontal flight at an 

altitude of 3,000 feet was found to be 322 feet at 7f miles 

per hour as compared with 155 feet at 76 miles per hour 

and 135 feet at 62 miles per hour for the F6C-3 and 

F6C~4 airplanes, respectively. 

INTRODUCTION 

A series of three investigations of the maneuvera¬ 
bility of military airplanes has been conducted by the 
National Advisory Committee for Aeronautics at the 
request of the Bureau of Aeronautics, Navy Depart¬ 
ment. The results of the first two of these investiga- 

© 

tions pertain to the single-seat fighter airplanes, 

F6C-3 and F6C-4, and are given in references 1 and 2. 

The results of the third investigation, which was con¬ 

ducted on an 03U-1 observation airplane, are presented 

herein. These investigations have been made for the 

purpose of obtaining data that will facilitate the rating 

of military airplanes according to their maneuvering 

qualities. 

The general procedure followed in this investigation 

was similar to that used in the two previous ones. 

Maneuvers were chosen so as to show as well as pos¬ 

sible the separate and combined effectiveness of various 

elements that influence the ability of the airplane to 

maneuver. The maneuvers chosen can be divided 

into three principal groups: Abrupt single-control 

maneuvers, 180° turns by various methods, and steady 

horizontal turns for the determination of minimum 

radius of turn. Recording instruments within the 

airplane were used to determine air speed, linear ac¬ 

celeration, angular velocity, and position of controls. 

Angular accelerations were deduced from angular- 

velocity records. A camera obscura on the ground 

was used to record flight paths during 180° turns. 

Various items pertaining to the performance of the 

airplane were determined in a series of preliminary 

tests. 

The tests with this airplane complete the contem¬ 

plated series of investigations. The data obtained 

from the complete series of tests are now being studied 

for the purpose of developing a satisfactory criterion 

or method of rating airplanes according to their ability 

to maneuver. This study has not been completed and 

will be reported at a later date. 

263 
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APPARATUS AND METHODS 

APPAKATUS 

In this investigation tests were made on an 03U-1 
airplane (fig. 1) equipped with a 450-hp. air-cooled 
engine. The principal specifications pertaining to the 
dimensions and arrangement of this airplane are shown 
in the appendix. The gross weight for the tests was 

Tlie recording instruments in the airplane consisted 
of a control-position recorder (reference 3), three 
angular-velocity recorders (reference 4), a 3-component 
accelerometer (reference 5), an inclinometer, and a per¬ 
formance recorder containing an air-speed unit 
(reference 6) and an aneroid unit. All these instru¬ 
ments give continuous photographic records. An 

Jk .A 

fj 
S 

Figure l.—The 03U-1 airplane. 

4,055 pounds and the center of gravity was located 
16.54 inches back of the leading edge of the lower wing. 
This weight and center-of-gravity location correspond 

O 5/0/5 
Down oi/eron, degrees 

Figure 2.—Differential aileron action on 03U-1 airplane. 

to the conditions specified for the normal full load. 
The ailerons on this airplane have a differential move¬ 
ment as shown in figure 2. 

electrically driven timer was used in conjunction with 
these instruments to synchronize the records. 

The accelerometer was located in the rear cockpit as 
near to the center of gravity as possible. The control- 
position recorder was connected to the three controls in 
the front cockpit. The air-speed recorder was con¬ 
nected to the swiveling pitot-static head mounted on a 
boom extending forward 1.1 chord lengths from the 
upper wing (fig. 1) to eliminate the errors caused 
by interference. A liquid-in-glass thermometer was 
mounted on the interplane wires to permit observation 
of air temperatures during flight. 

As previously mentioned, a camera obscura was used 
to record flight paths during 180° turns. This appara¬ 
tus and its accessories are described and illustrated in 

reference 2. 
A system of one-way radiotelephone communication 

from the ground to the airplane was used in conjunction 
with the camera obscura to coordinate flight and ground 
operations. The microphone was located near the 
camera for use by a ground observer. An aircraft 
radio receiver designated “Type BC-SA-167” by the 
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Signal Corps, United States Army, was installed in the 
airplane. 

METHOD 

Preliminary tests.—Preliminary tests were made 
with the airplane in the full-scale wind tunnel and in 
flight. The data obtained in these tests served several 
purposes but particularly permitted the calculation of 
the minimum radius of turn. In the wind-tunnel tests 
the propeller-thrust curve was determined with the 
airplane at 0° angle of attack. In the flight tests 
several level runs and full-throttle climbs were made 
from which numerous data were obtained. A calibra¬ 
tion of the swiveling air-speed head was determined by 
obtaining simultaneous records of the air speed 
indicated by this head and that indicated by another 
head suspended 60 feet below the airplane. The angle 
of attack for the level runs was obtained from records 
of the attitude of the airplane. The air temperature 
and engine speed were noted and the barometric 
pressure of the air recorded so that the true air speed 
and thrust horsepower could be computed. The level 
runs were made at an air density corresponding 
approximately to a standard altitude of 3,000 feet 
(p/p0 = 0.915) and the climb data were obtained at 
about the same density. An additional item obtained 
during the preliminary tests was the stabilizer position 
required for balance with zero stick force at each speed, 
hence at each angle of attack. 

From the wind-tunnel and flight data, lift and drag 
characteristics for the power-on condition and curves 
of horsepower required and horsepower available at a 
standard altitude of 3,000 feet were computed. When 
making these computations it was assumed that the 
thrust was directed along the thrust axis and that the 
thrust coefficients were not influenced by the angle of 
attack. The computations involved in determining 
the desired quantities are as follows: 

For level flight 

and 

2(IF— T sin aT) 

PSV2 (1) 

n 2 T COS aT 
Cd pSV2 (2) 

where IF is the weight of the airplane 
T= Crpn2Di is the effective thrust 
aT is the angle of attack of the thrust line, and 

the other symbols have their usual significance. For a 
given flight condition the thrust coefficient CT was 
found from the observed V/nD and the thrust curve 

obtained from the wind tunnel. 

Although all the preliminary flights were made at 
approximately the same air density, there was suffi¬ 
cient variation in the test conditions to influence 
appreciably the calculated values of horsepower re¬ 
quired and horsepower available. Consequently, the 
procedure followed in finding the horsepower curves 

40768—34-18 

for the altitude of 3,000 feet entailed corrections neces¬ 
sary to reduce observed results to the common altitude. 
The forms of expressions used in finding horsepower 
were: 

and 
(level flight) 

TV 
hp.avail (full-throttle climbs) 

(3) 

(4) 

The flight data for the level runs give the lift and 
drag coefficients and angle of attack for a given veloc¬ 
ity at the air density of the flight. The lift coefficient 
required for flight at the same velocity and at the 
desired standard density was found from the relation 

n ' = n T (the prime refers to the value at the re- /m 
yL L p' quired standard altitude) 

and the corresponding angle of attack was found from 
the lift-coefficient curve. The drag coefficient cor¬ 
responding to this required angle of attack was then 
found and the horsepower required calculated by 
means of the expression 

, Cd'p'V*S 
np-reqd ljl00 Q,0g (xT' W 

The corrections to thrust horsepower available were 
made in accordance with the average variations with 
altitude given by Diehl in reference 7. 

Principal tests.—The flight program of the principal 
tests included single-control maneuvers requiring the 
abrupt use of elevator, ailerons, and rudder; 180° 
turns in vertical and horizontal planes; some special 
slow rolls; and steady horizontal turns for the deter¬ 
mination of minimum radius of turn. The tests were 
performed in an air density corresponding approxi¬ 
mately to that at a standard altitude of 3,000 feet and, 
in general, were started from steady level flight at 
various speeds with the stabilizer adjusted for zero 
stick force. As the procedure during the tests was 
essentially the same as that described in references 1 
and 2, it will be described very briefly herein. 

The single-control maneuvers, except those involv¬ 
ing the ailerons, were made at various indicated air 
speeds up to the maximum level-flight indicated air 
speed of 124 miles per hour. A limit of 97. miles per 
hour was placed on the speed for abrupt aileron maneu¬ 
vers to prevent undue stress of the airplane. The 
single control involved in each test was moved as 
quickly as possible and great care was taken to prevent 
the movement of any other control during the initial 
stage of the subsequent motion. Tests were made 
with the normal full movement and with two inter¬ 
mediate stop positions for each control, corresponding 
roughly to one half and three fourths of the full 
movement. The control movements were as follows: 
Elevator up 30.3°, 22.6°, and 18.0°; left aileron down 
13.0°, 10.4°, and 6.4°; rudder right 27.0°, 19.5°, and 
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13.9°. A test for each condition was performed by 

each of two pilots. 

The various types of 180° turns are classified as 

wing-over, horizontal turn, half aileron roll—half 

loop, half kick roll—half loop, and Immelman turn. 

The maneuvers were performed in the field of the 

camera obscura so that the flight paths could be 

recorded. When it was possible to do so, the maneu¬ 

vers were started from various speeds up to the maxi¬ 

mum indicated air speed of 124 miles per hour. For 

the Immelman turn the starting speed was raised to 

132 miles per hour by diving slightly at the start. 

Several special slow rolls were made in which the pilot 

attempted to produce rotation solely about the X axis. 

After many attempts the desired motion was approx¬ 

imately attained. The steady horizontal turns used 

to determine the minimum radius of turn were started 

with full throttle and gradually tightened up until the 

desired air speed was attained without changing the 

throttle. Records were taken after steady conditions 

were attained at this air speed. This procedure was 

repeated for several speeds in the lower part of the 

normal speed range. In each case the stabilizer was 

set for high-speed level-flight balance. 

Values of control position, angular velocit}7, and 

linear accelerations were obtained directly from the 

instrument records. Angular accelerations were 

derived from the recorded angular velocity by graphical 

differentiation. True air speed was derived from the 

air-speed records, barometric-pressure records, and 

observed temperature. Flight paths for the 180° 

turns were determined from the camera-obscura 

records in accordance with the method described in 

reference 2. 
PRECISION 

Lag in the angular-velocity recorders influenced the 

records obtained by these instruments considerably in 

the abrupt single-control maneuvers. Lag tests were 

made with these instruments and the results were used 

in applying corrections to the flight data. The 

validity of the corrections is not entirely assured, 

however, so that the angular accelerations obtained ; 

from the flight records are not regarded as satisfactorily 

precise except as regards their use in indicating 

similarity or difference in the manner in which the 

controls were applied by the two pilots in the abrupt 

single-control maneuvers. The precision of the vari¬ 

ous measurements is estimated to lie within the follow¬ 

ing limits: 

Linear accelerations, 

Air speed, 

Control position, 

Angular velocities, 

Angular velocities, 

± 0.05 g 
± 2 percent 

±1° 

± 2 percent for fairly 

steady motion 

± 7 percent for maximum 

values in abrupt 

maneuvers 

Flight-path dimensions, ± 4 per cent 

RESULTS 

PRELIMINARY TESTS 

The results of the preliminary tests are shown in 

figures 3 to 7, inclusive. The variations of stabilizer 

position with indicated air speed (fig. 3) can be used in 

determining the stabilizer setting during each maneu¬ 

ver performed in the principal tests by reference to 

the indicated air speed at which the maneuver was 

performed. In a similar manner the curves in figure 4 

indicate the initial angle of attack and propeller speed 

in each maneuver. The effective thrust coefficients 

shown in figure 5 were used in a manner previously 

described for the calculation of forces during steady 

turns and in determining the lift, drag, and horsepower 

curves shown in figures 6 and 7. Attention is 

called to the fact that the lift and drag characteristics 

pertain to the power-on condition rather than the 

power-off condition as would be obtained in glide tests. 

The lines of constant angle of attack on the horse¬ 

power curves are utilized in calculations described later 

regarding the minimum radius of turn. 

SINGLE-CONTROL MANEUVERS 

Elevator maneuvers.—The data obtained in abrupt 

pull-ups are shown in figures 8, 9, and 10 where maxi¬ 

mum normal acceleration, maximum pitching velocity, 

and maximum pitching acceleration are plotted against 

initial indicated air speed. Noteworthy features of 

the results for full elevator movement are that the 

values for normal accelerations are not proportional 

to the second power of the velocity, that the curves of 

maximum pitching velocity flatten at high speed, 

and that the flattening is different for the two 

pilots. These peculiarities are attributed chiefly to 

the large force required to operate the elevators. A 

study of the records obtained in these pull-ups shows 

that the time required to operate the elevators increased 

with speed and was such as to permit a considerable 

decrease in air speed during the period required to 

operate the elevators. The decrease in air speed 

permitted the maximum normal accelerations to attain 

smaller values than would have occurred if the change 

in angle of attack could have been accomplished 

rapidly. In this connection it should be mentioned 

that in the tests reported in references 1 and 2 the 

normal accelerations were found to vary as the 

second power of the initial air speed. The difference 

in the curves of maximum pitching velocity attained 

by the two pilots is attributed to the fact that Pilot A 

did not actually attain the nominal full elevator move¬ 

ment at high speeds and utilized rather more time 

during the latter stage of the elevator movement than 

did Pilot B. Differences in piloting are also reflected in 

the difference between the curves of maximum pitching 

accelerations for the same nominal control movement. 

The average effect of elevator movement on maxi¬ 

mum pitching velocity and acceleration is shown in 

figure 11 for three indicated air speeds. These curves 
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Figure 5.—Effective thrust coefficients for 0311-1 airplaDe at 

zero angle of attack. 
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were obtained from the average curves of the preced¬ 

ing figures. The slopes of these curves show that in¬ 

creasing the elevator movement would increase the 

elevator effectiveness during the initial stage of the 

rotation, but that the final rate of rotation would not 

be appreciably increased. 

Aileron maneuvers.—The data obtained in the tests 

involving abrupt aileron movements are shown in 

rapidity than did Pilot B. As this difference exists in 

spite of repeated attempts by Pilot B to obtain values 

equaling those obtained by Pilot A, the values ob¬ 

tained by Pilot A should probably be regarded as 

exceptional. Thus, as in the case of the elevator 

maneuvers, the force required to operate the controls 

apparently had some influence on the maneuver. In 

this case, however, the maximum angular velocities 

Indicated air speed, m. p. h. 

Figure 8.—Maximum values of normal acceleration, pitching velocity, and pitching 
acceleration for abrupt pull-ups with 30.3° (full) elevator movement (03U-1 air¬ 
plane). 

Figure 9.—Maximum values of normal acceleration, pitching velocity, and pitching 
acceleration for abrupt pull-ups with 22.6° elevator movement (03U-1 airplane). 

Figure 10.—Maximum values of normal acceleration, pitching velocity, and pitch¬ 
ing acceleration for abrupt pull-ups with 18.0° elevator movement (03TJ-1 air¬ 
plane). 

Figure 11.—Variation of maximum pitching velocity and maximum pitching ac 
celeration with elevator movement (03TJ-1 airplane). 

figures 12, 13, and 14 where maximum rolling velocity 

and acceleration are plotted against indicated air 

speed. The difference between the maximum rolling 

accelerations attained by the two pilots with full aile¬ 

ron movement indicates that Pilot A exerted a greater 

stick force and thereby moved the ailerons with greater 

show no consistent differences. As the period during 

which the high acceleration acts is very short the large 

stick force in this case apparently has no appreciable 

influence on the pilot’s ability to roll the airplane. 

The large force required may be important, however, 

in complicated maneuvers where the pilot is unable 
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to concentrate his energy on the operation of the 

ailerons. 
The curves in figure 15 show maximum rolling veloc¬ 

ity and acceleration against aileron movement. The 

by Pilot A are considered to be exceptional. The posi¬ 

tive slope of all the curves in this figure indicates that 

the effectiveness of the aileron will be increased by 

increasing the movement. 

Figure 12.—Maximum values of rolling velocity and acceleration for abrupt aileron 
movement, left aileron down 13.0°, full movement (03U-1 airplane) 

Figure 13.—Maximum values of rolling velocity and acceleration for abrupt aileron 

movement, left aileron down 10.4° (03U-1 airplane). 

Figure 14.—Maximum values of rolling velocity and acceleration for abrupt aileron 
movement, left aileron down 6.4° (03U-1 airplane). 

Movement of left o Her on, degrees —*■ Down 

Figure 15.—Variation of maximum rolling velocity and maximum rolling accelera¬ 
tion with aileron movement (03U-1 airplane). 

U 
<b 

'N 
to 

8 
/.o| 

.8 X 
u 

•*0> 

2 ^ 0 
X 

Jd 

Figure 16.—Maximum values of transverse acceleration, yawing velocity, and 
yawing acceleration for abrupt rudder movement, right 27.0°, full movement 

(03U-1 airplane). 

Figure 17.—Maximum values of transverse acceleration, yawing velocity, and 
yawing acceleration for abrupt rudder movement, right 19.5° (031-1 airplane). 

values of acceleration for full movement were taken Rudder maneuvers—Maximum values of transverse 

from the results obtained by Pilot B, as those obtained acceleration, yawing velocity, and yawing acceleration 
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obtained in the maneuvers involving the abrupt use 

of the rudder are shown in figures 16, 17, and 18. In 

contrast to the results obtained with the two other 

controls, there is no evidence of a consistent difference 

due to difference in piloting. The curves of figure 19 

o 
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0 oi 
.c 

0 

3 

Figure 18 —Maximum values of transverse acceleration, yawing velocity, and 
yawing acceleration for abrupt rudder movement, right 13.9° (03U-1 airplane). 

showing the variation of maximum yawing velocity 

and acceleration with "control movement indicate a 

practically constant increase of rudder effectiveness 

with increased movement. 

Figure 19.—Variation of maximum yawing velocity and maximum yawing 
acceleration with rudder movement (03U-1 airplane). 

Special slow rolls.—These maneuvers have been 

regarded as a good indication of the control effective¬ 

ness. It wras concluded, however, that the perform¬ 

ance of these maneuvers is so closely related to the 

pilot’s skill that the results are of small value where 

quantitative data are required. The results obtained 

in one of these maneuvers are shown in figure 20. 

These results illustrate the most nearly successful at¬ 

tempt to produce rotation solely about the X axis. 

Turns of 180°.—The results for the 180° turns are 

sliowm principally in table I. Time histories of data 

obtained in each type of turn are given in figures 21 

to 25, inclusive. The data shown in these figures are 

representative of each type of maneuver. Table I 

gives a complete summary of significant quantities 

determined in these maneuvers. The flight-path 

dimensions given in this table apply to the projection 

of the flight path in either a vertical or horizontal 

plane. The wing-over is regarded as a horizontal- 

plane maneuver in which there is no resultant change 

of altitude. Data from the horizontal-plane maneu¬ 

vers in which the airplane did not return to approxi¬ 

mately the initial altitude were excluded. The Immel- 

man turn, the half kick roll—half loop, and the half 

aileron roll—half loop are regarded as vertical-plane 

maneuvers although the actual motion was not strictly 

limited to a vertical plane. The maneuvers were 

regarded as complete when the starting point had 

been passed after reversing the direction of flight. 

In several cases the flight-path records wrere termi¬ 

nated slightly before completion of maneuvers. The 

extrapolation of the flight paths to determine the time 

required for completion in those cases results in no 

appreciable error. 

The relative merits of the various maneuvers can 

be judged by a comparison of the data given in table I. 

Owing to the violence of the half kick roll—half loop, 

this maneuver was not performed at speeds greater 

than 102 miles per hour, but for the range of speed in 

which it wTas performed it required the least time for 

completion, the time being about 10 seconds. The 

time required to complete the horizontal turns de¬ 

creased rapidly with increased speed until at 123 

miles per hour, the time required wras only 8.3 seconds. 

The wing-over turns required the greatest time for 

completion, the time being about 21 seconds at all 

speeds. The least horizontal displacement required 

for turning wras about 500 feet and occurred in the 

half kick roll—half loop at 84 miles per hour and the 

horizontal turn at 123 miles per hour. The greatest 

horizontal displacement required w^as 1,390 feet and 

occurred in the half aileron roll—half loop at 117 

miles per hour. As previously noted, the Immelman 

turn was performed with a slight initial dive to gain 

speed for the performance of the maneuver. The 

speeds that have been tabulated for the above cases 

are indicated air speeds and are about 4 percent less 

than the true air speeds. 

Steady horizontal turns.—The results of the tests 

to determine the minimum radius of steady horizontal 

turn are shown in figure 26. Experimental points 

obtained from the same tests by two methods of cal¬ 

culation are given. The most direct method involved 
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only the recorded air speed and acceleration, from which 

the radii were calculated by means of the equation 

V 
(aR2~g2)» 

(7) 

where r is the radius of turn 

aR, the resultant accelerometer reading 

V, the true air speed. 

The results obtained by this method were erratic, pos¬ 

sibly because the airplane was traveling in its own wake. 

For the second method the data required from the 

steady turns were air speed and corresponding engine 

speed. The thrust was calculated by means of these 

flight data and the thrust curve of figure 5. The angle 

by- the previous method. This curve shows the mini¬ 

mum radius of turn to be 322 feet at 74 miles per hour. 

The usual method of calculating minimum radius of 

turn where flight data are not available is to use curves 

of horsepower available and required. (See reference 

8, p. 217.) This method utilizes the expression 

V2 r —- (9) 
g tan d 

where 6 is the angle of bank, given by the expression 

ff-cos-^) (10) 

and Vi/V is the ratio of the speed in level flight to the 

speed in a steady turn at the same angle of attack. 
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Figure 24.—Half kick roll—halfloop (03U-1 airplane). 

of attack and corresponding lift coefficient were then 

found by utilizing first and second approximate solu¬ 

tions of equation (2) and the curves of figure 6. The 

resultant acceleration was calculated by means of the 
expression 

„ _g(CLPSV2 + 2T sin aT) 
a*~ TW~ (8) 

and r was found from equation (7). The values ob¬ 

tained by this method lie close to a smooth curve that 

represents fairly well an average of the points obtained 
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Figure 25.—Imnielman turn (03U-1 airplane). 

Radii calculated by this method using the horsepower 

curves of figure 7 are shown by the broken curve in 

figure 26. The corresponding values of V and Vt are 

found from the curves of horsepower required and 

horsepower available by having these curves inter¬ 

sected by other curves representing the variation of 

horsepower required with speed at constant angles 

of attack, that is, at constant drag coefficients. Such 

curves for various angles of attack are shown by 

dotted lines in figure 7. The results obtained by this 

method give a minimum radius of 295 feet, which is 
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about 8 percent less than the probably more nearly 

correct value shown by the previous curve and which 

lies within the region covered by the scattered points 

obtained by the most direct method. Consideration 
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Figure 26.—Radius of steady horizontal turn with full throttle at altitude of 3,000 
feet (03C-1 airplane). 

of the change of horsepower required and horsepower 

available with altitude indicates that the minimum 

radius at sea level would be about 18 percent less than 

the value at 3,000 feet. 

SUMMARY OF RESULTS 

With full elevator movement (up 30.3°) maximum 

angular velocities in pitch as obtained by either pilot 

varied from 0.98 radian per second at 75 miles per hour 

to 1.61 radians per second at 122 miles per hour. 

These values agree closely with the data obtained with 

the F6C-4 airplane. Considerable time was required 

to move the elevator at highspeed, apparently because 

of the large force required, so that there was a con¬ 

siderable decrease in speed before the angle of attack 

for maximum lift was attained. No appreciable 

increase in pitching velocities would have been attained 

by increasing the allowable elevator movement above 

30.3°. 

With the full aileron movement (left aileron down 

13.0°, right aileron up 18.5°) the maximum rolling 

velocities varied from 0.53 radian per second at 71 

miles per hour to 0.70 radian per second at 97 miles 

per hour. At the same indicated air speeds with the 

F6C-4 airplane the maximum rolling velocities attained 

were 0.61 and 0.75 radian per second, respectively, 

but at 140 miles per hour the F6C-4 airplane attained 

a rolling velocity of 0.90 radian per second. Although 

the large force required to operate the ailerons ap¬ 

parently affected the maximum rolling accelerations 

as attained by the two pilots, maximum angular 

velocities were not affected. An increase in the 

allowable aileron movement above 13.0° would have 

increased the maximum rolling velocity attainable. 

With full rudder movement (right 27.0°) maximum 

yawing velocities varied from 0.46 radian per second 

at 64 miles per hour to 0.90 radian per second at 127 

miles per hour. At corresponding speeds with the 

F6C-4 airplane the values obtained were about 0.10 

radian per second greater than those obtained with the 

03U-1 airplane. No effect of the force required to 

operate the rudder was indicated in either the angular 

acceleration or angular velocity attained. The vari¬ 

ation of angular velocity with control movement 

indicated that greater angular velocity would have 

been attained with an increase in the allowable rudder 

movement. 

In the 180° turns the half kick roll—half loop in 

general required the least time (about 10 seconds) for 

completion. The violence of this maneuver excluded 

it from test at speeds greater than about 100 miles per 

hour. At full speed the horizontal turns required the 

least time for completion (about 8 seconds). Wing- 

over turns required the greatest time for completion 

(about 21 seconds at all speeds). An Immelman turn 

was performed in which the altitude gained was 430 

feet and the time required for completion was 17 

seconds. In this particular maneuver, however, 

sufficient momentum was acquired by diving slightly 

at the start. Similar maneuvers were made with the 

F6C-4 airplane at generally higher speeds and in 

generally less time than was required for the 03U-1 

airplane. An exception is noted in the case of the 

horizontal turns, however, in which the F6C-4 with 

an initial speed of 128 miles per hour, required about 9 

seconds and a horizontal displacement of 565 feet, 

and the 03U-1, with an initial speed of 123 miles per 

hour, required about 8 seconds and a horizontal dis¬ 

placement of 490 feet. The one maneuver of this class 

that provides the most definite indication of superior 

maneuverability of the F6C-4 airplane over the 03U-1 

airplane is the Immelman turn. With the F6C-4 

airplane this maneuver was performed without diving 

at the start, required 11 seconds for completion, and 

resulted in a gain of 550 feet of altitude. 

The minimum radius of turn at an altitude of 3,000 

feet was found to be 322 feet at a true air speed of 74 

miles per hour. The minimum radius calculated 

from horsepower curves was 8 percent less than that 

value. The estimated minimum radius at sea level 

is 265 feet. The minimum radii for the F6C-3 and 

F6C-4 airplanes were 155 feet at 76 miles per hour 

and 135 feet at 62 miles per hour, respectively, for an 

altitude of about 2,500 feet, which is sufficiently close 

to 3,000 feet to make the test results comparable. 

The tests with the 03U-1 airplane complete the 

contemplated series of investigations. Consideration 

is now being given to the problem of developing a 
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suitable criterion or method for rating airplanes 

according to their ability to maneuver. The results 

of this study will be reported at a later date. An 

important factor to be considered is that the method 

of rating should be based on items that are independent 

of the personal characteristics of a particular pilot, 

and that, as far as is possible, can be determined 

readily. Maximum speed, control effectiveness as 

shown by the results of abrupt single-control man¬ 

euvers, and minimum radius of steady horizontal turn 

are regarded as items of particular importance. The 

fact that the excess energy required for maneuvering 

is largely acquired through loss of speed suggests the 

possibility that the maximum kinetic energy that an 

airplane can surrender without varying the speed 

beyond the range of normal level-flight speeds may 

prove to be a particularly useful and convenient 

item. 

Service ceiling_ 

Wing area including ailerons_ 

Aileron area_ 

Stabilizer area_ 

Elevator area_ 

Fin area_ 

Rudder area_ 

Airfoil section_ 

Wing span_ 

Length_ 

Height_ 

Gap_ 

Chord_ 

Angle of incidence_ 

Stagger- 

Diliedral_ 

Sweepback_ 

Distance back from leading 

edge lower wing to c.g_ 

16,300 ft. 

325.6 sq. ft. 

32.6 sq. ft. 

23.6 sq. ft. 

18.5 sq. ft. 

4.4 sq. ft. 

14.1 sq. ft. 

Upper N-22, lower G-398. 

36 ft. 

26 ft. % in. 

10 ft. 8 in. 

5 ft. 5 in. 

Upper 5 ft. 5 in., lower 4 ft. 

9 in. 

0°. 

17.5 in. 

Upper 2°, lower 1.75°. 

4.75°. 

16.27 in. 

REFERENCES 

Langley Memorial Aeronautical Laboratory, 

National Advisory Committee for Aeronautics, 

Langley Field, Va., January 19, 1933. 

APPENDIX 

SPECIFICATIONS OF 03U-1 AIRPLANE * 

Type_ Tractor biplane, landplane. 

Engine_Pratt and Whitney, R-1340-C. 

Horsepower_ 450 at 2,100 r.p.m. 

Full load___ 4,057 1b. 

Weight per square foot_12.5 lb. 

Weight per horsepower_9.02 lb. 

Maximum speed_ 138 m.p.h.* * * 6 

Distance from leading edge of 

lower wing to rudder post-. 17 ft. 9% in. 

« From Table of Characteristics, Weights, and Performance of U.S. Navy Obser¬ 
vation and Training Planes. Bureau of Aeronautics, Navy Department, January 
1931. 

& Maximum speed as flown during tests, 132 m.p.h. 
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TABLE I 

SUMMARY OF SIGNIFICANT QUANTITIES MEASURED IN VARIOUS MANEUVERS WITH 
THE “03U-I” AIRPLANE 

Maneuver 

Indicated air 
speed, m.p.h. Altitude, feet 

Longi¬ 
tudinal 
displace¬ 
ment, 

feet 

Time 
to com¬ 
plete 

maneu¬ 
ver, 

seconds 

Maxi¬ 
mum 

normal 
acceler¬ 
ation, 

g 

Maximum angular veloc¬ 
ities, radians/second 

Maximum control movement, 
degrees 

Start End 

Maxi¬ 
mum 
varia¬ 
tion 

(+)gain, 
(—) loss 

Result¬ 
ant 

(4-) gain, 
(—) loss 

X axis Y axis Z axis Elevator 1 Aileron 2 Rudder 3 

Wing-over turn____ 84 94 980 21.0 2. 20 0.17 0. 34 0. 36 12 -6 7, -5 
100 108 1,025 20. 8 2. 25 . 15 . 32 . 38 9 2, -4 10, -4 
116 111 970 20. 5 2.10 . 41 . 25 —. 22 7 2, -6 6, -4 

Horizontal turn_ 84 79 820 19. 5 1. 55 . 24 . 29 . 18 10 4, -7 9 
100 87 900 17. 5 2. 00 . 27 . 41 . 12 13 2, —7 ' 8, -3 
115 93 670 11.6 2. 60 . 42 . 57 . 16 16 5,-11 11, -3 
123 99 490 8. 3 3. 00 . 44 . 58 . 22 16 7, -6 13, -4 

Half aileron roll—half loop_ 84 109 -630 -600 750 15.0 3. 64 -.73 .69 -.73 -12, 11 -14,5 3, -10 
99 119 -680 -675 1,050 16.0 4. 20 -. 66 .72 -.64 -11,11 -12,2 10, -7 

117 __ -660 -470 1,390 18.0 4. 25 -.56 .66 -.29 -15,4 -8,4 8 
122 141 -560 -340 1,290 16.7 4. 10 -.62 .63 -7, 14 -15 8, -7 

Half kick roll—half loop__ 84 108 — 665 -575 495 10. 2 3. 10 1.50 .66 .88 31.5 7,-4 31. -16 
102 112 -560 -440 570 10.2 3. 80 1.88 .77 .82 28.5 11, -6 27, -19 

Immelman turn.. 132 104 550 430 830 17.0 2.70 -.66 .39 9, -8 -20 -31 

> Elevator up, +. 2 Left aileron down, +. 3 Rudder right, +. 
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RELATIVE LOADING ON BIPLANE WINGS 
By Walter S. Diehl 

SUMMARY 

It is shown that the lift coefficients of the individual 

wings of a biplane are given by 

Clu = Cl + AClv 
■and 

CLl = Cl-ACLl 

Where CLv, CLl, and CL are the lift coefficients for the 

upper wing, lower wing, and biplane, respectively. 

For the upper wing it is shown that 

A CLu — K\ + K2Cl 

Ky and K> being functions of gap I chord, stagger, aspect 

ratio, decalage, overhang and wing thickness. The com¬ 

bination of existing biplane theory and, experimental 

data supply curves from which Kx and K2 can easily 

be determined for any biplane. This enables the de¬ 

signer to calculate with reasonable accuracy the relative 

loading for any condition of flight. 

INTRODUCTION 

The accuracy of a biplane stress analysis depends 

greatly on the accuracy with which the loads on each 

wing can he determined. The division of the load 

between biplane wings has usually been determined in 

the current stress analysis methods from a chart 

giving the “relative efficiency” as a function of 

gap/chord ratio and stagger. This “relative efficiency ” 

or ratio of the lift coefficient of the upper wing to lift 

coefficient of the lower wing has been based on the 

average values at high lift coefficients and therefore 

does not necessarily hold true for all lift coefficients. 

Recent improvements in stress analysis methods have 

made it necessary to revise and to extend the loading 

curves to cover all conditions of flight. This paper 
is concerned with a study of existing biplane data 

in connection with such a revision. 

A survey of theoretical biplane data, in which num¬ 

erous comparisons were made between observed and 

calculated lift curves, showed that while the agreement 

between theory and experiment is reasonably close, 

the theoretical methods do not appear entirely satis¬ 

factory except at moderate lift coefficients. By com¬ 

bining the experimental and theoretical data, however, 

it is possible to derive a series of curves from which 

the lift curves of the individual wings of a biplane may 

be obtained. 

BIPLANE THEORY 

The first important contribution to biplane theory 

was due to Betz (reference 1). This theory was 

elaborated by Fuchs (reference 3), and is given in its 

final form by Fuchs and Hopf in chapter IV of their 

book Aerodynamik (reference 4). Denoting the upper 

and lower wing by the subscripts U and L, respectively, 

the lift equations are 

^CLl — m Sv r r 57.3 
bvbL Lu Ll 4tr 

M n n i 57.3 
2irbrjbr LL Lu+ 4 7T 

0 + k) 

(v-k) 

bubcLv 

(2) 

Where is area and b the span, n, v, and k are functions 

of gap G, wing span and stagger d- If we let 

Then 

and 

Xi 
bu + bL 

2 G 
and X2 = 

bu bL 
2 G 

M = m(Xi) — m(X2) 

V = v(\y) — r(X2) 

K = k(\i) — /c(X2) 

(3) 

(4) 

(5) 

That is, the value of /u, u or k for a given biplane is the 

difference between the values for Ai and X2. 

The variations of u, v, and k with X are given by the 
relations 

ju (X) =cos /3 [(1 + X2 cos2 /3)1/2— 1] (6) 

i/(X) =sin d [(1 + X2 cos2 /3)1/2— lj 

, (1 +sin /3)V1 + X2 
+ lo»e • (7^ sin d + V1 + X* cos2 d 

K (X) loge (1 + X2) (8) & 

Values of m(X), i-(X) and k{\) from the above equa¬ 

tions are plotted in figures 1, 2, and 3. pi(X) and v(\) 
vary with stagger but k(A) is independent of stagger. 

Since stagger varies with angle of attack it will be 

found more convenient and more accurate to read 

values of ^(A) and r(A) at some particular stagger and 

275 
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then apply a correction for the stagger corresponding 

to each angle of attack. Figure 4 gives the varia¬ 

tion of ju(\) with stagger in terms of the value of g(X) 
for zero stagger. Figure 5 gives the variation ol 

/i(X) with stagger in terms of the value of v(\) for 30° 

stagger. The angle of stagger is to he measured be¬ 

tween the lift direction and the line connecting the 

one third chord points (measured from the leading 

i _L__I_ 
0 2 4 6 8 /O !2 

_ bu + bi ^ ^bu - bi 

2G Az~ 2G 
Figure l.—Values of n (X). 

Figure 2.—* (X) for —p° = —v (X) for +/S°. 

edge) of the upper and lower wings. Stagger is posi¬ 

tive when the third point in the upper wing is ahead 

of the lower wing. 

Physically, m(X) is a factor which takes care of the 

velocity change due to the presence of each wing, 

while r(X) and #c(X) factors which allow for change in 

angle of attack due to the deflection of the air flow in 

the neighborhood of each wing. 

Figure 4.—X=b^^. 

0 4° 8° 12° 16° 20° 24° 28° 32° 36° 
Stagger, ft 

Figure 5. 

K
(\

) 
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Equation (1) gives the change in the lift coefficient 

of the lower wing due to the presence of the upper 

wing. Equation (2) gives the change in the lift 

coefficient of the upper wing to the presence of the 

lower wing. Similar equations for the change in drag 

coefficients are given in reference 4, as follows: 

A n M ^ 
*Cd^-2^WlClvCdl 

v-\-k^uCLvV dCnL 

47r bvbL L da 

+^^(^r57.3-~^ 
4t bvbL L da 

(9) 

(10) 

Munk also finds the additional lift coefficient due to 
decalage of ±5 as: 

ACx = ± 2ir B„{\ + 2d)8 (12) 

where B0(l + 2d) is a factor obtained in his integration 

of the flow components. B0(l + 2d) is given as a 

function of gap/chord ratio as follows: 

G/c 2.02 1.46 1.11 .98 .79 .64 .56 .46 .39 

B0(l+2d) 1.03 1.06 1.10 1.12 1.19 1.251.30 1.38 1.48 

These values are plotted in figure 7. 

Millikan’s treatment of the biplane theory (reference 

7), is along lines very similar to that used in reference 4, 

but extending the theory. The resulting equations 

appear to give somewhat better agreement with test 

data than is obtained with the previous methods, but 

Munk, in reference 5, derives comparatively simple 

formulas for the biplane. He finds that the additional 

lift coefficient of staggered wings is 

ACL= ±2CLf2(^2 “0.5^|| (11) 

where S is the total area, s the stagger, b the span, 

c the chord, k the equivalent monoplane span factor, 

and R a distance used in calculating the induced 

downwash. Munk gives 0.5 las a function of 

the ratio of gap to span G/b. His tabulated values 

have been plotted in figure 6. 

^/.30 
C o 

&/.20 
So 

|/./£ 

J40 .60 .80 LOO 

Figure ' 

1.20 
Gap 

Chord 
-Effect of decalage on lift distribution. 

1.40 1.60 /. 80 2.00 

Table I, N.A.C.A. T.R. No. 151 

1.50 
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it is very difficult for an engineer to follow the steps 

required in a typical calculation. 

It is proposed to show how the foregoing theory may 

he used with test data in the derivation of working 

charts for routine use. 

I. SIMPLE BIPLANES 

It is desirable for the present to consider the simplest 

form of biplane in which the wings are of same chord 

and span, and to study the effect of stagger. The 

effect of unequal chords, decalage, and overhang can 

be considered later. 

Equation (11) is equivalent to a statement that the 

lift coefficient of the upper wing (or lower wing) differs 

from that of the biplane by an amount depending 

directly on the biplane lift coefficient. That is, 

Clv = Cl±aCi, (13) 

or 
Cll~ClTACl (13a) 

aCl varying with stagger and gap/span ratio as 

indicated by equation (11) and figure 6. 

Figure 8.—U.S.A. TS-5 biplane ^^=0.9. Stagger 30°. Effective stagger= 

0.64 c. Data from N.A.C.A. T.R. No. 256. 

In order to verify the relation of equation (13), data 

from a number of biplane tests have been analyzed by 

the method illustrated in table I. The values of ACLv 
so obtained have been plotted against the biplane lift 

coefficient as in figure 8. In all cases the values of 

ACLu have shown a linear relation with CL. The test 

data and calculations are too extensive for inclusion in 

this report but the equations of the lines are given in 

tables II to V inclusive. An inspection of these equa¬ 

tions shows several outstanding facts, the most im¬ 

portant of which is that the value of ACLu has the 

general form 
AClu = Kx-\- K2Cl (14) 

Kx and Ko being functions of gap/chord, stagger, 

decalage, overhang and wing thickness. The observed 

variation of K2 with these factors is in surprisingly 

good agreement with the wing theory and in particular 

with the values given by Munk’s equations, as will be 

shown later. The presence of the constant Kx for 

biplanes without decalage is not indicated by existing 

theory but these data have been shown to Dr. Munk, 

who suggests that Kx is due to the Venturi effect be¬ 

tween the wings. In the case of the orthogonal biplane 

a simple integration of the flow between the wings on 

this basis gives a reduction in pressure of the order 

required by the average value of Kx. 
Assuming that Kx is due to the Venturi effect it 

should vary with the restriction, or the ratio of wing 

thickness to gap t/G, and with stagger. Table VI con¬ 

tains the results of an analysis on this basis of test data 

in which the stagger was varied with gap/chord con¬ 

stant. The fifth column of this table is the value of Kx 
for zero stagger and the sixth column is the slope of Kx 
when plotted against stagger. The values of Kx for 

zero stagger are plotted in figure 9 and a probable 

curve is drawn through the points which are fairly 

consistent. Values of AKX/As from column 6 of table 

VI are plotted on figure 10. As might be expected, the 

scattering of the points is greater here than in figure 9 

since the difficulty of eliminating decalage is greater 

when stagger is present. It should be noted that the 

values of Kx are quite small and correspond to an 

angular change of less than one half a degree, so that 

the usual error in measuring the alignment may be¬ 

come a relatively large item. The value of Kx is 

greatly affected by decalage, as will be shown later. 

It would be highly desirable to determine the curve of 

figure 10 accurately by special wind-tunnel tests. 

EFFECT OF GAP/CHORD ON THE COEFFICIENT K2 

Munk’s relation, equation (11), indicates that K2 
varies with the ratios of gap/span and stagger/chord. 

Although the ratio of gap/span offers some advantages 

with no difficulties, the ratio of gap/chord is easier 

to visualize and the latter will, therefore, be used 

to study the effect of stagger. Table VII contains 

calculations for a set of typical curves showing the 

variation of K2 with gap/chord. These curves are 

plotted as solid lines on figure 11. They are obtained 

by taking the values °f*G2 relative to the value 

for gap/chord = 1.00 and assuming values of K2 for 

this condition. Observed values of K2 for varying 

gap/chord with constant stagger, from tables II to V, 

are connected by broken lines in each series in the 

plotting on figure 11. The observed variation of 

Ko with gap/chord is seen to be in excellent agreement 

with Munk’s theoretical analysis. A set of correction 

curves may now be prepared from figure 6 and table 

VII for use in reducing observed values of K2 to 
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Figure 10.—Effect of stagger on K\. 

gap/chord = 1.00 and thereby separating the effect of 
gap/chord and stagger. The calculations are given 
in table VIII. For each assumed ratio of span to 
chord, the values of gap/span are calculated from the 

first column values of gap/chord. The factor F=^ 

^ — 0.5^ is then read from figure 6. These values are 

then taken relative to the value for b = 6c and 
gap/chord = 1.00, for which Fo = 0.675 from figure 6. 

36 
The ratios are then multiplied by as required by 

equation (11). The resulting values which are plotted 

on figure 12, show the relative variation of K2 with 

gap/chord. 

EFFECT OF STAGGER ON THE COEFFICIENT K2 

Stagger may be given in terms ol its ratio to either 

gap or chord, or in degrees. It should be measured 
from the line connecting the forward third points on 
the chords and in a fore and alt vertical plane. The 
true stagger varies with angle of attack but that- 
given in the tabulation of data is usually measured 
from the zero angle of attack. In plotting up test 
data on widely different sections it was found that 
very much better agreement was obtained by using 

the stagger measured at the zero lilt attitude. I his 
may be called the “effective stagger.” The effective 

stagger will therefore be used. 
Observed values of K2 from the tests with varying 

i stagger listed in tables II to \ have been collected in 
table IX and corrected to gap/chord = 1.00 by use of 
the curves of figure 12. The corrected values have 
been plotted on figure 13. With the exception of 
points at negative stagger and for low gap/chord 
ratios, the value of K2 for gap/chord = 1.00 is given 

satisfactorily by the linear relation 

#2 = 0.050 + 0.17- (15) 
c 

where s/c is the basic stagger measured at zero lift. 
The deviations of the points from this line are due 
partially to experimental errors and partially to the 
difficulty in determining the direction of the lines 
from which K> is read on the original plots of ACLu 
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Figure 11.—Variation of Ki with for constant stagger. 

I second case, the agreement is exact from 0.75 to 1.50, 

but the results for gap/chord ratio 0.5 deviate from 

the general curve. The theory can therefore be 

regarded as quite satisfactory in all practical appli- 

| cations. The deviation at the smallest gap implies 

that the theory must be examined more accurately 

in this case. In developing the theory it has been 

assumed that one wing may be treated as a lifting line 

as regards its influence on the other wing, and this 

assumption probably breaks down when the gap 

becomes as small as one half of the chord.” Glauert 

also states in reference 6, “It will be noticed that the 

calculated values are in good agreement with the 

observed values for positive angles of stagger, but 

that there is a definite discrepancy in the case of 

! negative stagger, for which no explanation has been 

found as yet.” 

o----'-1-------- 

0.4 0.6 0.8 1.00 1.80 1.40 1.60 1.80 8.00 

Ra tio, 
Gap 

Chord 

Figure 12.—Variation of Ki with gap/chord. 

against CL, of which figure 8 has been given as an 

example. This uncertainty is, in general, of the order 

of 0.01 in the value of K2. With this in mind the 

agreement is quite satisfactory. 

In connection with the scattering of the points for 

low ratios of gap/chord, Glauert states in reference 6, 

“In the first case, exact agreement is obtained for 

gap/chord ratios ranging from 0.67 to 2.33. In the 

It is fortunate that the interest in low gap/chord 

values and negative stagger is academic at present. 

There is some question, however, as to whether a 

biplane with small stagger at positive lifts acts like a 

biplane with negative stagger at negative lifts. No 

biplane tests covering the negative range are available 

to decide this point. Most of the available data, con¬ 

densed in tables II to V, are not carried very far below 
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zero lift. Those that do extend to, say, CL= — 0.30 

show no change in the value of K2. Figure 13 indicates 

that there should be no change for small negative 

staggers, but this point cannot be determined without 

a revision of the theory and special tests. 

II. BIPLANES WITH DECALAGE 

Decalage has been defined as the acute angle between 

the wing chords of a biplane. This is equivalent to the 

Figure 13.—Variation of K> with stagger for -P-^=1.00. Based on the effective 

stagger at zero lift. 

Gap 

Chord 

Figure 14.—Relative value of Munk’s factor Ba (l+2d). From table I, N.A.C.A. 
No. 151. 

difference between the angles of incidence of the upper 

and lower wings. There is some confusion regarding 

the sign of the decalage, but the weight of authority 

and usage favors the definition of positive decalage for 

the lower wing at a positive angle with respect to the 

upper wing so that the chord lines of the upper and 

lower wings intersect forward of the leading edge. 

The great influence of decalage on lift distribution 

and stability has not been fully appreciated by air- 
40768—34-19 

plane designers. The definitions have been based on 

geometrical angles, which may be misleading. For 

the purpose of this study it is necessary to use aero¬ 

dynamic decalage measured from the zero lift direc¬ 

tions in the upper and lower wing, and not from the 

chord lines. The decalage will be considered positive 

when the zero lift direction lines intersect forward of 

the leading edge. The zero lift direction for each wing 

is further defined as the direction of the relative wind 

for zero lift on that wing. 

AO-1 - - - I------ 

Angle of deco/oge, degrees, 6 

Figure 15.—Effect of decalage on A'i. From Munk’s tests (reference 8). 

According to Munk, equation (12), the effect ot 

decalage is to change the lift coefficients of the individ¬ 

ual wings by an equal and opposite increment which is 

a function of the gap/chord ratio and directly propor¬ 

tional to the decalage angle. That is, the chief effect 

of decalage is to change the value of Kx in equation 

(14). 

The factor B0 (l + 2c/) in equation (12) has been 

given in figure 7. Tins may be replotted to give values 

of B0 (1 + 2d) relative to the value for gap/chord = 1.00, 

as in figure 14. This form is convenient for comparing 

the theoretical and the observed variation in Ky. 
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Figure 15 is a plot of the values of Kx against deca- 

lage from Mlink’s tests abstracted in table V. Data 

from Mock’s tests (reference 14) are plotted on figure 

16. In figure 15 the slope of the lines are as follows: 

Gap 
Stagger 

AKX 
Chord A 5 

1. 00 0 -.0635 

1. 00 . 50 0635 

. 67 0 -.071 

. 67 . 50 -.071 

Mock’s tests (fig. 16) give ^^=—.063 for gap/ 

chord = 1.00. Munk’s test data show that stagger 

Angle of deca/age, degrees, 6 

Figure 16.—Effect of decalage on Ki and AT From Mock’s tests (reference 14). 

Figure 17 shows a curve similar to figure 14 derived 

by assuming — .063 at gap/chord = 1.00- 

Munk’s points obviously lie on a similar curve passing 

through :^"=—.0635 at gap/chord = 1.00. The ob¬ 

served effect of decalage appears to follow very closely 

the theoretical effect predicted by Munk’s equation. 

The effect of decalage on K2 is not covered by the 

theory but it is too great to be neglected. Values of 

K2 for various decalage angles, as obtained from Mock’s 

tests in reference 14, have been given on figure 16. 

A similar plot from Munk’s data in table V is given on 

figure 18. The effect appears independent of gap/chord 

and stagger and is linear with decalage, the uniform 

slopes giving 

^ = 0.0186 (16) 

Decalage therefore affects both Kx and K> in equa¬ 

tion (14), the effect on Kx being given by figure 17 and 

the effect on K2 by equation (16). 

.40--------—-J- 
-.058 -.056 -.060 -.064 -.068 -.078 

A A} 
^ ■ - Change in Kj per degree deca/age 

Figure 17.—Effect of decalage and gap/chord on Ki. 

III. BIPLANES WITH OVERHANG 

Overhang is defined as the ratio of the difference in 

wing spans to the span of the upper wing and is posi¬ 

tive when the upper span is the greater. Overhang is 

usually given in percent of the upper wing span, or 

Overhang percent =100 
Ou 

where bv and bL are the spans of the upper and lower 

wings, respectively. 

Limited tests on the effect of overhang are given in 

reference 13. These data are abstracted in table X 

and plotted on figure 19. The effect is surprisingly 

large. Calculations have been made by equations (1) 
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and (2) in order to check this point. These calcu¬ 
lations are too long to be given in ful], but the following 

results were obtained: 

Overhang 
■percent Ki Ki 

-20 -0.025 +0.092 

0 -0.017 +0.101 

+ 20 -0.017 +0.100 

+ 40 -0.014 +0.081 

50 -0.012 +0.074 

67 -0.007 +0.054 

These are compared with the observed values of Kx 

and K2 on figure 20. The agreement is not entirely 

satisfactory, although there is less difference than 
appears from a casual inspection of the curves. In 
the first place, the existence of the term K\ is not 
predicted directly by the theory, equations (1) and 
(2) or (11). The values of Kx given above have been 
obtained by extrapolating the lift curves through zero 
lift. Consequently, the fact that the values of K\ 

so found are of the order obtained by wind-tunnel 
test is about all that can be expected. On the other 
hand, K2 can be determined with better accuracy than 
Ku so that the difference between theory and experi¬ 
ment is here of more importance. It appears highly 
desirable that special tests be made on biplanes with 
overhang to investigate these differences. In the 

meanwhile, the values of Kx and K2 for biplanes with 
overhang are probably best obtained from a contour 
plotting as in figure 21, which is based on the experi¬ 
mental values in table X. In using this plot the values 

Table 20.—Effect of overhang on K\ and Ki as found by observation and by cal¬ 
culation from theoretical curves. 

of K\ and K2 are determined first for a biplane without 
overhang but with the same stagger, gap and decalage 
as for the biplane in question. Spotting these points 
at zero overhang on figure 21, the corresponding point 
at the desired overhang will lie on curve similar to those 

given. 
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Figure 21. 
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PRACTICAL APPLICATION 

The relative lift of the wings of any biplane may 

now be calculated from 

@lxj — CL± Atiy (17) 

Cll ~ Gl + (17a) 

where CL, CLu, and CLl are the lift coefficients for the 

biplane, the upper wing, and the lower wing, respec¬ 

tively. 

It has been shown that 

A CLu = Kx + K2CL (14) 

where Kx and K2 are functions of gap/chord, stagger, 

decalage, overhang, and wing thickness. Kb is numer¬ 

ically the lift coefficient on the upper wing when the 

biplane lift is zero, while K2 determines the slope of the 

lift curve of the upper wing relative to that of the 

biplane. When the upper and lower wings are of 

equal area, the increments ACLu and A CLl are equal 

and of opposite sign. When the areas are unequal the 

increments are inversely proportional to the relative 

areas and of opposite sign. In any case: 

ACLl= — ACLu^ (18) 

where Su and SL are the areas of the upper and lower 

wings. It should be noted that ACLl is usually nega¬ 

tive in equation (17a). 

A convenient procedure for calculating ACLu is as 

follows: 

1. Tabulate the average values of the ratios; 

maximum wing thickness__t 
chord c 

gap _G 
chord c 
stagger s 

chord c 

Use the average gap and average stagger with 

' an average chord defined by 

„ l/f SuCjJ-^ SlOL~\ T fy 1/1 il 

c = y2l—s~+~S— J w"crc Cv and CL are the 

chords of the upper and lower wings. 

With tapered wings the weighted average chord 

of each wing should be used. 

The effective stagger measured at zero lift from 

the third chord points must be used. 

2. Calculate the ratio 

maximum wing thickness t _t G 
gap G c ' c 

3. Calculate the overhang if present by 

overhang = 100^-J 

where bv and bL are the actual spans of the upper 

and lower wings without reduction for fuselage 

or nacelle blanketing. 

4. Calculate KX from i+! =i+10 + 7+n + Ki2 + K13 (19) 

Where Kxo is the value of Kx for the equal wing 

orthogonal arrangement without decalage or overhang 

as read from figure 9, Kxx is the change in Kx due to 

stagger, A12 is the change in Kx due to decalage and 

Kn is the change in Kx due to overhang. The actual 

value of Kl3 is not determined directly since it is easier 

to pass from the value of Kx with no overhang to the 

value of Kx with overhang as will be explained later. 

The values of Kw, Kxx, and Kx2 are determined as 
follows: 

Kx0: This is plotted as a function of t/G in figure 9; 

Kxx: This is obtained from figure 10 where AKx/s is 

plotted against t/G and 

Kxx (20) 

Kxx is negative with negative stagger. 

Kx2: The effect of decalage is to change Kx in a linear 

relation: 

A, 12 ‘ 

( varies with gap/chord as shown on fig¬ 

ure 17. It has an average value of about 

— 0.0G3, so that negative decalage, where the 

incidence of the lower wing is less than the 

incidence of the upper wing, gives a positive 

Kx2 which increases Kx. 
/v13: The actual value of Kn need not be obtained, 

since it is more convenient to correct for over¬ 

hang by the use of figure 21, and pass directly 

from the value of Kx with no overhang to the 

value of Kx with overhang. The value of Kx 
with no overhang is the sum of Kw + Kxx + Kx2. 
This value may be spotted at zero overhang 

on the lower set of curves on figure 21. A 

curve similar to those given and passing 

through this point gives the value of Kx at 

any other overhang as desired. It is unnec¬ 

essary to draw the curve since the interpola¬ 

tion may be made visually with sufficient 

accuracy. For example, assume that with¬ 

out overhang Kx — Kxo + Kn-\-Kx2= — 0.030, 

then for +20 percent overhang Kx — —0.050 

as indicated on the lightly dotted curve. 

5. Calculate K2 from 

K2 — (K2q)F-\t K2X + K2 2 (22) 

Where K2(x is the value of K2 for the desired stagger at 

gap/chord = 1.00, F2 is a correction factor for gap/chord 

and aspect ratio, K2X is the change in K2 due to decalage 

and K22 is the change in K2 due to overhang. The 

values of these factors are determined as follows: 

K20: The effect of stagger, is either read from figure 

13 or obtained from the equation 

A20 = 0.050 + 0.17- (15a) c 

F2, the effect of gap/chord and aspect ratio 
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on K2> is obtained from figure 12. In using 
this figure, the average aspect ratio of the two 
wings must be used, and not the effective 
aspect ratio of the combination. 

Kn: The effect of decaiage is obtained from equation 
(16) in the form 

Oi = +0.01865° (16a) 

where <5 is the angle of decaiage in degrees 
with its positive or negative sign. Positive 
decaiage increases O, negative decaiage 
decreases O- 

Ki2: The effect of overhang. This is obtained 
indirectly by the same procedure used for 
Kl3. The value of O without overhang is 

0=(0o) F+K2i. This value is spotted at 
zero overhang on figure 21 and a line traced 
through it following the trend of the upper 

set of curves. This line gives the corrected 
value of K2 at the desired overhang. 

The relative unit lift or efficiency of the upper and 
lower wings of a biplane is defined by the ratio 

cLa _ct± &CLu 
e CLl CL±hCLL ^i} 

which is now readily calculated. Obviously, e will 
vary over wide limits and in general it will become 
infinite at or near zero lift for the cellule. Any 
method that works directly with the ratio e must 
become unmanageable in the region of zero lift. The 
method here developed gives definite lift coefficients 
for any condition. 

For the normal biplane, upper and lower wing of 

equal areas, with moderate stagger but without deca¬ 
iage, the values of O and K2 in equation (14) may be 
of the order of —0.020 and +0.120, respectively. 
That is, 

±CLu= — 0.020 + 0.120 CL 
ana ACLl = - ACLu = + 0.020-0.120 CL 
so that equations (17) and (17a) would be 

CLu= 1.12 Ci, — 0.020 

and <X =o .88 CL + 0.020 

When CL = 0 for this biplane CLjJ = —0.020, 

and CLl = + 0.020 giving e = — 1.00. 

If CL= +0.01785, CLu = 0 and CL]. = + 0.0357 

giving e = 0. If CL= — 0.0228, CLu= — 0.0456 and 

CLl = 0 giving e= —oo. At negative values of Cl 

below —0.0228, e will again be positive. Since the 
vertical location of the aerodynamic mean chord 
depends on the value of e, it is obvious that the vertical 
location of the mean chord is a function of the lift 
coefficient. It therefore follows that biplane arrange¬ 
ments having positive or very small negative values 
of O tend to give a high location for the mean chord 
at low lift coefficients, which tends to improve the static 

longitudinal stability. This is one method of explaining 
the improvement in longitudinal stability due to 
negative decaiage. 

The steps involved in the calculation of CLu and CLl 

may perhaps be clarified by a numerical example. 
Assume a biplane with the following characteristics: 

Upper wing: span 0 = 40 feet, chord = 6 feet, 
area 0 = 230 square feet. 

Lower wing: span bL = 36 feet, chord = 5 feet, 

area SL — 170 square feet. 
Mean gap: 6r = 70 inches. 
Chord (weighted average) c = 67 inches. 
Stagger measured on leading edge at zero lift = 34 

inches. 

Stagger measured on the % chord points at zero lift 
s = 30 inches. 
No decaiage 6 = 0°. 
Wing section Clark Y. 

Then 

- = 0.117 for Clark Y 
c 
gap <?_.70 

chord o 67 
wing thickness _ t _ 0.117 

gap G 1.045 
stagger _ s 30 
chord c 68 

0.112 

overhang =100 ^+r—— = +10 percent 
Ou 

O is now found as follows: 
From figure 9, iU10 = — 0.023. 

AK 
From figure 10, —^+= 0.038, hence, 

Oi = 0.038X0.44= +0.017 
K.\2 — 0 since 5 = 0° 

Kl0 + Kn + Kl2 = -0.023 + 0.017= -0.006 
From figure 21, a value of Kx — — 0.006 for zero over¬ 

hang gives Ki = —0.022 for 10 percent overhang. 
Hence Kx — —0.022. 

K2 is now found as follows: 
From figure 13, or equation (15a) 

K20 = 0.050 + 0.17X0.44 = 0.125 
Since the average aspect ratio of the two wings is 

1|~ (40)2 
2|_ 230 

.95 + 7.62] = 7.3, 

the value of F from figure 12 is U=0.82, so that 
iY0U=0.125X 0.103. For zero decaiage Kn = 0. Hence 
(7^20-0 + ^21 = 0.103. From figure 21 a value of 
0 = 0+03 for zero overhang gives 0 = 0.138 for 10 
percent overhang. 

The lift increment for the upper wing is 

ACLu= -0.022 + 0.1380 

S 
and for the lower wing it is ACLh= — ACLu -~ 

940 
= -[-0.022 + 0.138 

= +0.030-0.187 CL 
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Hence 
CLu = CL—0.022 + 0.138 CL 

= 1.138 CL-0.022 

and CLl = Cl + 0.030-0.187 <7£ 
= 0.813 0/, + 0.030 

The relative lift is 
CLu 1.138 0.022 

6 CLl 0.813 CL + 0.030 

CONCLUSIONS 

The method here outlined for calculating the lift 
coefficients of the individual wings of a biplane has 
been based on a combination of theoretical and experi¬ 
mental data. In some respects there is excellent 
general agreement between theory and experiment, 

as follows: 
In. The effect of gap/chord stagger and aspect ratio 

on K2 as shown by figure 11, table IX, and 
figure 13. (See equation 11.) 

2a. The effect of decalage on Kx as shown by figure 
17. (See equation 12.) 

The experimental data are consistent and fairly com¬ 
plete in other items such as: 

lb. The effect of wing thickness and gap/chord ratio 
on Kx with zero stagger as shown by figure 9. 

2b. The effect of decalage on K2 as shown by figures 
16 and 18. 

The remaining factors that need further investigation 
are: 
lc. The effect of stagger on Kx. Special tests to ob¬ 

tain greater accuracy in figure 10 are highly 
desirable. 

2c. The effect of overhang on Kx and K2. Special 
tests to obtain greater accuracy in figure 21 
are required. 

3c. The extension of test data to maximum negative 
lifts. Available test data indicate no appre¬ 
ciable change in K2 at zero lift. Special tests 
should be made to investigate this effect. 

Several conclusions may be drawn from a study of 
the method developed in this report, in the light of the 
foregoing summary. 

1. The calculation of the individual wing lift coeffi¬ 
cients is the only practical method of determin¬ 
ing the ratio e at low lift coefficients. 

2. The method here presented is not difficult to use. 
3. In general, the existing biplane theory is verified 

by experiment, but further investigation is de¬ 
sirable to cover the interaction at zero lift and 
the effects of overhang. 

4. Special biplane tests to cover the items listed 
under lc, 2c, and 3c above should be made in 
order to eliminate the present uncertainty in 

these items. 

Bureau of Aeronautics, 

Navy Department, 

Washington, D.C., February lo, 1983. 
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TABLE I TABLE IV 

LIFT COEFFICIENTS FOR U.S.A. TS-5 BIPLANE 1 

^^=0.9 Stagger = -f30°=T0.69 c 

Angle of 
attack 

Lower 
wing 

CL 
Ll 

Upper 
wing 

CL 
Lu 

Biplane 
CL *4 

U
i 

So* II 

-9 +0.003 +0. 097 +0. 050 +0. 047 
— 7 . 102 . 229 . 165 . 064 
-5 .203 .363 .283 .080 
-3 .300 .504 .402 . 102 
-1 .395 .646 .520 . 126 

0 .447 .724 .585 . 139 
2 .544 .890 .717 . 173 
4 .635 1.030 .833 . 197 
6 .725 1. 180 .952 .228 
8 .823 1.290 1. 057 . 233 

10 .921 1.340 1.130 .210 

1 Data from N.A.C.A. Technical Report No. 256. 

DIFFERENCE BETWEEN LIFT COEFFICIENT OF 
UPPER WING AND BIPLANE * 

R.A.F.-15 Section—No Decalage 

Gap 
chord 

Stagger 
chord 

aCl Lu= Reference 

Nominal Effective 

1.00 +0.57 0.60 +0. 015+0. 130 Cl R. & M. 589. 
1. 00 0 +.02 +. 002+ . 027 Cl R. & M. 589. 
1. 00 —. 57 -.54 -.005- .115 Ci It. A M. 589. 
1. (X) 0 +.02 -^. 0084- . 036 CL K. <k M. 774. 
1.00 . 56 . 58 + . 006+ . 146 Ci R. & M. 857. 
1.00 . 27 .30 -. 005+ . 091 Ci R. & M. 857. 
1.00 -.28 -.25 -. 004 +0 R. & M. 857. 

1 From British A.R.C. Reports and Memoranda as indicated. 

TABLE V 

TABLE II 

DIFFERENCE BETWEEN LIFT COEFFICIENT OF 
UPPER WING AND BIPLANE 1 NO DECALAGE 

Gap 
chord 

Stagger 
chord 

II 

cT
 Section 

Nominal Effective 

0.9 -0. 51 -0.47 -0.007 - 0.104 Ci R.A.F.-15. 
1.2 -.69 -.74 +.011- . 104 Ci Do. 
.6 0 +. 02 -. 028+ . 127 Ci Do. 
.8 0 +.02 -.010+ .088 Ci Do. 

1.0 0 +.03 -.004+ .060 Ci Do. 
1.2 0 +.04 -.006+ .038 Ci Do. 
.6 . 16 . 17 -. 034+ . 157 Ci Do. 
.9 .24 .26 -.008+ . 116 Ci Do. 

1.2 .31 .35 -. 005+ . 104 Ci Do. 
.6 .35 .36 -.014+ .236 Cl Do. 
. 9 .52 .54 -. 005+ . 178 Ci Do. 

1.2 .69 .72 -.001+ . 147 Ci Do. 
.9 -.51 -.35 -. 036- . 030 Ci U.S.A. TS-5. 
.9 0 +.16 -. 053+ . 077 Cl Do. 
.9 +.51 +.64 -.051+ . 198 Cl Do. 1 

i From N.A.C.A. Technical Report No. 256. 

TABLE III 

DIFFERENCE BETWEEN LIFT 
UPPER WING AND BIPLANE 1 
SECTION 

COEFFICIENT 
GOTTINGEN 

OF 
133 

Gap 
chord 

Stagger 
chord Decalage 

degrees 
aCl Lu 

Nominal Effective 

1.00 0 0. 06 -4 +0. 213+0. 020 Cl. 
-2 +. 103+ . 025 C,.. 

0 -. 020+ . 060 Ci. 
+2 -. 165+ . 120 Cl. 
+4 -. 290+ . 130 Ci. 

1.00 .50 .56 -4 +. 250+ . 100 Cl. 
-2 +.132+ .115 Cl. 

0 -. 002+ . 150 Cl. 
+2 -. 125+ . 180 Cl. 
+4 -. 262+ . 225 Ci. 

.667 0 .04 -4 +. 240+0 
-2 +. 105+ . 035 Cl. 

0 -. 048+ . 088 Ci. 
+2 -. 192+ . 120 Cl. 
+4 -. 342+ . 170 Ci. 

. 667 .50 . 54 -4 +. 315+ . 120 Cl. 
-2 +. 185+ . 165 Cl. 

0 +. 028+ . 220 Cl. 
+2 -. 113+ . 250 Ci. 
+4 -. 243+ . 280 Cl. 

DIFFERENCE BETWEEN NORMAL FORCE COEFFI¬ 
CIENT OF UPPER WING AND BIPLANE 

From N.A.C.A. Pressure Distribution Tests 

Clark Y Section—Circular Tips 1 

Gap 
chord 

Stagger 
chord 

ACsf NPU 

Nominal Effective 

0. 50 0 +0.04 -0. 104+0. 017 Cnf 
.75 0 .07 -. 048+ . 060 Cnf 
.75 .25 .31 0 + . Ill CNF 
.75 .50 . 56 +. 047+ . 160 Cnf 

1.00 -.25 -.16 -.024+ .009 Cnf 
1. 00 0 +.09 -. 027+ . 076 Cnf 
1.00 +. 25 .34 -.007+ .096 Cnf 
1.00 .50 .59 +. 001+ . 141 Cnf 
1.00 .75 .84 +. 006+ . 172 Cnf 
1. 25 0 +. 11 -.011+ .064 Cnf 
1.25 .25 • 36 +. 010+ . 088 Cnf 
1.25 .50 .61 +. 023+ . 096 Cnf 
1.50 0 . 13 0 + . 050 Cnf 
2.00 0 . 18 +. 033+ . 040 Cnf 

1 N.A.C.A. Technical Report No. 417. 

1 From Technische Berichte II-2. 

TABLE VI 

VARIATION OF Kl = ACLu AT ZERO LIFT AS A FUNC¬ 
TION OF CHORD, GAP, STAGGER AND WING THICK¬ 
NESS 

Gap 
chord 

O 
c 

Wing sec¬ 
tion 

Wing 
thick¬ 
ness 

t 
c 

Thickness 
gap 

t 
G 

A't 

Change 
in K\ 
with 
stag¬ 
ger 
A K\ 
AS 

Reference 

0.50 Clark Y_ 0.117 0.234 -0. 104 N.A.C.A. T.It. 417. 
.60 RAF-15_ .070 . 117 -.028 0.045 N.A.C.A. T.R. 256. 
.67 G-133_ .094 . 140 -. 048 . 152 T.B. 11-2. 
.75 Clark Y_ .117 . 156 -.053 . 153 N.A.C.A. T.R. 417. 
.90 USA TS-5.. . 174 . 196 -.053 . 164 N.A.C.A. TR. 256. 

1. 00 G-133.. . 094 . 094 -.020 .036 T.B. 11-2. 
1.00 Clark Y_ . 117 . 117 -.027 .055 N.A.C.A. T.R. 417. 
1.00 RAF-15_ . 070 . 070 -. 008 .014 R. & M. 589. 
1.00 _do_ . 070 . 070 +.002 .018 R. & M. 774 and 857. 
1. 20 _do_ .070 . 058 -.006 . 008 N.A.C.A. T.R. 256. 
1.25 Clark Y.... . 117 .094 -. 011 .060 N.A.C.A. T.R. 417. 
1. 50 _do. . 117 . 078 0 Do. 
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TABLE VII 

f; a p 
EFFECT OF RATI° 0N K- 

Gap 
Gap 

span 
for 

b=6c 

r(p“°0 

Relative values 
of Munk’s factor 

Typical curves 
chord Munk’s 

factor As cal¬ 
culated 

Faired 

0 4 0. 067 1.25 1.850 1.850 0. 074 0. 148 0. 222 0.296 

6 . 100 1.00 1.482 1. 490 .059 . 118 . 178 .239 

8 . 133 . 825 1.223 1.210 .048 .097 .145 . 194 

1.0 . 167 .675 1.000 1.000 .040 .080 . 120 . 160 

1.2 
1.4 
) o 

.200 .570 .845 .845 .034 . 068 . 101 . 135 

.233 . 490 .726 .725 . 029 .058 .087 .116 

. 267 .425 . 630 . 630 . 025 .050 .076 . 101 

1 8 . 300 .370 .548 . 550 .022 .044 . 066 .088 

2.0 .333 .320 .474 .475 . 019 .038 .057 .076 

Note.—The typical curves are based on assumed values of Kt for gap/chord = 1.00 

TABLE VIII 

CALCULATIONS FOR CORRECTION CURVES GIVING 
EFFECT OF GAP/CHORD ON K2 

Gap 

chord 

O 

c 

b=4c 6 = 5c b=8c b=10c 

Gap 

span 
O 

b 

F 

F 
F0 

36 

X16 

Gap 

F 

F 
F„ 

36 

X25 

Gap 

F 

F 

F„ 
36 

X64 

Gap 

F 

F 
F„ 

36 

X100 

span 
0 
b 

span 
G 

b 

span 
G 

b 

0 4 0.100 1.00 3.33 0. 080 1. 145 2. 45 0.050 1.435 1.196 0.040 1.555 0.829 

6 . 150 . 750 2. 50 . 120 .892 1.91 .075 1. 185 .988 . 060 1.325 . 706 

.8 . 200 .574 1.910 . 160 .706 1.51 . 100 1.00 .833 .080 1. 145 .610 

1.00 . 250 .455 1.52 . 200 .574 1.227 . 125 .865 .721 . 100 1.00 . 533 

1.2 . 300 .368 1.226 . 240 .473 1.012 . 150 . 750 .625 . 120 .892 .476 

1. 4 . 350 .298 .993 . 280 .400 .855 . 175 .655 .546 . 140 .793 . 422 

1. 6 . 400 .245 .817 .320 .3:18 .723 .200 .574 .479 . 160 . 706 . 376 

1.8 .450 .202 . 673 . 360 .287 .613 .225 .505 .421 . 180 . 638 . 340 

2.0 . 500 . 167 .557 .400 .245 .524 .250 .455 .379 .200 . 574 .306 

F,=0.675=F for — =6 and j =1.0. 

TABLE IX 

VARIATION OF I<2 WITH STAGGER 

Stagger 

chord 

Gap 

chord 

Munk’s 
factor 

F 
from 
figure 

12 

A Cl rj 

2 ACT 

Reference 

Nomi¬ 
nal 

Basic 
Ob¬ 

served 

Cor¬ 
rected 

to 5-1 
c 

0 0.04 0. 50 1.66 0.017 0.010 N.A.C.A. T.R. 417. 

0 .07 .75 1.27 .060 .047 Do. 

.25 .31 .75 1.27 . Ill . 087 Do. 

.50 +.56 .75 1.27 . 160 . 126 Do. 

-.25 -. 16 1.00 1.00 .009 .009 Do. 

0 +.09 1.00 1.00 .076 .076 Do. 

.25 .34 1.00 1.00 .096 .096 Do. 

. 50 .59 1.00 1.00 . 141 . 141 Do. 

.75 .84 1.00 1.00 . 172 .172 Do. 

0 . 11 1.25 .81 .061 .079 Do. 

.25 .36 1.25 .81 . 088 . 109 Do. 

.50 .61 1.25 .81 .096 . 119 Do. 

0 . 13 1.50 .67 .050 .075 Do. 

0 . 18 2. 00 .47 .042 .089 Do. 

0 .06 1.00 1.00 .060 .060 T.B. 11-2. 

. 50 .56 1.00 1.00 .150 . 150 Do. 

0 .04 .67 1.39 .088 .063 Do. 

. 50 . 54 .67 1.39 . 220 . 158 Do. 

-.51 47 0.9 1. 10 -. 104 -.095 N.A.C.A. T.R. 256. 

-.69 -.66 1.2 .84 -. 112 -. 133 Do. 

0 +.02 0. 6 1.49 +.127 +.085 Do. 

0 .02 0. 8 1.21 .088 . 072 Do. 

0 .03 1.0 1.00 .060 .060 Do. 

0 . 04 1.2 .84 .038 .045 Do. 

+. 16 . 17 0.6 1.49 . 157 . 105 Do. 

. 24 .26 0.9 1. 10 . 116 .105 Do. 

.31 .35 1.2 .84 . 104 . 124 Do. 

.35 .36 0.6 1. 49 .236 . 158 Do. 

.52 . 54 0. 9 1.10 . 178 . 161 Do. 

. 69 +.72 1.2 .84 +. 147 +. 175 Do. 
—. 51 -.35 0.9 1. 10 -. 030 -.027 Do. 
0 +. 16 0.9 1. 10 +.077 +. 070 Do. 

+. 51 +. 64 0.9 1. 10 . 198 . ISO Do. 
. 57 . 60 1.00 1.00 . 130 . 130 R. & M. 589. 

0 + .02 1.00 1.00 .027 . 027 Do. 
-. 54 1.00 1.00 -. 115 -. 115 Do. 

0 +.02 1. 00 j 1.00 . 036 . 036 R. & M. 774. 

+. 56 .58 1.00 1.00 . 146 . 146 R. & M. 857. 

-f. 27 +. 30 1. 00 1.00 .091 . 091 Do. 
-.28 -.25 1.00 1.00 0 0 Do. 

TABLE X 

EFFECT OF OVERHANG ON LIFT DISTRIBUTION 

Overhang 
percent j 

Gap 

chord 

Stagger 

chord 
Decalage 

ACV 
su= 

— 20 1 1.00 0 0 +0.020 - 0.053 Csf 

0 1.00 0 0 -. 023+ . 063 Csf 

4-20 1.00 0 0 -.043+ . 120 Csf 

+40 1.00 0 0 -.030+ . 152 Csf 

,bij—bh 
Overhang percent =*100 - 
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THE N.A.C.A. FULL-SCALE WIND TUNNEL 

By Smith J. De France 

SUMMARY 

This report gives a complete description of the full- 
scale wind tunnel of the National Advisory Committee 
for Aeronautics. 1 he tunnel is of the double-return 
flow type with a 30 by 60 foot open jet at the test section. 
The air is circulated by two propellers 35 feet 5 inches in 
diameter, located side by side, and each directly con¬ 
nected to a j,OOO-horsepower slip-ring induction motor. 
The motor control equipment permits varying the speed 
in 2j steps between 25 and 118 miles per hour. The 
tunnel is equipped with a 6-component balance for ob¬ 
taining the forces in 3 directions and the moments about 
the 3 axes of an airplane. All seven dial scales of the 
balance system are of the recording type, which permits 
simultaneous records to be made of all forces. 

The tunnel has been calibrated and surveys have shown 
that the dynamic-pressure distribution over that portion 
of the jet which would be occupied by an airplane having 
a wing span of J+5 feet is within ± 1 % percent of a mean 
value. Based on the mean velocity of 118 miles per hour 
at the jet, the ratio of the kinetic energy per second to the 
energy input to the propellers per second is 2.8j. Since 
it is generally recognized that a long open jet is a 
source of energy loss, the above figure is considered, very 
satisfactory. 

Comparative tests on several airplanes have given 
results which are in good agreement with those obtained 
on the same airplanes in flight. This fact, together 
with information obtained in the tunnel on Clark Y 
airfoils, indicates that the flow in the tunnel is satis¬ 
factory and that the air stream has a very small amount 
of turbulence. 

INTRODUCTION 

It is a generally accepted fact that the aerodynamic 
characteristics of a small model cannot be directly 
applied to a full-sized airplane without using an empir¬ 
ical correction factor to compensate for the lack of 
dynamic similarity. Two methods have been used to 
overcome this difficulty. One is to compress the work¬ 
ing fluid and vary the kinematic viscosity to compen¬ 

sate for the reduction in the size of the model. This 
method is used in the variable-density wind tunnel 
where tests can be conducted at the same Reynolds 
Number as would be experienced in flight. The other 
method is to conduct tests on the full-scale airplane. 

The variable-density wind tunnel offers a satisfac¬ 
tory means for testing the component parts of an 
airplane and is particularly suitable for conducting 
fundamental research on airfoil sections and streamline 
bodies. However, this equipment has its limitations 
when the aerodynamic characteristics of a complete 
airplane are desired, especially if the effect of the slip¬ 
stream is to be considered. It is practically impossible 
to build a model of the required size that is a true 
reproduction of a complete airplane. This difficulty 
is increased by the requirement that the model with¬ 
stand large forces. 

It is apparent that the most satisfactory method of 
obtaining aerodynamic characteristics of a complete 
airplane is to conduct a full-scale investigation. Here¬ 
tofore such investigations have been conducted only in 
flight. Because of the variation in atmospheric con¬ 
ditions, it has been necessary to make a large number of 
check flights to obtain enough data to average out the 
discrepancies. Furthermore, in flight testing the scope 
of experiments is often limited by the fact that the 
possible alterations that can be made are restricted to 
those that do not seriously affect the weight or air¬ 
worthiness of the airplane. In order to provide a 
means of full-scale investigation by which the condi¬ 
tions can be controlled and alterations made without 
serious limitations, the full-scale wind tunnel has been 
erected. Of course, only the steady-flight conditions 
can be readily investigated in the wind tunnel, but the 
execution of this work in the tunnel will facilitate full- 
scale testing and allow the flight-research personnel of 
the laboratory to concentrate on those problems 
possible of solution only in flight. 

The full-scale wind tunnel may be used to determine 
the lift and drag characteristics of a complete airplane, 
to study the control and stability characteristics both 
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with and without the slipstream, and to study body 
interference. In addition, equipment has been in¬ 
stalled to determine the direction and velocity of the 
flow at any point around an airplane. Aircraft engine 
cooling and cowling problems can also be investigated 
under conditions similar to those in flight. 

The design of the full-scale wind tunnel was started 
in 1929. Since this was to be the first wind tunnel 

tunnel was started in the spring of 1930; it was com¬ 
pleted and operated for the first time in the spring 
of 1931. 

DESCRIPTION OF TUNNEL 

The general arrangement of the tunnel is shown in 
figure 1 and an external view of the building is given 
in figure 2. The tunnel is of the double-return flow 

C, Con fro! Plan D, 35'6/3“ 

constructed with an elliptic throat and with two propel¬ 
lers mounted side by side, a Ks-scale model was con¬ 
structed to study the flow problems. Very satisfactory 
flow conditions were obtained in the model tunnel. 
This piece of equipment is now being used for small- 
scale testing. Construction of the full-scale wind 

type with an open throat having a horizontal dimension 
of 60 feet and a vertical dimension of 30 feet. On either 
side of the test chamber is a return passage 50 feet 
wide, with the height varying from 46 to 72 feet. 
The entire equipment is housed in a structure, the 
outside walls of which serve as the outer walls of the 
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return passages. The over-all length of the tunnel is 
434 feet 6 inches, the width 222 feet, and the maximum 
height 97 feet. The framework is of structural steel 
and the walls and roof are of Ke-inch corrugated 
cement asbestos sheets. The entrance and exit cones 
are constructed of 2-inch wood planking, attached to a 
steel frame and covered on the inside with galvanized 
sheet metal as a protection against fire. 

Entrance cone.—The entrance cone is 75 feet in 
length and in this distance the cross section changes 
from a rectangle 72 by 110 feet to a 30 by 60 foot 
elliptic section. The area reduction in the entrance 

cone is slightly less than 5:1. The shape of the 
entrance cone wras chosen to give as far as possible a 
constant acceleration to the air stream and to retain a 
9-foot length of nozzle for directing the flow. 

Test chamber.—The test chamber, in which is 
located the working section of the jet, is 80 by 122 

feet. The length of the jet, or the distance between 
the end of the entrance cone and the smallest cross 
section of the exit-cone collector, is 71 feet. Doors 20 
by 40 feet located in the walls of the return passage 
on one side provide access for airplanes. In the roof 
of the test chamber are two skylights, each approxi¬ 

mately 30 by 40 feet, which provide excellent lighting 
conditions for daytime operation; eight 1,000-watt 
flood lights provide adequate artificial illumination for 
night operation. Attached to the roof trusses and 
running across the test chamber at right angles to the 
air stream and also in the direction of the air stream 
are tracks for an electric crane which lifts the airplanes 
onto the balance. 

Exit cone.—Forward of the propellers and located 
on the center line of the tunnel is a smooth fairing 
which transforms the somewhat elliptic section of the 
single passage into two circular ones at the propellers. 

From the propellers aft, the exit cone is divided into 
two passages and each transforms in the length of 132 
feet from a 35-foot 6’2-inch circular section to a 46-foot 
square. The included angle between the sides of each 

passage is 6°. 
Propellers.—The propellers are located side by side 

and 48 feet aft of the throat of the exit-cone bell. The 
propellers are 35 feet 5 inches in diameter and each 
consists of four cast aluminum alloy blades screwed 

into a cast-steel hub. 
Motors.—The most commonly used power plant for 

operating a wind tunnel is a direct-current motor and 
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motor-generator set with Ward Leonard control system. 

For the full-scale wind tunnel it was found that alter¬ 

nating current slip-ring induction motors, together with 

satisfactory control equipment, could be purchased for 

of speed one pole change was provided and the other 

variations are obtained by the introduction of resistance 

in the rotor circuit. This control permits a variation 

in air speed from 25 to 118 miles per hour. The two 

approximately 30 percent less than the direct-current 

equipment. Two 4,000-horsepower slip-ring induction 

motors with 24 steps of speed between 75 and 300 r.p.m. 

were therefore installed. In order to obtain the range 

motors are connected through an automatic switchboard 

to one drum-type controller located in the test cham¬ 

ber. All the control equipment is interlocked and 

connected through time-limit relays, so that regardless 
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of how fast the controller handle is moved the motors 

will increase in speed at regular intervals. 

The motors are provided with ball and roller 

bearings, which reduce the friction losses to a minimum. 

Roller bearings of 8.5- and 11.8-inch bores are provided 

at the slip-ring and propeller ends respectively, while 

the thrust of the propellers is taken on a ball bearing 

at the rear end of each motor shaft. The motors are 

mounted with the rotor shafts centered in the exit-cone 

passages. The motors and supporting structure are 

enclosed in fairings so that they offer a minimum 

resistance to the air flow. 

Guide vanes.—The air is turned at the four comers 

of each return passage by guide vanes. The vanes are 

of the curved-airfoil type formed by two intersecting 

arcs with a rounded nose. The arcs were so chosen as 

to give a practically constant area through the vanes. 

The vanes at the first two corners back of the pro¬ 

pellers have chords of 7 feet and are spaced at 0.45 

and 0.47 of a chord length, respectively. Those at the 

opposite end of the tunnel have chords of 3 feet 6 inches 

and are spaced at 0.41 of a chord length. By a proper 

adjustment of the angular setting of the vanes, a satis¬ 

factory velocity distribution has been obtained and no 

honeycomb has been found necessary. 

Balance.—The balance, which is of the 6-component 

type, is shown diagrammatically in figure 3. Ball and 

socket fittings at the top of each of the struts A hold the 

axles of the airplane to be tested; the tail is attached 

to the triangular frame B. These struts are secured to 

the turntable C, which is attached to the floating frame 

D. This frame rests on the struts E, which transmit the 

lift forces to the scales F. The drag linkage G is 

attached to the floating frame on the center line and, 

working against a known counterweight H, transmits 

the drag force to the scale J. The cross-wind force 

linkages K are attached to the floating frame on the 

front and rear sides at the center line. These linkages, 

working against known counterweights L, transmit the 

cross-wind force to scales M. In the above manner the 
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forces in three directions are measured and by combin¬ 

ing the forces and the proper lever arms, the pitching, 

rolling, and yawing moments can be computed. 

The scales are of the dial type and are provided 

with solenoid-operated printing devices. When the 

proper test condition is obtained, a push-button 

switch is momentarily closed and the readings on all 

seven scales are recorded simultaneously, eliminating 

the possibility of personal errors. 

free from the balance. In figure 4 it can be seen that a 

very limited amount of the supporting structure is 

exposed to the air stream. The tare-drag measure¬ 

ments are therefore reduced to a minimum. 

Survey equipment.—Attached to the bottom chord 

of the roof trusses is a 55-foot structural steel bridge 

(fig. 5), which can be rolled across the full width of 

the test chamber; mounted on this bridge is a car 

which can be rolled along the entire length. Suspended 

Figure 5.—Yaw, pitch, and pitot survey apparatus in position for survey at tail of airplane. 

The triangular frame B is caused to telescope by 

electrically operated screws which raises and lowers 

the tail of the airplane and thereby varies the angle of 

attack. By a similar mechanism the turntable C can 

be moved so as to yaw the airplane from 20° left to 

20° right. 

The entire floating frame and scale assembly is en¬ 

closed in a room for protection from air currents and the 

supporting struts are shielded by streamlined fairings 

which are secured to the roof of the balance room and 

below the car is a combined pitot, pitch, and yaw tube 

which can be raised or lowered and pitched or yawed 

by gearing with electrical control on the car. This 

arrangement permits the alinement of the tube with 

the air flow at any point around an airplane. The 

alinement of the tube is indicated by null readings on 

the alcohol manometers connected to the pitch and 

yaw openings in the head and the angle of pitch or yaw 

is read from calibrated Veeder counters connected to 

the electric operating motors. This equipment is very 
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valuable for studying the downwash behind wings and 

the flow around the tail surfaces of an airplane. 

CALIBRATIONS AND TESTS 

The velocity distribution has been measured over 

several planes at right angles to the jet, but the plane 

representing approximately the location of the wings 

of an airplane during tests was most completely 

explored. The d3mamic-pressure distribution over the 

area that would be occupied during tests by an air¬ 

plane with a wing span of 45 feet is within ±1% percent 

static pressure is within ± 1 percent of the mean 

dynamic pressure at the test section. 

Two wall plates with static orifices are located in 

each return passage just ahead of the guide vanes at 

the entrance-cone end of the tunnel. The orifices are 

connected by a common pressure line, which is led to 

a micromanometer on the control desk in the test 

chamber. The other side of the manometer is left open 

to the test-chamber pressure. This installation has 

been calibrated against the average dynamic pressure 

determined by pitot surveys of the jet at the test 

Figure 6.—A 6 by 36 foot Clark Y 

of a mean value. It is possible to improve the distri¬ 

bution by further adjustment of the guide vanes. 

However, tests already conducted in the tunnel indicate 

that the present distribution does not detrimentally 

affect the results. This fact has been shown by the 

excellent agreement which has been obtained between 

the tunnel and flight results. 

A survey of the static pressure along the axis of the 

tunnel showed that the longitudinal pressure gradient 

is small, as evidenced by the fact that between 11 and 

36 feet from the entrance cone the variation of the 

■foil mounted in the tunnel. 

location and it is used to determine the dynamic head 

during tests. 

A series of Clark Y airfoils of the same aspect ratio, 

but with spans of 12, 24, 36, and 48 feet, have been 

tested at the same Reynolds Number to determine the 

jet-boundary correction. Tests have also been made 

to determine the blocking effect of an airplane in the 

jet. The results of the complete investigation will be 

presented in a separate report. 

Using the mean velocity across the jet of 118 miles 

per hour for computing the kinetic energy per second 

407GS—34 20 
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at the working section and dividing this by the energy 

input to the propellers per second 

/2 P AV 
550Xb.hp. input 

gives an energy ratio for the tunnel of 2.84. This 

ratio, considering the length of the open jet, compares 
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very favorably with the most efficient open-throat 

tunnels now in operation and exceeds the efficiency 

expected when the tunnel was designed. 

Before force measurements are made on an airplane, 

the airplane is suspended from the roof trusses by cables 

and held within one half inch from the balance supports 

while the tare forces are measured. The tare-drav 
r o 

coefficient determined in the above manner has been 

of the order of 25 percent of the minimum drag 

coefficient of the airplanes tested. 

When testing airfoils the airplane supports are 

replaced by those shown in figure 6. The angle of 

attack is changed by displacing the rear support arms 

and rotating the airfoil about pins in the top of the 

main supports. The rear support arms are moved by 

linkages, which are connected to long screws on the 

back of the main supports, and the screws are operated 

by hand cranks inside the balance house. The tare 

drag of this support system is exceptionally small and 

amounts to only 3 percent of the minimum drag of a 6 

by 36 foot Clark Y airfoil. 

The lift and drag characteristics have been measured 

in the tunnel on several airplanes which had been previ¬ 

ously tested in flight and their polars determined. 

These tests were conducted to obtain a check between 

the tunnel results and those from flight tests. A com¬ 

parison of the results from the two methods of testing 

for one of the airplanes, the Fairchild F-22, is shown in 

figure 7. The wind-tunnel results are shown by the 

solid lines and the flight results are presented by the 

experimental points. These curves are representative 

of the results obtained with the different airplanes. 

The agreement that has been obtained between the 

flight, and full-scale tunnel results, together with the 

consistent manner in which measurements can be 

repeated when check tests are make, has demonstrated 

the accuracy and value of the equipment for aeronauti¬ 

cal research. 

Langley Memorial Aeronautical Laboratory, 

National Advisory Committee for Aeronautics, 

Langley Field, Va., March 13, 1933. 
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THE CHARACTERISTICS OF 78 RELATED AIRFOIL SECTIONS FROM TESTS IN THE 
VARIABLE-DENSITY WIND TUNNEL 

By Eastman N. Jacobs, Kenneth E. Ward, and Robert M. Pinkerton 

SUMMARY 

An investigation of a large group of related airfoils 
was made in the N.A.C.A. variable-density wind tunnel 
at a large value of the Reynolds Number. The tests were 
made to provide data that may be directly employed for a 
rational choice of the most suitable airfoil section for a 
given application. The variation of the aerodynamic 
characteristics with variations in thickness and mean-line 
form were therefore systematically studied. 

The related airfoil profiles for this investigation were 
developed by combining certain profile thickness forms, 
obtained by varying the maximum thickness of a basic 
distribution, with certain mean lines, obtained by varying 
the length and the position of the maximum mean-line 
ordinate. A number of values of these shape variables 
were used to derive a family of airfoils. For the purposes 
of this investigation the construction and tests were limited 
to 68 airfoils of this family. In addition to these, several 
supplementary airfoils have been included in order to 
study the effects of certain other changes in the form of the 
mean line and in the thickness distribution. 

The results are presented in the standard graphic form 
representing the airfoil characteristics for infinite aspect 
ratio and for aspect ratio 6. A table is also given by 
means of which the important characteristics of all the 
airfoils may be conveniently compared. The variation of 
the aerodynamic characteristics with changes in shape is 
shown by additional curves and tables. A comparison 
is made, where possible, with thin-airfoil theory, a 
summary of which is presented in an appendix. 

INTRODUCTION 

The forms of the airfoil sections that are in common 
use today are, directly or indirectly, the result of 
investigations made at Gottingen of a large number of 
airfoils. Previously, airfoils such as the R.A.F. 15 
and the U.S.A. 27, developed from airfoil profiles 
investigated in England, were widely used. All these 
investigations, however, were made at low values of 
the Reynolds Number; therefore, the airfoils developed 
may not be the optimum ones for full-scale application. 
More recently a number of airfoils have been tested in 
the variable-density wind tunnel at values of the 
Reynolds Number approaching those of flight (refer¬ 

ence 1) but, with the exception of the M-series and a 
series of propeller sections, the airfoils have not been 
systematically derived in such a way that the results 
could be satisfactorily correlated. 

The design of an efficient airplane entails the careful 
balancing of many conflicting requirements. This 
statement is particularly true of the choice of the wing. 
Without a knowledge of the variations of the aerody¬ 
namic characteristics of the airfoil sections with the 
variations of shape that affect the weight of the struc¬ 
ture, the designer cannot reach a satisfactory balance 
between the many conflicting requirements. 

The purpose of the investigation reported herein was 
to obtain the characteristics at a large value of the 
Reynolds Number of a wide variety of related airfoils. 
The benefits of such a systematic investigation are 
evident. The results will greatly facilitate the choice 
of the most satisfactory airfoil for a given application 
and should eliminate much routine airfoil testing. 
Finally, because the results may be correlated to 
indicate the trends of the aerodynamic characteristics 
with changes of shape, they may point the way to the 
design of new shapes having better characteristics. 

Airfoil profiles may be considered as made up of cer¬ 
tain profile-thickness forms disposed about certain 
mean lines. The major shape variables then become 
two, the thickness form and the mean-line form. The 
thickness form is of particular importance from a 
structural standpoint. On the other hand, the form of 
the mean line determines almost independently some 
of the most important aerodynamic properties of the 
airfoil section, e.g., the angle of zero lift and the 
pitcliing-moment characteristics. 

The related airfoil profiles for this investigation were 
derived by changing systematically these shape vari¬ 
ables. The symmetrical profiles were defined in terms 
of a basic thickness variation, symmetrical airfoils of 
varying thickness being obtained by the application 
of factors to the basic ordinates. The cambered pro¬ 
files were then developed by combining these thickness 
forms with various mean lines. The mean lines were 
obtained by varying the camber and by varying the 
shape of the mean line to alter the position of the 
maximum mean-line ordinate. The maximum ordinate 
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of the mean line is referred to throughout this report as the 
camber of the airfoil and the position of the maximum 
ordinate of the mean line as the position of the camber. 
An airfoil, produced as described above, is designated by 
a number of four digits: the first indicates the camber in 
percent of the chord; the second, the position of the camber 
in tenths of the chord from the leading edge; and the last 
two, the maximum thickness in percent of the chord. 
Thus the N.A.C.A. 2315 airfoil has a maximum camber 
of 2 percent of the chord at a position 0.3 of the chord 
from the leading edge, and a maximum thickness of 15 
percent of the chord; the N.A.C.A. 0012 airfoil is a 
symmetrical airfoil having a maximum thickness of 12 
percent of the chord. 

In addition to the systematic series of airfoils, 
several supplementary airfoils have been included in 
order to study the effects of a few changes in the form 
of the mean line and in the thickness distribution. 

Preliminary results which have been published in¬ 
clude those for 12 symmetrical N.A.C.A. airfoils, the 
00 series (reference 2) and other sections having differ¬ 
ent nose shapes (reference 3); and those for 42 cam¬ 
bered airfoils, the 43 and 63 series (reference 4), the 45 
and 65 series (reference 5), the 44 and 64 series (refer¬ 
ence 6), andjthe 24 series (reference 7). 

If the chord is taken along the x axis from 0 to 1, 
the ordinates y are given by an equation of the form 

± y = a0 A/x + ciiX + a2x2 + apA + ayA 

The equation was adjusted to give the desired shape 
by imposing the following conditions to determine the 
constants: 

(1) Maximum ordinate 0.1 at 0.3 chord 

x = 0.3 t/ = 0.1 
dyjdx = 0 

(2) Ordinate at trailing edge 

£ = 1 y = 0.002 

(3) Trailing-edge angle 

£ = 1 dy/d£=—0.234 

(4) Nose shape 

£ = 0.1 y = 0.078 

The following equation satisfying approximately the 
above-mentioned conditions represents a profile having 
a thickness of approximately 20 percent of the chord. 

± y = 0.29690 A/^- 0.12600£- 0.35160£2 + 0.28430£3 
-0.10150£4 

N. A. C. A. family 

+ Clark Y 
o Golf. 398 
J| 

./ i .2 .3 A .5 .6 .7 .8 .9 

' ±y = 0.29690 Vx - O.12600 x ~0.35/60 xs + 0.28430 x3 -0.10/50 x 4 

Basic ordinates of N.A.C.A. family airfoils (percent of chord) 

1 Sta_i 0 1. 25 2.5 5.0 7.5 10 15 20 25 30 40 50 60 70 80 90 95 100 
1 Ord_I 

i 
0 3.157 4. 358 5.925 7.000 7.805 8. 909 9.563 9.902 10.003 9. 672 8.823 7. 606 6.107 4. 372 2.413 1. 344 0. 210 

L.E. radius, 4.40. 
Figure 1.—Thickness variation. 

The tests were made in the variable-density wind 
tunnel of the National Advisory Committee for Aero¬ 
nautics during the period from April 1931 to February 
1932. 

DESCRIPTION OF AIRFOILS 

Well-known airfoils of a certain class including the 
Gottingen 398 and the Clark Y, which have proved to 
be efficient, are nearly alike when their camber is 
removed (mean line straightened) and they are reduced 
to the same maximum thickness. A thickness variation 
similar to that of these airfoils was therefore chosen for 
the development of the N.A.C.A. airfoils. An equation 
defining the shape was used as a method of producing 
fair profiles. 

This equation was taken to define the basic section. 
The basic profile and a table of ordinates are given in 
figure 1. Points obtained by removing the camber 
from the Gottingen 398 and the Clark Y sections, and 
applying a factor to the ordinates of the resulting 
thickness curves to bring them to the same maximum 
thickness, are plotted on the above figure for com¬ 
parison. Sections having any desired maximum thick¬ 
ness were obtained by multiplying the basic ordinates 
by the proper factor; that is 

±yt=* (0.29690a/x-0.12600£-0.35160£2 
u.zu 

+ 0.28430£3-0.10150£4) 
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where t is the maximum thickness. The leading-edge ! 
radius is found to be 

Tl = 2(020 a°) = 

When the mean lines of certain airfoils in common 
use were reduced to the same maximum ordinate and 
compared it was found that their shapes were quite ! 
different. It was observed, however, that the range 
of shapes could be well covered by assuming some ' 
simple shape and varying the maximum ordinate and 
its position along the chord. The mean line was, 
therefore, arbitrarily defined by two parabolic equa¬ 
tions of the form 

yc=b0 + blx + b2x2 
' 

where the leading end of the mean line is at the origin 
and the trailing end is on the x axis at x = 1. The 
values of the constants for both equations were then 
expressed in terms of the above variables; namely, 

(1) Mean-line extremities 

x ~ 0 ye — 0 

x— 1 yc = 0 

(2) Maximum ordinate of mean line 

x = p (position of maximum ordinate) 

and 

yc = jf^y)2 1(1 ~ 2p) + 2px — x2] 

(aft of maximum ordinate) 

The method of combining the thickness forms with 
the mean-line forms is best described by means of the 
diagram in figure 2. The line joining the extremities 
of the mean line is chosen as the chord. Referring to 
the diagram, the ordinate yt of the thickness form is 
measured along the perpendicular to the mean line 
from a point on the mean line at the station along the 
chord corresponding to the value of x for which yt 
was computed. The resulting upper and lower surface 
points are then designated: 

Stations xu and Xj 
Ordinates yu and yt 

where the subscripts u and l refer to upper and lower 
surfaces, respectively. In addition to these symbols, 
the symbol 6 is employed to designate the angle be¬ 
tween the tangent to the mean line and the x axis. 
This angle is given by 

-/ol 
Oifxi.yif 

Radius throuqh end of chord 
xu = x-yt sin 6 yu = yc + yt cos 6 
xi = x + yt sin 6 yi = yi - yt cos 8 

LOO 

Sample calculations for derivation of N.A.C.A. 6321 

X Vt Vc tan 6 sin 6 COS 8 •yt sin 9 yt cos 9 X» y« Xl yi 

0 
0. 01250 
.30000 
.60000 

1 

0 
0.03314 
.10503 
. 07986 
. 00221 

0 
0. 00489 

. 06000 

. 04898 
0 

i 0. 40000 
.38333 

0 
07347 
17143 

0. 37140 
.35793 

0 
-.07327 
-. 16897 

0. 92840 
.93375 

1 
.99731 
.98562 

0 0 
0.01186 1 0.03094 
0 1 .10503 

—.00585 1 .07965 
-.00037 | .00218 

0 
0. 02436 
.30000 
. 59415 
. 99963 

0 
-0.02605 

—. 04503 
-.03067 
-.00218 

0. 00064 
.30000 
.60585 

1.00037 

0. 03583 
.16503 
. 12863 
.00218 

Slope of radius through end of chord. 

Figure 2.—Method of calculating ordinates of N.A.C.A. cambered airfoils. 

yc = m(maximum ordinate) 

dyjdx = 0 

The resulting equations defining the mean line then 

became 

= p [2px-x2] 

(forward of maximum ordinate) 

The following formulas for calculating the ordinates 
1 may now be derived from the diagram: 

xu = x—yt sin 6 
Vu^Vc+yt cos 6 
xi = x + yt sin 6 
yi^ye-yt cos o 

Sample calculations are given in figure 2. The center 
for the leading-edge radius is placed on the tangent to 
the mean line at the leading edge. 
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A family of related airfoils was derived in the manner 
described. Seven values of the maximum thickness, 
0.06, 0.09, 0.12, 0.15, 0.18, 0.21, and 0.25; four values 
of the camber, 0.00, 0.02, 0.04, and 0.06; and six values 
of the position of the camber, 0.2, 0.3, 0.4, 0.5, 0.6, and 
0.7 were used to derive the related sections of this 
family. The profiles of the airfoils derived are shown 
collectively in figure 3. 

For the purposes of this investigation the construc¬ 
tion and tests were limited to 68 of the airfoils. Tables 
of ordinates at the standard stations are given in the 
figures presenting the aerodynamic characteristics. 
These ordinates were obtained graphically from the 
computed ordinates for all but the symmetrical sec- 

models, which are made of duralumin, have a chord 

of 5 inches and a span of 30 inches. They were con¬ 

structed from the computed ordinates by the method 

described in reference 8. 

Routine measurements of lift, drag, and pitching 

moment about a point on the chord one quarter of the 

chord behind its forward end were made at a Reynolds 

Number of approximately 3,000,000 (tank pressure, 

approximately 20 atmospheres). Groups of airfoils 

were first tested to study the variations with thickness, 

each group containing airfoils of different thicknesses 

but having the same mean line. Finally, all airfoils 

having a thickness of 12 percent of the chord were 

0006 2206 2306 2406 2.506 2606 

0021 

0025 
4206 

4209 

4221 

4306 

4309 

2618 

4406 

4409 

4506 4606 

4509 4609 

4621 

2706 

4706 

4709 

4721 

6206 

6221 

6306 6406 6506 

6321 6421 

Figure 3.—N.A.C.A. airfoil profiles. 

6521 

6606 

6621 

6706 

6721 

tions. Two sets of trailing-edge ordinates are given. 
Those inclosed by parentheses, which are given to 
facilitate construction, represent ordinates to which 
the surfaces are faired. In the construction of the 
models the trailing edges were rounded off. 

Three groups of supplementary airfoils were also 
constructed and tested. The derivation of these air¬ 
foils will be considered later with the discussion. 

APPARATUS AND METHODS 

A description of the variable-density wind tunnel 
and the method of testing is given in reference 8. The 

tested to study the variations with changes in the 

mean line. 
RESULTS 

The results are presented in the standard graphic 

form (figs. 4 to 80) as coefficients corrected after the 

method of reference 8 to give airfoil characteristics for 

infinite aspect ratio and aspect ratio 6. Where more 

than one test has been used for the analysis, the infinite 

aspect ratio characteristics from the earlier test have 

been indicated by additional points on the figure. Table 

I gives the important characteristics of all the airfoils. 
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Figure 8.—N.A.C.A. 0018 airfoil. 
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Figure 9.—N.A.C.A. 0021 airfoil. 
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Figure 10—N.A.C.A. 0025 airfoil. 

Figure 11.—N.A.C.A. 2212 airfoil. 
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Figure 12.—N.A.C.A. 2306 airfoil. 

Figure 13.—N.A.C.A. 2309 airfoil. 
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Lift coefficient, CL 

Figure 15.—N.A.C.A. 2315 airfoil. 
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Figure 17.—N.A.C.A. 2409 airfoil. 
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Figure 20.—N.A.C.A. 2418 airfoil. 

Figure 21.—N.A.C.A. 2421 airfoil. 
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Figure 31.—N.A.C.A. 4306 airfoil. 
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Figure 33.—N.A.C.A. 4312 airfoil. 



REPORT NATIONAL ADVISORY COMMITTEE FOR AERONAUTICS 318 

Sta. Up'r. L'w'r. 

0 — 0 
1.2S 4.07 -1.90 
2.5 5.36 -2.74 
5.0 7.20 -3.68 
7.5 8.56 -4.25 
10 9.64 -4.58 
IS /1.22' -4.92 
20 12.25 -5.0/ 
25 12.80 -5.04 
30 13.00 -5.00 
40 12.64 -4.7 7 
50 11.65 -4.24 
60 10.15 -3.55 
70 8.24 -2.76 
80 5.95 -1.94 
90 3.29 -1.08 
95 1.79 - .64 

100 (39) (-39) 
100 — 0 

J2 

.// 

O 20 40 60 80 100 
Per cent of chord 

Airfoil: N.A.C.A. 4318 R.N.:3,090,000 
Size. 5"x30" /e/.(ft./sec.): 69.5 
Pres.(st'nd.atm.):20.8 Date:4-I4-31 
Where tested:L.M.A.L. Tesf:V.D.T. 566 
Corrected for tunnel-wall effect 

.6 u 42 .01 

.4^ .08 0 

.2 .04 
5. 

0 0 to" 2 

-.2 

o 
o 

H* -.3 

-.4 

c 
Qj 

£-4 
o 

— 

1 
( 

1 
• 

— 1 
1 

\CD 

1 

1 
* 

1 
1 
1 
1 

1 
f 

1 

1 

**o 

X— 

c/4 

| 

Airfoil: N.A.C.A. 4318 R.N.. 3,090.000 
Date:4-14-31 Test: V.D.T. 566 
Corrected to infinite aspect ratio 

46 

44 

40 

36 

32 

28 

24 

20 

16 

12 

8 

4 

O 

-4 

-8 

12 

-16 

-8 -4 0 4 8 /2 16 20 24 
Angle of attack, cc (degrees) 

28 32 -.4 r2 0 2 .4 .6 .8 1.0 1.2 1.4 1.6 1.8 
Lift coefficient, CL 
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Figure 37.—N.A.C.A. 4406 airfoil. 
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Figure 41.—N.A.C.A. 4418 airfoil. 
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Figure 42.—N.A.C.A. 4421 airfoil. 

Figure 43.—N.A.C.A. 4506 airfoil. 
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Figure 45.—N.A.C.A. 4512 airfoil. 
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Figure 47.—N.A.C.A. 4518 airfoil. 
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Figure 49.—N.A.C.A. 4612 airfoil. 
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Figure 51.—N.A.C.A. 6212 airfoil. 



CHARACTERISTICS OF AIRFOIL SECTIONS FROM TESTS IN VARIABLE-DENSITY WIND TUNNEL 327 

0 

24 t 20 

20 | 40 

'/6 ir 60 
L 

/2% 80 

a o too 

.44 

2.0 .40 

1.8 .36 

1.6 .32 

1.4 .28 

t.2 Cj '24 

/.0$.20% 

£ 

■SV/SI 
.6^.12 

ffc 

.4^ .08 

-8 -4 0 4 8 12 16 20 24 28 32 
Angle of attack, a (degrees) 

Sta. Up'r. L’wr. 

0 — 0 

1.25 2.32 - .75 
2.5 3.30 - .68 
S.O 4.63 - .76 

7.5 6.05 - .50 
10 7.07 - .18 
15 8.64 .46 
20 9.70 1.02 
25 10.29 1.35 
30 JO. 50 1.50 
40 /0.24 1.53 
50 9.50 1.55 
60 8 35 746 
70 6.83 1.29 
80 4.94 .98 
30 2.71 .50 
95 1.45 .23 

too (.09) (-.09) 
100 — 1^ 

0) ^ —10 
CT O 

20 40 60 80 

Per cent of chord 

44 

L.E.Rad.: 0.89 
Slope of radios 
through end of 
chord: 6/15 

24:y i 1.2 >.9 
24 P 20 

208 8 t.ol 
7 

.16 P 

■'2 
I2< 

8 0 100 
28 

-.4 

— 
l 

_ 

i i 
i 
i i 
; 
i « 

_ 
i 1 
i i 
1 1 

— 
l 

— 

V- 
\ 

or 

V 
—— 

H— 
! i-L 

1y 
—1- 

J 1 
- 

y 
Q\ ^rnc/4 

• 

Airfoil: N.A.C.A. 6309 R.N.-.3.110,000 

Date: 4 -18-31 Test: V.D.T.5 76 

Li 
Corrected to infinite aspect ratio 

qj 
L. 
O' 

0 

^0 u 
<U 
a 

16% 

<u 

<S'S 
c 

4 
o 

cl 
0 

-4 o 

-12 

-16 

0 4 8 12 16 20 24 
Angle of attack, ct (degrees) 

-.4 -.2 0 .2 .4 .6 .8 1.0 
Lift coefficient, CL 

Figure 53.—X.A.C.A. 6309 airfoil. 



328 REPORT NATIONAL ADVISORY COMMITTEE FOR AERONAUTICS 

Figure 55.—N.A.C.A. 6315 airfoil. 
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Figure 59.—N.A.C.A. 6409 airfoil. 
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Figure 61— N.A.C.A. 6415 airfoil. 
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Figure 63—N.A.C.A. 6421 airfoil. 
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Figure 65.—N.A.C.A. 6509 airfoil. 
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Figure 06.—N.A.C.A. 6512 airfoil. 

Figure 67.—N.A.C.A. 6515 airfoil. 
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Figure 68.—N.A.C.A. 6518 airfoil. 
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Figure 69.—N.A.C.A. 6521 airfoil. 
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Figure 71.—N.A.C.A. 6712 airfoil. 
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Figure 73.—N.A.C.A. 0006B airfoil. 
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Figure 75—N.A.C.A. 0012B airfoil. 
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Figure 77.—N.A.C.A. 0018B airfoil. 
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Figure 79.—N.A.C.A. 2Rjl2 airfoil. 
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PRECISION 

A general discussion of the errors and corrections 
involved in airfoil testing in the variable-density tunnel 
is included in reference 8. In connection with this 
report, it was hoped that a more specific discussion of 
the various sources of error and separate estimates of 
the various errors might be given. However, after a 
careful study of all the measurements it became 
apparent that practically all the errors may be regarded 
as accidental; that is, of the type the magnitude of 
which may best be estimated from the dispersion of the 
results of independent repeat measurements. The 
major portion of these errors is caused by insufficient 
sensitivity of the balance and manometers, by the 
personal error involved in reading mean values of 
slightly fluctuating quantities, and by the error due to 
slight surface imperfections in the model. The last is 
perhaps the most serious source of error. The models 
were carefully finished before each test, but the pres¬ 
ence of particles of hard foreign matter in the air stream 
tended to cause a slight pitting of the leading edge of 
the model during each test. This pitting was probably 
the major source of error in connection with the earlier 
tests, but it was reduced for the later tests when the 
necessity of a more careful inspection of each model 
was appreciated. After a considerable period of 
running the particles in the tunnel were found to be¬ 
come lodged, permitting this source of error to be 

laigely eliminated during the later tests. For this 
report, however, the effect of the error from this source 
has been minimized by repeating the tests of many of 
the airfoils, including all of the symmetrical series 
originally reported in reference 2. 

The magnitude of all such accidental errors was 
judged from the results of repeat tests of many 
airfoils, and from the results of approximately 25 
tests of one airfoil that were made periodically through¬ 
out the investigation to check the consistency of the 
measurements. The accidental errors in the results 
presented in this report are believed to be within the 
limits indicated in the following table: 

±0.15° 

C 
Ky^Jmax 

c 
°™c/4 

Cd0(@L ~ 0) 

0Do(CL= 1) 

J 0.01 
j-0.03 

± 0.003 

J 0.0006 
[-0.0002 
j 0.0015 
[-0.0008 

In addition to the consideration of the accidental 
errors, all measurements were carefully analyzed to 
consider possible sources of errors of the type that 
would not be apparent from the dispersion ol the 
results of repeat tests. A rather large (approximately 
1.5 percent) error of this type is present in all the air- 
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velocity measurements resulting from a reduction in 
the apparent weight of the manometer liquid when the I 
density of the air in the tunnel is raised to that cor¬ 
responding to a pressure of 20 atmospheres. The 1 
effects of this error, however, are reduced by the pres¬ 
ence of another error in the air-velocity measurements 
due to the blocking effects of the model in the tunnel. 
The measured coefficients, obtained by dividing the 
measured forces by YipV2, as well as the derived coef¬ 
ficients are, of course, affected by errors in the air- 
velocity measurement. Aside from this source of 
error, it is believed that only two other sources need 
be considered: first, the deflection of the model and 
supports under the air load; and second, the inter¬ 
ference of the airfoil supports on the airfoil. The 
angle of attack and the moment coefficient are affected 
by the deflection of the airfoil and supports. The 
error in angle of attack, which is proportional to ! 

^c/4, was found to be approximately —0.1° for an 

airfoil having a moment coefficient of —0.075. The 
error from this source in the moment coefficient is 
inappreciable at zero lift, but at a lift coefficient of 1 
may amount to —0.001. The errors resulting from I 
the support interference are more difficult to evaluate, 
but tests of airfoils with different support arrangements 
lead to the belief that they are within the limits indi¬ 
cated in the following table: 

C ■kmax 

a 

Cd0(Cl = 0) 

Od0(Cl~ 1) 

±0.05° 
f 0.00 
1-0.02 

±0.001 
f 0.0002 
I 0.0000 

±0.0010 

The tunnel-wall and induced-drag corrections ap¬ 
plied to obtain the airfoil section characteristics might 
also be treated as sources of systematic errors. Such 
errors need not be considered, however, if the section 
characteristics are defined as the measured character¬ 
istics with certain calculated corrections applied. 
Errors in the tunnel-wall corrections, however, should 
be considered when the results from different wind 
tunnels are compared. For consideration of these 
errors, the reader is referred to references 9 and 10. 

For the purpose of comparing the results from differ¬ 
ent wind tunnels and of applying these results to air¬ 
planes in flight, it is also necessary to consider the 
effects of air-stream turbulence. In air streams ha vine; 
different degrees of turbulence, the value of the 
Reynolds Number cannot be considered as a sufficient 
measure of the effective dynamic scale of the flow. 
The airfoil characteristics presented in this report were 
obtained at a value of the Reynolds Number of approx¬ 
imately 3,000,000, which corresponds roughly to the 
Reynolds Number attained in flight by a medium¬ 
sized airplane flying near its stalling speed. Consid¬ 
eration of the effects of the turbulence present in the 
variable-density tunnel (see references 11 and 12) leads, 
however, to the belief that these results are more 
nearly directly applicable to the characteristics that 
would be obtained in flight at larger values of the 
Reynolds Number. 
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Figure 82.—Variation of lift-curve slope with camber. Results for 12 percent thick 
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DISCUSSION 

The results of this investigation are here discussed 
and analyzed to indicate the variation of the aero¬ 
dynamic characteristics with variations in thickness 
and in mean-line form. For the analysis of the effect 
of thickness, test data from consecutive tests of airfoils 
having different thicknesses and the same mean-line 
form are used. The analysis of the effect of the mean¬ 
line form is made with respect to consecutive tests of 
airfoils of the same thickness (12 percent of the chord) 
and related mean-line forms. The results are com¬ 
pared, where possible, with the results predicted by 
thin-airfoil theory, a summary of which is presented 
in the appendix. 

LIFT 

Lift curve.—In the usual working range of an air¬ 
foil section the lift coefficient may be expressed as a 
linear function of the angle of attack 

Cl — a0 («o— «l0) 

where a0 is the slope of the lift curve for the wing of 
infinite aspect ratio and aL is the angle of attack at 

zero lift. 
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The variation of the lift-curve slope with thickness 
is shown in figure 81. The points on the figure rep¬ 
resent the deduced slopes as measured in the angular 
range of low profile drag. These results confirm 
previous results (reference 1) in that they show the 
lift-curve slope to decrease with increasing thickness. 
The camber has very little effect on the slope, as 
indicated in figure 82, although a rearward movement 
of the position of the camber tends to decrease the 

Comber position in fraction of chord 
(Abscissa of maximum mean-tine ordinate) 

Figvre 83.—Variation of angle of zero lift with camber. Points shown are for 12 
percent thick airfoils. Curves indicate general trends for the different thick¬ 
nesses. 

given mean line without altering the camber position. 
The theory also predicts an increased negative angle 
as the position of the camber moves back along the 
chord. The experimental values are compared with 
the theoretical values in figures 83 and 84. The ex- 

Maximum thickness in percent of chord 

Figure 84.—Variation of angle of zero lift with thickness. Numbers refer to mean- 
camber designation. 

Maximum thickness in percent of chord 

Figure 85.—Variation of maximum lift with thickness. 

slope slightly. Table II gives the numerical values of 
the slope in convenient form for noting the general 
trends with respect to variations in thickness and in 
camber. It will be noted that all values of the slope 
lie below the approximate theoretical value for thin 
wings, 27r per radian; the measured values lie between 
95 and 81 percent, approximately, of the theoretical. 

The angle of zero lift is best analyzed by means of a 
comparison with that predicted by the theory. Tliin- 
airfoil theory states that the angle of zero lift is pro¬ 
portional to the camber if the camber is varied, as 
with these related airfoils, by scaling the ordinates of a 

perimental values lie between 100 and 75 percent, 
approximately, of the theoretical values, the depar¬ 
ture becoming greater with a rearward movement of 
the position of the camber and with increased thickness 
(above 9 to 12 percent of the chord). Numerical 
values of the angle of zero lift are given in table III. 

Maximum lift.—The variation of the maximum lift 
coefficient with thickness is shown in figure 85. It 
will be noted that the highest values are obtained with 
moderately thick sections (9 to 12 percent of the chord 
thick, except for the symmetrical sections for which 
the highest values are obtained with somewhat thicker 
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sections). The variation with camber, shown in 
figure 86, confirms the expected increase in maximum 
lift with camber. The gain is small, however, for the 
normal positions of the camber, but becomes larger 
as the camber moves either rearward or forward. It 
will be seen by reference to figure 85 that the camber 
becomes less effective as the thickness is increased. 
This reduced effectiveness of the camber is in agree¬ 
ment with a conclusion reached in reference 13 that 
for airfoils having a thickness ratio of approximately 
20 percent of the chord, camber is of questionable 
value. Numerical values of the maximum lift co¬ 
efficient are given in table IV. 

Air-flow discontinuities.-—These and other wind- 
tunnel tests indicate that at the attitude of maximum 

Camber position in fraction of chord 
(Abscissa of maximum mean-tine ordinate) 

ber (for airfoils having normal camber positions; 
i.e., 0.3c to 0.5c). 

MOMENT 

Thin-airfoil theory separates the air forces acting on 
any airfoil into two parts: First, the forces that pro¬ 
duce a couple but no lift (they are dependent only on 
the shape of the mean line); second, the forces that 
produce the lift only, the resultant of which acts at 

Camber position in fraction of chord 
(.Abscissa of maximum mean-tine ordinate) 

Figure 87.—Variation of moment at zero lift with camber. Points shown are for 
12 percent thick airfoils. Curves indicate general trends for the different thick 
nesses. 
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Figure 86.—Variation of maximum lift with camber. Results for 12 percent thick 
airfoils. 

Figure 88.—Variation of moment at zero lift with thickness. Numbers refer to 
mean-camber designation. 

lift the air forces on certain airfoils exhibit sudden 
changes which in many instances result in a serious 
loss of lift. The probable cause of these air-flow dis¬ 
continuities is discussed briefly in reference 13. The 
stability or instability of the air flow at maximum 
lift may be judged by the character of the lift-curve 
peaks indicated for the various airfoils. The curves 
are classified into three general types as noted in 
table IV, but the degree of stability is difficult to 
judge. It may be generally concluded that improved 
stability may be obtained by (1) having a small 
leading-edge radius, which causes an early break¬ 
down of the flow with a consequent low value of the 
maximum lift, (2) increasing the thickness (beyond the 
normal thickness ratios), or (3) increasing the cam¬ 

a fixed point. We then have in the working range an 
expression for the total moment taken about any 

point 
Cm — Cm0 + nCL 

where CmQ is the moment coefficient at zero lift and 

nCL is the additional moment due to lift. 
As with the angle of zero lift, the theory states that 

the moment at zero lift is proportional to the camber 
and predicts an increase in the magnitude of the 
moment as the camber moves back along the chord. 
Figures 87 and 88 show the values of the moment 
coefficient as affected by variations of camber and 
thickness compared with the theoretical values. Re¬ 
ferring to figure 87, the plotted data indicate that the 
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moment coefficients are nearly proportional to the 
camber. It will also be noted that the curves repre¬ 
senting the ratios of the experimental coefficients to 
the camber are nearly parallel to the equivalent curve 
representing the theoretical ratios except that the 
curves tend to diverge for positions of the camber 
well back. Figure 88 shows that the experimental 
values lie between 87 and 64 percent, approximately, 
of the theoretical. Numerical values of the moment 
coefficient at zero lift are given in table V. 

Figure 89.—Variation of position of constant moment with thickness. Values of 
n for equation Cmeii=Cm0+nCi.. Results for airfoils having normal camber 

positions (0.3c to 0.5c). 

If the resultant of the lift forces acted exactly 
through the quarter-chord point, as predicted by the 
theory of thin airfoils, there would be no additional 
moment due to the lift when the moments are taken 
about this point. The curves of Cmcji against CL, 
however, show a slope in the working range which 
indicates that the axis of constant moment is displaced 
somewhat from the quarter-chord point. The factor n 
represents the amount of this displacement as obtained 
from the deduced slopes of the moment curves in the 

.04 

n 

.02 

0 .2 .4 .6 .8 1.0 
Comber position in fraction of chord 

(Abscissa of maximum mean-tine ordinate) 

Figure 90.—Variation of position of constant moment with camber. Values of n 
for equation Cme/4 = Cm^+nCu Results for 12 percent thick airfoils. 

normal working range. The variation of this dis¬ 
placement with thickness and with camber is shown in 
figures 89 and 90. Table VI gives the numerical 
values. Beyond the stall all the airfoils show a sharp 
increase in the magnitude of the pitching moment. 
The suddenness of this increase follows the degree of 
stability at the stall as indicated by the type of the 

lift-curve peak. 
DRAG 

The total drag of an airfoil is considered as made up 
of the induced drag and the profile drag. Considering 
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the profile drag as the minimum value plus an addi¬ 
tional drag dependent upon the attitude of the airfoil, 
we have in coefficient form 

@D = @Di T {pDtfnin T A(7d0) 

The induced-drag coefficient CDt, which is computed 

by means of the formula given in reference 8, is con¬ 
sidered to be independent of the airfoil section. The 
variation of the profile-drag coefficient with the shape 
variables of the airfoil section is analyzed with respect 

O .04 .08. .12 .16 .20 .24 
Maximum thickness in fraction of chord, t 

Figure 91.—Variation of minimum profile drag with thickness for the symmetrical 
airfoils. 

to the variations of the two components of the profile 
drag. 

Minimum profile drag.—The variation of the mini¬ 
mum profile-drag coefficient with thickness for the 
symmetrical sections is shown in figure 91. The cam¬ 
bered sections show the same general variation with 
thickness but, to avoid confusion, the results are not 
plotted. The variation of the minimum profile-drag 

.008 

k 

.004 

O .2 -4 .6 .8 1.0 
Camber position in fraction of chord 

(Abscissa of maximum mean-tine ordinate) 

Figure 92.—Increase in minimum profile drag due to camber. Results for 12 percent 
thick airfoils. Values of k for equation CD0m%n=k+0.0056+0.01 t+0.1 f2, where fc 

is the increase in CDo„,„ due to camber and t is the maximum thickness in fraction 

of chord. 

coefficient with the profile thickness may bo expressed 

by the empirical relation 

CDomtn = k + 0.0056 + 0.01f + 0.1<2 

where t is the thickness ratio and k (which is approxi¬ 
mately constant for sections having the same mean 
line) represents the increase in Cmmin above that 

computed for the symmetrical section of corresponding 
thickness. The variation of CD^min with camber is 

indicated by the variation of k as shown in figure 92. 
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The effect of camber is small except for the highly 
cambered sections having the maximum camber well 
back. Numerical values of CDomin are given in table VII. 

Additional profile drag.—The additional profile 
drag, which is dependent upon the attitude of the air¬ 
foil, has previously been expressed as a function of the 
lift (reference 4) by the equation 

A6V0 = @D0~ C'D^min — 0.0062 (Cl ~ C'Lopt')2 

where CLopt may be called the optimum lift coefficient; 

that is, the lift coefficient corresponding to the mini¬ 
mum profile-drag coefficient. This equation holds 

This function is represented in figure 93 as the curve 
determined from the results for the symmetrical air¬ 
foils and for the airfoils having a camber of 2 percent 
of the chord. As the camber is increased, the dis¬ 
persion of the plotted points from the curve becomes 
greater. In general the points above the curve corre¬ 
spond to thick sections and sections in which the maxi¬ 
mum camber is well back. The departure from the 
curve becomes greater with increased thickness and 
with a rearward movement of the maximum-camber 
position. The points well below the curve correspond 
to the thin airfoils. 

Figure 93.—Additional profile drag. 

reasonably well for the normally shaped airfoils at 
values of the lift coefficient below unity. 

A convenient practical method of allowing for the 
increased values of CD(j at moderately high values of 

the lift coefficient is to include the additional profile 
drag with the induced drag, as suggested in reference 
2. For the symmetrical airfoils of moderate thickness 
the term to be added to the induced-drag coefficient 
was given as 0.0062 CL2. The relative importance of 
this term may be better appreciated by considering 
that it represents 11.7 percent of the induced drag of 
an elliptical airfoil of aspect ratio 6. The same 
method may also be applied to other airfoils if the 
value of the optimum lift is not too large. 

Andrews (reference 14), using the part of these data 
published in references 2, 4, and 5, suggests for the 
additional profile drag the form 

\^Lmax ^L0J)t/ 

Because the additional profile drag is not a simple 
function of the lift, and also because the results as 
presented in figure 93 are difficult to follow, generalized 
curves for the relation 

are given in figure 94. These curves are given to 
represent more accurately the additional profile drag 
for the normally shaped sections. 

Optimum lift.—The optimum lift, as defined above, 
is the value of the lift corresponding to the minimum 
profile drag. As the determination of this value of the 
lift is largely dependent upon the fairing of the profile- 
drag curves, special curves were faired for this purpose 
on enlarged-scale plots corresponding to certain related 
airfoils grouped together. The values of the optimum 
lift coefficients obtained in this manner are given in 
table VIII. It may be noted by reference to this table 
that the optimum lift coefficient increases with camber 



CHARACTERISTICS OF AIRFOIL SECTIONS FROM TESTS IN VARIABLE-DENSITY WIND TUNNEL 347 

and for the highly cambered sections a definite increase 
accompanies a forward movement of the camber. 

Figure 94.—Additional profile drag as a function of Cl — CloPi. Results are for air¬ 
foils having normal camber positions (0.3c to 0.5c). 

it is not primarily dependent upon the shape of the 
mean line. Nevertheless it is interesting to compare 
the optimum lift coefficients with the values included 
in table VIII representing the theoretical lift coeffi¬ 
cients at the “ideal” angle of attack for the mean 
line; i.e., the angle of attack for which the thin-airfoil 
theory gives a finite velocity at the nose. (See the 
appendix.) 

GENERAL EFFICIENCY 

The general efficiency of an airfoil cannot be ex¬ 
pressed by means of a single number. The ratio of 

(Abscissa of maximum mean-line ordinate) 

Figure 96.—Variation of Cl /Cc.mi* with camber. Results are for 12 percent max 0 

thick airfoils. 

the maximum lift to the minimum profile drag is, how¬ 
ever, of some value as the measure of the efficiency of 
an airfoil section. The variation of this ratio with 
thickness is shown in figure 95. The curves of this 
figure indicate that the highest values of the ratio are 
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Figure 95.—Variation of Cl JCd0 min with thickness. 

More important than these variations, however, is the 
variation with thickness. The rapid decrease in the 
optimum lift with increased thickness indicates that 

given by the sections between 9 and 12 percent of the 
chord thick. The variation with camber, shown in 
figure 96, is less important. An increase in the camber 
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above 2 percent of the chord and a rearward move¬ 
ment of the camber (for the highly cambered sections) 
tend to decrease the value of CLjnaJCDomin. The 

numerical values of the ratio are given in table IX. 

SUPPLEMENTARY AIRFOILS 

For the purpose of investigating briefly the effects 
of certain shape variables other than those discussed 
in the main body of the report, 10 supplementary air¬ 
foils were tested. The airfoil sections were as follows: 
6 symmetrical sections with modified nose shapes, 2 
sections with reflexed mean lines, and 2 sections simu¬ 
lating those of a wing having a flexible trailing edge. 

0 12 3 4 5 6 7 

Leading-edge radius in percent of chord 

Figure 97.—Variation of maximum lift with nose radius. 

Airfoils with modified nose shapes.—The airfoils of 
the first supplementary group investigated were de¬ 
veloped from three of the symmetrical N.A.C.A. family 
airfoils: The N.A.C.A. 0006, the N.A.C.A. 0012, and 
the N.A.C.A. 0018. For each of these basic (or nor¬ 
mal) sections one thinner-nosed section, denoted by 
the suffix T, and one blunter-nosed section, denoted 
by the suffix B, were developed and tested. The 
derivation of each modified section was similar to that 
of the normal section and was accomplished by a sys¬ 
tematic change in the equation that defines the normal 
section. This change is principally a change in the 
nose radius, but it also results in modifications to the 
profile throughout its length, except at the maximum 
ordinate and at the trailing edge. The nose radii of the 
sections in percent of the chord are as follows: 

Section T series Normal B series 

0006 0.10 0.40 1.19 
0012 .40 1.58 3.80 
0018 .89 3. 56 7.15 

The aerodynamic characteristics of the modified 
sections are given in figures 72 to 77. These may be 
compared with the characteristics of the normal sec¬ 
tions given in figures 4, 6, and 8. The maximum lift 
coefficients of the modified and the normal sections 
are plotted against the leading-edge radii in figure 97. 
It is interesting to note that the leading-edge radius is 
very critical in its effect on the maximum lift when 
the radius is small. This critical effect is also indicated 
by the rapid increase in the maximum lift with increas¬ 
ing thickness for the thin sections as shown in figure 85. 

Airfoils with reflexed mean lines.—Previous inves¬ 
tigations have shown that the pitching moment of 
cambered airfoils can be reduced by altering the form 
of the mean line toward the trailing edge, with a con¬ 
sequent loss of maximum lift but only a small reduction 
in drag. In order to compare the characteristics of 
sections of this type with those of the related sections 
of normal form, two airfoils were developed with the 
basic thickness distribution of the N.A.C.A. 0012 dis¬ 
posed about certain mean lines of the form given in 

reference 15 
yc = hx(l-x) (1 — Xt) 

The values of h in this equation were chosen to give a 
camber of 0.02 and the values of A Avere chosen to give 
the airfoil designated the N.A.C.A. 2RT2 a small 
negative moment and the airfoil designated the 
N.A.C.A. 2R212 a small positive moment. Charac¬ 
teristic curves for the two airfoils are given in figures 
78 and 79. The principal characteristics of the sec¬ 
tions may be conveniently compared with those of the 
related symmetrical section, the N.A.C.A. 0012, and 
a related normal section having a camber of 2 percent 
of the chord, the N.A.C.A. 2412, by means of the 
following table arranged in the order of increasing 
pitching-moment coefficients. 

Section ^ ^max C D^min 
CLmax 

CD^min 

2R212 1.47 0.0086 171 0.004 
0012 1.53 .0083 184 -.002 

2R,12 1.53 .0083 184 -.020 
2412 1.62 .0085 190 -.044 

These results indicate that airfoils having reflexed 
mean lines may be of questionable value because of the 
adverse effect of this mean-line shape on the maximum 
lift coefficient. 
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Thickness and camber modifications near the 

trailing edge.—Two airfoils were developed to simu¬ 
late an airfoil having a flexible trailing edge in a straight 
and in a given deflected position. The thickness dis¬ 
tribution is composed of three parts: the forward por¬ 
tion (0 to 0.3c) having the same distribution as the 
N.A.C.A. 0012, the rear portion (from 0.7c to the 
trailing edge) having a thin, uniform value, and the 
central portion joining these two with fair curves. 
As shown in figure 80, the two airfoils differ only in 
the rear portion, the section designated N.A.C.A. 
0012F0 simulating that of a wing having the trailing 
edge deformed for the high-speed condition, and the 
section designated N.A.C.A. 00121^ simulating that 
of the same wing with the trailing edge bent down in a 
circular arc. Curves of the aerodynamic characteris¬ 
tics for both conditions are compared in figure 80. 
Considering the results given by both airfoils as two 
conditions for one airfoil, a very high maximum lift 
with a reasonably low minimum drag is obtained. 

CL 
On this assumption the ratio -p-is 197, slightly 

U D^min 

higher than the value of this ratio given bv the 
N.A.C.A. 2412. 

In order to study the effects of an extreme change in 
the thickness distribution, the principal characteris¬ 
tics of the two sections may be compared with those 
of the related normal sections, the N.A.C.A. 0012 and 
the N.A.C.A. 6712. The maximum lift coefficient is 
little affected by the change in the thickness distribu¬ 
tion, but it is of interest to note (table I) that the slope 
of the lift curve of the N.A.C.A. 0012F0 is slightly 
greater than 2t per radian, as compared with an appre¬ 
ciably lower slope for the N.A.C.A. 0012. The profile 
drag is also affected by the change in the thickness 
distribution. Of the two symmetrical sections, the 
profile drag of the N.A.C.A. 0012F0 is much higher 
than that of the N.A.C.A. 0012 over the entire lift 
range. This is not true, however, for the two cam¬ 
bered sections. Comparing the characteristics of the 
N.A.C.A. 0012Fi with those of the N.A.C.A. 6712, we 
find that at low values of the lift the profile drag of 
the former is much higher, but as the lift increases this 
difference becomes less, and in the high-lift range the 
profile drag of the N.A.C.A. 0012Fi is considerably 
less than that of the N.A.C.A. 6712. 

CONCLUSIONS 

The variation of the aerodynamic characteristics of 
the related airfoils with the geometric characteristics 
investigated may be summarized as follows: 

Variation with thickness ratio: 
1. The slope of the lift curve in the normal working 

range decreases with increased thickness, varying 
from 95 to 81 percent, approximately, of the theoretical 
slope for thin airfoils (!2ir per radian). 

2. The angle of zero lift moves toward zero with 
increased thickness (above 9 to 12 percent of the 
chord thickness ratios). 

3. The highest values of the maximum lift are ob¬ 
tained with sections of normal thickness ratios (9 to 
15 percent). 

4. The greatest instability of the air flow at maxi¬ 
mum lift is encountered with the moderately thick, 
low-cambered sections. 

5. The magnitude of the moment at zero lift de¬ 
creases with increased thickness, varying from 87 to 
64 percent, approximately (for normally shaped air¬ 

foils), of the values obtained by thin-airfoil theory. 
6. The axis of constant moment usually passes 

slightly forward of the quarter-chord point, the dis¬ 
placement increasing with increased thickness. 

7. The minimum profile drag varies with thickness 
approximately in accordance with the expression 

CDomin = Jc + 0.0056 + 0.0 It + 0. It2 

where the value of k depends upon the camber and 1 is 
the ratio of the maximum thickness to the chord. 

8. The optimum lift coefficient (the lift coefficient 
corresponding to the minimum profde-drag coefficient) 
approaches zero as the thickness is increased. 

9. The ratio of the maximum lift to the minimum 
profile drag is highest for airfoils of medium thickness 
ratios (9 to 12 percent). 

Variation with camber: 
1. The slope of the lift curve in the normal working 

range is little aflected by the camber; a slight decrease 
in the slope is indicated as the position of the camber 

moves back. 
2. The angle of zero lift is between 100 and 75 per¬ 

cent, approximately, of the value given by thin-air¬ 
foil theory, the smaller departures being for airfoils 
with the normal camber positions. 

3. The maximum lift increases with increased cam¬ 
ber, the increase being more rapid as the camber 
moves forward or back from a point near the 0.3c 

position. 
4. Greater stability of the air flow at maximum lift 

is obtained with increased camber if the camber is in 

the normal positions (0.3c to 0.5c). 
5. The moment at zero lift is nearly proportional to 

the camber. For any given thickness, the difference 
between the experimental value of the constant of 
proportionality and the value predicted by thin-airfoil 
theory is not appreciably affected by the position of 
the camber except for the sections having the maximum 
camber well back, where the difference becomes 

slightly greater. 
6. The axis of constant moment moves forward as 

the camber moves back. 
7. The minimum profile drag increases with in¬ 

creased camber, and also with a rearward movement 

of the camber. 
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8. The optimum lift cofficient increases with the 
camber and for the highly cambered sections a definite 
increase accompanies a forward movement of the 

camber. 
9. The ratio of the maximum lift to the minimum 

profile drag tends to decrease with increased camber 
(above 2 percent of the chord) and with a rearward 
movement of the camber (for the highly cambered 

sections). 

Langley Memorial Aeronautical Labratory, 

National Advisory Committee for Aeronautics, 

Langley Field, Va., December 20, 1932. 

APPENDIX 

It is proposed in this section of the report to present, 
briefly, a summary of the results of the existing tliin- 
airfoil theory (based on the section mean line) as ap¬ 
plied to the prediction of certain section characteris¬ 
tics. Such a summary is desirable because at present 
the results must be obtained from several different 
sources which give them in a form not easily applied. 
Three characteristics are considered; namely, (1) the 
angle of zero lift aLo, (2) the pitching-moment co¬ 

efficient CmcU, and (3) the “ideal” angle of attack aT, 

or the corresponding lift coefficient CLj, that is, values 

corresponding to the unique condition for which the 
theory gives a finite velocity at the nose of the airfoil. 
(See reference 16.) 

Expressions for lift and moment coefficients may be 
written as follows if the angles are measured in radians: 

Cl = 27r (a aA0) (1) 

CLr = 2x(aI- aL^) (2) 

CmcU ~ 2 ^ aLo) (3) 

If the leading end of the mean line is chosen as the 
origin of coordinates and the trailing end is taken on 
the x axis at £=1, then the parameters aLo, ar, and 

the follow ing integrals 

f y fi(£) dx (4) 
•J 
0 

p1 

“'“J 
0 

I y f2(x) dx (5) 

"-J fv U(x) dx (6) 
o 

where 

7r(l — x) [z(l — x)\M 

i2(^=2w[x(l^xjW (8) 

c , x 4(1 — 2x) 
f3(x)-x[z(l-x)]* (9) 

and y is the ordinate of the mean line at a given abscissa 
x. The integrals (4) and (6) may be shown to be 
identical with the corresponding integrals given by 

Glauert (reference 15) and by Munk (reference 17), 
and integral (5) is given by Theodorsen (reference 16). 

The evaluation of these integrals for the N.A.C.A. 
airfoil sections given in this report was accomplished 
analytically. The values of aLo (changed from 

radians to degrees), Cmcli and CLj, so computed, are 

given in tables III, V, and VIII, respectively, in the 
main body of the report. This method of evaluation, 
however, cannot be applied to many of the commonly 
used sections because they do not have analytically 
defined mean lines; hence, an approximate method 
must be used. A graphical determination gives good 
results and for convenience the values of the three 
functions, (7), (8), and (9), at several values of x, are 
given in the following table: 

X fi(r) ftCr) fcCr) X f.to f2(x) h{i) 

0 
0. 0125 
.0250 
.0500 
.0750 
. 1000 
. 15 
.20 
.25 

— 00 

-2. 901 
-2. 091 
-1.537 
-1.306 
-1. 179 
-1.049 
-.995 
-.980 

OO 

113.15 
39.73 
13. 84 
7.403 
4. 716 
2. 447 
1.492 
.980 

OO 

11. 17 
7.747 
5. 258 
4. 109 
3.395 
2. 496 
1.910 
1.470 

0. 30 
.40 
.50 
.60 
.70 
.80 
.90 
.95 

1.00 

-0. 992 
-1.083 
-1.273 
-1.624 
-2.315 
-3. 979 

-10.61 
-29. 21 
— OO 

0. 662 
.271 

0 
-.271 
-.662 

-1.492 
-4.716 

-13.84 
— OO 

1. Ill 
.520 

0 
-.520 

-1. Ill 
-1.910 
-3. 395 
-5. 258 
— CO 

In general, some difficulty would be expected with 
the graphical method because the values of the above 
functions tend to infinity at the leading and trailing 
edges. Actually, because the ordinates of the mean- 
line extremities are zero, the integrand may approach 
zero, and does at the leading edge for the integral (4), 
and at the leading and trailing edges for the integral (6). 
Difficulty, however, is encountered at the trailing edge 
for the integral (4) and at the leading and trailing edges 
for the integral (5). In order to avoid this difficulty, 
integral (4) is evaluated graphically from £ = 0 to 
x = 0.95, and the increment contributed by the por¬ 
tion from x = 0.95 to £=1 is determined analytically. 
Likewise, integral (5) is evaluated graphically from 
£ = 0.05 to £ = 0.95 and analytically for the extremities. 
The analytical determination of the increments is 
accomplished by assuming the mean line near the 
ends to be of the form 

y = a + bx + cx2 

Evaluating the integrals gives 

A«Lo = - 0.9647/0.95 + 0.0954yi (x = 0.95 to £ = 1) 

A _ f + 0.467t/0 o5 + 0.0472t/o (£ = 0 to £ = 0.05) 
a/ 1 — 0.467^0,95 + 0.04727/1 (£ = 0.95 to £= 1) 

where y0 and y\ are the mean-line slopes at the 
leading and trailing edges, respectively. 
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TABLE I.—IMPORTANT CHARACTERISTICS 

Airfoil Page 

Section characteristics Wing characteristics A.R. 6 Thickness at c.p. at 

4 (C/B) o 

max 

1 

“o at 
^'Lmax 

(deg) 

aL0 

(deg.) 

a d Cl 

0 dao 
(per deg.) 

min 
max 

min 

Cm0 °Dmin {Zj/D) m ax 
Cl at 

(L/D)mai 

0.15 
chord 

0.65 
chord 

Maxi¬ 
mum 

forward 
position 

H 

CLmax 

Percent chord Percent chord 

0006 303 0. 88 13 -0. 1 0.102 0. 0065 135 -0. 002 0. 0065 23.8 0. 31 5.35 4.13 25 25 -0.082 
0009 303 1.27 14 .0 . 101 .0074 172 -.003 .0074 22.9 .36 8.02 6.20 25 25 -.213 
0012 304 1.53 17 .0 .101 .0083 184 -. 002 .0083 22.2 .37 10. 69 8. 27 i 25 25 —. 285 
0015 304 1.53 17 .0 . 100 .0093 164 .000 . 0093 21.2 .40 13. 36 10. 33 i 25 24 -. 279 
0018 305 1.49 17 .0 .098 .0108 138 -.002 ,0108 19. 8 .40 16. 04 12. 40 24 24 —. 285 
0021 305 1.38 17 -.1 .094 .0120 115 -. 001 .0120 18.5 .44 18. 71 14.46 23 23 -.270 
0025 306 1.20 16 .0 .089 .0143 84 -.003 .0143 16.5 . 47 22. 27 17. 22 23 23 -. 233 
2212 306 1.60 16 -1.8 .103 .0087 184 -.029 .0088 22.4 .40 10. 69 8. 25 27 32 -.262 
2306 307 1.04 11 -1.8 .104 .0073 142 -.036 .0075 23.9 .33 5. 36 4. 14 29 38 -.130 
2309 307 1.51 15 -2.0 . 103 .0083 182 -.036 . 0085 22.9 .39 8.04 6.21 28 34 -. 236 
2312 308 1.61 16 -1.9 . 101 .0089 181 -.038 . 0090 22.1 .39 10.71 8. 27 27 34 -.268 
2315 308 1.54 15 -1.7 . 102 .0100 154 -.034 .0100 20.5 .41 13. 38 10.36 27 34 -. 251 
2406 306 1.01 13 -1.7 . 103 .0070 144 -.039 .0074 24.9 .32 5. 34 4.14 29 40 -. 103 
2409 309 1.51 14 -1.7 . 103 .0080 189 -.044 .0082 23. 1 .36 8. 02 6. 20 28 36 —. 242 
2412 310 1.62 17 -1.8 . 101 .0085 190 -.044 .0087 22.5 .39 10.71 8. 27 28 35 -.274 
2415 310 1.55 16 -1.7 .101 .0099 156 -.040 .0100 20.8 .40 13. 39 10.34 28 35 -.262 
2418 311 1.43 15 -1.9 .098 .0112 128 -.037 .0113 19.4 .42 16. 08 12. 39 27 34 -.238 
2421 311 1.35 16 -1.7 .097 .0127 106 -.036 .0128 17.9 .43 18. 75 14.46 27 34 -.229 
2506 312 1.03 15 -2.0 . 103 .0073 141 -.048 .0076 24.2 .36 5.36 4.13 30 44 -.116 
2509 312 1.38 13 -2.0 . 102 .0081 170 -.052 .0083 22.9 .37 8. 04 6.21 29 40 -.207 
2512 313 1.62 17 -2. 1 . 102 .0088 184 -.054 .0091 22.3 .39 10. 70 8. 27 28 37 -.270 
2515 313 1. 53 16 -2.0 .099 .0103 148 -.049 .0104 20.4 .41 13. 38 10. 33 28 37 -.255 
2518 314 1.48 16 -2.0 .096 .0112 132 -.047 .0113 19.1 .42 16.07 12.41 28 36 -.255 
2521 314 1.38 16 -1.8 .095 .0126 109 -.043 . 0126 17.7 .44 18. 72 14.47 28 36 -.233 
2612 315 1.66 17 -2.3 .100 .0089 187 -.060 .0091 22.1 .38 10. 70 8. 26 28 38 -.274 
2712 315 1.68 17 -2.6 . 100 .0090 187 -.075 .0093 22.0 .38 10.69 8. 25 29 41 -.272 
4212 316 1.71 16 -3.4 . 102 .0092 186 -.059 .0100 22.1 .40 10. 70 8. 27 29 38 -.260 
4306 316 1.20 10 -3.8 .103 .0080 150 -.075 .0094 23.7 .38 5. 40 4.14 31 49 -. 141 
4309 317 1.60 15 -3.6 .103 .0089 180 -.073 .0094 22.3 .39 8.09 6.21 29 43 -.236 
4312 317 1.63 16 -3.9 .100 .0095 172 -.075 .0100 21.7 .40 10. 77 8. 27 30 43 -.236 
4315 318 1.56 15 -3.6 .103 .0107 146 -.068 .0108 20.2 .42 13.47 10. 34 29 42 -.233 
4318 318 1.46 14 -3.5 .099 .0119 123 -.065 .0121 19.0 .43 16.14 12.41 29 41 -.225 
4321 319 1.29 15 -3.6 .095 .0134 96 -.057 .0134 17.4 .45 18.81 14. 46 29 41 -. 196 
4406 319 1.23 10 -3.9 .104 .0076 162 -.087 .0089 24.2 .38 5.40 4.16 32 53 -. 144 
4409 320 1.60 15 -3.6 .103 .0086 186 -.086 .0092 22.9 .40 8. 07 6.21 31 46 -.242 
4412 320 1.65 16 -3.9 .100 .0092 179 -.089 .0096 22.1 .40 10.77 8.28 31 45 -.253 
4415 321 1.57 15 -3.8 . 101 .0105 150 -.083 .0108 20.5 .42 13. 45 10. 34 30 45 -.242 
4418 321 1.47 17 -3.7 .096 .0116 127 -.078 .0120 19.2 .43 16.15 12.40 30 44 -.231 
4421 322 1.37 19 -3.4 .093 .0132 104 -.071 .0133 17.7 . 44 18. 79 14.48 30 44 -.222 
4506 322 1.15 13 -4.3 .104 .0087 132 -.109 .0098 22.7 .40 5. 38 4.14 33 63 -.103 
4509 323 1. 56 13 -4. 1 .103 .0093 168 -. 106 .0099 22.0 .40 8.08 6.21 32 52 -.229 
4512 323 1.69 17 -4.2 .097 .0095 178 -.105 .0099 21.7 .40 10. 74 8. 28 31 49 -.262 
4515 324 1.62 17 -4.1 .101 .0113 143 -.097 .0116 19.6 .43 13.44 10. 35 31 48 -.253 
4518 324 1.54 17 -3.9 .096 .0125 123 -.094 .0126 18.4 .43 16.14 12.41 31 48 -.244 
4521 325 1.46 19 -3.4 .095 .0138 106 -.082 .0138 17.2 .45 18.80 14.47 30 46 -.244 
4612 325 1.76 17 -4.6 .098 .0099 178 -.124 .0105 21.1 .41 10. 73 8. 27 31 52 -.275 
4712 326 1.82 18 -5.0 .097 .0104 175 -.143 .0110 20.7 .41 10. 74 8. 26 32 55 -.290 
6212 325 1.75 14 -5.2 . 100 .0101 173 3-.087 .0117 20.9 .44 10.78 8.29 30 44 -.240 
6306 327 1.54 12 3-5.2 . 105 .0002 167 3—. 109 .0177 21.6 .42 5. 47 4. 15 32 54 -.187 
6309 327 1.67 13 —5.4 . 104 .0101 165 -.110 .0116 21.1 .'42 8. 18 6. 23 32 51 -.213 
6312 328 1.66 14 -5.5 .101 .0102 163 -.110 .0115 20.9 .44 10. 86 8.29 31 51 -.218 
6315 328 1.55 13 -5.4 .101 .0120 129 -. 105 .0125 19.3 .45 13. 58 10. 37 32 52 -.214 
6318 329 1.43 13 -5.2 .098 .0130 110 -.097 .0133 18.4 .45 16. 27 12.44 32 50 -.209 
6321 329 1.37 17 -5.2 .096 .0144 95 -.090 .0145 17.0 .47 18. 92 14.51 31 50 -.214 
6406 330 1.43 9 -5.6 .104 .0086 166 3-. 129 .0139 22.6 .42 5.42 4.15 34 62 -. 157 
6409 330 1.68 15 -5.9 . 101 . 0094 179 -. 133 .0113 21.6 .42 8. 14 6. 21 33 57 -. 225 
6412 331 1.67 15 -5.7 .101 .0104 160 -. 132 .0117 20.8 .42 10. 85 8.29 33 56 -.242 
4415 331 1.59 17 -5.7 .099 .0120 133 -.125 .0127 19.2 .45 13. 55 10. 36 33 56 -.238 
6418 332 1.51 18 -5.7 .099 .0132 114 -.118 .0137 18.1 .45 16.28 12.43 33 55 -.231 
6421 332 1.41 18 -5.2 .096 .0146 97 -. 110 .0148 16.9 .46 18.96 14.50 33 54 -.224 
6506 333 1.29 10 2-6.3 .101 .0093 139 3-. 159 .0122 21.6 .42 5.41 4. 14 35 74 -. 121 
6509 333 1.71 15 -6.3 . 103 .0100 171 -. 158 .0119 21.0 .43 8.14 6.21 34 62 -.236 
6512 334 1.75 17 -6.2 . 101 .0106 165 3—. 159 .0119 20.6 .42 10. 84 8. 30 33 60 -.257 
6515 334 1.67 18 -6.0 .099 .0127 132 3~. 150 .0134 18.7 .44 13.53 10. 36 33 59 -.253 
6518 335 1.61 18 -5.7 .095 .0141 114 -.139 .0142 17.4 .46 16. 22 12. 44 33 58 -.251 
6521 335 1.49 19 -5.3 .094 .0154 97 -.129 . 0155 16.0 .47 18.92 14.49 33 57 -.233 
6612 336 1.83 17 -6.6 .099 .0114 161 3—. 186 .0124 19.8 .43 10. 80 8.28 33 64 -.270 
6712 336 1.95 18 -7.0 .097 .0126 155 3-. 206 .0135 18.6 .45 10.76 8. 27 34 65 -.289 

0006T 337 .85 13 -. 1 .100 .0069 123 .005 .0069 18.7 .23 5.09 3. 84 i 24 21 -.028 
0006B 337 1.06 11 .0 . 104 .0076 139 .005 .0076 22.5 .34 5. 74 4. 57 i 24 22 -. 162 
0012T 338 1.03 12 -. 1 .099 .0082 126 .001 .0082 21.5 .36 10.19 7.68 i 25 24 -. 178 
0012B 338 1.50 16 .0 .101 .0095 158 .000 .0095 20.8 .40 11.48 9.13 i 24 23 -. 275 
0018T 339 1.29 15 .1 .098 .0102 127 .000 .0102 19.3 .41 15.28 11.52 i 25 24 -.238 
0018B 339 1.40 16 .0 .097 .0122 115 .001 .0122 18.2 .44 17.23 13.70 i 23 22 -.272 

2Ril2 340 1.53 16 -1.5 .101 .0083 184 -.020 .0086 22.8 .38 10. 70 8.26 26 29 -.264 
2Ra12 340 1.47 16 -.6 .102 .0086 171 .004 .0U87 22.2 .38 10. 71 8. 25 i 25 23 -.257 

0012Fo 341 1.53 15 -.2 . Ill .0104 147 .000 .0104 19.5 .42 10. 70 i 26 25 -.238 
0012F, 341 2.05 12 -11.7 .099 .0139 147 -. 199 .0184 17.6 .55 10.70 34 68 -.189 

1 Based on % Cimax. 

2 Based on straight portion of lift curve extended. See curve for actual value. 
3 Based on straight portion of moment curve extended. See curve for actual value. 
4 Ratio of the chord component to the beam component of the air forces to be used for the high angle of attack condition if the plane of the drag truss is parallel to the 

airfoil chord. C/B should be calculated when the plane of the drag truss is not parallel to the chord. 

C/B=tan [tan-' {.C/B) o—f«] or 

where it is the angle of in¬ 
cidence of the drag truss 
with respect to the airfoil 
chord. 

C/B 
(C/B)o+ft 

1—k (C/B)o 
where fc is the slope 
of the drag truss with 
respect to the airfoil 
chord. 
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dr* 
TABLE II.—SLOPE OF LIFT CURVE, a0 =^ (PER DEG-) 

\ Thickness 
\ designa- 
\ tion 

Cam- \ 
her des- \ 
ignation 

00 09 12 15 18 21 25 112 

oo . 0.102 0. 101 0.101 0.100 0.098 0.094 0.089 0.101 

22 _ . 103 
23 . 104 .103 . 102 . 102 . 101 
24 . . 103 . 103 .103 . 101 .098 .097 . 101 
25. _ .103 .102 . 102 .099 .096 .095 . 102 
20 .100 
27__ . . 100 

42 _ . 102 
43_ .103 . 103 . 102 .103 .099 .095 .100 
44 . _ . 104 . 103 . 100 .101 .096 .093 . 100 
45 . 104 . 103 .101 .101 .096 .095 .097 
46 .098 
47 .097 

62 . .100 
63. . 105 . 104 . 102 . 101 .098 .096 .101 
64 . 104 .101 .102 .099 .099 .096 . 101 
65 .. . 101 . 103 . 101 .099 .095 .094 .101 
06 _ .099 
67 . .097 

i Additional tests to determine variation with camber. 

TABLE IV—MAXIMUM LIFT COEFFICIENT, CL • max 

\ 
Thickness 
- designa¬ 

tion 
Cam 
her des- \ 
ignation 

06 09 12 15 18 21 25 12 

00. '0.88 ‘1.27 “1.53 ‘1.53 ‘1.49 “1.38 ‘1.20 “1.53 

‘ 1. 60 
‘1.61 
‘ 1.62 
‘1.62 
‘1.66 
‘1.68 

“1.71 
‘1.63 
c 1.65 
‘1.69 
‘ 1. 76 
“ 1.82 

‘1.75 
‘1.66 
'1.67 
«1. 75 
» 1.83 
“1.95 

22... 
23.. ' 1.04 

'1.01 
'1.03 

“1. 51 
‘1.51 
'1.38 

‘1.60 
‘ 1.59 
‘1.60 

‘ 1.54 
‘1.55 
‘1.53 

24.. ‘1.43 
' 1.48 

'1.35 
‘1.38 25.... 

26.... 
27.. 

42. 
43... '1.20 

' 1.23 
' 1.15 

‘ 1.60 
‘1.60 
' 1.56 

‘1.63 
' 1.61 
‘1.69 

‘1.56 
' 1.57 
'1.62 

‘ 1.46 
'1.47 
' 1. 54 . 

'1.29 
'1.37 
'1.46 

44.. 
45..... 
46. 
47 

62. 
63.. e 1.54 

0 1. 43 
'1.29 

‘1.67 
'1.68 
' 1.71 

‘1.64 
'1.65 
» 1. 75 

‘ 1.55 
'1.59 
' 1.67 

' 1.43 
'1.51 
'1.61 

'1.37 
'1.41 
'1.49 

64. 
65. 
66.. 
67.. 

TABLE III—ANGLE OF ZERO LIFT, (DEGREES) 

\ Thickness 
designa¬ 

tion 
Cam¬ 
ber des¬ 
ignation 

06 09 12 15 18 21 25 12 Theor. 

00..... -0.1 0.0 0.0 0.0 0.0 -0.1 0.0 0.0 0 

22.. -1.8 -1.80 
23... —1.8 -2.0 -1.7 -1. 7 -1.9 -1.92 
24.- — 1.7 -1.7 -1. 7 -1.7 -1.9 -1.7 -1.8 -2.08 
25. —2.0 -2.0 -2.0 -2.0 -2.0 -1.8 -2.1 -2.29 
26. -2.3 -2.59 
27. -2.6 -3.04 

42.. -3.4 -3.60 
43_ —3. 8 —3.6 -3.7 -3.6 -3.5 -3.6 -3.9 -3.84 
44. —3.9 -3.6 -3. 9 -3.8 -3.7 -3.4 -3.9 -4.15 
45...... -4.3 -4.1 -4.0 -4.1 -3.9 -3.4 -4.2 -4.58 
46.. -4.6 -5.18 
47.. -5.0 -6.09 

62. -5.2 -5. 40 
63. >-5.2 -5.4 -5.4 -5.4 -5.2 -5.2 -5.5 -5.75 
64_ —5. 6 -5.9 -5.7 -5.7 -5.7 -5.2 -5.7 -6.23 
65. 1—6.3 -6.3 -6.3 -6. 0 -5.7 -5.3 -6.2 -6.88 
66. -6.6 -7.78 
67... -7.0 -9.13 

Note.—Letter indicates type of lift curve peak. 

1 Based on straight portion of lift curve extended. See curve for actual value. 
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TABLE V.—MOMENT COEFFICIENT AT ZERO LIFT, CmQ 

\ Thickness 
\ designa- 
\ tion 

Cam- \ 
ber des- \ 
ignation \ 

06 09 12 15 18 21 25 12 Theor. 

00.. -0. 002 -0.003 -0. 002 0.000 -0.002 -0. 001 -0.003 -0.002 0 

22 -0.029 -0.0370 
23 -. 036 -.036 -.036 -.034 -.038 -.0447 
24 -.039 -.044 -.042 -.040 -.037 -.036 -.044 -.0531 
25 -.048 -.052 -.050 -.049 -.047 -.043 -.054 -. 0628 
26 -.060 -. 0749 
27 -.075 -. 0912 

42 -.059 -. 0739 
43 -.075 -.073 -.072 -.068 -.065 -.057 -.075 -.0894 
44 -.087 -.086 -.087 -.083 -.078 -.071 -.089 -. 1062 
45 -. 109 -. 106 -.102 -.097 -.094 -.082 -. 105 -. 1257 
46 -. 124 -. 1497 
47 -. 143 -. 1825 

62 i -. 087 -. 1109 
63 1 -. 109 -. 110 -. 108 -.105 -.097 -. 090 -. 110 -. 1342 
64 i -. 129 -. 133 -. 129 -. 125 -. 118 -. 110 -.132 -. 1594 
65 1 -. 159 -. 158 -. 154 1-. 150 -.139 -. 129 1 -. 159 -. 1885 
66 1 -. 186 -. 2246 
67 1 -.206 -. 2737 

1 Based on straight portion of moment curve extended. See curve for actual value. 

TABLE VI.—DISPLACEMENT OF CONSTANT MOMENT 
POSITION IN PERCENT CHORD AHEAD OF QUAR¬ 
TER-CHORD POINT (100 TIMES VALUES OF n FOR 
EQUATION Cmen = Cmo+nCL) 

\ 
\ Thickness 
\ designa- 
\ tion 

Cam- \ 
ber des- \ 
ignation \ 

06 09 12 15 18 21 25 12 

00..... 0.7 0.7 0.9 1.1 1.4 1.8 2. 6 0.9 

22 .4 
23 .3 .3 .3 .5 .5 
24 . 1 .3 .4 .7 1.0 1.5 .6 
25 .0 .2 .3 .6 1.0 1.7 .7 
26..... .8 
27 .. .8 

42 .3 
43. .3 .4 . 5 .7 1.2 1.6 .4 
44__ .3 .3 . 5 1.0 1.4 1.7 .5 
45__ .3 .3 .8 .9 1.4 1.7 1.0 
46 1. 1 
47.. 1.3 

62.. .2 
63... -.4 . 1 .4 .9 1.1 1.5 .5 
64 .. -.7 .0 . 6 .9 1.3 1.7 .8 
65.... .0 .0 .7 1.6 1.8 1.9 1 5 
66__ 2.0 
67.. 2. 1 

TABLE VIII.—OPTIMUM LIFT COEFFICIENT, CLopt 

\ 
\ Thickness 
\ designa- 
\ tion 

Cam- \ 
ber des- \ 
ignation \ 

06 09 12 15 18 21 25 12 'CL 
LI 

00_ 0.00 0.00 0.00 0.00 0.00 0.00 0.00 0.00 0 

22.. . 17 0. 308 
23. .17 . 18 . 10 . 10 . 15 .272 
24... . .23 . 17 . 15 . 12 . 11 .07 . 20 . 256 
25_ . 18 . 16 . 15 . 11 .08 .03 .23 . 251 
26.. . 20 . 256 
27... .20 . 272 

42... .35 .616 
43. ... .35 .30 .23 . 12 .20 .05 .34 . 544 
44__ .40 .36 .33 .22 . 16 . 10 .32 . 512 
45. .40 .34 .27 .22 .16 .08 .30 .502 
46_ .30 . 512 
47_ . 33 . 544 

62.. . 55 .923 
63__ .63 .45 .40 .33 .24 . 13 . 47 .816 
64_ .60 .55 .42 .33 .24 . 15 . 45 .767 
65_ .60 .53 .42 .33 .24 . 10 . 45 .754 
66... .38 .767 
67_ . 30 . 816 

1 Theoretical lift coefficient at “ideal” angle of attack. 

TABLE VII.—MINIMUM PROFILE-DRAG COEFFI¬ 
CIENT, CDomin 

\ Thickness 
\ designa- 
\ tion 

Cam- \ 
ber des- \ 
ignation \ 

\ 

06 09 12 15 18 21 25 12 

00. 0. 0065 0.0074 0.0083 0.0093 0.0108 0.0120 0.0143 0.0083 

22. .0087 
23 .. .0073 .0083 .0088 .0100 .0089 
24.. .0070 .0080 .0090 .0099 .0112 .0127 .0085 
25. .0073 .0081 .0089 .0103 .0112 .0126 .0088 
26 . .0089 
27. .0090 

42. .0092 
43.. .0080 .0089 .0101 .0107 .0119 .0134 .0095 
44.. .0076 .0086 .0095 .0105 .0116 .0132 .0092 
45... .0087 .0093 .0103 .0113 .0125 .0138 .0095 
46.. .0099 
47.. .0104 

62. .0101 
63.. .0092 .0101 .0108 .0120 .0130 .0144 .0102 
64 .. .0086 .0094 .0104 .0120 .0132 .0146 .0104 
65.. . 0093 .0100 .0111 .0127 .0141 .0154 .0106 
66. .0114 
67. .0126 

TABLE IX.—RATIO OF MAXIMUM LIFT COEFFICIENT 
TO MINIMUM PROFILE-DRAG COEFFICIENT, 
CLmax /C,D0mtn 

\ Thickness 
\ designa- 
\ tion 

Cam- \ 
ber des- \ 
ignation \ 

06 09 12 15 18 21 25 12 

00 ... 135 172 184 164 138 115 84 184 

22 .. 184 
23.. 142 182 182 154 181 
24.. 144 189 177 156 128 106 190 
25 . 141 170 180 148 132 109 184 
26.. 187 
27 . 187 

42 . 186 
43... 150 180 161 146 123 96 172 
44 _ 162 186 170 150 127 104 179 
45. 132 168 164 143 123 106 178 
46 _ 178 
47 .. 175 

62 173 
63... 167 165 152 129 110 95 163 
64.... 166 179 159 133 114 97 160 
65.. 139 171 158 132 114 97 165 
66_ 161 
67.. 155 
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INTERFERENCE ON AN AIRFOIL OF FINITE SPAN IN AN OPEN RECTANGULAR 
WIND TUNNEL 

By Theodore Theodorsen 

SUMMARY 

The wall interference on an airfoil of finite span in 
an open-throat rectangular section has been treated 
theoretically and the result is presented in a convenient 
formula. Numerical results are given in tables and 

diagrams. 
INTRODUCTION 

Recently a number of investigators have been en¬ 
gaged in the study of wind-tunnel wall interference. 
Until a short time ago the only results available were 
the interference in a circular section by Prandtl (ref¬ 
erence 1) and the closed rectangular section by Glauert 
(reference 2) with the latter result valid for small 
spans. The author (reference 3) then added the general 
theory for rectangular sections. Of particular interest 
was the interference in an open rectangular section. 

These results were also restricted to small spans. Some 
time ago Terazawa (reference 4) and subsequently 
Itosenhead (reference 5) solved the problem of the 
interference on an airfoil of finite span in a closed rec¬ 
tangular tunnel. It remained for Glauert to bring the 
result into a form more suitable for calculation; the 
results are given in reference 6. A very interesting 
paper by Sanuki and Tani (reference 7) then produced 
the interference for the elliptic tunnels both open and 
closed and for airfoils of any span. In the meantime 
Glauert (reference 8) had already solved the particular 
case of small spans. It thus appears that the only case 
not available is the interference on an airfoil of finite 
span in an open rectangular tunnel. This problem will 

be studied in the following. 

THE WALL INTERFERENCE ON AN AIRFOIL OF FINITE 
SPAN IN AN OPEN RECTANGULAR TUNNEL 

In figure 1, r represents one of the semi-infinite 
trailing vortices of an airfoil. The airfoil is located 
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Figure ]. 

symmetrically in the tunnel which is of the open, or 
free-jet, type. 

Mathematically the problem is now to find a stream 
function, regular in the interior of the rectangle, and 
satisfying the boundary condition of zero tangential 
velocity. The problem leads to elliptic functions due 
to the double periodicity. It is fortunately possible to 
obtain the result directly by locating a number of sin¬ 
gular points in the exterior region. The arrangement of 
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Figure 2. 

these singular points is shown in figure 2. The singu¬ 
lar points are obviously vortices of strength T. The 
tangential velocity is seen to be zero along all bound- 

| y 

9 

9 

5 

9 

Figure 3. 

aries of the section by virtue of the existing complete 
symmetry with respect to each and all boundaries. 

We can therefore proceed to consider the stream 
function due to the external vortex filaments. I his 
function is known for a single infinite row of equidistant 
vortices. (See reference 9, p. 207.) We shall put 
down the velocity function for an infinite vertical row 

355 



356 REPORT NATIONAL ADVISORY COMMITTEE FOR AERONAUTICS 

of semi-infinite vortex filaments at x = 0 and with a 

spacing of h (fig. 3). This is 

r 
V — ~\}h~ 

. . 2lTX 
smli —j— 

. 2xz 27T?/ 
cosh —r— cos 

where v is the vertical velocity. 

We simplify the result by putting the x axis through 
the vortex representing the airfoil. This permits us 

to put y = 0 in the formula, which becomes 

sinli 
27rZ 

V = 
h V 

4h , 2xz 
cosli 

I , , XX 
or rr cot II ~r 

4 h h 
h 

Following Terazawa, we shall now find the total 
downflow due to this row of vortex filaments by in¬ 
tegrating along the x axis. Thus 

D = fvdx = f ^ coth y dx = —_ log sinli ^ 

We shall now extend the result to include two vertical 
rows as in figure 4. Both rows extend from minus to 

Figure 4. 

plus infinity; the second row contains filaments of 
negative sign. The distance between the rows, is 2s. 
Let the original row be located at + s and the negative 
one at — s, respectively, so that the middle point is 
located at the origin. The stream function now 
becomes 

r 
D = -r~ log sinli 

4 X 
X 

(x-8) 

h 
— log sinli x 

4x 
(z T s) 

h 

-r-iog 4x ° 

. , (x + s) 
sinh x —7— 

h 

sinh x- 
(x-s) 

h 

(1) 

We may now complete figure 1 by adding the nega¬ 
tive vortex filaments as in figure 5. The boundary 
condition is, of course, still satisfied in proper manner. 
Notice that we have a number of double rows like the 
one just considered. We expect to calculate the total 
downflow between — s and +s at the location of the 
airfoil, y — 0. Because of the right-left symmetry, it 
is only necessary to determine the downflow between 

x——s and x = due to all vortex rows located on 

one side of the y axis. Now, however, the contribu¬ 
tion to this downflow due to a certain double row, say 

the nth, is numerically the same as the downflow at 
the location of the nth row caused by the double row 
at the origin. It is therefore only necessary to cal¬ 
culate the downflow of this double row located at the 
origin between the limits x — nb — s and x = 7ib + s. 

To obtain the actual downflow due to the first 
exterior double row at x = b, we simply put in the 

V 
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Figure 5. 

limits x = b — s and x = b + s in our equation (1). This 
gives as the downflow due to this row 

S' 

. , b + 2s . . b 
sinh x —r— sinli x -r 

h , h 
-T-log 

sinh x sinh x 
b — 2s 

4 x 

. , b + 2s . , b — 2s 
sinh x —i— sinh x 

h h 

sinli2 x 
h 

sinh2 x 
1- 

2s' 
h 

sinli2 x t 
h 

For the nth double row consequently 

*>-£(-!)• log I I 
sinh2 x 

2s' 
h 

sinh2 x ~ 
h 

and for the entire downflow due to all rows from 
x = — co tox= + co; except the one at the origin, 

D 
sinli2 x ^ 

sinli2 
nb (2) 

x 
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The double row located at the origin requires a 
separate treatment. We desire to find the effect of 
the exterior vortices only; we must therefore eliminate 
the effect of the vortex pair representing the airfoil 

at y — 0. 
The vertical-flow velocity of one semi-infinite vortex 

FI 
at the origin is ^-Integrated, this gives the down- 

47r X 

flow 

I) = -5- Iqct X 
U Air 

Putting a positive vortex at — s and a negative 

vortex at + s leads to a total downflow 

I , x + s 
D = j- log- 

Air bX—S 

By adding this expression to (1) we obtain the 

desired result 
x + s 

sinli tr 

X + S 

Dx = — ~ lo 
Air 

7T ' 

sinh 
x — s 

7T 

x — s 
7r 

We may now put in the limits x = — s to x— + s, 
which gives the downflow of the zero double row 

~:u■ log 

sinh 
is 

7T 
h 

2tr 2s 
7T 

By adding the equations (2) and (3) we obtain 

finally: 

sinh2 ttj \\ 

sinh2 7r 
nb 
hi 

where \p represents the negative of the quantity in 

the brackets. 
By means of the relation 

Y2spV=\cLpV*S 

where V is the velocity, p the density of the medium, 

and S the area of the airfoil, we obtain 

r_CxVS 
As 

The angle of deflection of the air stream is given by 

v D _CLS , 
e~V~2sV 16s27r ^ 

or, with bh = C, the cross-sectional area of the jet, and 

^ = r, the ratio of tunnel width to tunnel height, 

e = _±__^Cz$s 
C , (2s 

\b 
4tt( T- Is-r 

C 

where 5 is the wall correction factor as conventionally 
defined. 

2 s . . 
Introducing the ratio of the span of the airfoil 

to the width of the tunnel, we obtain the final result 

8= - 

_1 
Airra 

sinh 7ito 

7r ra 
+ 1 

sinh27rra- 

sinh27rnr 

Table I and figure 6 give the numerical results of 
the boundary correction factor 8 for various spans 
a for the height-width ratios of practical importance. 
The series converges so rapidly that the third term 
already is negligible. Notice that the correction in the 

d 
Figure 6.—Boundary correction factor S against the span ratio a for open rectangu 

lar wind tunnels of various height-width ratios, h/b. 

square tunnel remains practically constant while the 
2:1 tunnel shows a considerable change with the span. 
The results are strictly true for a constant span load¬ 
ing; however, the vortices V may be considered to 
represent the centers of the trailing tip-vortex systems 
and the results thus be extended to include any nor¬ 
mal span loading with an accuracy sufficient for all 

practical purposes. 
It is interesting to determine the above expression 

for s-^0. 
It appears in the form 

1 
- 1 in . , 97rnb 

Slllll2-^- 

or exactly as given for this case by the formula (VIII) 
on page 6 and by case II on page 8 of a previous report 

(reference 3) by the author. 

Langley Memorial Aeronautical Laboratory, 

National Advisory Committee for Aeronautics, 

Langley Field, Va., April 20, 1933. 
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TABLE I.—CORRECTION FACTOR 8 IN OPEN-THROAT 
RECTANGULAR WIND TUNNELS 

h 2s 
X=6 *> II 

°-
| 5 

0 0. 137 
.2 . 137 

1.0 . 4 . 1375 
.6 . 139 
.8 .151 

0 0.149 
.2 . 145 

.9 . 4 . 142 
.6 . 141 
.8 .1515 

0 0.171 
.2 . 102 

.8 .4 . 150 
.6 . 149 
.8 . 152 

0 0.192 
.2 . 183 

.7 .4 . 172 
.6 . 160 
.8 . 158 

0 0. 222 
.2 .211 

.6 .4 . 194 
.6 .175 
.8 . 164 

0 0.262 
Q .249 

.5 .4 . 222 
.6 . 183 
.8 . 1745 
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TESTS OF NACELLE-PROPELLER COMBINATIONS IN VARIOUS POSITIONS 
WITH REFERENCE TO WINGS. Ill—CLARK Y WING—VARIOUS 

RADIAL-ENGINE COWLINGS—TRACTOR PROPELLER 

By Donald H. Wood 

SUMMARY 

This report is the third of a series giving the results 
obtained in the 20-foot wind tunnel of the National Ad¬ 
visory Committee for Aeronautics on the interference 
drag and propulsive efficiency of nacelle-propeller-wing 
combinations. The first report gave the results of the 
tests of an N.A.C.A. cowled air-cooled engine nacelle 
with tractor propeller located in 21 positions with refer¬ 
ence to a thick wing. The second report gave the results 
for several engine cowlings and nacelles with tractor pro¬ 
peller located in four positions with reference to the same 
wing. The present report gives results of tests of the 
same nacelles and cowlings in the same positions with 
reference to a smaller wing of Clark Y section. 

The wing had a 38-inch chord and a 15-foot-10-inch 
span. The engine was a 4,19-scale model of a Wright 
J-5 radial air-cooled engine. Tests were made with a 
small nacelle with exposed engine cylinders, with a nar¬ 
row variable-angle cowling ring, and with a hood taken 
from an N.A.C.A. cowled nacelle. Tests were also made 
with the N.A.C.A. cowled nacelle complete and with a 
smooth body forming the nacelle. The propeller was a 
4-foot-diameter model of the Navy No. 441® adjustable- 
pitch metal propeller. 

The lift, drag, and propulsive efficiency were deter¬ 
mined at several angles of attack for each cowling and in 
each nacelle location. The net efficiency was computed 
by the methods of N.A.C.A. Report 415, and the results 
are compared with those of that report and of N.A.C.A. 
Report 436. 

1 he results of the tests with the Clark Y wing are in 
general agreement with those obtained using a thick wing. 
The N.A.C.A. cowled nacelle located directly ahead of 
the wing is the best tractor-nacelle arrangement. Analysis 
of the results shows that the net efficiency is but little 
affected by the airfoil section of the wing if the nacelles 
are located the same fraction of the chord from the leading 
edge. The gain in efficiency due to cowling the engine is 
so much greater than the gain due to proper nacelle loca¬ 
tion that it is advisable to cowl radial engines carefully 
before attempting to take advantage of the favorable 
effects of locating the nacelle ahead of the wing. The 
proper location of nacelles and careful cowling are im¬ 
portant in the high-speed range of flight, but in the lower 

speed ranges there is little advantage of one nacelle posi¬ 
tion or cowling over another. 

INTRODUCTION 

This report is the third of a series giving the results 
of a general investigation of the mutual effects of 
wings, nacelles, and propellers. The program, origi¬ 
nally presented at the Fourth Annual Aircraft Engi¬ 
neering Research Conference in May 1929, has been 
modified and extended from time to time, and now 
includes nacelles with tractor, pusher, and tandem 
propellers, and biplane as well as monoplane wings. 
Tests have been made with several propeller pitch 
settings and with numerous types of air-cooled engine 
cowlings. Later tests will give results on nacelles and 
cowlings for liquid-cooled engines. 

The first report (reference 1) gave the results ob¬ 
tained with an N.A.C.A. cowled air-cooled engine 
nacelle and tractor piopeller located in 21 positions 
with reference to a thick monoplane wing. The sec¬ 
ond report (reference 2) gave the results for several 
engine cowlings and nacelles with tractor propeller 
located in four positions with respect to the same 
wing. 

The thick wing used in the early tests was designed 
to be comparable to the portion of the wing where the 
nacelles are located on unbraced monoplanes.' In 
many installations thinner wings are used and it was 
considered advisable to determine in a general way the 
effect of using a smaller wing. 

This third report therefore presents the results ob¬ 
tained with the same engine nacelles that were used on 
the thick wing and with several of the same variations 
in cowling. The nacelles were so located that the pro¬ 
peller was the same distances from the wing as in the 
tests of reference 2. The wing had a Clark Y section 
of considerably narrower chord than the thick wing. 
Additional results were also obtained with a smooth 
body located in the 4 positions previously mentioned, 
and in 3 other positions farther from the wing. These 
latter results are useful in indicating the effect of body 
shape on the nacelle-propeller performance. 

As pointed out in the previous reports, the nacelle 
positions tested represent the best location, directly 

359 
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ahead of the wing, and three other positions which 
have been quite commonly used in airplanes in the past. 
The number of positions was limited to some extent by 
the necessity of reducing the number of tests because 
of the time required. In any event, actual airplanes 
employ nacelle and wing arrangements which, because 
of practical considerations, will differ from those tested 
however detailed the program may be. 

In all the reports of the investigation the same sys¬ 
tem of presenting the results is being used. Detailed 
information is included in the tables in the event that 
the reader may wish to reduce the results by other 
methods. This report completes the presentation of 
the information obtained on tractor propellors with 
radial engines and cowlings. 

APPARATUS AND METHODS 

The propeller-research tunnel, in which the tests 
were made, is described in reference 3. Standard 

/in 

Section C-C 

Section B~B 

Figure l.—Small nacelle and engine assembly. 
Section A -A 

apparatus and test methods were used, with certain 
exceptions mentioned later. 

The wing was constructed of wood with a 38-inch 
chord and a 15-foot 10-inch span (aspect ratio 5). 
This span was the largest that could be conveniently 
accommodated in the wind tunnel. The airfoil sec¬ 
tion was the Clark Y, which has a maximum thickness 
of 11.68 percent of the chord. The ordinates of this 
section are so well known that they are not repeated 
here. The central portion of the wing was provided 
with suitable metal ribs and plates for the connection 
of the struts required in attaching the nacelle to the 
wing. 

The engine nacelles, constructed of sheet duralumin, 
were similar to nacelles required for a Wright J-5 

radial engine, and were four-ninths (0.445) full scale. 
A detailed wooden model of this engine was installed 
in the proper position in the nacelles. One nacelle, 
constructed with the dimensions given in figure 1 
and called “small nacelle”, represents a normal 
nacelle such as is employed when the engine is un- 
cowled. A larger nacelle fitted with a hood, the 
nacelle and hood constituting an N.A.C.A. cowled 
nacelle, was also used in some of the tests. The 
principal dimensions of this nacelle and the hood are 
given in figure 2. A third nacelle, called a “smooth 
body”, was also used in some tests. The dimensions 
of this body are given in figure 3. It may be men¬ 
tioned that the small nacelle and the N.A.C.A. cowled 
nacelle are identical with those used in the tests of 
references 1 and 2. 

Tests were also made with the small nacelle fitted 
with the N.A.C.A. hood mentioned previously, and 
with a variable-angle ring. The ring was so con¬ 

structed that the angle of its inner 
surface with reference to the thrust axis 
could be adjusted, and in these tests 
this angle was made — 8°. This ring is 
identical with that used in tests of ref¬ 
erence 2; its dimensions are given in 
figure 4. In all the tests with the varia¬ 
ble-angle ring the leading edge was lo¬ 
cated 5% inches ahead of the center line 
of the engine cylinders. 

The propeller, which is 4 feet in di¬ 
ameter, is geometrically similar to the 
Navy No. 4412,9-foot-diameter aluminum 
alloy propeller. A number of full-scale 
tests of this propeller have been made 
and are described in reference 4. The 
blades may be turned in the hub to give 
different pitch settings. In the tests 
discussed here the pitch setting was 17° 
at 0.75 R, which is about average for 
usual operating conditions. This is the 
same pitch used in the tests of references 
1 and 2, and the results of the propeller 

tests are therefore directly comparable. 
For driving this propeller, a 25-liorsepower 220-volt 

direct-current motor was mounted within the nacelle. 
Wires were led from the motor down the struts into the 
wing and along the supporting members to the control 
equipment on the floor below. The wires were 
carefully taped to the struts, and subsequent tests 
indicated a negligible effect on the tare drag. In a 
few of the first tests the wires were carried to the 
nacelle through a separate streamline strut. A 
Prony brake was used for calibrating the motor, and 
curves were obtained giving armature current against 
torque for several values of the field current. During 
the tests the field current was held at one of these 
calibrated values. Revolution speed was indicated by 
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a condenser-type electric tachometer connected by 
wires to an indicating instrument on the control board. 

The wing-nacelle-propeller combinations with the 
various cowlings were tested with the nacelle and wing 

in the tests of reference 1. The nacelle positions are 
designated by the system of letters shown. 

The wing and nacelle combinations were mounted on 
the balance by means of standard supports, which have 

HTZ? 

Section A-A Section B-B Section C-C Section D-D 

Figure 2.—N.A.C.A. cowled nacelle and engine assembly. 

in the relative positions marked in figure 5. In the 
figure the crosses and circles indicate the positions of 
the center line of the propeller hub in the present tests. 
The crosses alone indicate other nacelle locations used 

been described in reference 5. With these supports 
the airfoil pivots about a line near the lower surface 
25 percent of the chord back from the leading edge, and 
the angle of attack is adjusted by a crank operating a 

40768—34 24 
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post connected with a sting on the airfoil. The airfoil 
and nacelle mounted in one test position are shown in 
figure 6. Figures 7, 8, 9, 10, and 11 are photographs 
of the other wing-nacelle set-ups. In all cases the 
thrust line of the propeller was parallel to the wing 
chord. The lift and drag forces wrere measured 
simultaneously by balances on the floor below. The 
Reynolds Number varied from about 1,350,000 at the 
lowest air speed (50 miles per hour) to 2,750,000 at the 
highest speed (100 miles per hour). 

For use in subsequent analyses, a series of tests at 
various air speeds was made with the wing alone at 
angles of attack of —5°, 0°, 5°, 10°, and 15°. Similar 
tests had been previously made with the nacelles alone 

(reference 6). 
With each combination a run was made at several air 

speeds with the propeller removed. The lift, drag, and 

air speed were measured. A second test was then 
made with the propeller in place, and with the tunnel 
operating at several air speeds. In this test the lift, 
drag (or thrust), torque, propeller revolutions, and air 
speed wTere measured. Separate tests were made at 
angles of attack of —5°, 0°, 5°, and 10°. 

Tare-drag measurements were made with the wing 
supported free of the supports. Other tests indicated 
that the propeller had a negligible effect on the tare 
drag. 

Previous results (references 1 and 2) had shown 
that there was an advantage in fairing the nacelle into 
the wing when the two were close together and, ac¬ 
cordingly, in these tests with the nacelle in positions 
B-l-A and A-l-B, the space between the nacelle and 
wing was filled with a fairing. Previous results had 
also shown a peculiar effect of the side brackets used for 
mounting the nacelles when the nacelle was located 

ahead of the wing. Tests were made on the small 
nacelle both with a fairing surrounding these side 
brackets and with the brackets removed. The fair¬ 
ings required over the brackets on the N.A.C.A. 
cowled nacelle were very small and no tests w^ere made 
with them removed. The fairings and side brackets 
are shown in the photographs of figure 8 and in figures 
13 and 14. When the nacelles were located in positions 
C-3-A, C-3-B, and A-2-B, they were supported on 
struts and no fairings were used. 

RESULTS 

The measured lift and drag were reduced to the 
usual coefficients 

n _lift 
Ch~qS 

r drag 
Ld qS 
n moment 
Cm~ qSc 

where 

q, the dynamic pressure {}{ p V2). 
р, mass density of the air. 
TT, velocity. 
S, area of the wing. 
с, chord of the wing. 

(All moments are taken about the quarter-chord 
point of the wing.) 

These coefficients were first plotted against the 
dynamic pressure q and then cross-plotted as CL, CD, 
and Cm against a (angle of attack) at values of the 
dynamic pressure corresponding to 50, 75, and 100 
miles per hour. 

The lift and drag coefficients have been plotted as 
polar diagrams arranged to facilitate comparison of the 
results with various cowlings in the different nacelle 
positions. Figure 12 shows the results for position 
B-l-A with various cowlings; figure 13 shows the results 
for position B with side bracket fairing in place; figure 
14 shows the results for position B with side brackets 
removed; figure 15 shows the results for position 
A-l-B; and figure 16 shows the results for position 
A-2-B. Figure 17 shows the comparative results for 
the small nacelle wdthout cowling in four nacelle posi¬ 
tions, and figure 18 shows similar results with the 
N.A.C.A cowled nacelle. Figure 19 shows the com¬ 
parative residts obtained with the smooth body in 
various positions. In all these diagrams the polar of 
the wing alone is also given. All the polars are 
plotted from the data obtained at an air speed of 100 
miles per hour. The results are also given in tables 
I and II, together with those for two other air speeds, 
50 and 75 miles per hour. The values of the moment 
coefficients, which were found to be the same for all 
air speeds, are given in table III. 
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The results with propeller operating are reduced to 
the usual coefficients 

n T~AD r p 
Lt ptfD* p pnW5 

and rj = propulsive efficiency 
_ effective thrust X velocity of advance 

motor power 
(T-AD) V 

P 
^Ct v_ 

Cp nD 

(CLp) Table VITT, Moment Coefficient with Pro¬ 
peller Operating (Cmp). Since only individual values 

of the above coefficients are used in later comparisons, 
no curves are reproduced here. The reader is referred 
to reference 1 for a typical set of such curves. 

ACCURACY 

All readings were taken on scales and instruments 
that were calibrated frequently during the tests. 
The angles of attack of the airfoil were set within 5' 
of the desired angles with an inclinometer. The 
motor calibration showed a scattering of points repre- 

Figcre 6.—Photograph of wing-nacelle combination in position B mounted for test. 

where T, thrust of propeller operating in front of 
body (tension in crank shaft). 

AD, change in drag of body due to action of pro¬ 
peller. 

T— AD, effective thrust (discussed in reference 4) and 
CL and Cm are computed as before but are now called 
CLp and Cmp. 

The coefficients for all nacelle positions and cowlings 
at various values of VlnD and different angles of 
attack are given in tables IV to VIII, inclusive: 
Table IV, Thrust Coefficient (CV); Table V, Power 
Coefficient (CP)‘, Table VI, Propulsive Efficiency (77); 
Table VII, Lift Coefficient with Propeller Operating 

senting a maximum error of 1 percent. Tachometer 
readings were accurate within 10 revolutions per minute. 
The lift and drag were measured to the nearest pound. 

In certain cases at high angles of attack the forces 
fluctuated rapidly and the above accuracy could not 
be obtained. These fluctuations occurred mainly 
near the burble point of the airfoil. The major portion 
of the faired results are believed to be correct with¬ 
in ± 2 percent. 

DISCUSSION 

In a general consideration of the problem of a nacelle 
and a propeller operating near a wing, several factors 
must be considered. The nacelle and wing have mu- 
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tual interferences which appear as changes in the lift 
and drag, the propeller characteristics are influenced 
by the presence of wing and nacelle, and the slipstream 
in turn changes the forces on the wing and nacelle. 
A detailed discussion of these questions is given in 
reference 1, and it is concluded there that a comparison 
of the relative merits of wing-nacelle-propeller com¬ 
binations must include propulsive efficiency, inter¬ 
ference-drag effects, and lift effects. A net efficiency 

arrangements in a fairly narrow range so that the 
predominating factor in the determination of the net 
efficiency is the nacelle drag and interference. A 
comparison of the relative drags of the various combina¬ 
tions is then a first approximation to their relative 
merits. 

Accordingly, the drag results are first discussed and 
later the propeller effects are included. Besides 
simplifying the discussion, a somewhat clearer picture 
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Small nacelle, exposed cylinders, faired into wing. Small nacelle, variable-angle ring set —8°, faired into wing. 
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Small nacelle, N.A.C.A. hood, faired into wing. N.A.C.A. cowled nacelle, faired into wing. 

Figure 7.—Nacelles in position B-l-A. 

is derived therein which includes the above factors in 
a rational and simple manner. The same methods 
are employed here. The method is perfectly general 
and the results can be compared directly with those 
previously given. 

INTERFERENCE LIFT AND DRAG 

The largest item in the net efficiency is the pro¬ 
pulsive efficiency, but all test results point to the 
fact that the propulsive efficiency varies with different 

of the phenomena is perhaps thus obtained. In 
figures 12 to 19, inclusive, each line represents a 
different combination of nacelle, wing, and cowling. 
The abscissa intercept between the wing-alone polar 
and that for any wing-nacelle cowling combination 
represents the drag added by the nacelle; i.e., the 
nacelle drag plus wing-nacelle-interference drag. Sim¬ 
ilarly, the ordinate intercept represents the lift change 
due to the nacelle and cowling. These intercepts are 
of first importance because the arrangement that 
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develops the least increase of drag and the least loss 

of lift (that polar closest to the wing-alone polar) is 

the best, considering only the lift and drag. 

In figure 12, which shows the results with nacelles 

and cowlings in position B-l-A, at a lift coefficient of 

0.35 corresponding to about 0° for the wing alone, the 

drag added by the small nacelle with exposed engine 

cylinders is about 214 times that added by the N.A.C.A. 

cowled nacelle; that added by the N.A.C.A. hood or 

added is very much less. Nevertheless, the nacelle 

with exposed engine cylinders adds about three times 

as much drag as the N.A.C.A. cowled nacelle, and the 

hood on the small nacelle adds about twice as much 

drag as the N.A.C.A. cowled nacelle. The smooth 

body is only slightly better than the N.A.C.A. cowled 

nacelle. The loss of lift is not as great as with the 

nacelles in the previous position except in the case of 

the small nacelle with exposed engine cylinders. These 
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Small nacelle, exposed cylinders, with side bracket fairing. Small nacelle, variable-angle ring set —8°. 

Small nacelle, N.A.C.A. hood. N.A.C.A. cowled nacelle. 

Figure 8.—Nacelles in position B. 

the variable-angle ring and the small nacelle is about 

1 times that added by the N.A.C.A. cowled nacelle. 

These proportions hold approximately at the other 

lower angles of attack. The large loss of lift at high 

angles of attack from the nacelle installation in this 

position is to be noted, particularly in the case of the 

small nacelle with exposed engine cylinders. The 

advantage of cowling is amply evident. 

In figure 13, showing the results for position B, 

similar conclusions may be drawn. In this position 

the nacelle is partly within the wing so that the drag 

results were obtained with fairings surrounding the 

side brackets supporting the nacelle. 

In figure 14 some of the results are shown for the 

case with these side brackets completely removed. It 

will be noted that the drag added is about 17 percent 

greater than when the brackets were in place. This 

result is in contrast to that of reference 2, in which the 

removal of the side brackets was shown to reduce the 

drag. In the case of the thick wing, the brackets were 

only a fraction of the wing thickness in depth; whereas 

in the present case they were practically as deep as 
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the wing and may have constituted a partial fairing 
of the nacelle into the wing. The nacelle with the 
exposed engine cylinders is still poor, particularly with 
reference to the lift at high angles of attack. 

In figure 15, showing the results in position A-l-B, 
the small nacelle with the exposed engine cylinders 
adds about twice as much drag as the N.A.C.A. cowled 
nacelle. The peculiar result with the variable-angle 
ring in this instance is to be noted. The drag, except 

N.A.C.A. hood or the variable-angle ring adds about 
twice as much. This result indicates that its inter¬ 
ference drag must be slightly less than that of the 
N.A.C.A. cowled nacelle, because when tested alone 
its drag was slightly greater. (See reference 6.) The 
drag with the nacelle located directly ahead of the 
wing is considerably less than that in other locations, 
and the result therefore confirms previous tests indi¬ 
cating this location as the best. 
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Small nacelle, exposed cylinders, faired into wing. Small nacelle, variable-angle ring set —8°, faired into wing. 
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Small nacelle, N.A.C.A. hood, faired into wing. N.A.C.A. cowled nacelle, faired into wing. 

Figure 9.—Nacelles in position A-l-B. 

at the very low angles of attack, is considerably higher 
than that of the nacelle without cowling, and a very 
large loss of lift occurs at the higher angles of attack. 
This result points to some peculiar interference effect 
created by this particular cowling. At the high 
angles of attack the other cowlings seem to be of about 
equal merit. 

In figure 16, showing the results for position A-2-B, 
the small nacelle with exposed engine cylinders adds 
about three times as much drag as the N.A.C.A. 
cowled nacelle; the small nacelle with either the 

From the diagrams, it appears that at the higher 
angles of attack there is no great advantage of one 
cowling over another. An exception is the nacelle 
with exposed engine cylinders, which shows very detri¬ 
mental lift effects at the high angles in all except the 
position far below the wing. 

An easier comparison of the effect of position can 
be obtained from figures 17, 18, and 19. In figure 17, 
the results are shown for the small nacelle with exposed 
engine cylinders, and in figure 18 the results for the 
N.A.C.A. cowled nacelle in the four locations. The 
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location directly ahead of the wing is the best in both j 
cases at the high-speed angles of attack, and in the 
case of the N.A.C.A. cowled nacelle it is only at the 
highest angles that it is inferior to locations below the 
wing. In figure 19, the results of the smooth-body tests 
in five positions are shown. The position directly 
ahead of the wing is superior to the others, but the 
variation is considerably less than with other types of 
cowling. This body is only a hypothetical shape and i 

tests where only the nacelle and wing were present. 
One of the principal advantages of the present tests, 
however, is the opportunity for studying the effects of 
the operating propeller. The propeller supplies the 
thrust necessary to move the airplane through the air, 
and a proper determination of the thrust available 
under any given conditions for the different nacelle- 
propeller-wing combinations is a measure of the rela¬ 
tive merits of the different arrangements. The varia- 

Sinall nacelle, exposed cylinders. Small nacelle, variable-angle ring set —S°. 

Small nacelle, N.A.C.A. hood. N.A.C.A. cowled nacelle. 

Figure 10.—Nacelles in position A-2-B. 

could not be used in practice without modification, 
but the results indicate that careful shaping of the 
body may result in material reduction in drag. Even 
though its drag is not particularly low, the fact that 
it was of smooth contour seems to have had an appre¬ 
ciable effect in reducing the interference drag. 

NET EFFICIENCY 

The preceding discussion and conclusions have been 
made without considering the propeller. The conclu¬ 
sions are similar to what would result from any model 

tion in lift and drag without propeller has just been 
examined in detail. When the propeller is operating 
further changes occur, and in addition the propeller 
is affected by the presence of the nacelle and wing. 

In the detailed discussion in reference 1, two factors 
are developed which are summed up to give the net 
efficiency, a measure of the real merit of any wing- 
nacelle-propeller combination. These factors are: 

(1) The propulsive efficiency, representing the ratio 
of the effective thrust pow'er to the motor power. 
Effective thrust power is defined as the propeller 
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thrust minus the increase of drag due to slipstream, 
so that the effects of the body on the propeller and the 
propeller on the body are accounted for. 

(2) The nacelle drag efficiency factor, representing 
the fraction of the motor power which is used in over¬ 
coming the drag and interference of the nacelle. 

The net efficiency, (1) minus (2), represents the 
fraction of the total motor power that is available for 
overcoming the drag of the other parts of the airplane 

where CDw, drag coefficient of the wing at a given angle 

of attack. 

CDc, drag coefficient of the wing-nacelle com¬ 

bination at the same lift coefficient with 
propeller operating as the wing alone, and 
the other symbols as previously defined. 
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Position B. Position C-3-A. 

Position A-2-B. Position C-3-B. 

Figure 11.—Smooth body in several positions. 

exclusive of the nacelle. A high value of net efficiency 
indicates a high propulsive efficiency or low nacelle 
drag efficiency factor, or both. In any case, the 
higher the value the better the arrangement. 

The details of the derivation of these factors are 
given in reference 1, and only the resulting formulas 
are repeated here. 

Propulsive efficiency = rj 
(T-AD)V Cr V 

P Cp nD 

Nacelle drag efficiency factor = 
CDc 6 S 

Cr 2D2 

These formulas may be applied to any operating 
condition, and if the conditions are fixed for all nacelle- 
propeller-wing combinations a direct comparison may 
be made. Following the method of reference 1, the 
factors have been computed for an angle of attack of 
the wing alone of 0° (CL = 0.347) and a propeller 
VjnD— 0.65, corresponding to an assumed high-speed 
operating condition, and also for an angle of attack of 
the wing alone of 5° (CL=-0.635) and V/nD = 0A2, cor¬ 
responding to climb. The high-speed V/nD is the 
average value at which the propeller operated at peak 
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Figure 13.—Comparison of lift and drag characteristics of wing alone and nacelle 
combinations in position B with side bracket fairing. 

Figure 15— Comparison of lift and drag characteristics of wing alone and 
nacelle combinations in position A-l-B faired into wing. 
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Figure 16.—Comparison of lift and drag characteristics of wing alone and 
nacelle combinations in position A-2-B. 

CD 

Figure 17.—Comparison of lift and drag characteristics of wing alone and exposed- 
cylinder nacelle combination in four positions. 

Figure 19.—Comparison of lift and drag characteristics of wing alone and 
smooth-body combination in five positions. 
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efficiency in the tests. The climb V/nD is the corre¬ 
sponding average value obtained by assuming a climb¬ 
ing speed equal to 60 percent of the high speed and the 
motor power reduced in proportion to the engine speed, 
that is, the engine developing constant torque, which is 
substantially true for airplane engines. The lift effect 
of the propeller is accounted for by adjusting the angle 
of attack to give the same lift as the wing alone, as 
noted in the definition of 67c, so that the comparisons 

are essentially for the same speed although the actual 
speed is undetermined. 

The method may be illustrated by the following 
example. In figure 20 are plotted the lift and drag 
coefficients for the wing alone and the drag coefficient 
for the small nacelle with exposed cylinders on the 
wing in position B-l-A. The plotted values are taken 
from tables I and II. The lift coefficients with pro¬ 
peller operating at V/nD = 0.65 and at V/nD = 0A2 are 
obtained by interpolating between values in table VII 
and plotted for several angles of attack. 

For the high-speed condition (67 = 0.347, V/?iD = 
0.65) the lift with propeller operating is only slightly 
greater than that of the wing alone for this particular 
combination. Projecting down from the lift-coefficient 
curves at 67 = 0.347 to the drag-coefficient curves, the 
drag coefficient added by the nacelle, taking into 
account the lift due to the propeller, is obtained as 
indicated on the figure. 

The nacelle drag efficiency factor is 

m n i? _ ^Dc @dw S / 1 \ 
' ' ' CP 2D\nDj 

Reading CP from table V and substituting the above 
values, there results 

N-DF "olix2lvx(0'65)3“0'318 

Reading tj from table VI 
Net efficiency = rj — N.D.F. 

= 0.853-0.318 = 0.535 
as given in table IX. 

For the climbing condition (67 = 0.635, VjnD = 
0.42) the lift coefficient with propeller operating is 
considerably greater than that of the wing alone. 
The drag coefficient chargeable to the nacelle is 
reduced accordingly because the same lift can be 
obtained at a lower angle of attack. 

The nacelle drag efficiency factor becomes, substi¬ 
tuting CP from table V, 

N.D.F. 
0.0127 w 50 
0.0421 X 2 X 42 

(0.42)3 = 0.035 

The net efficiency = 17 — N.D.F. 

= 0.675-0.035 = 0.640 
as given in table X. 

The factors thus derived for the nacelles and cowl¬ 
ings in the different positions are given in tables IX 
and X. The values given here are based on different 
lift coefficients than the corresponding values in 
references 1 and 2. It is evident that the factors 
assume different values depending on what operating 
conditions are assumed and although there may be 
some question as to the possibilities of comparing 
the results directly it is felt that no material dis¬ 
crepancies result from such a comparison. In order 
to be strictly correct, all comparisons should be made 
at a constant value of the lift which, in general, means 
different values of the lift coefficient because of varia¬ 
tions in airfoil section and area. 

Figure 20.—Method of obtaining nacelle drag used in computing nacelle drag 
efficiency factor. 

(Small nacelle with exposed engine cyclinders in position B-l-A.) 

An examination of table IX indicates that the pro¬ 
pulsive efficiency is highest in the high-speed condition 
with the nacelle with exposed engine cylinders. The 
N.A.C.A. cowled nacelle and the smooth body give 
the lowest propulsive efficiencies. These results are 
in agreement with those of other tests on propellers 
with smooth and with poorly stream-lined bodies. 

The high propulsive efficiency with the uncowled 
engine nacelle does not mean high net efficiency, 
however. The nacelle-drag factor is very high and 
the net efficiency is correspondingly reduced. In 
almost every case, the order of the net efficiencies is 
in the inverse order of the drags of the various com- 
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binations, so that the N.A.C.A. cowled nacelle and 

wing combination has the highest net efficiency. There 

does not seem to be much choice between the various 

intermediate cowlings, although they are all bettter 

than the uncowled nacelle arrangement. 

In the climb condition (table X) the differences are, 

as expected, less marked. The propeller adds appre¬ 

ciably to the lift, however, owing to the considerable 

vertical component of thrust and increase of velocity 

over the wing. This results in the nacelle drag effi¬ 

ciency factor becoming negative in most instances, 

indicating that the angle of attack is reduced suffi¬ 

ciently below the angle selected for the climbing con¬ 

dition to make the net drag less than that of the wing 

alone. Because the nacelle drag is a much smaller 

proportion of the total drag at the high angles of 

attack, the differences in net efficiencies are less 

marked although the cowled nacelle still is the best. 

The differences, in general, are so slight that the per¬ 

formance of any arrangement in the climbing range 

would not be greatly affected by the choice of nacelle 

location or cowling. 

The conclusion in the preceding section on the differ¬ 

ence in drag in favor of the nacelle with side bracket 

fairing does not seem to hold true when the propeller 

effects are considered. There is enough gain in propul¬ 

sive efficiency by removing the side brackets to overcome 

the greater drag and the conclusion of reference 2 that 

side brackets are detrimental remains true. An excep¬ 

tion will be noted in the case of the nacelle with ex¬ 

posed engine cylinders in the high-speed condition. 

COMPARISON WITH PREVIOUS RESULTS 

In the preceding discussion no attempt has been 

made to compare the results of these tests with those 

of reference 2. The present tests were made for the 

specific purpose of comparison, the same nacelles and 

cowlings being used in both sets of tests. The purpose 

of the tests with different wings is to show whether 

the shape and size of the wing has a great influence on 

the nacelle drag and interference, and also to indicate, 

if possible, general rules for applying the results to 

various wings. In the two sets of tests the nacelles 

were located with the propellers the same actual dis¬ 

tances 1 above, below, and forward of the leading edge 

of the wing. If the efficiency factors with the two 

wings are in agreement, it must be concluded that the 

relative spacings are not the predominating factor but 

that the results are determined by the absolute location 

of nacelle, propeller, and wing. If the results are not 

in agreement, then some other explanation is required. 

In order to compare the results without omitting any 

of the factors, it seems best to consider the efficiency 

factors obtained with some of the arrangements 

located in the same positions on the two wings. In 

the following table these are listed for the N.A.C.A. 

cowled nacelle located in four positions on both the 

thick wing and the Clark Y wing. The differences 

between the factors in the two cases are also 

indicated. 

Comparison of Efficiency Factors for Clark Y Wing and 
Thick Wing with Propeller Located the Same Actual 
Distances from the Leading Edge of the Wing in Each 
Case 

N.A.C.A. COWLED NACELLE 

1 
(1) Clark 
Y wing. 

(2) Thick 
wing. (D-(2) 

Nacelle in position B-l-A1 

Propulsive efficiency__ 0.788 0. 732 0. 056 
Nacelle drag efficiency factor- . 125 .072 . 053 
Net efficiency_ . 063 .660 .003 

Nacelle in position B 

Propulsive efficiency_ 0.760 0.761 -0.001 
Nacelle drag efficiency factor_ . 04G .009 .037 
Net efficiency_____ .714 .752 -.038 

Nacelle in position A-l-B 1 

Propulsive efficiency_ 0. 793 0. 719 0.074 
Nacelle drag efficiency factor. ___ . 151 .079 .072 
Net efficiency___ .642 .640 .002 

Nacelle in position A-2-B 

Propulsive efficiency- 0. 773 0. 770 0.003 
Nacelle drag efficiency factor_ . 135 . 161 -.026 
Net efficiency...... .638 .609 .029 

1 Nacelle faired into wing. 

It appears from an examination of this table that 

the net efficiencies are not greatly different in the two 

cases, the maximum variation being 3.8 percent. 

There are, however, considerably greater discrepancies 

in the propulsive efficiency and nacelle drag efficiency 

factors. In 3 of the 4 cases, the net efficiency is higher 

for the Clark Y wing arrangement. The agreement 

does not seem to be close enough to establish the fact 

that the net efficiency is purely a function of the actual 

distance from nacelle and propeller to the wing, or that 

the net efficiency is independent of the wing section 

used. 

There is some indication that the net efficiencies are 

more a function of the relative distance between 

nacelle, propeller, and wing than of the absolute dis¬ 

tance. By making use of the contours in reference 1, 

it is possible to select values of the efficiency factors 

for conditions for the thick wing where the propeller 

is located the same relative distance in fractions of the 

chord from the leading edge of the wing as it is on the 

Clark Y wing of these tests. 

In the following table are listed the efficiency fac¬ 

tors for the Clark Y wing, and also for the thick wing 

propeller-nacelle combinations with the nacelle and 

propeller located the same fractions of the chord 

above, below, and forward of the wing as in the Clark 

Y tests. 1 This is not strictly correct. (See fig. 5.) 
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Comparison or Efficiency Factors for Ci.ark Y Wing 
and Thick Wing with Propeller Located the Same 
Fraction of the Chord from the Leading Edge of the 
Wing in Each Case 

N.A.C.A. COWLED NACELLE 

(1) Clark 
Y wing, 

these 
tests. 

(2) 
Thick 
wing, 

figs. 14, 
15, 16 of 
refer¬ 

ence 1. 

(D-(2) 

Nacelle on Clark Y wing in position B-l-A1 

Propulsive efficiency_ _ 
Nacelle drag efficiency factor_ 
Net efficiency___ 

0.788 
. 12.5 
.663 

0. 756 
.096 
.660 

0.032 
.029 
.003 

Nacelle on Clark Y wing in position B 

Propulsive efficiency-. _ _ 
Nacelle drag efficiency factor.. . 
Net efficiency.. _ _ 

0. 760 
.0-46 
.714 

0.753 
.060 
.693 

0. 007 
-.014 

.021 

Nacelle on Clark Y wing in position A-l-B i 

Propulsive efficiency_ ___ 
Nacelle drag efficiency factor_ _ 
Net efficiency_ _ 

0. 793 
. 151 
.642 

0.749 
. 107 
.642 

0.044 
.044 
.000 

Nacelle on Clark Y wdng in position A-2-B 

Propulsive efficiency__ 
Nacelle drag efficiency factor_ 
Net efficiency_ 

0. 773 
. 135 
.638 

0. 783 
. 150 
.633 

-0.010 
-.015 

.005 

1 Nacelle faired into wing. 

It will be noted from this table that the differences 

between the results are less marked, and that only in 

the position A-l-B immediately below the wing is the 

difference of any factor over 3 percent. The differ¬ 

ence in this case is perhaps accounted for by the fact 

that in the tests with the thick wing the hood of the 

N.A.C.A. cowled nacelle was faired into the leading 

edge of the wing, whereas in the tests with the Clark 

Y wing the hood was not faired in. The mean differ¬ 

ence in all the factors is 2 percent, and in the net 

efficiencies 1 percent. 

The agreement of these results lends strength to the 

theory that the relative location of the propeller, 

nacelle, and wing is the main factor in determining 

the net efficiencies, at least for cowled engine nacelles. 

With so many variables operating and considering the 

unknown separate effects of small changes in the 

nacelle and wing and propeller, the agreement is rather 

surprising. It may be safely said then that, to a first 

approximation, the location of the propeller and the 

nacelle with reference to different wings should be 

determined in fractions of the wing chord if the effi¬ 

ciency of the arrangement is to be estimated from 

results of these tests. With a wing of wide chord the 

nacelle should then be located a correspondingly 

greater actual distance ahead of the wing for the best 

results. By analogy it would seem that if a larger 

engine is used the propeller and nacelle should be 

moved forward in proportion to the relative sizes of 

the engine, enlarging all dimensions of the nacelle in 

proportion. These statements are equivalent to say¬ 

ing that the geometrical proportions of the nacelle 

and the wing, both as to size and location of elements, 

should be kept the same for comparable results. It 

should be stated that this is not conclusively estab¬ 

lished as a fact by the test results, but it is true that 

in a few recent airplanes using larger engines it has 

been necessary to place the propeller farther ahead of 

the wing than the 25 percent of the chord recommended 

as the result of the earlier tests. Besides showing a 

lower speed, the nacelle located with the propeller too 

close to the wing indicated a considerable loss of lift 

at high angles of attack, the possibility of which has 

previously been pointed out. (See reference 7.) It 

would seem preferable, therefore, to err in the direc¬ 

tion of placing the nacelle too far ahead of the wing 

than too close. 

There may also be some interest in comparing the 

actual drags and interferences obtained with the two 

wing arrangements. If this is done it is pointed out 

that the values of the coefficients CL and CD given in 

this report should be multiplied by two thirds to give 

coefficients that can be compared directly with the 

results of references 1 and 2. This is due to the dif¬ 

ference in the wing areas of the Clark Y and the thick 

wing. In most instances, however, designers will 

probably wish to compute the actual drag, and if the 

results are computed independently no confusion 

should arise between the two reports. It is also to be 

noted that the lift and drag coefficients of the wing 

alone are of no value in themselves because the wings 

used in the tests do not represent complete airplane 

wings. 

Finally, it may be said that, despite many minor 

deviations, the interference of nacelles is largely a 

function of the relative location of wing and nacelle, 

and that it is not greatly affected by the cross-sectional 

shape of the wing. The N.A.C.A. cowled nacelle lo¬ 

cated directly ahead of the wing is the best arrangement 

of an air-cooled engine so far found. With uneowled 

engines there is no great advantage of one nacelle lo¬ 

cation over another. The advantage of cowling, how¬ 

ever, is so much greater than any advantage resulting 

from nacelle locations that it would seem reasonable to 

cowl the engine properly before attempting to take 

advantage of the additional gains resulting from the 

proper location of the nacelle. 

CONCLUSIONS 

The following general conclusions may be drawn. 

Of these, the first five are in agreement with those of 

reference 2. The last two conclusions result from a 

comparison of the present data with those previously 

obtained. 
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1. The drag and interference of nacelles are reduced 

by cowling the nacelle. Cowled nacelles located near 

the wing, however, should be carefully faired into the 

wing rather than supported by struts only. 

2. The propulsive efficiency of propellers on wing- 

nacelle combinations is reduced by adding cowlings to 

the nacelle. 

3. The net efficiency is greatest for a smooth body 

or an N.A.C.A. cowled nacelle. 

4. The best location for a tractor propeller and 

nacelle is directly ahead of the leading edge of the 

wing, the distance being determined by the engine 

size (25 percent chord minimum). 

5. The location of the nacelle and the t}^pe of cowling 

are of importance at high speed but are of relatively 

little importance at climbing speeds. 

6. The net efficiency of a wing-nacelle-propeller 

combination is but little affected bv the airfoil section 

of the wing. Nacelles with propellers located at the 

same fractions of the chord from the wing give about ! 

the same results for different wing sections. 

7. The advantage of cowling is greater than any 

advantage resulting from nacelle location. Air-cooled 

engines should be carefully cowled before attempting 

to take advantage of the additional gains resulting 

from the proper location of the nacelle. 

Langley Memorial Aeronautical Laboratory, 

National Advisory Committee for Aeronautics, 

Langley Field, Va., April 20, 1933 
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TABLE I 

LIFT COEFFICIENT WITHOUT PROPELLER 

_lift 

Cl~^S 

Type of nacelle 50 m.p.h. R.N.= 1 ,360,000 75 m.p.h. R.N. = 2.040,000 100 m.p.h. R.N. = 2, 720,000 

Angle of attack__ -5° 0° 5° 10° -5° 0° 5° 10° -5° 0° 5° 10° 15° 

Nacelle position B, with side brackets 

Smooth body__ 0. 025 0. 327 0. 630 0.935 0. 025 0. 327 0.630 0. 935 0. 025 0. 327 0.630 0. 935 1. ISO 
Exposed cylinders 1_ .052 .312 .575 .855 .052 . 312 .575 .842 .052 .312 .575 .840 1. 045 
N.A.C.A. hood'... .033 .330 . 626 .920 . 033 .327 .619 .915 . 033 .323 .613 .902 1. 195 
N.A.C.A cowled nacelle... .033 .330 .630 .930 .027 .325 .627 .927 .020 .317 .620 .920 1. 202 

Nacelle position B, without side brackets 

Exposed cylinders 1___ 0.045 0.307 0.570 0.830 0. 037 0. 301 0. 567 0. 830 0.025 0. 293 0. 563 0. 830 1.027 
N.A.C.A. hood 1 ___ . 027 .317 .605 .900 .027 .317 .605 .900 .027 .317 .605 . 900 1. 163 
Variable ring —8° 1. . _..... .030 .315 .600 .886 .030 .315 .600 .886 .030 .315 .600 .886 1. 123 

Nacelle position C 

Smooth body.... 0.030 0.330 0. 633 0. 936 0.022 0.321 0.628 0. 931 0.010 0.312 0.617 0.925 1.210 
I 

Nacelle position B-l-A, faired into wing 

Exposed cylinders ‘_ 0. 060 0. 341 0.625 0. 878 0.056 0. 337 0.619 0. 871 0. 050 0. 330 0.610 0. 864 0.983 
N.A.C.A. hood 1___ .058 .348 .637 .910 .058 .348 .637 .910 .058 .348 .637 .910 1.080 
N.A.C.A. cowled nacelle__ ... . .002 .373 .652 .915 .085 . 368 .649 .915 .075 .360 .645 .915 1. 043 
Variable ring —8° '.__ .048 .336 .627 .908 .048 .336 .627 .908 .048 .336 .627 .908 1.027 

Nacelle position C-3-A 

Smooth body.. 0.035 0. 333 0.630 0. 930 0.030 0. 328 0. 627 0. 928 0. 020 0. 320 0. 623 0. 925 1.197 

Nacelle position A-l-B, faired into wing 

Exposed cylinders 1__ _ 0. 015 0.295 0. 578 0. 860 0. 015 0.295 0. 578 0. 860 0.015 0.295 0. 578 0. 860 1.113 
N.A.CA. hood '_ .000 .286 .575 .860 -.004 .283 .571 .858 -.010 .278 .565 .855 1. 125 
Variable ring —8° 1____ .010 . 275 .545 .815 .006 .271 .541 .811 .000 .265 .535 . 805 1.020 
N.A.C.A. cowled nacelle_ ___ -.026 .257 .540 .827 -. 026 .257 .540 .827 -. 026 .257 .540 . 827 1.09.3 

Nacelle position A-2-B 

Smooth body__ 0. 030 0. 322 0. 610 0.902 0.028 0. 319 0.606 0.897 0.023 0.310 0.600 0.890 1.182 
Exposed cylinders 1... .055 .342 .628 .915 .042 .332 .620 .905 .024 .313 .600 .890 1.182 
N.A.C.A. hood 1... .020 .312 .605 .900 .018 .309 .603 .899 .015 .305 . 600 .897 1. 192 
Variable ring —8° >.. .020 .310 .595 .885 .020 .310 .595 .885 .020 .310 .595 .885 1. 160 
N.A.C.A. cowled nacelle.. .020 .312 .602 .890 .015 .305 .595 .885 .005 .295 . 5S5 .878 1. 167 

Nacelle position C-3-B 

Smooth body.. 0. 005 0.313 0.619 0.923 0.005 0.313 0.619 0. 923 0. 005 0.313 0.619 0.923 1.205 

Wing alone 

0. 070 0. 359 0. 646 0.934 0. 065 0. 354 0. 642 0. 928 0. 059 0. 348 0.637 0. 920 1. 205 

Small nacelle, 
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TABLE II 

DRAG COEFFICIENT WITHOUT PROPELLER 

CD 
drag 

qS 

Type of nacelle 50 m.p.h. RN. = 1,350,000 75 m.p.h. R.N. = 2,040,000 100 m.p.h. 
1 

R.N. = 2,720,000 

An trie of attack_ -5° o° 5° 10° -5° 0° 5° 10° -5° 0° 5° 10° 15° 

Nacelle position B , with side brackets 

Smooth body_ 0. 0120 0. 0220 0.0525 0. 1070 0.0118 0. 0216 0. 0525 0.1070 0.0115 0. 0210 0. 0525 0.1070 0.1910 
Exposed cvlinders 1_ _ . 0320 .0100 .0680 . 1230 . 0390 . 0375 .0660 . 1210 .0250 . 0325 . 0620 . 1185 . 1970 
N.A.C.A. hood 1____ .0180 .0270 . 0575 . 1100 . 0180 .0270 . 0578 . 1108 . 0180 . 0270 .0585 .1120 . 1840 
N.A.C.A. cowled nacelle___ .0125 . 0230 .0545 .1080 .0125 . 0225 . 0541 . 1077 .0125 .0215 . 0535 . 1070 . 1800 

Nacelle position B, without side brackets 

Exposed cylinders 1_ 0. 0320 0. 0390 0. 0695 0. 1260 0. 0310 0. 0383 0. 0685 0. 1240 0. 0290 0. 0370 0. 0670 0. 1210 0. 1990 
N.A.C.A. hood 1_ .0215 . 0320 . 0625 . 1140 .0207 .0312 .0615 . 1140 . 0190 . 0290 . 0600 . 1140 . 1840 
Variable, ring —8° <__ .0235 .0335 .0610 . 1200 .0227 .0325 .0635 . 1192 .0215 .0310 . 0625 . 1180 . 1870 

Nacelle position C 

Smooth body__ 0. 0120 0.0230 0. 0550 0.1100 0.0120 0. 0230 0. 0550 0. 1100 0. 0120 0. 0230 0. 0550 0. 1100 0. 1890 

Nacelle position B- 1-A, faired into wing 

Exposed cylinders 1_ .. 0. 0320 0. 0475 0.0810 0.1430 0. 0305 0. 0465 0. 0802 0. 1415 0. 0280 0.0445 0. 0790 0. 1390 0. 2250 
N.A.C.A. hood 1___ . 0230 . 0375 . 0735 . 1330 . 0222 . 0365 . 0725 . 1326 . 0210 . 0350 .0705 . 1320 . 2250 
N.A.C.A. cowled nacelle_ . 0185 . 0330 . 0690 . 1365 .0170 . 0320 .0680 . 1350 . 0155 . 0300 . 0660 . 1330 .2220 
Variable ring —8° ___ . 0260 .0400 . 0785 . 1370 .0253 .0385 .0770 . 1363 . 0240 . 0360 .0740 .1350 . 2290 

Nacelle position C-3-A 

Smooth body____ 0. 0201 0. 0325 0. 0630 0.1150 0. 0185 0. 0305 0. 0615 0.1135 0. 0160 0. 0270 0. 0595 0.1115 0. 1770 

Nacelle position A-t-B, faired into wing 

Exposed cylinders _ 0. 0400 0. 0400 0. 0630 0.1070 0. 0390 0. 0390 0. 0620 0. 1060 0. 0375 0. 0375 0. 0600 0. 1040 0. 1670 
N.A.C.A. hood 1_ . 0270 .0315 0555 . 1010 .0263 . 0305 . 0553 . 1010 . 0250 . 0290 . 0550 . 1010 . 1640 
Variable ring—8° 1_ . 0310 . 0340 . 0590 . 11)0 .0295 . 0333 . 0590 . 1110 .0270 . 0320 . 0590 . 1110 . 1970 
N.A.C.A. cowled nacelle__ . 0215 . 0275 . 0520 .0960 .0200 . 0260 .0513 . 0958 .0180 .0240 .0500 .0955 . 1585 

Nacelle position A-2-B 

Smooth body_____ 0.0201 0. 0270 0. 0565 0.1035 0. 0190 0. 0263 0. 0555 0. 1025 0. 0175 0. 0250 0. 0540 0. 1010 0.1655 
Exposed cylinders 1_ .0425 .0450 .0700 .1165 .0415 .0442 .0696 . 1160 .0400 .0430 .0690 .1150 . 1750 
N.A.C.A. hood 1___ .0300 . 0345 . 0630 . 1100 .0285 .0340 . 0622 . 1100 .0260 .0330 .0610 . 1100 . 1750 
Variable ring—8° L _ .0300 .0350 . 0625 . 1125 .0290 .0348 .0625 . 1125 . 0275 .0345 . 0625 . 1125 . 1790 
N.A.C.A. cowled nacelle_ ... . 0215 . 0275 . 0555 . 1025 .0200 .0268 .0550 . 1027 .0180 .0255 .0540 . 1030 . 1670 

Nacelle position C-3-B 

Smooth body__ 0.0220 0.0305 0. 0585 0.1070 0. 0205 0. 0295 0. 0570 0. 1066 0. 0180 0. 0270 0. 0550 0. 1060 0. 1710 

Wing alone 

0.0096 0.0210 0.0522 0. 1011 0. 0092 0. 0202 0. 0509 0. 1012 0.0086 0. 0192 0. 0492 0. 1013 0. 1656 

i Small nacelle. 
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TABLE III 

MOMENT COEFFICIENT WITHOUT PROPELLER 

„ __ moment 

m~ qSc 

Type of nacelle 

Angle of attack 

-5° 0° 5° 10° 15° 

Nacelle position B, with side brackets 

Smooth body_ _ -0. 079 -0. 063 -0. 043 -0.039 -0. 050 
Exposed cylinders1.-. _ _ -.062 -.058 -.049 —.040 -.051 
N.A.C.A. nood*_ -.071 —.049 -. 034 -.031 -.031 
N.A.C.A. cowled nacelle__ ..._ -.071 -. 053 -.041 -. 034 -. 039 

Nacelle position B, without side brackets 

Exposed cylinders i. ... -0. 072 -0. 064 -0. 053 -0. 047 -0. 054 
N.A.C.A. hood 1_____ -.074 -. 060 -.048 -. 034 -.035 
Variable ring —8° 1_____ -.075 —. 060 -. 045 -. 035 -. 030 

Nacelle position C 

Smooth body________ -0. 078 -0. 058 -0. 038 -0. 023 -0.016 

Nacelle position B-l-A faired into wing 

Exposed cylinders'_____ -0. 057 -0. 054 -0. 043 -0. 038 -0.068 
N.A.C.A. hood 1_ ___ -.064 -. 039 —. 030 -. 034 -. 060 
N.A.C.A. cowled nacelle_ -.061 -. 046 -. 030 -.037 -.071 
Variable ring —8° 1_ _ __ -.062 -.050 -. 034 -.026 -.051 | 

Nacelle position C-3-A 

Smooth body__ _ -0. 060 -0. 043 -0. 037 -0. 039 -0.031 

Nacelle position A-l-B, faired into wing 

Exposed cylinders'___ -0. 078 -0.075 -0.068 -0. 056 -0. 062 
N.A.C.A. hood 1_____ - -. 086 -.078 -.065 -. 064 -. 056 
Variable ring —8° 1 ___ -.078 -.070 -.061 -. 058 -.071 
N.A.C.A. cowled nacelle_ -.071 -.069 -.000 -.055 -.056 

Nacelle position A-2-B 

Smooth body_ __ -0.079 -0.068 -0.064 -0. 064 -0.067 
Exposed cylinders1__ _ _ -.079 -.077 -.070 -.060 -.063 
N.A.C.A. hood'...---- -. 082 -.071 -.069 -. 064 -.062 
Variable ring —8° 1____ -.085 -.074 -.068 -.066 -.063 1 
N.A.C.A. cowled nacelle_ ... _ -.079 -.067 -. 067 -.063 -. 058 

Nacelle position C-3-B 

Smooth body_ -0. 085 -0. 0.88 -0. 073 -0. 064 
| 

-0. 066 

i Small nacelle. 
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TABLE IV 

THRUST COEFFICIENT 

„ (T-AD) 
Lt~~ p nW* 

Propeller No. 4412—4 feet. Set 17° at 0.75 R. Angle of attack = —5° 

j 

Type of nacelle 

V 
n D 

0.1 0.2 0.3 0.4 0.5 0.6 0.7 0.8 0.9 1.0 
; 

Nacelle position B, with side brackets 

| Smooth body ___ 
1 Exposed cylinders 1--- 

N.A.C.A. hood_ 
N.A.C.A. cowled nacelle_ 

0. 0828 
.0863 
.0862 
.0862 

0. 0778 
.0821 
.0815 
.0811 

0. 0712 
.0761 
.0749 
.0743 

0. 0628 
.0680 
. 0667 
.0661 

0.0524 
.0584 
. 0567 
.0564 

0.0405 
. 0467 
. 0450 
.0452 

0. 0272 
.0337 
.0313 
.0319 

0.0125 
.0193 
.0154 
.0165 

-0. 0042 
.0037 

-.0013 
-.0001 

-0.0217 
-.0125 l 
-.0198 
-.0189 | 

Nacelle position B, without side brackets 

Exposed cylinders 1--- 
N.A.C.A. hood .... 
Variable ring —8° 1- - 

0. 0920 
.0902 
.0900 

0. 0871 . 
.0854 
.0851 

0.0805 
.0788 
. 0787 

0. 0723 
.0706 
. 0704 

0.0623 
.0605 
.0603 

0. 0509 
.0487 
.0489 

0.0380 
.0355 
.0356 

0.0227 
.0201 
.0212 

0.0065 
.0035 
.0050 

-0.0111 
-.0146 
-.0129 1 

Nacelle position C 

Smooth body --- 0. 0836 0. 0788 0. 0720 0. 0637 0.0531 0. 0412 0. 0275 0. 0120 -0. 0052 -0. 0245 

Nacelle position B-l-A, faired into wing 

Exposed cylinders 1- 
N.A.C.A. hood 1_ _ 
N.A.C.A. cowled nacelle_ 
Variable ring —8° 1 —__ 

0.0908 
.0891 
.0899 
.0891 

0. 0865 
.0853 
.0850 
.0848 

0.0806 
.0790 
.0786 
.0789 

0.0728 
.0711 
.0709 
.0710 

0. 0629 
.0611 
.0605 
.0611 

0. 0510 
.0493 
. 0492 
.0497 

0.0376 
.0360 
. 0365 
. 0369 

0.0224 
.0212 
.0220 
.0230 

0. 0058 
.0056 
.0065 
.0072 

-0.0110 I 
-.0103 j 
-.0102 | 
-.0100 

Nacelle position C-3-A 

Smooth body_ _ 0. 0833 0. 0788 
1 

0.0723 : 0.0639 1 0. 0537 0.0414 0.0275 0. 0125 -0. 0025 -0.0210 

| 

Nacelle position A-l-B, faired into wing 

Exposed cylinders 1__ 
N.A.C.A. hood 1_ 
Variable ring —8° C.. ..... 

| N.A.C.A. cowled nacelle.. __ .. 

0. 0880 
.0852 
. 0860 
.0865 

0.0834 
.0805 
.0817 
.0814 

0. 0772 
.0741 
.0751 
. 0747 

0. 0696 
.0660 
.0668 
. 0664 

0.0600 
. 0565 
.0569 
.0565 

0. 0490 
.0450 
.0451 
. 0458 

0.0367 
. 0320 
.0320 
.0329 

0.0234 
.0188 
.0180 
.0185 

0. 0097 
.0040 
. 0030 
. 0035 

-0. 0050 
-.0106 
-.0130 
-.0125 

Nacelle position A-2-B J- 

Smooth body_ .. __ . _ 
Exposed cylinders V._ .. _ . ... 
N.A.C.A. hood1____ 
Variable ring — 8° 1_ _ 
N.A.C.A. cowled nacelle.. _ _ 

0. 0879 
.0890 
.0867 
.0893 
.0872 

0. 0831 
.0845 
.0818 
.0849 
.0823 

0. 0765 
.0782 
.0751 
.0787 
. 0757 

0. 0680 
. 0701 
.0668 
.0702 
.0672 

0. 0572 
.0603 
.0566 
.0601 
.0570 

0.0445 
.0485 
.0444 
.0480 
.0451 

0.0300 
.0350 
.0309 
.0344 
.0312 

0. 0140 
.0201 
.0161 
. 0195 
.0155 

-0.0028 
.0045 
.0006 
. 0032 

-.0012 

-0. 0209 
-.0121 
-.0170 
-.0144 i 
-.0193 

Nacelle position C-3-B 

Smooth body___ 0.0859 | 0.0804 0. 0733 0. 0645 0. 0538 0.0415 0. 0278 0. 0130 -0.0030 1 -0.0195 j 

1 Small nacelle. 
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TABLE IV—Continued 

THRUST COEFFICIENT 

CT= 
(T-AP) 

p ntD* 

Propeller No. -4412—4 feet. Set 17° at 0.75/?. Angle of attack=0° 

i 
1 

Type of nacelle 

*
 

0.1 0.2 0.3 0.4 0.5 0.6 0.7 0.8 | 0.9 1.0 

Nacelle position B, with side brackets 

Smooth body____ 
Exposed cylinders 1__ 
N.A.C.A. hood i____ 
N.A.C.A. cowled nacelle_... _ 

0. 0827 
.0861 
.0862 
. 0852 

0. 0777 
.0814 
.0815 
.0804 

0.0712 
.0751 
.0750 
.0740 

0.0628 
. 0673 
.0665 
.0660 

0. 0527 
. 0576 
.0564 
.0562 

0. 0403 
.0465 
.0446 
.0447 

0.0268 
. 0336 
.0312 
.0310 

0.0125 
.0193 
. 0162 
.0152 

-0. 0036 
.0037 
.0000 

-.0014 

-0. 0211 
-.0126 
-.0169 
-.0291 

Nacelle position B, without side brackets 

Exposed cylinders 1..... 
N.A.C.A. hood 1___ 
Variable ring—8° 1___ 

0.0903 
.0896 
.0907 

0. 0856 
.0847 
. 0856 

0. 0792 
.0781 
.0788 

0. 0711 
.0698 
.0704 

0.0613 
.0595 
.0601 

0.0500 
.0477 
. 0484 

0.0372 
.0344 
.0353 

0. 0225 
.0192 
.0200 

0.0064 -0.0112 
.0028 j -.0151 
. 0039 ! -. 0140 

Nacelle position C 

Smooth body__ _ 0.0827 0. 0780 0. 0714 0. 0630 0. 0525 0.0405 0. 0267 0. 0105 -0.0068 -0. 0261 

Nacelle position B-l-A, faired into wing 

Exposed cylinders 1___ 
N.A.C.A. hood 1---- 
N.A.C.A. cowled nacelle. . _ 
Variable ring—8° 1--- 

0. 0908 
.0893 
.0895 
.0884 

0. 0862 
.0842 
.0842 
.0837 

0. 0800 
.0776 
.0772 
.0772 

0. 0718 
.0690 
.0686 
. 0690 

0.0618 
.0588 
.0584 
. 0589 

0. 0499 
.0480 
.0469 
.0468 

0. 0371 
. 0350 
.0340 
.0336 

0. 0202 
.0197 
. 0195 
.0185 

0.0058 
.0035 
.0032 
.0018 

-0. 0108 
-.0128 
-.0145 
-.0165 

Nacelle position C-3-A 

Smooth body____ 0.0833 0. 0787 0. 0722 0. 0640 0. 0535 0.0412 0. 0273 0. 0120 -0.0040 -0.0212 

Nacelle position A-l-B, faired into wing 

Exposed cylinders 1_____ 
N.A.C.A. hood 1____ 
Variable ring—8° !__ 
N.A.C.A. cowled nacelle-- .. 

0. 0882 
. 0860 
.0868 
.0870 

0. 0840 
.0820 
.0820 
.0820 

0. 0780 
. 0760 
.0759 
.0760 

0.0700 
.0680 
.0678 
.0675 

0.0601 
.0581 
.0580 
.0580 

0. 0495 
.0463 
.0465 
.0460 

0. 0362 
. 0330 
.0340 
.0337 

0.0223 
.0194 
.0204 
.0200 

0.0081 
.0045 
.0062 
.0059 

-0. 0070 
-.0112 
-.0085 
-. 0090 

Nacelle position A-2-B 

Smooth body_ 
Exposed cylinders -- 
N.A.C.A. hood 1_ 
Variable ring—8° >..... 
N.A.C.A. cowled nacelle.__ 

0. 0879 
.0890 
.0864 
.0898 
.0873 

0.0831 
.0844 
.0817 
.0853 
.0822 

0. 0764 
.0781 
. 0751 
. 0790 
.0756 

0.0680 
.0701 
.0670 
.0710 
.0672 

0. 0575 
.0604 
.0572 
.0610 
.0571 

0. 0451 
.0490 
.0458 
.0496 
.0457 

0. 0314 
. 0357 
. 0329 
. 0366 
. 0330 

0. 0157 
.0215 
.0186 
. 0225 
. 0183 

-0.0010 
.0066 
.0036 
.0067 
.0022 

-0.0181 
-. 0096 
-.0149 
-.0105 
-.0161 

Nacelle position C-3-B 

Smooth body__ __ 0. 0857 0. 0802 0. 0733 0.0647 0. 0540 0.0425 0. 0285 0.0128 -0.0040 -0.0220 

1 Small nacelle. 
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TABLE IV—Continued 

THRUST COEFFICIENT 

CT (T-AD) 

pn2D4 

Propeller No. 4412—4 feet. Set 17° at 0.75 R. Angle of attack = 53 

Type of nacelle...... 

V 
n D 

0. 1 0.2 0.3 0.4 0.5 0.6 0.7 0.8 0.8 1.0 

Nacelle position B, with side brackets 

Smooth body____ 0. 0808 0. 0757 0. 0690 0. 0604 0. 0503 0. 0388 0. 0265 0. 0125 -0. 0028 -0. 0186 
Exposed cylinders'_ .0857 .0807 .0741 . 0660 . 0560 .0448 . 0322 .0188 . 0034 -.0145 
N.A.C.A. hood 1__ .0854 . 0800 . 0730 . 0645 . 0545 . 0435 .0312 . 0172 . 0010 -.0172 
N. A.C.A. cowled nacelle__ .0834 .0784 .0719 . 0637 .0540 .0428 .0297 .0144 -. 0021 -.0201 

Nacelle position B, without side brackets 

Exposed cylinders 1__ _ 0. 0899 0. 0850 0. 0781 0. 0696 0. 0598 0. 0487 0. 0358 0. 0216 0. 0065 -0.0095 
N.A.C.A. hood ‘_____ .0888 .0840 .0774 .0690 .0585 .0467 .0333 .0187 .0030 -.0139 
Variable ring —8° '__ .0900 . 0850 .0781 .0695 .0592 .0473 .0340 . 0200 .0046 - .0118 

Nacelle position C 

Smooth body....... 0. 0838 0. 0781 0.0708 0. 0621 0.0518 0. 0398 0. 0263 0.0110 -0. 0063 -0. 0255 

Nacelle position B-l-A, faired into wing 

Exposed cylinders_ _ 0. 0880 0. 0832 0. 0770 0. 0685 0. 0585 0.0467 0. 0335 0. 0197 0.0050 -0.0105 
N.A.C.A. hood >___ .0874 . 0826 . 0762 . 0679 . 0573 . 0450 . 0310 .0167 .0013 -.0152 
N.A.C.A. cowled nacelle_ .0875 .0823 . 0758 . 0672 . 0570 . 0453 . 0320 .0172 . 0014 -. 0155 
Variable ring—8°..._.. _ . 0867 .0820 .0757 .0676 . 0579 . 0465 . 0336 .0195 .0042 -.0120 

Nacelle position C-3-A 

Smooth body_ 0. 0833 0. 0788 0. 0723 0. 0640 0. 0537 0.0415 0. 0275 0. 0122 -0. 0044 -0. 0220 

Nacelle position A-l-B, faired into wing 

Exposed cyl inders 1...... 0. 0890 0. 0840 0. 0780 0.0699 0.0600 0. 0489 0. 0362 0. 0226 0.0080 -0. 0075 
N.A.C.A. hood '___ .0862 .0817 .0750 . 0668 .0570 .0458 . 0332 .0200 . 0060 -.0090 
Variable ring —8° 1___ . 0870 . 0820 . 0760 . 0677 .0582 . 0472 . 0351 .0225 .0095 -. 0041 
N.A.C.A. cowled nacelle.-- _ .0870 .0825 .0760 .0681 . 0585 .0470 .0349 .0219 .0078 -. 0065 

Nacelle position A-2-B 

Smooth body_____ 0. 0870 0. 0821 0. 0755 0. 0675 0. 0576 0.0457 0.0329 0. 0195 0. 0055 -0. 0083 
Exposed cylinders 1__ .0882 . 0831 .0764 .0684 .0590 .0483 .0369 .0242 . 0103 -.0044 
N.A.C.A. hood 1___ .0864 .0816 . 0752 .0671 . 0575 .0463 . 0343 .0216 .0081 -.0070 
Variable ring —8° 1___ . 0892 . 0845 . 0782 . 0703 .0608 . 0498 .0375 .0244 .0105 -.0121 
N.A.C.A. cowled nacelle__ .0871 .0821 .0753 .0671 . 0572 .0460 . 0339 .0205 .0064 -.0090 

Nacelle position C-3-B 

Smooth body.__ 0. 0852 0.0800 0. 0731 0.0646 0. 0540 0. 0423 0. 0290 0. 0146 -0. 0005 -0. 0170 

• Small nacelle. 
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TABLE IV—Continued 

THRUST COEFFICIENT 

(T— AD) 
Lt~ pn2D* 

Propeller No. 4412—4 feet. Set 17° at 0.75 R. Angle of attack = 10° 

Type of Nacelle 
n 

V 
D 

0.1 0.2 0.3 0.4 0.5 0.6 0.7 0.8 0.9 1.0 

Nacelle position B, with side brackets 

Smooth body__- 0. 0787 0. 0732 0. 0664 0. 0578 0. 0478 0. 0365 0. 0244 0.0115 -0. 0021 —0.0166 
Exposed cylinders •_ .0835 .0786 .0720 . 0639 . 0540 . 0430 . 0303 .0172 .0015 -.0151 
N.A.C.A. hood i_ .0830 .0770 . 0696 . 0607 . 0505 . 0395 . 0275 . 0152 .0019 -.0121 
N.A.C.A. cowled nacelle.. _ _ .0821 . 0770 .0700 .0614 .0513 .0401 .0274 . 0135 -. 0015 -.0173 

Nacelle position B, without side brackets 

Exposed cylinders 1__ 0.0880 0. 0827 0. 0758 0. 0673 0. 0577 0. 0468 0. 0350 0.0219 0. 0077 -0. 0075 
N.A.C.A. hood >...__ . 0872 . 0813 .0737 . 0646 . 0545 .0430 . 0308 .0173 . 0028 -.0127 
Variable ring —8° 1__ .0873 .0814 . 0742 .0655 .0557 .0448 .0325 .0197 .0056 -.0086 

Nacelle position C 

Smooth body_ 0. 0800 0. 0749 0. 0678 0. 0591 0. 0486 0.0370 0. 0235 0. 0090 -0. 0065 -0. 0234 

Nacelle position B-l-A, faired into wing 

Exposed cylinders 1_ __ ... 0.0859 0.0811 0. 0755 0.0678 0. 0580 0. 0464 0. 0332 0.0189 0. 0038 -0.0121 
N.A.C.A. hood 1_ ... _ _ . 0852 . 0800 .0730 . 0640 . 0540 . 0434 .0313 .0180 . 0041 -.0100 
N. A. C. A. cowled nacelle_ .0853 . 0798 . 0725 . 0637 . 0535 .0421 . 0297 .0157 . 0010 -.0151 
Variable ring —8° !_ _ .0851 . 0796 .0725 .0640 . 0543 .0436 .0318 .0188 . 0050 -.0095 

Nacelle position C-3-A 

Smooth body__ .. _ 0. 0820 0.0775 0.0711 0. 0628 0. 0524 0. 0403 0. 0266 0.0117 -.0045 -0. 0218 

Nacelle position A-l-B, faired into wing 

Exposed cylinders !.. .. - 0. 0875 0. 0825 0. 0760 0.0677 0. 0580 0.0468 0. 0348 0. 0220 0.0085 -0. 0055 
N.A.C.A. hood >_ . 0850 . 0800 .0740 . 0658 . 0562 . 0455 .0341 . 0220 . 0095 —.0040 
Variable ring —8° 1_ .0855 .0808 . 0745 .0670 . 0581 . 0482 .0377 . 0266 .0152 . 0030 
N.A.C.A. cowled nacelle__ .0860 .0810 .0740 .0660 .0565 . 0461 .0347 .0229 .0106 -.0023 

Nacelle position A-2-B 

Smooth body..... 0. 0858 0. 0806 0. 0740 0. 0660 0. 0565 0. 0457 0. 0339 0.0212 0. 0079 -0. 0059 
Exposed cylinders 1_ _ .0870 .0816 .0748 . 0665 .0571 .0464 .0351 . 0230 .0104 -.0023 
N.A.C.A. hood '........ .0854 .0800 . 0730 . 0650 . 0558 . 0452 . 0340 .0221 . 0096 -.0037 
Variable ring —8° 1___ .0885 .0836 .0770 .0691 .0599 . 0495 .0382 . 0263 . 0140 .0015 
N.A.C.A. cowled nacelle_ .0860 .0817 .0738 .0654 .0558 .0448 .0332 .0213 . 0092 -.0026 

Nacelle position C-3-B 

Smooth body__ . _ 0. 0850 0. 0803 0. 0735 0. 0648 0. 0542 0.0423 0. 0296 0.0160 0. 0020 -0.0125 

1 Small nacelle. 
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TABLE V 

POWER COEFFICIENT 

Cr_ P 
F pn3D5 

Propeller No. 4412—4 feet. Set 17° at 0.75 R. Angle of attack = —5° 

Type of nacelle 

V 
n D 

0.1 0.2 0.3 0.4 0.5 0.6 0.7 0.8 0.9 1.0 

Nacelle position B, with side brackets 

Smooth body_ ... .. ___ 
Exposed cylinders >_ _ 
N.A.C.A. hood 1___ 
N.A.C.A. cowled nacelle_ 

0. 0407 
.0448 
.0448 
.0450 

0. 0407 
.0449 
.0450 
.0447 

0. 0403 
.0441 
.0445 
.0438 

0. 0393 
.0426 
.0432 
.0420 

0. 0370 
. 0399 
.0406 
.0393 

0.0320 
. 0355 
. 0360 
. 0351 

0. 0254 
.0290 
.0292 
.0290 

0. 0165 
. 0205 
.0200 
.0205 

0. 0054 
.0101 
.0095 
.0100 

Nacelle position B, without side brackets 

Exposed cylinders >. _ _ 
N.A.C.A. hood 1. ... 
Variable ring—8°1_ _ . 

0.0443 
.0430 
.0438 

0. 0441 
.0431 
.0437 

0. 0435 
.0425 
.0430 

.00420 
.0413 
.0417 

0. 0397 
.0390 
. 0393 

0. 0363 
.0355 
.0356 

0.0311 
.0300 
.0300 

0. 0231 
.0219 
. 0220 

0. 0124 
.0110 
.0115 

-.- 

Nacelle position C 

Smooth body___ . 0. 0397 0. 0397 0. 0390 0. 0375 0. 0349 0.0310 0. 0245 0. 0153 0.0033 

Nacelle position B-l-A, faired into wing 

Exposed cylinders 1_ __ 
N.A.C.A. hood 1.... 
N.A.C.A. cowled nacelle_ _ 
Variable ring —8°'___ 

0.0443 
.0452 
. 0450 
.0456 

0. 0442 
.0449 
.0447 
.0453 

0. 0435 
.0441 
.0438 
.0445 

0.0420 
. 0426 
.0423 
.0428 

0. 0398 
.0400 
.0399 
.0400 

0. 0361 
.0361 
.0364 
.0360 

0. 0306 
.0306 
.0311 
.0304 

0. 0226 
.0229 
.0230 
.0226 

0. 0120 
.0124 
.0127 
.0118 

Nacelle position C-3-A 

Smooth body__ 0.0407 0. 0406 0. 0403 0. 0391 0. 0362 0. 0315 0.0249 0. 0160 0. 0051 

Nacelle position A-l-B, faired into wing 

Exposed cylinders 1-- 
N. A.C.A. hood 1___ 
Variable ring —8°1_ _ 
N.A.C.A cowled nacelle. __ 

0.0435 
.0430 
.0429 
.0420 

0. 0435 
.0429 
.0426 
.0422 

0.0430 
.0420 
.0420 
.0420 

0. 0416 
.0403 
. 0408 
.0409 

0. 0390 
. 0380 
. 0382 
.0387 

0. 0355 
.0346 
. 0345 
.0352 

0. 0306 
.0294 
.0287 
.0297 

0. 0230 
.0217 
.0209 
.0218 

0. 0135 
.0110 
.0108 
.0115 

0. 0020 

Nacelle position A-2-B 

Smooth body_ __ _ 
Exposed cylinders 1_ __ 
N.A.C.A hood 1_ 
Variable ring—8°1_ _ 
N.A.C.A. cowled nacelle. ... _ . 

0. 0427 
.0439 
.0443 
.0445 
.0443 

0. 0435 
.0440 
.0441 
.0443 
.0442 

0.0428 
.0434 
.0432 
.0436 
.0433 

0.0411 
.0420 
.0416 
.0420 
.0417 

0.0382 
.0396 
.0388 
.0395 
.0390 

0. 0339 
.0356 
.0343 
.0355 
.0348 

0. 0272 
.0294 
.0280 
.0298 
.0284 

0. 0180 
.0209 
.0195 
.0212 
.0200 

0. 0061 
.0102 
.0078 
.0102 
.0084 

Nacelle position C-3-B 

Smooth body_ _ 0. 0416 0.0416 0. 0409 0. 0395 0. 0366 0. 0320 0. 0251 0. 0164 0. 0051 

1 Small nacelle. 
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TABLE V—Continued 

POWER COEFFICIENT 

r P 
p pn3LP 

Propeller No. 4412—4 feet. Set 17° at 0.75 P. Angle of attack =0° 

Type of nacelle 

V 

nf> 

0.1 0.2 0.3 0.4 0.5 
1 0.6 0.7 0.8 0.9 1.0 

Nacelle position B, with side brackets 

Smooth body.... 
Exposed cylinders 1__ 
N.A.C.A. hood 1___ 
N.A.C.A. cowled nacelle__ 

0.0415 
.0447 
.0447 
.0450 

0.0413 
. 0445 
.0449 
.0449 

0.0405 
.0436 
.0442 
.0442 

0. 0393 
.0421 
.0427 
.0425 

0.0368 
. 0395 
.0400 
.0397 

0.0320 
.0354 
.0359 
.0355 

0.0252 
. 0289 
. 0290 
.0290 

0.0165 
.0203 
.0204 
.0202 

0.0054 
.0095 
.0096 
.0095 

Nacelle position B, without side brackets 

Exposed cylinders 1__ 
N.A.C.A. hood 1___ 
Variable ring—8° 1_ 

0.0446 
.0430 
.0436 

0.0445 
.0431 
.0435 

0. 0439 
.0426 
.0428 

0.0426 
.0413 
.0414 

0.0404 
.0390 
.0391 

0.0369 
.0353 
.0356 

0. 0312 
.0296 
.0300 

0.0231 
.0213 
.0218 

0.0123 
.0106 
.0110 

Nacelle position C 

Smooth bodv.. .... 0. 0402 0. 0404 0. 0397 0. 0381 0. 0351 0.0306 0. 0238 0.0144 0.0015 

Nacelle position B-l-A, faired into wing 

Exposed cylinders 1___ 
N.A.C.A. hood 1_ 
N.A.C.A. cowled nacelle_ __ 
Variable ring—8° 1___ 

0. 0443 
.04.50 
.0454 
.0453 

0.0441 
.0447 
.0451 
.0450 

0. 0439 
.0440 
.0443 
.0442 

0. 0421 
.0426 
.0427 
.0425 

0. 0398 
.0399 
.0403 
.0399 

0.0360 
.0365 
.0363 
.0360 

0.0302 
. 0306 
.0303 
.0303 

0.0203 
.0220 
.0221 
.0222 

0. 0119 
.0110 
.0114 
.0111 

Nacelle position C-3-A 

Smooth body_ 0. 0416 0. 0417 0.0409 0.0393 0. 0364 0.0319 0.0251 0.0161 0. 0050 

Nacelle position A-l-B, faired into wing 

Exposed cylinders 1___ 
N.A.C.A hood 1_ _ 
Variable ring—8° 1 --- 
N.A.C.A. cowled nacelle.. _ 

0. 0434 
.0430 
.0426 
.0420 

0.0435 
.0430 
.0428 
.0420 

0.0430 
.0424 
.0421 
.0418 

0.0419 
.0410 
.0410 
.0410 

0.0390 
.0389 
.0390 
.0385 

0.0358 
.0354 
.0351 
.0351 

0.0302 
.0300 
.0299 
.0298 

0. 0224 
.0224 
.0220 
.0220 

0.0135 
.0128 
.0127 
.0125 

0.0023 

. 0008 

Nacelle position A-2-B 

Smooth body_ 0.0437 0.0435 0.0428 0.0411 0.0384 0. 0343 0.0284 0.0198 0.0089 
Exposed cylinders 1__ . 0438 .0438 .0433 .0420 .0395 . 0359 .0300 .0221 .0122 

N.A.C.A. hood 1_ .0446 .0444 .0438 .0419 .0394 .0356 .0296 .0217 .0110 
Variable ring—8° 1____ .0447 .0447 .0441 .0427 .0403 .0365 .0310 .0233 . 0130 

N.A.C.A. cowled nacelle_ .0443 .0442 .0435 .0419 .0393 .0356 .0299 .0215 .0110 

Nacelle position C-3-B 

Smooth body___ _1 0.0408 0.0412 | 0.0410 0.0397 0. 0373 0. 0330 0. 0262 0.0171 0.0058 _ 

i Small nacelle 
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TABLE V—Continued 

POWER COEFFICIENT 

Cy 
P 

pn3Dr’ 

Propeller No. 4412—4 feet. Set 17° at 0.75 B. Angle of attack=5° 

Type of nacelle 

V 

n I) 

0.1 0.2 0.3 0.4 0.5 0.6 0.7 0.8 0.9 1.0 

Nacelle position B, with side brackets 

Smooth body_ ___ 
Exposed cylinders b __ 
N.A.C.A. hood 1_ _ .. 
N.A.C.A. cowled nacelle___ 

0.0418 
.0458 
. 0447 
.0451 

0.0415 
.0457 
.0448 
.0450 

0. 0407 
.0446 
. 0440 
.0442 

0. 0392 
. 0428 
. 0425 
.0427 

0. 0367 
.0400 
.0399 
.0399 

0. 0320 
.0360 
.0355 
. 0355 

0. 0252 
.0295 
.0290 
.0292 

0.0164 
.0206 
.0203 
.0205 

0. 0051 
.0095 
.0098 
.0100 

Nacelle position B, without side brackets 

Exposed cylinders K. .. _ 
N.A.C.A. hood 1 . .. _ 
Variable ring —8° _ 

0. 0444 
.0438 
.0446 

0. 0444 
.0438 
.0445 

0. 0439 
.0432 
. 0439 

0. 0427 
. 0420 
.0425 

0.0404 
. 0398 
.0402 

0.0366 
.0359 
.0363 

0. 0310 
.0299 
.0301 

0. 0232 
.0215 
.0217 

0. 0123 
.0112 
.0109 

— 

Nacelle position C 

Smooth body _ 0. 0415 0.0411 0. 0403 
' 

0.0390 0. 0363 0. 0322 0. 0254 0. 0160 0.0038 

Nacelle position B-l-A, faired into wing 

Exposed cylinders ___ 
N.A.C.A. hood 1___ _ 
N.A.C.A. cowled nacelle_ 
Variable ring —8° 1... 

0. 0455 
.0447 
.0445 
.0450 

0. 0450 
. 0446 
. 0445 
.0448 

0. 0442 
.0440 
.0440 
.0439 

0. 0427 
.0425 
.0427 
.0423 

0. 0400 
.0399 
.0401 
.0399 

0. 0357 
.0367 
. 0363 
.0360 

0. 0299 
.0292 
.0301 
.0300 

0. 0219 
.0216 
.0219 
.0217 

0.0110 
.0110 
.0110 
. 0105 

Nacelle position C-3-A 

Smooth body..__ 0. 0424 0.0420 0. 0413 0. 0400 0. 0371 0.0323 0. 0255 0. 0165 0. 0052 

Nacelle position A-l-B, faired into wing 

Exposed cylinders 1 _..__ 
N.A.C.A. hood 1..... 
Variable ring —8° 1... 
N.A.C.A. cowled nacelle_ 

0. 0430 
.0440 
. 0426 
.0420 

0.0430 
.0438 
.0430 
.0426 

0. 0427 
.0430 
.0423 
.0421 

0. 0416 
.0418 
.0415 
.0411 

0. 0391 
.0394 
. 0394 
.0392 

0.0359 
.0360 
. 0361 
.0360 

0. 0305 
.0306 
.0310 
.0309 

0. 0229 
.0231 
. 0237 
.0237 

0. 0140 
.0136 
.0140 
. 0146 

0. 0030 
. 0020 
. 0025 
. 0033 

Nacelle position A-2-B 

Smooth body... ___ 
Exposed cylinders 1_ 
N.A.C.A. hood 1____ 
Variable ring —8° L. _ 
N.A.C.A. cowled nacelle_ 

0. 0443 
.0436 
.0451 
.0448 
.0442 

0.0441 
.0436 
.0448 
.0445 
.0443 

0. 0433 
. 0430 
.0438 
.0439 
.0438 

0. 0418 
.0418 
.0421 
.0425 
.0425 

0. 0393 
.0397 
.0397 
.0402 
.0403 

0. 0355 
.0365 
. 0359 
.0369 
.0368 

0.0300 
.0316 
.0308 
.0318 
.0315 

0. 0221 
.0243 
.0240 
.0244 
.0240 

0.0123 
.0150 
.0138 
. 0152 
.0142 

0. 0031 
.0013 
.0036 
.0018 

Nacelle position C-3-B 

Smooth body___ 0. 0412 0. 0420 0.0419 0. 0405 0. 0377 0.0328 0. 0267 0. 0180 0.0071 

1 Small nacelle. 
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TABLE V.—Continued 

POWER COEFFICIENT 

C P 
CF pn3Db 

Propeller No. 4412—4 feet. Set 17° at 0.75 R. Angle of attack = 10° 

Type of nacelle 

1 
V 

nD 

0.1 0.2 0.3 0.4 0.5 0.6 0.7 0.8 0.9 1.0 

Nacelle position B, with side brackets 

Smooth body__-.. 
Exposed cylinders i__. - 
N.A.C.A. hood 1..... 
N.A.C.A. cowled nacelle.. _ 

0.0417 
.0460 
.0447 
.0453 

0.0413 
.0461 
.0450 
.0452 

0. 0405 
.0452 
.0444 
.0443 

0. 0393 
.0434 
.0431 
. 0427 

0. 0368 
. 0404 
. 0403 
.0400 

0. 0320 
.0361 
.0357 
.0358 

0.0257 
.0305 
.0288 
.0295 

0. 0173 
.0230 
.0202 
.0212 

0. 0071 
. 0122 
. 0095 
.0110 

Nacelle position B, without side brackets 

Exposed cylinders >_____ 
N.A.C.A. hood .... 
Variable ring —8° 1--- 

0. 0443 
.0440 
.0445 

0. 0443 
.0441 
.0445 

0. 0438 
.0437 
.0440 

0.0424 , 
.0423 
.0427 

0. 0403 
.0401 
. 0404 

0. 0369 
. 0365 
.0368 

0. 0318 
.0310 
.0310 

0. 0242 
.0228 
.0233 

0.0141 
.0127 
.0135 

Nacelle position C 

Smooth body----- 0. 0405 0. 0410 0. 0405 0. 0393 0. 0366 0. 0320 0. 0248 0. 0149 0.0018 

Nacelle position B-l-A, faired into wing 

Exposed cylinders -- 
N.A.C.A. hood >__ 
N.A.C.A. cowled nacelle_ . _ 
Variable ring —8° 1.... 

0.0455 
.0446 
.0442 
.0444 

0. 0453 
.0449 
.0447 
.0448 

0.0450 ! 0.0430 
. 0442 j . 0430 
. 0444 ! .0431 
. 0444 | .0431 

1 

0. 0410 
.0400 
.0408 
.0407 

0. 0372 
.0361 
.0366 
.0369 

0.0314 
.0300 
. 0306 
.0308 

0. 0230 
.0211 
.0223 
.0224 

0.0125 
.0107 
.0113 
.0115 

Nacelle position C-3-A 

-1 

Smooth body. - 0.0427 0. 0422 0.0412 0. 0392 0. 0367 0. 0319 0.0250 0. 0160 0. 0044 

Nacelle position A-l-B, faired into wing 

Exposed cylinders 1-- 
N.A.C.A. hood __ 
Variable ring —8° >- 
N.A.C.A. cowled nacelle- - 

0. 0420 
.0434 
.0430 
.0420 

0. 0420 
.0440 
.0430 
.0421 

0.0420 
.0438 
.0425 
.0420 

0.0412 
.0429 
.0419 
.0415 

0. 0396 
.0408 
.0400 
.0401 

0.0370 
.0372 
.0370 
.0380 

0.0326 
.0325 
. 0326 
.0331 

0. 0260 
.0258 
.0260 
.0265 

0.0172 
.0170 
.0170 
. 0175 

0.0066 
.0060 
.0058 
.0070 

Nacelle position A-2-B 

Smooth body----- 
Exposed cylinders 1___ 
N.A.C.A. hood 1_ 
Variable ring —8° 1--- 
N.A.C.A. cowled nacelle- 

0. 0446 
.0442 
.0452 
. 0446 
.0443 

0.0444 
.0442 
.0450 
.0445 
.0442 

0. 0438 
.0439 
.0442 
.0441 
.0437 

0. 0425 
.0429 
.0435 
.0429 
.0424 

0. 0403 0. 0372 
. 0408 . 0377 
. 0416 .0382 
.0410 . 0380 
.0401 .0367 

0. 0324 
.0332 
.0335 
.0338 
.0320 

0.0255 
. 0269 
. 0269 
.0277 
.0256 

0. 0164 
.0180 
.0180 
. 0196 
.0170 

0.0069 
. 0065 
.0093 
.0059 

Nacelle position C-3-B 

Smooth body- 0.0411 0.0417 0.0417 0.0405 0. 0376 
1 

0. 0332 
1 

0. 0271 0. 0189 0. 0082 
. 

> Small nacelle. 
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TABLE VI 

PROPULSIVE EFFICIENCY 

v 
(T—AD) V 

p 

Propeller No. 4412—4 feet. Set 17° at 0.75 R. Angle of attack =—5° 

V 
nD 

Type of nacelle 

0.1 0.2 0.3 0.4 0.5 0.6 0.7 0.8 0.9 1.0 

Nacelle position B, with side brackets 

Smooth body___ __ 
Exposed cylinders 1_ - __ - 
N.A.C.A. hood 1__ 
N.A.C.A. cowled nacelle_ 

0.204 
. 193 
. 193 
. 192 

0. 383 
. 366 
.362 
.363 

0. 530 
.518 
.505 
.508 

0.640 
.640 
.618 
.630 

0.709 
.732 
.698 
.717 

0. 760 
. 790 
.750 
.772 

0. 750 
.814 
.751 
.770 

0.607 
.754 
.617 
.644 

0. 348 

Nacelle position B, without side brackets 

Exposed cylinders 1-- 
N.A.C.A. hood -- - 
Variable ring —8° 1_ 

0.208 
. 210 
.205 

0. 395 
. 396 
.389 

0. 555 
.556 
.549 

0.688 
.684 
.675 

0. 784 
.775 
.767 

0. 841 
.822 
.823 

0.855 
.828 
.831 

0. 786 
.734 
.771 

0. 472 
. 286 
.391 

Nacelle position C 

Smooth body__ 0. 211 0.397 0. 553 0.680 0. 761 0. 798 0. 786 0. 628 

Nacelle position B-l-A, faired into wing 

Exposed cylinders 1--- 
N.A.C.A. hood ____ 
N.A.C.A. cowled nacelle_ 
Variable ring —8° 1___ 

0.206 
.197 
.200 
. 195 

0. 392 
.380 
.381 
.375 

0. 555 
.538 
.538 
.532 

0. 692 
.667 
. 665 
. 663 

0. 790 
.764 
.758 
.763 

0.846 
.819 
.811 
.828 

0. 860 
.824 
.821 
.850 

0. 795 
.742 

• .765 
.815 

0. 435 
.417 
.460 
.549 

Nacelle position C-3-A 

Smooth body____ 0.204 0. 388 0.538 0. 644 0. 742 0.788 0. 774 0. 625 

Nacelle position A-l-B, faired into wing 

Exposed cylinders 1___ 
N.A.C.A. hood __ 
Variable ring —8° C.___ 
N.A.C.A. cowled nacelle ... _ . 

0. 202 
. 199 
.203 
. 206 

0. 383 
.375 
.383 
. 387 

0. 538 
.529 
.535 
. 534 

0. 670 
.656 
.655 
. 650 

0. 770 
. 744 
.743 
. 730 

0. 829 
.781 
-784 
.780 

0.841 
.762 
.782 
.775 

0.810 
.692 
.687 
.678 

0.646 
.327 
.250 
.274 

Nacelle position A-2-B 

Smooth body___ 
Exposed cylinders _ ___ 
N.A.C.A. hood >. _ _ 
Variable ring —8° >__ .. . 
N.A.C.A. cowled nacelle___ 

0.201 
.203 
. 196 
. 201 
. 197 

0.382 
.384 
.371 
.383 
.372 

0. 536 
. 540 
.521 
.542 
.524 

0.662 
.667 
.642 
.568 
.645 

0. 749 
. 761 
. 730 
.761 
. 731 

0.787 
.817 
. 777 
.811 
. 777 

0. 772 
.833 
.772 
.808 
.769 

0. 622 
.770 
.660 
.736 
.620 

.397 

. 100 

.282 

Nacelle position C-3-B 

Smooth body.... 0.206 0.387 0.538 0. 653 0. 736 0. 778 0. 775 0. 634 

i Small nacelle. 
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TABLE VI—Continued 

PROPULSIVE EFFICIENCY 

(T—AD) V 
V=-p 

Propeller No. 4412—4 feet. Set 17° at 0.75 R. Angle of attack = 0° 

Type of nacelle 

V 
nD 

0.1 1 0.2 0.3 0.4 0.5 0.6 0.7 
I 

0.8 0.9 
1 

Nacelle position B, with side brackets 

I Smooth body- 
Exposed cylinders 1. 
N.A.C.A. hood i. 
N.A.C.A. cowled nacelle. 

0.199 
. 192 
.193 
. 189 

0. 373 
.366 
.363 
.358 

0. 528 
.516 
.510 
.502 

0.640 
.639 
.622 
.621 

0.717 
. 730 
.706 
.709 

0. 756 
.790 
.746 
.756 

0. 745 
.815 
.753 
.750 

0.607 
.760 
.636 
.603 

0. 350 

Nacelle position B, without side brackets 

Exposed cylinders L 
N.A.C.A hood 1- 
Variable ring — 8° >. 

0. 202 0. 385 0. 541 0.667 0. 758 0.812 0.834 0. 780 0.468 

.208 . 393 .550 .676 .762 .811 .813 .721 . 238 

.208 .393 .552 .680 .768 .816 .823 .734 .319 

Nacelle position C 

Nacelle position B-l-A, faired into wing 

Exposed cylinders >- 
N.A.C.A. hood 1.-.. 
N.A.C.A. cowled nacelle- 
Variable ring —8° 1-- 

0.205 0. 392 0.547 0. 682 0. 775 0.834 0.859 0.799 0.439 

198 .377 .529 .647 .738 .790 .800 . 716 . 286 

. 197 .373 .523 .643 . 724 .775 .785 .706 . 252 

. 195 .372 .524 .650 .738 .780 .777 .667 . 146 

Nacelle position C-3-A 

--- 

0.200 0.377 0. 530 0. 652 0. 736 0. 775 0. 761 0.596 

Nacelle position A-l-B, faired into wing 

0.203 0.386 0.545 0. 671 0. 770 0.828 0. 840 
. 770 
.795 
.790 

. 200 .381 .538 .665 . 748 . 783 

.202 .382 .540 .662 . 745 . 795 

.207 .391 .544 .660 .752 .787 

0. 790 
.694 
.740 
.728 

0. 540 
.317 
.440 
.425 

Nacelle position A-2-B 

Smooth body.. 
Exposed cylinders 1. 
N.A.C.A. hood >.. 
Variable ring —8° 1.. 
N.A.C.A. cowled nacelle. 

0.201 0.382 0.535 
.203 .385 .541 
. 194 .368 .515 
.201 .381 .538 
. 197 .372 .522 

0.662 
.668 
.640 
.665 
.642 

0.749 
.764 
.727 
.757 
.727 

0. 788 
.819 
. 773 
.815 
.771 

0. 774 
.833 
.777 
.827 
. 773 

Nacelle position C-3-B 

Smooth body--- 0.210 0. 389 0. 536 0. 652 0. 724 0. 772 0. 763 0.600 

1.0 

Smooth body----- 0. 206 0. 387 0.540 0.661 0.748 0. 795 0.785 0.583 

0 1 
. 778 0. 486 
.686 .294 
.773 . 464 
.680 .245 

i Small nacelle. 
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TABLE VI—Continued 

PROPULSIVE EFFICIENCY 

(T—AD) V 

Propeller No. 4412—4 feet. Set 17° at 0.75 R. Angle of attack = 5° 

Type of nacelle 

V 
nD 

0.1 0.2 0.3 0.4 0.5 0.6 0.7 0.8 0.9 1. 0 

Nacelle position B, with side brackets 

Smooth body...—- 
Exposed cylinders 1-- 
N.A.C.A. hood i---- 
N.A.C.A. cowled nacelle...—-. 

0. 193 
.187 
. 191 
. 185 

0. 365 
. 354 
.357 
.348 

0. 509 
.498 
.498 
.487 

0.616 
.617 
.607 
.596 

0. 686 
.700 
.683 
.677 

0. 728 
.748 
.736 
.724 

0. 736 
.764 
.753 
.712 

0.610 
.730 
. 678 
.562 

0. 322 
. 170 

Nacelle position B, without side brackets 

Exposed cylinders1.-.- 
N.A.C.A. hood 1_ 
Variable ring —8° 1----- 

0. 202 
.203 
.202 

0. 383 
.383 
.382 

0. 533 
.537 
.534 

0. 652 
.657 
.654 

0. 740 
.735 
.736 

0.698 
.781 
.782 

0. 808 
.780 
.791 

0. 745 
.695 
.736 

0. 475 
.241 
.380 

Nacelle position C 

Smooth body__ 0.201 0. 381 0.527 0.638 0.713 0.741 0. 723 0.549 

Nacelle position B-l-A, faired into wing 

Exposed cylinders 1..—,. 
N.A.C.A. hood 1... 
N.A.C.A. cowled nacelle--- 
Variable ring —8° 1...- 

0. 193 
. 196 
. 197 
. 193 

0. 370 
. 371 
.370 
.366 

0. 524 
. 519 
.517 
.517 

0.641 
.640 
.630 
.639 

0. 730 
.719 
.711 
. 725 

0.785 
. 757 
.749 
.775 

0. 785 
.743 
.744 
.784 

0. 720 
.618 
.628 
.719 

0.410 
. 106 
. 115 
.360 

Nacelle position C-3-A 

Smooth body.-.— | 0.196 0. 375 0. 525 0.640 0.724 0. 771 0.755 0.592 

Nacelle position A-l-B, faired into wing 

Exposed cylinders !.- 
N.A.C.A. hood -- 
Variable ring —8° 1-- 
N.A.C.A. cowled nacelle- 

0.205 
. 196 
.204 
.207 

0.390 
.372 
.382 
.388 

0.549 
.523 
. 540 
.542 

0.673 
.640 
.654 
.664 

0. 763 
.722 
.736 
.745 

0.818 
.765 
.785 
. 785 

0.830 
.758 
.792 
.790 

0. 790 
.693 
.760 
.740 

0.514 
.397 
.610 
.482 

Nacelle position A-2-B 

0. 196 0. 372 0. 523 0.645 0. 732 0. 772 0. 768 0. 706 0.402 
. 202 .381 . 533 .654 .743 .794 .818 .795 . 618 

N A C. hood 1 - _ . 192 .364 . 515 .637 .723 .775 .780 .720 . 528 

Varinhle ring —8° 1 __ _ . 199 .380 .534 .662 . 756 .810 .825 .800 . 621 

N.A.C.A. cowled nacelle-- . 197 .371 .515 .632 . 710 . 750 .753 .683 . 406 

•Jacelle position C-3-B 

Smooth body.—.— 0.207 0.381 0. 524 0.638 0. 716 0. 774 0.760 0.650 

> Small nacelle. 
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TABLE VI—Continued 

PROPULSIVE EFFICIENCY 

(T—AD) V 
^ ~p 

Propeller No. 4412—4 feet. Set 17° at 0.75 R. Angle of attack = 10° 

Smooth body... 
Exposed cylinders 1- 
N.A.C.A. hood 1.. 
N.A.C.A. cowled nacelle- 

Exposed cylinders >. 
N.A.C.A. hood 1- 
Variable ring —8° !. 

Exposed cylinders 1- 
N.A.C.A. hood 1.. 
N.A.C.A. cowled nacelle. 
Variable ring —8° 1- 

Smooth body. 

Exposed cylinders 1. 
N.A.C.A. hood L... 
Variable ring —8° 1- 
N.A.C.A. cowled nacelle. 

Smooth body- 
Exposed cylinders 1- 
N.A.C.A. hood 1- 
Variable ring —8° 1- 
N.A.C.A. cowled nacelle. 

Smooth body. 

Type of nacelle 

n 
V 
D 

0.1 0.2 0.3 0.4 0.5 0.6 0.7 0.8 0.9 1.0 

Nacelle position B, with side brackets 

0.189 
. 181 
. 186 
. 182 

0.355 
.341 
.342 
.340 

0.491 
.478 
.470 
.475 

0.589 
.589 
.563 
.575 

0. 649 
.668 
.627 
.640 

0.685 
.715 
. 664 
. 672 

0. 665 
.695 
. 670 
. 650 

0.532 L.. 
.599 I 0.111 
. 602 . 210 
.510 !_ 

Nacelle position B, without side brackets 

Nacelle position C 

0. 198 j 0.365 0. 502 0. 602 0. 663 0. 694 0. 663 

Nacelle position B-l-A, faired into wing 

Nacelle position C-3-A 

0.192 0. 367 0. 518 0. 640 0.714 0. 758 0.745 0.585 

Nacelle position A-l-B, faired into wing 

0.208 
.197 
. 197 
.204 

0.392 
.363 
.376 
.385 

Nacelle position A-2-B 

0.193 
. 197 
. 189 
. 198 
. 194 

0. 363 
.369 
.356 
.376 
.370 

0.506 
.512 
.495 
.524 
.506 

0. 621 ; 6. 701 
. 620 . 700 
. 597 I . 670 
. 644 | . 730 
.617 .695 

Nacelle position C-3-B 

0. 199 0. 373 0.518 0. 635 0.716 0. 761 0. 770 0. 724 0.491 

. 198 .369 .506 . 611 .680 . 706 .695 . 607 . 199 

. 196 .366 . .506 .613 .689 .730 .734 .676 .373 

0. 483 

0. 188 j 0. 358 0. 505 0. 630 0. 706 0. 747 0. 740 0. 656 0. 273 

.191 •356 .497 .595 .675 . 720 .730 .656 .345 

.193 .357 .490 .592 .655 .690 .679 .563 .060 

.192 .355 .490 .594 . 667 .710 .723 .672 .391 

0. 542 0. 657 0. 730 0. 760 0. 747 0. 675 0. 445 

. 508 .614 . 690 .735 . 735 .682 . 503 
0.518 .526 .638 .725 .780 .810 .820 .805 

.530 .636 .705 .729 . 733 .691 .545 

738 0. 733 0. 665 0. 433 
738 .740 . 684 . 520 
710 .710 .657 .480 
782 .792 .760 .643 0.197 
733 .727 . 665 .487 

0. 207 0.385 | 0. 530 0. 640 0. 720 0. 766 0. 765 0. 678 0.245 

1 Small nacelle. 
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TABLE VII 

LIFT COEFFICIENT WITH PROPELLER OPERATING 

Propeller No 4412—4 feet. Set 17° at 0.75 R. Angle of attack =—5° 

Type of nacelle 

V 
nD 

0.1 0.2 0.3 0.4 0.5 0.6 0.7 0.8 0.9 

Nacelle position B, with side brackets 

1.0 

0.017 0. 029 0.036 0. 041 0. 044 0. 046 0. 047 
.041 .039 .034 .030 .028 .023 . 020 
.023 .022 .021 .020 .020 .019 . 018 
.031 .030 .030 .030 .030 .029 .029 

Smooth body.. 
Exposed cylinders >1. 
N.A.C.A. hood 1_ 
N.A.C.A. cowled nacelle. 

Nacelle position B, without side brackets 

Exposed cylinders 1_...__ 0.013 0. 013 0.015 0. 020 0. 023 0. 029 0. 032 
N.A.C.A. hood 1__ .059 .041 .031 .023 .020 . 021 .026 
Variable ring —8° 1_ .031 .023 .020 .019 .018 .019 .020 

Nacelle position C 

Smooth body_ _ 0. 040 0.038 0.034 0 .033 0. 034 0.036 0. 038 

Nacelle position B-l-A, faired into wing 

Exposed cylinders 1__ __ 0. 091 0. 072 0. 060 0. 050 0. 043 0. 040 0. 037 
N.A.C.A. hood 1_ ___ . 140 . 100 .075 . 058 . 044 . 039 . 037 
N.A.C.A. cowled nacelle..... .092 .088 .081 . 078 . 074 . 071 . 070 
Variable ring —8° 1_ .058 .051 .050 .049 .050 .051 .058 

Nacelle position C-3-A 

Smooth body_ 0. 055 0. 049 0. 042 0. 039 0. 035 0.032 0. 030 

Smooth body_ 
Exposed cylinders 1_ 
N.A.C.A. hood _ 
Variable ring —8° 1_ 
N.A.C.A. cowled nacelle. 

Naeelle position A-l-B, faired into wing 

Exposed cylinders 1_- __ -0.042 
.010 

-.072 
-.081 

-0. 022 
.005 

-. 039 
-.065 

N.A.C.A hood 1___ 
Variable ring —8°1_ ... . ... 
N.A.C.A. cowled nacelle_ _ _. 

-0.009 
.001 

-.018 
-.051 

0. 005 0.013 0. 021 0. 030 
-.001 -.002 -.004 -.005 
-.005 .000 .000 -.003 
-.040 -.032 -.025 -. 020 

Nacelle position A-2-B 

-0. 024 -0.010 0.001 0.011 0.019 0. 027 0. 030 
-.002 .000 .004 .011 .021 .039 .060 
-.020 -.011 -.004 .000 .002 .004 .004 
-.059 -.051 -.041 —.029 -.010 .009 .029 
-.043 -.022 -.009 .000 .006 .008 .008 

Nacelle position C-3-B 

Smooth body. -0.038 0.000 I 0.010 0.011 0.011 0.011 0.011 

1 Small nacelle. 



CLARK Y WING—VARIOUS RADIAL-ENGINE COWLINGS—TRACTOR PROPELLER 391 

TABLE VII—-Continued 

LIFT COEFFICIENT WITH PROPELLER OPERATING 

cLp=h 
qS 

Propeller No. 4412—4 feet. Set 17° at. 0.75 K. Angle of attack=0° 

Type of nacelle 

V 
n D 

0.1 0. 2 0.3 0.4 0.5 0.6 0.7 0.8 0.9 1.0 

Nacelle position B, with side brackets 
1 

0. 353 0. 350 0.344 0.340 0. 334 0. 330 0.324 
.362 .350 . 339 .328 . 316 .304 .292 

N A C A. hood 1_ _ -- .386 .350 .330 .321 .316 .312 .311 
N.A.C.A. cowled nacelle_ -- .339 .337 .333 .330 .328 .324 .321 

Nacelle position B, without side brackets 

0. 364 0.331 0.311 0. 303 0. 303 0. 302 0. 301 
N.A.C.A. hood 1 - _ ____ . 360 .333 .318 .308 .301 300 . 306 
Variable ring —8° >-- 

. 
.339 .329 .320 .313 .311 .310 .310 

Nacelle position C 

Smooth body. --- — — 0.390 0. 362 0. 342 . 0329 0.319 0.311 0.308 

Nacelie position B-l- A, faired into wing 

! 0.450 0.397 0. 364 0. 340 0.328 0.320 0.313 
1 .430 .387 .361 .346 .341 .339 .338 

N A C A cowled nacelle.. _ _ .475 .416 .375 .358 .360 .365 .370 

Variable ring —8° 1- .452 .400 .370 .352 .345 .345 .350 

Nacelle position C-3-A 

Smooth body_ 0.352 0. 340 0.330 0.325 0.321 0.320 0.320 

Nacelle, position A-l-B, faired into wing 

0.291 0. 282 0.279 0.275 0. 272 0. 270 0. 270 

N A C A hood i .301 .290 .281 .275 .271 . 270 . 267 
.278 .272 .270 .268 .267 . 264 .263 

N.A.C.A. cowled nacelle_ .243 .245 .249 .250 .250 . 249 .248 

Nacelle position A-2-B 

0. 276 0.283 0.290 0. 296 0. 298 0.299 0.298 
.302 .303 .303 .304 . 306 .309 .311 
.267 .280 . 290 .299 .302 .304 . 305 
. 249 .261 .270 .276 .280 .282 .282 

I N.A.C.A. cowled nacelle__ .273 .279 .281 .285 .290 . 292 . 298 

Nacelle position C-3-B 

Smooth body___ 0.320 0. 320 0.320 0. 320 0. 320 0. 320 0.320 

1 Small nacelle. 
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TABLE VII—Continued 

LIFT COEFFICIENT WITH PROPELLER OPERATING 

Propeller No. 4412—4 feet. Set 17° at 0.75 R. Angle of attack=5° 

V 

0.1 0.2 0.3 0.4 0.5 0.6 0.7 0.8 
00 

1.0 

Nacelle position B, with side brackets 

Smooth body.- . __ 0. 715 0. 682 0. 659 0. 643 0. 634 0. 631 
. 573 

0. 630 
Exposed cylinders1 . -_ _ _ . 880 .647 . 621 . 601 . 588 . 562 
N.A.C.A. hood 1 . 721 .680 . 650 . 630 609 . 602 
N.A.C A. cowled nacelle .721 .679 .650 .631 . 620 .618 .618 

Nacelle position B, without side brackets 

Exposed cylinders 1 . __ 0. 710 0. 657 0. 617 0. 594 0. 581 0. 572 0. 567 
N.A.C.A. hood 1 _- ___ .888 . 653 . 630 . 611 . 599 590 . 582 
Variable ring—8° 1 _ __ .. 899 .652 .622 .600 .583 .574 .570 

Nacelle position C 

Smooth body___ 0. 732 0. 677 0. 642 0. 625 0.616 0.614 0.612 

Nacelle position B-l-A, faired into wing 

Exposed cylinders 1__ 0. 795 0. 724 0. 675 0. 643 0. 625 0 616 0. 609 
N. A. C. A. hood 1 _ - . ..    . 784 . 704 . 666 642 630 628 . 627 
N.A.C.A. cowled nacelle.-  - .813 . 733 . 692 . 670 . 660 655 .652 
Variable ring —8° 1_ .825 .721 .678 .658 .650 .643 .638 

Nacelle position C-3-A 

Smooth body____ - 0. 640 0.627 0.617 0.610 0. 606 0.602 0. 601 

Nacelle position A-l-B, faired into wing 

Exposed cylinders 1___ 0. 605 0. 578 0. 570 0. 562 0. 558 0. 550 
N.A.C.A. hood 1__ . . 620 . 595 . 578 . 563 . 553 . 541 
Variable ring—8° i_ _ . _ . . 584 . 572 . 565 . 560 . 553 
N.A.C.A. cowled nacelle .563 .557 .550 . 542 . 538 .532 . 528 

Nacelle position A-2-B 

Smooth body_ ... 0.594 0. 599 0.601 0. 604 0. 609 0.610 0. 613 
Exposed cylinders 1 - . _.. .600 .603 . 609 .611 .613 . 619 . 621 
N.A.C.A. hood 1 . .. .589 . 590 . 592 .595 . 598 . 600 . 601 
Variable ring —8° L— .. __ .601 . 600 .595 . 590 . 589 . 584 . 581 
N.A.C.A. cowled nacelle _ .619 .601 .592 .590 . 592 .600 .609 

Nacelle position C-3-B 

Smooth body.._ 0. 600 0. 600 0. 599 0. 598 0.597 0.595 0.592 

1 Small nacelle. 
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TABLE VII—Continued 

LIFT COEFFICIENT WITH PROPELLER OPERATING 

Propeller No. 4412—4 feet. Set 17° at 0.75 B. Angle of attack = 10° 

Type of nacelle 

V 
nD 

0.1 0.2 0.3 0.4 0.5 0.6 0.7 0.8 0.9 1.0 

Nacelle position B, with side brackets 

Smooth bodV- ___ 1. 080 1.026 0. 989 0.963 0. 946 0. 937 0. 931 
Exposed cylinders 1.. 1. 101 . 991 . 930 . 887 . 359 .839 .828 
N.A.C.A. hood 1_____ 1. 072 1. 003 .971 . 949 .931 .919 .910 
N.A.C.A. cowled nacelle.... 1.078 1.006 .976 .956 .940 .929 .919 

1 
Nacelle position B, without side brackets 

Exposed cylinders i_ . 1.060 0. 988 0.934 0.898 0. 871 0.853 0. 840 
N.A.C.A. hood !____ 1.042 . 990 . 952 . 927 . 910 . 900 . 893 
Variable ring —8° 1__ 1.041 .997 .960 .933 .913 .900 .892 

Nacelle position C 

Smooth body.--... 1.080 1.021 0.981 0.957 0.940 0. 930 0.928 

Nacelle position B-l A, faired into wing 

Exposed cylinders >___ 1.121 1.041 0. 981 0. 941 0.915 0. 895 0. 880 
N.A.C.A. hood '_ , 1. Ill 1.042 . 996 .966 . 946 .933 .926 
N.A.C.A. cowled nacelle..... 1. 140 1. 050 .989 .961 .955 . 952 .950 
Variable ring —8° 1_ 1. 135 1. 040 .992 .970 .951 .939 .920 

Nacelle position C-3-A 

Smooth body _ -.. 0. 945 0. 930 0.919 0.910 0. 908 0.905 0.908 

Nacelle position A-l B, faired into wing 

Exposed cxdinders •__ ____ 0. 930 0. 908 0.890 0. 875 0.860 0. 848 0. 835 
N. A. C. A. hood 1 __ .971 .930 .900 .881 .870 .861 .855 
Variable ring —8" 1_ . _ . 968 .922 . 893 .872 . 861 .853 .850 
N.A.C.A. cowled nacelle... .. .. _ .914 .890 .873 . 860 .850 .838 .833 

Nacelle position A-2-B 

Smooth body . ... 0. 950 0. 941 0.934 0. 930 
1 

0.922 0.918 0.911 
Exposed cylinders : .. . .969 .944 .929 .918 .911 .910 .910 
N.A.C. \. hood ___ .963 .942 .929 .921 .915 . 910 . 909 
Variable ring—8° 1__ _ .896 .893 .891 .889 .888 .883 .880 
N.A.C.A. cowled nacelle...__ .936 .930 .924 .921 .920 .919 .919 

Nacelle position C-3-B 

Smooth body______ 
' *1 

1 

0.930 0.920 0. 910 0.900 0.890 0.881 0. 872 

1 Small nacelle. 

40768—34 26 
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TABLE VIII 

MOMENT COEFFICIENT WITH PROPELLER OPERATING 

P _Mp 

Lmp~Wc 

Propeller No. 4412—4 feet. Set 17° at 0.75 R. Angle of attack= —5° 

0.1 0.2 0.3 0.4 0.5 0.6 
1 

0.7 0.8 0.9 j 1.0 

Nacelle position B, with side brackets 

Smooth body. . -0. 123 -0. 100 -0. 086 -0. 080 -0. 076 -0. 075 —0. 075 
Exposed cylinders 1 _ __ -.098 -.084 , -.073 -.065 -.060 -. 057 1 -.055 
N.A.C.A. hood 1 - 

..! -. 104 -.091 -.082 -.075 -.071 -.068 -. 066 
N.A.C.A. cowled nacelle_ _ _ :::::::::: -. no -.100 -.092 -.088 -. 085 -.084 -.084 

Nacelle position B, without side brackets 

Exposed cylinders >. __ _ __ __ -0. 104 -0.093 -0.083 -0. 074 -0.069 -0. 065 -0. 065 
N.A.C.A. hood l-- _ -... —. 104 -.093 -.086 -.081 -.078 —. 077 I 076 
Variable ring —8° 1_ _ -.095 -.088 -.083 -.078 -.075 -. 072 j -.071 

Nacelle position C 

Smooth body.. . . -0. 105 -0.089 -0. 079 -0. 075 -0. 071 -0.069 -0.067 

Nacelle position B-l- A, faired into wing 

Exposed cylinders 1._ . —0.162 -0. 118 —0 092 —0 077 -0 067 -0. 060 
—. 060 

—0 054 
N.A.C.A. hood >____ -. 142 —. 114 -. 092 —. 076 — 066 -. 056 
N.A.C.A. cowled nacelle_ _ ... -. 187 -. 130 -. 095 —. 079 -. 069 —. 063 -. 060 
Variable ring —8° 1____ -. 185 -. 127 -. 096 -.079 -.068 -. 062 -. 061 

Nacelle position C-3-A 

Smooth body_ -0.340 -0.202 -0. 135 -0. 100 -0. 074 
1 

-0. 056 -0. 042 

Nacelle position A-l- B, faired into wing 

Exposed cylinders 1... ___ _ 
1 

-0. 026 -0. 043 —0 055 -0. 063 
- 059 

-0. 067 
-.063 
-.073 
-. 069 

-0. 071 -0. 072 
-. 066 
-.083 
-.077 

N.A.C.A. hood L ...... -. 024 —. 040 j - 052 
Variable ring—8° 1. .. —. 015 —. 039 - 055 —. 065 - 079 

-.074 N.A.C.A. cowled nacelle . -. 027 -. 042 -. 054 -. 062 

Nacelle position A-2-B 

Smooth body- ___ 0.031 —0 010 —0 036 -0. 056 
—. 061 

-0. 070 
—. 075 

-0.080 ! 
-.085 
-. 083 | 
-. 082 1 
-. 077 

-0.085 
-. 092 
-. 088 
-.085 
-.084 

Exposed cylinders 1_ 
_ 

. 050 —. 007 —. 040 
N.A.C.A. hood C-- .. . 045 —. 012 -.043 

— 029 
-.062 
-.056 
-.052 

-.075 
-.072 
-.067 

Variable ring —8° >. ... . 060 . 010 
N.A.C.A. cowled nacelle_ .044 -. 001 -. 031 __ 

Nacelle position C-3-B 

Smooth body___ 0.144 0.034 -0. 020 -0. 054 -0. 076 -0. 090 -0.100 

1 Small nacelle 
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TABLE VIII—Continued 

MOMENT COEFFICIENT WITH PROPELLER OPERATING 

r _MP 
mp~Wc 

Propeller No. 4412—4 feet. Set 17° at 0.75 I?. Angle of attack=0° 

395 

1 

Type of nacelle 

V 
nD 

0.1 0.2 0.3 
l 

0.4 0.5 0.6 | 0.7 0.8 0.9 1.0 

Nacelle position B, with side brackets 

-0. 096 
-.085 
-.084 
-.079 

-0. 078 
-.072 
-.065 
-.071 

-0. 066 
-.062 
-.054 
-.066 

-0. 059 
-.055 
-. 047 
-.063 

-0. 055 
-. 052 
-.045 
-.060 

-0. 055 
-.050 
-.044 
-. 059 

-0.055 1 
-.049 
-.044 
-.058 

F-vposftri cylinders 1 . ... 

N.A.C.A. cowled nacelle-j 

Nacelle position B, without side brackets 

-0. 077 
-.083 
-.075 

-0. 072 
-.072 
-.070 

-0. 067 
-.065 
—.065 

-0.063 
-.059 
-.062 

-0.060 
-. 056 
-.060 

-0.058 | 
-.055 1 
-. 059 

-0.056 
-.054 
-.058 

M A fl A hood 1 

Nacelle position C 

__ -0. 081 -0. 064 -0. 054 -0. 050 -0.049 -0.048 -0. 046 

Nacelle position B-l-A, faired into wing 

-0.134 
-. 157 
-. 145 
-. 145 

-0.100 
-. 107 
-. 104 
-.105 

-0. 076 
-.079 
-. 075 
-.078 

-0. 060 
-.062 
-.0.58 
-. 062 

-0. 051 
-.052 
-.048 
-. 050 

-0.047 
-.046 
-.044 
-.042 

-0.044 ! 
-.041 
-.040 
-.037 | 

NT A n A. cowled nacelle __ 
‘ .. - 

Nacelle position C-3-A 

-0. 322 -0. 180 -0.118 -0.083 -0. 058 -0.043 -0. 031 

Nacelle position A-l-B, faired into wing 

-0.008 
.003 
.009 

-.022 

-0.033 
-.030 
-.024 
-.035 

-0. 050 
-. 051 
-.045 
-.045 

-0. 060 
-.066 
-.059 
-.053 

-0. 067 
-.077 
-.067 
-.060 

-0.070 
-.085 
-.072 
-.065 

-0.072 t 
-.092 
-.074 
-.067 

M A n A hood 1 __ 

N.A.C.A. cowled nacelle___ . 

Nacelle position A-2-B 

0.052 
.068 
.061 
.063 
.065 

0.002 
.009 
.000 
.008 
.010 

-0. 028 
-.029 
-.030 
-.023 
-.021 

-0.050 
-.050 
-.050 
-.045 
-.045 

-0.065 
-.065 
-. 063 
-.061 
-.060 

-0. 075 
-.074 
-.073 
-. 072 
-.071 

-0. 078 
-.078 
-. 079 
-.079 
-.079 

N.A.C.A. cowled nacelle.-..— 

Nacelle position C-3-B 

0. 147 0.040 ! —0. 012| -0.044 -0. 066 -0.082 -0.094 

• 

i Small nacelle. 
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Table VIII—Continued 

MOMENT COEFFICIENT WITH PROPELLER OPERATING 

C, 
Mi 

Propeller No. 4412—4 feet. 

qSc 
Set 17° at 0.75 R. Angle of attack=5° 

Type of nacelle 

V_ 
nD 

0.1 0.2 0.3 0, 0.5 0.6 0.7 0.8 0.9 ! 
1 

1.0 

Nacelle position B. with side brackets 

Smooth body_ ___ _ __ _ -0. 074 -0. 057 —0. 050 -0. 045 -0. 040 -0. 039 -0. 039 
Exposed cylinders 1_____ -.064 -.054 —. 046 -.042 -.039 -.037 -.036 
N.A.C.A. hood 1_ __... 058 -. 044 -. 035 -. 030 —. 026 -. 023 -. 023 
N.A.C.A. cowled nacelle. . _ -.068 -.061 —. 056 -.052 -.050 -.048 -.047 

Nacelle position B, without side brackets 

Exposed cylinders 1__ _ —0.060 -0. 055 -0. 051 -0.048 -0. 045 -0. 042 -0. 040 
N.A.C.A. hood 1__ -. 059 -. 054 -. 050 — .046 —. 044 -. 043 -.041 
Variable ring —8°1_ __ -.059 -. 055 -.051 -.048 -.046 -. 045 -.044 

Nacelle position C 

Smooth body.. ... -0.056 -0. 045 -0.036 -0. 030 -0. 027 -0. 026 -0. 025 

Nacelle position B-l A, faired into wing 

Exposed cylindersl. .. _ .. .. .. -0.117 -0. 092 -0.072 —0. 058 -0. 048 -0. 041 -0.036 
N.A.C.A. hood 1 —. 142 —. 083 -. 058 -.047 -. 039 -. 034 -. 030 
N.A.C.A. cowled nacelle. —. 115 —. OSO —. 056 —. 042 -. 035 -.031 -. 027 
Variable ring —8° _.... -.115 -. 082 -.058 1 -.043 -.032 -.026 -.023 

Nacelle position C-3-A 

Smooth body__ _ _ -0. 295 -0. 172 -0. 105 -0. 066 -0. 043 -0. 030 -0. 021 

Nacelle position A-l-B, faired into wing 

Exposed cylinders 1. . _. . 0. 026 -0.010 —0.033 -0.047 —0. 055 —0. 060 -0.061 
N.A.C.A. hood ‘.... . 014 -. 022 —. 045 —. 059 —. 061 —. 060 —.060 
Variable ring —8° l.___ . 025 -. 009 -. 033 -.049 -. 058 —. 064 -. 066 
N.A.C.A. cowled nacelle.. .. . .004 -.022 -.038 -.048 —. 055 -.059 -.061 

Nacelle position A-2-B 

Smooth body _ _ . _ _ 0. 075 0. 017 -0. 019 —0. 039 —0. 052 —0. 061 —0. 066 
Exposed cylinders ' __ _ _ .056 . 005 — .028 -. 046 -.059 —.068 — .074 
N.A.C.A. hood 1___ . 066 . 013 -. 023 -.043 —. 054 —.063 -. 069 
Variable ring—8°'... _ ... . 060 . 016 -.018 -.045 —. 064 —. 075 -.081 
N.A.C.A. cowled nacelle .071 .020 —.012 -.035 -. 050 -.061 -. 069 

Nacelle position C-3-B 

Smooth bodv..... 0. 159 0. 057 

1 

0.005 -0. 028 -0. 050 -0. 064 -0. 075 

i Small nacelle. 
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TABLE VIII—Continued 

MOMENT COEFFICIENT WITH PROPELLER OPERATING 

_Mp 
Kmp~qSc 

Propeller No. 4412—4 feet. Set 17° at 0.75 R. Angle of attack = 10° 

Type of nacelle 

1 

_V 

nD 
.  

0.1 0.2 0,3 0.4 0.5 0.6 0.7 0.8 0.9 1.0 

Nacelle position B, with side brackets 

Smooth body ..... 1 
-0.053 -0. 042 -0.035 -0. 031 -0.028 -0. 028 —0. 028 

Exposed cylinders 1_ .„ 1 -.041 -.038 —. 036 — .035 —. 035 -.035 —.035 
N.A.O.A. hood 1_ ___ —.033 — .028 —.025 —. 023 — .021 — .020 -. 020 
N.A.C.A. cowled nacelle__ 

.— 

1 
-.045 -.042 -.040 -.038 i -. 036 -.035 -.035 

Nacelle position B, without side brackets 

Exposed cylinders 1__ _ ... . 1 -0. 065 — 0. 054 —0.046 —0. 042 -0.039 -0.038 -0.038 
N.A.C.A. hood 1_ .. ... -.030 -.030 -.030 -.030 -. 030 -.030 -. 030 
Variable ring —8°_ _ 

i 
-.030 -.030 -.030 -.030 1 -.030 -.030 -.030 

Nacelle position C 

Smooth body.______ 
f 

-0. 020 -0.015 -0.012 -0.010 -0.008 -0. 007 -0. 007 

Nacelle position B-l-A, faired into wing 

Exnosed cylinders ! _ __ _ . _ _ -0. 143 -0. 100 -0. 069 -0. 053 -0.045 -0.040 -0. 038 
N.A.C.A. hood > .. . ___ . -. 112 -.068 -.048 —.035 -.027 -.023 -.021 
N.A.C.A. cowled nacelle . __ _ -. 104 -.078 -.058 -.042 -.033 -.027 -.024 
Variable ring —8° 1_ — -.107 -.073 -. 050 -. 035 -.025 -.019 -.017 

Nacelle position C-3-A 

Smooth body _ ___ _ _ -0. 285 -0. 152 -0.090 -0. 063 -0. 041 -0. 026 -0.016 

1 
Nacelle position A-l -B, faired into wing 

Exposed cylinders 1 0.000 -0.015 -0. 031 -0. 043 -0.051 -0. 056 -0. 060 
N.A.C.A. hood 1 

_ 
.020 -.010 -.031 -.043 -.050 -.055 -.057 

Variable ring —8° L .026 -.005 -.026 -.039 -.047 -.052 -.056 
N.A.C.A. cowled nacelle_ . _ .025 -.005 -.027 -.042 -.050 -.055 -.058 

Nacelle position A-2-B 

Smooth body _ __.... 0. 093 0.019 -0. 017 -0. 027 -0. 049 -0. 057 -0. 062 
Exposed cylinders 1 »_ .__ - _ .057 .010 -.023 -.044 -.058 -.066 -.071 
N.A.C.A hood 1 . 088 .018 -.020 -. 039 -.049 -.056 -.062 

. 082 .032 -.013 -.040 -.054 -.061 -. 066 
N.A.C.A. cowled nacelle__ .091 .024 -. 020 -. 040 -.049 -.054 -.057 

Nacelle position C-3-B 

Smooth body_^ 0. 185 0.066 0. 009 -0.024 -0.045 -0.061 -0.072 

i Small nacelle. 
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TABLE IX 

RELATIVE MERITS OF VARIOUS COWLINGS FOR DIFFERENT NACELLE LOCATIONS 

HIGH AND CRUISING SPEED CONDITION 

Propeller No. 4412—4 feet. Set. 17° at 0.75 R. ^=0.65 CL=0.347 

N acelle 1 ocation.... B B 2 C B-l-A 3 C-3-A A-l-B 3 A-2-B C-3-B 

Propulsive efficiency O) 

Smooth body__ 0. 760 0 . 793 0.778 0. 775 Exposed cylinders 1_ .805 0.832 0.853 0 840 R9Q 
Variable ring —8° 1_ .823 . 783 »nn 
N.A.C.A. hood . .758 .816 . 803 782 
N.A.C.A. cowled nacelle-.._ .760 .788 .793 .773 

Nacelle drag efficiency factor (N.D.F.) 

Smooth body_ 0.037 0.070 0.141 0. 143 Exposed cylinders 1_ . 185 0. 262 0 318 0 283 
| Variable ring —8° 1__ . 177 211 242 

N.A.C.A. hood i.. . 122 . 170 . 195 i£n 
N.A.C.A. cowled nacelle. _ .046 . 125 . 151 . 135 

Net efficiency O—N.D.F) 

Smooth body__ 0. 723 0. 723 0.637 0.632 Exposed cylinders 1_ .620 0. 570 0. 535 n ^7 
Variable ring —8° i_ -. . 646 572 
N.A.C.A. hood 1... .636 . 646 fi08 B09 
N.A.C.A. cowled nacelle__ .714 .663 .642 .638 

! 

1 Small nacelle. 
2 Side brackets removed. 
3 Nacelle faired into wing. 

TABLE X 

RELATIVE MERITS OF VARIOUS COWLINGS FOR DIFFERENT NACELLE LOCATIONS 

CLIMBING CONDITION 

Propeller No. 4412—4 feet. Set 17° at 0.75 R. -^=0.42. Cl=0.635 

Nacelle location.. B B 2 C B-l-A 3 C-3-A j A-l-B 3 A-2-B C-3-B 

Propulsive efficiency at climbing speed 

Smooth body _ 0.640 
.638 

0. 650 0. 665 0. 662 
. 670 
.680 
.652 
.647 

0. 652 Exposed cylinder 1_ 0. 672 
.679 
.678 

0. 675 
.665 
.662 
.658 

0. 692 
. 670 
. 658 
.670 

Variable ring —8° 1__ - 
N.A.C.A. hood 1 _ _ 
N.A.C.A. cowled nacelle_ 

.627 

. 618 

Nacelle drag efficiency factor (N.D.F.) 

Smooth body _ ... -0.016 
.021 

-0.014 0.030 0. 027 
.065 
.051 
.049 
.019 

0.031 Exposed cylinders 1. 
Variable ring—8° i. __ 

0. 026 
.021 
.018 

0.035 
.013 
.020 

-.010 

0.039 
.044 
.024 
.027 

N.A.C.A. hood 1 _ _ . 
N.A.C.A. cowled nacelle_ 

.000 
-.013 

Net efficiency (rj—N.D.F.) 

Smooth body. _ ... 0. 656 
.617 

0. 674 0. 635 0.635 
.605 
.629 
.603 
.628 

0.621 Exposed cylinders .. 0.646 
.658 
.660 

0. 640 
. 652 
.642 
.668 

0.653 
.626 
.634 
. 643 

Variable ring —8° 1__ 
N.A.C.A. hood '_ .627 

.631 N.A.C.A. cowled nacelle. ... 

  
1 Small nacelle. 
2 Side brackets removed. 
3 Nacelle faired into wing. 
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THE N.A.C.A. HIGH-SPEED WIND TUNNEL AND TESTS OF SIX PROPELLER SECTIONS 

By John Stack 

SUMMARY 

This report gives a description of the high-speed wind 
tunnel of the National Advisory Committee for Aero¬ 
nautics. The operation of the tunnel is also described 
and the method of presenting the data is given. An 
account of an investigation of the aerodynamic properties 
of six propeller sections is included. 

The tunnel is operated on the induction-jet principle. 
Compressed air discharged through an annular nozzle 
surrounding the tunnel downstream from the test section 
induces a flow of air from the atmosphere through the 
test section of the tunnel where the models are placed. 
The forces on the model are measured by a 3-component 
photo-record in g balance. 

The test results included herein comprise measure¬ 
ments of the lift, drag, and pitching moments of six air¬ 
foils. The sections chosen for tests have thickness 
ratios of 0.06, 0.08, and 0.10; three are based on the 
Clark Y profile and three on the R.A.F. 6 profile. The 
tests were made over a wide speed range and for several 
angles of attack, varying from that of zero lift to 12°, 
in order to investigate the effects of compressibility on 
the airfoil characteristics. 

The data obtained indicate that the Clark Y airfoils 
are superior to the R.A.F. 6 airfoils for propeller appli¬ 
cations except for high-pitch propellers operating at 
low values of V/nD. The efects of compressibility on 
the airfoil characteristics are large and important. As 
the speed of the air flowing past an airfoil is increased 
the lift, drag, and moment coefficients undergo a small 
numerical increase which continues until a compressi¬ 
bility burble occurs. As the speed is increased further, 
the breakdown of the flow corresponding to the com¬ 
pressibility burble is evidenced by a marked decrease in 
the lift coefficient and a rapid increase in the drag 
coefficient. The speed at which the compressibility 
burble occurs is dependent on the angle of attack and 
the airfoil thickness; increasing either causes the com- 
pressibility burble to occur at lower speeds. A com¬ 
parison of these data with the theoretical work of Glauert 
and Ackeret as regards the nature and amount of the 
effects of compressibility on the lift-curve slope sub¬ 
stantiates the theory for speeds below that at which the 

compressibility burble occurs. 

A computation of propeller characteristics based on 
these results is compared with the experimental results 
on a full-scale propeller. The reasons for differences 
are discussed and recommendations for future work are 
given. 

INTRODUCTION 

The advantages of model testing as an aid to the 
solution of full-scale problems are often neutralized by 
the inaccurate reproduction of the full-scale flow in the 
model test. The conditions which must be fulfilled in 
the model test so that the results ma}7" be directly 
applicable to the full-scale problem are twofold. First, 
the model must be geometrically similar to the full-scale 
object-—-a condition usually obtained-—-and second, the 
model flow pattern must be similar to the full-scale flow 
pattern—a condition generally not fulfilled. The prin¬ 
cipal factors that determine flow similarity arc the Rey¬ 
nolds Number pVlfp. and the compressibility factor 
VjVc where Vc is the velocity of sound in the gas. The 
first of these two factors, the Reynolds Number, 
expresses the ratio of the mass forces to the viscous 
forces in the gas. It is essential that this ratio have 
the same value for the model flow as for the full-scale 
flow. The second factor, the ratio of the velocity of 
the body to the velocity of sound in the gas V/Vc, 
indicates to what extent the flow is affected by the 
compressibility of the gas. For most applications the 
effects of variations in the value of this ratio are 
neglected because the velocities of the air streams in 
most wind tunnels are of the same order of magnitude 
as the velocities of most aircraft and the effect of the 
differences in the value of this factor between the 
model flow and the full-scale flow is therefore small. 
In addition, the speeds common to most aircraft are 

i low with respect to the velocity of sound in air and the 
corresponding pressure differences are likewise small. 

A knowledge of the compressibility phenomenon is 
essential, however, because the tip speeds of propellers 
now in use are commonly in the neighborhood of the 
velocity of sound. Further, the speeds that have been 
attained by racing airplanes are as high as half the 
velocity of sound. Even at ordinary airplane speeds 
the effects of compressibility should not be disregarded 
if accurate measurements are desired. 

399 
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Some data on the effects of compressibility are 

already available. Experiments on propellers rotated 

at very high speeds have demonstrated that large det¬ 

rimental effects are to be expected as the tip speed ap¬ 

proaches the speed of sound. These experiments, 

although of immediate practical value, are not well 

suited for a study of the compressibility phenomena. 

Efforts to provide more suitable data have also been 

made. Airfoils have been tested at high speeds, but 

the experiments have been conducted under unfavor¬ 

able circumstances. The large amount of power re¬ 

quired to drive a stream of air at very high speeds has 

necessitated the use of small wind tunnels, the charac¬ 

teristics of which were often unknown. Furthermore, | 

the size of the models being large in relation to the 

size of the wind tunnels, the test results are subject to 

large corrections which are in themselves problematical. 

In order to provide more suitable means for studying 

compressibility phenomena, the National Advisory 

Committee for Aeronautics has constructed a compara¬ 

tively large closed-throat high-speed wind tunnel. 

The tunnel, which was designed to utilize compressed 

air from the N.A.C.A. variable-density wind tunnel 

as a source of motive power, was the outgrowth of ex¬ 

periments dealing with thrust augmentors for jet pro¬ 

pulsion (reference 1). High-velocity compressed-air 

jets were employed to induce a flow of the surrounding 

air through the augmenting devices. The results 

indicated that it was possible to apply the principles 

of the induction jet to the development of a high-speed 

wind tunnel. The calculations leading to the pre¬ 

liminary design were started in July 1927. After a 

series of model tests, a 12-inch diameter open-throat 

high-speed tunnel was constructed in April 1928. 

Further developments were carried out with this tunnel 

from which the present closed-throat tunnel was 

finally evolved. 

The N.A.C.A. high-speed wind tunnel has several 

advantages over previous devices. The diameter of 

the tunnel is large compared to previous tunnels in 

which high-speed tests have been made. The flow 

past the model is relatively nonturbulent, since the 

air stream in the tunnel throat is composed entirely 

of air taken directly from the atmosphere. Moreover, 

the models extend through the walls and are supported 

outside the air stream, thus eliminating the effects of 

support interference. Several airfoils have been 

tested in this tunnel and this report presents a de¬ 

scription of the tunnel, together with the results of 

tests on six airfoils having commonly used propeller 

sections. The data presented comprise the results of 

tests made over a wide speed range and these data 

have been analyzed with a view toward demonstrating 

the compressibility effects and their relation to design 

problems. 

I. DESCRIPTION OF TUNNEL 

The high-speed wind tunnel is similar in form to 

most venturi-type wind tunnels. There are, however, 

important differences in its characteristics and equip¬ 

ment, which arise in part from its purpose and in part 

from the method of operation. The novel features 

are the large speed range which extends up to the 

velocity of sound when there is no model in the tunnel, 

the drive system, and the automatic-recording balance 

used to measure the forces. 

Arrangement.—The general arrangement of the 

tunnel is shown in figures 1 and 2. Compressed air 

from the variable-density wind tunnel is piped to 

the high-pressure chamber and discharged through 

the annular nozzle shown in figure 2. The jet from 

this nozzle induces a flow of air from the atmosphere 

through the lower portion of the tunnel, where the 

model is placed on a photo-recording balance as 

shown in figure 2. The atmospheric air mixes with 

the high-pressure air in the diffuser which conducts 

the air outside through the roof of the building. 

The balance and the lower portion of the tunnel 

are enclosed in an airtight wooden chamber which 

is supported by a metal framework fastened to the 

floor of the building as shown in figure 1. Access to 

the tunnel and balance is obtained by removing two 

opposite sides of the chamber. One half of the test 

section is also removable in order to facilitate mount¬ 

ing the model. 

Tunnel air passages.—The entrance cone is 17.67 

inches long and 11 inches in diameter at its junction 

with the test section. Six vanes, which extend from 

the floor to the plane of the mouth of the entrance 

cone, are provided to prevent twisting of the air 

stream at the entrance cone. The test section is 

7 inches long, and is made slightly divergent to 

reduce the axial static-pressure gradient. The in¬ 

cluded angle between the walls of the exit cone is 

4.6°; the portion tapered at this angle is 13K6 inches 

and ends in an abrupt step just below the annular 

nozzle. The diffuser is 19 feet 10 inches long and 

the included angle between diametrically opposite 

elements is 4.8°. 

Power supply.—The motive power for the air 

stream is provided by compressed air from the vari¬ 

able-density wind tunnel. At the end of a test at 

high values of the Reynolds Number in this tunnel 

a relatively large supply of air at high pressure is 

available. The compressed air is piped to the cham¬ 

ber surrounding the annular nozzle shown in figure 

2 and discharged through the nozzle. The high- 

pressure chamber and the nozzle are of cast steel. 

The nozzle has a minimum annular opening of 0.06 

inch and a divergent portion inches long. The 

total angle of divergence is 11.1°. 
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TUNNEL CHARACTERISTICS 

Velocity and pressure distribution.—Figure 3 indi¬ 

cates the dynamic-pressure variation across the 

tunnel along the quarter-chord position of the model. 

The variation is less than ±0.5 percent. The direc¬ 

tional variation of the air flow is believed to be less 

ratio is therefore defined as the quotient of the ki¬ 

netic energy of the air passing through the test section 

in a unit time divided by the power due to adiabatic 

expansion of the high-pressure air. The value for 

the tunnel as operated varies considerably over the 

speed range but at a speed 0.5 Vc the value is 1.6. 

Figure l.—General view of the high-speed wind tunnel. 

than ± y4°. Figure 4 shows the small static-pressure ! 

gradient. 

Energy ratio.—The energy ratio is difficult to 

determine for this type of tunnel because of the un¬ 

certainty of the value of the power input. For 

comparative purposes, however, the power input is 

taken as the rate of work due to an adiabatic ex¬ 

pansion of the high-pressure air from the pressure in 

the reservoir to atmospheric pressure. The energy 

DESCRIPTION OF THE BALANCE 

General.—The balance must measure the large range 

of forces resulting from the wide speed range over 

which tests are made, and it must be automatic 

recording because the allowable time for observations 

is short. The balance measures the lift, drag, and 

deflection of steel springs (cantilever beam type) to 

which the forces are transmitted. The essential parts 
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A, balance frame 

B, cradle 

C, rotatable yoke for changing angle of attack 

D, springs 

E, dashpot 

F, lens and mirror container 

G, N.A.C.A. pressure cell 

H, source light 

1, film drive motor 
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consist of a cast-iron cradle in which is mounted a yoke 

to which the model is attached, the linkages necessary 

to transmit the forces to the steel springs, and a camera 

for multiplying and recording the deflections of the 

springs. 

Linkages and knife-edges.—The balance is shown in 

figures 2 and 5. The cradle extends around one half 

of the tunnel and contains a rotatable yoke to which 

the model is secured. The cradle supports consist 

of three vertical rods, one of which is directly connected 

to one of the balance springs. The other two rods are 

connected to ends of a fork-shaped lever above the 

cradle. The lever is supported at its center and the 

other end is connected to another of the balance 

springs. Horizontal movement is constrained by two 

Distance from tunnel axis along quarter-chord 
axis of model, inches 

Figure 3.—Ratio of dynamic pressure at the test section to the difference between 
the atmospheric pressure and the pressure at the static-pressure orifices for ve¬ 
locity equal to 0.8 Vc. 

rods, one on either side of the cradle, which are con¬ 

nected through a truss to the third balance spring. 

The lift linkage transmits the horizontal or lift forces 

from the balance cradle to the spring at the rear of the 

balance. The drag and moment linkages are inter¬ 

acting. The drag is the algebraic sum of the forces 

in the three vertical supports. The forward supports 

are parallel to the tunnel axis and their axes are in a 

vertical plane which passes through the axis of the 

tunnel and the quarter-chord line of the models. The 

forces in these supports are transmitted through a fork, 

which is mounted on the balance frame above the 

cradle, to the deflecting spring shown at the top of the 

diagram (fig. 2). Therefore, if moments are taken 

about the line joining the intersection of the horizontal 

and vertical linkages on either side of the tunnel, the 

forces in these linkages will not contribute to the 

moment. The force in the rear support, which is 

connected to another deflecting spring, gives the 

moment directly. 

Instead of the usual knife-edges, the balance linkages 

are connected by means of Emery knife-edges which 

are actually thin steel deflecting strips joining the 

members (figs. 2 and 5). 

Springs.—All three balance springs are of the same 

general form, varying principally in their size, which is 

determined by the magnitude of the forces to be 

measured. They are cantilever beams of rectangular 

cross section, constructed of heat-treated steel, and 

have a short length of reduced thickness to localize the 

deflections. They are mounted on heavily reinforced 

pedestals on the rigid balance frame and are held in 

place by dowels and screws. The thickness of the 

! springs is such that the deflections corresponding to the 

i largest forces encountered are of the order of 0.005 inch. 

Recording system.—Owing to the small deflections 

of the balance springs, the recording system must 

provide a large multiplication. A further requirement 
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Figure 4.—Ratio of the change in the absolute static pressure from that at the 
model position to the dynamic pressure. 

is the provision for sensitivity control; that is, some 

easy means of increasing the multiplication so that 

good accuracy may be maintained when the forces are 

comparatively small, such as those encountered at 

very low speeds and low angles of attack. In addition, 

it is necessary to record the forces automatically 

because of the short time during which observations 

must be made. 

The general arrangement of the recording system is 

shown in figures 2 and 5. Long arms are fastened to the 

balance springs. At the ends of these arms a bushing 

is mounted in which a stylus is eccentrically fitted. 

By rotation of the bushing the multiplication of the 

beam movement can be altered. The stylus is in con¬ 

tact with a pivoted mirror which is thus actuated by 

the movement of the balance springs. Suitable damp¬ 

ing is provided by means of dashpots connected to the 

spring arms. A source of light and suitable lenses are 

provided so that light is reflected by the mirrors to « 

moving film. The film is driven by a small electric 

motor through a train of gears which permits three 

speed variations. The source light and the film drive 

are controlled from the exterior of the balance and 

tunnel chamber. 
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Model support.—The model is mounted in jaws at 

the ends of the yoke. It is located by means of dowels 

so that the line joining the intersections of the hori¬ 

zontal and vertical linkages coincides with the quarter- 

chord axis of the model. The angle of attack is changed 

by rotating the yoke, which is arranged to turn about 

an axis through the intersection of the horizontal and 

vertical linkages. The yoke is fixed at various angles 

by means of a pin which projects from the yoke into 

holes in the graduated quadrant shown in figure 2. 

The model extends across the tunnel and through 

holes in the tunnel wall. In order to reduce the flow 

into the tunnel from the dead-air space and to reduce 

interference with the air flow, these holes are covered 

with specially designed end plates shown in figure 6. 

The end plates are made of thin brass and are circular 

in form. They fit into recesses cut in the tunnel wall 

Figure 5.—The high-speed wind tunnel balance. 

around the edges of the holes and are sufficiently 

flexible so that they can bend as the angle of attack is 

changed and thus maintain the contour of the walls. 

Holes of the same shape as the airfoil section but slightly 

larger are cut in the end plates to provide K6-inch 

clearance so that the model and the end plates cannot 

touch. The end plates are held in position by six 

U-shaped pieces. One side of each piece is soldered to 

the end plate and the other side carries a screw which is 

turned down against a ledge on the outside wall of the 

tunnel as shown in figure 6. The end plates can be 

turned with the model as the angle of attack is changed 

by loosening the screws in the U-shaped pieces. A 

telltale lamp is provided which lights if the model 

makes contact with the end plates during a test. 

k 

where the subscript a denotes atmospheric conditions, 

the subscript s denotes conditions at the test section of 

the tunnel, P denotes the pressure in the fluid, Vc is 

the velocity of sound in the fluid for the conditions 

at the test section, and k is the ratio of the specific 

heats for air, numerically equal to 1.4. The formula is 

derived by substituting the pressure-density relation 

for adiabatic flow in the general form of the Bernouilli 

equation. A detailed derivation of this formula is 

given in reference 2 (p. 15). A more convenient form 

Figure G.—View showing tunnel-wall fitting and airfoil mounting. 

of the foregoing equation for use when Vs/Vc is less 

than unity is obtained by expanding in the series 

Pa=Ps + 
1 / V: 

1600V I 

This is the form used to compute the dynamic pressure, 

which is therefore 

TUNNEL CALIBRATIONS 

Dynamic pressure and velocity determination.— 

The dynamic pressure and velocity are computed from 

Bernouilli’s equation for a compressible fluid. The 

equation is The values of VJVC are computed from the first form 
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of the equation. Solving this equation for VJVC gives 

C
l [7 r.V? ,1 

k- 1 LvpJ d 
Fs = 

Fc 

The validity of these formulas is dependent primarily 

upon the existence of true adiabatic flow and the 

absence of losses due to friction. The errors induced 

bv the first of these assumptions are probably small 

because of the rapidity with which the heat energy of 

the air is converted to kinetic energy. In order to 

check the validity of the formulas, the total pressure 

at the test section has been measured and it was found 

that its value differed from the atmospheric pressure 

by less than 0.02 percent of the dynamic pressure, 

except for a very small core at the center and a rela¬ 

tively thin layer adjacent to the wall. 

The difference between the static pressure at the test 

section and the atmospheric pressure cannot be re¬ 

liably determined from a direct measurement during a 

test because of the presence of the model. Accord¬ 

ingly, calibrated static-pressure orifices are used for this 

purpose. Four small holes in the tunnel wall 10 inches 

below the location of the quarter-chord axis of the 

model are connected to a manifold which is in turn 

connected to pressure-measuring devices. The cali¬ 

bration factor is determined from simultaneous meas¬ 

urements of the quantities (Pa—Ps) and (Pa—Psp), 
where the subscript sp denotes conditions at the 

static-pressure orifices. The static pressure at the 

test section is taken as the value registered by four 

holes in a tube located along the axis of the tunnel. 

The holes in the tube are 90° apart and are in the 

horizontal plane which passes through the quarter- 

chord position of the airfoil model. In order to avoid 

end interferences the tube extends from the relatively 

low velocity region at the mouth of the entrance cone 

to a point 20^ inches above the model location. The 

calibration factor as computed from these measure¬ 

ments is 

0. 
F= 

Pa~P sp 

For use in computing test results both this factor and 

V/Vc are plotted against Pa—PSv The variation of 

these quantities with atmospheric pressure for con¬ 

stant values of Pa — Psv is negligible except at speeds 

in the immediate neighborhood of the velocity of sound. 

The only pressure measured during a test is the 

difference between the atmospheric pressure and the 

pressure at the static-pressure orifices. Two pressure- 

measuring devices are connected to the orifices. A 

sinsle-tube mercury manometer is mounted outside 

the tunnel to provide the operator with means for 

adjusting the speed and measuring the pressure dif¬ 

ference; a standard N.A.C.A. pressure cell (reference 3) 

mounted on the camera records the pressure difference 

on the film on which the forces are registered. The 

pressure cell serves to check the values observed by the 

operator and, in addition, gives a record of the air¬ 

flow steadiness while the observations are being taken. 

Balance alinement and calibration.—The alinement 

of the balance linkages with respect to each other is 

fixed b}7 the construction of the balance. Alinement 

of the balance with respect to the air-flow direction is 

obtained by applying an external force in the horizon¬ 

tal or lift direction and adjusting the height of the rear 

base of the balance until the drag balance indicates zero 

force. The air-flow alinement has been checked by 

testing an airfoil in the normal and inverted positions 

Figure 7.—Section of photographic record taken from balance. 

and also by tests of a symmetrical airfoil at positive 

and negative angles of attack. 
The balance calibration is obtained by applying 

known loads in the direction of the various forces by 

means of a specially designed system of levers. The 

deflections corresponding to these loads are recorded 

on the film and from these data calibration charts are 

constructed. Errors due to misalinement of the 

various levers which comprise the calibrating fixture 

are less than 1 part in 3,000 and the errors in the 

weights used in calibrating are of the order of 1 part 

in 700. 
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A TYPICAL AIRFOIL TEST 

The standard airfoils, 2-inch chord, are made of 

metal, usually steel. They are constructed by a 

generating machine which works from a sixfold 

templet. The method of construction is described 

in reference 4. The extremities of the airfoil are 

machined flat and drilled from a jig to insure accurate 

mounting on the balance. 

The airfoil is mounted in the balance and the angle 

of attack is set by means of the pivoted yoke. The 

chamber doors are then clamped in place. The valve 

in the high-pressure air duct is opened wide and when 

conditions become steady, as indicated by the mercury 

manometer, observations are taken. Lower speeds 

are obtained by throttling. The run is continued, 

with interruptions for recording zeros, until the entire 

speed range is covered. The chamber is then opened 

and the angle of attack is changed and the procedure 

as outlined above is repeated. The number of angles 

of attack for which tests can be obtained from one tank 

of air is dependent on the number of speeds for which 

observations are made. Even when a relatively large 

number of observations for various speeds are taken, 

complete observations for two angles of attack can be 

made. The tunnel operating time required for testing 

an airfoil at one angle of attack over the entire speed 

range is approximately 12 minutes. 

The forces and moments are evaluated from the 

photographic record (fig. 7). The deflections indicated 

on the film are measured by means of a special device 

and the forces corresponding to these deflections are 

read from the calibration charts. The data are then 

reduced to the standard nondimensional coefficient 

form. 
PRESENTATION OF DATA 

The effect of the tunnel walls on the aerodynamic 

characteristics of airfoils tested in this tunnel is not 

definitely known or understood. The effect of varia¬ 

tions in the form and clearance of the end plates is 

known to be critical and, accordingly, the end plates 

are very carefully adjusted. Some preliminary tests 

with airfoils having different chords indicate that no 

correction need be applied to these data to obtain 

characteristics for infinite aspect ratio. In other 

words, it is believed that the data may be directly 

applied in practical design problems as airfoil data 

for infinite aspect ratio. 

The data are presented in two graphic forms. The 

first form, which shows directly the effects of compressi¬ 

bility, consists of plots of the various coefficients for 

a given angle of attack against V/Vc. The other 

form consists of plots of the lift coefficient and the 

drag coefficient against angle of attack for several 
speeds. 

IJ TESTS OF SIX COMMONLY USED PROPELLER AIR- 
FOILS AT HIGH SPEEDS 

The prediction of propeller performance is dependent 

to a large extent on an accurate determination of the 

aerodynamic characteristics of the airfoil sections 

which are used as the propeller blade sections. Here¬ 

tofore, it lias been common practice to adopt the results 

of airfoil tests at low speeds in conventional wind 

tunnels for this purpose. The effects of compressi¬ 

bility have usually been neglected, because of the lack 

of the information necessary to establish a valid cor¬ 

rection for this effect. The first series of tests in the 

high-speed wind tunnel was performed to provide 

more accurate data on which the design of propellers 

could be based. 
TESTS 

Models.—Of the 6 airfoils tested, 3 have sections 

based on the R.A.F. 6 section and 3 on the Clark Y 

section. In each group of three, the airfoil thickness 

is the major variable. The thickness ratios chosen are 

0.06, 0.08, and 0.10, and the airfoil profiles were ob¬ 

tained by scaling the ordinates of the original airfoil, 

measured from the chord line, in the ratio of the 

desired thickness to the thickness of the basic section. 

The ordinates are given in table I. The airfoils are 

designated as in reference 5 by a system of numbers and 

a letter. Thus, the designation 3C6 is applied to the 6 

percent thick Clark L airfoil. The first number gives 

the location of the maximum thickness in tenths of the 

chord, the letter indicates the basic section from which 

the airfoil is derived, C for the Clark Y and R for the 

R.A.F. 6, and the last numbers give the maximum 

thickness of the airfoil in percent of the chord. The 

six airfoils are then the 3C6, 3C8, 3C10, 3R6, 3R8, 

and 3R10. 

All of the airfoils were of 2-inch chord. Four were 

made of duralumin. The two thinnest airfoils, how¬ 

ever, were made of steel in order to reduce the deflec¬ 

tions of the models under high lift loads. A detailed 

description of the method of constructing the airfoils 

is given in reference 4. 

Method of testing.—Because of the large range of 

forces involved in testing the airfoils over a wide 

angle-of-attack range and a wide speed range, the 

tests were performed in two parts. The lift and drag- 

balances were set for maximum sensitivity and the 

airfoils were tested at low angles of attack; that is, up 

to 4°. Then, in order to permit recording the larger 

forces for the higher angles of attack, the sensitivities 

of the lift and drag balances were reduced and the 

high angle-of-attack tests were performed. Because 

of the small clearance between the airfoil and the hole 

in the end plates through which the airfoil protrudes, 

additional end plates were required for the high angle- 
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of-attack tests. The holes in the end plates were 

kept the same size as formerly but were moved slightly 

to one side to prevent the airfoil from touching and to 

keep the clearance as uniform as possible throughout 

the tests as the airfoil deflected under the high loads 

encountered at high angles of attack. 

The tests in each part were made in pairs, airfoils 

of the same thickness being tested consecutively. 

The operating procedure was identical in other respects 

with the description previously given. 

PRECISION 

The various factors contributing to inaccuracy in 

these experiments may, in general, be classified under 

two major divisions. The first consists of errors in 

measurements made to determine the dynamic pres¬ 

sure and the second consists of errors in the evaluation 

of the actual forces and moments. 

Inaccuracies arising from the dynamic-pressure 

variation across the throat are insignificant. The 

value of the static-plate calibration factor was checked 

over the speed range three times while the tests were 

in progress. The maximum differences found were 

approximately 1 percent. Determinations of this 

factor may, however, have a consistent error due to a 

constriction effect at the throat when the airfoil is 

in position. The magnitude of this error is unknown, 

and because of the difficult nature of the problem, a 

satisfactory solution has not yet been obtained. 

Accordingly, no correction has been applied. 

Balance calibrations before and after each group of 

tests agreed very closely. The lift calibrations agreed 

to within 1.5 percent and the drag calibrations agreed 

to within 1 percent. The differences in the moment 

calibrations were less than either of the above and 

may be considered negligible. The evaluation of 

tare corrections resulting from air leakage where the 

model passes through the tunnel wall was not feasible. 

However, tests made with no model in place and with 

the holes in the tunnel wall closed indicated the 

presence of small tare readings of uncertain origin for 

which the data have been corrected. The magnitudes 

of these corrections are —0.020 for the lift coefficient, 

0.0005 for the drag coefficient, and 0.020 for the 

moment coefficient. These corrections have been i 

checked by repeat tests to within 0.001 for the lift, 

0.0003 for the drag, and 0.005 for the moment. A 

few repeat tests of these airfoils at various angles of 

attack indicated that the results could be reproduced 

to within 3 percent except for high angles of attack 

at high speeds, when the flow was unsteady. 

RESULTS 

The results of the tests are presented in figures 8 

to 13, inclusive. These figures show the variation in 

the force and moment coefficients with speed for a 

given angle of attack. Complete data for one airfoil 

are presented in each figure, each curve showing the 

variation of one of the three coefficients over the 

speed range for one angle of attack. In the presen¬ 

tation of the moment-coefficient data, the origin of 

the axes for each angle of attack has been raised 

above that for the previous angle of attack so that 

the moment curve for any angle may be easily dis¬ 

tinguished. 

Additional figures are presented to show the aero¬ 

dynamic characteristics of the airfoils in more familiar 

form and also to illustrate further the effects of com¬ 

pressibility on the important characteristics. Figures 

14 to 19, inclusive, are plots of the lift and drag 

coefficients against angle of attack. These curves are 

presented for several speeds to provide an easy com¬ 

parison with previous work. Figure 20 shows the 

variation of the drag coefficients of all six airfoils 

with speed for three values of the lift coefficient and, 

in addition, the variation of the minimum drag with 

speed is shown. Figure 21 illustrates the effect of 

compressibility on the slope of the lift curve. Figures 

22 and 23 illustrate an application of these data to 

the computation of propeller characteristics. 

DISCUSSION 

Comparison of airfoils.—The comparison of these 

airfoils should be made on the basis of lowest profile- 

drag coefficient for any fixed value of the lift coeffi¬ 

cient because this characteristic is generally of para¬ 

mount importance in the selection of airfoil sections 

for propellers. If airfoils of like thickness are com¬ 

pared, it is apparent from figure 20 that the C airfoils 

have lower profile-drag coefficients than the corre¬ 

sponding R airfoils except at high values of the lift 

coefficient. However, the differences at high values 

of the lift coefficient are slight except for the thinnest 

sections at low speeds. The reason for the advantage 

of the 3R6 airfoil over the 3C6 airfoil is apparent from 

an examination of figures 14 and 17. The maximum 

lift coefficient of the 3C6 airfoil is lower than that for 

the 3R6 airfoil and the consequent earlier burble of 

the C airfoil causes its efficiency to drop sooner than 

the efficiency for the corresponding R airfoil. Further 

examination of figures 14 to 19 indicates that all the 

C airfoils burble at somewhat lower lift coefficients 

than the corresponding R airfoils. 

It is apparent from this comparison that C airfoils 

are, in general, superior to corresponding R sections 

for propeller applications except for very high-pitch 

propellers operating at low values of V/nD where the 

angles of attack of the propeller blade sections are 

in the region of maximum lift. This conclusion is in 

substantial agreement with previous propeller tests 

(reference 6). 
The differences between the moment coefficients for 

corresponding airfoils of the two families are relatively 

unimportant for propeller application, but it is to be 

noted that the differences over the entire speed range 

are in accord with the results of previous low-speed 

tests. The lift-curve slopes (taken as the slope of the 
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Figure 8—Effects of compressibility on the aerodynamic characteristics of the 3C6 airfoil. 

Figure 9.—Effects of compressibility on the aerodynamic characteristics of the 3C8 airfoil. 
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Figure 10.—Effects of compressibility on the aerodynamic characteristics of the 3C10 airfoil. 
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Figure 11.—Effects of compressibility on the aerodynamic characteristics of the 3R6 airfoil. 

407G8—34 27 



410 REPORT NATIONAL ADVISORY COMMITTEE FOR AERONAUTICS 

0 

Angle of attack 
-4° - 

-2° 

- 0° - 

2° 

■ 4° - 

6° 

8° - 

/0° 

12° 

Symbol 
— □ 

x 
— O 

+ 

- A 

V 

- > 
A 

- A 

Date: October 1932 
H. S. T. Tests H~60, H~68 

.2 .6 .8 .4 
V/Vc 

Figure 12.—Effects of compressibility on the aerodynamic characteristics of the 3R8 airfoil. 

Figure 13.—Effects of compressibility on the aerodynamic characteristics of the 3R10 airfoil. 
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Figure 14.—Aerodynamic characteristics of the 3C6 airfoil for various speeds. 

Figure 15.—Aerodynamic characteristics of the 3C8 airfoil for various speeds. 
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Figure 16.—Aerodynamic characteristics of the 3C10 airfoil for various speeds. 

-4 0 4 8/2 /6 
Angle of attack, ct, degrees 

Figure 17.—Aerodynamic characteristics of the 3R6 airfoil for various speeds. 
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Figure 18.—Aerodynamic characteristics of the 3R8 airfoil for various speeds. 
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lift curve in the low-drag range) of the R airfoils are 
slightly higher than the lift-curve slopes for the cor¬ 
responding C airfoils except for the thickest airfoils. 
However, the differences are not very great, and, in 
view of the difficulty of accurately measuring this 
quantity, no definite conclusions should be drawn. 

Variation of the airfoil characteristics with thick¬ 
ness. Figure 20 shows a uniform increase of min¬ 
imum-drag coefficients with increasing thickness and, in 
addition, shows with one exception a like change for 
the drag coefficient at various values of the lift coeffi¬ 
cient. At lower speeds the drag coefficient of the 3C6 
airfoil for a lift coefficient of 0.8 is higher than might be 

reduction of the lift-curve slope. The maximum lift 
variations have not been studied in detail because the 
values of this characteristic are not definite at high 
speeds. 

Effects of compressibility.—As the velocity of the 
air past the model is increased, pronounced changes 
occur in the aerodynamic characteristics of the airfoil. 
These changes are best studied by referring to figures 
3 to 13, inclusive. The lift coefficients increase as the 
speed is increased, slowly as the speed is increased over 
the lower portion of the range, then more rapidly as 
speeds above half the velocity of sound are exceeded, 
and finally at higher speeds, depending on the airfoil 

Figure 20.—Effect of compressibility on drag. 

expected, which as previously noted is due to the early 
burble oi this C airfoil. The moment coefficient and 
the angle of zero lift show uniform changes with thick¬ 
ness. These quantities, although not primarily de¬ 
pendent on thickness changes, may be expected to 
change in a systematic manner because the method 
employed for varying the airfoil thickness also varies 
the mean camber. An examination of figures 8 to 13 
shows the moment variation with increasing thickness 
and figures 14 to 19 show the angle of zero-lift varia¬ 
tion. The effect of thickness variation on lift-curve 
slope is not as uniform as the changes of the other 
aerodynamic properties. However, it is shown in 
figure 21 that increased thickness, in general, causes a 

section and the angle of attack, the flow breaks down 
as shown by a drop in the lift coefficient. This break¬ 
down of the flow, hereinafter called the compressibility 
burble, occurs at lowTer speeds as the lift is increased by 
changing the angle of attack of the model. At the 
highest lift coefficients, wffiich are in the region of the 
normal burble, the breakdown of the flow occurs at 
low speeds and, because of the unsteadiness of the 
flow', the curves of lift coefficient plotted against speed 
become irregular. The drag coefficient behaves in a 
similar manner. A small but steady increase in drag 
as the speed is increased is observed, which continues 
until the compressibility burble is reached. At this 
point the drag coefficients rise rapidly to values several 
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times as large as the low-speed values. As with the 
lift coefficient, the rapid rise in the drag coefficient 
occurs at lower speeds as the angle of attack is increased 
until finally, at angles of attack in the neighborhood of 

0 .2 .4 .6 .8 1.0 
V/Vc 

Figure 21.—Effect of compressibility on lift. 

the normal stall at low speeds, the drag rises rapidly 
at velocities of the order of 0.4 the velocity of sound. 
The variation of the moment coefficient is similar to 

o .3 .4 
V/nD 

.5 .6 

Figure 22.—Comparison of computed and measured propeller characteristics— 
tip speed 0.75 Vc, C-10 propeller. 

moment increases numerically as the speed is in¬ 
creased, this change continuing until the compressi¬ 
bility burble is reached. At this point rapid changes 
in the moment occur. 

The effect of compressibility on the moment coeffi¬ 
cient is of considerable importance in the structural 
design of fast-diving airplanes. Speeds in the neigh¬ 
borhood of half the velocity of sound are commonly 
attained by most airplanes of this type when in a dive, 
and if low-speed moment data are applied to the design 
of the spars large errors in the estimation of the distri¬ 
bution of load between the spars may be introduced. 

Further changes in the aerodynamic characteristics 
occur as the speed is increased. The lift-curve slope 
increases with the speed until a speed corresponding to 
the general breakdown of the flow is reached. Above 
this speed the lift curves show either discontinuities or 
irregularities of form.- (See figs. 14 to 19 and fig. 21.) 
Figures 14 to 19 also show large changes in the angle 
of zero lift at high speeds. The value is but little 
affected by speed changes until the compressibility 
burble occurs. At higher speeds the zero-lift attitude 
approaches zero angle of attack. The changes are 
shown in the following table, which has been compiled 
from figures 14 to 19. 

Figure 23.—Comparison of computed and measured propeller characteristics— 
tip speed 0.9 Vc, C-10 propeller. 

VI vc 0.4 0.6 0.7 0.8 0.83 0.85 

AirfoilX Angle of zero lift 

3C6 -2. 5° -2.45° -2. 45° -2.5° -2. 55° 
3R6 —2. 3° — 9. 9° — 2 3° — 9 4° 
3C8 -3.55° -3. 5° -3.4° -3.1° -1.95° 
3R8 -3. 2° -3. 2° -3. 25° -3.3° -1.45° 
3C10 -4.35° -4.35° -4. 35° -3.9° -2.4° 
3 R10 -4. 0° -3. 85° -4.0° -2.7° 

The shift of the angle of zero lift is not shown by the 
thinnest airfoils because the compressibility burble at 
low lifts takes place at speeds slightly higher than those 
recorded in the table. The results shown in the table, 
as well as the results shown by figures 20 and 21, lead 
to the conclusion that the speed at which the compressi¬ 
bility burble occurs is a function of the airfoil thickness. 
The table shows no change in the angle of zero lift at 
85 percent of sound velocity for the thinnest airfoils. 
The 8 percent thick airfoils show a change in angle of 
zero lift in the neighborhood of 0.8 Vc and the thickest 
airfoils show this change occurring at speeds slightly 
in excess of 0.7 Vc. An examination of the profile-drag 
coefficient curves for zero lift coefficient (fig. 20) shows 
the rapid rise in drag occurring at substantially the 
same values as those previously noted for the angle-of- 

zero-lift changes. 
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All the data indicate that the flow breakdown occurs 
at speeds well below the velocity of sound. The early 

breakdown of flow is probably due (references 7 and 8) 
to the fact that the induced velocities over the airfoil 
are higher than the main-stream velocitj^ and so reach 
the velocity of sound when the main-stream velocity 
is much lower than the speed of sound. There are 
some reasons to believe that the attainment of sound 
velocity at any point in the field of flow causes a marked 
change in the type of flow and is probably responsible 
for the compressibility burble. The experimental data 
tend to substantiate this deduction. The compressi¬ 
bility burble, as indicated by the peaks of the curves ! 
of the lift coefficient plotted against V/Vc for various 
angles of attack (figs. 8 to 13), occurs at lower speeds 
as the angle of attack or the lift is increased. The 
shift of the angle of zero lift following the compressi¬ 
bility burble is attributed to the reduction in lift over 
the upper surface of the airfoil which occurs concur¬ 
rently with the flow breakdown. 

Theoretical investigations of the effects of compressi¬ 
bility have so far yielded but little information regard¬ 
ing the actual flow phenomena, principally because of j 
mathematical complications arising in the analysis- 
Rayleigh and Bryan (references 9, 10, and 11) have 
attempted solutions but the mathematical compliea- j 
tion involved in the application of their work seems to 
have virtually prohibited the solution of any practical 
problem. More recently Taylor, Glauert, and Ackeret 
(references 12, 13, and 14) have attempted solutions 
and have to some extent succeeded in predicting some 
of the effects that have been observed experimentally. 
The mechanical method for solving fluid flow as devised 
by Taylor (reference 12) indicates that a change in the 
type of flow occurs when the velocity at any place in 
the field of flow, and not necessarily the velocity of the 
main stream, attains the velocity of sound. This work 
is of importance in that it points to definite limitations 
in the theoretical analysis of Glauert and Ackeret. 
The success of the mechanical method for solving fluid 
flows depends on an analogy between the equations 
for the irrotational motion of a fluid and the equations 
for the flow of electric current in a sheet of conducting 
substance of variable depth, an electrolyte in Taylor’s 
experiments. As the experiments with the electric 
analogy progressed, it became apparent that no solu- j 
tion could be obtained if the velocity of the fluid at 
any point in the field of flow equaled or exceeded the 
velocity of sound. This fact leads to the inference 
that irrotational motion, the type of flow postulated 
by Glauert and Ackeret, does not exist if sound speed 
is reached at any point in the field of flow. Taylor’s 
experiments on the 12% percent thick R.A.F. 31a airfoil 
indicate a change in type of flow at a main-stream 
velocity between 0.5 Vc and 0.65 Vc when the attitude 
of the airfoil is such that the low-speed lift coefficient 
is in the neighborhood of 0.8. The present work indi¬ 

cates that a breakdown of the flow occurs at a speed 
of approximately 0.64 Vc for the thicker airfoils when 
their attitude is the same as that of the R.A.F. 31a 
in Taylor’s experiments. It would seem, therefore, in 
view of the agreement of the direct experimental and 
mechanical methods of measurement regarding the 
breakdown in flow, that any theoretical analysis of 

the effect of compressibility postulated on irrotational 
motion is inapplicable at relatively high speeds. 

This limitation is imposed on the theoretical work of 
Glauert and Ackeret. In addition, Glauert’s work is 
urther restricted because it assumes that the velocity 
at the surface of the airfoil does not differ appreciably 
from the main-stream velocity. Ackeret’s method of 
analysis differs somewhat from Glauert’s, but it also 
is subject to the same restrictions. Both agree, how¬ 
ever, on the change which might be expected in the 
early stages. The important conclusion reached by 
both is that the lift-curve slope may be expected to 
vary proportionately with the factor (1 — (V/Vc)2)~ 
In order to verify this prediction the theoretical lift- 
curve slope variation has been plotted against V/Vc 
with the experimental results in figure 21. The simi¬ 
larity of the experimental curves to the theoretical 
curve is striking and leads to the conclusion that at 
speeds below that at which the compressibility burble 
occurs, the application of the factor to the known 
experimental lift-curve slope at low speeds is justified 
for practical purposes. 

Glauert’s work also indicates that the chord of the 
airfoil in a compressible flow is effectively shorter than 
the chord of the airfoil in an incompressible flow. The 
effect of compressibility is then to increase the effective 
camber of the airfoil and as a result the moment coeffi¬ 
cient may be expected to increase numerically. The 
moment-coefficient curves (figs. 8 to 13) show- a change 
in the same direction as that predicted. 

Comparison with previous work.—Airfoils similar 
to those studied in this investigation, as well as other 
airfoils, have been tested previously over a wide speed 
range but the results of the earlier investigations are 
not directly comparable with these results because of 
different test conditions. The earliest experimental 
investigation of airfoil characteristics as affected by 
compressibility is described in reference 15. Similar 
airfoils were later tested (reference 16) over a wider 
speed range in a different form of wind tunnel. Pres¬ 
sure-distribution tests of these airfoils were also made 
(reference 7) but quantitative correlation with previous 
results was again impossible because of different test 
conditions. The latest measurements are those given 
in reference 5. None of the foregoing investigations, 
however, affords a quantitative comparison with the 
present investigation. The tests of reference 15 con¬ 
sisted only of lift measurements of six airfoils of 1-inch 
chord and 6-inch span mounted on a central support in 
a 14-inch diameter wind tunnel. The results are 
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of limited value because of the small speed range and 
the low Reynolds Number. The tests described in 
reference 16 were made in an open-jet wind tunnel. 
The models were of 3-inch chord; they extended across 
a jet of air issuing from a 12.24-inch nozzle and pro¬ 
jected into the still-air region on either side of the jet. 
The air mixed directly with the atmosphere. The 
tests described in references 5 and 7 were made in a 
similar tunnel but the diameter of the air jet was 2 
inches and the chord of the models was 1 inch. These 
results are, of course, subject to large aspect-ratio cor¬ 
rections and because of the unknown influence of the 
jet boundaries and model end conditions, these cor¬ 
rections are unknown. The results are therefore 
comparable only qualitatively with the results of this 
investigation. Some tests of other airfoils have been 
made in England under approximately infinite aspect- 
ratio conditions in a small wind tunnel so that although 
the tunnel-boundary conditions are satisfactory the 
Reynolds Number for the tests is much smaller than 
that obtained in the present investigation. 

An examination of the effects of compressibility on 
airfoil characteristics as demonstrated by the earlier 
investigations does show good agreement, qualita¬ 
tively, with the results of the present investigation. 
The existence of a definite compressibility burble has 
been shown and the speed at which this occurs has been 
shown to be influenced by the airfoil thickness and the 
angle of attack of the airfoil (reference 16). The 
marked drag increase has also been demonstrated. 
The gradual change in the moment coefficients for 
speed changes below the speed at which the compressi¬ 
bility burble occurs has not been shown previously. 
This difference may be explained by the inherent inac¬ 
curacy of the methods previously used for measuring 
this quantity (reference 16). The systematic change 
in the lift-curve slope has been shown by the British 
tests (reference 17), but not by previous American 
tests, which is undoubtedly due to the large influences 
of the boundaries of the air jet used in the American 
tests on the character of the flow over the airfoil. An 
important difference between the present tests and 
those of reference 5 concerns the relative advantages 
of C and R airfoils. The results of reference 5 indi¬ 
cate that for airfoil thicknesses less than 0.1c the R air¬ 
foils are superior to the C airfoils at high angles of 
attack. For thickness ratios of 0.08 or larger the 
difference between the C and R airfoils at high angles 
of attack is shown by these tests to be small, but the 
C airfoils are, in general, slightly better. Because the 
differences are small, it may be that the relatively 
large effects of the jet boundaries in the earlier tests 
influenced the results. Another difference in the 
results of these and previous tests which may be attrib¬ 
uted to jet-boundary phenomena is found in the speeds 
at which the compressibility burble coccurs. The shift 
of the angle of zero lift at very high speeds is substan¬ 

tiated and the advantages of using thin sections in 
preference to thick sections at high speeds are also 
substantiated. 

Computation of propeller characteristics.—The six 
airfoils tested in this investigation are used chiefly as 
propeller blade sections, and one of the purposes of 
this investigation was to provide better data than 
have heretofore been available on the aerodynamic 
properties of these sections. In order to demonstrate 
the extent to which the results of this investigation 
may be directly applied to practical propeller design, 
the characteristics of a propeller on which tests for a 
wide range of tip speeds are available have been com¬ 
puted from these data. 

The propeller chosen is the C-10 propeller of refer¬ 
ence 18. The blade sections of this propeller are 
3C10 sections. The pitch of the propeller is 9.6° at 
the 0.75 radius. The propeller characteristics have 
been computed from the section data by means of the 
improved vortex theory of Goldstein (reference 19). 
The equations used have been taken from this refer¬ 
ence and modified so that the standard nondimen- 
sional coefficients in use in this country may be used 
directly in the formulas. The expression for the 
differential thrust is 

R^§r'==\(j^) ^C1-^)2^ se°2 * (!) 

The differential torque is obtained from the formula 

(2) 

The rate of advance is given by 

VjnD = 7r (1 — a2) (1 — F) tan $ (3) 

where the factors F and a2 are obtained from the fol¬ 
lowing expressions 

F__ cos2(f 5 Xi 
K 4 sinV (4) 

a2 _ cosV 5 X2 
1 — a2 K 2 sin 2 <p ' 

and the following are the symbols used: 

<p, the angle between the path of a blade element and 
the plane of rotation 

R, tip radius 
r, section radius 
B, number of blades 
c, chord of blade section 

Xi = CL cos cp—CD sin <p 
X2 = CL sin + CD cos <p 
K, a coefficient dependent on r/R, B, and <p 
These expressions are identical with those given by 

the vortex theory with the exception of the factor 
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cos2(pjK in the expressions for a2 and F. In order to 
facilitate application of the foregoing equations a 
chart giving values of Kfcos2 ip for 2-bladed propellers 
plotted against tan tp is given as figure 24. This chart 
has been taken from reference 19. It is worth noting 
in passing that the factor cos2<plK becomes unity if the 
number of blades is infinite. The vortex theory as¬ 
sumes that the number of blades is infinite and the 
agreement of the new theory with the vortex theory 
is complete for this condition. 

The actual calculation was carried out in the usual 
manner. The differential thrust and torque coeffi¬ 
cients and rate of advance were computed from the 
foregoing formulas. The coefficients were plotted 
against VjnD and from these plots the thrust and 
torque grading curves were constructed for various 
values of V/nD. The grading curves were integrated 
mechanically to obtain the over-all coefficients of the 
propeller. The computation was carried out for two 
tip speeds, 0.75V/VC and 0.9V/VC. The airfoil 
coefficients were taken from figure 10. Calculations 

O .8 4 .6 .8 1.0 1.8 !A 

tan tp 

Figure 24.—Goldstein factor for correcting the vortex theory for 2-bladed pro¬ 
pellers (reproduced from British R, & M. No. 1377). 

were made for even 2° intervals of angle of attack. 
The speed of the various propeller sections was taken 
as the product of the tip speed and the ratio of the 
section radius to the tip radius. A slight error is 
introduced in this way because the resultant speed at 
any section is not exactly proportional to the radius, 
owing to the forward speed. The error is small, how¬ 
ever, for low pitches; in the present instances it is 
of the order of 1.3 percent for the highest rates of 
advance. 

The propeller characteristics as computed from these 
data and the measured propeller characteristics, taken 
from reference 18, are plotted in figures 22 and 23. In 
view of the fact that the measured propeller character¬ 
istics are influenced by the effects of the hub drag and 
the propeller-body interaction, exact agreement cannot 
be expected. Previous experience, however, indicates 
that the net interference effect is small because the 
effects of the hub drag and the additional drag of the 
body due to slipstream tend to compensate the effects 
of the body on the propeller characteristics, so that a 

eomparison of the computed and the measured 
propeller characteristics may be expected to yield infor¬ 

mation of some value. 
The important difference between the computed and 

the measured characteristics is in the value of the 
thrust coefficient when the tip speed is equal to 0.9 
Vc. This difference causes a marked reduction in the 
propeller efficiency as deduced from the airfoil data. 
Apparently, the maximum efficiency from the computed 
characteristics begins to fall off at lower tip speeds 
than the corresponding efficiency from the measured 

characteristics. 

There are several possible causes for the disagree¬ 
ment at the high tip speed. The most important factors 
contributing to the difference are probably Reynolds 
Number differences and a constriction at the test 
section of the high-speed tunnel when the model is in 
position. Tests made in England of model propellers 
have shown a drop in efficiency at speeds lower than 
that shown by the full-scale tests. This difference 
between the model and full-scale tests has been attrib¬ 
uted to Reynolds Number differences. The Reynolds 
Number of both the present tests and the British model 
propeller tests giving similar results is in the neighbor¬ 
hood of half that attained in the full-scale propeller 

tests of reference 18. 

A constriction effect at the test section due to the 
presence of the model would also tend to cause a 
difference in the same direction as that shown in figure 
23. In substance, the velocity and q as determined 
from the static-plate measurements would be lower 
than the effective velocity and q at the throat. As a 
result, the observations plotted in figures 8 to 13 would 
be plotted at speeds slightly lower than the correct 
values and the coefficients would be somewhat larger 
than the true values. The magnitude of the constric¬ 
tion or blocking correction would probably be greater 
for high speeds and high angles of attack than for low 
speeds and low angles of attack. 

A thorough investigation of the causes of the dis¬ 
crepancy would require considerable additional experi¬ 
ment. The variation of the maximum efficiency of a 
propeller with tip speed should first be studied by 
means of flight tests to verify or disprove the results of 
the tests in the propeller-research tunnel. The effects 
of the body behind the propeller (a fuselage housing 
a D-12 engine in the tests of reference 18) should be 
investigated by means of tests of the propeller without 
a body. The effects of Reynolds Number should be 
investigated by means of tests of a geometrically similar 
model in the propeller-research tunnel. The blocking 
or constriction correction for the high-speed tunnel 
results cannot be investigated with the equipment now 
available. The method of determining this correction 
consists of testing geometrically similar airfoils of 
different chord. If this were to be done in the equip¬ 
ment now available the Reynolds Number would vary 
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as well as the constriction at the throat. A method 
suitable for establishing this correction is the construc¬ 
tion of a high-speed wind tunnel similar to the present 
tunnel, but different in size, and the testing in both 
tunnels of airfoils of the same chord. The Reynolds 
Number would then be the same for the tests in each 
tunnel but the effects of constriction would depend on 
the sizes of the tunnels. One additional recommenda¬ 
tion, but one which at present seems to offer but little 
possibility of success, is a theoretical analysis of the 
flow in the tunnel with a view to determining the con¬ 
striction correction. The analysis should include an 
examination of the effects of compressibility. This 
stipulation is important but, because of the mathemati¬ 
cal difficulty involved, a solution by this means seems 

improbable. 
CONCLUSIONS 

1. Clark Y airfoil sections are superior to R.A.F. 6 
airfoil sections for propeller applications except for 
high-pitcli propellers operating at low values of VfnD. 

2. For propellers rotating at very high speeds, thin 
sections are better than thick sections. 

3. As the speed of the air flowing past an airfoil is 
increased the lift, drag, and moment coefficients under¬ 
go a small numerical increase which continues until a 

compressibility burble occurs. 
4. As the speed is further increased the breakdown 

of the flow corresponding to the compressibility burble 
is evidenced by a drop in the lift coefficient and a rapid 

increase in the drag coefficient. 
5. The speed at which the compressibility burble 

occurs is dependent on the angle of attack and the 
thickness of the airfoil; increasing either of these 
causes the compressibility burble to occur at lower 

speeds. 
6. Although the Reynolds Numbers at which these 

tests were conducted are low the results indicate that 
errors may be expected in the estimated design loads ( 
for airplanes which attain speeds such as those attained 
by diving bombers when in a dive if the effects of com¬ 
pressibility on the wing moment coefficient are 

neglected. 
7. These results indicate that the limited theory 

available may be applied with sufficient accuracy for 
most practical purposes only for speeds below the com¬ 

pressibility burble. 

Langley Memorial Aeronautical Laboratory, 

National Advisory Committee for Aeronautics, 

Langley Field, March 28, 1933. 

REFERENCES 

1. Jacobs, Eastman N., and Shoemaker, James M.: Tests on 

Thrust Augmentors for Jet Propulsion. T.N. No. 431, 

N.A.C.A., 1932. 

2. Glauert, H.: The Elements of Aerofoil and Airscrew Theory. 

Cambridge University Press, 1926. 

3. Norton, F. H.: N.A.C.A. Recording Air Speed Meter. 

T.N. No. 64, N.A.C.A., 1921. 

4. Jacobs, Eastman N., and Abbott, Ira H.: The N.A.C.A. 

Variable-Density Wind Tunnel. T.R. No. 416, N.A.C.A. 

1932. 
5. Briggs, L. J., and Dryden, H. L.: Aerodynamic Characteris¬ 

tics of Twenty-Four Airfoils at High Speeds. l.R. No. 

319, N.A.C.A*, 1929. 
6. Freeman, Hugh B.: Comparison of Full-Scale Propellers 

Having R.A.F. 6 and Clark Y Airfoil Sections. T.R. No, 

378, N.A.C.A., 1931. 
7. Briggs, L. J., and Dryden, H. L.: Pressure Distribution over 

Airfoils at High Speeds. T.R. No. 255, N.A.C.A., 1927. 

8. Taylor, G. I.: Report on Progress during 1927-28 in Calcu¬ 

lation of Flow of Compressible Fluid, and Suggestions for 

Further Work. R. & M. No. 1196, British A.R.C., 1929. 

9. Rayleigh, Lord: On the Flow of Compressible Fluid Past 

an Obstacle. Philosophical Magazine, vol. 32, July 1916, 

pp. 1-6. 
10. Bryan, G. H.: The Effect of Compressibility on Stream Line 

Motions. R. & M. No. 555, British A.C.A., 1918. 

11. Bryan, G. H.: The Effect of Compressibility on High Speed 

Stream Line Motions. Part II. R. & M. No. 640, Brit¬ 

ish A.C.A., 1919. 
12. Taylor, G. I., and Sharman, C. F.: A Mechanical Method 

for Solving Problems of Flow in Compressible Fluids. 

R. & M. No. 1195, British A.R.C., 1928. 

13. Glauert, H.: The Effect of Compressibility on the Lift of an 

Aerofoil. R. & M. No. 1135, British A.R.C,, 1927. 

14. Ackeret, J.: fiber Luftkrafte bei selir grossen Geschwindig- 

keiten insbesondere bei ebenen Stromungen. Helvetica 

Physica Acta, vol. I, Fasciculus Quintus, 1928. 

15. Caldwell, F. W., and Fales, E. N.: Wind Tunnel Studies in 

Aerodynamic Phenomena at High Speed. T.R. No. 83, 

N.A.C.A., 1920. 
16. Briggs, L. J., Hull, G. F., and Dryden, H. L.: Aerodynamic 

Characteristics of Airfoils at High Speeds. T.R. No. 207, 

N.A.C.A., 1925. 
17. Stanton, T. E.: A High Speed Wind Channel for Tests on 

Aerofoils. R. & M. No. 1130, British A.R.C., 1928. 

18. Wood, Donald H.: Full-Scale Tests of Metal Propellers at 

High Tip Speeds. T.R. No. 375, N.A.C.A., 1931. 

19. Lock, C. N. H.: Application of Goldstein’s Airscrew Theory 

to Design. R. & M. No. 1377, British A.R.C., 1932. 



420 REPORT NATIONAL ADVISORY COMMITTEE FOR AERONAUTICS 

TABLE I 

AIRFOIL ORDINATES 
[Note.—All values in percent of chordj 

Station 

3C6 3C8 3C10 3K6 3R8 3R10 

Upper 
surface 

Lower 
surface 

Upper 
surface 

Lower 
surface 

Upper 
surface 

Lower 
surface 

Upper Lower 
surface 1 surface 

Upper 
surface 

Lower 
surface 

Upper 
surface 

Lower 
surface 

0 
1.25 
2.5 
5 
7.5 

10 
15 
20 
30 
40 
50 
60 
70 
80 
90 
95 

100 
L. E. Rad. 
T. E. Rad. 

1.79 
2.80 
3. 33 
4.05 
4.54 
4. 92 
5.48 
5. 82 
6.00 
5. 85 
5. 40 
4.69 
3. 77 
2.68 
1. 44 

. 76 

.06 

1. 79 
.99 
. 75 
.48 
.32 
.22 
.08 
.02 
.00 
.00 
.00 
.00 
.00 
.00 
.00 
.00 
.00 

2. 39 
3. 73 
4. 44 
5.40 
6.05 
6.56 
7.31 
7. 77 
8.00 
7.80 
7.20 
6.26 
5.03 
3. 57 
1.91 
1.02 
.08 

2.39 
1.32 
1.00 
.64 
.43 
. 29 
. 10 
.02 
.00 
.00 
.00 
.00 
.00 
.00 
.00 
.00 
.00 

2. 99 
4. 66 
5. 56 
6. 75 
7. 56 
8.20 
9. 14 
9. 72 

10.00 
9. 75 
9.00 
7. 82 
6.28 
4. 46 
2. 39 
1. 27 

. 10 

2.99 
1.65 
1.26 
.80 
.54 
.36 
. 13 
.03 
.00 
.00 
.00 
.00 
.00 
.00 
.00 
.00 
.00 

2. 46 
3. 54 
4.23 
4. 74 
5. 37 
5. 70 
5. 99 
5.94 
5. 70 
5. 22 
4.44 
3. 36 
2. 11 
1.48 

0.00 
.00 
.00 
.00 
.00 
.00 
.00 
.00 
.00 
.00 
.00 
.00 
.00 
.00 

3.28 
4. 72 
5.66 
6.32 
7. 16 
7. 60 

. 7.98 
7.92 
7. 60 
6. 96 
5. 92 
4. 48 
2. 82 
1.97 

0.00 
.00 
.00 
.00 
.00 
.00 
.00 
.00 
.00 
.00 
.00 
.00 
.00 
.00 

4.10 
5.90 
7.08 
7. 90 
8.95 
9. 50 
9.98 
9. 90 
9.50 
8. 70 
7.40 
5. 60 
3.52 
2.46 

0.00 
.00 
.00 
.00 
.00 
.00 
.00 
.00 
.00 
.00 
.00 
.00 
.00 
.00 

.60 

.46 
.80 
. 62 

1.00 
.92 
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NEGATIVE THRUST AND TORQUE CHARACTERISTICS OF AN ADJUSTABLE-PITCH 
METAL PROPELLER 

By Edwin P. Hartman 

SUMMARY 

This paper presents the results of a series of negative 
thrust and torque measurements made with a 4 foot 
diameter model of a conventional aluminum-alloy 
propeller. The tests were made in the 20-foot propeller- 
research tunnel of the National Advisory Committee for 
Aeronautics. 

The propeller was tested for thrust and torque through 
a blade-angle range from 22° to —23° at 0.75 radius 
and a V/nD range from zero to infinity, while mounted 
in front of a cowled radial-engine nacelle. With this 
arrangement the drag of the propeller was also measured 
through a blade-angle range from 0° to 90° while locked 
in a vertical position. Additional tests were made with 
the propeller and nacelle located in two positions with 
respect to both a monoplane wing and a biplane cellule, 
in which smaller ranges of blade angles and values of 
V/nD were covered. 

The results show that the negative thrust is considerably 
affected by the shape and size of the body behind the 
propeller, that the maximum negative thrust increases 
with decrease in blade-angle setting, and that the drag 
of a locked propeller may be greatly reduced by feathering 
it into the wind. Several examples of possible applica¬ 
tions of the data are given. 

INTRODUCTION 

Wind-tunnel tests of both model and full-scale 

propellers through the ordinary ranges of air velocity 

and revolution speed have been quite extensive. Very 

few tests of propellers operating under conditions of 

negative thrust and torque have been made, however, 

because conditions of negative thrust and torque 

are encountered only in dives and fast glides and these 

maneuvers in nonmilitary airplanes are relatively 

unimportant. The recent development of the con¬ 

trollable-pitch propeller has broadened the field of 

use for negative propeller thrust and has therefore 

created new interest in the subject. 

In 1920, as part of a rather extensive research pro¬ 

gram on wooden propellers, Durand and Lesley ob¬ 

tained the negative-thrust characteristics of a series of 

12 wooden propellers of varying pitch, blade width, 

and plan form. The details of these tests may be 

found in reference 1. More recently the British have 

obtained the negative thrust and torque characteristics 

of a 4-bladed wooden propeller (reference 2). 

Both of the above studies were narrowly limited 

in range of blade angles and were made without a 

body. Their results are therefore only indirectly 

applicable to flight problems. 

In view of the trend in recent years toward the use 

of metal propellers, it seemed advisable to obtain 

some data on the negative thrust and torque of a 

conventional aluminum-alloy propeller. As the pro¬ 

peller is usually mounted close to a fuselage and 

engine, it was considered necessary to include tests 

with bodies comparable to those found in actual 

practice. 

This report gives the thrust and torque character¬ 

istics of a conventional adjustable-pitch metal propel¬ 

ler throughout the complete V/nD range from T7=0 to 

n = 0, and through a range of blade-angle settings from 

22° to —23° at 0.75 radius. The drag of a locked 

propeller through a blade-angle range of 0° to 90° 

at 0.75 radius is also given. 

The greater part of this research comprises a series 

of tests with the propeller mounted ahead of a dummy 

radial-engine nacelle without wings or fuselage- 

Other tests, not so complete, were made with the 

propeller and nacelle mounted in various positions 

with respect to a monoplane wing and also to a biplane 

cellule. 

Although the study is confined to one propeller and 

relatively few body shapes, it is believed that the 

data given are sufficient to enable designers to make 

fairly accurate calculations in most cases. 

APPARATUS AND METHODS 

The tests were made in the 20-foot propeller-research 

tunnel of the National Advisory Committee for Aero¬ 

nautics. Details of the construction and characteristics 

of this tunnel are given in reference 3. 

421 



422 REPORT NATIONAL ADVISORY COMMITTEE FOR AERONAUTICS 

The engine-nacelle unit was composed of a 25-horse¬ 

power direct-current motor enclosed in a sheet-metal 

nacelle with a 4/9-scale wooden model of a Wright 

J-5 9-cylinder engine mounted outside at the front. 

(a) Cowled engine nacelle with propeller. 

(b) Nacelle mounted on monoplane wing in position A. 

(c) Nacelle mounted on biplane cellule in position 9. 

Figure 1.—Nacelle arrangements. 

The motor shaft projected through the nose of the 

nacelle and drove a tractor propeller. In most of the 

tests an N.A.C.A. cowled nacelle was used. Figure 

1 (a) is a photograph of this nacelle mounted in testing 

position. Full details and dimensions may be obtained 

from reference 4. 

The propeller-nacelle unit was tested in two positions 

with respect to a monoplane wing having a 15-foot 

span, a 5-foot chord, and a maximum thickness of 1 

foot. Reference 4 gives a table of ordinates for this 

wing section, as well as photographs of these two mono¬ 

plane-nacelle arrangements which are therein desig¬ 

nated positions “A” and “C.” The same designations 

will be used in this report. Figure 1(b) shows the 
monoplane wing with nacelle in position A. 

Two biplane-nacelle arrangements, designated posi¬ 

tions “5” and “9”, were also tested. The biplane 

cellule had the following dimensions: Span, both wings, 

15 feet 10 inches; chord, both wings, 3 feet 2 inches; 

gap, 3 feet; stagger, none; airfoil section, Clark Y. Fig¬ 

ure 1 (c) shows the position 9 arrangement. 

The aluminum-alloy propeller used in these tests was 

similar to a Navy 4412 9-foot propeller, and was 4 

feet in diameter, corresponding in scale to the engine 

and nacelle. Detailed dimensions of this propeller are 

given in reference 5. 

The motor was made to act as an electrical brake 

through the negative-torque range, by means of a 

variable resistance in the armature circuit, the amount 

of resistance determining the speed of revolution. The 

field current was held constant at a predetermined 

value and the armature current measured. The motor 

having been previously calibrated both as a motor and 

as a generator, the input or output power was easily 

calculated. 

The revolution speed of the propeller was measured 

by a condenser-type electrical tachometer mounted on 

the rear of the motor housing and connected by wires 

to an indicating instrument on the floor below. 

For the purpose of obtaining test points throughout 

the full V/nD range, both the tunnel air speed and the 

propeller revolution speed were varied through wide 

ranges. The propeller speed varied from 0 to 3,500 

r.p.m., and the tunnel air speed from 0 to 100 miles 

per hour. As previously mentioned, the more com¬ 

plete tests in this program were made with the cowled 

nacelle alone, in which propeller blade-angle ranges of 

22° to —23° with propeller free and 0° to 90° with 

propeller locked were covered. Tests were also made 

at two blade-angle settings with the hood of the 

N. A.C.A. cowling removed and the engine cylinders 

exposed. In all the tests made with the nacelle alone 

the thrust line was parallel to the wind direction. 

The propeller was tested at four blade angles, 22°, 

17°, 12°, and 7° at 0.75 radius, with the nacelle in 

position A, and at two blade angles, 22° and 17° at 

O. 75 radius, with the nacelle in positions C, 5, and 9. 

The latter three tests were made at two angles of 

attack, —5° and 0°, whereas all of the other tests in 

this report were made at 0° only. The monoplane 

and biplane tests were limited to the negative thrust 

and torque range. 
In each test the drag or thrust, torque, propeller 

revolution speed, and air speed were determined over 



CHARACTERISTICS OF AN ADJUSTABLE-PITCH METAL PROPELLER 423 

the desired range from readings of the balances, am¬ 

meters, and manometer. 

RESULTS 

Two forms of coefficients were used in plotting these 

data. In the majority of the tests the coefficients 

Tc Q 
Tc = yljj2 ar*d Qc = yijy, were used; since they are 

better adapted to plotting in the range of high V/nD 
values, where negative propeller thrust usually occurs. 

In the tests with the nacelle alone, however, where 

the full range of V/nD was covered, it was found nec- 

T 0 
essary to use the coefficients Cr = —fjji and CQ = - 

in the range of low V/nD values. 

The significance of the units in these coefficient 

forms is as follows: 

T, thrust of propeller (tension in propeller 

shaft) 

AD, change in drag of the airplane due to pro¬ 

peller slipstream 

Te, effective thrust = T— AD 
Q, aerodynamic torque. Negative torque is 

defined as an air reaction upon the pro¬ 

peller tending to assist the rotation. 

Positive torque, which is the reaction 

occurring in normal flight, tends to resist 

rotation. 

D, propeller diameter 

n, revolutions per unit of time 

p, mass density of the air 

all values being expressed in consistent units. 

It is clear that one form of the coefficients given 

mav be changed to the other by multiplying or dividing 

by (V/nD)2. 
Figures 2 and' 3 represent the performance of a 

propeller throughout the complete V/nD range and 

through a large range of blade angles. The use of 

both forms of the coefficient keeps the charts within 

reasonable dimensions. A V/nD value of unity was 

used as the point of transition from one form of 

coefficient to the other because both have equal 

values at that point. 

Figure 4 was obtained by cross-plotting some of the 

curves from figures 2 and 3, and replotting. It was 

designed primarily as a working chart and covers 

what might at this time be called the usable negative- 

thrust range of blade angles and V/nD ratios. The 

coefficients Tc and Qc were used exclusively in this 

figure since their similarity to a drag coefficient renders 

them suitable for use in performance calculations. 

Figures 5 and 6 present the results of the tests 

with the monoplane wing, and figures 7 and 8 those 

with the biplane cellule. Figure 9 shows the curves 

for the propeller mounted on the nacelle alone both 

with and without the engine cowling; and in figures 

10 and 11 composite curves show the comparative 

performances of the propeller with various wing- 

nacelle combinations. The drag coefficient for a 

locked propeller set at any blade angle between 0° 

and 90° is given in figure 12. 

DISCUSSION 

The negative-thrust curves in this report are very 

similar in shape to those given in references 1 and 2. 

On account of the small amount of available data on 

negative propeller thrust, all comparisons are confined 

to the data given in this report. 

The curves in figures 2 and 3 cover every condition 

that an airplane would ever encounter in flight. On 

the left halves of the charts in their normal positions 

are plotted CT and CQ, respectively, and on the right 

halves the alternative coefficients Tc and Qc, respec¬ 

tively. If it be desired to extend either set of coeffi¬ 

cients beyond the center line, it is only necessary to 

divide by the square of the abscissa. 

The curves in figure 4 are taken from figures 2 and 

3. From them it appears that in the range of blade 

angles covered in these tests, the maximum negative 

thrust coefficient increases with a decrease in blade 

angle. Inasmuch as the drag of an idling propeller 

depends upon its speed of revolution, which in turn 

depends upon the torque of the engine, it is essential 

that curves of torque coefficients should be included 

in any working chart. Congestion is avoided in this 

chart by limiting the range of blade angles and nD/V 
to that portion which is most likely to be of use. 

The curves in figures 5 and 6, for the nacelle mounted 

on the monoplane wing, have the same general shape 

as those for the nacelle alone, but show somewhat 

lower values. Figure 6 indicates that small changes 

in angle of attack have but slight effect on the pro¬ 

peller drag. 

The results of the tests with the biplane arrange¬ 

ments in figures 7 and 8 show no material differences 

from the other test results. The effect of removing 

the cowling is indicated in figure 9. The curves show 

that this effect is not large, and also show that a differ¬ 

ence in negative thrust coefficients is not always ac¬ 

companied by a difference in the corresponding torque 

coefficients. 

Figures 10 and 11 present a composite of curves 

taken from the previous plots for the purpose of 

comparing the results from various wing-nacelle 

arrangements. These curves indicate that, in general, 

the larger the obstruction and the closer its position 

behind the propeller the less the negative thrust of the 

propeller. The thrust and torque curves vary in 

approximately the same manner. Considerable vari¬ 

ation in the V/nD for zero thrust is noted. It is 

evident from these charts that body effect must be 

considered for accurate performance calculation. 

The curve in figure 12 shows that a remarkable 

saving in drag may be effected by feathering the 
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blade of a locked propeller into the wind. The drag 

coefficient Tc drops from 0.0227 at 22° to 0.0014 at 

88°. 
APPLICATIONS 

Only recently has any attempt been made to put 

negative propeller thrust to use. The development 

and more general use of the controllable-pitch propeller 

have brought about a new interest in this subject, and 

tude rapidly, the dive speeds of modern airplanes have 

reached such high values as to make it difficult for 

the pilot to maintain satisfactory control of his air¬ 

plane. In such cases it is desirable to provide a means 

by which the pilot, if he wishes, may reduce its terminal 
velocity. 

It has been proposed that the high drag of a propeller 

set at low blade angles be used to reduce terminal 
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requests for negative-thrust data for aluminum-alloy 

propellers have become more frequent. Some of the 

applications of the data are discussed in the following 

paragraphs. 

REDUCTION OF TERMINAL VELOCITY 

Airplanes, particularly those used by the military 

services, are frequently required to dive to terminal 

velocity in order to carry out their specified missions. 

Although the purpose of this maneuver is to lose alti- 

velocities, both to provide better control in the dive 

and to lessen the strain on both airplane and pilot in 

the dive and the subsequent pull-out. This procedure, 

of course, requires the use of a controllable-pitch 

propeller. 

Figure 13 presents graphically the results of terminal- 

velocity calculations for a conventional biplane. The 

calculations were made using the data in figure 4; 

as body or high-tip-speed effects were not considered 

no pretension to great accuracy is made. The short 
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portions of the curves were calculated for the condition 

where engine power was used to maintain the propeller 

revolution speed at 2,200 r.p.m. In this way the ter¬ 

minal velocity is reduced much more than when the 

engine is fully throttled. 

In making these calculations the equation used to 

compute the terminal velocity was 

VT, terminal velocity in feet per second 

P, air density in slugs per cubic foot. 

A curve of friction torque plotted against revolution 

speed of the engine is necessary for these calculations. 

An approximate method of making terminal- 

velocity calculations is as follows: 

1. Select a propeller-blade angle and diameter 

V 
W 

VI A + KT, 

where 

W, the weight of the airplane 

. parasite drag of airplane . , 
A — ------> an equivalent para- 

P t/2 
9 *' 

site area 

Tc, the propeller-thrust coefficient taken from the 

charts 

K =PD2 

D, propeller diameter in feet 
40768—34-28 

2. Estimate VT and propeller speed at VT. 
3. Using estimated propeller speed, obtain 

friction torque from curve of friction torque 

against propeller speed, which is assumed to be 

available. 

4. Calculate Qc from known values of friction 

torque and VT. 
5. Project down from value of Qc on curves and 

obtain Tc and nDfV. 

6. Substitute value of Tc in equation and 

calculate VT. 
7. Knowing D and nD/V, calculate propeller 

speed using calculated value of VT. 
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Figure 5.—Negative thrust and torque coefficients with monoplane wing, nacelle in position A. 
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8. If the calculated values of VT and propeller 

speed are not the same as the estimated values, 

a new estimate must be made and the process 

repeated. 

If the propeller is not of the same form as the one 

used in these tests, an adjustment of the data will of 

course be necessary. For greater accuracy high-tip- 

speed and body effects must also be considered. The 

effect of high tip speeds may be determined from data 

given in reference 6. 

The results of the terminal-velocity calculations 

given in figure 13 show that as the propeller pitch is 

Figure 6.—Negative thrust and torque coefficients with monoplane wing, nacelle 
in position C. 

reduced the terminal velocity drops rapidly to a point 
where the blade angle is about 4° at 0.75 radius, after 
which, with further decrease of pitch, it rises unless 
the revolution speed of the propeller is maintained by 
the use of engine power. 

The flight-research section of the National Advisory 
Committee for Aeronautics has recently completed 
a series of terminal-velocity dive tests upon a military 
airplane equipped with a Hamilton Standard controll¬ 
able-pitch propeller. The results of these tests when 
published will give more exact information concerning 
the effect of propeller-blade angle upon diving j 
velocities. 

BRAKING EFFECT 

The braking effect of the propeller may be used to 

reduce the landing distance required by an airplane 

in the following ways: 

1. To increase the angle of descent. 

2. To counteract the floating tendency of 

clean airplanes. 

3. To reduce the landing run. 

In landing, a high-pitch propeller produces con¬ 

siderable thrust even at low engine revolution speeds. 

The thrust may be greatly reduced by decreasing the 

blade angle and the extreme braking effect may be 

Figure 7.—Negative thrust and torque coefficients with biplane cellule, nacelle 
in position 9. 

obtained by reducing the blade angle to a high nega¬ 

tive value and applying engine power to maintain a 

V/nD giving the greatest negative thrust. In actual 

practice this might be a dangerous procedure if the 

airplane were not safely on the ground. In the glide 

before landing it would hardly be safe to reduce the 

blade angle below a value giving sufficient pei’formance 

to enable the airplane to pull off the field again in 

case of an emergency. 

The accurate calculation of the effect of propeller 

braking upon the landing run is altogether too lengthy 

to be of practical use; however, an estimate may be 
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made using the landing-run formula for still air given 

by Glauert (reference 7): 

y 2 / D 
Landing run m feet, S=—  ^ logJ L 

2<z-d 
where VL is the landing speed in feet per second; 
D c 

= ^ is the value of these ratios in the landing atti¬ 

tude; and jj. is the coefficient of friction between the 

landing gear and the ground. 

Assuming a given reduction in blade angle, an 

equivalent additional ACD may be calculated using 

Figure 8.—Negative thrust and torque coefficients with biplane cellule, nacelle in 
position 5. 

curves in figure 2 and the known characteristics of the 

airplane. The new value of DfL is — It is 
C L 

then easy to calculate the length of landing run for 

each blade angle using the two values of DjL. 
The additional-drag coefficient AC& varies consider¬ 

ably with V/nD, which makes it necessary to use an 

average value to avoid a lengthy integration. The 

use of an average coefficient may involve some error 

but it is believed that a close approximation to the 

correct results may be obtained if the ACd used is 

calculated for the V/nD that exists at the beginning of 

the landing run. The calculation of ACd is merely a 
transformation from Tc. 

As an illustration, consider the example of an air¬ 

plane with the following characteristics: Landing 

speed, 88 feet per second; a 9-foot diameter control¬ 

lable-pitch propeller with a normal high-speed setting 

of 22°; wing area of 250 square feet; a Z4/L or CD/CL 
ratio in the landing position of 0.125. For convenience 

a value of ^ of 0.10 will be used. 

The lift coefficient CL in the landing position will 

be about 1.4, so that <70 = 1. 4 x0. 125 = 0. 175. If 

it is assumed that the blade angle for landing has 

been reduced to 7°, the average additional-drag co- 
: efficient A Tc is about 0. 125. 

The relation between CD and Tc is 

CD _ 2D2 2 X 92 

Tc Sw 250 
= 0.648 

The drag coefficient ACd corresponding to the addi¬ 

tional-drag coefficient ATC is 0.648X0.125 = 0.081. 

The total drag coefficient in the 7° position will be 

0.175 + 0.081=0.256. The D/L ratio for the 7° 

condition will be ^t~t^ = 0. 183. 
1. 4 

If we consider that Glauert’s formula using the 

original value of DfL gives the correct landing run 

with the blade at 22°, then the landing run with a 7° 

blade setting may be obtained by using the new value 
| of DjL. 
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The solution for each blade angle gives 1,080 feet 

for the 22° setting and 880 feet for the 7° setting, the 

ratio of the two landing runs being 0.82. The reduc¬ 

tion in landing run is perhaps a trifle optimistic 

because of the low D/L assumed for the 22° blade 

setting, for it is evident that the cleaner the airplane 

the greater will be the benefit derived from a reduc¬ 

tion in blade angle. 

The ratio of the LJD ratios in the landing position 

for the two blade settings is then 
0. 125 

0. 183 
= 0. 68. It is 

evident that the reduction in the LID ratio will not 

only increase the glide angle but should also effec¬ 

tively eliminate any floating tendency. The combi¬ 

nation of these effects should materially reduce the 

length of runway required. The fact that any air- 

Figure 10.—Negative thrust and torque coefficients, nacelle mounted on mono¬ 
plane wing—composite curves. 

plane with a controllable-pitch propeller is very 

probably equipped with brakes tends to minimize 

the value of the propeller braking effect in shortening 

the landing run. 

additional saving. There has been some doubt as to 

whether a free-wheeling propeller actually has less 

drag than a locked or idling propeller. 

Using the data in figure 4, such problems may be 

solved. The drag of a locked propeller is easily found, 

since the drag coefficient remains constant and is equal 

n D 
to the thrust coefficient at —tf~ = 0. The coefficient 

may be quickly found from figure 12. The drag 

Figure 11 — Negative thrust and torque coefficients, nacelle mounted on biplane 
cellule—composite curves. 

DRAG OF LOCKED, IDLING, AND FREE-WHEELING PROPELLERS 

For the purpose of reducing the drag of an idling 

propeller it has often been proposed that a “free¬ 

wheeling” clutch be placed upon the propeller shaft 

so that the propeller might be disengaged from the 

engine while the engine is not in operation. I sing 

such a device a multi-engined airplane after reaching 

its cruising altitude could, it has been proposed, have 

one or more engines stopped and could cruise more 

economically under reduced power. It has also been 

proposed that in case controllable-pitch propellers 

were being used the dead-engine propellers might be 

feathered into the wind and locked, thus effecting an 

coefficient of a free-wheeling propeller also remains 

constant since the propeller is operating at nearly zero 

torque. It may be found by projecting down from the 

point of zero torque to the appropriate thrust curve. 

From an observation of the free-wheeling propeller- 

thrust coefficients for various blade angles in figure 4, 

it is noted that, for blade angles of more than 15° at 

0.75 radius, the drag of a free-wheeling propeller is 

; slightly less than the drag of a locked propeller, whereas 

for blade angles less than 15° the drag of a free-wheel¬ 

ing propeller is more than that of a locked propeller. 

The drags of dead-engine idling and throttled-engine 

idling propellers are much more difficult to calculate. 
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because the thrust coefficient is different for each ! 

velocity. A friction-torque curve for the engine must -i 

be at hand because the speed of rotation of the pro¬ 

peller, therefore the thrust coefficient, depends upon 

the friction in the engine. In addition to the friction- 

torque curve a throttled-power curve must be had for 

the calculation of the drag of a throttled-engine idling 

propeller. These data being available, the determina¬ 

tion of propeller drag for the idling propellers resolves 

itself into a cut-and-try process. 

The results of calculations for a typical example 

follow. The airplane in this example is assumed to 

have a 250-horsepower engine. Friction-torque and 

throttled-power curves for this engine were assumed 

but will not be shown here. 

Figure 12.—Variation of negative-thrust coefficient with blade-angle setting for 
a locked propeller. 

DRAG OF LOCKED, FREE-WHEELING, AND IDLING 

PROPELLERS 

Propeller No. 4412—Diameter, 9 feet 

Drag in pounds 

Velocity, 
m.p.h. 

Locked 
propeller 
set 17° 

Locked 
propeller 
set 88° 

Free¬ 
wheeling 
propeller 

set 17° 

Dead-en¬ 
gine 

propeller 
set 17° 

Throttled- 
engine 

propeller 
set 17° 

25 5.9 0. 36 3.7 5.9 -22 
50 23.6 1.5 15.0 37.2 22 
75 53.0 3.3 33.7 68.6 60 

100 94.4 5.8 60.1 101.0 100 

The throttled engine was assumed to be throttled to 

a point giving 350 r.p.m. at zero velocity. From this 

table it appears that in most cases a free-wheeling pro¬ 

peller would have some advantage over a locked or an 

idling propeller, except where the blade of the locked 

propeller has been feathered into the wind. 

In this example the dead-engine idling propeller 

absorbs 27 horsepower at 100 miles per hour; the free¬ 

wheeling propeller, 16 horsepower; and the locked pro¬ 

peller set 88°, only lK horsepower. 

At some speed between 25 and 50 miles per hour the 

aerodynamic torque of the dead-engine propeller 

becomes insufficient to overcome the friction torque of 

the engine, and the propeller stops. Below this speed 

the drag is the same as that for a locked propeller. 

Although the number of uses for negative propeller 

thrust has been greatly increased by the development 

of the controllable-pitch propeller, the uses are still 

relatively few. An attempt has been made in the pre¬ 

ceding paragraphs to indicate some of the problems in 

this field and to show how the data in this report may 

be used in their solution. 

Blade angle at 0.75R, degrees 

Figure 13.—The performance in a terminal-velocity dive of an airplane having 
the following characteristics: Gross weight, 2,580 pounds; engine, 420 horsepower 
at 2,200 r.p.m.; propeller, 4412, diameter 9 feet. Equivalent parasite area (Dp/q) 
11.4 square feet. 

CONCLUSIONS 

1. The negative thrust of a propeller is considerably 

affected by the shape and size of the body behind it. 

2. Through the range of blade angles covered in these 

tests, the maximum negative-thrust coefficient increases 

with decrease in blade angle. 

3. For blade angles below 7° it is necessary to use 

engine power to obtain the greatest negative thrust. 

4. The drag of a free-wheeling propeller is slightly 

less than that of a locked propeller in the normal range 

of blade-angle settings. 

5. The drag of a locked propeller may be greatly re¬ 

duced by feathering it into the wind. 

Langley Memorial Aeronautical Laboratory, 

National Advisory Committee for Aeronautics, 

Langley Field, Va., May 23, 1933. 
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DETERMINATION OF THE THEORETICAL PRESSURE DISTRIBUTION FOR 
TWENTY AIRFOILS 

By I. E. Garrick 

SUMMARY 

This report (jives the theoretical distribution of pressure 
at lift coefficients of 0, 0.5, 1.0, and 1.5 for 20 airfoils, 
calculated on the basis of a rigorous potential theory of 
arbitrary airfoils. It also provides tables from which 
the characteristics of the airfoils for any angle of attack 
in 2-dimensional potential flow are readily calculable. 
The theoretical values of the angles of zero lift, the lift and 
moment coefficients, and the ideal angles of attack are 
listed and some comparisons with experiment are indi¬ 
cated. Some of the well-known characteristics and 
properties of airfoils are accounted for in terms of the 
theoretical pressure-distribution curves. Qualitative de¬ 
ductions are made concerning the causes of breakdown 
of potential flow and the efficiency of the airfoil in viscous 
flow. The results presented may be of value in pre¬ 
dicting structural loads and also in a correlation of theo¬ 
retical pressure gradients with profile resistance. 

INTRODUCTION 

Until recently the theoretical distribution of pressure 

around airfoils could be determined only for the so- 

called “theoretical” airfoils. Indeed, only in the par¬ 

ticular case of the Joukowsky airfoils is the calculation 

not unduly laborious. (See references 1 and 2.) 

The theoretical airfoils, which are defined b}r special 

mathematical transformations, have, however, seldom 

been employed in practice. Their use in a precise 

study of pressure distribution has in fact been due more 

to necessity than to desire. The distribution of pres¬ 

sure for mathematically “thin” airfoils (i.e., the airfoil 

is represented by the mean-camber line) can be ob¬ 

tained, at least approximately, by the processes given 

by Munk, Glauert, and Theodorsen (references, 3, 4, 

and 5). In another report (reference 6) Theodorsen 

developed a theory readily applicable to arbitrary 

airfoils. This theory was extended by Theodorsen 

and Garrick in reference 7, in a report which gives a 

unified treatment of the 2-dimensional potential flow 

around airfoils of any shape. The treatments given 

in references 6 and 7 avoid approximations in the anal¬ 

ysis, and are referred to for details of the underlying 

theory of the results of the present paper. 

The differences exhibited by airfoils in potential 

flow, as well as the differences between the actual and 

ideal cases for a particular airfoil, can, of course, be 

critically studied only if the ideal case is known. 

Furthermore, it is only on this basis that the assump¬ 

tions of the theory itself can be critically analyzed 

and modified. It is therefore believed that an existing 

gap in aerodynamical literature will be, to some 

extent, bridged by the publishing in the present paper 

of convenient tables and curves of the theoretical 

results for a number of commonly used and related 

airfoils. 

A knowledge of the theoretical distribution of pres¬ 

sure for an airfoil is, undoubtedly, a major factor in 

making it ultimately possible to predict accurately the 

behavior and efficiency of the airfoil under actual con¬ 

ditions, for the theoretical changes along the surface 

from pressure to velocity and from velocity to pressure 

are very significant in the determination of the drag 

characteristics. Knowledge of the theoretical results 

is of considerable value, too, for guiding experi¬ 

mental work whenever the measurements are rather 

critical, and such information also directs attention to 

the significance and interpretation of differences 

between theory and experiment. 

Unfortunately, because of lack of sufficient accurate 

experimental data, comparison cannot be made directly 

with wind-tunnel results except in a few cases. In 

reference 7 an interesting comparison was given between 

theory and experiment of the pressure distribution 

around the N.A.C.A.-M6 airfoil at 12 different angles 

of attack. Reference 8 may be referred to for quali¬ 

tative experimental results for five additional airfoils. 

A more accurate experimental study of pressure dis¬ 

tributions is in progress at the present time at the 

N.A.C.A. laboratories. 

A part of the following work was undertaken at the 

request of the Bureau of Aeronautics, Navy Depart¬ 

ment, for use in work on structural loads. 

433 
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In making the calculations the author was ably 

assisted by Miss Alyce V. Rudeen, of the Committee’s 

staff. 
SUMMARY OF FORMULAS USED 

The formulas used to obtain the results presented in 

the tables and curves are developed in references 6 and 

7. A sample calculation for the N.A.C.A.-M6 airfoil 

with a comparison with experimental results, as well 

as explanatory figures and diagrams illustrating the 

use of the formulas, is given in reference 7. The 

following list presents the symbols employed and their 

definitions: 

SYMBOL DEFINITION 

(1) (x, y) See discussion of the choice of axes in a 

following paragraph. 

(2) 9 2 sin2d = p+->Jp2 + y2 

where p=l — 

(3) 0 2 sinh 2\f/=—p+-y/p2 + y2. Since?/ is gen¬ 

erally small for airfoils, the following 

equation may be preferable: 

sinh 0 
y Near the leading (or 

2 sin# 

trailing) edge \p is given approxi- 

matelv In, 
•v*=Vi 

where a is the radius 

of curvature at the leading (or trail¬ 

ing x) edge. 

(4) e 

(5) e' 

(6) r 

(7) 0 

(8) *0 

(9) a 

(10) 0 

1 27T i _ if 

e(0') = cot —9— d0 
2tt o 3 

See appendix2 of reference 7 for method 

of evaluation. 

Obtained graphically from the e, 6 curve. 

(Denoted ^ in reference 7.) 

Obtained graphically from the ip, 9 curve. 

(Denoted ^ in reference 7.) 

0 = 9 + e. 

A constant: 0O 
27T 

oU f t (0) ZTT a 

Angle of attack with respect to the x axis. 

The angle of zero lift, given by the value 

of e for 9 = ir. 

(11) k 

(12) j? 

V 

(>(1 + 0_ 

V (sinh20 + sin20) (1 + 0'2) 
Note: k is independent of the angle of 

attack. 

The ratio of the local velocity at the 

airfoil surface to the uniform stream 

velocity: 

1 For airfoils whose trailing edges are not uniquely defined, it is convenient to con¬ 
sider the trailing edge as formed by an arc of very small radius of curvature, and to 
fair in the ^,0 curve near 0=x. 

* A convenient 20-point method is given here which in practice is quite sufficient. 
However, any number may be used, or any interval which appears to be critical may 
be subdivided and treated separately. 

(13) ^ 
q 

(14) c 

(15) CL 

(16) F 

p.= k[sin(a + <t>) + sin(a + 0)]. 

The ratio of the local superstream pres¬ 

sure to the dynamic pressure (the term 

“superstream pressure” is used to 

designate the difference of the local 

pressure and the static pressure in the 

undisturbed uniform stream): 

and q=r?pV2. 

The segment of the x axis intercepted by 

the airfoil boundary. 

The lift coefficient 

CL = 
L 8 7r • / , q\ 
-sin(a + 0) 

pc V ,r2 

A point designated the “focus” of the air¬ 

foil. We may first define the complex 

constants Ci and c2 as 

Ci = = Ai + iB i 

27r 

— —f 0(0) (cos cf> + i sin <j>) d<f> 
7T o 

c2 = A2 + %B‘2 

200 27T 

__f 0(0) (cos 24> + i sin 20) d</> 
F 0 

Then writing 

b2c2iy = 1 + ^-+c2 

we have 

C = ( 1 + 
Al2-Bl2 

1 
and 7 = 2tan J‘ 42.^2 

1 4-A 

+ A^j +(AlBl+B,Y 

AJS, +Bj 

+ A> 

Then the complex coordinate of F is 

b2 
zF = (x + iy) F= 7nel& + -^el(2y~B) 

(17) MF The moment at F is constant for all 

angles of attack: 

Mf = 2tt p b2 V2 sin 2(7—0) 

(18) Cmf The moment coefficient referred to the 

point F: 

Cmf — = 4tt ^ sin 2 (7 — 0) 

(19) a1 The “ideal” angle of attack: 

€n + *T 

-2 

where eN and eT denote, respectively, 

the values of e at the nose and tail; 

i.e., for 0 = 0 and 9 = ir, respectively. 

The ideal angle of attack for thin airfoils has been 

defined by Theodorsen (reference 5) as that angle for 

which the front stagnation point is at the leading edge. 



THEORETICAL PRESSURE DISTRIBUTION FOR TWENTY AIRFOILS 435 

At this angle of attack large velocity gradients at the 
leading edge are avoided and the profile drag is at, or 
very near, its minimum value. The definition can be 
naturally extended to actual airfoils to designate that 
angle of attack for which the front stagnation point is 
at the foremost edge of the mean-camber line. How¬ 
ever, as pointed out by Theodorsen, the effective mean- 
camber line of a thick airfoil actually alters with 
change of angle of attack, and the ideal angle of attack 
for a thick airfoil represents an average of a range of 
angles for which the profile drag is very near its 

minimum. 

PROCEDURE AND ACCURACY OF THE CALCULATIONS 

In order to avoid possible confusion it may be well 
to state beforehand that the term “chord” is used in 
this paper as synonymous with the segment of the x 
axis intercepted by the airfoil. The “standard chord” 
in terms of which the airfoil is usually empirically 
defined does not, in general, coincide with this above- 
defined chord. The angle between the x axis as chosen 
and the standard chord is designated X and is listed 

in table I. (See also fig. 1.) 
In the procedure of the calculations, the axes of 

coordinates are first chosen in a definite convenient 
way, since the ease and rapidity of convergence of 
further evaluations depend considerably on the choice 
of axes (references 6 and 7) This choice may be made 
as follows: If the distance between the leading edge of 
the airfoil and the center of curvature of the leading 
edge is bisected at E (the coordinates of E are (2, 0)), 
and the same is done for the trailing edge at E' (the 
coordinates of E' are (—2, 0)), then the x axis should 
pass through EE' and the origin bisects the distance 
EE'. However, small variations from this particular 
choice of axis and origin do not noticeably influence 
the ease of calculation.3 The quantities given in the 
headings of table II are directly calculated in terms of 
x and y by means of the formulas previously listed. 
The angle of attack corresponding to a given value 
of the lift coefficient may be obtained from (15), in 
which c is Xn — Xt, where X^ and Xt denote the abscis¬ 
sas of the leading edge and trailing edge, respectively. 
The moment coefficient Cmf may be obtained from 
(18), in which the constants b2 and 7 are obtained from 
(16) by graphical integration of the 1p sin </>, cos <j>, 

i/'sin 2<£, and xj/ cos 24> curves. 
The ordinates of the airfoil are given empirically 

to hundredths of a percent of the standard chord for 
16 stations of the upper and lower surfaces respec¬ 
tively. The quantities x, y, xp, and 0 are defined to 
the same degree of accuracy. The \p, d curve is thus a 
faired curve through 32 points and e (6) is estimated to 
be of the same order of accuracy as f(d). The deriva- 

3 Notice, however, that we have chosen the rear stagnation point on the x axis at 
0=-rr, thus fixing the calculation by the Kutta condition. Strictly speaking, then, 
the 1 axis should be chosen in the unique manner indicated above (this has been 
done for the airfoils treated here), for, if another axis is chosen, the rear stagnation 
point must be properly relocated with respect to it, causing a change m the angle o 
.zero lift with respect to the new axis. 

fives t and \p', being determined graphically, admit of 
a possible small error which, however, causes an error 

in k of probably less than 2 percent. The angle of zero 
lift, or the value of e for 0 = 7r, may perhaps be in error 
as much as 15', but the influence of this possible error 
on the theoretical pressure-distribution curves for 

fixed values of CL is negligible. 
The numerical data for the Clark A airfoil are pre¬ 

sented in table II. The distribution of velocity and 
pressure for any angle of attack or at any lift coeffi¬ 
cient, as well as other theoretical characteristics, are 
obtained with a minimum of effort from this table. 
Similar tables for the remaining airfoils are omitted 
here for reasons of economy in printing and also be¬ 
cause it is not known how general the interest in them 
will be. They are available on request from the 
National Advisory Committee for Aeronautics. 

DISCUSSION 

Although the airfoils chosen in this paper are mainly 
conventional airfoils (fig. 1) and not extremely radical 
types, it is nevertheless possible to isolate some of the 
individual effects of change of shape and compare 
these with experimental results. It is believed, how¬ 
ever, that future experimental work on radical and 
less conventional shapes, for which the theoretical 
results are readily available (see, for example, reference 
7, p. 31), will enable the isolation and analysis of 
effects which are probably masked and unemphasized 

in conventional types. 
We may first make some general comments regard¬ 

ing the curves of theoretical pressure distribution given 
in the following pages. In each figure the abscissa 
represents the location of a point of the airfoil surface 
in percent chord and the ordinate gives the quantity 
p[q, the ratio of the local superstream pressure to the 
dynamic pressure q. It may be noted that negative 
values of p[q are plotted upwards. This is an arbitrary 
convention and is made because it is more readily 
associated with the upper surface of the airfoil, which 
for ordinary angles of attack is the surface of suction 
or negative pressure. In figures 2 to 21, inclusive, it 
may be noted that the points of the curves above the 
zero, or normal pressure, line represent suction; that 
is, velocities, greater than V. Positive values of p/q 
denote pressures greater than normal static pressure; 
i.e.. v<V. The stagnation points at which y = 0 cor¬ 

respond to - = 1. 

Effect of compressibility.—In figure 22 there is 
shown for convenience a curve of the dynamic pressure 
q in inches of water and in pounds of force per square 
foot against velocity in miles per hour. The values 
given correspond to atmospheric conditions at 2,000 
feet altitude and 0° C. For the ordinary velocity 
range of aircraft, say from 45 to 200 miles per hour, q 
varies from about 1 to 20 inches of water. For very 

•great velocities the effect of compressibility of the air 
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1.Clark Y 
x axis 

2.N.A.C.A-M6 x axis 

3.U.S.A. 27 x axis 

4 -U.S.A.35B x axis 

10. Boeing 103A 

11. R.A.F.15 x axis 

12. R.A.F.19 x ax is 

13.N.A.C.A 0010 x axis 

16. N.A.C.A. 24 09 x axis 

Figure 1.—The 20 airfoils chosen, showing axes and location of F. 

becomes significant and the potential-theory charac- 

. teristics based on an assumption of incompressibility 

may be considerably altered. However, as is pointed 

out by Glauert (reference 10), the compressibility of 

air has minor influence for velocities under 0.5 the 

velocity of sound, or ordinarily about 350 miles per 

hour. However, it should be noted that at certain 

angles of attack the local velocity may be as much as 

two or more times the stream velocity. Thus, for 

very great velocities, the strong suction in the region 

of the peak pressures may introduce radical changes 

in the flow, as the compressibility properties of the 

fluid become important. This effect is associated with 

Mach’s Number (v/c, where c is the velocity of sound in 

the medium), and the ordinary Reynolds Number 

alone is not a safe criterion for scale effect. The 

potential theory yet remains to be properly modified 

for the effect of compressibility. Reference 9 gives 

some experimental results of the distribution of pres¬ 

sure over airfoils for very high speeds. The maximum 

negative pressure (or suction) obtained in this refer¬ 

ence was 37 cm of mercury. 

Pressure gradients.—From the concept of the ideal 

angle of attack we are led to expect that the thinner the 

airfoil at the leading edge the greater the velocities 

near the leading edge for angles different from a7. This 

expectation is confirmed by the large negative values 

| of pjq attained by the R.A.F. 15 and the N.A.C.A. 

0010, 0012, and 2409 airfoils. In particular, the pres¬ 

sure on the N.A.C.A. 0010 reaches — llq for lift 

coefficient CL=l .5, whereas the somewhat thicker 

N.A.C.A. 0012 reaches —7q at the same lift coefficient. 

In practice, the value of CLmax for the N.A.C.A. 0012 

is somewhat greater than that for the N.A.C.A. 0010. 

Results of force tests of the airfoils treated in this 

paper are presented in references 11, 12, and 13. 

The large gradient of pressure behind the negative 

peak pressure is very significant for the breakdown of 

potential flow. The deceleration of fluid becomes so 

rapid that fluid is piled up at the trailing edge and the 

flow no longer separates precisely at the trailing edge 

but breaks off along the upper surface. The flow along 

the lower surface undergoes but little change at high 

angles of attack except that, after the breakdown of 

potential flow has occurred, the pressure at the trailing 

edge may be somewhat negative instead of positive. 

The change from the front stagnation point to maxi¬ 

mum velocity occurs within a very small space interval, 

and all indications are that frictional losses are practi¬ 

cally negligible while the fluid is accelerating, as com¬ 

pared with losses when deceleration occurs. The 

fluid follows the surface boundary more easily in the 

change from pressure energy to kinetic energy than 

vice versa. This fact is also abundantly confirmed by 

experiments with nozzles and venturi tubes. For 
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Figure 2—Theoretical pressure distribution for the Clark Y airfoil. 

Figure 4.—Theoretical pressure distribution for the U.S.A. 27 airfoil. 

Figure 5.—Theoretical pressure distribution for the U.S.A. 35B airfoil. 
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Figure 6.—Theoretical pressure distribution for the N 22 airfoil. 

Figure 9—Theoretical pressure distribution for the N.A.C.A.-CVff airfoil. 

Figure 10.—Theoretical pressure distribution for the C 72 airfoil. 
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airfoils used in practice without auxiliary devices, a 
pressure ratio p/q of about —3 or —4 is the maximulfi 
attained. It may be observed here that since the 
leading edge of the airfoil and the upper surface near 
the leading edge experience very large pressure 
gradients, they are critical regions, to be especially kept 
free from unnecessary protuberances and roughness. 

It may be noted in the figures that very large 
pressure gradients exist in the region near the rear 

Some effects of camber.—It may be observed that a 
property common to all airfoils is that the negative 
values of p/q mount rapidly near the leading edge on the 
upper surface after ^ = 1.00 is exceeded. However, 
for the highly cambered airfoils, as the R.A.F. 19 and 
N.A.C.A. 6512, it may be noted that even for CL — 1.50 
the p/q negative peak is but slightly above — 2. These 
airfoils are high-lift airfoils, and the lift is well distri¬ 
buted over the whole chord. However, they have 

stagnation point, within the shadow of the 100 percent 
chord line. The rapid deceleration of fluid as thus 
shown to exist theoretically at the trailing edge most 
probably does not occur to any such extent in practice. 
The flow probably recombines at the trailing edge at 
velocities not much below normal, and the pressure 
curves are rounded off at a small positive pressure as 
shown in the figures. There is in this fact no essential 
violation of the Kutta condition for fixing the circula¬ 
tion, the primary purpose of which is only to avoid 
infinite velocities at the trailing edge. 

usually unfavorable pitching moments and rather wide 
travel of the center of pressure, as evidenced by the 
theoretical moment coefficients at zero lift, which are 
respectively —0.210 and —0.185. 

Further effects of camber may be observed in figures 
15, 18, 20, and 21 for the N.A.C.A. 0012, 2412, 4412, 
and 6512 airfoils, where in every case the maximum 
thickness is 12 percent of the chord and the maximum 
mean cambers are, respectively, 0, 2, 4, and 6 percent 
of the chord. The theoretical moment coefficients 
CMF are, respectively, 0, —0.055, —0.110, and —0.185. 
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The ideal angle, also, increases with camber and, hence, 

the optimum lift coefficient increases in general with 

camber. We may observe that the high-cambered air¬ 

foils, and more especially thin high-cambered airfoils, 

are not efficient at low values of the lift coefficient, as is 

evidenced by the high negative peaks in the pressure 

distribution for zero lift. In fact, the flow around 

many high-cambered airfoils (for example, the R.A.F. 

19) is known to burble on the under surface at low 

lift coefficients. Indeed, large gradients of decelera¬ 

tion of fluid may everywhere be associated with de¬ 

creased efficiency. The bringing of pressure gradients 

and profile resistance into a precise correlation is a 

significant problem for further investigation. A 

uniform gradual change from velocity to pressure, as in 

figure 2 for the Clark Y airfoil at CL = 0.5, gives prob¬ 

ably the optimum lift distribution and occurs very 

nearly at the ideal angle of attack. 

The experimental curves of lift coefficient against 

angle of attack for high-cambered airfoils like the 

R.A.F. 19 and N.A.C.A. 6512 are well rounded near 

maximum lift, whereas for airfoils like the N.A.C.A. 

0010 and R.A.F. 15 they are likely to be sharp and 

jagged (reference 12). The former airfoils lose their 

lift rather gradually after maximum lift is attained, 

while for the latter airfoils this effect is likely to occur 

suddenly. 

Effects of thickness.—In figures 17, 18, and 19 we 

may note some effects of the airfoil thickness. The 

N.A.C.A. 2409, 2412, and 2415 airfoils have a common 

mean-camber line and maximum thicknesses, respec¬ 

tively, of 9, 12, and 15 percent of the chord. For the 

N.A.C.A. 2415 it may be noted that the pressure on 

the under surface is generally less positive than for 

the 2412 and 2409. Also, we ma}r observe that at lift 

coefficients CL — l'.OO and CL=\.50 the down gradient 

of pressure along the first 15 percent of the chord is 

greatest for the 2409, while for the rest of the chord it 

is greatest for the 2415, indicating that an optimum 

effect for thickness lies perhaps between the extremes 

listed. The theoretical slope of the lift curve in¬ 

creases somewhat with thickness, and for the above 

airfoils has values of 6.75, 6.90, and 7.10, respectively. 

An experimental result that merits closer investigation 

is the fact that after a maximum thickness of about 12 

dCV 
percent is attained, decreases somewhat with fur¬ 

ther increase in thickness (reference 12). A partial 

explanation lies in the fact that, in general, a thicker 

boundary layer exists on thick airfoils, decreasing their 

aerodynamic efficiency. It has, indeed, puzzled some 

observers employing various schemes for removing the 

boundary layer that the experimental slope of the lift 

curve for infinite aspect ratio often exceeds 2tt, which 

is the value given by the approximate thin-airfoil 

theory. The average theoretical slope of the curves 

of lift against angle of attack for the airfoils listed in 

this report is approximately 6.90 oi about 1.10 X2?r. 

This value is about 15 to 20 percent greater than the 

experimental value of the slope of the lift curve for 

infinite aspect ratio, and indicates that the airfoil is in 

general from about 80 to 85 percent efficient with 

regard to lift. 

Moment properties,—The theoretical moment 

Mf is, in most of the cases studied in this paper, from 

about 10 to 20 percent greater than the experimental 

value of the moment for zero lift. (See references 12 

and 13.) On the basis of (16), the position of the focus 

F, at which the theoretical moment is constant for all 

angles of attack, was calculated and is shown in the 

figures of the airfoils. (See fig. 1 and also table I.) 

In every case its abscissa is very nearly at 25 percent 

of the chord from the leading edge, the maximum for 

the airfoils considered being near 27 percent and the 

minimum near 24 percent of the chord line. How¬ 

ever, it is important to note that, in general, the ordi¬ 

nate of F does not fall on the chord line but is usually 

located at a small distance from it. 

The tendency for more constant center-of-pressure 

properties may be observed in figure 4 for the U.S.A. 

27, where the lower-surface pressure curve has a small 

inflection or bend. For the N.A.C.A.-M6 (fig. 3), 

which theoretically has practically zero travel of the 

center of pressure, the double bend on the pressure 

curves at zero lift may be observed. Alternate re¬ 

gions of suction and pressure thus exist on each surface. 

The N.A.C.A.-CYH shows the same tendencies to a 

lesser degree. The double bend in the pressure- 

distribution curves is probably common to most 

reflexed airfoils. 
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Experimental results on the angles of zero lift show 
considerable discrepancies and indicate a change with 
the Reynolds Number. In general, the consistent 
experimental result is obtained that the angle of zero 
lift increases (algebraically) with increase in the Rey¬ 
nolds Number. For this reason we may only indicate 
a comparison with experimental values. The values 
listed in table I of this paper consistently fall within 
the range of values obtained by experiment and seem 
to agree more closely with experimental results obtained 
at moderate Reynolds Numbers (about 2xl06) than 
with those taken at very large Reynolds Numbers. 
This fact should be investigated further. 

CONCLUSIONS 

The preceding discussion shows that, to a large 
extent, the general properties and characteristics of 
airfoils, such as effects due to camber, thickness, or 
change of shape, may be accounted for by the theoreti¬ 
cal pressure-distribution curves. The theoretical pres¬ 
sure-distribution 'curves at definite lift coefficients may 
be safely used for structural-load considerations. A 
correlation between pressure gradients and profile 
resistance, affecting the efficiency of the airfoil, has 
been qualitatively indicated. Further theoretical and 
experimental investigations should be concerned with 
the significance of the differences between theory and 
experiment. 

Langley Memorial Aeronautical Laboratory, 

National Advisory Committee for Aeronautics, 

Langley Field, Va., June 2, 1983. 
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TABLE I 

THEORETICAL CONSTANTS FOR THE TWENTY AIRFOILS 

Airfoil eH c 
d Cl 

(3 7 62 
_6i 

eto Cmp Oaj m 6 

j 

X 
d sin(a-f(3) 

O / o / o / O / o f 

Clark Y...... 1.112 4.031 6. 93 3 35 0 24 0.995 0.894 -0. 085 0 38 0. 51 0. 110 46 50 1 59 
N.A.C.A.—M6_ 1.117 4.040 6.95 0 36 0 42 . 966 .864 .003 1 0 . 19 .079 29 0 0 0 
U.S.A. 27.__ 1.115 4.024 6.96 4 31 0 57 .990 .888 -.095 1 16 .69 . 117 58 0 0 38 
U.S.A. 35B_ 1.109 4.038 6. 90 4 14 0 29 1.000 . 900 -. 100 0 49 .60 . 127 47 10 1 36 
N. 22___ 1.118 4.036 6. 96 4 7 0 18 1. 000 .894 -. 102 0 35 .56 . 125 48 0 1 50 
Gottingen 387_ 1. 153 4.064 7. 12 5 23 0 39 1.000 .867 -. 125 0 55 .77 . 173 46 10 2 0 
Gottingen 398___ 1. 142 4.040 7.09 4 25 0 37 1.002 .878 -. 102 0 35 .61 . 140 48 30 2 3 
N.A.C.A—CYH___ 1. 114 4.029 6. 95 1 52 0 44 1.000 .897 -.017 1 0 .34 .094 40 0 0 52 
C 72_____ 1. 107 4.029 6.91 4 13 0 11 . 990 .900 -. 107 0 25 . 55 .113 47 30 2 0 
Boeing 103 A- 1.093 4.022 6. 84 2 48 0 13 .985 .900 -. 075 1 17 .48 .092 49 20 1 11 
R.A.F. 15_ 1.07 i 4.012 6.71 2 35 0 37 1.017 . 950 -.052 1 18 .47 .068 63 10 0 0 
R.A.F. 19__ 1. 116 4. 022 6. 97 8 56 1 26 1.053 .944 -. 210 2 0 1.30 .200 68 30 0 24 
N.A.C.A. 0010__ 1.092 4.023 6. 82 0 0 0 0 .990 .910 . 000 0 0 .00 .051 0 0 0 0 
N.A.C.A. 0012..._____ 1. 112 4.033 6.93 0 0 0 0 .995 .900 . 000 0 0 .00 .080 0 0 0 0 
N.A.C.A. 2212___ 1. 119 4.034 6.97 1 59 0 30 . 997 .892 -.039 1 12 .38 .057 60 10 0 0 
N.A.C.A. 2409_ 1.083 4.019 6. 78 2 2 0 6 1.000 .922 -.052 0 22 .28 .065 45 50 0 0 
N.A.C.A. 2412__ 1. 103 4.034 6. 87 2 15 0 13 .998 . 905 -.055 0 20 .30 .085 28 30 0 0 
N.A.C.A. 2415_ 1. 142 4.052 7. 10 1 58 0 6 .997 .875 -. 050 0 32 .30 . 116 25 20 0 0 
N.A.C.A. 4412___ 1. 114 4.034 6. 94 4 34 0 21 .995 .895 -.110 0 38 . 62 . 128 49 50 0 0 
N.A.C.A. 6512__ 1. 119 4.034 6.98 7 4 0 0 .993 .887 -. 185 0 19 .89 . 148 65 30 0 0 

Note.—The values of the angles listed in table I with respect to the x axis may be converted to values with respect to the standard chord by the addition of X. 
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TABLE II 

CLARK Y AIRFOIL 

UPPER SURFACE 

Percent c 
y in per¬ 

cent c X V sin2 6 sinh21 6 * € t' k 

<t> = = 0+e 

radians O f 

0 0 2.030 0 0 0. 0302 0 0.173 -0. 0846 0.035 0. 070 6. 842 -0.085 -4 51 
1.25 1. 99 1.983 .0802 . 0486 . 0331 . 222 . 182 -.0735 .067 .080 4. 192 . 1485 8 31 
2. 50 3.09 1.933 . 1246 . 1007 .0386 .323 . 195 -. 0640 . 110 . 114 3. 299 . 259 14 50 
5.0 4. 57 1.834 . 184 . 194 . 0436 . 456 .207 -. 0501 .067 . 133 2. 578 . 406 23 17 
7.5 5.61 1.736 . 226 .280 . 0457 .557 .212 -.0362 .044 . 150 2. 240 .521 29 51 

10 0. 45 1.636 .260 .361 .0468 . 644 .215 -. 0225 .021 . 145 1. 993 . 622 35 38 
15 7. 70 1.436 .310 .508 . 0474 . 793 .216 -.0005 .008 . 133 1. 691 .793 45 25 
20 8.55 1. 236 .345 . 635 .0467 .922 .214 .0163 -.017 . 133 1. 525 .939 53 47 
30 9. 23 .834 .372 .833 .0415 1. 150 .202 .0430 -.067 . Ill 1.318 1. 193 68 20 
40 9. 28 .430 .374 .955 .0360 1.358 . 190 . 0635 -. 067 .086 1.210 1.422 81 29 
50 8. 74 .0263 .352 . 998 .0311 1.530 . 175 .0772 -.080 .073 1. 172 1. 607 92 6 
00 7. 72 -.378 .311 . 965 .0251 1. 759 . 158 .0918 -.089 .050 1. 169 1.850 106 2 
70 6. 26 -.783 .252 . 850 .0187 1.969 . 136 . 101 -. 100 .040 1. 235 2. 070 118 37 
80 4. 47 -I. 189 . 180 . 651 .0125 2. 203 . 112 . 106 -. 114 .013 1.374 2. 309 132 18 
90 2. 40 -1. 595 . 0968 . 308 .0063 2. 489 .0793 . 105 -. 114 -. 022 1. 766 2. 594 148 39 
95 1. 26 -1.798 . 0508 . 1945 .0032 2.685 . 0566 . 0961 -. 100 -.057 2. 346 2. 781 159 20 

100 0 -2.001 0 0 . 0010 3.142 .0310 . 0626 -.044 -.077 large 3. 204 183 36 

LOWER SURFACE 

0 0 2.030 0 0 0. 0302 6. 283 0. 173 -0. 0846 0. 035 0. 070 6. 842 6.199 -4 51 
1.25 -1.53 1.983 -.0617 . 0429 .0221 6. 074 . 148 -. 103 . 171 .055 4.535 5. 966 -18 8 
2.50 -1.94 1.933 -. 0782 . 0885 . 0173 5.981 . 131 -. 110 . 149 -.011 3. 344 5. 871 -23 35 
5.0 -2. 40 1.834 -. 0968 . 178 . 0131 5.847 . 114 -. 103 . 123 -.024 2. 463 5. 739 -31 10 
7.5 -2. 61 1. 736 -. 105 . 265 .0104 5. 743 . 102 -. 106 . 100 -.031 2. 044 5. 637 -37 1 

10 -2. 73 1. 636 -. 110 .347 . 0087 5. 653 . 0932 -. 103 . 092 -. 033 1.795 5. 550 -41 59 

15 -2. 83 1. 436 -.114 .498 . 0065 5. 499 . 0805 -.0975 . 080 -.044 1. 491 5. 402 -50 29 
20 -2. 78 1. 236 -. 112 .630 . 0049 5. 366 . 0599 -.0918 .073 -.044 1.331 5. 275 -57 46 

30 -2.47 .834 -. 0996 .833 . 0030 5. 133 .0548 -. 0300 .057 -. 057 1. 145 5. 053 -70 27 
40 -2.12 . 430 -. 0855 .957 . 0019 4. 920 .0436 -. 0670 .044 -. 030 1. 086 4. 853 -81 55 
50 -1.78 . 0263 -.0718 1. 000 .0013 4. 712 . 0361 -. 0538 .040 —. 037 1. 036 4. 659 -93 4 

60 -1.43 -.378 -.0576 .962 . 0003 4.516 . 0283 -. 0425 .031 -.057 1.057 4. 473 -103 41 

70 -1.09 -. 783 -.0439 .842 . 0005 4. 304 .0224 -. 0282 . 025 -. 057 1. 130 4. 276 -114 58 

80 -. 75 -1. 189 -. 0302 .643 .0003 4. 030 .0173 -. 0080 .014 -.030 1. 276 4. 022 -12.) 31 

90 -. 40 -1.595 -.0161 .361 .0002 3. 786 .0141 .0083 .017 -. 095 1.674 3. 794 -142 36 

95 -. 23 -1.798 -. 0093 . 190 .0001 3.593 .0100 . 0255 .000 -. 100 2. 295 3. 618 -152 40 

100 0 -2. 001 0 
° 

.0010 3. 142 .0310 . 0628 -. 044 -.077 large 3. 204 -176 24 
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AIRCRAFT POWER-PLANT INSTRUMENTS 

By Harcourt Sontag and W. G. Brombacher 

SUMMARY 

This report supersedes that on aircraft power-plant 

instruments, published in 1921 as N.A.C.A. Technical 

Report No. 129, which is now, on the whole, obsolete. 

Aircraft power-plant instruments include tachometers, 

engine thermometers, pressure gages, fuel-quantity gages, 

fuel flow meters and indicators, and manifold pressure 

gages. The report includes a description of the com¬ 

monly used types and some others, the underlying prin¬ 

ciple utilized in the design, and some design data. The 

inherent errors of the instruments, the methods of making 

laboratory tests, descriptions of the test apparatus, and 

data in considerable detail on the performance of com¬ 

monly used instruments are presented. Standard instru¬ 

ments and, in cases where it appears to be of interest, 

those used as secondary standards are described. A 

bibliography of important articles is included. 

INTRODUCTION 

PREFATORY NOTE 

A general report on power-plant instruments was 

orepared at the Bureau of Standards in 1921 for the 

National Advisory Committee for Aeronautics (refer¬ 

ence 5), which dealt mainly with instruments developed 

during the war. During the last 10 years aircraft 

instruments, including power-plant instruments, have 

undergone intensive development. This report covers 

the present status of power-plant instruments and 

was prepared at the Bureau of Standards with the 

approval and financial assistance of the National Ad¬ 

visory Committee for Aeronautics. A large amount 

of the material presented was obtained during the 

course of cooperative work with the Bureau of Aero¬ 

nautics of the Navy Department. 

TYPES AND FUNCTIONS OF POWER-PLANT INSTRUMENTS 

Power-plant instruments are taken to include all 

types of instruments which are used on aircraft to 

indicate or record the performance of aircraft engines 

in flight. The instruments and the quantities meas¬ 

ured are listed below: 

Instruments 

Tachometers_ 

Recording tachometers. 

Running-time meters_ 

Engine thermometers_ 

Pressure gages_ 

Fue] quantity gages_ 

Fuel flow meters_ 

Fuel consumed meters _. 

Combustion indicators.. 

Manifold pressure gages 

Quantity measured 

Engine speed. 

Do. 

Service time of engine. 

Temperature of lubricant, cooling 

liquid, or cylinder. 

Pressure of lubricant or fuel. 

Quantity of fuel available. 

Rate of fuel consumption. 

Quantity of fuel consumed. 

Degree of fuel combustion. 

Absolute pressure in intake mani¬ 

fold. 

While power-plant instruments are of value to the 

pilot in connection with the normal operation of the 

engine, their function is also to assist him in detecting 

and locating the first sign of trouble. Their depend¬ 

ability thus becomes a matter of prime importance. 

SCOPE OF THE REPORT 

The discussion of each type of power-plant instru¬ 

ment includes a statement of the underlying principle 

used in making the measurement, a description of the 

instruments commonly used, the methods of making 

laboratory tests and data on the performance of 

typical instruments. In addition the standard in¬ 

struments used in making the laboratory tests are 

described in most cases and, where it appears to be of 

interest, secondary standard instruments also. In¬ 

struments and methods not commonly used in aircraft 

| but which are either of interest in this connection or 

have possible application in the future are briefly 

described. 

RECENT GENERAL DEVELOPMENTS 

Many developments during the past decade have 

affected aircraft instruments as a class. These have 

included the design of instruments having a linear ver¬ 

tical scale (now largely obsolescent), the standardiza¬ 

tion (and decrease) of the diameter of the dials of the 

commonly used instruments, a general improvement 

in over-all performance, and the adoption of a clock¬ 

wise direction of rotation of the pointers for increasing 

values of the quantities measured. There has been a 

447 
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number of other developments relating to power-plant ' 

instruments alone; and of these, two are mentioned 

as noteworthy—first, the improvement in the design 

and development of new types of distant-indicating 

electrical instruments and, second, the gradual devel¬ 

opment of various types of fuel flow meters. 

A. Vertical Scale Instruments 

Instruments having linear vertical scales were de¬ 

veloped primarily in order to conserve the area of the 

instrument panel. Examples of power-plant instru¬ 

ments of this type are shown in figures 6 and 40. 

The design is particularly desirable in aircraft powered 

by more than one engine, since the several instruments 

can be mounted side by side, and synchronization is I 

indicated when the pointers all lie in a horizontal line. 

Owing to the limited length of scale, the necessity for 

complicating the mechanism in order to obtain a mo¬ 

tion of the pointer sufficiently linear, and the relatively 

high cost of manufacture, the vertical scale instrument 

is rapidly becoming obsolete. 

B. Standardization of Case Sizes 

Largely through the initiative of the Bureau of 

Aeronautics of the Navy Department, experimental 

air-speed meters, altimeters, and tachometers were 

constructed by manufacturers in 1928, the diameter of 

the dials of which was reduced to 2% inches and the 

cases made uniform as regards mounting dimensions. 

Further, engine thermometers and fuel- and oil-pressure 

gages were made with uniform cases but with a smaller 

dial (1 /s inches in dianietei). 4 hese new dial and case i 

dimensions were adopted as a standard by the Army 

and Navy Standards Conference of February 1929. 

Since then practically all service instruments have been 

standardized in one or the other of these two dial sizes 

with the corresponding mounting dimensions. In 

addition to the military air services, the Society of 

Automotive Engineers has also adopted the twro new 

sizes as standard. The reduction in size is noteworthy. 

The dial of the tachometer previously considered 

standard was 3% inches in diameter and that of the 

pressure gage and thermometer 2 inches. The reduced 

size permits a reduction of the center to center distance 

between two tachometers mounted side by side from 

4% to 3)i inches. Examples of instruments with the new 

dial sizes are showm in figures 5 and 32. 

C. Uniform Direction of Pointer Rotation 

Uniformity in the direction of rotation of the 

pointers (clockwise) with increasing values of the 

quantity measured, the advantages of which are 

obvious, is nowr an accepted requirement. As an ex¬ 

ample the pointer of the altimeter formerly rotated 

counterclockwise with increasing altitude while that of 

the tachometer rotated clockwise with increasing speed. 

D. Fittings 

The connections of the flexible shaft to the tachom¬ 

eter and to the engine have been standardized. 

Details are given later in the subsection on “ Flexible 

drive shafts. ” The fittings on fuel quantity gages and 

manifold pressure gages for connecting to the lines of 

copper tubing have also been standardized both as to 

type and size. This fitting is described on page 26 of 

reference 20. A similar but different size fitting is used 

on fuel and oil pressure gages. Aluminum tubing and 

fittings are coming into use where practicable. 

E. Distant Indicating Electrical Instruments 

In multi-engined aircraft and in lighter-than-air 

craft of the dirigible type, remote indicating instru¬ 

ments are required. This has led to improvement in 

the design and performance of electrical tachometers 

and the development of newr types. As a result an 

electrical tachometer of the direct-current type with 

much improved performance and weighing less than 

3 pounds, complete, is now available. Its indicator 

has a range of deflection of the pointer of nearly 300° 

of arc. (See fig. 12.) Tachometers of the alternating- 

current type have been developed by manufacturers. 

An electrical tachometer depending for its operation 

on the charge and discharge of a condenser has been 

developed, although it is not commercially available 

at the present time. 

The thermocouple, the unbalanced Wheatstone 

bridge, and ohmmeters have been adapted for making 

measurements of temperature and other quantities on 

aircraft. Oil-pressure gages and thermometers utiliz¬ 

ing an ohmmeter and thermometers of the thermo¬ 

couple type are available. Types of electrical instru¬ 

ments which are independent of an outside source of 

electrical energy are preferred, other qualities being 

equal. 

F. Improvements in Performance 

The performance of most of the existing types of 

instruments has been slowly and steadily improved by 

minor modifications in design and more careful selec¬ 

tion of the materials used in fabrication. This has 

been brought about in large part by the stimulus of 

changes made from time to time in military specifica¬ 

tions. For example, a decided improvement followed 

the introduction of a definite vibration test, and poor 

performance at low temperatures was largely elimi¬ 

nated by requiring that tests be made at —35° C. 

instead of at —10° C. or —20° C. Further improve¬ 

ment in tachometers appears to be desirable with 

respect to the scale errors, the ability of the instru¬ 

ments to withstand vibration and to operate success¬ 

fully under conditions of extreme lowr temperature. 

The trend has been toward more rigid inspection and 

tests on the part of both the instrument manufacturer 

and the buyer. 
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G. Illumination 

The primary numerals and graduations, and the tips 

of the pointers of most service instruments are coated 

with luminous radium paint. This procedure has con¬ 

tinued in spite of the development of methods of indirect 

electric illumination of the instrument board. The 

radium paint has the definite advantage of simplicity 

and the disadvantage of being more expensive. 

Radium paint becomes brown with age and loses its 

luster which is stated to be caused by the use of poor 

oil in the adhesive. No short-time test for determin¬ 

ing the quality of radium paint is known. Exposure 

of both good and poor radium paint to ultra-violet 

light and to temperatures up to 100° C. have failed to 

show any marked difference in behavior. 

TACHOMETERS 

USEFULNESS OF TACHOMETERS 

A tachometer is an instrument which indicates speed 

of rotation and is used in aircraft to indicate con¬ 

tinuously the speed of the engine crankshaft. The 

instrument is usually actuated by the camshaft, which 

on the conventional four-stroke cycle engine rotates at 

one half the speed of the crankshaft. The dial of the 

instrument is commonly graduated in revolutions per 

minute of the crankshaft. 

It is desirable to know the rotational speed of the 

aircraft engine during, first, the course of normal 

operation; second, the flight testing of aircraft; and, 

third, the choice or adjustment of the propeller. 

During the course of normal operation a knowledge 

of the speed is required before taking off in order (a) 
to determine that approximately the maximum power 

is available, and during flight (b) to detect engine 

trouble; (c) to maintain any desired speed in the case 

of a single engine or to synchronize approximately all 

engines at a given speed in multi-engine installations 

(in the latter case the final adjustment of the speed is 

normally made by listening to the beats in the sound 

produced by the propellers); (d) in emergencies, in 

combination with an air-speed meter, to indicate the 

deviations from level flight. 

(a) Before taking off, the speed of the engine is 

observed while it is operating at full throttle. Under 

these conditions the maximum speed attained by the 

engine is somewhat lower than when the aircraft is in 

level flight at full throttle at a low altitude. Any drop 

from the usual value of this speed indicates improper 

functioning of the engine and the procedure is thus a 

simple test of the operating condition of the engine. 

(b) Complete or even partial failure of a few engine 

parts results in a change in the operating speed, the 

indication of which should be of value to the pilot. 

(c) It is generally assumed that all engines give 

service freer from trouble when operated somewhat 

below the normal maximum rated speed. This 

reduced speed referred to as the “cruising speed” is 

determined by a number of factors such as smoothness 

of operation, rate of fuel consumption, etc. The 

tachometer indicates whether or not this desired speed 

is being maintained. 

(d) Descent or climb of an aircraft is always accom¬ 

panied by an increase or decrease, respectively, in the 

rotational speed of the engine together with an increase 

or decrease in the air speed, provided the engine con¬ 

trols remain in the same position. It follows there¬ 

fore that a combined knowledge of the engine speed and 

the air speed may aid in indicating deviations from 

level flight. 

In normal operation it is also desirable to synchro- 

; nize the speed of engines on multi-engined airplanes. 

The tachometer is too insensitive to do this accurately. 

When the speeds are nearly the same, beats are dis¬ 

tinctly heard which afford a measure of the difference 

in the speeds and a guide to synchronizing. 

In the flight testing of aircraft it is necessary that 

certain conditions of operation remain constant, one of 

which is the rotational speed of the engine, while 

changes in other conditions of operation are measured. 

A knowledge of the rotational speed of the engine is 

necessary when determining the suitability of the pro¬ 

peller or propeller setting. The use of a propeller 

whose pitch angle may be varied during flight requires 

a knowledge of the engine speed in order that the pitcli 

setting may be adjusted properly. 

CLASSIFICATION 

It is obvious that the indication of the speed must 

be at a distance from the aircraft engine, and this 

involves the use of instruments commonly called dis¬ 

tant-indicating. Tachometers are classified here on the 

basis of the particular means used to connect the indica¬ 

tor to the engine or the actuating element at the engine. 

Common methods of making this connection are by 

means of (a) a flexible shaft rotating at a speed propor¬ 

tional to that of the engine (6) an electrical current 

controlled by an element rotated by the engine and (c) 

an air pressure dependent on engine speed. Instruments 

with these respective methods of transmission will be 

called the mechanical, electrical, and pneumatic types. 

The mechanical type includes the centrifugal, 

chronometric, magnetic drag, viscous drag, inertia 

and a number of other tachometers. 

The electrical type includes the direct current, the 

alternating current, the solenoid-operated chrono¬ 

metric, and the commutator-condenser instruments. 

The various pneumatic instruments are the same in 

principle and differ only in design details. 

Other types of tachometers are essentially unsuited 

for use on aircraft. These instruments include the 

tachiscope, the various forms of stroboscopes, and the 

electrical type utilizing synchronous motors. The 

resonance or vibrating reed instrument has not been 
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used on aircraft up to the present but may be of pos¬ 

sible use in the future. 

MECHANICAL TACHOMETERS 

Instruments of the mechanical type are used more 

extensively on aircraft than the others due to their 

relatively low cost and their reliability of operation. 

These tachometers are operated by means of a flexible 

drive shaft extending from the engine to the tachometer. 

The latter is usuallv installed on the instrument board. 

The practical impossibility of obtaining smooth per¬ 

formance from the long drive shaft needed to connect 

most outboard engines to the tachometer on the instru¬ 

ment panel has led to the practice in such cases of 

attaching the tachometer to the engine mount in such 

a position that the dial may be readily observed from 

the cockpit. Obviously this arrangement is unsatis¬ 

factory and especially so when the weather is unfavor¬ 

able for good visibility. 

shown in figure 1. The centrifugal element is similar 

to that of the fly-ball governor, and usually consists of 

2 or 3 brass weights A (fig. 1), each pinned to 2 links L. 
The upper links are attached to sleeve D which is 

clamped to shaft S, and the lower links to sleeve E, 
which is free to slide along the shaft. The two sleeves 

are held apart by the helical spring B. The flex¬ 

ible drive shaft is connected to shaft R and drives 

shaft S through gear G. As the speed of rotation of 

the weights is increased, they fly outward and draw 

sleeve E upward, thus compressing spring B until the 

centrifugal force is balanced by the force exerted by 

the spring. A pin or shoe F held in bearing on the 

sleeve E by the hairspring H is deflected upward as 

the spring is compressed. This deflection is amplified 

and transmitted to the pointer through the sector and 

pinion as shown in the figure. 

Elementary theory.—An expression for the deflec¬ 

tion of the sliding sleeve E is easily obtained for the 

simple form of mechanism shown in figure 2. Since 

it is obvious that the expression to be derived will be 

independent of the number of revolving masses and 

links, the sum of the masses and the sum of the tensions 

in the links only will be considered. It is assumed that 

each of the masses is pivoted at its center of gravity 

and that when the speed of rotation is zero the main- 

Figurf, 2.—Diagram of centrifugal element of tachometer. 

A. CENTRIFUGAL TACHOMETERS 

Principle of operation.—In this instrument the 

centrifugal force produced by the rotation of weights is 

balanced by a spring. The deflection of this spring is 

a measure of the speed of rotation and is indicated by 

a pointer after magnification by means of a suitable 

mechanism. A diagram of a typical mechanism is 

spring is under a compressional stress and the effective 

radius of the masses is not zero. The sum of the 

tensions T in the lower links of the mechanism due to 

the centrifugal force acting on the sum of the revolving 

masses m is equal to 

T_m(r + r0)u2 
2 sin a { } 
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where r0 is the distance of tiie center of gravity of mass 

rn from the axis of rotation when the speed is zero, 

(r + r0) is the distance when the angular velocity is 

a;, and a is the angle between the link L and the axis 

of rotation. This tension is balanced by that due to 

the compressive force F exerted by the spring and the 

gravitational weight of mass m. Therefore 

T_ F j mg 
COS a 2 COS a (2) 

where g is the acceleration of gravity. 

The compressive force F=sd + sd' where d is the 

deflection of both the sliding sleeve and of the spring, 

d' the initial deflection of the spring, and s the stiffness 

of the spring. The stiffness is defined as the load 

required to produce unit deflection. 

Substituting sd + sd' for F in equation (2) and equat¬ 

ing the identities of equations (1) and (2) there results 

If r0 and L in the above equation are in inches and s 

is in pounds per inch, g must be expressed in inches per 

second per second. 

The relation between K, the relative deflection of 

the sliding sleeve, and N, the speed of rotation of the 

weights, given by formula (8) was computed for the 

case when M— 0, w = 0.054 pound, <7 = 386.4 inches per 

second per second, s = 10.8 pounds per inch, and r0fL = 

0.625 and is given in figure 3. These values were 

obtained by measurements made on a Jones tachom¬ 

eter. The graph shows that for values of K from 0.2 

to 1.0 the relation between K and iVis sufficiently linear 

for practical purposes and that the curve is concave 

upward for lower values of K and concave downward 

for large values. It can be further shown that when 

M— 0, only r0jL need be considered as a factor in 

affecting the extent of the linear portion of the curve. 

As the values of rJL are increased up to 1.0, the ap¬ 

proximately linear portion of the curve is extended 

sjd + d')^ mu? /+r \ mg 
cos a 2 sin a\ 0) 2 cos a (3) 

The first term on the right-hand side of equation (3) 

is usually large compared to the second term so that 

the latter is dropped. 

From the geometry of the linkage the following 

relations are obtained: 

= -y/4Ld — d2 po 
2 ' 

and 

sin •v'4 Ld-d2 
2 L 

cos a = 
■yJU — r1 

L 
2 L — d 
~2L~ 

(5) 

(6) 

L here represents the length of one of the links. 

Substituting these values of sin a and cos a in equa¬ 

tion (3) there is obtained: 

u>2 = 
2 s(d + d') 

(2 + 
mr0 

V4Ld-d2 

(7) 

It is convenient to express the deflections d and d' 
as percentages of the length of the link L. Thus 

d = KL and d'=ML. Also more convenient units are 

obtained b}^ using the relations w = 
2iriV 

lid 
and 

w 

where N is the number of revolutions per minute and 

v) is the weight of mass m. Substituting these values 

for d, d', «, and m in equation (7) and taking the 

square root of both sides of the equation there results: 

2 s(K+M) 

K)(l + 
L^4K-K2 

(8) 

iii 

o i,ooo a, ooo 3,000 4,000 5,000 
Speed of rotation of weights, r. p. m. 

Figuue 3.—Computed and experimental values of the ratio of the deflection d of 

the sliding collar to tne length L of the link for vaiious speeds of rotation of toe 

weights of a Jones centrifugal tachometer. 

but slightly beyond the limiting values of K given 

above but the rate of change of curvature is much less 

for the values of K beyond these limits. 

The deflection of the sliding sleeve corresponding to 

the rate of rotation of the Jones tachometer was also 

measured and is given in figure 3 by the curve marked 

“observed.” The agreement is not good with respect 

to coincidence which is probably due to the fact that 

the initial tension M in the spring was not zero, as 

assumed in the computation, and that r0 was taken as 

the distance from the axis of rotation to the pin 

instead of to the center of gravity of the weight. No 

attempt was made to eliminate the discrepancy by 

additional measurements since the formula is suffi¬ 

ciently established for use in obtaining first-order 

accuracy. 
Description of centrifugal instruments.—A number 

of centrifugal tachometers are made in this country. 

The Stewart-Warner tachometer is shown in figure 4, 

the Pioneer in figure 5, and a Pioneer experimental 

vertical scale instrument in figure 6. In the latter 

instrument the two links holding the weights also act 

as the main spring. 
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The principal difference between the various makes 

of aircraft centrifugal tachometers lies in the method of- 

transferring the deflection of the sliding sleeve to the 

multiplying mechanism. This is the point at which 

practically all of the wear affecting the calibration of 

the instrument occurs. In the Pioneer tachometer 

(fig. 6) the contact point is on the axis of the main 

shaft which has been bored to permit the insertion of a 

plunger the outer end of which is connected with the 

multiplying mechanism. In the Friez tachometer a 

attached to the pointer shaft. In order to reduce the 

pressure of contact between the pin and the rotating 

flange to the allowable minimum it is the practice to 

employ a hair spring as light and as flexible as possible. 

The maximum deflection of the main spring of a 

centrifugal tachometer is usually large. Thus for 

the instrument for which data are given in figure 3 

the deflection at the highest speed is over one half of 

the original length of the helical spring. Due to 

limitations of space it is practically impossible to de- 

Figuke 4.—Mechanism and dial of the Stewart-Warner centrifugal tachometer. 

sapphire pin attached to the primary lever of the 

multiplying mechanism bears against a flange on the 

sliding sleeve. In the Stewart-Warner tachometer, 

shown in figure 4, a shoe made of wear-resisting alloy 

is pivoted to the primary lever of the multiplying 

mechanism and bears against a hardened steel flange 

which has been forced onto the sliding sleeve. 

When a sapphire is used to transmit the deflection of 

the sliding sleeve, it should be provided with metallic 

reinforcement. Experience has shown that the ac¬ 

celerative force accompanying a sudden opening of the 

throttle is in some instances great enough to fracture 

the jewel. 

In all of the mechanisms described the force exerted 

on the sliding sleeve by the multiplying mechanism at 

the contact point is that imposed by the hair spring 

sign a spring suitable for the purpose that is not highly 

stressed at the higher speeds of the range of the in¬ 

strument without at the same time requiring an exces¬ 

sive magnification of the deflection of the sliding sleeve. 

It is essential therefore that the main spring be made 

of a material having a high elastic limit. 

It is the practice in this country to operate the 

governor elements of aircraft centrifugal tachometers 

at a speed four times that of the drive shaft (twice the 

speed of the engine crankshaft) which is accomplished 

by means of suitable gearing. (See fig. 1.) This 

greater speed permits the use of smaller rotating masses 

and a reduction of the dimensions of the instrument. 

The error introduced by tipping the instrument is 

greatly minimized by operating the governor elements 

at the higher speeds. An exception to this practice, 
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however, is found in one model of the Reliance tachom¬ 

eter in which the gearing is eliminated and the 

governor element is rotated at the speed of the cam¬ 

shaft. 

The standard range of tachometers used in the mili¬ 
tary air services is now 500 to 3,000 r.p.m. correspond¬ 
ing to a pointer motion of 1% revolutions (fig. 4). The 
graduations are usually evenly divided. The gradua¬ 
tions below 500 r.p.m. are not needed and are omitted 
since it is not practical to obtain accurate indications 
owning to the much smaller deflection of the spring 

peratures largely due to congealing of the lubricant, 
but this disadvantage would be obviated by the devel¬ 
opment of a more suitable lubricant. 

Chronometric Tachometer 

Principle of operation.—The chronometric tachome¬ 
ter is essentially a revolution-counting device, the 
operation of which is automatically governed by an 
escapement mechanism so as to integrate and indicate 
periodically the number of revolutions of the drive 
shaft. 

Figure 5.—Dial and mechanism of t 

per unit change in velocity. Thus in figure 3 the 
change in deflection measured when the speed of the 
weights (two times engine speed) is changed from 0 to 
1,000 is only about one half of that when the speed is 
changed from 1,000 to 2,000 r.p.m. 

Characteristics' of centrifugal tachometers.—The cen¬ 
trifugal tachometer is simple in design and inherently 
rugged. It indicates the instantaneous speed with but 
negligible time lag and independently of the direc¬ 
tion of rotation of the drive shaft. Its mechanism is 
easily adjusted to correct small errors in indication, 
which is an advantage in manufacture and mainte¬ 
nance. On the other hand, the centrifugal tachometer 
is difficult to lubricate after installation and of course 
requires the use of a flexible drive shaft. The fric¬ 
tional drag of the latter increases greatly at low tem- 

Pioneer centrifugal tachometer. 

The essential parts of the mechanism of the ordinary 
chronometric tachometer are (a) driving mechanism, 
(6) escapement mechanism, (c) power supply for the 
escapement mechanism, and id) counting mechanism. 

Van Sicklen.—Referring to figure 7, which is a dia¬ 
gram of the Elgin-Van Sicklen tachometer, the driving 
mechanism is identified by the letters A and B and 
includes a mechanism to rectify the motion of the 
drive shaft, whether clockwise or counterclockwise, 
into a unidirectional motion of rotation. The escape¬ 
ment mechanism, shown in the figure at C, governs the 
speed of rotation of the cams, one of which is shown at 
J. The power supply for the escapement mechanism 
is contained in drum M and consists of a spiral spring, 
the inner coil of which is fastened to the shaft con¬ 
nected with the driving mechanism, while the outer 
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coil normally bears with some friction against the 

inner cylindrical surface of the drum. This mechanisnT 

Figure 6.—Pioneer centrifugal tachometer with linear scale. 

transmits a torque sufficient for rotating the cams, 

slippage occurring when the torque becomes excessive. 

The counting mechanism is identified in the figure by 

counting gear D is first placed in mesh for a period of 

one second with gear F which is actuated by the drive 

shaft. The engagement of the two gears D and F is 

produced through the intermediate gear E actuated by 

a cam, one lobe of which is shown at J. By means of 

a pin and floating link mechanism shown at G, gear H 
and the pointer which is rigidly fastened to the same 

shaft as gear H, are caused to rotate through an angle 

proportional to the total number of revolutions over a 

period of one second. Gear H is essentially a ratchet 

gear and is provided with a pawl which is also actuated 

by a cam (not shown in the figure). At the end of the 

one second period the pointer remains stationary while 

the counting gear D is disengaged and, by means of 

the hair spring K, returned to its initial position. At 

the end of the following second the cycle is repeated. 

If the speed of the drive shaft has increased, the pointer 

is caused to increase its reading to correspond with the 

new average speed. If the speed has decreased, the 

pointer is released by the aforementioned pawl and 

under the influence of hairspring L returned to a 

position corresponding to the decreased speed. 

The complete cycle of operation requires 2 seconds of 

time. When the speed varies greatly, the resulting 

periodic fluctuation of the pointer is disconcerting. 

When the speed varies only slightly, the pointer will 

change its position at the end of every 2-second interval 

by steps of 10 r.p.m. due to the fact that the number of 

teeth on gear H is 250 while one revolution of the pointer 

corresponds to a speed range of 0 to 2,500 r.p.m. 

Shortly after the introduction of this instrument by 

the manufacturer its mechanism wras greatly improved 

by substituting the double-roller type for the single- 

Figure 7.—Diaphragm of Van Sicklen (Elgin) chronometric tachometer. 

gears D and H. Its function is to produce a deflec¬ 

tion of the pointer corresponding to the speed of the 

driving mechanism. 

The operation of the instrument (reference 29) may 

be understood by again referring to figure 7. A 

roller type of escapement. See figure 8 and reference 

23. This has resulted in more certain starting and 

longer life. The balance wheel of this escapement is 

of the bimetallic form commonly used to secure 

temperature compensation. 
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Hasler and Jaeger tachometers.—Two additional 

makes of chronometric tachometers, the Hasler “Tel” 

(reference 25) and the Jaeger, both of which are 

imported, are being used to some extent. All of the 

chronometric tachometers are fundamentally similar 

with regard to the principle of operation. The chief 

differences between them lie for the most part in the 

details of design and arrangement of their component 

parts. The following table gives a few of the principal 

characteristics of recent models of each of three makes 

of tachometers. 

Make Weight 
Usual 
range 

Period of 
cycle 

Pointer 
deflection 

Van Sicklen__ __ _ _ 
Ounces 

13 
R.p.m. 

0-3500 
Seconds 

2 
Degrees 

504 
Hasler Tel. _ ____ 21 0-2500 1 360 
Jaeger __ ...... 20 0-3500 1 504 

Comparison of centrifugal and chronometric tachom¬ 

eters.—The chronometric tachometer has many of 

the characteristics which are desirable in an instrument 

designed for use on aircraft. In comparison with the 

centrifugal tachometer three favorable characteristics 

are outstanding: (a) Low speeds in the range 0 to 500 

r.p.m. are indicated; (6) the indications have an equal 

or greater initial accuracy and maintain this accuracy 

throughout the life of the instrument; and (c) the 

indications are free from lag due to friction in the 

mechanism. In addition to these comparative advan¬ 

tages the chronometric instrument lias (d) a scale 

uniformly divided in units of r.p.m. and is (e) easy to 

adjust for minor deviations from the proper calibration 

which is done by adjusting the period of the balance j 
wheel. 

The instrument; suffers by comparison with the 

centrifugal tachometer in that (a) the indication 

follows changes in speed at intervals of 1 or 2 seconds, 

depending upon the design, which experience shows is 

troublesome in estimating the average speed during 

minor fluctuations, and (6) the average speed of the 

previous interval of time is indicated, not as is more 

desirable, that at the instant of observation. The 

centrifugal tachometer indicates the instantaneous 

speed with a lag caused by the inertia of the mech¬ 

anism, which has, however, the practical advantage of 

smoothing out the minor rapid fluctuations in speed, 

thus aiding the observer in determining the average 

speed. A further point against the chronometric 

instrument which is perhaps secondary is (c) that the 

mechanism is inherently complicated and, in a number 

of designs, not sufficiently rugged for aircraft use. 

C. Other Mechanical Tachometers 

Other ingenious mechanisms have been designed for 

measuring speed of rotation by direct coupling to the 

rotating body. Most of these have no advantage over 

the centrifugal or chronometric tachometer for aircraft 

use. A few of these mechanisms will be briefly 

described. 

Magnetic tachometer.—Principle and description: 

The magnetic tachometer designed for use on aircraft 

is similar in principle to the magnetic speedometer 

commonly used on automobiles (references 1 and 21). 

The instrument consists of a permanent magnet which 

is mechanically connected with, and rotated by, the 

engine through a length of flexible shafting. A metal¬ 

lic disk or cylinder, usually of aluminum, is mounted 

axially in close proximity with the rotating magnet 

and is restrained from revolving by a hair spring. As 

the permanent magnet is rotated, eddy currents are 

Single roller escapement 

Figure 8.—Diagram of double and single roller escapements. 

induced in the disk, the magnetic field of which inter¬ 

acts with the field of the permanent magnet so that the 

disk is subject to a couple tending to rotate it with the 

magnet. In short the principle of operation is that of 

Arago’s disk, which is described in most text books of 

physics. Since the induced torque is a function of the 

speed of rotation of the magnet, the angular deflection 

of the disk is a measure of the speed. For use in air¬ 

craft a pointer is attached to the disk, and a dial 

graduated in r.p.m. is provided. 

An attempt was made to adapt the instrument to 

aircraft use in 1918. The Warner instrument is de¬ 

scribed in reference 1, and 3 German types in refer¬ 

ence 7. A later development is the A C instrument 

(reference 38), which has not come into any extended 

use. The weight of the latter instrument is 20 

i ounces. 

Characteristics.—The magnetic drag tachometer is 

simple in design and construction and has a smooth 

pointer motion. Mechanical wear of the parts affects 
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the clearance between the disk and rotating magnet, 

giving rise to relatively large changes in calibration. 

In the latter respect the performance of the instrument 

appears to be more dependent on wear than that of the 

centrifugal tachometer. It is also necessary to shield 

the instrument magnetically in order to avoid inter¬ 

fering with the indications of the magnetic compass. 

The indicating disk has a free period of vibration, 

tachometers, which gives rise to a relatively large time 

lag in indicating a varying speed. 

Inherently the instrument indications are exces¬ 

sively affected by temperature, but methods of com¬ 

pensation have been developed which are sufficiently 

effective for automobile speedometers and perhaps 

promising for aircraft tachometers. 

The earlier methods of temperature compensation 

depended upon changing the air gap in the magnetic 

for friction sufficient to hold a given position, and has 

attached to it a rigid strip (not shown in the figure) 

which overhangs the brass disk C, almost touching 

the gear A. 

At the start of a cycle of operation, the pin on arm B 
engages lever E and disk C moves with the rotating 

gear A, winding up hair spring D. The motion in 

common of A and C is interrupted once every revolu¬ 

tion of A by a pin fixed to the case which disengages 

E from B. The tension in the hair spring D causes 

disk C to reverse its motion and rotate to the position 

where E and B again come into contact. At the time 

E and B are disengaged a pawl on arm B catches on 

the strip attached to the pointer shaft so that the 

pointer shaft moves with gear A. At the point where 

the lever E, carried by the returning disk C, and the 

pin on B of the advancing gear A meet, the pointer is 

released by a cam action of arm E and holds this posi- 

Figure 9.—Inertia tachometer. 

circuit with temperature by means of a bimetallic 

strip (Warner, reference 5) or by a liquid-filled capsule 

(Ihle, reference 7). Later methods depend upon the 

use of a magnetic shunt of copper-nickel-iron alloy in 

the manner described in the section on “ Electric Ta¬ 

chometers.” Difficulties arise in this method, due to 

the fact that the effect of temperature on the uncom¬ 

pensated instrument is not the same function of tem¬ 

perature as that of the effect on the compensator. 

Inertia tachometer.—The inertia tachometer of 

Swiss manufacture (Jaeger) in use abroad for many 

years as an automobile speedometer is very simple and 

interesting. A comparatively heavy brass gear A 
(figure 9) carrying an arm B very close to its periphery 

is rotated by a pinion at a speed proportional to the 

engine speed. A heavy disk C is mounted concentri¬ 

cally with the gear but on an independent shaft. A 

hair spring D is attached to the shaft of C and to a 

member fixed with respect to the case. Lever E is 

integral with disk C. The pointer shaft is free, except 

tion until the above cycle is again repeated. The 

deflection of the pointer is thus nearly proportional to 

the speed of rotation. If a subsequent speed is lower, 

the pointer is moved backwards by E on disk C engag¬ 

ing the strip on the pointer. 

The average speed for the previous interval of time 

is indicated as in a chronometric tachometer, with the 

difference that the time interval is variable, being 

short for high speeds and long for low speeds. The 

condition for obtaining an evenly divided scale is that 

the inertia disk C should have a constant velocity. 

This is achieved in large measure by making the scale 

short —180° of arc in figure 9. This inherently short 

length of scale is a serious disadvantage to its use in 

aircraft. Variation in the temperature of the instru¬ 

ment will affect the stiffness of the hairspring and may 

vary the friction in the pivots of the inertia disk. 

Other types.—The viscous drag tachometer using 

either air, mercury or other fluid for operation has 

entirely disappeared from use in aircraft. Instru- 
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merits of this type which have been constructed for 

aircraft use include the American Waltham (reference 

5), the French Atmo (reference 5), and a German 

instrument by Lehmbeck (reference 7). The first 

mentioned instrument used air and the other two used 

mercury as the fluid. 

A differential drive tachometer of unique design has 

been proposed by A.E.G. (German), but has apparent¬ 

ly not been used on aircraft (reference 7). 

Liquid centrifugal tachometer.—The liquid Veeder 

instrument described in the section on “Testing 

Equipment” in a design with a much shortened scale 

was used to a slight extent in the early days of airplanes. 

The measurement of pressure, as is here necessary, by 

means of a liquid column involves, compared to instru¬ 

ments of other types, (a) an excessive position error, 

(,b) lack of sensitivity in a small bulk, and (c) difficulty 

in retaining the liquid. 

The mechanism of the friction disk tachometer 

designed by Behrens (French) (references 17 and 7) 

consists of two disks, one driven at constant speed and 

the other at a speed proportional to that of the engine. 

The axes of rotation are at right angles and the edge 

of the variable speed disk is in frictional contact with 

the constant speed disk. The variable speed disk 

moves along its shaft, which is essentially a worm gear, 

until the peripherial speeds of the points of contact 

are equal. The position of the disk, and thus the speed, 

is indicated by a pointer connected to the disk by a 

pinion and rack. The constant speed disk is also 

driven by the engine, a frictional clutch controlled by 

a centrifugal governor in a cylindrical barrel serving 

to obtain constant speed. The instrument indicates 

rotation in either direction, two pinions driven differ¬ 

entially being used with an automatic clutch so as to 

drive the disks in a uniform direction. 

In a later design, known as the Delta tachometer 

and described by Aera (1926), a cone is used instead 

of the constant speed disk. 

The performance of the instrument is not as satis¬ 

factory as other types (reference 17), which, as might 

be expected, is due to the difficulty of maintaining the 

necessary constancy of friction under the conditions 

of use. 

D. Flexible Drive Shafts 

The flexible drive shaft used with the tachometer 

consists of a torsionally stiff but otherwise flexible 

driving element and a casing capable of guiding and 

protecting it and retaining without leakage a suitable 

lubricant. The flexible driving element is composed 

of a single strand core of tempered steel wire on which 

several layers of steel music wire are wound alternately 

in right and left hand helices. See figure 10. The 

direction of pitch, whether right or left, of the final 

helix is made such that it tends to coil tighter when the 

shaft is in use. The casing consists of an inner flexible 

steel tube and an outer one of whip cord braiding. 

The tachometer shaft adopted as standard by the 

Army and Navy air services has a shaft diameter of 

0.150 inch and an over-all diameter of the shaft casing 

of 2%4 inch, and a specified design for the connections 

to the engine and to the tachometer. The standard 

for aircraft (not for marine use) adopted by the Society 

of Automotive Engineers (see S.A.E. Handbook) is the 

same except for slight differences in the end connections. 

Shafts according to either standard are 

interchangeable. The standard shaft 

as ordinarily constructed will transmit 

safely a torque of not more than 8 pound- 

inches when the shaft is straight and a 

torque decreasing from this value as the 

curvature is increased. 

Steel driving elements and other steel 

parts become magnetized and in this 

condition are a source of troublesome 

error in the indications of the magnetic 

compass. For this reason nonmagnetic 

flexible shafting is very desirable and 

is under development. 

The length of flexible shafts in service 

is limited to about 35 feet and rarely 

exceeds 25 feet. They must be installed 

without sharp bends; the radius of cur¬ 

vature should not be less than about 12 

inches. Operation at low temperatures 

causes failure in many instances owing 

to the stiffening of the lubricant in 

the drive shaft casing and in the 

tachometer. 

ELECTRIC TACHOMETERS 

Figure 10. — Dia¬ 

gram of a flexible 

drive shaft. 

Tachometers of the electrical type 

developed for aircraft use consist either 

(a) of a voltage-generating element 

rotated by the engine through a very 

short connecting shaft and a distant 

indicator of this voltage or (b) of a commutator 

rotated by and at the engine and of some device 

either mechanical or electrical in nature for coun¬ 

ting the number of electrical impulses per unit of 

time. 

The electric tachometer is particularly suited, in 

contrast with the mechanical tachometer, for securing 

an indication on the instrument board of the speed of 

the outboard engines of multi-engined aircraft. There 

is also the possible advantage that two or more indi¬ 

cators may be connected to the same generator. 

However, the cost of the electrical type is greater than 

that of the mechanical tachometer of equal accuracy. 

40708—34-30 
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A. Direct Current Tachometers 

Essential parts.—This tachometer consists of a 

generator attached to the engine at the point usually 

provided for the tachometer connection, and a volt- 

about 270° of arc. The indicator first mentioned is 

installed in a fan-shaped case (fig. 11) which is awk¬ 

ward to mount on an instrument panel, while the 

latter is in a case (fig. 12) the size and shape of which 

conforms to that adopted as standard for aircraft 

Figure 11.—Generator and fan type indicator of Weston d.c. electric tachometer. 

meter of the moving coil type for indicating the speed. 

The field of the generator is obtained from a permanent 

magnet, usually of cobalt steel. The generator and 

Figure 12.—Indicator of the Weston d.c. electric tachometer with 270° pointer 

motion. 

the indicator are connected by means of two insulated 

electrical conductors. 

Weston.—A photograph of the Weston tachometer 

is reproduced in figure 11. Either of two types of 

indicators are available for use with this instrument, 

one having a pointer deflection of 120° and the other 

instruments. The fan-shaped indicator weighs 22 

ounces, the other, 20 ounces. The generator develops 

3 volts per 1,000 r.p.m. It weighs 20 ounces and is 

designed to fasten directly to the tachometer fitting 

of the engine. The instrument is furnished with both 

the generator and indicator individually compensated 

for temperature. 

Tetco.—A photograph of the Tetco tachometer is 

shown in figure 13. The indicator of this instrument 

weighs 20 ounces, has a pointer deflection of 270° and 

conforms in size and shape to the new standard for 

the cases of aircraft instruments. The generator 

develops 4.5 volts per 1,000 r.p.m., weighs 18 ounces, 

and is designed to fasten directly to the tachometer 

fitting of the engine. 

Horn.—The Horn electric tachometer sliowm in 

figure 14 is of German manufacture and is not particu¬ 

larly suitable for use on aircraft, as is evident from the 

fact that the magneto weighs 4/ pounds. It develops 

25.6 volts per 1,000 r.p.m. and is designed to be con¬ 

nected with the engine by means of a short length of 

flexible shafting. The indicator has a maximum 

deflection of the pointer of 300°, a resistance of approx¬ 

imately 2,400 ohms, and weighs 26 ounces. 

Characteristics of d.c. tachometer.—In general the 

lag in indication of these instruments is negligible. 

Some difficulty is experienced in maintaining a given 

calibration due to a weakening with time of the perma¬ 

nent magnets in the generator and indicator, and to a 

zero shift of the hairspring in the indicator. These 

possible defects are well known and can be avoided by 

careful technique in manufacture. 
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The d.c. instrument has long been available, but 

has not been used extensively on aircraft until quite 

recently. In order to be satisfactory for such use the 

requirements special to such operation had to be met 

by modifications in existing designs. These are 

outlined below. 

(a) Weight.—The general requirement of low weight 

for aircraft parts has led to the development of genera¬ 

tors of light weight with essentially the same voltage 

output as that of heavier generators previously avail¬ 

able. However, the weight of complete instruments 

at present available is inherently greater than that of 

mechanical tachometers. The difference is not so 

considerable when the weight of a long line of flexible 

shafting is included with that of the mechanical 

tachometer. 

(b) Long scale indicator.—In order to conserve space 

on the instrument board and at the same time secure an 

adequate length of scale, an indicator with a much 

greater pointer motion is required than the 120° of 

arc of the ordinary fan type voltmeter. Several 

methods for increasing the range of pointer motion 

are now being employed. A sector and pinion mecha¬ 

nism is used in the indicator of the Horn tachometer 

shown in figure 14, by means of which an angular 

deflection of the pointer of about 300° is secured. 

A pointer motion of approximately 270° of arc has 

been obtained in the Cirscale indicator by a unique 

arrangement of the pole faces of the permanent mag¬ 

net, one of which is split to permit the insertion of the 

pointer shaft and moving coil (reference 8). A dia¬ 

gram of the mechanism is shown in figure 15 and a pho¬ 

tograph of a commercially manufactured instrument 

in figure 12. Securing the necessary scale length by a 

greater angular deflection of the pointer has obvious 

advantages. A disadvantage, however, of this indi¬ 

cator is its lack of sufficient ruggedness to endure the 

vibration to which it is ordinarily subjected on an 

instrument board. 

(c) Compensation for temperature.—The indicator 

and the generator must be individually compensated 

for temperature, first, because of the range of tempera¬ 

ture to which the instruments are subjected and 

second, because the temperature of the indicator on 

the instrument board may be widely different from 

that of the generator installed close to the engine. 

Compensation is necessary because of the effect of 

temperature on the resistance of the windings, on the 

permeability of the magnets of both the generator and 

indicator, and on the stiffness of the hairspring of 

the indicator (reference 2). 

A commercial instrument was compensated at the 

Bureau of Standards in 1928 by the following method. 

The air gap of the permanent magnet of the generator 

was provided with a magnetic shunt of “thermalloy” 

(reference 10). This material is a copper-nickel-iron 

alloy, the magnetic permeability of which is low com¬ 

pared with that of ferrous materials, and decreases 

almost linearly with increase in temperature. In the 

uncompensated generator the voltage decreases with 

rise in temperature which, in the generator provided 

with the thermalloy shunt, is prevented by an increase 

Figure 13.—Indicator and generator of Tetco d.c. electric taclion.e'.er. 

in magnetic flux across the air gaps due to a decrease 

in flux across the shunt. 

The temperature coefficient of the uncompensated 

indicator may be in general either positive or nega¬ 

tive, depending upon the design. Compensation was 

effected in the indicator of the above-mentioned instru¬ 

ment by adding a series-parallel combination of 

electrical resistances of copper and constantan. 
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(d) Rugged indicator.—It is common experience that 

delicate electrical instruments will not withstand vi¬ 

bration of the severity found on instrument boards 

unless mounted in some sort of shock-absorbing ma¬ 

ll. Alternating Current Tachometer 

This instrument consists of an alternating current 

generator and a suitable indicator. The field of the 

generator consists of one or more permanent magnets, 

Figure 14.—Horn d.c. electric tachometer. 

terial. In general, the ruggedness of an instrument of 

a given design decreases with increase in its sensitivity. 

It is therefore important that the generator produce as 

large a voltage as possible consistent with low weight, 

not only to avoid the effect of variation in brush and 

Figure 15.—Diagram of mechanism of Cirscale moving coil instrument 

commutator resistance but also to permit the use of a 

less sensitive indicator. 

(e) Magnetic shielding.—The indicators of electrical 

tachometers usually contain permanent magnets, or 

electromagnets, which makes it essential to provide 

magnetic shielding in order to avoid an effect on the 

indications of magnetic compasses mounted in their 

proximity. 

usually of cobalt steel. As the rotor of the generator 

revolves there is induced in the stator windings an 

alternating voltage the frequency of which is pro¬ 

portional to the speed of the engine. The windings 

of the stator may be connected to secure either 1-, 2-, 

or 3-phase current, depending upon the type of indi¬ 

cator used. 

If the generator is of the single-phase type, the 

induced voltage is measured, after rectification by a 

copper oxide rectifier, by a direct current voltmeter 

calibrated in units of speed of rotation. 

If the generator is of the polyphase type, the 

indicator contains either a stator winding or a com¬ 

bination of electromagnets, and a metal disk or cylin¬ 

der restrained from rotation by means of a hairspring. 

The combination of electromagnets and a disk is simi¬ 

lar to that in watt-hour meters. The stator or electro¬ 

magnets are wound so that a revolving magnetic field 

is produced. The resulting torque tending to rotate 

the disk is balanced bv the hairspring. The angular 

deflection of the disk, or attached pointer, is a measure 

of the rate of rotation of the generator. 

General Electric.—This instrument is of the single¬ 

phase type and consists of an a.c. generator, d.c. indi¬ 

cator, a saturation transformer, and a copper oxide 

rectifier. The saturation transformer gives a voltage 

output proportional to the frequency alone. The 

generator is of the polar inductor type and has stator 

windings which are coiled around a nonrotating, per¬ 

manent magnet. A soft iron spider is the only rotating 

part. The indicator is supported within another case 

on a layer of sponge rubber so that it is shielded from 

the effects of severe vibration. The outer case con- 
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forms in dimensions to the standard 2%-inch dial size 

case. The total weight of the instrument is approxi¬ 

mately 4K pounds. 

Pioneer.—This instrument is of the 2-phase type 

and consists of an a.c. generator and an a.c. indicator. 

A photograph of the instrument is shown in figure 16. 

The rotor of the generator is a permanent magnet 

about its axis against the torque of a hairspring. A 

pointer on the disk shaft indicates its position relative 

to the dial. Damping of the disk is obtained by means 

of a permanent magnet, the use of which requires 

shielding so as to avoid affecting the compass. Tem¬ 

perature compensation is obtained by shunting a resist¬ 

ance of the proper temperature coefficient across the 

Figure 16.—Pioneer a.c. electric tachometer. A, generator; B, indicator. 

and the stator is of the 2-phase 3-wire, wound type. 

A swamping resistance is added so as to obtain an indi¬ 

cation independent of the usual variation in the 

length of leads used in service. Temperature compensa¬ 

tion is obtained by means of a magnetic shunt. The 

rotor makes 13,500 r.p.m. when the generator is con¬ 

nected to a shaft having a speed of 1,500 r.p.m. 

The indicator contains two stationary coils electri¬ 

cally connected to the output side of the generator. 

The revolving magnetic field thus set up produces eddy 

currents in an aluminum disk which is free to turn 

coils. The pointer moves 345° of arc for the range 400 

to 3,000 r.p.m. 

The weights of the generator and the indicator are 

2.4 and 1.2 pounds respectively. 

Comparative advantages and disadvantages.—The 

principal advantage of the alternating current tachom¬ 

eter lies in the elimination of the errors caused by 

variation in the resistance between the commutator 

and the brushes. The alternating current tachometer, 

however, has the disadvantage of weighing more than 

the direct current instrument. 
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C. Solenoid-Operated Chronometric 

Tachometers 

Stover-Lang.—The Stover-Lang tachometer, as de¬ 

veloped for aircraft use, consists of a chromometric 

tachometer, a solenoid, an electric contactor, and a 

battery of 12 volts or other source of direct current. 

The solenoid is mounted within the indicator and the 

contactor is fastened to the tachometer adapter of the 

engine. The battery, electric contactor, and solenoid 

Figure 17.—Stover Lang chronometric-electric tachometer. 

are connected in series. A photograph of the indicator 

of this instrument is shown in figure 17, in which A 
is the solenoid. For aircraft use the indicator has been 

developed only in the vertical-scale type. The con¬ 

tact in the contactor unit is made and broken by 

means of a cam, which is rotated by the engine. 

During each revolution of the cam of the contactor 

(two revolutions of the engine crankshaft) the circuit 

is opened and closed two times, and thus intermit¬ 

tently energizes the solenoid in the indicator. The 

solenoid operates a pawl and ratchet mechanism which 

drives the chronometric tachometer at a rate propor¬ 

tional to the speed of the engine. 

Comparative advantages and disadvantages.—The 

instrument suffers in comparison with the d.c. and a.c. 

tachometers in that (a) an outside source of current is 

required, (6) it is an integrating instrument and thus 

in general has inherent defects of a relatively long 

period between indications and of not indicating the 

instantaneous speed. To avoid the possibility of 

draining the battery, it is essential that the electrical 

circuit be broken when the instrument is not in use. 

Up to the present (1932) the cost of this instrument 

has been greater than that of the d.c. or a.c. types. 

This instrument compares favorably with the d.c. 

and a.c. types in that (a) a sufficiently long scale can be 

obtained without loss of ruggedness or accuracy. 

Although the instrument is available only in the 

vertical scale type, there is no inherent difficulty in 

modifying it for installation in a round dial type case 

and in securing a pointer motion of one revolution or 

greater. (6) The indication is independent of changes 

in the temperature of the mechanism, provided that a 

lubricant of the proper grade is used and that the 

escapement is compensated, which is a well-understood 

and common procedure, (c) The accuracy is ordi¬ 

narily maintained for the operating life of the instru¬ 

ment, while with the direct or alternating current 

tachometers there is possibility of changes in the 

magnetism of the permanent magnet and the effect of 

mechanical wear in the generators and indicators. 

(d) The scale is inherently evenly divided in speed 

units as contrasted with some of the designs of a.c. 

instruments. 

In common with the chronometric types the instru¬ 

ment is easily adjusted to a desired calibration by 

varying the periodicity of the escapement. There is 

no position error. 

On the whole the inherent disadvantages of the 

instrument preclude its extensive use. 

D. Commutator-Condenser Tachometers 

Principle of operation.—In this instrument an elec¬ 

trical condenser is alternately charged and discharged 

at a rate proportional to the rotational speed which is 

to be measured. 

A number of electrical circuits, of which one of the 

most efficient will be described, have been devised to 

utilize this principle (reference 36). The essential 

parts consist of a commutator A (fig. 18) designed 

for attachment to the engine at the tachometer 

connection, an electrical condenser B of fixed capacity, 

a milliameter C (graduated in r.p.m.), and a source of 

direct current D. The part of the circuit marked E 
in figure 18 is a voltage regulator which will be dis¬ 

cussed later. Each terminal of the condenser is 



AIRCRAFT POWER-PLANT INSTRUMENTS 463 

connected to alternate segments of the commutator 

through a slip ring. As the commutator is rotated 

from one segment to next, the condenser is dis¬ 

charged and again charged with electricity of the 

opposite sign, all of which quantity of charge passes 

through the milliameter C. 

The indication depends upon the voltage impressed 

upon the condenser. This voltage is measured by the 

milliameter C upon completing the circuit through 

resistance G by means of switch F (fig. 18). 

Theory.—Neglecting the inductance in the circuit 

shown in figure 18, which is largely that of the moving 

coil of the indicator, the charge passing through the 

indicator during the time the brushes remain in contact 

Figure 18.—Electric circuit of commutator-condenser type tachometer. 

with a given segment of the commutator is given by 

the expression: 

( -i) (9) 
' = CE\l-e Cr) Q 

Here Q is the charge transferred in the circuit in the 

time t, C is capacity of the condenser, r is the resistance 

in the circuit, and E is the voltage applied at the 

instant from which time t starts. If t is the time 

interval of contact on the commutator, Q is the charge 

passing through the indicator per contact. It should 

be noted that the effective voltage E applied to the 

condenser is twice the voltage output from the voltage 

regulator as the polarity of the condenser is changed 

from complete charge for one direction to complete 

charge in the opposite direction of flow. 

The total charge passing through the indicator per 

second, or the current I is 

I=NQ (10) 

where iVis the product of the number of commutator 

segments and the rate of rotation. Substituting for Q 

from equation (9) it is seen that 

I = CEn( l-V5) (11) 

This equation shows that the current I is directly 

proportional to the rate of rotation of the commutator 

provided that a constant voltage E is maintained and 
_<_ 

that the quantity e Cr be small. The value of the 

latter quantity depends upon the design of the circuit, 

and its constancy upon keeping the variation of the 

brush-commutator resistance within reasonable limits. 

Automatic voltage regulator.—The automatic volt¬ 

age regulator (reference 1) consists of a parallel circuit 

of equal resistances (E, fig. 18), both of the two legs 

of the circuit being composed of a fixed resistance and a 

tungsten lamp but in reversed order. The resistance 

of the tungsten lamps varies approximately with the 

impressed voltage. The output voltage for the instru¬ 

ment is taken from the junction point of the two 

resistances in each leg of the circuit. Its constancy 

depends upon the characteristics of the lamps, the 

current required and the variation in the voltage 

supplied. In one circuit the output voltage remained 

constant within 0.3 percent for values of the voltage 

supplied from 10.5 to 13.5 volts. The efficiency, 

defined as the power output divided by power input, 

is very low in the circuits thus for devised, not exceed¬ 

ing 2 percent. 

Instruments constructed.—These instruments have 

not been used extensively in aircraft for measuring the 

speed of the engine. A tachometer of this type was 

constructed in 1921 at the Bureau of Standards for the 

Army Air Service (reference 34). The electrical cir¬ 

cuit differs from that described (fig. 18) in that the 

differential voltage on the condenser was that of the 

supply battery and not twice its value. 

Instruments operating on this principle are used to 

measure the air speed of airships in which case the 

commutator has been driven by a propeller or in one 

case by Robinson cups (reference 20). 

Advantages and disadvantages.—The commutator- 

condenser tachometer is not excessive in size and is 

relatively light in weight. The lag in indication is 

negligible and aircraft accelerations have compara¬ 

tively little effect on its indications. It is easily 

compensated for temperature errors. On the other 

hand there is the necessity for an external source of 

direct current, the necessity for operating a switch 

when the instrument is not in use if a voltage regulator 
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is used, and the difficulty of securing satisfactory per¬ 
formance from the inherently sensitive indicator when 
it is subject to airplane vibration. Its simplicity of 
design and other characteristics render this instru¬ 
ment of possible use on multi-engined aircraft. 

STROBOSCOPIC TACHOMETER 

This instrument consists of two parts, a device for 
interrupting at an adjustable rate the rays of light 
reflected from a propeller, or other rotating part, and 

rotate the distance between two of the holes. The 
speed of the propeller is obtained from the following 
equation, 

S=Nh 

where S is the speed of the propeller, N the speed of 
the disk, and h the number of holes in the disk. 

Many forms of stroboscopic instruments have been 
developed (references 32, 33, 35, 40, 42, ' 43, and 
44). 

Figure 19.—Stroboscopic tachometer. 

a tachometer. Figure 19 shows a simple form of 
stroboscopic tachometer utilizing a small fan motor. 
In this apparatus a motor-driven disk, in which uni¬ 
formly spaced holes were drilled on a circle concentric 
with the disk, serves as the interrupter. The speed of 
the disk is controlled by a rheostat mounted within 
the base of the motor and is indicated by the tachom¬ 
eter connected to the opposite end of the shaft. 

If all of the blades of the propeller except one have 
been blackened and the speed of the tachometer is 
adjusted so that the image of the propeller, as seen 
through the holes of the stroboscopic disk, appears to 
remain stationary, then the propeller makes one com¬ 
plete revolution in the time required for the disk to 

The stroboscopic tachometer is useful in determining 
the speed of any revolving object to which it is incon¬ 
venient or undesirable to connect mechanically a 
tachometer. It has been used on lighter-than-air 
craft of the larger size as a means for determining at a 
central point the speed of the individual propellers. 

MISCELLANEOUS TACHOMETERS 

Two instruments, the pneumatic and the resonance, 
have thus far not come into any extended use on air¬ 
craft, but may have future possibilities. 

A. Pneumatic Tachometers 

The pneumatic tachometer consists of an air pump 
and a pressure gage. The pump is attached directly 
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to the tachometer adapter and develops a pressure 
depending upon the speed of the engine. It is con¬ 
nected by means of copper tubing with a pressure gage 
which is graduated in speed units. 

The pneumatic method of measuring rotational 
speeds has been used to some extent in automotive 
service (Van Sicklen speedometer, reference 5) in 
which form the pump was contained within the case 
of the pressure gage and was driven by a flexible drive 
shaft. New designs, however, have recently been 
developed abroad. 

Askania.—As shown schematically in figure 20, this 
instrument as designed for aircraft use has two units, 
consisting of (a) a centrifugal element and an air 
pump, attached to the tachometer adapter of the 
engine, and (6) of an indicator installed in the cockpit. 
The indicator and engine unit are connected by means 
of a length of air tight metallic tubing. The centrif¬ 
ugal element A controls the position of piston B oper¬ 
ating in a cylinder provided with ports located at one 
point along its axis. As the centrifugal element is 
revolved by the engine it moves the piston so as to 
cover the port openings. The pressure of the air 
delivered by the pump to the cylinder thus closed off 
is sufficient to overbalance the centrifugal force and 
to move the piston back so as to open the ports suf¬ 
ficiently to relieve the air pressure in excess of that 
needed for balancing. The pressure of the air required 
to balance the piston varies with the speed of rotation 
of the centrifugal element and is measured by the 
indicating instrument. Since large port openings are 
uncovered by a small displacement of the piston the 
position of the latter is essentially constant at all 
speeds, and therefore the balancing pressure depends 

only on the speed. , 
The weight of the pump unit of the Askania pneu¬ 

matic tachometer is approximately 22 ounces. 
Amyot-Le Prieur.—This instrument consists of an 

oleo centrifugal pump and a pressure gage. The 
pump is mounted on the engine and is driven by a 
short length of flexible shafting. In one form of the 
instrument the air above the oil in the pump is com¬ 
pressed an amount depending upon the speed of the 
rotor. The pressure is then transmitted pneumatically 
through copper tubing to the indicator, which is gradu¬ 
ated in terms of the speed of the engine. In another 
form, the pump when operating is entirely filled with 
oil and a line filled partly with air and partly with 
oil connects the pump with the indicator. 

Neither form of the instrument appears to give 
satisfactory performance owing to the effect of pitch 
of the aircraft on the indication of the oil-filled instru¬ 
ment and the effect of temperature on the pneumatic 

transmission type. 

B. Resonance Tachometers 

Resonance tachometers (reference 24) have not been 
developed for aircraft, but may possibly be of use in 
measuring engine speed in view of the fact that instru¬ 
ment boards in most airplanes with a single engine 
vibrate with the same frequency as the engine. The 
instrument contains a graduated series of tuned metal 
reeds, the natural frequencies of which vary uniformly 
in the range of the instrument. When the instrument 
is brought into contact with the frame of a vibrating 
or rotating body at any given frequency of vibration, 
or rate of rotation with even slight unbalance, one or 
a group of the reeds vibrates in resonance, and thus 
indicates the input frequency. Extraneous vibrations 

and harmonics of the fundamental frequency may 
cause ambiguity in the indications. 

LABORATORY TESTING OF TACHOMETERS 

A. Apparatus 

It is more convenient in practically all cases to 
determine the errors of tachometers by means of 
laboratory tests. The calibration apparatus consists 
of a standard instrument and means for driving at 
variable speeds both the standard and the tachometer 
under test. 

Calibration apparatus—(a) With d.c. motor.—The 
tachometer calibration apparatus used at the Bureau 
of Standards is shown in figure 21. A liquid centrif¬ 
ugal tachometer, T in the figure, is used as the master 
instrument. The instrument under test is connected 
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to the apparatus through the chuck C. A quarter 
horsepower direct-current motor having a rated speed 
of 1,160 r.p.m. at full load is used to operate the instru¬ 
ments. The flywheel shown in the figure serves the 
twofold purpose of preventing rapid fluctuations of the 
speed and of supplying a convenient means of regulat¬ 
ing the speed which is accomplished by a pressure of 
the hand on the rim. A rheostat R mounted on the 
base of the apparatus forms part of the electrical 
circuit of the motor and is used to obtain a coarse 
adjustment of the speed. Switches are provided (a) 

spring to absorb the jars incident to a gear-driven 
operating device. It has been found that centrifugal 
tachometers, which are the most susceptible to uneven¬ 
ness in operation of the driving shaft, may be operated 
with this device without any perceptible flicker of the 
pointers. It should be pointed out that when tests at 
low temperatures are made a lubricant must be chosen 
which in the temperature range remains in the liquid 
state. 

(6) With a.c. motor.—If an a.c. motor is used to 
drive the test apparatus, the speeds at the various test 
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Figure 21.—Tachometer test stand 

between the motor and the power supply, (6) for 
reversing the direction of rotation of the motor, and 
(c) for inserting the rheostat either in the armature 
or field circuit of the motor. The instrument drive 
shafts are connected to the motor shaft through flexi¬ 
ble couplings. See reference 30 for a more detailed 
description. 

A test stand such as shown in figure 21 is used when 
it is desired to test more than one instrument at a 
time. The stand consists of a horizontal main shaft 
which is directly connected with the driving motor 
and five vertical counter shafts which are coupled 
to the main shaft by means of spiral bevel gearing. 
These parts are all enclosed in an oil-tight housing. 
Each tachometer is driven through a flexible helical 

and temperature control chamber. 

points must be obtained by mechanical means since 
the motor speed cannot be sufficiently varied. The 
main drive shaft of the tachometers and the master 
instrument is connected to the motor shaft by a friction 
disk and wheel. The variation in the speed of the 
instruments is obtained by varying the point of contact 
of the wheel along the radius of the disk. 

A cone can be used instead of the disk, the wheel 
being arranged to make contact at any desired radius of 
the cone. This gives a much closer speed adjustment. 

In some cases tests are desired only at a few fixed 
speeds. In such cases a gear box arranged so as to 
have outlets rotating at the desired speeds has been 
found to be more convenient than the use of the 
friction disk. 
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(c) With motor-generator set.—With only alternating 

current available there is the alternative possibility of 

obtaining variable speed by using an a.c. motor-d.c. 

generator set which may be preferable to the use of the 

friction disk and wheel described above. Two genera¬ 

tors would give the ideal solution, one to maintain 

constant voltage on the field of the driving motor and 

the other to furnish a variable voltage on its armature. 

This variable voltage can be obtained by adjusting a 

rheostat connected in series with the field of the 

generator. 

(d) With synchronous motor.—In calibrating instru¬ 

ments at a factory it is in some cases advantageous to 

use a synchronous motor to drive the tachometers. 

In order to obtain the chief advantage of this type of 

apparatus which is the elimination of the master 

tachometer, it is necessary that the frequency of the 

electric current be controlled at the source so that the 

fluctuations in speed are within desired tolerances. 

A gear box is used to obtain a number of values of the 

speed within the range of the tachometers to be ad¬ 

justed so that each outlet of the gear box can be used 

as the source of a definite constant speed. A distinct 

limitation of the apparatus is the fact that only a 

limited number of speeds can be obtained. 

Liquid veeder master tachometer.—The master 

tachometer (T, fig. 21) is essentially a liquid centrif¬ 

ugal pump. The pressure developed is measured by 

a manometer in which the liquid customarily used 

is kerosene colored red with an aniline dye. The rotor 

of the pump, which is at all times completely immersed 

in the liquid, is equipped with radial blades and is 

mounted in its housing with small clearances. The 

use of radial blades obviously enables the instrument 

to hold its calibration for either direction of rotation 

of the pump. The instrument is provided with two 

knobs, one for adjusting the height of the liquid in the 

reservoir to the proper level and the other for adjusting 

the damping of the liquid column. The first adjust¬ 

ment is obtained by raising or lowering a partly sub¬ 

merged sink in the reservoir. The second adjustment 

is produced by controlling the area of a restriction at 

the entrance to the manometer tube. 

The pressure developed in the liquid due to cen¬ 

trifugal force at any point along the axis of rotation is 

dP = w2Drdr (12) 

Where P is the pressure developed, 

w is the angular velocity, 

r is the radius of rotation at the point at which 

P is measured, 

and D is the density of the liquid. 

In the instrument the pressure caused by centrifugal 

force is balanced by a head of liquid in the manometer 

tube so that 

P — gDh 

where h is the head of liquid and g is the acceleration 

of gravity. 

It follows that 

dh = 
w2 r dr 

g 
(13) 

Integrating both sides of this equation we have 

, w2R2 , 
h — -1- c (14) 

where c is the constant of integration and R is the 

radius of the radial blades. 

Since h = 0 when w = 0, c = 0 and it follows that 

h = 
urR2 

2 g 
(15) 

It is obvious from this equation that the scale of a 

manometer calibrated in speed units is unequally 

divided, being progressively more open from low to 

high speed. The scale of an instrument having a range 

of 1,500 r.p.m. and a scale 36 inches long is rarely 

graduated in the range from 0 to 250 r.p.m. 

For testing service instruments it has been found 

convenient to have the master tachometer equipped 

with two scales, one graduated to indicate the speed, 

and the other twice the speed. The latter scale is used 

when testing aircraft tachometers which are operated 

in service by the cam shaft (one half the speed of the 

crankshaft). Gear boxes are used either between the 

master tachometer and the driving motor shaft or 

between the instrument under test and the driving 

motor shaft, in order to drive the instrument under 

test at the proper speeds and at the same time to 

obtain indications on the sensitive part of the scale of 

the master instrument. 

Methods of testing master tachometers.—(a) Rev¬ 

olution counter and clock.—A fundamental method of 

calibrating master tachometers consists of counting 

the number of revolutions for a measured period of 

time while the speed is maintained constant. The 

revolutions per unit time give the speed. This method 

is simple and requires no special or expensive appara¬ 

tus. A stop watch, or a watch with a second’s hand, 

and a revolution counter comprise the needed 

apparatus. 

The sources of the largest error are in the difficulty 

of making the observations and in holding the speed of 

the master instrument constant. 

(6) Semiautomatic timing apparatus.—A semiauto¬ 

matic apparatus is used at the Bureau of Standards for 

determining the total number of revolutions in a given 

time interval. It has the advantage of eliminating in 

large measure the errors due to the personal equation. 

The apparatus consists of a bicycle counter, a clutch, 

two solenoids, and a relay. A diagram of the electrical 

connections is shown in figure 22 and a photograph of 
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the apparatus in figure 23. Contact A, figure 22, is 

controlled by the relay R which is actuated by the 

time signals from a master clock. Switches B and C 
are hand operated by means of push buttons. When 

contacts A and B are made, solenoid Si is energized 

attracting lever D, and thus causing clutch L to engage 

the shaft M of the master tachometer. The counter is 

then recording the number of revolutions of the shaft 

Figure 22.—Diagram of the apparatus used to calibrate the master tachometer. 

M. When contacts A and C are made, lever D is 

pulled from a position in contact with solenoid S! 

toward solenoid S2, which disengages the clutch at L. 
The signals from the master clock are received every 

second, except the fifty-ninth second, of each minute. 

This makes 1 minute a convenient timing interval. 

Just before the sixtieth second signal, the observer 

makes the contact at B until the clutch is engaged by 

the following time signal. One minute later, just 

before the sixtieth second, he makes the contact at C 

and the clutch is disengaged by the sixtieth second 

signal. The difference in the two readings of the 

counter gives the speed in revolutions per minute, it 

being assumed, of course, that the speed of the master 

tachometer has been held constant during the time 

interval. 

In order that no coasting or slipping of the revolu¬ 

tion counter exist either when being connected with, 

or disconnected from, the main shaft of the calibrating 

apparatus the revolution counter spindle is equipped 

with a fly which engages either the fins attached to 

the main shaft of the calibrating apparatus or to 

the revolution counter housing. The fins are designed 

so that a maximum error of 0.1 revolution may result 

when either connecting or disconnecting the counter. 

A total error of 0.2 revolution may therefore occur in 

the determination of the speed. The speed of the 

master tachometer calibrating apparatus cannot be 

adjusted to a constant value with an error less than one 

revolution per minute, so that the accuracy of the 

method of calibration is commensurate with that of 

the apparatus used for the purpose. 

(c) Speed indicator.—In many cases a speed indi- 

| cator of the chronometric type is adequate for deter¬ 

mining the errors of a master tachometer. It consists 

of a timing element or escapement, a revolution 

indicator, and a mechanism whereby the revolution 

indicator is connected to the rotating spindle of the 

instrument for a definite interval of time, which is 

usually between 3 and 6 seconds. The deflection of 

the pointer is thus proportional to the number of 

revolutions for this time interval. The error of these 

instruments does not ordinarily exceed 0.3 percent. 

One instrument of this type weighs 5 ounces and is 2 

inches in diameter and less than 1 inch in depth. 

Field test set.—An inexpensive and simple apparatus 

is required for testing tachometers at airports and other 

field service stations. A simple form of apparatus 

which has proven suitable is that consisting of the 

mechanism of a hand-driven high-speed grinding wheel 

in which a small flywheel has been substituted for the 

grinding wheel. A chronometric or other tachometer 

of good quality, the errors of which are small or known, 

is mounted on the spindle shaft and serves as the 

master instrument. The tachometer to be tested is 

connected with the same shaft by means of a two-way 

adapter. 

Temperature control apparatus.—The apparatus 

used at the Bureau of Standards for controlling the 

temperature of tachometers and other instruments con¬ 

sists of an insulated chamber in which the instruments 

are installed and which is designed so that suitable 

Figure 23.—Apparatus used to calibrate tfie master tachometer. 

connections can be inserted through its walls to permit 

the master instrument to remain outside at room tem¬ 

perature. See figure 21. The chamber is conveni¬ 

ently heated above room temperature by means of an 

electrical heater which is thermostatically controlled. 

Temperatures below room temperature are obtained 

by means of an ammonia-refrigeration system. The 

i apparatus is designed so that the ammonia is expanded 
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directly into coils located within the chamber itself. 

In order to obtain more quickly the temperature of 

— 35° C. within the chamber, which is standard for 

routine tests, as well as to obtain the somewhat lower 

temperatures which may be required for special tests, 

a rotary compressor is installed to operate on the low 

pressure side of the ammonia compressor. The ar¬ 

rangement is such that the operation is either one or 

two stage as desired. It has been found that tempera¬ 

tures of —40° C. can be obtained easily with both 

compressors of the system operating simultaneously. 

A temperature chamber in which solid carbon dioxide 

(dry ice) is used as a refrigerant is both convenient 

tween the bearings. One end of the shaft is cut to 

form an eccentric. An aluminum plate is mounted 

normal to the axis of the shaft and connected with its 

eccentric by means of a ball bearing. Parallel ball¬ 

bearing guides located at the four corners of this plate 

restrict its motion to one of reciprocation in its own 

plane and along the ordinate of displacement. The 

outer races of the guides are mounted on an interme¬ 

diate aluminum plate, at the four corners of which are 

again located parallel ball-bearing guides which restrict 

its motion to one of reciprocation in its own plane and 

along the abscissa of displacement. The outer races 

of the latter guides are mounted directly on the brass 

'■■lib''' ■ A ' 
P, ■ 

Figure 24—Vibration board for testing aircraft instruments. Five centrifugal tachometers are shown under test. 

and economical in many cases. Such chambers are 

used at Wright Field for testing aircraft instruments. 

See reference 20 for details. 

Vibration apparatus.—The standard vibration to 

which aircraft instruments are subjected in the labora¬ 

tory is a translational motion in a circular path one 

thirty-second inch in diameter in a plane inclined 45° 

with the horizontal plane. The frequency range of 

the vibration is from 1,000 to 2,000 cycles per minute. 

The apparatus constructed at the Bureau of Stand¬ 

ards for subjecting instruments to this standard vibra¬ 

tion consists of a brass supporting frame (see fig. 24) in 

which a shaft is mounted on ball bearings. The shaft 

is rotated by means of a belt and pulley mounted be- 

supporting frame which is designed to support the 

plate in the plane inclined 45° to the horizontal. The 

instruments under test are mounted with the plane of 

the dials vertical on a bracket attached to the first- 

mentioned plate of the vibration board. The equip¬ 

ment is arranged so as to secure any desired scale read¬ 

ing of the instrument undergoing vibration. 

Speed acceleration apparatus.—An apparatus is 

required by means of which the instrument can be 

brought a selected number of times to a definite 

speed in 1 second. The apparatus used at the Bureau 

of Standards consists of an electric motor of sufficient 

power to bring the tachometer up to the selected 

speed in 1 second and a rotary switch which by 
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means of electrical signals from a standard clock 

periodically operates the motor. The use of this 

automatic switch is justified by reason of its greater 

convenience. 

B. Methods of Test 

The nature of the tests made at the Bureau of 

Standards and the sequence with which they are 

made have been arranged in order that, first, the 

conditions encountered in service are simulated as 

nearly as possible; and second, the effect of any 

preceding test does not influence the results of the 

tests that follow. In general, but with some modi¬ 

fications and additions to suit the individual require¬ 

ments of the various types of tachometers, tests are 

made for the following factors in the order given: 

Factor Test 

Scale errors at room temperature 
( + 20° C.)_ Scale error test. 

Lag in indication_ Lag test. 
Friction in the mechanism_ Friction test. 
Static balance of the mechanism_Position error test. 
Effect of vibration_ Vibration test. 
Effect of exceeding the range of the Overspeed test, 

instrument. 
Temperature effects_ Temperature tests. 
Seasoning and speed acceleration Speed acceleration test, 

effects. 
Endurance_ Endurance test. 
Effect of electrical indicator on Shielding test, 

compass. 

These tests are substantially the same as those 

required for acceptance in the purchase specifications 

issued individually and jointly by the Army Air 

Corps and the Bureau of Aeronautics of the Navy 

Department. In these specifications the tests are 

conveniently divided into three classes—individual 

tests, routine type tests, and special type tests. The 

individual tests are made on each instrument and 

include the scale error and friction tests. The routine 

type tests include, in addition to the individual 

tests, the vibration, overspeed, and temperature 

tests, and are made on not less than 5 percent of the 

instruments of a given lot, selected at random. It 

is assumed that the performance of the instruments 

chosen for the tests is representative of the per¬ 

formance of all of the instruments of the lot. The 

position error, acceleration, and endurance tests are 

designated as special type tests, and are made, in 

addition to the individual and routine type tests, on 

a small number of instruments of a new design. 

The special type tests are made to determine that 

part of the performance which is a function of the 

design of an instrument and not carelessness in 

adjustment. 

Scale error test.—In the manufacture of instruments 

in quantity lots the dials are usually standardized 

so that the spacing of the graduations is uniform. 

The mechanism of each instrument must therefore 

be adjusted so that the deflection of the pointer of 

the instrument for a given speed is that required by 

the corresponding graduations on the dial. The 

error in indication is designated the scale error. The 

difficulty of avoiding scale errors is more fully ap¬ 

preciated when it is realized that the deflection of 

the sensitive element in many cases does not depend 

directly upon the quantity measured. 

In the scale error test the tachometer at room 

temperature (+20° C.) is connected to the master 

tachometer. The readings of the two instruments are 

obtained at any desired number of points in the range 

with the speed increasing up to the highest speed of the 

range. In careful tests the instrument is brought up 

to but not above the speed at the desired test point. 

The instrument is then lightly tapped or vibrated just 

before taking a reading. The scale error is the differ¬ 

ence between the true speed and the speed indicated 

by the instrument, and is positive when the instrument 

reads high, and negative when low. 

Lag.—Instruments in which the indications depend 

upon the elastic elements in general differ in indication 

for increasing and decreasing values of the measured 

quantity. In pressure-measuring instruments the dif¬ 

ference, in a special sense, is called the elastic hysteresis 

or lag. This difference in indication is also present in 

tachometers, but is in part due to mechanical imper¬ 

fections in the mechanism. 

In testing for the lag, scale errors are determined for 

speeds decreasing after attaining the highest speed of 

the range in the scale error test. At each test point 

the speed is brought down to but not below the desired 

value. The lag is the difference in the errors of the 

instrument at any one speed. 

Friction.—Friction in the pivots and bearings of 

the instrument mechanism causes a lag in indication, 

which is considerably reduced if not entirely eliminated 

by vibration. 

Since instruments installed on aircraft are ordinarily 

subjected to vibration, a small amount of friction in the 

mechanism of tachometers can be tolerated and is per¬ 

haps advantageous in damping out the indication 

of minor fluctuations. Excessive friction, however, 

results in a jerky motion of the pointer and often 

renders the instrument practically worthless. 

The effect of the friction is determined by noting at 

the various test points the reading of the instrument 

before and after tapping. The difference is defined as 

the error due to friction. 

Position errors.—Error arising from a change in 

orientation or position of an instrument are those re¬ 

sulting from lack of static balance of the mechanism. 

This is inherent in a centrifugal instrument since the 

sliding collar and the rotating weights are unbalanced 

and vary in their effect on the indication as the instru¬ 

ment is rotated. The effect is usually small. 
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Dynamic balance in the mechanisms of tachometers 

is desirable but not absolutely required except in the 

case of the centrifugal tachometer where a lack of 

dynamic balance of the governor element results in 

excessive vibration. 

The effect of change in the orientation of tachom¬ 

eters, or the position error, is obtained by determining 

the difference in the errors of the instrument in two 

scale error tests, one with the instrument in the normal 

operating position and the other with the instrument 

in any other desired orientation. In the test specified 

by the Army and Navy Air Services the instrument is 

mounted so that, with the plane of the dial remaining 

vertical, the zero on the dial is 90° of arc from its 

position during normal operation (see fig. 25). This 

orientation is chosen because frequently due to inter¬ 

ference between the flexible drive shaft and the other 

a period of 3 hours while the instrument is operated 

at an indicated speed of 2,000 r.p.m. The apparatus 

with five instruments undergoing test is shown in 

figure 24. Further, the amplitude of oscillation of the 

pointer is noted in the frequency range 1,000 to 2,000 

c.p.m. After being subjected to the vibration the 

instrument is given a scale error test the results of 

which are compared with those of a test previous to 

the vibration. The mechanical condition is deter¬ 

mined by inspection for loosened screws or parts. 

Overspeed.—In service the instrument may be 

momentarily subjected to a speed in excess of its 

range which should not affect the accuracy. 

The overspeed test consists of subjecting the instru¬ 

ment for a period of 5 minutes to a speed 500 r.p.m. 

greater than the maximum indication on its dial. 

The maximum range of the commonly used instru- 

Figuke 25.—Centrifugal tachometers undergoing test for position error. The instruments have been deflected 90° laterally with the dials remaining vertical. 

equipment usually present behind the instrument panel 

it is necessary so to mount the tachometer. 

Vibration.—Instruments must ordinarily withstand 

considerable vibration in service. This vibration has 

been measured by Zand by means of an instrument 

which photographically records the frequency and the 

amplitude of the vibration of the instrument board 

(reference 19). Its size is such that it can be installed 

on the instrument board in place of any of the 2%-inch 

standard dial size instruments. The results of tests 

show that in general the instrument board vibrates with 

a frequency equal to the speed of the engine and that 

the amplitude of vibration is by far the greatest in the 

fore and aft direction, with a magnitude depending 

upon the type of airplane and the number and location 

of the instruments on the panel. 

Tachometers are tested for two effects—(a) the 

effect of vibration for a certain period of time on the 

scale errors and mechanical condition and (6) for 

excessive pointer oscillation. The instrument is sub¬ 

jected to the standard vibration at a frequency in 

the range 1,500 to 2,000 cycles per minute (c.p.m.) for 

ments is 3,000 r.p.m., so that the indicated test speed 

is 3,500 r.p.m. The effects of the overspeed are deter¬ 

mined by a comparison of the scale errors obtained 

before and after the overspeed. 

Temperature errors.—Changes in temperature pro¬ 

duce a change in the physical dimensions of the parts 

of the mechanism and a change in the stiffness of 

the elastic elements. There may be difficulty in 

securing satisfactory operation at low temperatures 

if congealing of the lubricant occurs. Unless a dif¬ 

ferential effect is present, the first effect is of minor 

importance. The second effect requires compensation 

if extreme accuracy is required. 

The standard temperature at which aircraft instru¬ 

ments are tested are +45° and —35° centigrade. At 

these two temperatures tachometers are subjected to 

scale error tests, the differences between the results 

of which is used as a measure of the effect. 

For electrical tachometers additional temperature 

tests are frequently found desirable since the temper¬ 

ature effects are not necessarily proportional to the 

temperature. These consist of, first, varying the tern- 
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perature of the generator while that of the indicator 

is held constant at the desired value, and, second, 

varying the temperature of the indicator while that of 

the generator is held constant. 

Seasoning and speed acceleration test.—Tachome¬ 

ters are subjected in service to rapid changes in speed 

which requires ruggedness in the instrument. Fur¬ 

ther, since the indication of most types of tachometers 

depends upon the deflection of an elastic element, the 

calibration may change due to imperfect seasoning. 

Seasoning may be defined as the process of relieving 

internal stresses in the elastic members to such a 

degree that no further relief takes place in service. 

Figure 26.—Errors of a well-adjusted centrifugal tachometer. The curves show 
the scale errors, the lag, the effect of temperature, and the effect of a 300-hour 
endurance test. 

The speed-acceleration test is a method of measuring 

the performance in both of these respects. 

The test consists of the application of 500 successive 

accelerations by changing the indicated speed from 0 

to 1,500 r.p.m. within a period of 1 second. In this 

test mechanical tachometers are connected to the 

motor through an 8-foot length of flexible shafting, in 

order to approximate more closely service conditions. 

The scale errors determined before and afterwards are 

compared in order to measure the effect. 

Endurance.—Tachometers are likely to change their 

calibration or to fail entirely owing to the effects of 

wear in service. Their endurance characteristics are 

determined by operating them at an indicated speed 

of 2,000 r.p.m. for a period of 300 hours. Following 

this run, usually 1 hour after its completion, the instru¬ 

ments are given a scale error test, the results of which 

are compared with a scale error test made just pre¬ 

viously to the endurance run. 

It should be noted that a change in calibration also 

occurs, due to another effect. If an elastic body is 

subjected to a change in load, which is then main¬ 

tained constant, the deflection of the elastic body grad¬ 

ually increases with time. This increase is known as 

drift or creep. Drift in the spring, and thus in the 

indication, of centrifugal tachometers takes place 

during the endurance test. If desired to separate the 

drift from the effect of wear, the instrument should be 

calibrated immediately after and also about 24 hours 

or more after the endurance run. The difference in 

the errors in these two tests affords a measure of the 

effect of the drift, while the difference between the 

last test and the one just before the endurance run 

is a measure of the effect of wear. 

Magnetic shielding.—In common with other elec¬ 

trical indicators, the indicator of electrical tachometers 

must in general be shielded magnetically in order to 

eliminate as far as possible the effect on the magnetic 

compass. The degree of this shielding is determined by 

noting the deflection of a standard type compass when 

the centers of the two instruments are 8 inches apart. 

The compass must be in a horizontal magnetic field 

0.18 gauss in strength. 

PERFORMANCE OF TACHOMETERS 

The data on performance given in this section are for 

the best grade of instrument which is at the present 

time available commercially. It is of course obvious 

that selection is necessary in order to obtain an in¬ 

strument of this performance, since an individual 

instrument of any given design may have, for one 

cause or another, an inferior performance. 

A. Centrifugal Type 

The scale errors of a well-adjusted instrument are 

shown in figure 26 by the points marked “Speed in¬ 

creasing.” The tolerance in the current specifications 

of the air services is a scale error not to exceed 10 

r.p.m. in the middle range of the indicated speeds and 

an error less than about 1 percent of the maximum 

indicated speed at other speeds. 

The lag typical of a first-class instrument is shown in 

the two upper curves of figure 26. It does not exceed 

10 r.p.m. 

The position error, determined for the two positions 

given in the description of the test, usually has an 

average value of about 10 r.p.m. It varies considera¬ 

bly with speed, however, in one design of tachometer 

ordinarily varying from 5 to 20 r.p.m. 

Under vibration the total deflection of the pointer 

with reference to the dial of a centrifugal instrument 

does not ordinarily exceed an amount equivalent to 

an indication of 20 r.p.m. (2.4° of arc). The average 
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change in error of an instrument before and after 
being subjected to the standard vibration at a fre¬ 
quency of about 1,500 c.p.m. for 3 hours is less than 
10 r.p.m. for good quality instruments. 

An overspeed of 500 r.p.m. on tachometers properly 
designed to meet this requirement casues substantially 
no average change in the errors. Usually a stop is 
provided so that the spring is prevented from de¬ 
flecting beyond the amount obtained at an indicated 
speed slightly in excess of the rated range of the tach¬ 
ometer. In figure 4 such a stop is shown attached to 

the fixed upper sleeve. 
The effect of changes in instrument temperature is 

shown in figure 26 for a good quality tachometer. 
Assuming that the effect is due to the change in the 
elastic modulus of the steel spring which balances the 
centrifugal force and that the deflection of this spring 
is proportional to the speed, the difference in the 
slopes of the best straight lines through the curves 
should be of the order of 2 percent (reference 14). 
Actually the temperature errors of centrifugal instru¬ 
ments are much smaller which is partly due to com¬ 
pensating changes in dimensions in the centrifugal 
element and to the lack of direct proportionality in 
the relation between speed and deflection of the spring. 
Thus in figure 26 the difference in the slopes, or the 
change in the scale value, of straight lines through the 
curves for +45° and -35° C. is about 1.2 percent. 
The instruments are ordinarily not compensated for 

temperature. 
The average change in error before and after sub¬ 

jecting instruments 500 times to a change in indicated 
speed from 0 to 1,500 r.p.m. in 1 second is less than 
10 r.p.m. for a representative instrument of high 
quality. Since the seasoning effect usually results in a 
stiffening ,of the elastic elements, the reading at a given 

speed is usually lower after the test. 
The effect of an endurance run on a good quality 

instrument is shown in figure 26. The results of two 
scale error tests are given, one before the endurance 
run and one immediately afterwards. The difference 
between the two curves is a combined measure of the 
drift of the elastic element and wear in the mechanism. 
In tests made 24 hours after the completion of the 
endurance test, instruments of this type usually show a 
recovery from the drift effect to the extent of about 
5 r.p.m. Ordinarily the results of the tests made 
just before and about 1 hour after the endurance run 
are compared. The average change in the errors in 
these two tests does not exceed 20 r.p.m. for good 

quality instruments. 

B. Chronometric Tachometers 

The scale errors of chronometric tachometers of the 
best quality can be reduced to an average value less 
than the inherent sensitivity of its mechanism which 
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may be defined as the speed range divided by the 
number of teeth in the ratchet gear. (See H in fig. 7.) 
This is of the order of 10 r.p.m. in most designs. 
Scale errors are those caused by improper adjust¬ 
ment of the escapement mechanism for the correct 
periodicity of vibration. When improperly adjusted, 
the scale errors are directly proportional to the speed. 

Laboratory tests show that for properly designed 
instruments the average change in scale errors due to 
vibration, overspeed, angular acceleration, and season¬ 
ing are of the order of ± 5 r.p.m.; in other words, 
negligible. The lag is likewise small. 

The percentage change in scale errors due to change 
in temperature from —35° to +45° C. does not exceed 
0.5 percent if the instrument is designed to operate at 
temperatures as low as — 35° C. An important 
cause of failure to operate is due to the use of a lubri¬ 
cant in the drum of the main spring which freezes at a 
temperature above -35° C. The use of a mixture of 
deflocculated graphite and oil with a pour point of 
— 40° C. or lower has been found to be satisfactory. 

Errors arising from a change in temperature are 
caused by insufficient or overcompensation of the 
escapement mechanism. The change in stiffness with 
temperature of the hairspring controlling the motion 
of the balance wheel is compensated by using a balance 
wheel with a bimetallic rim designed so as to expand 
with increase in the stiffness of the hairspring and to 
increase its moment of inertia correspondingly. The 
congealing of the lubricant of the balance staff of the 
escapement tends to decrease the amplitude of vibra¬ 
tion of the balance wheel, causing it to vibrate at a 
higher frequency which results in a lower indication of 

a given speed. 

Chronometric tachometers do not have a progres¬ 
sive change in their scale errors with continued opera¬ 
tion. Wear of the mechanism due to continued opera¬ 
tion or to repeatedly subjecting the instrument to 
rapid accelerations of speed is indicated by a slipping 
back of the pointer during the time interval in which 
the indication ordinarily remains constant. This, 
strictly speaking, is a failure to operate rather than an 
error in indication and is caused by wear between the 
teeth of the ratchet wheel (gear H, fig. 7) and its 
pawl. An instrument of the best grade should on the 
average withstand 500 hours of operation in service 

before requiring repair. 

C. Magnetic Tachometers 

Data on the performance of very few magnetic 
tachometers designed for aircraft use are available. 
This type is very little used and rarely considered 

when accuracy is desired. 
The errors of the instrument which are commonly 

small or are dependent only on care in adjustment are 
scale errors, lag, and overspeed. Temperature errors 
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and, in common designs, the effect of endurance run¬ 
ning are both inherently large. Magnetic shielding of 
the instrument is necessary to avoid affecting the 

compass. 

The temperature error is caused by the increase in 
electrical resistance of the indicating disk and the 
decrease in field strength of the permanent magnet as 
the temperature increases. The two effects are addi¬ 
tive and introduce relatively large errors. The meth¬ 
ods of compensation have been described in the section 
in which magnetic tachometers are described. The 

Figure 27.—Change in scale error with temperature of a magnetic tachometer. 

effect of temperature on an instrument which has not 
been properly compensated is shown in figure 27. 

Wear in the pivots or bearings of magnetic tacho¬ 
meters is, in the common designs, likely to affect the 
gap between the disk and magnet, a small change in 
which causes a large change in the calibration. Vibra¬ 
tion greatly accelerates this process. 

D. Direct Current Tachometers 

The scale errors of a well-adjusted instrument will 
not exceed twice its least reading, which in an instru¬ 
ment with a pointer motion of 270° of arc is 10 r.p.m. 
The lag is of negligible amount. The position error of 
the indicator of instruments thus far tested does not 
exceed, on the average, twice the least reading. 

Indicators which operate on a low-power input will 
not withstand the effect of airplane vibration and 
therefore must be mounted in a vibration-absorbing 
case. In designs in which the generator has a rela¬ 
tively large power output, the indicator is more rugged 
and in general will withstand a moderate amount of 
vibration. The vibration causes wear in the pivots of 
the indicator. It should be noted that the free fre¬ 
quency of the coil, spring and pointer combination is 
much lower than that of the vibration usually experi¬ 
enced. The case vibrates but the elastic system tends 
to remain fixed. The resulting relative motion is 
electromagnetically damped. 

The temperature errors for an uncompensated in¬ 
strument are shown in figure 28. The average change 
in the errors in the temperature range —35° to +45° 
C. of a compensated instrument should not exceed 20 
r.p.m. and may be as low as 10 r.p.m. See the section 

on “Characteristics of d.c. Tachometers” for discus¬ 
sion of the methods of compensation. 

The effect of an endurance test on the best instru¬ 
ments causes an average decrease in the indication 
which will not exceed 20 r.p.m. The indicated speed 
is always decreased because in general the strength of 
the permanent magnets tends to decrease with time 
and the brush resistance to increase, due to the ac¬ 
cumulation of dirt on the commutator of the generator. 

The unshielded indicator will cause deflections up¬ 
ward of 10° on a magnetic compass in its vicinity. 
The addition of a soft-iron case around the indicator 
reduces this effect to a maximum of 4° when the two 
instruments are 8 inches from center to center. 

E. Alternating Current Tachometers 

The performance of these instruments in tests for 
scale error, lag, position error and vibration is about 
the same as that of the d.c. type. There is also the 
same necessity for magnetic shielding. 

(<z) Single-phase type.—The errors due to change in 
instrument temperature are due to the effect on the 
field strength of the permanent magnets and on the 
resistance of the windings of the generator and of the 
indicator. There is also an effect on the output of 
the rectifier. Temperature compensation is essential. 

The performance of the generator in an endurance 
test will be inherently better than that of a d.c. in¬ 
strument, due to the absence of the commutator 
brushes. 

No test data are available on these instruments. 

Figure 28.—Changes in scale error with temperature of a Horn electric tachometer. 

(b) Two-phase type.—The output of the generator is 
affected by temperature changes for the causes stated 
above. Changes in temperature affect the indicator 
in a very complex manner. The satisfactory compen¬ 
sation of instruments of this type is a recent and out¬ 
standing development. The average change in the 
errors for the two conditions, one in which the gener¬ 
ator is at —10° C. and the indicator at —35° C. and 
the other in which the generator is at +60° C. and 
the indicator at +45° C., does not exceed 20 r.p.m. 
for well compensated instruments. The compensa¬ 
tion is as good at intermediate temperatures. 
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An endurance run of 300 hours on the generator of 
one model of this type of instrument shows that the 
resulting average change in reading is within 20 r.p.m. 

In the larger number of instruments the effect of 
vibration is manifested by an excessive increase in 
reading over the central portion of the range in indi¬ 
cation. The effect is probably due to wear in the 
pivots of the indicator. A more adequate measure¬ 
ment of the effect of wear in the pivots of the indicator 
is obtained in the speed-acceleration test. The effect 
on the small number of instruments tested was an 
average change in reading of approximately 10 r.p.m. 

(c) Three-phase type.—No test data on this type of 
instrument are available. 

F. Solenoid Operated Chronometric Tachometers 

In general this instrument is subject to the same 
errors as a chronometric tachometer. Special diffi¬ 
culty is experienced in obtaining satisfactory opera¬ 
tion at low temperatures because of the additional 
power required to operate the chronometric mechan¬ 
ism owing to congealing of the lubricant. All of this 
power is obtained from the solenoid which, on ac¬ 
count of limitations of space, is designed so as to re¬ 
quire nearly full voltage during room temperature 

Figure 29.-r-Changes in scale error with temperature of solenoid-operated chrono¬ 
metric tachometer. 

operation. The scale errors of an instrument at +28° 

C. and —26° C. are shown in figure 29. 

G. Commutator-Condenser Tachometers 

The errors of the commutator-condenser type 
tachometer may be conveniently divided into scale 
errors, temperature errors, and errors due to variation 

in voltage supplied. 
The scale errors can be reduced to a value as low as 

the least reading of the indicator, since the scale divi¬ 
sions are approximately equally divided for speed. 

Temperature errors are caused by the effect of tem¬ 
perature on the capacity of the condenser and on the 
performance of the indicator. The capacity of a 
well-designed mica condenser is affected by variations 
in temperature only by the change in the physical 
dimensions which is negligible. The indication of 
speed is independent of the resistance of the circuit 

within the limits previously discussed, but depends 
upon the strength of the permanent magnet and the 
stiffness of the spring of the indicator, both of which 
are affected by temperature changes. If the indicator 
is compensated for the effect of temperature on its 
resistance and is also used to indicate the proper 
voltage, the effect of temperature on the voltage indi¬ 
cation is the same as the effect on the speed indication. 
In this case the temperature error is compensated by a 
proportional change in the voltage. 

The indications of the instrument are directly pro¬ 
portional to the voltage supplied, which can be main¬ 
tained constant for long intervals of time by 
means of the automatic voltage regulator previously 

described. 

H. Askania Pneumatic Tachometer 

The differential pressure developed by the pump 
unit is practically independent of the density of the air 
and of the temperature of the instrument. The 
pressure developed by the pump unit is pulsating and 
requires damping by means of a capillary tube in the 
line. In aircraft an indicator of the aneroid type 
would be used which would be subject to errors of the 
same type and amount as those of pitot-static airspeed 
indicators as described in reference 20. 

ENGINE LOG INSTRUMENTS 

In the flight testing of aircraft, in the operation of 
aircraft, and in special installations in connection 
with research problems, a record of the engine speed 
during flight and of the total number of hours of 
operation may be desired. In operating aircraft a 
record of the speed of the engine is useful in indicating 
any abuse to which the engine may have been subjected 
during flight and in determining its operating charac¬ 
teristics. A knowledge of the total number of hours 
of operation is of value in indicating when it is neces¬ 
sary to overhaul the engine. In order to coordinate the 
results of flight test data a record of the engine speed 
obtained automatically may be preferable to the 
recording of such informaiton at frequent intervals by 

an observer. 
There are three classes of engine log instruments 

which are in use, viz, the recording tachometer, the 
running-time meter, and the revolution counter, all of 
which are of the mechanical type. Both the recording 
tachometer and the running-time meter are driven 
from the engine by means of a flexible drive shaft. 
The revolution counter is usually designed to be 
attached to the engine by means of a two-way adapter 
directly at the connector provided for operating the 
tachometer drive shaft. In one make of recording 
tachometer the revolution counter is included as an 

integral part of the instrument. 
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RECORDING TACHOMETERS 

The recording tachometer both indicates and records 
continuously the speed of the engine during the total 
operating period. The instrument consists of, first, a 
speed-measuring element and, ’ second, a recording 
mechanism containing several rollers, one of which, 
the_feed roll, rotates at constant speed. A strip of 

Figure 30.—Ilasler “Tel” chronometrie recording tachometer. 

paper is fed from a magazine roll to the feed roll and 
thence to a receiving roll. A stylus actuated by the 
speed-measuring element bears lightly on the surface 
of the paper and traces a record of the speed. The 
abscissa and ordinate of this form of chart represent 
time and engine speed, respectively. 

A record of the engine speed is sometimes made by 
photographing at intervals the face of a tachometer 
together with that of other instruments (references 31 
and 41). An arrangement of this kind is known as a 
“dummy observer.” 

Hasler “ Tel.”—A photograph of the Hasler “Tel” 
recording tachometer is shown in figure 30. The 
instrument is of the chronometrie type and is designed 
to record, first, a continuous trace of the engine speed; 
second, the time and duration of a flight; and, third, 
the trip revolutions of the engine. The surface of the 
recording paper is chemically prepared and is white in 

color so that a practically black trace is described by a 
brass stylus. The recording rollers are designed for a 
capacity of 20 feet of paper, which length is sufficient 
for 30 hours of operation. 

A spring-wound clock is provided as an integral part 
of the instrument. The weight complete is 10K pounds 
and the dimensions 11% by 4 by 3% inches. Its size is 
such as to preclude its mounting on the instrument 
panel in place of the tachometer already installed. 
(See references 37 and 39.) 

B.S. recording tachometer.—-A recording tachometer 
which may be installed on the instrument panel in 
place of the 3% inch round dial instrument has been 
constructed at the Bureau of Standards for the Bureau 
of Aeronautics of the Navy Department. It is a Van 
Sicklen chronometrie tachometer modified to include a 
recording element. (See fig. 31.) The recording ele¬ 
ment is similar in general design to that of the Hasler 
“Tel” recording tachometer with the exception that 
it is built on the rear of the instrument so that it in¬ 
creases the dimension of the case in depth only. A 
commercial recording paper which is dark in color and 
is coated on one side with finely divided white wax 
particles is used with this instrument. As the paper 
is fed over the rolls a line of the wax particles is removed 
by the stylus, thus leaving a clearly defined trace. 

Figure 31.—Bureau of Standards-Van Sicklen recording tachometer. 

The trace becomes less well defined with decrease in 
temperature, becoming indefinable at about —20° C. 

In order to facilitate the interpretation of the record, 
speed reference lines representing the even 100 r.p.m. 
speed intervals are automatically traced as the paper is 
fed through the recording mechanism. The weight of 
the instrument is approximately 3 pounds. 
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RUNNING TIME METER 

This instrument registers the elapsed time during 
which the engine is in operation. The mechanism of 
the instrument is similar to that of a chronometric 
tachometer excepting that the speed-indicating mech¬ 
anism of the latter instrument is replaced by a dial- 
type device for counting the beats of the escapement. 
Combinations of a chronometric tachometer and a 

Figure 32.—Vapor-pressure type aircraft engine thermometer. 

running-time meter are available, as in the Hasler 
Telmot Flight-O-Meter. The running-time meter may 
also be obtained as a complete instrument by itself, in 
which case it is usually driven by a flexible drive shaft 
connected with the tachometer drive shaft by means 
of a 2-way adapter. 

ENGINE THERMOMETERS 

USEFULNESS AND TYPES 

Aircraft engines operate most efficiently when the 
temperatures of the lubricant and cylinders each re¬ 
main within a limited range. Ordinarily the tempera¬ 
ture of the lubricating oil of air-cooled engines and of 
the cooling liquid of liquid-cooled engines is measured. 
The practice is growing of measuring in addition the 
cylinder-head temperature of air-cooled engines. An 
indication of the temperature of the lubricant is of value 
when means for its control are provided, and similarly 
a knowledge of the temperature of the cooling liquid is 
essential in the control of manually operated radiator 
shutters. The temperature of the cylinders of air¬ 
cooled engines cannot normally be controlled, but is of 
primary interest as an indicator of trouble. One of the 
precautions always observed by a pilot before taking 
off is to ascertain that the temperature of the lubricant 
or cooling liquid has risen to and remains at the normal 

operating value. 
Thermometers used in aircraft to indicate the tem¬ 

perature of various parts of the engine are of three 
types—(a) vapor pressure, (b) liquid expansion, and (c) 
electrical. All the instruments are distant indicating. 

The temperature of the cooling liquid of liquid-cooled 
engines and of the lubricating oil lias been measured 
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almost exclusively for a number of years b}^ vapor- 
pressure instruments. They are standardized with 
regard to the sizes of the cases and dials (1% inches in 
diameter) and are used in either of the two ranges, 0° 
to 100° C. (32° to 212° F.) or 30° to 200° C. (86° to 
392° F.). The lower range instrument is used in 
measuring the temperature of the oil or of the cool¬ 
ing water. The thermometer having the higher range 
is used when the cooling medium is a liquid such as 
ethylene-glycol, since the engine then normally operates 
at a higher temperature. The pointer has a motion of 
300° of arc for both ranges of the instrument. 

The liquid expansion thermometer is little used on 
aircraft, owing principally to the greater cost of its 
manufacture to have a performance equal to that of 
the vapor-pressure type. 

The electrical instruments include the resistance 
and the thermocouple types. The resistance ther¬ 
mometer has been designed to measure the temperature 
of either the cooling water or oil. Thermocouples are 
particularly useful in measuring the temperature of 
metal parts of the engine, as, for example, the tem¬ 
perature at some point of the cylinder wall of air¬ 
cooled engines. 

A. Vapor-Pressure Thermometers 

The vapor-pressure thermometer indicates in terms 
of temperature the vapor pressure of a liquid con¬ 
tained within the instrument. The instrument (see 
fig. 32) is a closed system consisting of an elongated 

Figure 33.—Diagram of vapor-pressure thermometer. 

bulb, a capillary tube, and a pressure gage, and is 
partially filled with a liquid having a vapor pressure 
conveniently measurable in the desired temperature 
range. The bulb is installed on the engine at a point 
where a knowledge of the temperature is desired. The 
capillary tube connects the bulb with the indicator 
mounted on the instrument panel. 

A diagram of the vapor-pressure thermometer is 
shown in figure 33. The pressure element within the 



478 REPORT NATIONAL ADVISORY COMMITTEE FOR AERONAUTICS 

indicator is a Bourdon tube, the internal volume of 
which is relatively small. The end of the capillary 
tube extends into the liquid in the bulb so that the 
Bourdon tube fills with liquid by flowing, and not by 
condensing, when the temperature of the bulb is 
changing from a condition where it is colder than the 
indicator to one where it is hotter. By this arrange¬ 
ment the time lag of the thermometer at the transition 
point is greatly reduced. 

The temperature of the free surface of the con¬ 
strained liquid is indicated, and thus in order that the 
temperature at the desired point be indicated it is 
necessary that the design be such that the free surface 
of the liquid is always within the bulb. In order to 
obtain this under the normal conditions of operation, 
during which the bulb is at a temperature higher than 
that of the indicator, the volume of the bulb is made 
larger than that of the combined volumes of the 
capillary and Bourdon tubes. In this case the liquid 
completely fills the Bourdon and capillary tubes, and 
partially fills the bulb. 

The vapor pressures of liquids do not vary uniformly 
with temperature, but a scale approximately evenly 
divided is obtained in instruments by means of a 
suitably designed multiplying mechanism. The de¬ 
velopment of an instrument with an equally divided 
scale has been a big factor in its adoption for general 
use on aircraft. Table I gives the vapor pressure and 
the rate of change of vapor pressure with temperature 
for the commonly used liquids. The wide variation 
in the rate of change of vapor pressure for the various 
liquids is a measure of the difficulty in obtaining an 
equally divided temperature scale. 

TABLE I 

[Vapor pressure and rate of change of vapor pressure at various temperatures] 

Liquid 

Vapor pressure in 
atmospheres 

Rate of change in 
atmospheres per 0 C. 

Temperature 0 C. 

0 50 100 193.8 0 50 100 190 

Sulphur dioxide (SO2)_ 1.53 8.18 28.8 0. 073 0. 55 
Methyl ether (C2H20)_ 2. fi4 11. 25 32. 6 . 10 .57 
Methyl chloride (CH3CI)-.- 2.50 10.7 31.4 . 10 . 55 
Ether (ChHioO).:_.... .24 1.68 6.39 35.5 0.053 .29 0.51 

Installation precautions.—The vapor-pressure ther¬ 
mometer should be installed so as to avoid breakage 
of the capillary tube, due to excessive vibration, 
chafing, or straining where it joins with the bulb. 
Breakage at the bulb due to vibration can be greatly 
reduced by taping the tube, just above the reinforce¬ 
ment, to the part vibrating with the engine. This 
appears to distribute the deflection of the tubing over 
a short length. Local overheating at any point along 
the tube may produce large errors in the indications 
of the instrument. Wherever possible the excess 

length of tubing should be coiled and securely fastened 
to a structural member of the aircraft at a point which 
is comparatively free from vibration. 

B. Liquid-Filled Thermometers 

The liquid filled thermometer is actuated by the 
thermal expansion of a liquid contained within the 
instrument and has essentially the same parts as the 
vapor-pressure thermometer. The increase in volume 
of the contained liquid (usually alcohol or ethyl ether, 
or in some instances mercury) with increase in tem¬ 
perature is linear for all practical purposes within the 
range of temperature from 0° to 100° C. The scale is 
therefore divided evenly and equally positive indica¬ 
tions are obtained at either end of the scale. Usually 
the instrument is filled so that the contained liquid is 
at a considerable pressure (100 pounds per square 
inch) when its temperature is 0° C. This is necessary 
so that the Bourdon tube will remain under tension 
while the liquid in it and in the capillary contracts as 
the temperature is lowered to —35° C. At 100° C. 
the internal pressure may amount to 700 or 800 pounds 
per square inch depending upon the thermal coefficient 
of expansion of the liquid used and the stiffness of the 
Bourdon tube. 

The indications of instruments are affected consid¬ 
erably by variations in the temperature of the liquid 
in the Bourdon and capillary tube. The effect of 
change in temperature of the Bourdon tube is readily 
eliminated by means of a bimetallic strip, properly 
inserted in the indicator. Considerable difficulty is 
experienced in compensating at reasonable cost for the 
effect of temperature changes in the capillary tube. 
The simplest method depends upon the use of capil¬ 
lary tubing having a bore so small that a change in the 
volume of the liquid contained within it produces an 
inconsequential error in indication. 

C. Electric Thermometers 

General Electric resistance thermometer.—An elec¬ 
trical resistance thermometer for use in measuring the 
temperature of the engine oil or cooling liquid has been 
developed recently (reference 18). The instrument 
consists of a temperature sensitive resistance A, figure 
34, in series with one of the coils of part C, and a fixed 
resistance B in series with the other coil of part C of the 
indicator. A 12-volt source of electrical current is 
connected in series with each resistance. Part A is in 
the field of a permanent magnet and is free to rotate to 
a position of equilibrium under the action of the oppos¬ 
ing torques of a hairspring and of the interaction of the 
magnetic fields of the differential currents in the coils 
and the magnet. The indication is independent of the 
voltage within wide limits. Resistance element A is 
mounted within a sealed cartridge which is installed 



AIRCRAFT POWER-PLANT INSTRUMENTS 479 

on the engine at the point at which the temperature is 
required. The case of the indicator floats on sponge 
rubber within an outer case the dimensions of which 
conform to the standard for the 1%-inch dial size. 
The indicator mechanism is magnetically shielded. 
The pointer has a motion of 90° of arc for the tempera¬ 
ture range. 

This instrument is adaptable for use in measuring 
free-air temperature, in which case the cartridge is ven¬ 

tilated and is mounted on a strut in a position removed 
from the blast of the hot exhaust gases of the engine. 

Thermocouple thermometers.—When one junction 
point of a loop composed of two dissimilar metals 
such as copper and constantan is at a temperature 
differing from that of the other junction point, an 
electrical current will flow through the circuit. The 
magnitude of the current depends upon the difference 
in the temperatures of the two junction points. In 
thermocouple thermometers for aircraft a suitable 
milliameter calibrated in units of temperature is 
used as the indicator. One of the junctions, the cold 
junction, is installed within the case of the indicator 
and the other, the hot junction, is constructed in the 
form of a spark-plug gasket, or attached to an expand¬ 
ing rivet which is forced into a hole in the engine 
cylinder at the point at which the temperature is de¬ 
sired. In order to obtain indications of the actual 
temperature of the hot junction, rather than the 
difference in the temperature between the two junc¬ 
tion points, a compensation is usually provided for 
the effect of variation in the temperature of the cold 
junction. When this compensator is within the indi¬ 
cator, as is usually the case, compensation is also 

obtained automatically for most of the effect of 
changes in the temperature of the indicator. 

The instruments available differ mainly in the 
method of compensation. One of these methods is 
illustrated by the Brown thermometer, a diagram of 
the indicator of which is shown in figure 35. The 
compensation is obtained with a bimetallic strip B, 
one end of which is mounted directly on a pole piece 
at A and the other end of which is fastened at C to 
the outer coil of one of the hairsprings attached to 
the pointer shaft. If the bimetallic strip is of proper 
design, any tendency of the pointer to deflect due to 
a change in the temperature of the indicator and cold 
junction is very nearly balanced. 

The indicator of the Weston aircraft engine ther¬ 
mometer contains the bimetallic type of compen¬ 
sation. Its internal resistance is 13.5 ohms, part 
of which is swamping resistance for temperature 
compensation. Copper-constantan thermocouples are 
used. The pointer has a motion of 120° of arc for 
the range from 0° to 600° F. (—18° to 317° C.) or 0° 
to 350° C. The case is the standard 2%-incli dial 
size. The leads of various lengths, including the 
engine thermocouple, have in all cases the same 
resistance of 2 ohms and are of stranded wire. The 
instrument is unique in the use of cover glasses of 
nonshatterable glass. 

In the General Electric thermocouple thermometer 
(reference 54) a magnetic shunt, the permeability of 
which decreases with increase in temperature, is 
added to the magnet of the indicator. This controls 
the magnetic flux through the moving coils so as to 

Figure 35.—Electric indicator showing the Brown cold junction compensator for 
thermocouple thermometers. B is the bimetallic strip, one end of which is fas¬ 
tened to the pole piece at A and the other to the hairspring at C. 

compensate for the effect of change in the tempera¬ 
ture of the cold junction and of the indicator, insofar 
as possible. Iron-constantan thermocouples are used. 

In one type of thermocouple thermometer nine hot 
junctions are provided which may be installed in 
various locations on the engine. A selector switch 
and an indicator containing one cold junction are 
included with each instrument. With this equipment 
an indication of the temperature at any one of nine 
points on the engine may be conveniently obtained. 
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APPARATUS FOR TESTING ENGINE THERMOMETERS 

Apparatus for scale-error tests.—The scale errors of 
an engine thermometer are determined in the labora¬ 
tory by comparing its readings at a number of points 
within its range with those of a calibrated thermometer 
of the mercury-in-glass type or with those of a cali¬ 
brated thermocouple. The testing apparatus con¬ 
sists of an insulated liquid bath in which are immersed 
the standard thermometer, the temperature sensitive 
elements of the instruments under test, and a stirrer 
driven by a small motor. The temperature of the 
bath is reduced by adding cracked ice or raised by 
means of an electric immersion heater. 

Water is the most suitable liquid in calibrating 
instruments of the range 0° to 100° C. A cylinder 
oil with a pour point slightly below 0° C. which gives 
off relatively little vapor at 200° C., has been found 
particularly serviceable for testing instruments in the 

Figure 36.—Errors of a vapor pressure thermometer of good quality. Curve a 
was obtained with the gage and capillary at +26° C, 6 at +45° C, and cat— 35° C. 

range from +30° to 200° C. Tempering lavite, a 
compound of salts commercially available for temper¬ 
ing metals, can be used in the range above 125° C., ; 
and down to 30° C. when dissolved in water. The 
excessive length of time necessary to evaporate the 
wnter at about 125° C. makes it impractical to use the j 
water-lavite solution. 

For tests at airports and other field stations similar 
liquid baths are required. The test points can all be 
at or above the ambient temperature, so that a means 
for raising the temperature is all that is required. 
Calibrated mercury-in-glass thermometers are used as 
a standard. 

Vibration and temperature control apparatus.—En¬ 
gine thermometers are tested for the effects of vibration 
by mounting them on the apparatus described in the 
section on "Laboratory Testing of Tachometers-Appa- 
ratus” and subjecting them to the standard vibration. 
Temperature chambers suitable for controlling the 
temperature of the indicators are also described in the 
section just referred to. 

Pressure-control apparatus.—Vapor-pressure ther¬ 
mometers, and to a smaller extent liquid filled ther¬ 
mometers, are subject to errors resulting from extrane¬ 
ous deflections of the Bourdon tube of the indicator 
due to variations in the air pressure. An apparatus 

consisting of a chamber capable of withstanding a par¬ 
tial vacuum and large enough to receive the entire 
calibrating apparatus described above is used in deter¬ 
mining these errors. The pressure within the chamber 
is reduced by means of a vacuum pump. A mercurial 
barometer connected with the chamber indicates the 
absolute pressure. 

PERFORMANCE OF ENGINE THERMOMETERS 

A. Vapor-Pressure Thermometers 

The tests described below for vapor-pressure ther¬ 
mometers are substantially those required for accept- 

t ance in the purchase specifications issued jointly by the 
Army Air Corps and the Bureau of Aeronautics of the 
Navy Department. 

The same tests are made on both the 100° C. and 
the 200° C. instruments except for obvious differences 
due to the difference in the ranges. The performance 
of the two types is essentially the same if expressed in 
terms of pointer motion in degrees of arc; in terms of 
temperature the errors of the 200° C. instrument are 
from IK to 2 times those of the 100° C. instrument. 

Scale errors.—Each thermometer is subjected to the 
scale error test in order to determine that it is in operat¬ 
ing condition and to evaluate the error at any desired 
number of points over the range of indication. The 
test is made by comparing the reading of the thermome¬ 
ter with that of a standard instrument when the bulbs 
of both instruments are immersed in a liquid bath the 
temperature of which is under control. During the 
test the capillary tube and the indicator are main¬ 
tained at room temperature. 

The scale errors of a well-adjusted thermometer with 
a range of 100° C. are shown in curve (A) of figure 36. 
The indication of the instrument is not as reliable at 
temperatures below, as it is above, 20° C. owing to 
relatively small rate of change of vapor pressure with 
temperature in this range and the consequent greater 
effect of friction in the mechanism. 

Excess temperature.—Engine thermometers which 
are graduated in the range 0 to 100° C. are likely to be 
subjected in service to temperatures exceeding the 
range in indication. Within limits the accuracy in 
indication should not be affected by this treatment. 
The excess temperature test is made by comparing the 
readings of the instrument corresponding to a bulb 
temperature of 100° C. obtained before and after a 10- 
minute period during which the temperature of the 
bulb has been raised to approximately 110° C. The 
change in reading should not exceed 3° C. No data 
on the effect of excess temperature on the 200° C. 
instrument are available. 

Drift.—Drift is manifested in a thermometer of the 
liquid-filled or vapor-pressure type by a gradual 
increase in indication after the temperature of the 
bulb has been raised to, and while it is being maintained 
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at, a value higher than that at which it was previously 
subjected. The drift test is made by subjecting the 
bulb of an instrument to approximately the maximum 
temperature of the range for a period of 1 hour. The 
increase in indication obtained during this time is a 
measure of the drift. 

Tu good quality instruments of either range the 
drift does not exceed 2° C. 

Temperature errors.—The errors caused by a varia¬ 
tion in the temperature of the capillary tube and indi¬ 
cator are determined by repeating the scale error test 
with the temperature of the capillary tube and indica¬ 
tor, first at plus 45° C. and then at minus 35° C. 
The difference between the scale errors as obtained in 
these tests is a measure of the temperature effect. 

Failure to function at the low temperature is in 
general due to insufficient liquid in the bulb or perhaps 
to freezing of an impurity in the liquid. These condi¬ 
tions are detected by a failure of the instrument to 
change its indication as the bulb temperature is varied. 
Insufficient filling may often be definitely demonstrated 
by the fact that progressively greater lengths of the 
capillary tubing must be immersed in the temperature 
bath as its temperature is increased in order to secure 
the indication of the bath temperature. In order to 
detect freezing of an impurity it is the practice in the 
low temperature test to reduce the temperature of the 
entire instrument to —20° C., so that it may freeze 
solid in the tubing undisturbed by the flow caused by 
differential temperatures in the parts of the instrument. 

The temperature errors of a representative 100° C. 
instrument are shown in figure 36 in which curve (B) 
shows the errors with the gage and capillary tubing 
held at +45° C. and curve (C) with their temperature 
held at — 35° C. The temperature effect is usually 
obtained by averaging the differences in the error at 
each test point, irrespective of algebraic sign. This 
average difference for curves (B) and (C) is 1.8° C. 
and should not exceed 3° C. for instruments of either 

range. 
Vibration.—In the vibration test the indicator alone 

is subjected to the standard vibration for a period of 3 
hours. It is also subjected to vibrations varying in 
frequency from 1,000 to 2,000 c.p.m. and the amplitude 
of the pointer vibration relative to the dial observed. 
During the latter test the thermometer bulb is main¬ 
tained at a specified temperature within the usual 
range of temperatures to be measured on aircraft. 
The amplitude of the pointer vibration should not be 
such as to indicate a free period of the mechanism in 
the above range of frequencies nor should the function¬ 
ing or performance of the instrument be affected. The 
latter requirements are determined by an examination 
of the instrument for loose parts and a comparison of 
the difference in the scale errors usually at 100° C. or 
200° C. of the instrument obtained before and after 

the vibration. 

The oscillation of the pointer during vibration is 
usually within 2° C. for 100° C. instruments and 3° C. 
for the 200° C. type. 

If the natural frequency of vibration of the mecha¬ 
nism of an instrument coincides with that to which it 
is subjected, an excessive amplitude of vibration of the 
pointer may occur. The natural frequency may be 
shifted outside of the frequency range of vibration 
by redesigning the mechanism, which means in effect 
a change in the stiffness of the elastic element, or by 
addition of an inertia disk or a damping device. The 
inertia disk in the form of a flywheel is attached to the 
pointer shaft and in effect constitutes an inertial force 
opposing that of the vibrating elastic element, reducing 
both the natural frequency and amplitude of vibra¬ 
tion. The use of the inertia disk does not interefere 
with the pointer assuming the true mean position of 
indication. 

Chief among the damping devices for reducing the 
effect of vibration are the well-known magnetic drag 
and the air-drag mechanisms. The retarding force 
of the magnetic drag mechanism is proportional to the 
relative velocity of the parts, and therefore a true 
mean reading of the pointer is obtained. The retard¬ 
ing force of the air-drag mechanism is proportional to 
the square of the velocity in some instruments, and 
tends to produce a reading of the pointer slightly in 
error from the true mean reading. (See reference 17.) 

Capillary temperature.—The capillary tube of an 
engine thermometer is likely to be subjected in service 
to localized heating, a condition which usually occurs 
when a portion of the capillary is attached to a frame 
member which is too close to the oil line or exhaust 
pipe. The effect of local heating ordinarily expe¬ 
rienced is negligible in properly designed vapor pres¬ 
sure thermometers but not in liquid filled instruments. 
A capillary temperature test is made by subjecting a 
short length of the capillary tubing to a temperature of 
100° C. while the indicator, bulb, and remainder of the 
tubing is maintained at room temperature. The 
change in indication obtained indicates the capillary 
temperature effect. 

Reduced pressure.—The actuating elements of the 
indicators of both the vapor pressure and liquid filled 
thermometers are subjected externally to the pressure 
of the surrounding atmosphere. The indications of 
the instruments are affected as a consequence by 
variations in the altitude by an amount equal to 

CPo~P) 
R 

where P0 — P is the change in atmospheric pressure 
and R is the rate of change of the vapor pressure with 
temperature at the temperature of the bulb. It fol¬ 
lows that the effect depends upon the choice of the 
filling liquid and that it varies with the temperature 
of the bulb, decreasing as its temperature increases. 
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A test at reduced pressure is made by subjecting the 
entire instrument to an absolute pressure of approxi¬ 
mately 12 inches of mercury. With the indicator and 
capillary maintained at room temperature ( + 20° C.), 
the temperature of the bulb is then raised to 60° C., 
or about 150° C. for instruments having a range extend¬ 
ing up to 200° C. The reading of the instrument at 
this temperature and at the reduced pressure is com¬ 
pared with that at room pressure and the same tem¬ 
perature in order to obtain the effect of the reduced 
pressure. In instruments now available the effect is 
less than 3° C. for 100° C. instruments and 4° C. for 
200° C. instruments. 

Capillary strain.—The mechanical strength of the 
capillary tubing is determined by means of the capillary 
bending and strain tests. The bending test is made by 
flexing the capillary 20 times at one point through 
an angle of 90° around a cylindrical core of K-inch 
radius. The strain test is made by clamping the cap¬ 
illary at a point approximately 6 inches from the 
indicator and suspending a weight of 25 pounds from 
the free end of the tubing for a period of 1 minute. 
This test is also made with the capillary clamped at a 
point approximately 6 inches from the bulb. Possible 
failure of the tubing is indicated by a large difference 
between the readings at a given bulb temperature 
taken before and after the tests. 

B. Liquid-Filled Type 

Except for the effect of reduced pressure and capil¬ 
lary temperature, the performance of liquid-filled in¬ 
struments does not differ essentially from the vapor- 
pressure type (reference 5). The effect of reduced 
pressure is ordinarily negligible. As has been stated 
the effect of local changes in the temperature of the 
capillary tubing is excessive in the ordinary instrument. 

C. Electrical Thermometers 

Electrical thermometers are tested for scale errors, 
temperature errors, and vibration in essentially the 
same manner as described for vapor-pressure ther¬ 
mometers. The indicator is tested for the degree to 
which it affects the magnetic compass exactly as 
described in the section on the methods of testing 
tachometers. In addition if the instrument requires 
a voltage supply, tests are made for the effect of its 
variation. 

The time lag (reference 15) in indication of aircraft- 
engine thermometers is in genera) not a factor under 
the conditions of their use. 

Resistance thermometer.—The instrument should 
be tested (a) for scale errors, (b) drift, (c) for the effect 
of changes in temperature of the indicator, (d) vibra¬ 
tion, and (e) magnetic shielding. No laboratory data 
have been obtained at the Bureau of Standards. The 
performance should be substantially equal to that of 

vapor-pressure thermometers if any advantage from 
its use is to be realized. 

Thermocouple thermometers.—These instruments 
are at present made with a deflection of the tip of the 
pointer of approximately 2}{ inches for a range of 
temperature of 350° C., which means the temperature 
can be read at best not closer than 1° C. and in flight 
under average conditions not closer than about 3° C. 
Tests show that the scale errors of instruments can be 
reasonably expected not to exceed 7° C. at any point 
on the scale. 

Laboratory tests show that electrical indicators of 
the sensitivity used in the thermocouple thermometers 
do not ordinarily withstand vibration in that the 
calibration slowly changes, due to wear of the pivots. 

The change in indication with change in temperature 
of the indicator is far larger than expected in the few 
instruments thus far tested, amounting to about one 
half of the change in temperature of the indicator. 
The results are probably not typical of well-adjusted 
instruments. It is believed that instruments now 
available will have errors not exceeding 17.5° C. when 
the temperature of the indicator varies from —25° to 
45° C. 

An additional error in service use, not determined 
by the laboratory tests, is the effect of the uncertainty 
in the temperature, and thus the resistance, of the 
copper or iron connecting wires. This effect is 
probably negligible in most instruments now available, 
in view of the relatively high resistance of the other 
parts of the circuit. 

The indicator, as in the case of electrical tachom¬ 
eters, must be magnetically shielded. As a practical 
minimum the effect on a compass should not exceed 
4° when 8 inches distant from its center. 

PRESSURE GAGES 

Aircraft engines are equipped with pumps for cir¬ 
culating the lubricating oil under pressure to the 
bearings. A pressure gage which indicates the pres¬ 
sure developed by the oil pump is used to determine 
its satisfactory operation. 

In addition to oil pumps most aircraft engines are 
provided with fuel pumps for delivering the fuel to 
the carburetor. Information on the operation of the 
pump is obtained by measurement of the pressure 
developed. 

Pressure gages may be conveniently grouped into 
two general classes—mechanical and electrical. 

MECHANICAL PRESSURE GAGES 

General design characteristics.—A diagram of a 
typical mechanical pressure gage is shown in figure 
37. A Bourdon tube B is used as the pressure- 
sensitive element. It is of interest that the Bourdon 
tube is reported to have originated with Scliinz in Ger¬ 
many in 1845. (See reference 48.) It is formed by 
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bending into the arc of a circle a length of thin walled 
metallic tubing which has been previously shaped to 
have in section the contour of an ellipse. One end of 
the tube is mounted on the base of the instrument so 
as to communicate with a threaded fitting. The 
other end is sealed off and connects with the multi¬ 
plying mechanism through a suitable linkage. An 
increase in the pressure within the tube is accompanied 
by an increase in the cross-sectional area which gives 

rise to a force tending- to straighten the tube and con¬ 
sequently to a displacement of the free end. 

A deflection formula derived by Lorenz (reference 
51) is stated by Rolnick (reference 59) to be reasonably 
accurate for tubes with a small ratio of thickness to 
width of cross section, and is given below. 

A 1.16PB02 
Ao hbE 

Here A is the angular rotation of the Bourdon tube 
produced by the differential pressure P; A0, the angular 
length of the tube; R0, the radius of the tube; h, the 
wall thickness; b, the thickness of the tube from center 
to center of the walls; and E, the modulus of elasticity. 

For additional theory and data on Bourdon tubes 
see references 46 to 52, inclusive, and 58. 

The multiplying mechanism of the gage consists of a 
link, a sector, and a pinion arranged as shown in 
figure 37. For convenience in calibrating, the point of 
connection of the link to the sector is made adjustable. 

The gage is usually mounted on the instrument panel 
and is connected to the pump by means of copper 
tubing. The connection to the indicator and to the 

point at which the pressure is measured is made by a 
fitting, such as is shown in figure 18 of reference 20. 

Oil-pressure gage.—Oil-pressure gages are graduated 
in either of the two ranges, 0 to 120 and 0 to 200 
pounds per square inch. As stated in the “Introduc¬ 
tion” the diameter of the dials of oil-pressure gages is 
now fixed at 1% inches and the spacing between the 
mounting holes is standardized, so that instruments of 
the various manufacturers may be interchanged. The 
weight of the instrument is approximately 6 ounces. 

The design of the Bourdon tube depends upon the 
range of indication. In one instrument having a 
range of 0 to 120 pounds per square inch the tube is of 
hard-drawn brass and has an outside diameter of 1% 
inches, an elliptical section of J4 by %2 inch, and a wall 
thickness of 0.011 inch. 

Fuel-pressure gage.—The general appearance and 
the construction of the fuel-pressure gage are similar 
to those of the oil-pressure gage. The Bourdon tube, 
however, is constructed of much thinner metal, so that 
its stiffness is approximately one tenth that of the oil- 
pressure gage. The fuel-pressure gage is usually 
graduated in the range 0 to 10 pounds per square inch 
and weighs approximately 5 ounces. 

Diaphragm type relay.—In order to conserve the 
supply of lubricant in case of breakage of the copper 

Figure 38.—Diagram of diaphragm relay for oil-pressure gages. The metal bellows 
B intervenes between the lubricating oil and the liquid in A which transmits the 
pressure to the gage. 

tube connecting the oil-pressure gage with the engine 
and to decrease the lag in indication at low tempera¬ 
tures due to congealing of the oil within the connecting 
tube, pressure relay devices have been developed both 
here and abroad (references 16 and 17). A cross- 
sectional diagram of the essential features of such a 
device is shown in figure 38. The relay is mounted on 
the engine at the oil-line fitting and contains a dia¬ 
phragm or metal bellows B. The space A outside of 
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the diaphragm, the connecting tubing, and the Bourdon 
tube in the indicator are completely filled with a liquid 
which has a low freezing point, a low viscosity, and a 
relatively low thermal coefficient of expansion. Min¬ 
eral spirits (varnolene) has been found satisfactory. 
The pressure of the lubricating oil which connects to 

Figure 39.—Engine gage unit. 

the inside of the diaphragm through hole C is trans¬ 
mitted through the diaphragm to the liquid and thence 
to the pressure gage. 

Engine gage unit.—The oil and fuel pressure gage 
and the oil or cooling liquid thermometer are sometimes 
installed within a single case. The combination is 
known as the engine gage unit. The latest form is 

Figure 40.—Engine gage unit with approximately linear scale. 

shown in figure 39, and an older form, in which the 
individual instruments are arranged vertically in tan¬ 
dem within a case, is shown in figure 40. 

The instrument shown in figure 39 is mounted in a 
case which conforms to the standard 2%-incli dial size. 
Contrary to general practice the pointer of the fuel 
pressure gage moves counter-clockwise with increase 
in pressure. Its weight with a 22-foot capillary tube 
averages 1.9 pounds. 

ELECTRICAL PRESSURE GAGES 

The electrical circuit of the G.E. electrical oil or 
fuel pressure gage is the same as that of the thermom¬ 
eter shown in figure 34. The resistance A is made to 
vary with pressure by means of the deflection of a 
metal bellows the combination of which is mounted 
in a cartridge type container suitable for installation 
on the engine at either the oil- or fuel-line fitting. The 
indicator is of the same type as that used with the 
thermometer and similarly is magnetically shielded 
and is protected from the effects of shocks and vibra¬ 
tion. The instrument operates on 12 volts and is 
stated to draw normally 50 milliamperes of current. 
The combined weight of the pressure element and 
indicator is 12 ounces. 

APPARATUS FOR TESTING PRESSURE GAGES 

The scale errors of oil-pressure gages are determined 
by means of a deadweight gage tester. The tester 

Figure 41.—Diagram of apparatus for testing fuel-pressure gages. 

consists essentially of a vertical cylinder, a closely 
fitting piston provided with a pan for weights and a 
pump. The instrument to be tested is connected to 
the cylinder by means of suitable fittings and a con¬ 
necting tube. The cylinder is filled with a light min¬ 
eral oil. To obtain a desired pressure, a weight equal 
to the product of this pressure by the area of the 
cylinder is placed on the pan of the piston and the 
pump operated until the piston is supported by hydro¬ 
static pressure. The effect of friction between the 
weighted piston and the wall of its cylinder is usually 
eliminated by spinning the piston before reading the 
instrument. 

It has been found possible to operate the deadweight 
gage tester with a mineral oil with a pour point of 
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— 40° C. This has made it possible to test oil-pressure j 
gages at —35° C. without danger of the oil freezing 
in the tubing connecting the gage to the tester. 

The arrangement of apparatus used in determining 
the scale errors of fuel-pressure gages is shown in fig¬ 
ure 41. A mercurial manometer is used as the stand¬ 
ard, which may be of the reservoir type as shown or of 
the U-tube type. In either case it should be noted 
that the pressure is determined by the difference in 
height. The required pressures are obtained by means 

of a hand pump. 
Apparatus for controlling the temperature of the 

instruments during test and for subjecting them to 
vibration are described in the section, Testing of 
Tachometers. 

For determining scale errors of both fuel and oil 
pressure gages at instrument repair stations a dead¬ 
weight gage tester designed for both ranges is most 
convenient. It is also feasible to use a calibrated 
gage as the standard, in which case a suitable pump 

is required. 

PERFORMANCE OF PRESSURE GAGES 

A. Mechanical Type 

Mechanical pressure gages are subjected to tests 
for (a) scale errors, (b) friction, (c) vibration effect, 
(<d) seasoning, (e) drift, (f) effect of suction and over¬ 
pressure, and (g) the effect of temperature. 

A general discussion of most of the above tests is 
given in the section on Tachometers under “Methods 

of Test.” 
It should be noted that the construction of aircraft 

pressure gages to the accuracy needed offers in general 
no particular problem. This follows from the fact 
that the least reading of these gages is about 1 percent 
of the maximum range, for example 0.1 pound per 
square inch in the gage with a range from 0 to 10 
pounds per square inch, and that an accuracy of at 
least 1 percent in most respects is usual in pressure 

gages used in engineering work. 
Scale errors.—The scale errors of the pressure gage 

are determined by subjecting the instrument at the 
pressure connection to a number of specified pressures 
over its range and obtaining the corresponding instru¬ 
ment readings. The error is R-S, where R is the 
reading of the gage and S is the true pressure. 

The scale errors of both fuel and oil pressure gages 
of good quality do not exceed 2 percent of the maximum 
range. Those of a typical oil pressure gage of good 
quality are given in curve A, figure 42. 

Friction.—The effect of friction is found by subject¬ 
ing the instrument to a given pressure and comparing 
the readings of the instrument before and after it 
has been tapped. The difference in the two readings 
indicates the effect of friction. The friction is usually 
obtained at a number of pressures over the range of 

the instrument and amounts on the average to about 
1 percent of the maximum range. 

Vibration.—The effects of vibration are determined 
by subjecting the instrument to the standard vibra¬ 
tion with a frequency between 1,500 and 2,000 c.p.m. 
for a period of 3 hours, during 2 hours of which time 
the instrument is subjected to a pressure equal to 50 
percent of its range. The amplitude of vibration of 
the pointer with respect to the dial is observed in the 
frequency range 1,000 to 2,000 c.p.m., while the 
instrument indicates the pressure of 50 percent of its 
range. Immediately following the vibration the scale 
errors are determined and compared with those pre¬ 
vious to the vibration. 

The total amplitude of vibration of the pointers of 
the pressure gages should not exceed 2 percent of the 
maximum range. 

It appears that the Bourdon tube in a number of 
designs of fuel-pressure gages has a free frequency 
between 1,000 and 2,000 c.p.m., and consequently the 

Figure 42—Errors of oil-pressure gages at temperatures of +24°, +45°, and —35° C 

pointers vibrate with an amplitude so large that fatigue 
failure of the Bourdon tube may be anticipated in 
service. This condition may be most easily remedied 
by the addition of an inertia disk to the pointer shaft, 
which, as pointed out in the section on Performance 
of Vapor Pressure Thermometers, reduces the free 
frequency and greatly reduces the amplitude of vibra¬ 
tion at this frequency. 

The average change in the scale errors due to a 
vibration of 3 hours should be negligible; that is, less 
than 1 percent of the maximum range. 

Seasoning.—The seasoning test is made by subject¬ 
ing the instrument to 100 applications of the pressure 
required to produce a deflection of the pointer corre¬ 
sponding to 50 percent of the range of indication. 
The scale errors before and afterwards are compared 
in order to determine the effects of seasoning. 

The average change in the scale errors of good quality 
instrument should not exceed about 1 percent of the 
range, and are usually of the order of the least reading. 

Drift.—In this test increase in reading of an instru¬ 
ment in a period of 1 hour is observed after it is suddenly 
subjected to, and held at, a pressure equal to 50 
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percent of its range in indication. This increase in 
reading is the drift, and in satisfactory instruments 
does not exceed 1 percent of the maximum range. 

Suction and overpressure.—Pressure gages are likely 

to be subjected in service to pressures which are either 
below atmospheric pressure or exceed the range in 
indication. Their ability to withstand such treat¬ 
ment is determined in the suction and overpressure 
tests. The tests are made by subjecting an instru¬ 
ment first to a suction of 10 pounds per square inch 
for the oil pressure gage and 3 pounds per square inch 
for the fuel pressure gage, for a period of 1 minute, 
and, second, to a pressure 50 percent greater than the 
range in indication for a period of 10 minutes. The 
scale errors before and after the excess differential 
pressures are compared in order to determine the effect 
on the performance of suction and overpressure. 

The average change in scale errors as a result of 
suction and overpressure does not usually exceed 1 
percent of the maximum range. 

Temperature errors.—The scale errors of the instru¬ 
ment are obtained with its temperature first at —35 
and then at +45° C. The difference in the errors at 
these two temperatures is the effect of temperature. 

The results of temperature tests on the typical oil 
pressure gage are also given in figure 42. The effect 
of temperature can be expressed as the difference in 
the slopes of the best straight lines for the data, divided 
by the temperature difference. This is the change in 
scale value per degree centigrade and is 0.044 percent 
for the temperature interval —35° to +45° C. for 
the instrument for which data is given in figure 42. 
The effect is due to the change in the modulus of 
elasticity of the Bourdon tube and the hair spring since 
the instruments are ordinarily uncompensated, and in 
poorly seasoned instruments due to unreleased internal 
stresses in the Bourdon tube. The temperature 
coefficient of the modulus of elasticity of bronze is 
about 0.040 percent per degree centigrade. 

The effect of temperature may also be expressed in 
terms of the average of the change in error at each 
test point, which is 3.7 pounds per square inch for the 
data in figure 42. 

B. Electrical Pressure Gages 

The performance of electrical pressure gages is 
determined by tests which are, in general, the same 
as those listed for mechanical pressure gages. In 
addition the resistance element should be subjected to 
vibration. The temperature test of the electrical 
pressure gage should include a scale error test in which 
the indicator is at room temperature and the pressure 
element is at the maximum temperature experienced 
in service. 

Also the indicators must be tested for adequacy of 
magnetic shielding which should be such that an 

aircraft compass is not deflected in excess of 4° when 
the distance between the two is 8 inches from center 
to center. 

FUEL QUANTITY GAGES 

The fuel quantity gage is used in aircraft to indicate 
the quantity of fuel available for continuing flight and 
is commonly installed in every modern aircraft. 
Although the amount of fuel remaining in the tank can 
be estimated from a knowledge of the rate of fuel 
consumption and the elapsed time, the possibility 
always remains that, due to leakage, less than this 
amount is available. 

Fuel quantity gages are essentially of two types, one 
in which the position of a float in the liquid is indicated 
and the other in which the hydrostatic pressure of the 
head of the fuel is measured. In most cases a distant 
indicating instrument is essential. 

Acceleration of the aircraft and deviation from the 
normal flying attitude of airplanes with shallow wing 
tanks cause errors equally in the two types. 

The float-type gage is preferred when an indication 
at the tank is easily visible to the pilot. In the latter 
case the instrument is called a simple float type. The 
indicators are generally mechanically connected to 
the float, although in one design the coupling is made 
magnetically. The float type of instrument is rela¬ 
tively easy to install and reliable in operation. 

The distant indicating float type is available in a 
great variety of designs (references 5 and 17) most of 
which have been produced in an effort to secure an 
instrument which is at the same time simple in design 
and dependable and accurate in operation. Distant 
indication has been secured (a) by a variety of 
mechanical connections, (b) electrically, and (c) by a 
hydrostatic device. 

In the common design of the hydrostatic fuel quan¬ 
tity gage the head of the fuel is balanced by an air 
pressure which is measured by a suitable gage. The 
instrument is distant indicating. Other designs have 
been proposed in which the indication depends upon 
the pressure of the head of fuel, but these for various 
reasons have not proved practical. 

SIMPLE FLOAT TYPE 

In fuel quantity gages of this type the indication is 
obtained at the tank either below or above the float, 
whichever may be the most easily accessible to the 
pilot. The instrument consists of some form of 
indicating device connected to a cork or metal float 
resting on the surface of the fuel. A number of the 
designs which have been developed, are described 
below. 

(a) The method of indication shown in figure 43 is 
especially useful in aircraft equipped with a fuel tank 
which is centrally located in the upper wing. As 
shown in the figure, the float is fastened to a disk by 
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means of a rod. The disk is visible through a glass 
tube graduated in terms of the quantity of fuel. One 
objection to this design is the possibility and conse¬ 
quences of breakage of the glass tube, which, however, 
lias not been as frequent as might be expected. 

(6) In the instrument shown in figure 44 the float 
is attached to the end of a long rod which rotates as 
the float falls with the level of the fuel. As is obvious 
from the figure, the rotation of the rod also causes 
rotation of the indicating drum by means of the sector 
and pinion mechanism. 

(c) In a third type the float is mounted between 
guides which permit vertical movement but prevent 
rotation. A twisted metallic strip extends through a 
slot in the center of the float and is rotated by the 
float as the level of the fuel changes. A pointer 
attached to the twisted strip indicates on a suitable 
dial the quantity of fuel. 

(<d) In still another type, of which many are in use, 
the displacement of the float is transmitted to the 

Figure 43.—Float type fuel quantity gage with indicator below tank. 

indicator by means of a braided silk cord. One end 
of the cord is connected to the float and the other end 
is secured to a sheave mounted within the indicator. 
The cord is kept taut by means of a light spring 
mounted within the sheave. As the float drops with 
the level of the fuel the sheave is caused to rotate by 
the unwinding of the cord. Through a suitable gear 
and pinion the sheave operates a pointer which indi¬ 
cates the fuel quantity on a suitably engraved dial. 

(e) Boston gage.—Stuffing boxes or similar shaft 
glands are eliminated by means of the magnetic method 
of indication which is used in the Boston gage. In 
this instrument a bar magnet is rotated by the float 
as it changes its level. The magnet is mounted 
inside and, coaxially, a magnetized pointer outside 
of the tank. Due to the magnetic force between the 
pointer and magnet the pointer aligns itself with the 
magnet and thus indicates the quantity of fuel. 

DISTANT INDICATING FLOAT TYPE 

Mechanical types.—The only distant indicating float 
type instrument with a mechanical transmission used 
in this country is the one in which a braided silk cord 
is used to connect the float with an indicating sheave, 

similarly as described under (d) above. Outside of 
the tank the cord runs in tubing in which a roller is 
installed at each bend. In this instrument the number 
of bends in the line and the distance between the indi¬ 
cator and float must be kept to a minimum, as other¬ 
wise the friction is likely to be excessive. Further, it 
is difficult to design a stuffing box at the point where the 
cord comes through the tank so as to eliminate wet¬ 
ting part of the cord which passes through the tubing. 
When the cord is wet the friction is greatly augmented. 

Considerable attention has been given abroad to the 
perfection of the mechanical transmission type. In 

one instrument (the Corset) the motion of the float 
causes longitudinal motion in the connecting line to 
the indicator, which consists of a series of short push 
rods connected to each other by means of a ball and 
cup arrangement. In two other instruments, the 
Televel and Spirobloc gages, the power to operate 
the indicator is furnished by the pilot. When a read¬ 
ing is desired, the pilot, by means of a wire connec¬ 
tion to the tank element, either rotates or raises the 
float until a stop is encountered, which operation at 
the same time correspondingly varies the reading on an 
indicator. The point at which the stop is encountered, 
and thus the reading, depends on the level of the fuel. 
(See reference 17.) 
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Nagel gage.—An electrical transmission system is 
used in the Nagel gage. The float, mounted as shown 
in figure 44, governs the position of contact S, figure 45, 
which divides a resistance into two parts and FT. 

Figure 45.—Diagram of electric circuit of Nagel fuel quantity gage. The contact 
S is operated by a float, and the resulting change in current in Ct and C* changes 
the position of equilibrium of the iron armature B. 

Changes in resistance Ri and R.> affect the relative 
amount of current through the two coils Ct and C2 in 
the indicator. The pointer is attached through a 
suitable mechanism to a circular iron vane B, the posi¬ 

tion of which varies with the relative amounts of the 
current through Ch and C2. Since the indicator is in 
effect an ohmmeter, its indication is independent of the 
impressed voltage within a wide range. Although 
considerable attention has been given to the design of 

a fireproof stuffing box between the resistances Rt and 
R2 and the fuel, a possible fire hazard remains. 

Liquidometer.—In this fuel-quantity gage the de¬ 
flections of the float are transmitted hydraulically 
through any desired length of line to the indicator. 
Referring to figure 46, float F is mechanically connected 
with two metallic bellows Mi and B! each of which is in 
communication by means of copper tubing with another 
bellows, M2 and B2, respectively, contained within the 
indicator. The two closed hydraulic systems thus 
formed are of approximately equal volumes and are 
filled with a suitable liquid having a low freezing 
point. The bellows M2 and B2 are connected together 
by means of link L which is pivoted at its center to the 
pointer. As the float falls, due to fall in the fuel level 
in the tank, B! is compressed and IN/fl expanded, the 
resulting differential displacement of the liquid ex¬ 
panding B2 and compressing M2, thus deflecting the 
pointer to the left. The design of link L permits 

PT 

Figure 47.—Diagram of hydrostatic type fuel quantity gage. 

changes in volume of the liquid due to changes in 
temperature without affecting the indication. 

HYDROSTATIC FUEL-QUANTITY GAGE 

Common type.—The essential parts of this instru¬ 
ment consist of an airtight pressure gage I, figure 47, 
a pump P, a pressure line PT leading from the interior 
of the diaphragm capsule to a cell C at the bottom of 
the fuel tank and a static pressure line ST leading from 
the case of the indicator to the top or the vent of 
the tank. 

When the pump handle is pulled out against the 
action of a spring and permitted to return, the return 
stroke of the pump clears the entire line PT of liquid, 
the excess air passing into the liquid through openings 
in the cell C. The head of liquid H is now balanced at 
the cell C by the air pressure at this point, that is, by 
the air pressure in the line PT and the interior of the 
diaphragm. The static tube ST serves to maintain 
the interior of the indicator case at the pressure of 
the air above the fuel. The gage thus indicates the 
difference in these two air pressures or the pressure of 
the head of the fuel. 
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The indicator is made in a number of convenient 
ranges for use with tanks of differing depths. The cases 
are ordinarily of bakelite and are the standard 2%-inch 
dial size. The dials are calibrated after installation, 
as is almost necessarily the case with all fuel quantity 
gages. For test purposes temporary dials graduated 
in degrees of arc are usually furnished. The indicator 
has a restriction in the line to the diaphragm capsule 
in order to dampen out the effect of surges in the fuel. 
The weights of the pump and the indicating gage are 4 
and 9 ounces, respectively. Connecting tubing of 
copper is commonly used. 

The accuracy of the instrument is not affected by 
changes in the temperature of the air in the lines if the 
pump is operated before making a reading. 

It is essential that the fuel be prevented from get¬ 
ting into the line insofar as possible. Fuel in the line 
PT up to the point where the pump is installed can be 
removed by means of the pump. Fuel in the line 
beyond this point and in the line ST or in the case of 
the indicator make the instrument inoperative until 
removed. Check valves at the point where the tubing 
connects to the tank may be desirable to prevent the 
fuel from entering the lines during maneuvers. A j 
float-operated check valve is desirable in the line to 
the bottom of the tank. In the rare case when the 
indicator is colder than the fuel, condensation may 
occur in the indicator. This is difficult to prevent. 

The fuel tank is sometimes vented to a modified 
pitot head which is mounted in the air stream, in 
which case the line ST is connected in such manner as 
to prevent fuel getting into it. 

Submerged Capsule Type 
» 

This instrument differs from the common hydro¬ 
static gage in that the line PT connects to a diaphragm 
capsule in place of the cell C, figure 47, and in that the 
pump P is eliminated. In order to take care of changes 
in air pressure with altitude, and changes in tempera¬ 
ture, the diaphragm capsule must be perfectly flexible 
so that the resulting volume changes in the contained 
air do not affect the indication. As in the case of the 
common type instrument the pressure of the air within 
the capsule differs from that above the liquid by that 
of the head of the liquid. A serviceable instrument 
has not as yet been obtained owing to the difficulty of 
obtaining a diaphragm material which has the required 
degree of flexibility and is at the same time dependable 
in operation. 

G.E. Electric Gage 

An electrically operated hydrostatic fuel quantity 
gage which has been developed is of interest (reference 
56), although it is not at present being manufactured. 
In the instrument, shown diagrainmatically in figure 
48, the head of the fuel is for the most part balanced 

40768—34-32 

magnetically by a solenoid which is energized by 
means of a storage battery. The pressure of the head 
of the fuel is transmitted through a diaphragm to the 
plunger of the solenoid and a carbon-pile rheostat. 
The solenoid is connected in series with the carbon 
pile. As the load on the diaphragm decreases, with 
decrease in the fuel supply, the resistance of the carbon 
pile increases, which in turn decreases the current 
through the solenoid until the force exerted by the 
plunger and carbon pile just balances the load on the 
diaphragm. Thus the current varies with the force 
required to secure equilibrium. An ammeter gradu- 

Figure 48.—Electric balance type fuel quantity gage. 

ated in terms of fullness of the fuel tank serves as 
the indicator. 

PERFORMANCE OF FUEL QUANTITY GAGES 

Test Apparatus 

No special apparatus is required to test instruments 
of the float type. 

The indicator of the hydrostatic gage is tested for its 
accuracy as a pressure gage, and for this purpose a 
water manometer such as is used for testing air-speed- 
indicators (reference 20), a vibration board and tem¬ 
perature-control apparatus as described in the section, 
Laboratory Testing of Tachometers, and a small hand 
pump are required. To test the pump a tank is 
needed which is merely a 4-inch pipe about 45 inches 
long, closed at one end. Water is used to fill it. 

Although the submerged capsule and electric gage 
types have not been tested at the Bureau of Stand¬ 
ards, it appears that the only special test equipment 
required in addition to that noted above is a tank of 
somewhat larger cross-section and perhaps a little 
deeper. 
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Simple Float Type 

In the cases where this type of gage can be used, no 
trouble is experienced in securing sufficient accuracy 
and dependability of operation. It is a simple matter 
to determine whether or not the pointer motion is suf¬ 
ficient for the range of motion of the float and that 
excessive friction is not present in the mechanism. 

Distant Indicating Float Type 

(a) Mechanical transmission.—The presence of ex¬ 
cessive friction and the scale errors can be determined 
by operating the instruments in a laboratory. Service 
tests are necessary to determine performance factors 
such as reliability in operation, ease of installation, and 
ease of repair. 

(b) Performance of Nagel gage.—Laboratory tests 
show that the reading of the instrument is unchanged 
for variations in the rated applied voltage of about 20 
percent; that the indications are affected on the average 
less than 4 percent for a change in temperature of 50° 
C. of either the indicator or resistance unit; that, for 
one unit tested, an explosive mixture of acetylene and 
air maintained on the tank side of the tank unit was 
not ignited. The latter test indicated that either the 
stuffing box prevented the gas from getting into the 
housing of the resistance unit or, if it did, that sparking 
sufficient to ignite it did not take place. Due to the 
possible fire hazard it is recommended, however, that 
the instrument be connected to the battery only when 
a reading is desired. 

(c) Liquidometer.—No data are available on the per¬ 
formance of this instrument. It is just being adapted 
for aircraft use. 

Hydrostatic Gage 

Common type.—The indicator of this fuel quantity 
gage is given tests to determine its accuracy as a 
pressure gage similar to those given air-speed indicators 
The tests for the latter are described in reference 20 
and will not be described in detail here. The mech¬ 
anism of these indicators is similar and the range of 
pressures for which they indicate are of the same order 
of magnitude. Test results for a typical indicator show 
that the effect of friction in the mechanism, the drift, 
and changes in calibration due to seasoning are neg¬ 
ligible. Tipping the instrument 90° from the normal 
operating position causes a change of about 2° of arc; 
the total amplitude of vibration of the pointer when 
the instrument is subjected to the standard vibration, 
and the change in scale errors afterwards, does not 
exceed 2° of arc; and the maximum difference in read¬ 
ing at any point on the scale for a temperature change 
from 4- 45° to —35° C. does not exceed about 6° of arc. 

The case of the indicators must be leak tight against 
pressure differences which are estimated not to exceed 
10 inches of water. 

It is essential that the capacity of the pump be 
| sufficient, under the most unfavorable conditions, to 
| clear the pressure line and the hydrostatic cell of fuel. 

To test its capacity, the pump is connected by 20 feet 
of standard tubing to a hydrostatic cell, having an 
internal volume approximately equivalent to that of 
the cell C, figure 47. The cell, but not the excess 
tubing, is submerged in a tank of water to a depth of 
40 inches. The pump capacity is deemed ample when 
one stroke is sufficient to clear the cell and 40 inches of 
tubing of water which is made evident by bubbles of 
air rising to the surface. The design of the pump must 
be such that the forward stroke causes but little suction 
in the tubing and a forcible return does not give rise 
to a pressure great enough to harm the indicator. 

FUEL-FLOW INDICATORS 

Fuel-flow indicators may be classified as follows: 
(a) Flow meters which indicate the rate at which the 

fuel is flowing to the carburetor. 

(b) Fuel consumed meters which indicate primarily 
the quantity of fuel consumed. The rate of fuel con¬ 
sumption can be determined with the use of a stop 
watch. 

(c) Combustion indicators which indicate the extent 
to which all of the available energy is being obtained 
from the fuel. 

A fuel-flow meter or a combustion meter is useful in 
adjusting the air-fuel mixture ratio so as to obtain the 
most economical rate of fuel consumption. A reduc¬ 
tion in operating costs and an increase in the cruising 
radius are two of the advantages gained. Tests have 
shown that in some cases with the aid of a fuel-flow 
meter as much as one third of the total amount of fuel 
consumed may be saved if the mixture ratio is carefully 
adjusted (reference 55). Due to the fact that an en¬ 
tirely satisfactory instrument has not as yet been devel¬ 
oped, the instrument has not come into general use. 

The fuel-consumed meter is used in flight tests to 
measure rate of fuel consumption under various condi¬ 
tions. As time must be measured to determine the 
rate of flow, the instrument finds little favor in general 
service. 

The first two types can be used with engines in 
which free-flowing fuels, such as aviation gasoline, are 
used. The combustion indicator is suitable for use 
with any type of fuel, including heavy oil. 

Fuel-flow meters are either of the venturi or the 
variable-orifice type. The venturi instrument is an 
adaptation of the venturi flow meter commonly em¬ 
ployed in hydraulic engineering work. The variable- 
orifice types have been developed in England, the most 
promising of which is a refinement of the well-known 
sink and tube type flow meter. 

Flow meters for service use on aircraft, and also 
fuel-consumed meters insofar as they are useful, should 
have the following ideal characteristics: 
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(a) They should be designed to have the minimum 
interference with the fuel supply to the engine. An 
easily operated bypass, preferably automatic, should 
be provided for use either in case of failure of the 
instrument in service or stoppage of the line in case 
all the fuel flows through the flow meter. 

(b) The indicator should be on the instrument panel 
and be of a type such that no fuel lines need be brought 
up to the instrument panel. The method of distant 
indication should be such that the flow meter can be 
used on multi-engined aircraft. 

(c) If possible, the indicator should conform in size 
and shape to existing service instruments. 

(r/) The instrument should not add to the fire hazard. | 
(e) The instrument should not require frequent prim¬ 

ing to eliminate air or other gases from the lines lead¬ 
ing to the indicator. This procedure is necessary in 
the ordinary venturi type. 

(/) If other requirements are met, an over-all error 
as great as 5 percent may be tolerated in flow meters 

for general service use. 

FUEL-FLOW METERS 

Venturi Type 

A diagram of the venturi fuel-flow meter is shown 
in figure 49. The parts consist of a venturi tube, a 
differential pressure gage, and connecting tubing. 
The venturi tube is inserted in the fuel line leading 
to the carburetor and, as is shown in the figure, is 
connected with the indicator by means of two copper 

tubes of small bore. 
One tube connects the throat section of the Venturi 

tube with one side of the diaphragm, or, more exactly, 
to the interior of a diaphragm capsule, and the other 
connects the entrance section of the Venturi to the 
case of the indicator. When fuel flows the fuel 
pressure is less at the throat section than at the 
entrance, which difference is indicated by the gauge. 

The differential pressure developed by the Venturi 
tube (reference 53) can be obtained by means of 
Bernoulli’s theorem, which may be stated as follows: 
The total energy of a liquid flowing in a pipe is equal 
at one point, if frictional effects are neglected, to the 
total energy at any other point. If the pipe is hori¬ 
zontal, the theorem may be expressed mathematically 

as follows: 

2g D 2g 
(16) 

where Px and P2 are the static pressures, and TV and TV 
the velocities at the points 1 and 2, respectively. D 
is the density of the liquid and g the acceleration of 

gravity. 

Q Q 
Substituting — for TV, “ for T72, and P for Px — P2 in 

(ii a2 
the above expression there is obtained 

\2gP w* 
V D y«i —al 

(17) 

Here Q is the average volume rate of flow, and ax and a2 
the cross-sectional areas of the pipe at points 1 and 2 
respectively. 

Applying equation (17) to the Venturi tube, the last 
term, designated M, is called the geometrical constant 
of the Venturi tube since it depends only upon the areas 
of the entrance and throat sections. Rearranging 

equation (17) and substituting M for its equivalent 

there results 

P = (Q V D 
\M) 2 g 

(18) 

Inspection of equation (18) shows that the differen¬ 
tial pressure P increases as the geometrical constant M 
decreases. A large value of P is desirable in order to 
permit the use of as rugged an indicator as possible. 
A small value of M is obtained when the area a2 of the 
throat section is small compared with the area ax of the 
entrance section. Referring again to equation (18) it 
may be seen that an error in indication is introduced 
by deviations of the density of the fuel from the value 
used in calibrating the instrument. For small changes 
in the density of the fuel the reading of the instrument 
at a given volume rate of flow increases one half percent 
for each 1 percent increase in the density. 

There is considerable objection from the viewpoint 
of safety of the pilot in an accident to having fuel at the 
instrument board. In the ordinary instrument the case 
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is completely filled with fuel and the cover glass is 
required to retain it under the pressure of the fuel 
pump. As a further safeguard the Bureau of Standards 
has recently developed for the Bureau of Aeronautics 
of the Navy Department an indicator which contains 
two pressure-sensitive capsules. The venturi tube is 
connected to the interior of the capsules, and fuel 
therefore does not fill the case of the indicator. The 
arrangement of the mechanism is such that it is prac¬ 

tically insensitive to varia¬ 
tions in the pressure devel¬ 
oped by the fuel pump, but 
is responsive to variations 
in the differential pressure 
developed by the venturi 
tube. 

A primary difficulty with 
venturi flow meters of the 
conventional type is the ne¬ 
cessity that the lines to the 
indicator and the pressure 
capsules be entirely filled 
with liquid. The presence 
of air or gas in the lines 
causes errors so large as to 
make the indication worth¬ 
less. Each of the lines can 
be vented to the atmos¬ 
phere at the indicator end, 
but this is not a safe pro¬ 
cedure under all conditions. 
Connecting the lines to 
each other at their highest 
points through a valve has 
been suggested, thus utiliz¬ 
ing the differential pressure 
of the venturi tube to clear 
the lines of gas. This ar¬ 
rangement works only when 
the installation is such that 
the head of gas in the lines 
to the indicator is less than 

the differential pressure developed by the venturi tube. 

Variable Orifice Flow Meter 

Figure 50.—Orifice and sink type 
fuel-flow meter. 

the edge of the disk and the tapered tube and then out 
through the upper end of the instrument to the carbu¬ 
retor. It follows that the drop in pressure across the 
instrument is constant. 

When the rate of flow of fuel is constant the sink is 
suspended in equilibrium by a system of forces related 
as follows: 

1 
2 

DfV2 
Wa 
A (19) 

where Dr is the density of the fuel, V the velocity of the 
fuel through the orifice, Wa the weight of the sink when 
submerged in the fuel and A the area of the disk. In this 
equation the left-hand member represents the dynamic 
pressure exerted upward against the under side of the 
sink. The right-hand member represents the down¬ 
ward pressure due to the weight of the submerged sink 

However, 
Wa = gv(Ds-Df) (20) 

where v is the volume and Ds the density of the sink. 
Substituting this value of Wa in equation (19) and 
solving for V, 

(21) 

The equation for the mass rate of flow through an 
orifice is as follows: 

M=KaVDf (22) 

where M is the mass rate of flow of the fuel, K the 
discharge coefficient, and a the area of the orifice. 

Substituting for V from equation (21) 

(23) 

Since the vertical displacement of the sink determines 
a, the area of the orifice, it is also a measure of the mass 
rate of flow M. 

Inspection of equation (23) shows that, for a given 
mass rate of flow the reading of the instrument, which 
is proportional to a, and the densities of the fuel and 
sink have the following relation: 

^ oc 7(Ds — Df) Df (24) 

A diagram of the variable orifice fuel-flow meter as 
modified by Griffith (reference 55) is shown in figure 
50. Referring to the figure, a sink S having a knife- 
edged disk for its upper surface, is free to move ver¬ 
tically along the axis of a tapered tube, T, being guided 
in its movement by a central post. The sink carries 
a pointer to indicate its position with reference to a 
scale graduated in weight of fuel per hour and affixed 
to the body of the tube. Fuel entering the lower end 
of the instrument raises the sink until its weight is 
balanced by the dynamic pressure of the fuel against 
it. The fuel passes through the annular orifice between 

In order that there be a minimum change in the 
reading with variations in Df, it is necessary that the 
derivative with respect to Df of the right-hand mem¬ 
ber of equation (24) equal zero. This is the case when 
Ds = 2Df) that is, when the density of the sink is twice 
the density of the fuel. If this relation holds for one 
density of the fuel, the error in indication is only 0.8 
percent for a variation of 12 percent in the fuel density. 

Up to the present the instrument is stated to be 
useful only in flight testing. It is not used on service 
airplanes mainly because of the added complication 
in installing and maintaining the fuel lines and partly 
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because of the difficulty of finding a suitable place I 
to install an instrument of such an unusual shape. 
In common with other types of flow meters, all of the 
fuel must pass through the instrument and therefore 
close to the pilot, which, in view of the window entails 
an extra hazard in case of accident. The fuel just 
ahead of the instrument must be filtered, since it is 
sensitive to minor obstructions in the flow. A bypass 
is usually provided. 

Vane Type Flow Meter 

In the R.A.E. (British) vane type flow meter, the 
pressure of the flowing fuel upon a rotatable vane is 
balanced by the action of a spring (references 5, 11, 
and 17). The axis of the vane is offset from that of 
its case, so that the space between the case and the 
vane, or orifice, varies with the position of the vane. 
In effect it is a variable orifice, variable pressure drop 
type instrument. 

Difficulties are experienced in obtaining the same 
state of turbulent flow under all conditions of use. 

charge of the fuel to the individual cylinders. Some 
form of revolution counter is attached either directly 
to the wabble plate shaft or indirectly by means of a 
flexible drive shaft. 

The fuel-consumed meter is highly accurate (in 
instruments available the error does not exceed 0.01 
gallon per gallon of fuel delivered). It is readily 
installed by inserting it at any convenient point in 
the fuel line between the fuel pump and the carburetor. 
Since the total quantity of fuel used is indicated it 
may be used as an independent, although not certain, 
means of determining the quantity of fuel remaining 
in the tank. Average rates of flow may be obtained 
by measuring the time with a stop watch for a selected 

volume of flow, but this procedure is unsatisfactory 
in general service. An objectionable feature is the 
danger of restriction to the flow of the fuel which neces¬ 
sitates the installation of a manually operated bypass. 
There is the further disadvantage in the necessity 
for tight stuffing boxes in the instrument with a 
mechanical method of transmission, and the fire 

Figure 51.—“Western” fuel-consumed meter. 

Bubbles of gas in the fuel, which appear with increase 
in the altitude of flight, affect the readings. The above 
two difficulties appear to be inherent so that the instru¬ 
ment remains an experimental type. As the force 
on the spring varies as the square of the rate of flow, 
the force decreases rapidly with the rate of flow, so 
that lowr rates cannot be measured. 

FUEL-CONSUMED METERS 

The fuel-consumed meter is essentially a displace¬ 
ment pump equipped with a counting device for inte¬ 
grating the revolutions of the pump shaft. The 
counting device is usually graduated in terms of volume 
of fuel flowing through the pump. Pump units usually 
have five cylinders with their axes parallel and arranged 
symmetrically around the shaft. 

A design typical of the fuel-consumed meter is shown 
in figure 51. The five pistons are connected to wab¬ 
ble plate A which is pivoted to shaft B by means of 
a large ball bearing set at an angle to the shaft. With 
this arrangement the reciprocating motion of the pis¬ 
tons causes the shaft, to rotate. A valve plate which 
is rotated by the shaft controls the delivery and dis- 

hazard in the instrument with an electrical transmis¬ 
sion system to the indicator. 

Bowser 

The Bowser fuel consumed meter is distant indicat¬ 
ing. The pump unit includes an electrical make-and- 
break mechanism which is connected to the wabble 
plate shaft and is submerged in transformer oil in order 
to eliminate the danger from sparking. The indicator 
unit consists of a counter operated by a solenoid the 
electrical circuit of which is interrupted by the make- 
and-break mechanism. The power is furnished by a 
12-volt battery or its equivalent. The pump capacity 
is such that every time the solenoid is energized, which 
is twice in every revolution of the wabble plate shaft, 
0.01 gallon of fuel is delivered. One hand of the counter 
makes one revolution for each gallon of fuel consumed 
and indicates by steps of 0.01 gallon. Another hand 
is provided which rotates once for each 10 gallons. A 
pressure varying from 0.25 to 0.50 pounds per square 
inch is required to operate the pump unit. The 
weights of the pump unit and revolution counter are 
9% and 1% pounds, respectively. 
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Western 

In this instrument, which is shown in figure 51, the 
pistons are made of leather cup washers. The indica¬ 
tion is secured by means of a small revolution counter 
attached to the wabble plate shaft. The weight of 
the pump unit is 2/ pounds. 

COMBUSTION INDICATOR 

It is obvious that the most economical functioning of 
the engine is obtained when the amount of the combus¬ 
tible gases in the exhaust is relatively small. The 
Moto Vita combustion meter (reference 57) indicates 
the energy available in the unburned gaseous products 
in the exhaust of the engine. 

The instrument is based upon the catalytic property 
of heated platinum to cause chemical combination, or 
combustion, upon its surface of a mixture of combusti- 

Analyzing wires 

ble vapors and oxygen. It is essentially an unbal¬ 
anced Wheaistone bridge an electrical diagram of which 
is shown in figure 52. It has three parts—the com¬ 
bustion element, the indicator, and a battery. The 
four platinum wire resistances of the Wheatstone bridge 
are mounted in the combustion element, or analyzing 
chamber, so that a constant-ratio mixture of exhaust 
gas and air passes over them. Two of the wires are 
protected from the exhaust gases by means of tubing, 
presumably glass. All of the wires are heated elec¬ 
trically, including the nonactive wires, in order to 
avoid errors due to differences in temperatures. Since 
all four legs of the bridge are mounted in the analyzing 
chamber and are therefore at the same temperature, 
as long as only noncombustible gases are present, their 
resistances increase equally and the circuit remains in 
balance. Upon the admission of a mixture of a com¬ 
bustible gas and air, combustion occurs only on the 
surface of the bare wires, which increases their temper¬ 
ature, and consequently their resistance, over that of 
the covered wires of the bridge. A ballast type voltage 

regulator is used to compensate for variations in the 
voltage supply. 

The exhaust gases consist principally of methane 
(CH4), carbon monoxide (CO), hydrogen (II2), and 
more complex compounds. In burning, these gases 
liberate widely varying amounts of energy per mole¬ 
cule and thus the heating of the exposed wires depends 
upon the composition as well as the amount of the 
combustible gases. The instrument therefore indi¬ 
cates only the latent calorific value of the energy 
remaining in the exhaust. 

The combustion indicator indicates the efficiency of 
combustion without regard to any design characteris¬ 
tics of the engine, viz, speed, power, etc., is distant 
indicating, requires no modification of the fuel line for 
its installation, and is applicable to heavy-oil engines 
as well as those burning lighter fuels. 

Platinum 

ibustion indicator. 

LABORATORY TESTING OF FUEL-FLOW INDICATORS 

Apparatus 

The apparatus used in the calibration of fuel-flow 
meters and fuel consumed meters consists of an elevated 
tank, a graduated flask, a supply tank, and a return 
pump driven by an induction motor. The instrument 
is connected at a point in the copper tube line from the 
elevated tank to the graduated flask so as to be sub¬ 
jected to the desired head of liquid. The fuel flows 
under gravity from the elevated tank, through the 
instrument being tested, and then into the graduated 
flask from which it is dumped into the supply tank. 
The pump then returns the fuel to the reservoir. In 
practice the pump is operated continuously, so that, 
regardless of the rate at which the fuel is passing through 
the instrument, practically a constant head of fuel is 
maintained in the reservoir, the excess fuel being con¬ 
ducted to the supply tank through an overflow pipe. 
At each test point the average volume rate of flow of 
fuel is obtained by measuring with a stop watch the 
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time required for a definite quantity of fuel to flow 
into the measuring flask. The rate of flow is controlled 
by means of a variable orifice. 

Tests 

Up to the present, tests on flow meters, fuel-consumed 
meters, and combustion meters have not been stand¬ 
ardized, nor have they been developed so as to de¬ 
termine the performance of the instruments under all 
of the conditions of use on aircraft. Development of 
these tests for flow meters has not been justified in 
view of (a) the large gap between the ideal character¬ 
istics and the actual performance and (b) the conse¬ 
quent fact that the instruments are used but little. 
Fuel-consumed meters have a fine performance in most 
respects but are little used on aircraft mainly because 
they do not indicate directly either the fuel flow or 
fuel quantity available, and partly owing to the 
somewhat unsatisfactory design of the mechanism for 
securing distant indication. Combustion indicators 
are highly experimental with respect to their usefulness 
and appear, in the present design, to be insufficiently 
rugged for service use on airplanes. 

Only the primary tests on flow meters and fuel- 
consumed meters will be described. 

Scale error.—The scale errors of both fuel flow 
meters and fuel-consumed meters are determined by 
means of the apparatus described above. The scale 
error of the instrument under test is the difference 
between its reading and the average rate of flow. The 
liquid used should have very nearly the density of 
that used as the standard in calibrating the instrument, 
otherwise a correction must be made based on the 
experimentally determined effect of the variation from 

this density. 

Density effect.—The effect of variation in the den¬ 
sity of the fuel is determined by scale error tests in 
which two or three fuels, or equivalent liquids of vari¬ 
ous densities, are used successively. Since the effect of 
changes in density is predicted theoretically for most 
available types of flow meter, and is presumably zero 
for the fuel-consumed meter, the test needs to be made 
only once on each type in order to establish the validity 

of the predicted effect. 

Pressure error.—The effect of variation of fuel 
pressure on the reading of an instrument is obtained 
from scale error tests in each of which the instrument 
is subjected to a different head of liquid. These 
heads are within the extremes of pressure which may 
occur in service. It is obvious that the effect should 
be negligible within small limits for both flow meters 

and fuel-consumed meters. 

Other tests.—The power to operate, or the pressure 
drop across, fuel-consumed meters must be reasonably 
small in comparison with the ordinary value of fuel 

pressure. Further their reading should be independ¬ 
ent, within reasonable limits, of the rate of flow. 

In addition to the above tests, flow meters and fuel- 
consumed meters should conform to the usual require¬ 
ments for aircraft instruments relative to (a) freedom 
from position error, (b) vibration effects and (c) opera¬ 
tion in the temperature range which may be experi¬ 
enced. The tests for these errors are similar in nature 
to those described for pressure gages or tachometers. 

MANIFOLD PRESSURE GAGES 

Supercharging is accomplished either (a) by increas¬ 
ing the pressure of the air entering the carburetor or, 
more commonly, (b) by increasing the pressure of the 
fuel-air mixture after it leaves the carburetor and 
before it reaches the engine. In order to control the 
amount of supercharging it is necessary for the pilot 
to know the absolute pressure of the air or fuel-air 
mixture after leaving the supercharger. The instru¬ 
ment used to indicate this pressure is now known as a 
“manifold pressure gage”, but until 1933 was called 
a “supercharger pressure gage.” 

In case method (a) is used, the fuel pressure must be 
in excess of the supercharger outlet pressure and the 
installation of the fuel pressure gage must be such that 
this excess is indicated. This is accomplished by 
making the case of the fuel pressure gage airtight and 
connecting it to the carburetor. This type of fuel 
pressure gage and the supercharger gage are some¬ 
times combined to form a unit known as a “ super¬ 
charger gage unit.” 

DESCRIPTION OF GAGE 

The manifold pressure gage is essentially an aneroid 
altimeter with a leak-tight case. As shown in figure 
53, the instrument contains a diaphragm capsule, 
which is evacuated, and a suitable mechanism for 
multiplying its deflections. As is now the usual 
practice in this country, the diaphragm capsule is 
without a restraining spring, except for the hairspring. 
The range of the latest instrument is from 10 to 50 
inches of mercury of absolute pressure. Instruments 
constructed before 1933 were calibrated in altitude 
units with a range, as shown in figure 53, from — 10,000 
to +20,000 feet (13.75 to 42,45 inches of mercury). 
As knowledge of the absolute pressure is required, 
the dial is nonadjustable, in contrast with that of the 
altimeter. In the latest design an adjustable dial, 
visible through a circumferential slot in the main dial, 
is provided in order to indicate permanently the allow¬ 
able degree of superchanging for the particular engine. 
The inside of the case is connected by means of metal 
tubing to the intake manifold of those engines in 
which the fuel-air mixture is compressed and to the 
carburetor of those in which only the air passes through 
the supercharger. 
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Since the accuracy required of the manifold pressure 
gage is not as great as in the case of the altimeter, its 
construction from this angle presents no great diffi¬ 
culty. The case is specified to be leak tight and strong 
enough to withstand a pressure above atmospheric of 

Figure 53.—Manifold or supercharger pressure gage. 

20 pounds per square inch. Cover glasses one eighth 
inch thick and of the diameter required have been 
found on the average to withstand a differential 
pressure of over 25 pounds per square inch. It is 
further necessary to design the diaphragm capsule 
and mechanism to withstand reasonable pressures 
above and below* the range. Surges in the pressure 
within the instrument case are greatly minimized by 
the insertion of a capillary tube in the fitting attached 
to the case. This is accomplished most simply by 
threading the hole in the fitting and inserting a machine 
screw to the proper depth. 

The case of the instrument'is of the standard 2% 
inch dial size and is usually made of a phenol condensa¬ 
tion product. The instrument w*eighs 9 ounces. 

APPARATUS FOR TESTING GAGES 

The apparatus required to make the scale error test 
is shown diagrammatically in figure 54. A hand 

pump P is used to obtain pressures above atmospheric 
and a vacuum pump S to obtain those below atmos¬ 
pheric. The difference in height of the mercury col¬ 
umns of the manometer is measured at each test point. 
To obtain the absolute pressure requires in addition 
the value of the atmospheric pressure which requires 
reading a mercurial barometer. 

The heights of the mercury column of the manometer 
and barometer must be corrected for scale error and 
reduced to the standard conditions of temperature 
arid acceleration of gravity. It is assumed that the 
scale errors are either negligible or known. The reduc¬ 
tion to standard temperature can be made by sub¬ 
tracting 16 x 10~5 mm per mm (or inch per inch) of 
height of column for every degree centigrade the 
manometer or barometer is above 0° C. The reduc¬ 
tion to the standard value of the acceleration of gravi¬ 
ty can be made by subtracting 8 x 10~5 mm per mm 
(or inch per inch) of height of column, for each degree 
of latitude the station is belowr 45 degrees. Similarly 
when the latitude exceeds 45 degrees this amount is 
added. The above constants are first order approxi¬ 
mations which are sufficiently accurate for use in 
testing supercharger pressure gages. The absolute 
pressure when above atmospheric, is obtained by 
adding the corrected height of the manometer mer¬ 
cury column to the corrected barometer reading, and 
when below* atmospheric, by subtracting it from the 
barometer reading. 

For gages calibrated in altitude units the altitude in 
the standard atmosphere corresponding to the pres¬ 
sure is then obtained from convenient tables. The 

Figure 54.—Apparatus for testing manifold or supercharger pressure gages. 

standard altitude-pressure table (reference 9) is given 
in table II. 

It should be noted that other procedures may be 
followed in reducing the column heights to those under 
standard conditions. Tables of the corrections such 
as those given in the Smithsonian Meteorological 
Tables are preferred by most observers. 
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TABLE II 

ALTITUDE-PRESSURE TABLE FOR CALIBRATING 
MANIFOLD PRESSURE GAGES 

Altitude, 
feet 

Pressure 

Altitude, 
feet 

Pressure 

Min of 
mercury 

Indies of 
mercury 

Mm of 
mercury 

Inches of 
mercury 

-10, 000 1,078. 1 42.44 6,000 609.9 23. 98 
-0, 000 1,042. 2 41.03 7,000 586. 4 23. 09 
-8. 000 1,007.2 39.65 8,000 564. 4 22.22 
-7, 000 
-0, 000 

973. 1 
940. 0 

38.31 
37.01 

9, 000 543.2 21.38 

-5,000 907.8 35. 74 10,000 522. 6 20. 58 
-<1,000 876. 6 34. 51 11,000 502. 6 19. 79 
-3,000 846. 1 33.31 12, 000 483.3 19. 03 
-2, 000 816. 6 32.15 13,000 464.5 18.29 
-1, 000 787.9 31.02 14,000 

15, 000 
446. 4 
428.8 

17. 57 
16. 88 

0 760.0 29. 92 16,000 411.8 16. 21 
1, 000 732.9 28.86 17, 000 395. 3 15. 56 
2, 000 706. 6 27.82 18, 000 379.4 14. 94 
3, 000 681. 1 26.81 IP, 000 364.0 14.33 
■1, 000 
o, 000 

656. 3 
632. 3 

25.84 
24. 89 

20, 000 349. 1 13. 75 

A standard for measuring the pressure more conve¬ 
nient and logical than the manometer and barometer 
combination is an altitude mercurial barometer in 
which the tube and scale are made long enough to meas¬ 
ure also the pressures above atmospheric. 

For determining the scale errors at airports or other 
field stations, apparatus similar to that shown in 
figure 54 is required except that the mercury manom¬ 
eter is eliminated. A calibrated supercharger or 
manifold pressure gage is used as the standard and 
is installed on the mounting board together with the 
instruments under test. 

The temperature chambers and vibration board for 
testing the gages for the effect of temperature and vi¬ 
bration are similar to those described in section A of 
Laboratory Testing of Tachometers. 

perfo'rmance of gages 

The scale errors of a manifold pressure gage are 
determined by comparing its reading at a number of 
points over the range of indication with the pressures 
determined by means of a mercury monometer and 
barometer or its equivalent. The readings are made 
while the pressure is held constant both for decreasing 
and increasing pressures. 

Gage Calibrated in Altitude Units 

The results of a scale error test made on a high 
quality instrument calibrated in altitude units as 
shown in figure 53 are given in table III, in which a pos¬ 
itive sign means that the instrument reads too high and 
a negative sign, too low. It should be noted that the 
least reading of the instrument is 50 feet and that the 
highest accuracy is required at and near zero altitude, 
at which point a reasonable tolerance is an error of 

250 feet. 
The effect of changes in temperature of the gage 

upon the scale errors is obtained in tests made at +45° 
C. and —35° C. The scale errors at these tempera¬ 

tures of the instrument referred to above are given in 
table III. The average change in reading in this 
temperature interval is 310 feet, for which a reason¬ 
able tolerance is 350 feet. The change in reading at 
zero altitude should be small, not exceeding about 
200 feet. 

TABLE III 

SCALE ERRORS OF A MANIFOLD PRESSURE GAGE 

Standard 
altitude, 

feet 

Scale errors, in feet, at— 

+30° C. +45° C. -35° C. 

-10,000 -150 -100 -100 
-6,000 0 +100 -50 
-4.000 0 + 150 -100 
-2,000 0 + 150 -150 
-1,000 -50 +50 -100 

0 0 +50 -100 
1,000 +50 +50 -150 
2, 000 0 0 -150 
4,000 0 0 -250 
6,000 -50 + 50 -300 
8,000 0 + 150 -250 

10,000 0 +50 -300 
12,000 + 100 +200 -300 
16,000 +50 +300 -400 
20,000 0 +200 -600 

The instrument is tested on the vibration apparatus 
for the amount of pointer oscillation in the frequency 
range 1,000 to 2,000 c.p.m. and for change in zero 
reading resulting from 3 hours’ vibration. No parts 
should work loose. The pointer should not oscillate 
with respect to the dial more than an amount equal 
to about 200 feet. The change in reading at zero 
altitude of good quality instruments does not exceed 
100 feet, or twice the least reading. 

The damping of the instruments has been found to 
be satisfactory if the time for the reading to change 
from 20,000 to 5,000 feet, when the inside of the case 
initially at a pressure corresponding to 20,000 feet of 
altitude is suddenly opened to the atmosphere, is be¬ 
tween 1 and 2 seconds. 

The instruments may be' subjected in service to 
differential pressures equal on one hand to those of the 
maximum altitude of flight of the aircraft and on the 
other hand to positive pressures, owing to surges, in 
excess of that corresponding to —10,000 feet of alti¬ 
tude. Their effect on the calibration should be negli¬ 
gible. As outside practical limits, absolute pressures 
of 7 and 25 pounds per square inch are selected. The 
instrument is given scale-error tests before and after 
being subjected to these pressures and has been found 
to have average changes in scale errors within the least 
reading or 50 feet. 

The position error is the change in reading of the 
instrument when it is oriented from the normal posi¬ 
tion of dial vertical and pointer vertical to any other 
position. This change does not exceed the least read¬ 
ing, or 50 feet, in well-balanced instruments. 

The case of the instrument must be leak tight against 
the difference in pressures corresponding to that be¬ 
tween altitudes of —10,000 and +20,000 feet. 
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The instrument case should, as a safety provision, 
withstand a differential pressure greatly in excess of 
that corresponding to the pressure range of the instru¬ 
ment. The cases are made to withstand while sub¬ 
jected to vibration a pressure of 20 pounds per square 
inch. Sample cases without the mechanism are tested 
and are considered satisfactory if leak tight after the 
application of the pressure. 

Gage Calibrated to Read Pressure 

The manifold pressure gage calibrated to read in 
units of pressure from 10 to 50 inches of mercury for a 
pointer motion of about 320° of arc is given the tests 
described for the gage calibrated in altitude. No test 
results are available on the pressure-indicating instru¬ 
ment. On the basis of the results on altitude-reading 
gages reasonable tolerances are as follows: Scale error, 
0.25 inch of mercury; average change in reading due to 
temperature, 0.5 inch of mercury; change in reading at 
30 inches of mercury due to temperature, 0.2 inch of 
mercury; pointer oscillation under vibration, 0.2 inch 
of mercury; change in reading due to vibration, 0.15 inch 
of mercury; and position error, 0.1 inch of mercury. 

Bureau of Standards, 

Washington, D.C., May SI, 1933. 
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REPORT No. 467 

THE EXPERIMENTAL DETERMINATION OF THE MOMENTS OF INERTIA 
OF AIRPLANES 

By Hartley A. Soule and Marvel P. Miller 

SUMMARY 
[ 

The application of the pendulum method to the expen- ; 
mental determination of the moments of inertia of air¬ 
planes is discussed in this report. Particular reference \ 
is made to the effects of the air, in which the airplane is 
immersed, on the swinging tests and to the procedure by 
which these effects are taken into account. 

Consideration of the effects of the ambient air has shown 
that the virtual moment of inertia of the airplane about 
any given axis of oscillation must be regarded as made up ! 
of three distinct parts; namely, that of the structure, that 
of the air entrapped within the structure, and that of the I 
apparent additional mass of external air influenced by the 
airplane's motion. /Is the true moment of inertia consists 
only of the moments of inertia of the structure and the 
entrapped air, the apparent additional moment of inertia 
due to the influence of the external air is determined and 
deducted from the virtual moment of inertia. The ap¬ 
parent additional moment of inertia is obtained by 
computations utilizing the results of experiments made \ 
to determine the additional-mass effect for plates of various 

aspect ratios. 
The procedure described in this report has been used for 

some time, and the data on several airplanes for which the 
moments of inertia have been found are included. The 
precision is believed to be within limits of ± 2.5 percent, 
±1.8 percent, and ± 0.8 percent for the X, Y, and Z axes, 
respectively. 

INTRODUCTION 

The necessity for precise values of moments of inertia 
of airplanes has arisen, particularly in connection with 
the study of spinning. Because of the demands of this 
problem, the National Advisory Committee for Aero¬ 
nautics has developed apparatus and procedure for 
adapting for airplanes the familiar pendulum method of 
determining the moments of inertia of small dense 
bodies. Two major difficulties were encountered in the 
application of this method to the determination of the 
moments of inertia of airplanes. The first concerned 
the development of a system of suspension whereby 
the suspended body could be made to oscillate solely 
about a single well-defined axis. Essential features of 
the apparatus eventually found to be suitable and data 

obtained by swinging tests with this apparatus have 
been previously reported in references 1 and 2. The 
second difficulty concerned the effect of the medium in 
which the experiments were performed, an effect which 
was large because of the low mass density of the air¬ 
plane and hard to determine because of its irregular 
shape. 

The purpose of the present paper is to give a com¬ 
plete discussion of the determination of the moments of 
inertia of airplanes by the pendulum method, with 
particular reference to the effects of the ambient air 
on the moments of inertia, and the procedure by which 
these effects are taken into account. A description of 
the apparatus and test procedure used by the N.A.C.A. 
and the data for several airplanes for which the mo¬ 
ments of inertia have been found are included. 

During the preparation of the paper, Mr. Miller, who 
performed most of the experimental work, died, and 
the paper was completed by Mr. Soule. 

APPLICATION OF PENDULUM METHOD TO AIRPLANES 

BASIC EQUATIONS 

For an undamped pendulum oscillating with small 
amplitude in a vacuum, the equation of motion is 

d28 
l^l2 + bd = 0 (1) 

where I is the moment of inertia about the axis of 
oscillation 

b is a constant depending on the dimensions and 
weight of the pendulum 

and 0 is the angular displacement of the pendulum. 
From the solution of this equation, the period of oscil¬ 
lation is found 

*) 7p rrr — '• (o\ 

" V6/7 
\-J 

T-b 
1 4tr2 

(3) 

The constant b depends upon different dimensions for 
different types of pendulums. 

When determining the moments of inertia the bifilar 
torsion type of pendulum is used for the Z axis and the 
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compound type for the remainder of the axes (figs. 1 
and 2). For the bifilar torsion pendulum, the axis of 
oscillation is vertical, lies midway between the two 
vertical filaments, and passes through the center of 
gravity of the system. For the compound pendulum, 
the axis of oscillation is horizontal and passes through 

Figure 1.—Airplane and swinging gear arranged for the determination of the 
moment of inertia about the Z axis by the bifilar torsion pendulum method. 

the points of support but not through the center of 
gravity of the pendulum. 

For the bifilar torsion pendulum 

and consequently 

6 = 
WA2 

41 

I 
rwA2 

IQ-irH (4) 

where W is the weight of the pendulum 
A is the distance between the vertical fila¬ 

ments 
and l is the length of the filaments. 

For the compound pendulum 

and 
b = WL 

T-WL 
4 ir2 (5) 

where L is the distance between the center of gravity 
and the axis of oscillation. When the compound 
pendulum is used, the moment of inertia about an 
axis passing through the center of gravity is given by 
the equation 

I(g 

THVL 
4ir2 

-ML2 (6) 

where M is the mass of the pendulum. 

DAMPING 

In any practical case the motion of a pendulum will 
be damped by friction, whereas the theoretical case 
assumes no damping. Damping has the effect of 
increasing the period over the theoretical value. It 
can be shown that the effect of damping on the period 
can be determined by the observation of the decrease 
in amplitude during the first oscillation. Observations 
during the swinging experiments have shown that the 
decrease of amplitude during the first oscillation never 
exceeds one tenth the original amplitude. For this 
amount of damping the error in the moment of inertia 
will be less than 0.02 percent, and consequently can 
be neglected. 

AMBIENT AIR 

Equations (4) and (6), though derived for the motion 
of a pendulum in a vacuum, apply to the case of the 
pendulum oscillating in air but in this case I, W, and 
M refer to the virtual values of the moment of inertia, 
weight, and mass of the pendulum when immersed in 
air. The differences between the values of I, W, and 
M for motion in a vacuum and the case where the pen¬ 
dulum is immersed in air arise from three effects: the 
buoyancy of the structure, the air entrapped within 
the structure, and the additional-mass effect. A dis¬ 
cussion of these effects follows. 

Buoyancy and entrapped air.—The weight W 
in equations (4) and (6) equals the true weight of the 

Figure 2.—Airplane and swinging gear arranged for the determination of the 
moment of inertia about the Y axis by the compound-pendulum method. 

pendulum only for the case where the swinging is done 
in a vacuum. In the practical case where the pendu¬ 
lum is surrounded by a fluid medium, air, W equals 
the virtual weight; that is, the true weight minus the 
buoyancy of the structure. Weighing the pendulum 
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in air gives the virtual weight so that the weighing ; 
results can be applied directly for the determination of j 
the moments of inertia about the axis of oscillation. 
From the virtual weight, the mass of the structure, j 
for use in equation (6), can be found by the equation I 

w 
Ms-j+Vsp (7) 

where Ms is the mass of the structure 
Vs is the volume of the structure 

and p is the density of the air. 

The total volume enclosed within the external 
covering of the airplane, with the exception of the 
volume taken up by the structure, is filled with air of 
the same density as the surrounding air. Tliis mass of 
air should be considered as part of the airplane because 
the major portion of it moves with the airplane, 
although there is some leakage through the openings 
in the fueselage and wings. Thus, the true mass of 

the pendulum 

M=~+vsp+(y-va)p 
0 

or 
W 

M— — + Vp (8) 
g 

Where Vis the total volume of the airplane. Similarly, 
the true moment of inertia of the pendulum about its 
gravity axis is made up of two parts, a constant part Is 
representing the moment of inertia of the structure, and 
a part IE representing the moment of inertia of the 
entrapped air and varying with the density of the air; 

that is, 

/= Is TIE 
where 

IEccp (9) 

Additional mass.—When a body is put in motion 
in a fluid a flow about the body is immediately created. 
The momentum of this flow is imparted by the body, 
so it must be considered in determining the motion of 
the body. Hence, the period of a pendulum vibrating 
in air is to some extent dependent on the momentum 
imparted to the air by its motion through the air, a 
fact noted and discussed by Green in 1836 (reference 3). 
The momentum imparted to the air is proportional to 
the momentum of the body. As the additional 
momentum depends on the density of the air as well as 
on the size of the body and its shape relative to the 
direction of motion, the extent to which the period of 
a pendulum is affected by the surrounding air depends 
on the relative densities of the air and the pendulum. 
The late Mr. K. V. Wright (reference 4) first demon¬ 
strated that, because of the relatively low mass 
density of the airplane, it is necessary to consider the 
additional-mass effect when determining its moments | 

of inertia by the pendulum method. It is well to 
note that although the effect of the surrounding 
medium is commonly called the additional-mass effect, 
the theory actually deals with the additional momen¬ 
tum, and it is only because the additional momentum 
remains proportional to the momentum of the body for 
a given motion that an equivalent additional mass may 
be used. 

The effective moment of inertia of the additional 
mass of a pendulum about its axis of oscillation may be 
represented as 

Ia + MaU 

where IA is the additional moment of inertia about 
the center of gravity and MA is the additional mass 
for the conditions under consideration, if the center 
of the additional mass is assumed to coincide with that 
of the pendulum. Thus, equations (4) and (6) may 
be expanded to the following forms 

T2WA2 
Iv = Is+Ie + Ia-~~^ 00) 

for the bifilar torsion pendulum, and 

Iv = Is + Ib + IA = - (j + Vp + M.,)l2 (11) 

for the compound pendulum, where Iv is the virtual 
moment of inertia about the center of gravity. 

VIRTUAL MOMENTS OF INERTIA 

Assuming that IE, I a, Vp, and AG can all be evalu¬ 
ated, three different moments of inertia for each axis of 
the airplane can be determined by swinging the air¬ 
plane in air. These are: the virtual moment of inertia, 
the true moment of inertia of the airplane consisting 
of the moments of inertia of the structure and the air 
entrapped within the airplane, and the moment of 

inertia of the structure. 
The virtual moments of inertia are obtained directly 

with the bifilar pendulum. With the compound 
pendulum they can be obtained either by evaluating 
Vp and Ma or by swinging tests with two pendulum 
lengths. The term Vp can be readily calculated from 
consideration of the airplane dimensions. The method 
for calculating the term MA is discussed later in con¬ 
nection with the general subject of determining ad¬ 
ditional mass characteristics. The method for deter¬ 
mining Iv experimentally will be apparent from con¬ 
sideration of equation (11), in which the unknown 
terms are Iv and (Vp + MA). Thus, by swinging with 
two different pendulum lengths, two simultaneous 

equations in two unknowns are obtained. 

TRUE MOMENTS OF INERTIA 

The true moments of inertia are obtained by comput¬ 
ing IA for each of the body axes and subtracting the 
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values thus found from the virtual moments of inertia. 
The method of computing IA is explained in the sec¬ 
tion on additional mass. The true moments of in¬ 
ertia vary slightly with altitude owing to the fact that 
IE is dependent on density. The term IE is very small, 
however, so that its variation with altitude can be 
neglected. 

SUPPORTING MECHANISM 

Thus far the discussion has assumed a pendulum 
made up solely of the airplane. In general, however, 
the total mass of the pendulum includes the mass of 
additional equipment required for supporting the air¬ 
plane in the desired manner. Experience in swinging 
airplanes has shown that it is practically impossible 
to reduce the weight of the additional structure to a 
negligible amount. The use of a strong rigid swinging 
gear has been found to be the best means of handling 
the airplane. This gear is integral in itself and is 
handled and swung as an independent pendulum. The 
moment of inertia of this gear as an independent unit 
is found so that it can be subtracted from the moment 
of inertia of the complete assembly consisting of 
swinging gear and airplane. The equations when the 
gear is used become, for the bifilar torsion pendulum, 

T\2WXA- To; W2A2 
I67r'l 1Qtt21 

(12) 

and, for the compound pendulum 

Iy 
T^W\LX Tf\V2L2 

4 7T~ 4 7r 
w 
0 

Vp+M_ )u (13) 

where the subscripts 1 and 2 refer to the total pendulum 
and gear, respectively. 

ELLIPSOIDS OF INERTIA 

In the study of spinning it is necessary that the ellip¬ 
soid of inertia of the airplane be known for the determi¬ 
nation of the gyroscopic couples acting on the airplane 
during a spin. It has been noted in practice that the 
principal axes of the ellipsoid nearly coincide with the 
body axes of the airplane. For every airplane swung, 
however, it is well to determine the position of the 
principal axes of the ellipsoid with respect to the body 
axes and, if there is an appreciable displacement 
between them, to compute the moments of inertia 
about the principal axes. 

As the airplane is symmetrical about the XZ plane, 
the Y body axis coincides with the Y principal axis 
and it is only necessary to determine the positions of 
the principal axes in the XZ plane. The orientation 
of the principal axes in the XZ plane is found by deter¬ 
mining the moment of inertia about a third axis in this 
plane at a known angle from the body axes. With 
these data the product of inertia, D, about the X and 
Z body axes can be computed by the formula, 

7,_ A cos2 6+C sin2 6 - Ixz 
cin •)() ' 1 ' ' 

| where A is the moment of inertia about the X body 
axis 

C is the moment of inertia about the Z body 
axis 

Ixz is the moment of inertia about the third axis 
in the XZ plane 

and 0 is the angle between the X and the A"Z axes. 
The angle t between the X body axis and the X prin¬ 
cipal axis can then be found 

1 _1 2 D 
T = 2 tan c~--~A (I5) 

The moments of inertia about the principal axes are 
given by the following equations: 

AIV — A cos2 t + C sin2r + D sin 2r 
BIV = B (16) 
CIV = A sin2 t + C cos27— D sin 2 t 

DETERMINATION AND DISCUSSION OF ADDITIONAL 
MASS CHARACTERISTICS 

An analogy with the momentum imparted to the air 
by the motion of flat plates provides a basis for the 
determination of the additional mass effect of the air¬ 
plane. For a flat plate (or circular cylinder) of infinite 
span moving with velocity V normal to its surface in 
air, assumed to be an incompressible and frictionless 
fluid, aerodynamic theory gives the momentum of the 
air per unit span as 

pcW 
4 

(17) 

where p is the density of the air and c is the chord of 
the plate (or diameter of the cylinder). 

For finite plates with end flow, the total momentum 
of the air for this type of motion can be expressed as 

bqbv (18) 

where k is the coefficient of additional momentum for 
motion normal to the plate and b is the span of the 
plate. The value of k depends on the aspect ratio of 
the plate. For motion parallel to the plane of the 
plate, the additional momentum is zero. 

For rotation of the plate about an axis passing 
through its center the additional angular momentum 
can be expressed by the introduction of a coefficient 
k'. Thus, for rotation about the mid chord, the angu¬ 
lar momentum of the additional mass is 

k' p7rc2bz£l 
(19) 

where k is the coefficient for rotation about the mid 
chord of a plate of aspect ratio b/c, and kl is the angular 

| velocity. 
A similar expression with a different coefficient k" 

may be written for rotation about an axis parallel to 
the span and passing through the center of the plate. sin 2d 
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If b and c are still regarded as the major and minor 

dimensions of the plate respectively, the corresponding 

expression for this type of motion becomes 

k"pTTCWtt 

48 
(20) 

and the aspect ratio to which k" applies is c/6. 
Wlien the rotation is about an axis in the plane of 

the plate parallel to either the chord or the span but 
not passing through the center of the plate, the addi¬ 
tional angular momentum may be expressed as 

or 

k'pTrc2bzQ kpc2Trb£ll2 

48 4 (21) 

k" p-rrc^b'^l kPC2Ml2 

48 + 4 
(22) 

respectively, where l is the distance from the center of 
the plate to the axis of rotation. It is worth noting 
that, in general, the first term of equation (22) can be 
neglected owing to the small effective aspect ratio. 

The coefficients k and k' for use in equations (23) and 
(24) are given in figure 3. The values for k were 
obtained from experimental data given by Pabst 
(reference 5) for plates of aspect ratios up to 4. The 
extrapolation to aspect ratio 10 was made through the 
use of the approximate empirical formula for the curve 

0.537 
ATR. 

(25) 

As Pabst’s experiments were performed with small 
plates in water, it was desirable to check at least one 
value of k under conditions similar to those met in the 
swinging tests of the airplane. For this purpose a 
plate 20 by 5 feet was constructed of a wooden 
framework covered with doped fabric. The plate was 
swung with its plane vertical about an axis parallel to 
the span and 1% chord lengths above the center of the 
plate and its virtual moment of inertia about the axis 
of oscillation was determined. The moment of inertia 

0 2 4 6 8 to 
Aspect ratio Aspect ratio 

Ma 
I a k= pirC^b 

k' = pTrc2b:i i 

48 

Figure 3.—Coefficients of additional mass and additional moments of inertia for flat plates. 

It is further apparent that the above expressions, 
equations (21) and (22), also apply to the case in which 
the axis of rotation lies outside the plane of the plate. 
In that case, the displacement of the axis from the plate 
results only in an additional component of motion 
parallel to the plane of the plate, which imparts no 
additional momentum to the air. Thus it can be 
stated that the additional angular momentum is 
independent of the distance of the plane of the plate 
from the axis of rotation. The additional moment of 
inertia is found by eliminating ft. Then, if the first 
term of equation (22) is neglected, additional moments 
of inertia become 

k' pirc2b3 kpirc2bl2 ,oqn 

—3r“+—r~ 
for rotation about any axis parallel to the chord and 

kpTrc2bl- (24) 

for rotation about any axis parallel to the span, where t 
is the distance in the plane of the plate from the center 
of the plate to the axis of rotation. 

40768—34-33 

of the structure was found by swinging the uncovered 
framework, and adding to the moment thus obtained 
the computed moment of inertia of the fabric. The 
additional moment of inertia of the plate, the difference 
between the virtual moment of inertia and the moment 
of inertia of the structure, was divided by the square of 
the pendulum length to find the additional mass. 
From the additional mass, k was computed. The 
value of k obtained in this manner agreed within 1 
percent of the value given by the curve for aspect 

ratio 4. 
As the additional mass of the fuselage is the most 

important additional-mass item in determining the 
virtual moments of inertia about the center of gravity 
from the swinging-test results, and as the fuselage 
obviously is not similar to a flat plate, an attempt was 
made to obtain a satisfactory value of k for fuselages. 
A box 20 bv 5 by 5 feet was constructed and the 
coefficient k found by swinging tests for motion nor¬ 
mal to one of the faces, k being based only on the 
dimensions of the face. The value obtained was 1.20, 
whereas, as shown in figure 3, the value of k lor a 
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plate of aspect ratio 4 is 0.9. As fuselages usually 
have a depth greater than their width, k will have a 
value between 0.9 and 1.20. In practice it w'as decided 

to use 1.0. 
The values for k' were found by experiment. The 

program for the experiments wTas arranged in such a 
manner that it was possible, when obtaining check 
observations, to verify the assumption that the addi¬ 
tional moment of inertia of a plate about a given axis 

0 2 4 6 8 10 
Dihedral angle, degrees 

Figure 4.—Variation of the additional moment of inertia of a single plate with 
dihedral. 

is independent of the distance from the axis to the plane 
of the plate. Four plates having aspect ratios of 2, 4, 
6, and 8 were used in the experiments. These plates 
had a span of 4 feet and a thickness of one-fourth inch, 
and consisted of light wrooden framewmrks covered 
on both sides with paper. Each plate wras swung at 
four pendulum lengths with its plane horizontal and 
its chord parallel to the axis of oscillation. In terms 
of the chord the pendulum lengths were 1, 1>£, 2, and 
2)4. The additional moments of inertia were found 

O .4 .8 L2 1.6 2.0 
Gap/chord 

Figure 5.—Variation of additional moment of inertia with gap-chord ratio fo 
orthogonal biplanes. 

by deducting the computed moments of inertia of 
the structure of the plate and of the entrapped air 
from the virtual moments of inertia determined from 
the swinging tests. The values of the additional 
moments of inertia found in this manner for each plate 
show-ed a slight amount of dispersion for the different 
lengths, but the variation was not consistent with 
pendulum length and w7as within the precision of the 
experiments. The curve for coefficient k' (fig. 3) 
represents the average values of the additional 

moments of inertia obtained for the different aspect 
ratios. 

Additional experiments were performed to determine 
the effect of dihedral on the coefficient k' and the 
manner of treating biplanes. The value of k' was 
found to decrease with dihedral, as shown in figure 4, 
the decrease being in the order of 10 percent for 4° 
dihedral. In the biplane experiments gap-chord ratios 
of )4, 1, and 1% were investigated for orthogonal 
biplane cellules consisting of plates having aspect 
ratios of 4 and 6. The results are given in figure 5. 
From these results it is concluded that for normal gap- 
chord ratios each wing of a biplane may be treated as 

! an independent plate. 
In the application of the general expressions for the 

additional moments of inertia of flat plates (equations 
(23) and (24)) to the airplane, the principal parts of 
the airplane are considered independently on the basis 
of their projected area in the XY, XZ, and YZ planes. 
Thus, in the determination of the additional moments 

I . ' 

of inertia of the airplane about an axis of oscillation 
parallel to the X body axis, the fuselage with length b 
and depth c and L— z feet below the axis of oscillation 

will contribute an amount 

kpc2irb (L — 2)2 (26) 
4 

to the total moments of inertia, where 2 is the distance 
I in the XZ plane from the X body axis to the center of 

the additional mass of the fuselage and is positive when 
the center of the fuselage is above the center of gravity. 
The distance 2, however, is usually small and can be 
neglected and the equation written 

kpc2 M2 (27) 
4 

The vertical tail surface of the airplane can be 
treated similarly. The axis of oscillation lies in the 
plane of symmetry of both the wings and the hori¬ 
zontal tail surface so their additional moments of 

inertia are independent of L. 
In general it is necessary to consider only these 

items. Thus, the total additional moment of inertia 
about the axis of oscillation equals 

kYpcJirbY , kh/pch?irb-J , kfpc/nhfL'2 kvtpcvt2TrbK,L2/OCA 
-48-+-48-+-4-+-4 (-8) 

where the subcripts w, hi, j, and vt refer to the wings, 
horizontal tail surface, fuselage, and vertical tail 

surface, respectively, or 

Ia + MaL2 (29) 

where IA is the additional moment of inertia about the 
X axis and MA, the additional mass for translation 
along the Y axis. Similar treatment may be applied 
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to the Y axis and Z axis. For the Y axis, MA may be 
neglected and for the Z axis L is, of course, zero. 

It should be noted that in special cases, as for float 
seaplanes, it may be necessary to consider other items 

than those mentioned and that 2 may not always be 

neglected. 

APPARATUS AND PROCEDURE FOR SWINGING TESTS 

SWINGING GEAR 

The swinging gear is the apparatus used for support¬ 
ing the airplanes during the swinging experiments. It 
has been constructed so as to be adaptable for airplanes 
up to 6,000 pounds. When used for a compound 
pendulum it consists of a cradle, tie rods, and knife- 
edges assembled as shown in figure 2. The cradle is 
a rectangular frame made of two I-beams for support¬ 
ing the airplane and two light angle irons for spacers. 
The spacers are drilled to permit the distance between 
the I-beams to be changed to suit airplanes of different 
sizes. The knife-edges (fig. 6) provide a definite axis 
about which the pendulum oscillates with very little 
friction. They are mounted on a track so that their 
spacing can be varied when necessary. The tie rods 
are used to join the cradle to the knife-edges. The 
length and arrangement of the pendulum are varied by 
use of different combinations of the tie rods. 

When used as a bifilar torsion pendulum, the swing¬ 
ing gear consists of the same essential parts as before, 
with the addition of two universal joints (fig. 7) and 
a spacer at the lower ends of the vertical members, 
assembled as shown in figure 1. The universal joints 
provide definite points of oscillation at the lower ends 
of the filaments. The spacer between these joints 
prevents a change in distance between the lower end 
of the vertical members when the pendulum is 

oscillating. 
The weight, length, and center-of-gravity location 

of every part of the swinging gear are known so that 
no matter what arrangement is used it is a relatively 
simple process to compute the weight and center-of- 
gravity location of the assembly. The moment ol 
inertia of the gear is found by swinging it as an indi¬ 

vidual pendulum. 

DETERMINATION OF THE CENTER OF GRAVITY 

As the center of gravity of the airplane is the origin 
of the axes about which the moments of inertia are to 
be found its location is determined before any swinging 
is done. The method used for locating the center of 
gravity is based on the principle that the center ol 
gravity of a body suspended from a single pivot lies 
on a vertical line through the point of suspension. 
In its simplest form the method consists of suspending 
the airplane from two successive points in the XZ 
plane, and projecting a plumb line from each point ol 
suspension on the side of the fuselage by means of a 
transit set up with its optical axis in a plane contain¬ 

ing the point of suspension and perpendicular to the 
XZ plane of the airplane. The intersection of the 
two lines locates the vertical and longitudinal position 
of the center of gravity. Its lateral position is assumed 

to be in the plane of symmetry. 
In practice it is not usually convenient to follow 

the simple method outlined above, because of the 

difficulty in finding points of attachment on the air¬ 
plane that do not endanger the structure. A satis¬ 
factory method employing the use of the swinging 
gear assembled as a compound pendulum is therefore 

usually followed. 

When the latter method is used the plumb line for 
the entire mass, airplane and swinging gear, is found 
as previously described and a correction is made for 
the effect of the swinging gear. Before the airplane 
is placed on the gear the variation of angle of the cradle 
with applied moment is determined by hanging known 
weights on one side of the cradle. By this procedure 
a calibration showing the moment corresponding to 
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any position of the gear is obtained. The airplane 
is then weighed and mounted on the gear with the X 
axis parallel to and equidistant from the I-beams, and 
in such a position that the angle assumed by the 
cradle is about 12° to 15°. The moment of the gear 
about the knife-edge axis is then found from the cal¬ 
ibration and, since the moments of the gear and airplane 
are equal in magnitude, the moment of the airplane 
is thus obtained. The horizontal distance between 
the center of gravity of the entire mass and the center 
of gravity of the airplane is found by dividing this 
moment by the weight of the airplane. A vertical 
line drawn on the side of the fuselage at the above- 
calculated distance from the plumb line will then pass 
through the center of gravity. The fore-and-aft 
position of the airplane relative to the gear is then 
changed so that the inclination of the cradle is ap¬ 
proximately as great as before, but in the opposite 
direction, and a second vertical line is drawn through 
the center of gravity. As by the first method, the 
intersection of these two lines locates the vertical and 
longitudinal position of the center of gravity of the 
airplane. A check is obtained by moving the airplane 
until the gear is level. A plumb line through the knife- 
edge axis should then pass through the intersection of 
the two lines previously established. 

DETERMINATION OF PENDULUM CHARACTERISTICS 

The second method of determining the center of 
gravity just described leaves the airplane suspended 
level and in position for swinging about an axis par¬ 
allel to the Y axis. Thus, it is usually convenient to 
make this swinging test the next step in the procedure. 
The characteristics of the compound pendulum that 
must be measured are the weight, pendulum length, 
and period. The weight equals the sum of the weights 
of the airplane and the gear. The pendulum length is 
determined by measuring the difference in elevation 
of the center of gravity of the airplane and the knife- 
edges by means of a transit. The center-of-gravity 
location of the gear relative to the knife-edges, as pre¬ 
viously mentioned, is computed from a knowledge of 
the constituents of the gear. From the center-of- 
gravity locations and weights of the airplane and gear, 
the center of gravity of the system is found. The 
period is found by timing 50 or more oscillations. The 
change of length for the check swinging is obtained by 
adding an additional length of tie rod in each of the 
four supports. When making this and other changes 
the weight of the airplane is never taken off the cradle, 
the cradle being temporarily supported by a chain 
hoist. The determination of the moment of inertia of 
the gear is, for convenience, left until all swingings 
with the airplane in place have been completed. 

In order to place the airplane in position for the 
X-axis swinging, the cradle is disconnected from the 
tie rods, turned 90°, and again fastened to the tie rods. 

The spacing of the knife-edges is changed, if neces¬ 
sary. For the XZ axis, additional tie rods are added 
to either the two front or the two rear supports. 

For the Z-axis swinging test the gear is assembled as 
shown in figure 1. The filaments are made vertical 
by proper spacing of the knife-edges. With the 
bifilar torsion pendulum the necessary measurements 
are the weight, the spacing and length of the filaments, 
and the period. Care must be taken in starting the 
motion to obtain an oscillation about a vertical axis, 
half-way between the filaments. The weight and 
period are obtained as before. The spacing and 
length of the filaments are measured directly. 

COMPUTATIONS 

The virtual moment of inertia about the Z axis is 
found by direct substitution of the pendulum char¬ 
acteristics in equation (12). When computing the 
virtual moments of inertia about the XY and XZ 
axes the buoyancy and additional mass are first cal¬ 
culated and substitution is made in equation (13). 
The check computation is made by substituting the 
values obtained from the swinging experiments for 
the two pendulum lengths in equation (13) and solv¬ 
ing simultaneously for Iv. Computation of IA is 
made on the basis of the equations given in the section 
on additional mass. Sample computations for the 
VE-7 airplane are given in the appendix. 

PRECISION 

The precision with which the moments about the 
body axes of an airplane can be found depends upon 
three items. The first item is the precision with 
which the virtual moments of inertia about the axis of 
oscillation can be found with the swinging gear and 
by the procedure outlined. The second item is the 
precision with which account is taken of the buoy¬ 
ancy and additional mass in transposing the com¬ 
pound pendulum results from the axis of oscillation 
to the body axes. The third item is the precision of 
the computation of IA, the additional moment of 
inertia. 

The precision with which the moments of inertia 
about the axis of oscillation can be found was checked 
by swinging a railroad rail at the pendulum lengths 
usually used for airplanes. The rail was a dense 
homogeneous body of regular dimensions, for which 
the moment of inertia could be calculated and the 
buoyancy and additional mass neglected. The 
moment of inertia of the rail was comparable to that 
of a small airplane. The magnitude of the disagree¬ 
ment between the calculated and experimental values 
of the moments about the axis of oscillation for either 
type of pendulum never exceeded an amount equal to 
1 percent of the moment of inertia of the rail about 
its center of gravity. Recent improvements in the 
swinging gear have tended to improve the precision 
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so that it seems permissible to assume that the error 
in determining the virtual moment of inertia about 
the knife-edge is less than 0.5 percent of the true 
moment of inertia about the center of gravity. 

As no transposition is necessary for the bifilar sus¬ 
pension, the discussion of the second item refers only 

to the determination of the moments of inertia about 
the A" and Y axes. The magnitude of the combined 
effects of buoyancy and additional mass that-must be 
considered in determining the virtual moments of 
inertia about the body axes of the compound pendulum 
is small in relation to the desired moments of inertia. 
Consequently, fairly large errors in determining these 
effects lead to but small errors in the final results. 
Experience has shown that the correction attributable 
to the buoyancy is about 3 percent of the moment of 
inertia about the center of gravity. If reasonable 
care is taken in computing the volume, the buoyancy 
can be obtained with an error of less than 10 percent. 
Such an error will introduce an error of 0.3 percent in 
the final result. For the X axis, the effect of the 
additional mass amounts to about 5 percent of the 
desired result; for the Y axis it is negligible. Although 
the effects of some parts of the airplane are neglected 
in computing the additional mass, it is believed that 
the error in the computation is not greater than 10 
percent, hence that the error in the final results attrib¬ 
utable to the computation of the additional mass is 
less than 0.5 percent. The maximum resultant error 
attributable to these two causes would then be 0.8 
percent. 

Consideration of the above-enumerated items con¬ 
cerning the precision with which the virtual moments 
of inertia about the Joody axes are obtained leads to 
the conclusion that for the X and Y body axes the 
precision is within ±1.3 percent and for the Z body 
axis is within ±0.5 percent, the greater precision for 
the Z axis arising from the fact that no transposition 
of axes is required. In practice it is customary to 
obtain check values by swinging the airplane at two 
different pendulum lengths and to average the results 
if there is a discrepancy. On the basis of the small 
magnitude of the discrepancies experienced it is 
assumed that the precision thereby obtained, partic¬ 
ularly for the compound pendulum, is slightly im¬ 
proved so that the final error for the X and 1 axes is 

less than ± 1 percent. 
One remaining source of error in determining the 

true moments of inertia arises from the possibility of 
error in determining IA, the additional moment of 
inertia. For the X body axis, owing to the influence 
of the wings, this term has been found to be as great 
as 20 percent of the true moment of inertia in one case 
but has an average value of 15 percent for the remain¬ 
ing cases. For the Y and Z body axes this term 
amounts to only about 3 percent. The values of IA 
are believed to be precise to within ±10 percent. In 

terms of the true moments of inertia, an error of this 
magnitude for the average case would amount to 
±1.5 percent for the X axis and ±0.3 percent for the 
Y and Z axes. Consideration of these possible errors 
and those that may be incurred in determining the 
virtual moments of inertia leads to the conclusion 
that errors in the true moments of inertia are less than 
±2.5 percent for the X axis, ±1.3 percent for the 
Y axis, and ± 0.8 percent for the Z axis. 

Because of the nature of the airplane, the principal 
axes of the ellipsoid of inertia are never more than a 
few degrees from the body axes, and the product of 
inertia is only a small percentage of C— A. Considera¬ 
tion of these facts and the possible error in virtual 
moments of inertia leads to the conclusion that the 
limits of the precision with which the angle of the 
principal axes can be determined are ±1°. 

There are several practical considerations in the con¬ 
struction and operation of the swinging gear that have 
been found by experience to have considerable bearing 
upon the precision of the results obtained with it. In 
the construction of the gear, care should be exercised 
in making absolutely certain that the oscillations take 
place about the pivots provided for that purpose. The 
knife-edge supports should be rigidly placed, and for the 
compound pendulum the tie rods from the corners of the 
cradle should be carried directly to the knife-edges. 
The importance of the latter requirement was brought 
out during development of the gear, when an arrange¬ 
ment similar to that for the bifilar torsion pendulum, 
but with no universal joints at the lower ends of the 
vertical members, was tried for the compound pendu¬ 
lum. This arrangement gave erratic results and inspec¬ 
tion showed that the vertical members were flexing for 
a short distance from both ends. Similarly for the 
bifilar torsion pendulum, the universal joints and spacer 
bar are necessary to obtain the motion desired. 

Although the pendulum dimensions are governed 
somewhat by the size and type of airplane to be swung, 
it has been found by tests that they should also be gov¬ 
erned as far as possible by other considerations. The 
compound pendulum should be kept short so that the 
moment of inertia about an axis through its center of 
gravity will be a large percentage of the total moment 
of inertia of the pendulum about the axis of oscillation. 
Pendulum lengths of approximately 4 to 10 feet have 
given satisfactory results with airplanes weighing up to 

| 5,000 pounds. In tests of the bifilar torsion pendulum 
with varied lengths of the vertical filaments and with 
a fixed distance between them, it was found that the 
most satisfactory results were obtained when the length 
of the filaments was greater than the distance between 
them. It has been found satisfactory and convenient 
in swinging various airplanes to place the vertical fila¬ 

ments about 8 feet apart. 
The oscillations of both the compound and bifilar 
ndulums should have a small amplitude because the 
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pendulum formulas used apply only when the assump- 1 
tion sin d= tan d~d (where Q equals one half the angle 
ol oscillation) is valid. In practice, this angle need 
not exceed 2°. 

The precision of the measurement of length of the 
compound pendulum depends primarily upon the accu¬ 
rate location ol the center ol gravity of the airplane. 
II it is not located accurately, the pendulum dimensions 
will he in error even though subsequent measurements 
are very precise. 

Swinging the airplane at two pendulum lengths about 
each axis, not only is useful in checking the additional- 
mass effect, but also provides a check on the swinging: 
tests themselves. Similarly, it is a good practice to 
swing the airplane in both the nose-up and nose-down 
attitudes to afford a check on the position of the prin¬ 
cipal inertia axes of the airplane. 

RESULTS OBTAINED FOR SEVERAL AIRPLANES 

The method given in this report for the determina¬ 
tion ol the moments ol inertia has been used regularly 
by the Committee and, in all, the moments of inertia 
have been found for 13 airplanes. These results are 
listed in table I. The angle between the X bodv and 
the A' principal axis, being small, is omitted. The 

additional moments ol inertia about the three axes are 
given. 

DETERMINATION OF MOMENTS OF INERTIA BY 
CALCULATION 

There are times when it is desired to estimate the 
moments ol inertia of airplanes not available for swing¬ 
ing tests. It is usual in these cases to compute the 

moments of inertia by a summation of the moments 
of inertia of the constituent parts. As the accuracy 
of the results of such computations has been ques¬ 
tioned, it was decided to check the results by com¬ 
puting the moments of inertia for an airplane for which 

the moments ol inertia have been found experimentally. 
The computations were made carefully; a balance 
diagram was used to locate the parts relative to the 
center of gravity, and the true weights of each part 
were found by weighing the individual parts for the 
airplane in question. On comparison of the com¬ 
puted with the experimental values of true moments 
ol inertia, it was found that the computed value was 
in error by 6 percent for the X axis. For the other 
axes the error was less. 

CONCLUSIONS 

1. The pendulum method for finding moments 
of inertia can be successfully applied to airplanes. 

2. Owing to the effect of the ambient air, the virtual 
moments of inertia obtained directly through applica¬ 
tion of the pendulum formulas are considerably greater 
than the desired true moments of inertia. 

3. The effects of the ambient air can be determined 
with sufficient precision so that the true moments of 
inertia may be obtained from swinging experiments 
with an error of less than ±2.5 percent, ± 1.3 percent, 

; and ± 0.8 percent for theA', F, and Z axes,respectively. 

Langley Memorial Aeronautical Laboratory, 

National Advisory' Committee for Aeronautics 

Langley Field, Va., June 8, 1933. 



APPENDIX 

SAMPLE COMPUTATIONS 

The following are sample data and computations for 
determining the ellipsoid of inertia for the VE-7 
airplane. 

VIRTUAL MOMENTS OF INERTIA 

For the X body axis the compound pendulum is 
used and the equation for the virtual moment of 

inertia about the axis is 

4ir2 
w2t22l2 

4 it2 

w 

9 
+ Vp+MA)L2 

The experimental data obtained by swinging the 

airplane about axes parallel to the X axis are: 

1 
Short suspension Long suspension 

W 2,208 pounds_ 2,208 pounds. 
2,584 pounds 
376.1 pounds. 
13.81 feet. 
14.32 feet. 
10.84 feet. 
4.378 seconds. 
3.931 seconds. 

W\ 2,591 pounds_ 
Wo 383.3 pounds_ 
L\ 9 050 feet__ 
L 9 513 feet___ 
E o 6 382 feet _ _ 

3 759 seconds__ 
To 3 209 seconds_ _ 

The volume V is computed from the dimensions ol 
the airplane. Only the fuselage and wings are con¬ 
sidered. The fuselage is treated in three sections: 

Section Length 
Average 
cross-sec¬ 

tion 
Volume 

n 
Feet 
7.5 
7.0 
7.0 

Square 
feet 
7.95 
6.51 
2.08 

1 

Cubic feet 
59.7 
45.5 
14.6 

119.8 

2 .. 

Total volume of fuselage, V/_ 

The volume of the wings is determined by the equa¬ 

tion 
Va = 0.74 St 

where S is the wing area = 312 square feet 
and t is the maximum ordinate of the wing = 0.298 

feet from which 

into three sections. The coefficient k is assumed to be 

unity, so 

phf7r(A&)i , pc\ir(Xb)2 , pC27r(A&)3 
MAf=-4-+ 4 + 4 

where c\, c\, and c2 are the mean values of the squares 
of the fuselage depths for each of the three sections. 

Section Ab c* AM A 

1 . _ ___ 
Feet 

7. 5 
7.0 
7.0 

,r fuselage 

Sq. ft. 
9.50 
9.00 
5. 14 

. 

Slug 
0.133 

. 118 

.067 

.318 

2 .. 
3 . _ 

Total additional mass ft 

The vertical tail area of this airplane may be con¬ 
sidered of circular shape and its additional mass as 

7r/Tp 

~6~ 

where D — 4 feet 

so MAt 
Ti- X (4)3 X0.00238 = Q Q79 glug 

6 

and MA = MAf+MA= 0.318 + 0.079 = 0.397 slug. 

Substituting in the compound-pendulum formula: 

Short suspension 

„ 2591 X (3.759)2X 9.05 383.3 X (3.209)2X 6.382 
Iyx~ 39.48 39.48 

- r + (188.8 X 0.00238) + 0.397J(9.513)2 

= 1463 slug feet2 

Long suspension 

2584X (4.378)2X 13.81 
Iv*~ 39.48 

376.1 X (3.931)2X 10.84 
39.48 

r 2208 
L32.147 

+ (188.8X0.00238)+0.397 

= 1474 slug feet2 

Vw = 0.74 X 312 X 0.298 = 69 cubic feet 
then 

V=Vf+ Vw=l 19.8 + 69 = 188.8 cubic feet 

The tests were made at sea level under approximately 

standard conditions so that 

p = 0.00238 slug per cubic feet 

The additional mass is computed only for the fuselage 
and vertical tail surface. The fuselage is again divided 

The average value of IVx is 1469 slug feet2. 
jXVx is checked by solving the equations for the two 

suspensions simultaneously, IVx and Vp4-MA being the 

unknowns. 

IVx= 1545+ (VP + MA) (9.513)2 

IVx = 1649 + (Fp + Ma) (14.32)2 

7Fa.= 1462 slug feet2 

The agreement is within 0.5 percent. 
511 
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The virtual moments of inertia about the Y axis and 
the XZ axis are calculated in a similar manner from 
the data obtained with the compound pendulum. In 
the case of the Y axis, the additional mass is very small, 
and therefore neglected. In the case of the XZ axes, 
the additional mass is the same as for the X axis. 

The equation for the bifilar pendulum which is used 
for a determination of the virtual moments of inertia 
about the Z axis is 

T WiT\A2 W2T22A2 
lvz 16 irH ' 167rl 

The experimental data obtained by swinging are 

Short suspension Long suspension 

Wi 2,575 pounds__ 2,575 pounds. 
367 pounds. 
3.808 seconds. 
3.398 seconds. 
9.917 feet. 
8.237 feet. 

IV2 367 pounds_ _ 
Tu. _ 2.622 seconds-. __ 
Tt. 3.238 seconds. ..__ 
A . . 9.917 feet_ 
1 7.412 feet_ 

From which is obtained: 
Short suspension 

T 2575X (3.622)2X (9.917)2 
lvz 157.92 X 7.412 

367 X (3.238)2X (9.917)2 
157.92X7.412 

= 2515 slug feet2 

Long suspension 

T 2575X (3.808)2X (9.917)2 
lvz 157.92X8.237 

367 X (3.398)2X (9.917)2 
157.92X8.237 

= 2505 slug feet2 

the average of which is 2,510 slug feet2. 
The average value of the moment of inertia about 

each axis is as follows: 

Ivx= 1469 slug feet2 
7Fr=1498 slug feet2 
/r2 = 2510 slug feet2 

7Fy2=1546 slug feet2 (from nose-up swinging, 
X axis inclined 13.4°) 

Ivxz = 1490 slug feet2 (from nose-down swinging, 
X axis inclined 13°) 

ADDITIONAL MOMENTS OF INERTIA 

The additional moment of inertia about the X axis 
is assumed to be contributed only by the wings and 
the horizontal tail surface. The X axis is in the plane 
of symmetry of both the wings and the tail surface. 
The equation for the additional moment of inertia for 
this case is 

J ^'pc27r53 

1a~ 48 
For the wings 

c = 4.62 feet 5 = 34.33 feet aspect ratio = 7.4 

then, from figure 3, 

k' = 0.89 
and 

T 2 X 0.89 X 0.00238 X (4.62)2 X tt X (34.33)3 
Aw 48 

= 241 slug feet2 

For the horizontal tail 

c = 4.08 feet 6 = 9.50 feet aspect ratio = 2.5 

then 

¥ = 0.62 

and 

T 0.62 X 0.00238 X (4.08)2XttX (9.50)3 
Jai ~ 48 

= 1.3 slug feet2 

so that for the X axis 

^x-7^ + 7, =241.0+1.3=242.3 slug feet2 

The principal items that contribute to the additional 
moment of inertia about the Y axis are the fuselage 
and horizontal tail surface. For the horizontal area 
of the fuselage an equivalent rectangle is considered, 
with length equal to that of the fuselage, and width 
equal to the square root of the mean square of the 
fuselage width. The dimensions are 

6 = 18.3 feet e = 2.07 feet aspect ratio = 8.8 

for which 
A:'= 0.95 

As the Y axis is parallel to the chord but is displaced 
from the center of the additional mass of the fuselage 
by a distance l, 

j ¥pC2wb3 kpC2Trbll 

The constant k is assumed to be 1.0 and 

Thus 
/ = 4.1 feet 

T 0.95 X 0.00238 X (2.07)2XttX (18.3)3 
1at 48 

1.0X0.00238X (2.07)2XttX18.3X (4.1)2 
+ ~ 4 

= 6.3 slug feet2 

The Y axis is parallel to the span of the horizontal 
tail, so that 

r kpC2Trbl1 

where A: = 0.78 and A =15.8 feet 
and 

T 0.78 X 0.00238 X (4.68)2XttX 9.50 X (15.8)2 
1At- 4 

= 57.6 slug feet2 
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Then for the Y axis 

IAY = IAf+ IAt~ 6.3 + 57.6 = 63.9 slug feet2 

The determination of IAz is similar to that for IAy 
with the difference that the vertical fuselage and tail 

areas are considered; 

IAz = 31.6 slug feet2 

TRUE MOMENTS OF INERTIA 

The true moment of inertia about any axis is the 
difference between the virtual moment of inertia and 
the moment of inertia of the additional mass about 

that axis. Thus 

The tangent of twice the angle between the principal 
axis and the X axis is given by 

2D 
tan 2 r: 

C-A 

tan 2 t = -c 
2X59.1 

2478-1227 

t = 2°42' 

Principal Moments oj Inertia: 
The principal moments of inertia are given by 

AIV = A cos2r + C sin2r + D sin 2r 

BIV=B 

A = IVx~ Iax = 1469 — 242 = 1227 slug feet2 
B = IVy~ Iay= 1498— 64 = 1434 slug feet2 
C=IVz-Iaz= 2510- 32=2478 slug feet2 

(nose-up) = Ivxz{ nose-up) — lAx = 1546 — 242 
= 1304 slug feet2 

(nose-down) = Ivxz (nose-down) — IAx = 1490 
-242 = 1248 slug feet2 

Location oj Principal Axes: 
The product of inertia about the body axis is given 

by 

D = 
A cos20 + C sin20 Ixz 

sin 20 

where 
Nose-up Nose-down 

6 = - 13. 4° 13. O' 
sin 0 = -0. 2317 0. 2250 
cos 0 = . 9728 . 9744 

sin 20 = -.4509 . 4384 

and the moments of inertia are as given above. 

From the nose-up swinging 

1227X (0.9728)2 + 2478X (-0.2317)2- 1304 
U~ -0.4509 

From the nose-down swinging 

1227 X (0.9744)2 + 2478 X (0.2250)2 - 1248 _ 
1 ~ 0.4384 

the average of which is D = h9.1 

Clv = A sin2r + C cos2t — D sin 2r 

then, since 
r = 2°42' 

sin t = 0.0471 

cos r = 0.9989 

sin 2r = 0.0941 

and the other quantities are as previously determined, 

it follows that 

AIV= 1227 X (0.9989)2 + 2478 X (0.0471)2 + 59.1 X 0.0941 

= 1236 slug feet2 

B1V = 1434 slug feet2 

CIV = 1227 X (0.0471)2 + 2478 X (0.9989)2 — 59.1 X 0.0941 

= 2471 slug feet2 
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TABLE I.—MOMENTS OF INERTIA OF SEVERAL AIRPLANES 

Airplane Type 
Weight 

(lb.) 
A 

(slug ft.9 
B 

(slug ft.2) 
c- 

(slug ft.2) 
ux 

(slug ft.2) 

I Ay 

(slug ft.2) 

Iaz 
(slug ft.2) 

VE-7 Naval training, biplane landplane-- 2,208 1,227 1,434 2,478 242 64 32 

PT-1 Army training, biplane landplane_ _ 2, 512 1,967 2,088 3,289 238 80 54 

p W-9 \rmy pursuit, biplane landplane. . .. 2, 885 1,299 1,888 2.648 101 42 25 

NY-1 Naval "training, biplane landplane_ — 2, 622 2,098 2, 450 3.807 238 80 80 

Commercial monoplane, landplane__ 1,388 590 659 971 97 14 9 

02U-3 Naval observation, biplane landplane--- 3, 550 2, 482 2, 796 4.481 335 84 49 

F4B-1 Naval fighter, biplane landplane--- 2, 540 1,023 1,560 2,077 124 30 15 

O-l 1 ■Vrmy observation, biplane landplane —.. 4, 558 2, 507 4,133 6, 231 370 105 59 

NB-1 Naval training, biplane landplane.. 2, 544 2, 409 2,239 4, 099 347 67 44 

XN2Y-1 Naval training, biplane landplane- - 1,567 732 922 1.299 86 22 17 

03U-1 Naval observation, biplane landplane- 4,057 2, 740 3, 283 5, 112 335 84 49 

F4B-2 Naval fighter, biplane landplane..-- 2,816 1,063 1,795 2.378 124 30 15 

McDonnell. Experimental low-wing monoplane equipped with 1,708 1, 345 1,101 2, 279 157 42 26 

slots and flaps. 





REPORT No. 468 

THE INTERFERENCE BETWEEN STRUTS IN VARIOUS COMBINATIONS 

By David Biermann and William H. Herrnstein, Jr. 

SUMMARY 

This report presents the results of tests made in the 
N.A.C.A. 7- by 10-foot wind tunnel to determine the 
interference drag arising from various arrangements of 
streamline struts and round struts, or cylinders. De¬ 
terminations were made of the interference drag of struts 
spaced side by side, struts in tandem, tandem struts 
encased in a single fairing, a strut intersecting a plane, 
and struts intersecting to form a V. Three sizes of 
struts were used for most of the tests. 

These tests show that the interference drag arising from 
struts in close proximity may be of considerable magni¬ 
tude, in some instances amounting to more than the 
drag of the struts themselves. 

INTRODUCTION 

With the increasing demand for higher speeds in 
flight, attention has been focused on all possible meth¬ 
ods of reducing the drag of aircraft. Considerable 
coordinated information has been compiled on the 
drag of component parts of airplanes, but relatively 
little is known about the interference resulting from 
combining these parts into an airplane. Until recently 
not much systematic work has been done on the general 
subject of interference. 

The investigation reported in this paper has been 
confined to the determination of interference drag 
arising from various combinations of struts, both 
streamline and round. Struts were tested, side by side, 
in tandem, and intersecting at various angles to form 
V’s. Tests were made on a streamline strut inter¬ 
secting plane surfaces of various chords. The drag of 
tandem struts encased in a single fairing was de¬ 
termined for two types of fairings. Incidental tests 
were made to determine the drag of struts of various 
sizes and fineness ratios. Three sizes of struts were 
used throughout the program, with some exceptions, 
to determine if possible to what extent the rules of 
dynamic similarity may be applied to interference 
tests in wind tunnels. 

Many of the tests herein reported have direct 
applications in airplane design. Although there has 
been an attempt to cover the subject of strut inter¬ 
ference in a systematic fashion, the limitations of 
time and equipment have necessitated curtailing the 
program. Further tests on interference between 
struts and wheels are being made in connection with a 
study of landing gears, and will be reported at a later 
date. 

APPARATUS AND METHODS 

The N.A.C.A. 7- by 10-foot wind tunnel in which 
these tests were made is completely described with its 
equipment in reference 1. The standard force-test 
model support was used throughout these tests. 

The streamline strut models were made from Navy 
no. 1 strut-section offsets given in table I. With a few 
exceptions to be discussed later, the tests were made 
on struts of three section sizes: 1 by 3 inches, 1.75 
by 5.25 inches, and 2.5 by 7.5 inches. The models 
were made of white pine, sanded smooth and shellacked. 
The surface was not highly polished, but was suffi¬ 
ciently smooth to be comparable with good commercial 
practice. All model dimensions were held to ±0.010 
inch. The round struts (cylinders) were made from 
seamless steel tubing, accurate to ± 0.004 inch. The 
surface was finished bright but not highly polished. 
The diameters of tubing used were 1, 1.75, and 2.5 
inches. 

STRUT ARRANGEMENTS 

Struts alone, streamline and round.—Preliminary to 
the interference tests each different size of strut was 
tested for drag. An 8-foot length of strut was mounted 
horizontally at its center on the force-test support. At 
each tip independently supported struts were mounted 
and extended through the tunnel jet boundary, in an 
attempt to simulate infinite-length conditions. A gap 
of one thirty-second inch was left between the active 
strut and each dummy extension. 

Side-by-side struts, streamline and round.—In or¬ 
der to determine the interference drag arising from two 
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parallel struts located side by side, a 12-foot length of 

strut was mounted independently above the active 

strut previously described. (See fig. 1.) Drag was 

measured only on the active lower strut, the assump¬ 

tion being that the drag of the two struts was equal. 

The spacing between the struts was varied by moving 

the fixed 12-foot length of strut away from the active 

strut in small increments until the effects were no 

longer noticeable. 

Struts in tandem, streamline and round.—The set¬ 

up to measure interference drag of tandem struts was 

identical to the one used for side-to-side spacings ex¬ 

fabric around the pair and doping it. In order to 

simulate this condition a special model was built. A 

1.75- by 5.25-inch strut was sawed lengthwise along 

the plane of maximum thickness. The leadihg-edge 

portion was separated from the trailing-edge portion 

by a distance of 20 inches and this intervening space 

was filled up with five 4- by 1.75-inch boards. This 

unit was bolted together, forming a flat-sided section 

1.75 inches thick with a 25.25-inch chord and an 8-foot 

span. Two dummy tip extensions of the same section 

were also made. This model, representing streamline 

struts faired together with a flat-sided section, was 

DUMMY 

Figure 1.—Streamline struts spaced side by side, showing method of support and dummy tip extensions. 

cept that the fixed strut was located first at different 

spacings to the rear of the active strut and then located 

at different spacings in front of the active strut. The 

tunnel balance thus measured the drag of a strut plus 

the interference effect of a strut behind it or in front 

of it, as the case might be. By simple addition the 

interference effect of either strut on the other as well 

as the total interference, may be computed. 

Tandem struts faired together, streamline and 

round.—Tandem streamline struts are sometimes 

faired together by the simple procedure of wrapping 

mounted in the tunnel in the same manner as were the 

struts alone in previous tests. The spacing of these 

hypothetical struts was reduced in increments of 4 

inches bv successive removal of the intervening boards. 

Only one strut size was used for these tests. 

Obviously the best and most practicable method of 

fairing tandem cylinders that are relatively close 

together is to encase them in a single streamline 

fairing. In order to accomplish this it is necessary 

to decide on the fairing form to use; the form for mini¬ 

mum drag will vary, of course, with the ratio of cylinder 
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diameter to spacing. Since the Navy no. 1 strut sec¬ 
tion has both good aerodynamic and good geometric 
properties for housing tandem struts, it was selected I 
as a basic section for housing tandem cylinders. The 
fairing dimensions to give the least drag for any 
cylinder size and spacing may be calculated from tests 
on struts of various fineness ratios. Tests were made 
on Navy no. 1 struts of four fineness ratios: 3, 4, 6.25, 
and 8.34. The variation was made in thickness only, 
the chord being held constant at 7.5 inches. These 
struts, 8 feet long, were mounted in the tunnel in the 

same manner as in previous tests. 
A strut intersecting a plane.—Tests were made to 

determine the interference drag arising from a 2.25- 
bv 6.75-inch strut, 23 inches long, intersecting the 
surface of the flat-sided section previously used for 
fairing tandem struts. The strut was mounted at 
the center of the plane with a hinge-type fitting in 
such a manner that the angle between the strut and 
the plane, measured in a plane perpendicular to the 
tunnel axis, could be varied through the range from 
20° to 90°. This test was made with planes of three 
chord sizes: 25.25 inches, 17.25 inches, and 9.25 inches. 
Several sizes of fillets were also used at the intersec¬ 

tion of strut and plane. 
Intersecting struts.—Struts intersecting to form a 

V in which the included angle could be varied from 
15° to 180° were mounted in the tunnel on the regular 
force-test support. One leg of the V was supported 
at its midpoint, the other leg being allowed to swing 
in a plane perpendicular to the tunnel axis. Each 
strut was 32 inches long. No dummy tip extensions 
were considered necessary for this set-up, inasmuch as 
the interference did not extend to the tips to an 
appreciable extent. Several sizes of fillets were used 
for a number of angular settings of the struts. 

General considerations.—Although most of the 
results were obtained at an air speed of 80 miles pei 
hour, many of the tests were run at several lower 
speeds also. These additional test points were taken 
in order to increase the accuracy of the single test 
point by determining a curve, and also to show whether 
the drag coefficient changed with air speed foi any 
given set-up. The tare drag was measured foi all 
struts alone by suspending them independent of the 
balance support, providing only a small clearance. 
The forces on streamline struts alone were measured 
to within ±0.03 pound; but for cylinders and for 
models in which unsteady flow conditions prevailed 
to an appreciable extent they were measured to 

±0.1 pound. 

RESULTS AND DISCUSSION 

The observed data and computed nondimensional 
coefficients of drag and interference drag are pre¬ 
sented in tables II and III and in figures 2 to 14, 
inclusive. The terms and coefficients used are defined 

as follows: 
Drag coefficient, 

drag 
L°~qdl 

Interference drag = drag of the bodies in combination 
— the sum of the drags of the bodies tested sep¬ 

arately 
Interference-drag coefficient, 

interference drag 
g d l 

Length of strut equivalent to interference drag 

_ interference drag 
drag per unit length of strut 

where q, dynamic pressure in pounds per square foot. 
d, diameter or maximum cross-wind dimension 

of strut in feet. 
I, length of strut in feet. 

N ote.—Interference-drag coefficients are based on d 

and l of one strut only. 

The drag coefficients are corrected for tare drag and 
for static-pressure variation in the tunnel by the usual 

methods. 
STRUTS ALONE 

Streamline struts.—The results for streamline struts 
tested alone are given in figures 2 and 3. Figure 2 
shows the variation of Cd with Reynolds Number tor 
the three sizes of struts tested, all of fineness ratio 3. 
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Figure 2.—Variation of drag of streamline struts with Reynolds Number. Navy 

The drag coefficients are consistently higher than those 
obtained from an early test (reference 2), but later 
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tests (reference 3) agree more closely with the present 
results and indicate that the results of reference 2 were 
influenced by the presence of a support strut. 

Figure 3, which is only incidental to the present 
report, shows the relation between CD and fineness ratio 
for Navy no. 1 struts. These results, too, differ some¬ 
what from those of previous tests in that minimum 
drag occurs at a fineness ratio of about 5 instead of at 3 
or 4 as observed for other tests. Furthermore, the 
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Figure 3.—Drag of Navy no. 1 struts of various fineness ratios. Air speed, 80 
m.p.h. Reynolds Number, 420,000. 

drag coefficient does not change as greatly with small 
changes of fineness ratio as the other tests show it to 
have done. Results from recent N.A.C.A. tests on 
symmetrical airfoils (reference 4) agree, however, 
fairly well with these results, in that the drag coefficient 
does not change rapidly with changes in fineness ratio 
within the range from 3 to 7. In view of the differ¬ 
ences between these results and those of former tests, 
it is suggested that further investigation be made of the 
subject. 

Round struts (cylinders) alone.—The variation of 
CD with Reynolds Number for three sizes of cylinders is 
given in figure 4. In general, these results check 
previous tests of cylinders fairly well. It is noted that 
each size of cylinder defines a slightly different CD for a 

Reynolds Number 

Figure 4.—Variation of drag of cylinders with Reynolds Number. 

given Reynolds Number. The reason for this is not 
readily apparent, inasmuch as several factors pertinent 
to wind tunnels might possibly account for the effect. 
More detailed work on this subject would probably 
disclose information concerning this effect. 

STRUTS SIDE BY SIDE 

Streamline struts.—Streamline struts spaced side 
by side 6 diameters or more have little or no inter¬ 
ference effect (fig. 5). For smaller spacings the inter¬ 
ference drag increases gradually with decreases in 
spacing down to a spacing of about 2.5 diameters. 
For spacings less than 2.5 diameters the interference 
increases rapidly with reduction in spacing to a 
maximum value not determined in these tests because 
of excessive vibration. The magnitude of the inter¬ 
ference drag at these small spacings may be ten or 
more times the drag of a single strut. Another signifi¬ 
cant fact is that each size of strut defines a separate 
curve, suggesting a Reynolds Number effect; but with 
the exception of struts spaced very close together, the 
drag coefficient is constant for all air speeds for each 
strut size, indicating the reason for the difference to 
be elsewhere. Wind-tunnel conditions influencing the 
results on cylinders as previously noted may possibly 
be responsible for these discrepancies. 

Probably the most reasonable explanation for the 
cause of interference between two streamline struts 

Spacing on center tine, diameters 

Figure 5.—Effect of side-by-side spacing on interference drag of streamline struts. 
Navy no. 1 strut section, fineness ratio, 3. Air speed, 80 m.p.h. 

spaced side by side is that the flow cannot follow the 
contour of the adjacent strut surfaces. Streamline 
struts spaced relatively close together form an effective 
venturi having a high degree of divergence. Upon 
passing the throat of the venturi the air flow does not 
expand sufficiently to fill the diverging passage. 
Owing to losses in the boundary layer, sufficient kinetic 
energy is lacking in the air stream to overcome the 
increasing pressure in the expanding jet. 

Cylinders.—As is the case for streamline struts, 
the interference drag of cylinders side by side increases 
gradually with reduction of spacing for intervals less 
than 5 or 6 diameters (fig. 5); but instead of rapidly 
increasing for spacings less than 2.5 diameters, the 
interference drag varies between wide ranges of posi¬ 
tive and negative values. For 2.5- and 1.75-inch cyl¬ 
inders a critical region exists at about 1.75-diameter 
spacing, where the interference drag may be either 
positive or negative, depending, of course, on the flow 
pattern existing at the time. Apparently the type of 
flow changes rapidly with a change in spacing; it may 
even change while the spacing is held constant. The 
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rapid decreases in drag are probably due to the fact 
that the trailing vortices behind the two cylinders join 
or interlock for certain spacings to form only a single 

path, resulting in a decreased amount of disturbed air. 
For spacings less than 1.25 diameters the interference 
drag increases very rapidly with decreases in spacing. 

STRUTS IN TANDEM 

Streamline struts.—Figure 7 shows the interference 
drag resulting from spacing streamline struts in tan¬ 
dem. Since separate measurements were made on 
each strut, a more general picture was obtained of the 
flow conditions than if the struts had been combined 
in one unit. Several noteworthy results were obtained 
from these tests. First, the drag of the rear strut is 
increased to some extent by the presence of the front 
strut for all spacings tested, the magnitude being 
much greater for small spacings. Second, the drag 
of the front strut is reduced an almost equal amount 
by the presence of the rear strut. For spacings less 
than 4.5 diameters the net front-strut reaction is 
actually in an upstream direction. Third, considering 
the two struts as a unit, the drag is increased a small 
amount throughout the range, reaching a maximum 
at about 4 diameters. Fourth, the agreement of results 
is excellent for all sizes of struts tested. 

The probable reason for the relatively high upstream 
force on the front strut and the downstream force on 
the rear strut is the presence of a region of increased 
pressure head between the struts, gained at the expense 
of velocity head. 

Cylinders.—The results of tandem-cylinder tests are 
somewhat different from those of tandem streamline 
struts (fig. 8), in that the drag of the rear cylinder is 
decreased in the presence of the front cylinder, while 
the drag of the front cylinder is not greatly affected 
by the presence of the rear cylinder. The magnitude 
of interference does not change appreciably for spacings 
greater than 4 diameters. For smaller spacings the 
drag of the rear cylinder decreases rapidly with de¬ 
creases in spacing. For spacings less than 3 diameters 
the rear-cylinder reaction is forward. For spacings 
less than 3.5 diameters the net drag of both cylinders 
is less than the drag of one cylinder. 

The probable reason for the reduction of drag of the 
rear cylinder is its presence in the turbulent wake of the 
front cylinder. The effect of turbulent flow on the 
drag of cylinders is well known (reference 5). How¬ 
ever, turbulence alone will not explain the decrease in 
drag for small spacings. For these spacings the vor¬ 
tices produced by the front cylinder probably partly 
encircle the rear cylinder, impinging on the back 
surface with sufficient force to produce a forward 

reaction. 

TANDEM STRUTS FAIRED TOGETHER 

Streamline struts.—The drag of tandem streamline 
struts is materially reduced for spacings less than 10 
diameters by fairing them with the flat-sided fairing 
(fig. 9). Throughout the practical range the drag is 
proportional to the spacing of the struts. For spacings 
greater than 10 diameters it is impractical to fair struts 
by this method. 

Cylinders.—Although an additional decrease in 
drag may be obtained for tandem streamline struts by 
enclosing them in a streamline fairing, this method of 
fairing was confined to cylinders. However, for most 
cases the same streamline fairing used for cylinders 
will also fit streamline struts. Hence, the curve 
(fig. 9) illustrating the variation of drag with spacing 
for cylinders faired together with a streamline section 
also applies, in general, to tandem streamline struts. 
It is noteworthy that this type of fairing is materially 
better than the flat-sided type in that the drag is 
considerably lower throughout the range and the 
maximum practical spacing is increased to about 
12 diameters. 

The method of obtaining this curve was not direct 
because it was impossible to determine the dimensions 
of the minimum-drag fairing for each strut spacing 
without first testing a series of different thickness 
sections. The drag of a complete series of fairings, 
covering the practical range of cylinder diameter- 
spacing ratios, was calculated from the data of tests 
on Na\T3r no. 1 struts of different fineness ratios (fig. 3). 
Figure 10 shows the fairing fineness ratio at which 
minimum drag occurs for different cylinder spacings. 

Figure 11 is a working chart for the determination of 
dimensions for tandem-cylinder fairings having mini¬ 
mum drag. To use the chart one need know only the 
cylinder or tube spacing in terms of cylinder diameter. 

' The fairing chord may be read directly from the oppo- 
I site side of the chart and the section thickness from the 

abscissa. With these dimensions the section ordinates 
may be calculated from table I. In case the cylinders 
are of unequal size the average should be taken. This 
method works out fairly well for cylinders of nearly 
the same size but may err somewhat for great differ¬ 
ences in size. The chart is also applicable to stream¬ 
line struts, providing that the diameters of the struts be 
assumed as slightly larger than they are. This modi¬ 
fication will allow the necessary clearance for the nose 
and tail of the struts. 

A STREAMLINE STRUT INTERSECTING A FLAT SURFACE 

The results of tests on a streamline strut intersecting 
a flat surface at various angles are given in figure 12. 

| Interference drag is given in terms of the equivalent 
' drag of a length of strut. Drag or interference-drag 
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coefficients are not applicable because of the lack of a 
length dimension. With the strut perpendicular to 
the 25.25-inch chord plane’the interference drag is zero, 
but it increases gradually with decreases in angle 
between strut and plane. For an angle of 20° the 
interference drag is equal to the drag of a strut 14 
diameters long, or in this case 31.5 inches. 

tion in plane chord. Any direct application of these 
results to design should be tempered with judgment. 
These tests are probably more valuable for demon¬ 
strating flow conditions than for any general applica¬ 
tion. 

Table II shows the results from some tests on fairino- o 

the intersection between plane and strut. For the 
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Figure 6.—Effect of side-by-side spacing on interference 
drag of cylinders. Air speed, 80 m.p.h. 

Curve A, rear strut in presence of front strut. 
Curve B, front strut in presence of rear strut. 

Curve C, total interference drag. 

Figure 7.—Effect of tandem spacing on interference drag of streamline struts. Navy no. 1 strut 
section, fineness ratio, 3. Air speed 80 m.p.h. 

Spacing on center line, diameters 

Curve A, front cylinder in presence of rear cylinder. 
Curve B, rear cylinder in presence of front cylinder. 

Curve C, total interference drag. 

Figure 8.—Effect of tandem spacing on interference drag of cylinders. Air speed, 
80 m.p.h. 

Curve A, streamline struts in tandem. 
Curve B, struts faired together with parallel-sided fairing. 

Curve C, drag of Navy no. 1 strut of optimum fineness ratio for enclosing 

cylinders. 

Figure 9.—Effect of fairing together tandem struts. 

It is interesting to note the increases in interference 
with decreases in the chord of the plane. For the 
17.25-inch plane with a strut setting of 90° the inter¬ 
ference drag is equal to the drag of a strut about 3 
diameters long, and for the 9.25-inch plane to one of 9 
diameters. Evidently the chord of the plane materially 
affects the flow, increasing the interference with reduc- 

strut mounted perpendicular to the 25.25-inch plane 
the interference drag is shown to be zero if the fitting 
is not exposed. Fillets of the usual type failed to 
reduce the drag, and even increased the drag for the 
fillet of largest radius. 

With the strut inclined 20° to the 25.25-inch plane, 
the attempt to reduce the interference by modifying 
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Figure 10—Best fineness ratio for Navy no. 1 strut section used for fairing tandem 
cylinders. 

Figure 11.—Working chart for determining dimensions of tandem-strut fairings 
of minimum drag. Navy no. 1 strut section. 

Note.—For tubes of unequal size, use average. 

40768—34-34 
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the effect of the acute angle with the usual type of 
constant-radius fillets failed. However, the interfer¬ 
ence drag was reduced 31 percent by the modification 
designated “1” on the sketch. This modification was 
considered to be of practical value because the strut 
fitting is often relatively small in comparison to the 
strut diameter, allowing a modification of this type to 
be made. Modification 1 also reduced the interference 
drag for the strut inclined 30° to the 17.25-inch plane. 
Furthermore, fillets reduced the drag even more, 
amounting to a total reduction of interference drag 
of 50 percent. With the strut inclined 30° to the 
9.25-inch plane modification 1 reduced the interference 
drag 15 percent. A fillet failed to decrease the drag 
further. 

STRUTS INTERSECTING TO FORM A V 

Streamline struts.—Figure 13 shows the interference 
resulting from streamline struts intersecting at various 
angles to form V’s. The interference was assumed to 
be equal to zero when the struts were placed end to 
end, forming one continuous strut. With reduction 
of the angle between the struts the interference 
increases fairly uniformly for all three sizes of models 
tested, reaching a maximum at about 30°. The prob¬ 
able reason for the reduction in interference for angles 
less than 30° is the rapid overlapping of the struts 
near the hinge point, inasmuch as the axis of rotation 
lies on the strut center lines. The maximum value of 
interference is equal to the drag of a strut from 27 to 
35 diameters long, depending upon the size of the 
strut. For the 2.5-inch strut, this amounts to an 
equivalent strut length of 80 inches. 

The conditions in these tests that give rise to inter¬ 
ference are very similar to those encountered for struts 
spaced side by side, in that the surfaces of the struts 
which face each other are divergent. However, in 
these tests there is the additional effect of the acute 
angle, which probably increases the interference. 

Table III shows the results of some miscellaneous 
fillet tests made on intersecting streamline struts. 
Because of the small differences in forces it was impos¬ 
sible to obtain very satisfactory results. For the 1 by 
3 inch strut, fillets were found to have detrimental 
effects, increasing the interference as much as 51 per¬ 
cent. For the larger struts, fillets consistently reduced 
the interference for all angular settings of the struts 
tested. 

Cylinders.—The interference drag of cylinders inter¬ 
secting at various angles is negligible, as can be seen 
from figure 14. 

GENERAL REMARKS 

Although these tests furnish some interesting and 
usable data on the interference of struts in various 
combinations, this particular branch of the study of 
interference deserves much more consideration. There 
are other basic strut combinations which could be 

tested to advantage, and the relationships between 
interference, turbulence, tunnel speed, and model 
size could be more fully studied with profit. 

CONCLUSIONS 

The results of this investigation indicate the 
following: 

1. Streamline struts spaced side by side 5 diameters 
apart or more have little or no interference. For 
closer spacings the interference drag increases rapidly 
with reduction of the interval. 

2. Cylinders spaced side by side 5 diameters apart 
or more have practically no interference; for spacings 
less than 5 diameters the interference may be highly 
favorable or unfavorable, depending upon the size 
and spacing of the cylinders. 

3. When streamline struts are placed in tandem the 
drag of the front strut is decreased by the presence of 
the rear one, while the drag of the rear strut is in¬ 
creased by the presence of the front one. This effect 
exists for all spacings tested, but the magnitude in¬ 
creases rapidly for spacings less than six times the 
strut thickness. The resultant interference drag for 
the combination is unfavorable throughout the range. 

4. When cylinders are placed in tandem the drag of 
the front cylinder is but little affected by the presence 
of the rear one, while the drag of the rear cylinder is 
greatly reduced by the presence of the front one. 
The resultant interference is highly favorable for all 
spacings tested. 

5. Tandem streamline struts spaced less than 10 
diameters apart may be faired together to advantage 
with a flat-sided section, and to a greater advantage 
by encasing the struts in a streamline fairing. 

6. The interference drag of a streamline strut inter¬ 
secting a plane of finite thickness increases with a 
decrease in the chord of the plane, within the range 
tested, and also with a decrease in the angle between 
strut and plane. 

7. For streamline struts intersecting to form a V 
and lying in a plane perpendicular to the air stream 
the interference drag increases with decreasing in¬ 
cluded angle, reaching a maximum value at about 30°. 
For angles less than 30° the interference decreases 
with decreasing included angle. 

8. For cylinders intersecting to form a V and lying 
in a plane perpendicular to the air stream the inter¬ 
ference drag is negligible for all values of the included 
angle. 

Langley Memorial Aeronautical Laboratory, 

National Advisory Committee for Aeronautics, 

Langley Field, Va., June 5, 1988. 
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NAVY NO. 1 STRUT OFFSETS 

%C %d %C % d 

1.25 26.0 35 100.0 
2.5 37.1 40 99.5 
5 52.5 50 95.0 
7.5 63. 6 60 86.1 

10 72.0 70 73.2 
; 12.5 78.5 80 56.2 

15 83.6 90 33.8 
20 91.1 95 19.0 

1 25 95. it 98 7.8 
30 98.8 

1 

100 0.0 

TABLE II 

MISCELLANEOUS FAIRING TESTS ON INTERSECTION BETWEEN STREAMLINE STRUT AND PLANE 

« 

* Nature of intersection 

Interfer¬ 
ence 
drag 

(pound) 

Equiva¬ 
lent strut 

length 
(diame¬ 

ters) 

Percent¬ 
age 

reduc¬ 
tion by 
modifi¬ 
cation 

0 0 
.34 6.4 

Fillet 1 - _ 0 0 0 
o _ _ - - .06 1.1 

-- 

Mod. /, 3"It 

W/nd 
QOm.p.h. 
<- 

Fillei J, 0,380 'R Fillet 2, 1.25"R < -25.25" -> 

Nature of intersection 

Interfer¬ 
ence 
drag 

(pound) 

Equiva¬ 
lent strut 

length 
(diame¬ 

ters) 

Percent¬ 
age 

reduc¬ 
tion by 
modifi¬ 
cation 

0. 75 
. 51 
.51 
. 51 

14.1 
9.6 
9.6 
9.6 

31 
31 
31 Modification 1 and fillet 1..-- 

Modification 1 and fillet 2_. .. 

Nature of intersection 

Interfer¬ 
ence 
drag 

(pound) 

Equiva¬ 
lent strut 

length 
(diame¬ 

ters) 

Percent¬ 
age 

reduc¬ 
tion by 
modifi¬ 
cation 

0. 74 13.9 
. 60 11.3 19 
.47 8.8 37 
.37 7. 0 50 

c 

Wind 
80 

m.p.h. 
<- 

|<- 9.25 

Nature of intersection 

Unmodified- 
Modification 1- 
Modification 1 and fillet 1 

Interfer¬ 
ence 
drag 

(pound) 

0.98 
.83 
.83 

Equiva¬ 
lent strut 

length 
(diame¬ 

ters) 

18.5 
15. 6 
15. 6 

Percent¬ 
age 

reduc¬ 
tion hy 
modifi- 
eat ion 

15 
15 
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TABLE III 

MISCELLANEOUS FILLET TESTS ON STREAMLINE 
STRUTS INTERSECTING AT VARIOUS ANGLES 

Strut dimen¬ 
sions (inches) <? 

Fillet 
radius 

(inches) 

Interfer¬ 
ence 
drag 

(pounds) 

Equiva¬ 
lent 

length 
(diame¬ 

ters) 

Percent- 
[ age re¬ 

duction 
with 
fillet 

0 0. 136 14.2 
1 by 3_ .50 . 103 10.7 24 I 

1.75 by 5.25_ 90° 0 .368 13.4 — 

2.5 by 7.5__ 0 . 648 12.3 
1.00 .505 9.6 22 

0 . 136 14.2 
1 by 3_ .375 .205 21.4 -51 1 

.50 .205 21.4 -51 

0 .682 24.9 _ 
1.75 by 5.25_ 00° . 50 .410 14.9 40 

.75 . 321 11.7 53 
1. 00 .286 10.4 58 

2.5 by 7.5_ 0 1.000 19.0 
1.00 . 730 13.9 27 

0 . 171 17.8 
1 by 3.. . 25 . 225 23.4 -31 

0 .832 30. 4 
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INCREASING THE AIR CHARGE AND SCAVENGING THE CLEARANCE VOLUME OF 
A COMPRESSION-IGNITION ENGINE 

Bv J. A. Spanogle, C. W. Hicks, and H. H. Foster 

SUMMARY 

77/e object of the investigation presented in this report 

was to determine the effects of increasing the air charge 

and scavenging the clearance volume of a j-stroke-cycle 

compression-ignition engine having a vertical-disk form 

of combustion chamber. 

Boosting the inlet-air pressure with normal valve 

timing increased the indicated engine power in propor¬ 

tion to the additional air inducted and resulted in 

smoother engine operation with less combustion shock. 

Scavenging the clearance volume by using a valve 

overlap of lf5° and an inlet-air boost pressure of 

approximately 2% inches of mercury produced a net 

increase in performance for clear exhaust operation of 

33 percent over that obtained with normal valve timing 

and the same boost pressure. The engine tests indicate 

that, with a large valve overlap, 2){ inches of mercury 

boost pressure is sufficient to scavenge completely the 

clearance volume, and that the increase in engine power 

effected by scavenging the clearance volume, for a con¬ 

stant fuel quantity, is more than twice what could be 

obtained from the additional air charge alone. The 

improved combustion characteristics result in lower 

specific fuel consumption, and a clearer exhaust. The 

starting and idling characteristics were not affected by 

variation in boost pressure or by the use of scavenging 

with a large valve overlap. 

Analysis of the exhaust of several compression- 

ignition engines showed the carbon monoxide gas con¬ 

tent to be less than one half of 1 percent when operating 

with a clear exhaust. 

INTRODUCTION 

The work of the National Advisory Committee for 
Aeronautics in developing the 4-stroke-cycle compres¬ 
sion-ignition engine for aircraft use has been carried 
on chiefly with twro different types of these engines. 
The one type utilizes high velocity of air flow to obtain 
the necessary mixing of the air and fuel in the com¬ 
bustion chamber, while the other type has no effective 
air flow at the time of the injection of the fuel and the 
fuel itself must be distributed as uniformly as possible 
to obtain the required mixtui’e of air and fuel. 

The latter type of engine with its quiescent com¬ 
bustion chamber has been used for a series of tests 
which led to the development of multiple-orifice nozzles 
and verified the proportional-area principle for the 
design of these nozzles as reported in references 1 and 
2. After this work had been completed, attention 
was turned toward increasing the amount of air 
available for combustion as a means for increasing the 
power developed. 

It lias become accepted practice to increase the 
powrer output of the spark-ignition aircraft engine by 
boosting the inlet-air pressure so that the engine will 
induct more charge than would be inducted under 
atmospheric pressure. The work of Sehey and Young 
(reference 3) with a spark-ignition engine has shown 
the additional increase in engine power that may be 
obtained by boosting when using a large valve overlap 
to effect better scavenging of the clearance volume. 
They have pointed out that the ratio of the power 
with complete scavenging to that with normal scaveng¬ 
ing should be equal to the ratio of the volumes of the 
charge rj(r—1) where r is the compression ratio. 
This formula shows that with an increase in compres¬ 
sion ratio the increase in power to be obtained de¬ 
creases; therefore, it does not seem to offer much 
advantage for the compression-ignition engine on a 
comparative basis with the spark-ignition engine. 
However, boosting the air charge in a compression- 
ignition engine showed better net fuel economy and 
caused the engine to operate with less combustion 
shock (reference 4). 

Boosting a 4-stroke compression-ignition engine not 
only introduces more air per cycle for supporting 
combustion, but it also reduces the proportional 
amount of residual gases in the air charge, because 
the amount of residual gases carried over is practically 
constant depending upon the exhaust back pressure. 
As the amount of residual gases left in the combustion 
chamber is affected by a change of valve timing, the 
engine performance was investigated both with normal 
valve timing and boosting and also with a large valve 
overlap and boost pressures to effect better scavenging 
of the clearance volume. 

525 



526 REPORT NATIONAL ADVISORY COMMITTEE FOR AERONAUTICS 

This investigation was conducted during 1931 and 
1932 in the power plants laboratory of the National 
Advisory Committee for Aeronautics at Langley 
Field, Va. 

APPARATUS AND METHODS 

The engine and combustion chamber used in these 
tests are described in references 1 and 2. The com¬ 
bustion chamber (fig. 1) is a vertical disk-shaped space 
formed between the valve heads and has a smooth, 
flared orifice connecting this space to the main cylinder. 
The piston runs within mechanical clearance of the 
cylinder head, insuring the displacement of the air 
charge into the combustion chamber. For all the 
test data presented in this report the compression 
ratio was held constant at 12.6. LTnless engine speed 

I from the individual orifices in a container with a long 
neck shown in figure 2. The sum of the weights of the 
sprays from the individual orifices caught in this way 
was within ± 1 percent of the weight of the sprays from 
all orifices caught simultaneously under the same con¬ 
ditions. The areas of the orifices discharging insuffi¬ 
cient fuel were increased until all spray discharges 
were in the proper ratio. The nozzle as finally used 
had two main orifices of 0.020-inch diameoer, two inter¬ 
mediate orifices of 0.011-inch diameter, and two out¬ 
side orifices of 0.007-incli diameter. The orifices were 
arranged symmetrically about the center line of the 
nozzle with an angle of 25° between adjacent axes. 

With the injection system used for these tests the 
duration of injection for a fuel quantity of 0.000325 
pound per cycle was 24 crank degrees at 1,500 engine 

o, Fue! valve location 

_ Maximum cylinder 
■ pressure indicator 

valve location 

Figure 1.—Combustion chamber. 

was the variable the speed was held constant at 1,500 
r.p.m. 

The fuel pump used for the tests was a cam-operated 
plunger pump with a poppet by-pass control. A 
spring-loaded automatic injection valve, set to open 
at 3,000 pounds per square inch, was installed in the 
top hole of the combustion chamber. The fuel- 
injection valve nozzle used had six round-hole orifices 
arranged in a plane parallel to the heads of the exhaust 
and inlet valves. 

Observation of the fuel spray in the atmosphere 
indicated that, as the areas of the orifices were in¬ 
creased for the greater discharge area required for 
boosted operation, the flow of fuel from the large main 
orifices reduced the effective pressure on the other 
orifices and therefore the fuel distribution did not 
fulfill the requirements outlined in reference 2. This 
lack of proportion was verified by catching sprays 

r.p.m. The fuels used were conventional Diesel- 
engine fuels described in reference 5 as fuels no. 1 and 
no. 2. The injection advance angle was determined by 
noting, with the aid of a Stroborama, the start of fuel 
spray while injecting into the atmosphere. 

Figure 3 shows a flow-area diagram both for the 
normal valve timing and for the valve-overlap timing 
used for the engine tests. The ordinate represents the 
area exposed to gas flow at the inner valve seat diam¬ 
eters. For the valve-overlap setting the valve heads 
were allowed to run within 0.016 inch of each other at 
the point of closest travel. This condition allowed as 
nearly as practicable a free path for the scavenging air 
through the combustion chamber. 

Figure 4 is a schematic diagram of the apparatus 
used in conducting the tests. A Roots-type blower was 
separately driven at the required speeds for supplying 
air at pressures up to 10 inches of mercury. A 16- 
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cubic-foot tank was connected in the air duct between 
the blower and the engine for damping- pulsations. A 
mercury manometer was installed on the tank for 
measuring the effective air-charging pressure. The 

in boost pressure, but the variation for comparative 
tests was negligible. 

Gas samples were taken at a point approximately 
5 inches from the exhaust-valve port under conditions 

Figure 2.—Apparatus for catching sprays from individual orifices of a multiorifice 

nozzle. 
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Figure 3.—Comparison of valve time-area diagrams with overlaps of 15° and 145° 

length of the air duct between the tank and the engine 
was reduced to 15 inches to minimize the induction- 
wave effect. A revolution counter operated through an 
electro-magnetic clutch was used to record the blower I 

of variable-fuel quantity, with and without valve 
overlap and with and without boost pressure. A steel 
tube was used for conducting the gases to a sampling 
bottle. A modified Orsat gas-analysis apparatus 

A, Air duct 5" 
nometer. E. Motor. 

diameter, 15,/ long. 13. Exhaust stack, 5 longi 3^ diameter section, 2 8 , Section - 4 
F. Roots-type blower. G, Surge tank. 16 cu. ft. capacity. H. Tapered section, perforated. 

tapers to 1H" diameter. C, Exhaust trench. D, Ma- 
I, Test engine. /.Thermometer. K, Water sprayer. 

revolutions during a test run. Slip-speed data taken 
over a range of speeds enabled calculations to be made 
for determining the air quantities delivered to the 
engine. The air temperature and barometric pressure 
were used for determining air weights. The air tem¬ 
peratures were not controllable and the temperature 
increased approximately 40° F. for a maximum increase 

(reference 6) was used for analyzing the samples of 

exhaust gas. 
For all conditions of engine operation the injection 

advance angle was increased until a light permissible 
knock was heard or until the maximum cylinder pres¬ 
sure reached 900 pounds per square inch as recorded 
by a modified Farnboro indicator. The limit of al- 
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lowable injection advance angle as judged from the 
sound of the engine was usually about 2° or 3° greater 
than the earliest advance angle at which no knock 
could be heard. 

The exhaust gases were observed during the engine 
tests through a peephole located in the exhaust mani¬ 
fold about 11 inches from the exhaust-valve port. 
The limit of the clear-exhaust range, as used in the 
discussion, was that marked by the first appearance of 
short flashes of flame or of a slight haze. 

The maximum cylinder pressures were obtained from 
the readings of a trapped-pressure indicator and 

O 1.0 2.0 3.0 4.0 5.0x10-4 
Fuel quantify, lb./cycle 

Figure 5.—Performance obtained with and without boost pressure (normal valve 
timing, speed 1,500 r.p.m.). 

checked at intervals by a modified Farnboro indicator. 
The trapped-pressure readings are 10 to 70 pounds per 
square inch lower than the Farnboro readings. 

All performance data shown in this paper are pre¬ 
sented on a net basis by subtracting the power re¬ 
quired by the blower. Unless otherwise stated, all 
comparative data were obtained under comparable 
engine operating conditions. 

RESULTS AND DISCUSSION 

Because of the accessory equipment driven by this 
single-cylinder test unit, the mechanical efficiency is 

less than that obtained by a multicylinder engine. 
The mechanical efficiency of this engine calculated 
for full-load operation with no excess air is as follows: 
77.0 percent for no boost and no valve overlap, 77.6 
percent net for 8% inches of mercury boost and no 
valve overlap, 78.6 percent for no boost and with valve 
overlap, and 82.0 percent for 6/4 inches of mercury 
boost and with valve overlap. 

Figure 5 shows the effect of boosting a compression- 
ignition engine with normal valve timing. The curves 

I show that the gross brake mean effective pressure 
when boosting is equal to the unboosted value for the 
small fuel quantities. The net brake mean effective 
pressure, when boosting, is less than when unboosted 
for small fuel quantities but greater for all fuel quan¬ 
tities above 0.00025 pound per cycle. This fuel 
quantity corresponds to an excess air quantity of 30 
percent for the normal engine. It has been found from 
the results of many tests that additional air increases 
the brake performance of the normal engine only when 
the engine is operated over a range of excess air from 
0 to 30 percent. Excess fuel does not improve engine 

performance but may decrease the rate-of-pressure 
rise. It would appear from the data for indicated 
mean effective pressure that boosting an engine using 
normal valve timing increases the capacity of the 
engine and that the increase in indicated engine power 
is proportional to the additional amount of air inducted 
for a condition of approximately full-load operation. 
The balanced-diaphragm maximum-cylinder-pressure 
indicator shows that the difference in maximum cylin¬ 
der pressure between individual cycles becomes con¬ 
siderably less when the engine is boosted. The engine 
operation becomes smoother with less combustion 
shock for boosted conditions. Although these results 
were obtained from tests at a compression ratio of 
12.6, they should be true for other compression ratios 
except where other factors may have a greater influ¬ 
ence on the engine operation. When boosting the air 
charge of a normally timed engine the proportional 
amount of residual gases in the fresh charge decreases 
and, as will be discussed later, these gases have an 
effect on the combustion characteristics. 

Figure 6 shows the increase in engine performance 
with clear exhaust obtained by scavenging the com¬ 
bustion chamber. At zero boost pressure there is 
an increase in brake mean effective pressure and a 
decrease in fuel consumption when scavenging, even 
though the weight of air received by the engine is 
less than when using normal valve timing. This 
increase in brake mean effective pressure shows that 
the combustion characteristics are improved by the 
removal of the residual gases. The clear-exhaust 
performance for the large valve overlap increases 
very rapidly up to 2V2 inches of mercury boost pressure 
and then increases very slowly for further boost 
pressure. Thus it may be concluded that at 2}{ inches 
of mercury boost pressure the combustion chamber is 
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practically completely scavenged of residual gases 
and any further increase in performance is due to 
the additional air that can be trapped in the cylinder 
as the induction pressure is increased. The recorded 
compression pressures for scavenging operation show 

lower values than for normal operation for all boost 
pressures, probably as a result of a decrease in the 
air retained in the cylinder and of a loss of the heat 

carried by the residual gases. 

It should be noted that as the boost pressure is 
increased the brake mean effective pressure with 
clear exhaust and normal valve timing approaches 
that obtained with valve overlap, and at some high 
boost pressure would probably equal the brake mean 
effective pressure with valve overlap. This condi¬ 
tion is brought about mainly by the improved com¬ 
bustion characteristics caused by the decreasing pro¬ 
portional amount of residual gases. As the boost 
pressure increases, there is inducted an increasingly 
greater air charge, and as the weight of residual 
gases is dependent upon the exhaust back pressure, 
they remain practically constant and become a pro¬ 
portionally smaller part ol the new charge in the 
cylinder. This decreased effect of the residual gases 
for a boost condition is probably responsible to a 
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large degree for the smoother engine operation noted 
in the previous discussion. 

The compression-ignition engine always has a large 
excess of air available when starting or idling and 
the use of valve overlap does not require any special 
arrangements or apparatus for maintaining a proper 
mixture ratio. In the course of these tests the start¬ 
ing and idling characteristics of the engine were 
quite satisfactory and no difference could be de¬ 
tected between starting or idling with normal valve- 
timing and with valve overlap. The variation in 
boost pressure, as could be expected, had no effect 
on either starting or idling. 

Exhaust-gas analysis has shown that with clear 
exhaust operation and normal valve timing the 
compression-ignition engine has less than one half 
of 1 percent carbon monoxide gas in the exhaust. 
During a test with the large valve overlap and a 

Figure 7.—Effect of scavenging on engine performance—variable fuel quantity 

(1,500 r.p.m., net results). 

medium boost pressure enough excess fuel was in¬ 
jected to show excessive smoke and flame in the 
exhaust, but the exhaust-gas analysis showed only 
three quarters of 1 percent carbon monoxide gas. 

Figure 7 shows the effect of scavenging the com¬ 
bustion chamber by using 145° valve overlap and 
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6% inches of boost pressure for variable fuel quantity. 
The unboosted performance and the net performance 
for 8% inches of boost pressure obtained with normal 
valve timing are shown in comparison with the 
scavenged net performance. It should be noted that 
the scavenged performance is better than the un- 
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ciency (speed 1,500 r.p.m.). 

scavenged performance for all fuel quantities. Figure 
8 shows the net brake thermal efficiencies for these 
data. 

Figure 9 shows the comparative engine performance 
for variable fuel quantity both for normal valve timing 
and valve-overlap timing when no boost pressure is 
used. The increase in engine performance for a 
scavenged condition is effective over the entire fuel 
range even though there is less air trapped in the cylin¬ 
der when using valve overlap as shown bv the data for 
zero boost pressure in figure 8. The increase in the 
indicated mean effective pressure for all points, includ¬ 
ing the small fuel quantities where the excess air in 
the combustion chamber is more than 30 percent, 
indicates quite definitely that the combustion charac¬ 
teristics are improved when some of the residual gases 
are removed. Tiie injection advance angle used was 
18° for both the normal valve timing and for the valve- 
overlap data shown on this figure. 

Figure 10 shows the effect of speed on engine per¬ 
formance with a boost pressure of 3 inches of mercury, 
a valve overlap of 145°, and clear exhaust. For each 
speed the maximum injection advance angle for smooth 
operation was used, and this limitation made it neces¬ 
sary to retard the advance angle as the speed of the 
engine was reduced. The fuel quantity was increased 
to the maximum that would allow clear exhaust for 
each engine speed and the fuel quantity varied from 
0.000256 to 0.000280 pound per cycle. For all practi¬ 
cal purposes the fuel quantity could have been held 
constant and then the brake-horsepower curve would 
have been practically a straight line. The brake mean 

effective pressure remained fairly constant over the 
range of speeds, as did the fuel economy. The brake 

thermal efficiency of this engine for the entire speed 
range was between 29 and 33 percent and the indicated 
thermal efficiency varied from 33.7 to 40.2 percent. 

In figure 11 are shown data taken under conditions 
simulating propeller load when operating the engine 
with the large valve overlap and a boost pressure 
comparable with the pressure from a Roots-tvpe 
blower driven directly from the engine. The blower 
used was oversize for the single-cylinder engine and 
it was only necessary to drive it at one third engine 
speed. In accordance with the output of a suitably 
sized and geared blower the boost pressures were 
increased linearly from 3% inches of mercury at an 
engine speed of 900 r.p.m. to 6% inches of mercury at 
1,700 r.p.m. When making the propeller-load run, 
the full-load rating of the engine was arbitrarily taken 
to be 38 brake horsepower at 1,700 r.p.m. At this 
rating there was a small amount of smoke and flame 
present in the exhaust. The exhaust was clear for the 
speeds less than 1,600 r.p.m., which indicates efficient 
operation in the cruising range. For a range of speeds 

O 1.0 2.0 3.0 4.0x10-4 
Fuel quantity, tb./cycle 

Figure 9.—Comparison of engine performance using normal valve timing and 145° 
valve overlap (no boost, 1,500 r.p.m.). 

from 1,600 r.p.m. to 1,100 r.p.m the fuel consumption is 
between 0.47 and 0.435 pound per brake horsepower 
per hour. The flatness of the fuel-economy curve for 
variable speed indicates the desirability of this type of 
engine operation for aircraft. In order not to exceed 
an allowable knock, it was necessary to retard the 
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valve overlap, 3 

injection advance angle for reduced speeds as 
in the other variable-speed tests, but to a lesser 
degree, owing to the reduction in fuel quantity 

for the reduced speeds. 
The friction mean effective pressures as af¬ 

fected by speed, boost pressures, and valve over¬ 
lap are shown in figure 12. The values shown 
are for the engine alone, as the blower was sep¬ 
arately driven. Practically no difference is ob¬ 
servable between the friction mean effective 
pressures for normal valve timing and for the 
large valve overlap. Boosting the inlet pres¬ 
sure decreases the friction mean effective pres¬ 
sure because the induction air does work on the 
piston. If the blower were geared directly to 
the engine shaft, the values shown would of 
course be increased by the amount of mean 
effective pressure required to drive the blower. 
For example, at 1,500 r.p.m. and 8% inches of 
mercury boost, the friction mean effective pres¬ 
sure would be 36 pounds per square inch instead 

of 27. 
Figure 13 shows an indicator card taken with 

the Farnboro indicator while obtaining the data 
for figure 6. The performance values are 143.5 
pounds per square inch indicated mean effective 
pressure, 111 pounds per square inch net brake 
mean effective pressure, and a net specific fuel 

consumption of 0.407 pound per brake horsepower per 
hour with a clear exhaust. The boost pressure was Q% 

inches of mercury and the valve overlap 145°. The 
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Figure 12.—Effect of speed, boost pressure, and valve timing on f.m.e.p. 

multiplicity of points on the indicator card shows the 
large number of engine cycles used for recording this 
pressure-time diagram and the small dispersion of the 
points indicates the regularity and consistency with 
which the pressure cycle repeated itself when the 
engine was operating with boosting and valve overlap. 

It may be noted that for 3 inches of boost pressure 
and 1,500 r.p.m. the brake mean effective pressure on 
figure 10 is 106 pounds per square inch; whereas for 
the same boost pressure and speed, 112 pounds per 
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square inch is shown on figure 6. The difference is 
due principally to the use of two different fuels and 
the different fuel quantities considered to give clear 
exhaust. The fuels are noted as no. 1 and no. 2 in 
reference 5. Fuel no. 1 has a longer ignition lag and 
therefore a faster rate-of-pressure rise and a greater 
tendency to knock than fuel no. 2. Observations of 
engine power and inspection of the exhaust show that 
both fuels will carry the same load with practically 
clear exhaust up to flame start, but with fuel no. 2 a 
haze precedes the start of flame as shown in figure 11. 
The appearance of this haze may be accounted for by 
the shorter ignition lag of the fuel and the correspond¬ 
ingly earlier occurrence of high temperatures due to 
combustion, which would cause some of the fuel from 
the latter part of the injection to pass through regions 
of high temperature, and probably cause the formation 
of free carbon particles. This early occurrence of high 
temperatures would also tend to reduce the penetra¬ 
tion and prevent some fuel from reaching sufficient 
air for combustion. 

Indicator cards taken during the variable-speed 
tests showed that the rate-of-pressure rise in pounds 
per degree of crank travel decreased as the engine 
speed was increased. At 1,700 r.p.m. there was prac¬ 
tically no audible knock. Although it was not deemed 
advisable to operate the single-cylinder test engine at 
higher speeds, there was nothing in the fuel system or 
engine combustion characteristics to indicate that 
speeds higher than 1,700 r.p.m. could not be used to 
advantage. 

In view of the cooling effects that result from scav¬ 
enging the combustion chamber with fresh air and the 
improved combustion characteristics resulting from 
the removal of the residual gases, it was considered 
advisable to investigate the heat loss to the cooling 
system under conditions of normal valve timing and for 
scavenging conditions when using valve overlap. It 
was found that with normal valve timing the heat loss 
to the coolant was 17.0 percent of the total heat of the 
fuel, and by using the large valve overlap and a scav¬ 
enging pressure of 3/ inches of mercury this heat loss 
was not materially reduced. 

All the test data herein reported were obtained at a 
compression ratio of 12.6 but, for purposes of deter¬ 
mining the optimum available compression ratio, com¬ 
parative tests were made at a compression ratio of 15.0. 
It was found that at the high compression ratio it was 
not practicable to boost with normal valve timing, for 
the reduction in ignition lag reduced the permissible 
injection advance angle to a point where good distri¬ 
bution of the fuel throughout the air charge was not 
possible in the time available, and the exhaust became 
hazy for reasons previously stated. The use of a large 

valve overlap allowed smoother boosted operation at 
the high compression ratio than the normal valve 
timing but, with either, the high compression pressures 
caused the maximum cylinder pressures to be raised 
from 150 to 200 pounds per square inch higher than at 
the lower compression ratio, and the resultant engine 
performance was not as good. For best engine opera¬ 
tion the injection advance angle was increased to a 
point where the indicator card showed the cylinder 
pressure breaking away from the compression line 
ahead of top center. For the compression ratio of 
15.0 the injection advance angle was necessarily re¬ 
tarded below that used at the lower compression ratio 
and, for a full-load fuel quantity and with optimum 
injection advance angle, the maximum cylinder pres¬ 
sure for the compression ratio was 1,000 pounds per 
square inch. 

The better engine performance at the 12.6 compres¬ 
sion ratio indicates that a range of compression ratios 
should be investigated so as to establish the most ad¬ 
vantageous balance between the requirements for fav¬ 
orable combustion characteristics and the requirements 
for proper formation of the necessary mixture of fuel 
and air. 

CONCLUSIONS 

Boosting the air charge of a high-speed 4-stroke- 
cycle compression-ignition engine without removing 
the residual gases tends to make the engine operation 
smoother, and for a vertical-disk form of combustion 
chamber operated at a compression ratio of 12.6 the 
indicated mean effective pressure is increased in pro¬ 
portion to the additional air inducted. 

Removing the residual gases from the clearance vol¬ 
ume of a compression-ignition engine improves the 
combustion characteristics, results in decreased spe¬ 
cific fuel consumption, and permits operating at 
higher fuel quantities with a clear exhaust. 

The residual gases can be removed efficiently from 
the clearance volume of a high-speed, 4-stroke-cycle 
compression-ignition engine by using a valve overlap 
of 145° and a pressure difference of from 2 to 5 inches of 
mercury across the inlet and exhaust ports. 

The increase in engine power effected by scavenging 
the combustion chamber of a compression-ignition 
engine is greater than the increase that can theoreti¬ 
cally be obtained by adding additional air equivalent 
to the replacement volume of exhaust gases. 

The starting and idling characteristics of a compres¬ 
sion-ignition engine are not affected either by boosting 
or by scavenging with a large valve overlap. 

The operation of this engine at a compression ratio 
of 15 at high scavenging pressures was unsatisfactory 
because of inferior performance and higher maximum 
cylinder pressures. 
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The percentage of carbon monoxide gas in the ex¬ 
haust of a compression-ignition engine when operating 
with a clear exhaust is less than one half of 1 percent. 

Langley Memorial Aeronautical Laboratory, 

National Advisory Committee for Aeronautics, 

Langley Field, Va., June 10, 1983. 
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REPORT No. 470 

THE N.A.C.A. TANK 

A HIGH-SPEED TOWING BASIN FOR TESTING MODELS OF SEAPLANE FLOATS 

By Starr Truscott 

SUMMARY 

This report describes the high-speed model towing 
basin of the National Advisory Committee for Aeronautics, 
usually referred to as the N.A.C.A. tank. The purpose 
of this piece of equipment is to enable the Committee to 
provide information and data regarding the performance 
of seaplanes on the water analogous to the information 
furnished concerning the performance of airplanes in 
the air. 

The tank and its equipment, together with the method 
of operation, are described, and the type of work done 
in it is illustrated by data from two typical tests. The 
one was to determine the effect on the take-off performance 
of a model of the hull of a flying boat of fitting the step 
with “hooks” of three different heights, and the second 
to determine the effect on the take-of performance of the 
same model of fitting the bottom just forward of the main 
step successively with two and three flutes of two different 
depths. In each case the performance with the alterations 
is compared with the performance of the model with a 
plain bottom. The distinctive discontinuities found, in 
the speed-resistance curves at hump speed are a notable 
feature of the results of these tests. 

INTRODUCTION 

HISTORICAL—GENERAL CONSIDERATIONS 

A survey of the information available regarding the 
application of the results of tests of models in towing 
basins to the design of floats for seaplanes was made 
by the National Advisory Committee for Aeronautics 
in 1929. It was found that the development of 
flying boats and seaplanes had been assisted very 
much in the United States, and possibly more in other 
countries, by tests of models in towing basins or tanks 
(references 1 and 2). Some tanks already existed 
which were designed especially for testing models of 
seaplane floats and the construction of other tanks 
for this special purpose was projected (references 
3 and 4). There was no such tank in the United States; 
in fact, there were only two tanks, both constructed 
before the appearance of the seaplane and designed 
originally to test models of ships. The construction 
in the United States of a special towing basin that 

could be devoted to tests of models of seaplane floats 
and hulls might reasonably be expected to be of 
great assistance in the further development of this 
type of aircraft, the importance of which appeared 
to be increasing. 

In considering the construction of such a piece of 
equipment it was necessary to evaluate many features, 
and in the case of the N.A.C.A. tank the decisions 
arrived at led to the incorporation of certain novel 
features which appeared to be more suitable for their 
respective purposes than the constructions used in 
other tanks. The reasons for these decisions are of 
general interest and discussions of them will be found 
later in the report. 

CHARACTERISTICS OF SEAPLANE FLOATS 

The desirable characteristics of the float supporting 
a seaplane are many, but among them may safely be 
included the following: 

1. Low resistance to propulsion on the water. 

2. Freedom from tendencies to trim or pitch vio¬ 
lently while being propelled on the water. 

3. Freedom from excessive moments, about the cen¬ 
ter of gravity of the whole craft, of the hydrodynamic 
forces arising from propulsion on the water. 

4. Freedom from excessive spray or from throwing 
solid water upward or outward to excessive distances 
while being propelled on the water. 

5. As great stability as is compatible with other 
properties. 

6. Low drag in the air. 

The combination of these characteristics, with others 
which have not been mentioned, in a single form pre¬ 
sents a problem which has been solved in widely differ¬ 
ent ways by different designers. The forms adopted 
have changed as experience dictated and with the de¬ 
mands of the respective users until they have taken 
the distinctive shapes now associated with certain de¬ 
signers, and even with certain nations. This process 
has been influenced also by the results of tests made 
in model towing basins to determine the hydrody¬ 
namic properties of models of the various forms pro¬ 
posed or adopted. 

535 
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TESTS OF MODELS IN MODEL BASINS 

When the development of the seaplane began, model 
towing basins had been in regular use for about forty 
years for the purpose of obtaining information as to 
the performance of surface vessels of all types, and it 
was only natural to turn to the towing basins for as¬ 
sistance in designing seaplane floats. Although much 
valuable information was obtained from the ship- 
model towing basins, it was soon perceived that tests 
of models ol seaplane floats in such model basins suf¬ 
fered from serious disadvantages because of the rela¬ 
tively low speeds of the towing carriages (reference 1). 
These disadvantages become apparent from a consid¬ 
eration of the method of applying the results from 
such tests, which generally is as follows: 

The total resistance of the model, and of the ship, 
is assumed to be made up of two parts: frictional or 
viscous resistance, and wave-making resistance. The 
former is computed for the model by the use of gen¬ 
erally accepted formulas and coefficients, and is de¬ 
ducted from the total measured resistance. The re¬ 
mainder, the wave-making resistance, is assumed to 
follow that particular one of the Laws of Mechanical 
Similitude, usually called Froude’s Law, which may 
be expressed as follows: If V and v are corresponding 
speeds of ship and model, of lengths L and /, respec¬ 
tively, and Rw and rw are the respective wave-making 
resistances at those speeds, then at the corresponding 
speeds of ship and model 

_K _ Jl 
VX“ /l 

or 

y 
The total resistance of the ship is then obtained for 
each corresponding speed by adding to the wave¬ 
making resistance determined from the tests of the 
model the frictional resistance computed anew from 
the dimensions of the ship and its speed. 

SIZES OF MODEL AND EFFECTS OF SCALE 

The expression for corresponding speeds shows that 
no matter how large the tank may be the maximum 
size of the model that can be towed at the speed corre¬ 
sponding to a given speed of the full-size craft is fixed 
by the maximum speed of the towing carriage. If the 
get-away speed L of a full-size seaplane is 60 miles per 
hour, the full-size length L 64 feet, and the maximum 
speed of the towing carriage v 15 miles per hour, then 

60_ 15 

V64 “ VT 

and the length of the longest model of the seaplane 
that can be towed at a speed corresponding to get-away 
speed will be 4 feet. As the get-away speed of the 
craft increases for a given length of hull, or as the 
length of the hull decreases for a given get-away 
speed, the length of the model that may be towed to 
get-away speed decreases. 

It must also be remembered that, in contrast with 
the smooth fair form found in a ship, the form of the 
hull of a seaplane or flying boat includes definite dis¬ 
continuities, as the chines and steps. At high speeds, 
irregularities and inaccuracies in a model may be 

expected to produce serious disturbances in the results 
of tests. If the models of the hulls of seaplanes must 
be made to very small scale, the accuracy of the models 
to dimensions must be most carefully maintained, 
otherwise doubt may be thrown on the conclusions. 

Difficulties of even more serious character appear 
with the demonstration that there is a scale effect on 
the resistance and other quantities measured that 
increases as the size of the model is reduced (references 
5 and 6), and that the difference between the waves 
and spray produced by a model and those of the full 
size at the corresponding speed increases as the size 
of the model decreases (reference 6). As it has been 
the general practice to consider the observed resistance 
of models of seaplane floats as all wave-making 
resistance, and to obtain the resistance of the full-size 
craft by converting the whole according to Froude’s 
method, these scale effects may explain some of the 
observed discrepancies. 

ADVANTAGES OF A LARGE TANK 

In view of the disadvantages found in the use of 
small models at low speeds, a new tank, to be of the 
greatest service, should be equipped to tow large models 
at high speeds so that the similarity of phenomena 
between full size and model might be greater, the 
accuracy of construction of the models need not be so 
great, and the conclusions drawn should therefore be 
more trustworthy. The nearer the approach to full- 
scale size and speed the more accurate and satisfactory 
would be the conclusions drawn from the tests. How¬ 
ever, it had to be remembered that excessively large 
models meant a correspondingly large tank and high 
speed of the towing carriage. The cost of such 
equipment would be more than correspondingly high. 

The circumstances just outlined were given careful 
consideration by the National Advisory Committee 
for Aeronautics, and it was decided to construct a tank 
which should represent an attempt to balance the 
various factors involved against one another. 

The construction of the tank was approved in 1929, 
and plans and specifications were prepared by the 
Committee in that year. Construction began in 1930 
and was completed in 1931. The new tank was offi- 
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cially dedicated at the time of the Sixth Annual Aircraft 
Engineering Conference, May 27, 1931, by Dr. D. W. 
Taylor, Vice Chairman of the Committee, who super¬ 
vised the construction of the first modern experimental 
model basin in this country, at the Washington Navy 
Yard, and whose work in that basin is known the world 

over. 
DESCRIPTION 

Type.—The N.A.C.A. tank is of the Froude type; 
that is, the model which is being tested is towed through 
still water at successive constant speeds from a carriage 
spanning the tank. At each constant speed the towing 
pull is measured, the trim and the rise, or change of 
draft, are recorded and, if the model is being towed at 
a fixed trim, the moment required to hold it there is 
measured and recorded. 

Location.—The N.A.C.A. tank is located at Langley 
Field, Va., and extends about north and south along 
the west bank of the Southwest Branch of Back River, 
the distance from the shore varying from about 75 to 

150 feet. (See fig. 1.) 
Dimensions.—The reinforced concrete basin con¬ 

taining the water has the following dimensions: 
Feet 

(1) Length on water, extreme_ 2, 020 
(2) Normal width of water surface_ 24 
(3) Normal depth of water_ 12 
(4) Length of 12-foot depth_ 1, 980 

The sides of the tank are coved in above the water 
line in order to bring the rails closer together and 
thus reduce the width of the car, and also to assist 
in suppressing the waves which are produced by the 
models. The appearance of the empty tank is shown 

in figure 2. 
The salt water with which the tank is filled is 

supplied from Back River by a centrifugal pump 
driven by an electric motor. The tank contains 
approximately 4,000,000 gallons of water which can 
be pumped in or out in about 40 hours. 

At the south end of the basin there is an annex 
containing the shop and offices, together with the 
pumping plant and the electrical equipment, in¬ 
cluding motor generator set, switchboards, etc., for 

the supply of current to the carriage. 
Shelter.—The whole tank is covered by a shelter 

intended more to protect the surface of the water 
from the effect of wind and weather than to maintain 
a temperature within the building. This shelter 
consists of a simple building 2,060 feet long and 28 
feet wide having a steel frame of ordinary construc¬ 
tion covered with corrugated sheets of an asbestos- 
cement composition. The trusses and columns sup¬ 
porting the roof are spaced at 20-foot centers, and a 
small window is placed in the middle of each 20-foot 
bay on each side and as high up as is feasible. These 
windows are glazed with light-diffusing glass to 
reduce the amount of direct sunlight falling on the 

water of the tank. The general arrangement of the 
tank may be seen in figure 3. 

Rails.—The rails on which the towing carriage 
runs are heavy H-beams set with the web vertical. 
They are supported on cross ties, or chairs, made of 
short lengths of steel tie section. The rails are laid 
in 60-foot lengths with staggered joints. The joints 
are not welded or scarfed, but are simply butted with 
sufficient clearance to permit the ends to come to¬ 
gether at a temperature of about 80° F. 

The rails are leveled to the same height above 
the water surface and the east rail is alined with 
extreme care. Leveling of the top surfaces of the 
rails is done by measuring from the surface of the 
water in the tank while it is perfectly still, using an 
electrical contact point on the extended spindle of a 
micrometer head. In this manner the rails are 
made to follow the curvature of the earth taken 
by the surface of the water. Careful checking of 
the measurements indicates that the rails are within 
±0.015 inch of parallel to the water surface. The 
alinement of the east rail is done by means of a 
special transit and reference points placed in the 
concrete of the tank. This rail is used to hold the 
car on the rails and in a straight line by means of 
guide wheels which bear on both sides of the web. 
There are no guide wheels on the west rail. 

Towing carriage.—The structure of the towing car¬ 
riage is of carbon-steel tube, with all joints welded. In 
order to insure accuracy of alinement in the girders form¬ 
ing the car structure, the ends of all the tubes meeting at 
a joint were milled to fit snugly before welding and all 
welding was done with the structure in a massive jig. 
The gear cases also are of welded construction. 

The structure of the car may be divided into a 
center-line girder, two side girders, and two trans¬ 
verse girders. The center-line girder is of sufficient 
depth to carry the dynamometer and to permit 
persons to stand within it. The other girders are 
shallower and are proportioned solely by the strength 
requirements and the necessity for securing other 
parts of the carriage, such as the electric motors 
and the reduction gears between the motors and the 
wheels. A general view of the towing carriage is 

; shown in figure 4. 
Wheels and tires.—The carriage runs on four 

i wheels fitted with pneumatic tires. These wheels 
i are mounted on stub axles, and are not connected 

by cross axles. They are each driven by an inde¬ 
pendent electric motor through a single-reduction 
herringbone pinion and gear. The pneumatic tires 

I are high-speed bus or truck tires, with smooth treads. 
The guide wheels which hold the carriage in aline¬ 
ment on the east rail have grooved solid rubber tires 

; of a medium soft composition. It is planned to 
! try small pneumatic tires later, although the present 

tires are very satisfactory. 
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Figure 1.—Airplane view showing the location of the N.A.C.A. 

1. The tank. 2. The full-scale tunnel. 3. The 

tank with respect 

propeller-research 

to other equipment of the Committee at Langley Field, Va. 

tunnel. 4. The administration building. 

Figure 2.—Looking north in the empty basin of the N.A.C.A. tank, 



A, 2,061 ft. 4 in. P, 2 ft. 0 in. 
B, 2,060 ft. 0 in. Q, 1 ft. 10 in. 
C, 160 ft. 0 in. R, 1 ft. 0 in. 
D, 57 ft. 4 in. S, Asbestos cement roofing and siding, 
E, .56 ft. 0 in. T, Braking rails. 
F, 28 ft. 0 in. U, Control desk. 
G, 25 ft. 0 in. V, Drain. 
H, 24 ft. 0 in. W, I-beams for chain hoists. 
1, 20 ft. 0 in. Y, Motor generator set. 
J, 18 ft, 6 in. Z, Office. 
K, 15 ft. 0 in. A', Pump pit. 
L, 12 ft. 0 in. B', Shop. 
M, 10 ft. 0 in. C', Sliding doors. 
N, 3 ft. 6 in. D', Trimming basin. 
0, 3 ft. 0 in. E', Water level. 
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Propelling motors.—The four electric motors pro¬ 
pelling the car are each nominally of 75 horsepower, 
but for short periods they may be safely called upon to 
deliver 220 horsepower each. They are direct-current 
motors having two field windings. One of the fields is 
excited separately, and the other is excited by the arma¬ 
ture current from one of the other motors. The wiring 
is so arranged that the armature current from the front 
pair of motors passes through the field windings of the 
rear pair of motors, and vice versa. The shunt field 
current is held at a constant voltage and the speed of 
the car is varied by varying the voltage of the arma¬ 
ture current. The increase of the armature current 
during acceleration is controlled automatically to suit 
the rate of acceleration desired; the change to constant 
speed conditions is also made automatically. 

the carriage at definite positions easier. This brake is of 
the automotive type with internal-expanding shoes 
which are carried in brake drums fitted on the wheels. 

If the other braking systems should all fail the car¬ 
riage would be stopped by the emergency brakes at the 
end of the tank. These are continuous rail friction 
brakes consisting of two heavy T-bars securely an¬ 
chored to the concrete, one just outside each running 
rail. The stem of each projects vertically upward and 
forcibly sandwiches itself between two spring brake 
plates secured to the carriage. Four pairs of these brake 
plates are fitted on each side of the carriage. Instead 
of using coil springs to control the grip of the brake 
plates, the plates themselves are designed as flat-plate 
springs and the intensity of the braking action is con¬ 
trolled by the width of the initial opening between them. 

Figtjke 4.—The towing carriage of the N.A.C.A. tank. 

Electrical braking.—Current for propulsion is sup¬ 
plied to the car by four overhead trolley wires on 
which travel two armature trolleys and two field trol¬ 
leys. In addition there are two trolley wires and trol¬ 
leys providing two circuits for the control of the elec¬ 
trical braking of the carriage. Opening one of these 
circuits sets into operation automatically controlled 
regenerative braking, opening the other dynamic brak¬ 
ing. By means of a switch located at the control desk 
the operator can select either of two points along the 
tank at which the circuit controlling the regenerative 
braking will be opened and braking produced. If the 
incoming line voltage fails the braking automatically 

changes to dynamic. 
The electrical braking can also be applied at will by 

either the operator at the control desk or the personnel 
on the towing carriage. A hand-operated brake is also 
provided to assist in the final stop and to make spotting 

All the braking systems have been thoroughly tested 
and found to operate satisfactorily in service. The 
emergency brakes have been used but once. The car¬ 
riage was moving at less than 5 miles per hour and was 
stopped in less than 3 inches. The deceleration was 
violent but without shock. 

Control of operation.—The control of the whole pro¬ 
pelling system is concentrated at a control desk located 
at the south end of the tank. Here are the rheostats 
controlling the acceleration and determining the con¬ 
stant speed at which the carriage is to be propelled. 
Switches control the field and armature currents, and 
a selector switch controls the points at which the 
electrical braking is to be applied. A voltmeter 
and an ammeter are fitted to indicate the voltage 
and current in the armature circuit. The whole is 
mounted on a metal desk with the rheostats concealed 
within it. 
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The personnel carried on the car have no control of 

the speed of the car other than the ability to stop it at 

any time. They are free to give all their attention to 

taking the readings and to watching the behavior of 

the model being towed. 

Time and distance gear.—The speed at which the 

carriage has been propelled on any run is determined 

from the time and distance traveled. A special clock 

is mounted on the carriage and so arranged as to send 

an electrical impulse to the dynamometer every 

second. The distance traveled is given by an indica¬ 

tion in the dynamometer corresponding to every 5 

feet of travel. A steel tape extends the entire length 

of the tank, and is supported by brackets projecting 

down from the bottom chords of the roof trusses. I 

This tape has an accurately located hole through it 

every 5 feet. As the carriage moves along the length 

of the tank the tape is picked up by a set of rollers on 

the carriage and passes through a slot in a box placed [ 

between the rollers which contains a source of light 

and a photoelectric cell. The path of the light to the 

cell is interrupted by the solid tape, but when one of 

the holes in the tape passes through the box the light 

beam slips through and falls on the cell. The electrical 

impulse which this produces is amplified by a radio¬ 

type amplifier and is sent to the recording device of 

the dynamometer as a relatively powerful impulse. 

Motor-generator set.—The direct current for operat¬ 

ing the carriage is obtained from a motor-generator set 

located in the shop section of the building. This set 

consists of a 350-horsepower alternating-current motor, 

taking current at 2,200 volts, driving a 300-kilowatt 

direct-current generator and two direct-current ex¬ 

citers. One exciter provides current for the shunt 

fields of the motors on the car; the other provides 

exciting current for the alternating-current motor 

and the fields of the direct-current generator. 

The towing gear.—The arrangement of the towing 

gear is shown on figure 5. The model being towed is 

attached to the after end of a stiff latticed girder, or 

“ towing gate.” The forward end of this girder is 

attached to the dynamometer proper which weighs 

and records the pull of the model as it passes through 

the water. The length of the towing girder is as great 

as is feasible in order to reduce the obliquity of the 

pull as the model rises or sinks. The towing pull is 

applied to the model at a point corresponding to the 

center of gravity of the full-size craft and about this 

point the model can swing freely, when tests are made 

free to trim, or it can be held at any desired trim, and 

the moment required to hold it thus can be measured. 

A pointer moving with the model swings over a grad¬ 

uated scale and indicates the trim, while the deflection 

of a spring through which the constraining force is 

applied indicates the magnitude of the force and the 

moment which must be applied to constrain the trim. 

Two sizes of towing gates are available, each with 

its own gear for measuring the trim and moments. 

The lighter and smaller one is made of duralumin 

structural sections and is used with models up to 

about 10 feet in length; the “heavy” one, used with 

models up to 16 feet in length, is made of steel tubing 

and has exceptionally heavy gear for measuring the 

trim and moments. The weight of the gate is counter¬ 

balanced by weights on the end of a flexible wire rope 

suspended over a sheave. A large damping cylinder, 

fitted on the lower end of the rod carrying the weights, 

reduces any tendency to vibrate vertically. 

Through the point of suspension of the model is 

applied a vertical lift to simulate the lift derived from 

the wings of the full-sized craft. This lift is obtained 

from a flexible wire rope which passes over two sheaves 

to the upper end of a steel bar that is free to move 

vertically in roller guides. The upper end of the bar 

is fitted to receive weights to counterbalance any 

overweight of the model. At the lower end of the bar 

there is fitted a bronze blade that projects downward 

into the water. The immersed end of the blade is 

fitted to receive any one of several bronze hydrofoils, 

or hydrovanes, which can be firmly secured to it. The 

size of the hydrovane is selected to suit the model that 

is being tested and the angle of attack may be adjusted 

by changing the angle of the blade. The selection and 

adjustment of the hydrovane are so made that at the 

speed corresponding to the get-away speed of the full- 

sized craft the downward pull exerted by the hydro¬ 

vane will equal the weight corresponding to the gross 

weight of the full size and, if the model is balanced to 

that weight, it will be just lifted from the water. At 

any other speed the lift produced by the hydrovane 

will be to the lift at get-away as the square of the 

speed is to the square of the get-away speed and will 

correspond to the lift of the wings at that speed. The 

blade and the hydrovane are placed as far to one side 

of the model as is feasible to avoid any interference 

with the flow around the model. 

This method of supplying the lift corresponding to 

the wing lift implies that the lift coefficient of the 

wings does not change during the take-off. This as¬ 

sumption is contrary to the fact, but devices intended 

to provide a lift that will be varied automatically to 

correspond with the variation in angle of attack due 

to change in trim introduce complications and do not 

seem to be sufficiently trustworthy to warrant their 

use at present. Devices similar to the present one 

have been used for years with reasonably good results. 

It should also be remembered that if a large range of 

trim angles is involved the get-away speed can be 

varied to suit the change in angle of attack of the 

wings. In general, the difference in the values of A/R 

obtained is not great. The provision of a suitable 

device providing automatic variation of the lift with 



SCALE 

A, Adjustment of hydrovane. 
B, Bottom chord of roof truss. 

C, Box containing light source and photoelectric cell. 
D, Bracket for distance tape. 
E, Braking rail. 
F, Catenary. 
G, Chair. 
H, Damping cylinder. 
I, Distance tape 
J, Emergency brake. 
K, Film box. 

L, Frame for adjusting height of towing point. 
M, Guide. 
N, Guide wheel. 
O, Hydrovane. 

P, Light source. 
Q, Mirror. 
R, Rail. 
S, Reflecting ray. 
T, Rollers. 
U, Spring. 

V, Suspender. 
W, Towing gate. 
X, Towing link. 

Y, Trim and moment indicator 
Z, Trolley wire. 
A', Vertical bar. 
B', Water level. 

C-, Weights to counterbalance model. 

Figure 5.—Elevation and sections of the carriage and towing gear of the N.A.C.A. tank. 
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the trim is contemplated but its development has not 

begun. 

The rise of the model is indicated by a pointer, at¬ 

tached to the wire providing the lift, which traverses 

a vertical scale attached to the carriage. 

At the forward end of the towing gate are two ver¬ 

tical suspension links which support a part of the 

weight of the gate and any reaction from the trim¬ 

ming moments. There are thus no vertical forces 

applied to the weighing device of the dynamometer. 

A single horizontal link connects the beam to the 

weighing device, which consists of a stiff spring in the 

form of a single flat plate of steel. The magnitude 

of the pull exerted by the model is obtained by meas¬ 

uring the deflection of the spring. 

The upper end of the spring is rigidly attached to a 

massive tube supported in the center girder of the 

carriage and is presumed to have no deflection. The 

deflection of the lower end of the spring is magnified 

by an arm attached to it and extending up into the 

tube. The upper end of this arm carries a stylus, the 

point of which bears against a vertical plate mounted 

on a horizontal staff that also carries a horizontal 

mirror. The plate on the mirror staff is held against ' 

the stylus by a small hairspring. 

A beam of light projected against the mirror from a 

light source at the top of the tube is reflected back 

against a slit in the top plate of the tube. When a 

sheet of sensitized paper is moved at constant speed 

across the slit the reflected spot of light traces a curve 

that becomes visible on development. In addition to 

the curve from the movable mirror, a series of parallel 

straight lines are ruled on the record by light rays 

from six fixed mirrors. These are so adjusted as to 

provide a convenient series of reference lines. 

In order that the operator may be informed as to j 
the magnitude of the pull exerted by the model dur¬ 

ing the run, a second beam of light is projected against 

the measuring mirror at such an angle that as it re¬ 

turns to the top of the tube it may be intercepted by 

a horizontal mirror set to reflect the beam against a 

translucent screen. This screen is suitably graduated 

and the gross pull exerted by the model may be read 

from the position of the spot of light coming from the 

measuring mirror. 

The speed of the car is determined from the records 

of time and distance traveled. The time is indicated 

by successive dots produced by flashes of a lamp lighted 

every second by the timing clock. The distance is 

indicated by the breaks in a line traced on the sensitive 

paper by the light reflected from a galvanometer mirror 

mounted inside the tube. The deflection of this gal¬ 

vanometer is produced by the amplified impulse coming 

from the photoelectric tube which is illuminated 

every 5 feet as the car progresses along the track. 

The record thus obtained includes a curve showing 

the pull exerted by the model, a series of dots which 

indicate the time in seconds, and a broken line the 

deflections from which indicate 5-foot intervals of 

progress. The speed may be computed from the time 

required to cover a given distance, or the distance 

covered in a given time. 

The recording part of the dynamometer is mounted 

on a frame that can be moved vertically to bring the 

point at which the pull is applied to the spring to any 

desired height from the water. The movable frame is 

carried on four lead screws in a fixed frame, but two 

vertical guides on the fixed frame relieve the lead 

screws of any side load. 

PRELIMINARY TESTS 

The first task, after the work of construction was 

finished, was to assemble and test the equipment to 

demonstrate the accuracy of operation and the ability 

to reproduce results on successive runs. A number of 

novel features, referred to in the introduction, required 

especial attention. 

The designed maximum speed of the towing carriage 

had been set at 60 miles per hour for three reasons: 

First, to be sure that there would be ample acceleration 

for any speeds that might ordinarily be required (40 

miles pel- hour as the get-away speed of a %-size model 

of a seaplane having an 80-mile get-away was easily 

foreseen); second, to make it possible to determine the 

properties of details of bottoms, or of planing surfaces, 

at speeds at or near actual get-away speeds; and third, 

to make it possible to study the phenomena of fluid 

friction on surfaces moving at high speeds and the 

effects of roughnesses such as rivet heads and plate 

butts. High speeds meant high accelerations of the 

carriage and great length of run so that conditions might 

settle down before readings were taken, at a constant 

speed. 

The towing carriages of all previous tanks had run 

on wheels with iron or steel tires, usually of hardened 

steel carefully ground to perfectly circular form. 

These were used with steel rails which had been care¬ 

fully machined to give the greatest practicable smooth¬ 

ness and straightness to the surfaces. Such an arrange¬ 

ment appeared certain to be extremely costly if used 

on the very long tank that was contemplated. It 

I also appeared to include a promise of trouble. At the 

high accelerations, which were necessary if the already 

long tank were not to be longer, the torques trans¬ 

mitted to the wheels in starting the carriage might 

cause them to slip. Furthermore, in braking at the 

end of the testing run the brakes might lock and slide 

the wheels. Either event would spoil the truly 

circular form of the tires and might also spoil the 

smooth surface of the rails. At the high speeds 

which were contemplated the slightest irregularities 

in the rail or in the wheel, no matter how produced, 

j would surely produce violent shocks and erratic 

motion of the carriage. One method of avoiding the 
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high starting and braking tractions was to provide a 
catapult for accelerating and a reversed one for braking. 
These meant considerable increases in the cost and 
unknown difficulties in operation. 

A simple solution was to abandon the steel tires and 
substitute pneumatic rubber tires running on wide 
flat surfaces. Such tires could be made and kept very 
close to truly circular at no great expense. They 
would have much greater adhesion than steel tires and 
accelerating and braking torques could be correspond- 
ingly increased. There would also be less necessity 
for a fine finish on the rails for the tires would absorb 
slight irregularities and even provide damping for any 
vertical vibrations. 

Coupled with these advantages was a possible dis¬ 
advantage in that a pneumatic tire always has a flat 
surface in contact with the rail and the loaded radius, 
or axle height, is not the radius of the unloaded tire. 
Variations in this height might produce tramping or 
magnify vertical motions. 

The advantages appeared to outweigh the possible 
disadvantages and it was decided to use the pneumatic 
tires. It was realized that this was a radical departure 
from well-established practice and the testing and 
breaking in of the new equipment was carefully 
watched to determine exactly how the tires affected 
the operation of the towing carriage. 

During the trial period the carriage was operated 
through a wide range of speeds and accelerations. 
The maximum speed attained was 58}{ miles per 
hour. A still higher speed can be reached if required, 
probably more than the designed 60 miles per hour, 
but it was thought unwise to attempt it with equip¬ 
ment that was still new and not completely broken in. 
The carriage has since been operated at speeds of about 
50 miles per hour several times in connection with 
actual tests and the operation is even smoother than it 
was during the trial period. 

I he tests during the trial period showed very plainly 
that the pneumatic tires did not produce tramping, 
that they did damp out threatened vibrations and 
absorb the effects of slight irregularities, and also that 
for a given air pressure in the tires the axle height 
remained constant as nearly as could be determined. 

Because of the use of the pneumatic tires it had been 
decided to omit the planing of the top surface of the 
H-beams that were used as rails, and to install them 
as they came from the mill, depending on the tires to 
absorb any irregularities. The rails were laid with 
plain butt joints and no special arrangements were 
fitted to avoid shocks as the wheels crossed the rail 
joints. Steel tires would have hammered the open 
butt joints into violently distorted forms; pneumatic 
tires promised to leave then unharmed. The tests 
demonstrated that these anticipations were fulfilled. 

However, the heavy H-beam rails were of surprising 
rigidity, and leveling and alining them so that the two 

top surfaces should be parallel to the water surface 
and the web of one should be straight from end to 
end proved a time-consuming operation. About 
2,000 feet of rail had to be leveled on each side of the 

tank. Weather conditions sometimes produced surges 
in the water which stopped measurements for days. 
Some of these could be explained only by the theory 
that the barometric pressures at the ends of the tank 
sometimes differed by amounts sufficient to depress 
bodily the whole mass of water at one end and to permit 
it to rise correspondingly at the other. The change in 

level would be small but it would exceed the allowable 
error in leveling the rails. 

METHODS OF TESTING 

Tests of models of hulls or floats may be made in 
either of two ways. The earlier method was originally 
developed to obtain information regarding an aircraft 
for which most of the essential data are known. A 
second, or general, method does not require this infor¬ 
mation, and at the same time gives much more com¬ 
plete information than the earlier method. Both 
methods are susceptible of some modification, and 
may even be partially combined. 

Earlier, or specific, method.—The model is pre¬ 
sumed to be of a hull or float for a specific aircraft of 
which the gross weight, initial trim, position of center 
of gravity, and get-away speed are known. If the 

dimensions of the model are \ times those of the full 
A 

size, then according to Froude’s Law, 

L, length of full size. 

l = ^L, length of model. 

IF, gross weight of full size. 

w = W, gross weight of model. 

Vg, get-away speed of full size. 

= get-away speed of model. 

M, trimming moment of full size. 

m = V4 4/, trimming moment of model. 

The initial trim of the model will be the same as that 
of the full size and the position of the center of gravity 
of the model, which is the point at which the towing 
pull is applied, will be the same as that of the full size 
to scale. 

The weight of the model as constructed will rarely 
be that determined from the relations given above; 
usually it will be considerably heavier. Accordingly, 
counterweights are fitted on the top of the vertical bar 
carrying the hydrovane until the weight of the model 
which remains waterborne is exactly that correspond¬ 
ing to the gross weight of the full size. 
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The setting of the hydrovane device is then adjusted 
to give a downward pull, and an upward lift at the 
model, of w at speed vg. This is obtained approxi¬ 
mately from curves previously prepared and is 
checked and adjusted to the proper setting by trial 
runs. There is also prepared a curve showing the air 
drag produced by windage on the parts of the towing 

gear exposed to the air stream. 
The model is towed at a succession of constant 

speeds. Usually the first runs are made with the 
model free to trim. These are followed by other 
series of runs at various fixed trims. If no fixed trims 
have been specified these usually are 4°, 6°, and 8°. 
The speeds used vary with the size and type of model. 
The free-to-trim runs usually begin at about 5 feet 
per second and extend by intervals of 1 foot per 
second to about 75 percent of the get-away speed. 

to-trim runs. In most cases the trend of the curve 
governs the speeds selected and the range covered, and 
additional runs are made at critical points in the 

curves. 
During the runs the resistance, time, and distance 

are recorded automatically, while the trim angle and 
rise, for free-to-trim runs, or trimming moment and 
rise for fixed-trim runs, must be read by an observer 
stationed at the rear of the carriage. For fixed-trim 
runs it is also his task to operate the control of the 
electric motor that drives the device to apply the 
proper moment to hold the trim at the constant value 
which has been previously selected. 

Photographs of the model are taken at each speed 
at which the wave system or spray will be of interest. 
Two cameras are used and are located to give a 
record of those features of the wave system which show 

Figure 0.—Bow view of model of PII-1 flying-boat hull at 14 f.p.s., free to trim. 

At this speed the trim usually is back close to the 
initial trim and there would be danger of putting the 
bow of the model into the water if the speeds were 
carried higher with the model free to trim, which 
might result in the wreck of the gear and the breaking 
of the model. At such speeds the aerodynamic 
control of the full size should be sufficiently effective 
to control the attitude, which will be a considerably 
larger trim, and usually there seems no need to 
investigate a condition which does not ordinarily 
occur. It is possible, liow'ever, to carry the iree-to- 
trim runs further if necessary, but in such runs sub¬ 
stantial stops must be fitted to the model to keep it 
from suddenly trimming too far down by the bow, 

with possibly disastrous consequences. 
The aerodynamic controls have little effect at 

speeds much below 50 percent of get-away speed, so 
the fixed-trim runs usually begin at about 35 percent 
get-away speed and are carried up to, or very near to, 
get-away speed. Usually speeds are selected at some¬ 
what larger intervals for these runs than for the iree- 

the properties of the model most plainly. Two typical 
and simultaneous pictures are shown as figures 6 and 7. 

After the runs have been completed the sensitized 
paper on which the various points of light have been 
projected is developed and dried. Points giving a 
curve of gross resistance against speed have been 
made on a rough plot from readings of the repeater 
made by an observer, but the accurate readings of 
resistance and speed can be obtained only after the 

record has been developed. 
The resistance record appears as a wavy line through 

which a mean line can be drawn by eye, using a 
straightedge. Experience in drawing this mean line 
soon makes it possible to draw it so accurately that 
usually only one attempt is necessary. The height ol 
the mean line above the line representing zero resist¬ 
ance is multiplied by the instrument constant and 
gives the gross resistance in pounds. The true speed 
of the run is determined by the distance traveled in a 
given number of seconds, as recorded by the time and 

distance indicators. 
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Corrections.—The gross resistance is corrected for 
the error introduced by the obliquity of the towing j 
gear, which is determined from the rise of the model 
as read by the observer, and for the windage drag at 
the true speed. Both are obtained from curves pre¬ 
viously prepared. If the trimming moment has been 
observed it is corrected to take account of the fact 
that the vertical position of the center of gravity of 
the model is not at the towing point, where it was 
assumed to be, and that the weight of the model is 
not the true weight corresponding to that of the air¬ 
craft. These figures are obtained by weighing the 
model and determining the gravity moments it exerts I 
about the point of suspension. 

No correction is made for windage on the model 
itself. This part of the resistance probably varies as ! 

account of the effect of variations in the temperature 
of the water on the viscosity. 

The mean specific gravity of the water in the tank is 
very nearly that of normal sea water. If correction 
of the results of tests is desired it may be made on the 
basis of a mean specific gravity of 1.018. 

After the computations have been completed there 
remain for entering in a table of values for each speed 
the weight on the water (A), the resistance (R), the 
weight on water divided b}7 the resistance (A/R), the 
trim, the trimming moment if recorded, and the rise. 
The plots of these respective values as they vary 
with the speed provide the curves that indicate the 
behavior and properties of a design. 

General, or “ complete’’, method.—This method 
gives more general information than the specific 

Figure 7.—Beam view of model of PH-1 flying-boat hull at 14 f.p.s., free to trim. 

the wave-making resistance, or so nearly so as to cause 
an insignificant error in the conversion to full scale. | 
No correction is made for interference between model 
and gear. This is believed to be of relatively small im¬ 
portance, and there appears to be no reasonably simple 
method of determining the actual amount in each case. 

It has been found that testing can be done without 
serious difficulty at any temperature ordinarily met 
with, although the tank is unheated and consequently 
the air temperature varies with the outside conditions. 
However, extremely low temperatures last for such 
short periods that no serious delay has been noted from 
stopping work when operation becomes uncomfortable 

to those on the carriage. 
The change in temperature of the water in the tank 

is very slow and the maximum range so far has been 
from 44° F. in mid March to 63° F. in mid October. 
No attempt is made, at least for the present, to take 

method, and is especially useful if no data are at hand 
as to the complete airplane with which the float is 
to be used. It is the same as the method of testing 
described by P. Schroder in reference 7. In this 
method the model is towed at a number of fixed 
weights on the water with fixed trims and at various 
constant speeds, and the resistance, trimming moment, 
and rise are determined for each of these as in the 
earlier method. This method requires more runs but 
gives information which can be applied to more widely 
varying conditions of load, get-away speed, position 
of center of gravity, etc. The data obtained from 
the individual test runs are the same and the methods 
of deriving them are identical. In view of the more 
complete information obtained, this is usually referred 
to as the “complete” method. A full description of 
this method, with an example of its application, will 
form a later report. 
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ACCURACY 

The accuracy of the readings from the various parts , 
of the dynamometer and towing gear has been checked 
by frequent calibration and it is believed that the i 

values used in preparing the curves are correct within ; 

the following limits: 

Speed- 
Resistance- 

Rise- 
Trim_ 
Trimming moment 

±0.1 ft. per sec. 
±0.1 lb. 
±0.10 in. 
±0° 6'. 
±1.0 lb.-ft. 

While the possible errors may seem large, particu¬ 
larly the 1.0 lb.-ft. in the trimming moment, it will 
be seen by reference to the curves which appear later 
that they are relatively small percentages of the 

magnitudes involved. 

TYPICAL TEST DATA 

COMPARISON OF TAKE-OFF OF LANDPLANE AND SEAPLANE 

The special importance of reductions in the resistance 
to motion on the water of a flying-boat hull or a sea¬ 
plane float becomes apparent from an examination of 
the contrast found in the curves of figure 8. This 
figure presents the curves of resistance on the water 
and land and in the air which might be expected of a 
large amphibian flying boat. On land this machine 
runs up to take-off speed on wheels like any landplane. 
On water it runs to get-away like any flying boat. For 
simplicity it is assumed that the aerodynamic resistance 

is the same in both cases. 
The total resistance of the machine as a landplane 

before it leaves the ground consists of the sum of the 
aerodynamic resistance and the resistances due to 
friction and rolling along the ground. The sum of the 
last two is a maximum at the moment of beginning to 
move and becomes steadily less until it becomes zero 
at take-off. Compared to the resistance at take-off 
the initial value of the total resistance is not very large 
and at no time before take-off does it exceed that at 

take-off. 
The case is far otherwise when operating as a sea¬ 

plane. Here the total resistance before the craft l 
leaves the water is the sum of the aerodynamic resist¬ 
ance and the hydrodynamic resistance. The course 
of the former is the same as for the landplane but the 
hydrodynamic resistance shows a violent difference. 

From zero at the start it rises rapidly until at hump 
speed it may be double the total resistance at get¬ 
away. It then decreases, first sharply and then more 
slowly, until it becomes zero at get-away. The total 
resistance at hump speed often comes surprisingly 
close to equaling the thrust at that speed. Should 
there be any decrease in thrust or increase in resistance 
at this speed the margin of thrust available for accelera¬ 
tion might easily disappear and the craft would not be J 

able to reach a speed above the hump speed and could 

not leave the water. 
That hump of resistance menacing the propeller 

thrust stands out as a most obvious point to be 
attacked if we desire to improve the performance of 
seaplanes. Every reduction in its height and extent 
will be repaid by a decrease in the time and distance 
run to get-away and the margin for contingencies 
between the thrust and resistance will be correspond¬ 

ingly increased. 
In the case of the landplane very little can be done 

to reduce the already low rolling and frictional resist¬ 
ance while on the ground and it is mainly the aero¬ 
dynamic qualities that determine the time and length 
of take-off run. In the seaplane the hydrodynamic 
resistance is preponderant throughout almost the whole 
run on the water and reductions in the time and length 
of run to get-away must come almost solely from 

reductions in that resistance. 
The effect of small changes in the form or dimensions 

of the hull of a seaplane on the hydrodynamic resist¬ 
ance may be surprisingly large. On small models the 
effects of almost microscopic changes are correspond¬ 
ingly difficult to perceive and interpret. When larger 
models can be used, as in the N.A.C.A. tank, the 
changes themselves may be of a substantial nature; 
their effects are much more apparent and relatively 
easier to interpret. As illustrating this, we may con¬ 

sider the two following cases: 

THE EFFECT OF A “HOOK” ON THE STEP 

Designers sometimes introduce a hook, or sharp 
downward drop of the bottom, at the step of a flying- 
boat hull. Usually the depth of the addition is small 
and it is of very small extent fore and aft. On a small 
model the addition is hardly perceptible. 

Test of Navy PH-1 with hook.—In order to obtain 
information as to the effect of such hooks on the per¬ 
formance on the water of a typical flying boat, the step 
of a % full-size model of the hull of a Navy PH-1 flying 
boat that was known to have a good performance on the 
water and in the air was fitted successively with hooks 
of three different sizes. A general plan of this model 
with the principal dimensions appears in figure 9. The 
model was made of pine and finished with several coats 
of enamel. The model was carefully checked on a 
surface plate for closeness to dimensions and it was 
found that the underwater body was within ±0.01 

inch of the designed dimensions. 

The dimensions of the hooks appear on figure 10. As 
fitted on the model these dimensions were held to 
within ±0.002 inch. A photograph of the model 
with the various pieces which were inserted at the step 

to form the hooks is reproduced as figure 11. 
The model was tested with no hook on the step and 

with the three hooks as shown. Test runs were made 
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botli free to trim and at fixed trims of 4°, 6°, and 8°. 
For each run the resistance and speed were recorded 
and the rise and trim, or trimming moment at fixed 
trim, were observed and recorded. After the proper 
corrections had been made for windage and rise of 

curves in which the irregularities were so great as to 
cast doubt on the tests. Careful checking and addi¬ 
tional points confirmed the original points and showed 
that there existed a real discontinuity which appeared 
in all four curves, but to a degree which was much 

towing gear the results were set forth as the curves 
forming figures 12 (a) to (e). 

Discussion of results.—A conspicuous feature of 
these curves is that the speed-resistance curve, free to 
trim, shows a sharp break, or discontinuity at the hump 
speed, 10 to 12 feet per second. This discontinuity 
was faired out in some of the earlier plots and led to 

influenced by the depth of the hook. A search was 
made of the published results of tests of boat and float 
models and it was found that such a discontinuity had 
been mentioned in reference 8 and shown in figure 4 
of that paper. This peculiarity has been found in 
curves from other models tested in the N.A.C.A tank 
and is now regularly looked for. The speed-resistance 
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Figure I0.—Dimensions of the hooks fitted on the step of the mode! of the PH-I. 

Figure 11.—The model of the PII-1 showing the blocks for fitting the hooks on the step. 
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curve for a model with a stepped bottom is drawn as 
a smooth curve only after check tests have shown that 
the expected discontinuity does not exist. 

The discontinuity appears at about the speed where 
the model changes from a condition where buoyant 
support predominates to one where hydrodynamic sup¬ 
port becomes predominant. The change can be seen 
in the waves and spray thrown by the model, where it 
appears as the point where the flow' from the step 

Figure 12.—The effect of fitting hooks on the 

model are extended to meet and this point is indicated 
by a circle. The manner in which this point travels 
toward a lower speed and a higher resistance as the 
depth of the hook increases suggests the possibility of 
a systematic connection between depth of step, depth 
of hook, and resistance. This possibility has been 
noted for future investigation. 

From the present curves w-e may drawr the conclu¬ 
sion that the second hook, 0.164 inch high, is somewhat 

of the model of the PH-1 flying-boat hull. 

cleans up and the step ventilates properly. At that 
point the character of the resistance probably changes 
from predominantly wave making to predominantly 
viscous. 

It is believed that the use of large models in the 
N.A.C.A. tank makes it possible to detect this dis¬ 
continuity; it probably does not appear as plainly with 
small models. 

In figure 12 (e) the comparison of the curves of 
resistance free to trim and at 4° fixed trim is facilitated 
by plotting them together. The two curves for each 

the better. It gave a slight reduction in maximum 
resistance, made the maximum resistance come at a 
lower speed, and caused a general lowering of resistance 
from maximum resistance on. 

The highest hook was most unfavorable for it pro¬ 
duced an increase in resistance at the hump of more 
than 20 percent above that for the model with no 
hook. In all probability this would exceed the thrust 
at that speed and if allowed to run along freely the 
craft with this hook on the step probably would fail to 
accelerate and could not get off. 
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From these curves it can be seen why “rocking” a 
flying boat sometimes helps it to get off. If by rocking 
back and forth a regime can be found which will even 
momentarily have a lower resistance, the speed may be 
increased enough to pass through the narrow peak of 
the discontinuity and permit further running to be 
done on the rapidly decreasing second part of the curve. 
It would appear that the real purpose of the rocking, 

which frequently proves effective, is to find by trial 
the regime which momentarily permits the jumping 
from one part of the resistance curve to the other. 
This change in regime of course involves a change in 

many elements, not in the resistance alone. 
A further general conclusion is that a moderate hook 

on the step is an advantage. The present data are 
insufficient to formulate a rule. However, the propor¬ 
tions which gave the best result in these tests should 
hold for generally similar forms and applications. 
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Figure 15.—The effect of fitting flutes in the forward bottom of the model of the PH-1 flying-boat hull. 
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THE EFFECT OF FLUTED BOTTOMS 

Longitudinal flutes have been fitted in the planing bot¬ 
tom of a float by several designers. The flutes usually 
produce a reduction in the spray thrown and as the craft 
rises on the step it would appear that they should give 

<L £ 

Figure 13.—Cross sections at the step of the model of the PH-1 flying-boat hull 
showing the original and the fluted forward bottoms. 

a reduction in the area of bottom wetted by the rising 
sheet of water and thus reduce the frictional resistance. 

Test of Navy PH-1 with flutes.—In order to obtain 
an idea of the effect of a relatively simple set of flutes 

in the bottom of a flying-boat hull the model of the 
PH-1 which was used in the tests just described was 
modified, by fitting portable blocks in the bottom, to 
have successively four different types of flutes. The 
original cross section at the step and those produced 
by the four modifications are shown in figure 13. It 

will be seen that there are two shallow and two deep 
and three shallow and three deep flutes. The extent of 
the block containing the flutes is shown on the same 
figure. The appearance of the original model and the 
fluted blocks can be seen in figure 14. 

The model was tested with the four modifications 
both free to trim and at fixed trims. During each test 
run the resistance and speed were recorded and the 
rise and trim, or trimming moment if at fixed trim, 
were observed and recorded. After the proper cor¬ 
rections had been made for windage and rise of towing 
gear the results were set forth as the curves forming 
figure 15 (a) to (e). The curves obtained from tests in 
the original form, with no hook on the step, are included 
for comparison. 

Discussion of results.—In figure 15 (e) are shown 
the assembled curves for the resistance free to trim 
and at 6° fixed trim. The curves for the two condi¬ 
tions have been extended until they intersect and this 
point of intersection is indicated by a circle. 

An examination of the curves shows that the fitting 
of the fluted bottom has had little effect on the resist¬ 
ances. All the curves have the same general character 
with a discontinuity at a speed of about 11 feet per 
second. Before this discontinuity appears the model 
is running as a displacement craft and the change 
produced by the flutes is small. After the discontinu¬ 
ity has been passed the model is more nearly a planing 
craft but the resistance is held up by the interference 
in the flows from the respective flutes. When the 
model has risen to where it is running on a single flute 
on each side the flow cleans up and the area of bottom 
wetted is sharply reduced below that wetted with the 
plain bottom. From this point the resistance of the 
fluted bottoms lies below that of the plain bottom. 

As is usually the case, observation of the flow around 
the bottom gave many interesting hints. At the hump 
and at certain stages after the hump was passed the 
number of flutes in the bottom could be told by the 
number of clearly marked separate jets in which the 
water issued from under the bottom. 

Figure 14.—Model of the PH-l flying-boat hull showing the original form and the blocks to be inserted to give the four fluted forward bottoms. 
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In general, the fluted bottoms threw less spray than 
the plain bottom. However, a spray strip at the chine 
on the original model made the spray from the plain 
bottom as little as from the fluted bottom. A report 
on the effect of spray strips on the performance of this 

model is in preparation. 
From the results of this test it may be concluded 

that fluting the bottom of a flying-boat hull of a good 
design, such as was used in this case, will probably 
give no very large changes in performance. Any 
improvement in spray thrown can probably be equaled 

by a proper spray strip on the original model. 

Langley Memorial Aeronautical Laboratory, 

National Advisory Committee for Aeronautics, 

Langley Field, Va., June 9, 1933. 
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REPORT No. 471 

PERFORMANCE OF A FUEL-INJECTION SPARK-IGNITION ENGINE USING A 
HYDROGENATED SAFETY FUEL 

By Oscar W. Schey and Alfred W. Young 

SUMMARY 

This report presents the performance of a single- 
cylinder test engine using a hydrogenated safety fuel. 
The safety fuel has a flash point of 125° F. (Cleveland 
open-cup method), which is high enough to remove most 
of the fire hazard, and an octane number of 95, which 
permits higher compression ratios to be used than are i 
permissible with most undoped gasolines. The fuel 
was injected into the engine cylinder, except for a few 
comparative runs with gasoline, when a carburetor was 
used. The tests were made with compression ratios of 
5.85 and 7.0, valve timings giving 30° and 130° overlap, J 
inlet pressures from atmospheric to 6 inches of mercury 
boost, and engine speeds from 1,250 to 2,200 r.p.m. 
Under similar conditions the power obtained with the 
safety fuel was the same as that obtained with gasoline, 
whereas the fuel consumption was from 5 to 10 percent 
higher. With a compression ratio of 7.0, a valve overlap 
of 130 crankshaft degrees, and a boost pressure of 2 
inches of mercury, the safety fuel gave a brake mean 
effective pressure of 175 pounds per square inch with a 
fuel consumption of 0.50 pound per brake horsepower 
hour. 

INTRODUCTION 

The importance of replacing gasoline with a fuel 
that would reduce or eliminate the fire hazard in air¬ 
craft has long been recognized. The use of gasoline 
is a fire hazard because inflammable vapors are given 
off in nearly all climates and seasons. Aviation gaso¬ 
line has a flash point of about —30° F. Those 
acquainted with the problem of fire prevention in air¬ 
planes agree that the highly inflammable gasoline 
should be replaced by a fuel having a higher flash 
point, preferably over 105° F. as determined by the j 

closed-cup method. 
One of the advantages of the compression-ignition 

engine is that it uses a fuel of such a high flash point 
(approximately 175° F.) that no inflammable vapors 
are given off even in the warmest climate. Aircraft- 
engine operators, however, have considered the advan¬ 
tage of reducing the fire hazard by using compression- 
ignition engines to be insufficient to offset the dis¬ 
advantage of the decreased power per unit of weight 
and displacement obtained with this type engine. 

In France, Sabatier has reported an investigation on 
the use of fuels having flash points of 100° F. and 77° 
F., obtained from coal-tar and petroleum derivatives, 
respectively (reference 1). The commercial use of 
these fuels w*as restricted, if not entirely prevented, 
by their poor performance as compared with gasoline: 
the power was reduced, the fuel consumption was 
increased, starting was difficult, and increased heating 
of the carburetor was necessary. 

The National Advisory Committee for Aeronautics 
has conducted tests with safety fuels manufactured 
by the hydrogenation process (reference 2). Because 
of the low volatility of the fuel it has been injected 
into the engine cylinder instead of being introduced 
through a carburetor. The first fuel investigated had 
a flash point of 137° F. as determined by the Cleve¬ 
land open-cup method. The full-throttle power 
obtained with this fuel was lower than with gasoline, 
and the fuel consumption wras considerably higher. 
The second fuel tested had a flash point of 115° F. 
With this fuel the power wras as high as that with 
gasoline, but the fuel consumption wras from 25 to 30 
percent higher (reference 3). 

The results obtained from an investigation con¬ 
ducted with a third fuel, which had a flash point of 
125° F., are presented in this report. The object of 
this investigation was to determine the performance 
obtained with a spark-ignition engine when operating 
with a hydrogenated safety fuel injected into the 
engine cylinder. As a basis for comparison the per¬ 
formance was obtained for several comparable condi¬ 
tions with gasoline. The tests were conducted at 
Langley Field, Va., in December 1932 and January 
1933. 

APPARATUS AND METHOD 

Figure 1 shows the set-up of the test equipment. A 
single-cylinder 4-stroke-cycle water-cooled test engine 
of 5/(-inch bore and 6-inch stroke was used. The en¬ 
gine could be operated with either a fuel-injection 
system or a carburetor. /Y commercial fuel-injection 
pump was driven from the engine crankshaft through 
a reduction gear which permitted the phase of the in¬ 
jection to be changed at will. A spring-loaded auto¬ 
matic injection valve and a multi-orifice nozzle of 
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N.A.C.A. design were used (fig. 2). When the injec¬ 
tion system was used the carburetor was left in place 
and the throttle valves were used to control the air 

supply for starting. 
The engine was directly connected to an electric 

dynamometer. A small weighing tank suspended from 
a sensitive beam balance was used to measure the fuel 
during a run, the length of the run being the time re- 
quired to consume one-half pound of fuel. The engine 
coolant was piped to a radiator, which was cooled by 

valve location gave the best performance; however, 
the performance was only slightly better than with 
the valve located in the center hole. Two spark plugs 
were located in opposite sides of the combustion cham¬ 
ber. 

Two different pistons and two different sets of valve 
cams were used. These pistons gave compression 
ratios of 5.85 and 7.0. The set of cams that gave nor¬ 
mal valve timing caused the inlet valves to open 15° 
before top center and close 55° after bottom center, 

Figure 1.—Set-up of test equipment. 

a water spray when necessary. The small volume of 
liquid necessary to fill this cooling system made it 
feasible to use Prestone and operate at high coolant 
temperatures when desired. Temperatures up to 280° 
F. at the engine outlet could be obtained. 

This engine has a pent-roof form of combustion 
chamber, with two inlet and two exhaust valves (fig. 
3). The inlet-valve ports are 1% inches and the ex¬ 
haust-valve ports 1% inches in diameter. There are 
five tapped holes in the head, permitting some choice 
in locating the spark plugs and injection valve. The 
injection valve was located between the exhaust valves, 
and directed the spray horizontally across the combus¬ 
tion chamber toward the inlet valves. This injection- 

while the exhaust valves opened 55° before bottom 
center and closed 15° after top center. The other set 
of cams did not change the events at the bottom of the 
stroke, except to advance the inlet closing 10°, but 
caused the inlet valves to open 70° before top center 
and the exhaust valves to close 60° after top center. 
This valve timing results in an overlap of the open 
periods of the exhaust and inlet valves of 130°, giving 
improved scavenging of the clearance volume, par¬ 
ticularly when some boosting is used (reference 4). 
Figure 4 shows the amount of valve opening during 
the period of overlap. A separately driven Roots 
blower was connected to the inlet system through a 
large surge tank placed near the carburetor. 
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The results obtained from runs in which the length 
of the exhaust pipe was varied caused the adoption of 
a length of 2 feet for these tests. Shorter pipes caused 
lower torque at all speeds and more variation of torque 
over the useful speed range, unless boosting was used. 
The length of inlet pipe to the point of attachment at 
the surge tank was feet, but this length was not 
critical. With a large valve overlap the effect of 
pressure waves in the exhaust and inlet pipes becomes 
negligible when a supercharging pressure of several 
inches of mercury is used. 

The engine performance with the hydrogenated 
safety fuel using fuel injection was obtained for speeds 

Figure 2.—Fuel-injection valve and nozzle. 

from 1,250 to 2,200 r.p.m., compression ratios of 5.85 
and 7.0, valve timings giving 30° overlap and 130° 
overlap, and boost pressures up to 6 inches of mercury. 
A sufficient number of these tests using fuel injection 
were repeated with aviation gasoline as fuel to furnish 
a reliable comparison of the safety fuel and the gaso¬ 
line. A few runs were made with gasoline using the 

carburetor. 
The procedure for each test condition was to make 

three or four full-throttle runs using fuel quantities 
that gave mixtures ranging from one richer than neces¬ 
sary for maximum power to a very lean one. The 
engine torque and fuel consumption were measured for 
each run. The brake power was corrected to an at¬ 
mospheric pressure of 29.92 inches of mercury and a 

temperature of 59° F. on the assumption that it varied 
directly as the pressure and inversely as the square 
root of the absolute temperature. No correction was 
made for humidity or for the power requved to drive 

I 

i 

Figure 3.—Combustion chamber form. 

A, Exhaust 
B, Location of fuel 

injec tion vol ve 
C, Piston 70 c.r 

O, Inlei 
E, Piston 5.85 c.r 
E, Location of 

spark plug 

the supercharger. The correction for power required 
to drive the supercharger, when used, would not be 

I over 3 percent of the engine power at 6 inches of 

mercury boost pressure. 
Some additional data were obtained with special 

equipment. Where maximum cylinder pressures were 

i 

Figure 4.—Valve motion with normal valve timing and with 130° overlap. 

taken a trapped-pressure valve was used. A reduced 
back pressure on the exhaust of the engine was ob¬ 
tained for a few tests by discharging the exhaust into a 
large tank, the outlet of which was connected to the 
section side of a supercharger. With the same equip¬ 
ment the outlet of the tank was throttled to produce 
increased exhaust back pressure. Data on the charac¬ 
teristics of the fuel-injection system were obtained 
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with the N.A.C.A. rate-of-discharge apparatus, which 

is described in reference 5. 

FUELS 

Distillation curves for the gasoline and the hydrog¬ 
enated safety fuel are given in figure 5. The flash 

O 20 40 60 80 mo 
Distillate, percent 

Figure 5.—Distillation curves for the gasoline and safety fuel. 

point of gasoline is below ordinary atmospheric tem¬ 
peratures even in winter, while that of the safety fuel 
(125° F. by the Cleveland open-cup method or 106° F. 
by the Abel closed-cup method) is well above the 
highest operating temperatures usually encountered. 
Besides reduced fire hazard, the hydrogenated safety 
fuel has excellent antidetonating qualities, so that the 
fuel may be used at high compression ratios without 
the use of fuel dopes such as tetraethyl lead. The 
hydrogenated safety fuel has an octane number of 95 
as determined by the manufacturer using a series 30 
Ethyl Gasoline Corporation test engine operated at a 
speed of 600 r.p.m. and with a coolant temperature of 
300° F. Sufficient ethyl fluid was added to the avia¬ 
tion gasoline to prevent detonation under any of the 
test conditions, thereby placing the engine performance 
with the two fuels on a comparative basis that is 
independent of antiknock characteristics. A study of 
the behavior of the hydrogenated fuel at low tempera¬ 
tures showed satisfactory characteristics. At a tem¬ 
perature of —25° F. a few solid particles appeared in 
the fuel, but at temperatures as low as — 100° F. there 
was no tendency for all of the fuel to solidify. 

RESULTS AND DISCUSSION 

that obtained with the carburetor. The difference in 
brake mean effective pressure decreases as the quantity 
of fuel per cycle is decreased, indicating that the volu¬ 
metric efficiency was probably slightly higher with 
the use of injection into the cylinder than with the use 
of the carburetor. 

In most of these tests no air measurements were made 
because the use of the air-measuring system caused a 
small reduction in power. A few runs were made, 
however, in which measurements of air consumption 
were obtained. The first set of these air measurements 
was made to determine the difference in volumetric 
efficiency obtained when operating with the fuel-injec¬ 
tion system and when operating with the carburetor. 
The results showed that the volumetric efficiency was 
from 1 to 3 percent higher with the injection system 
than with the carburetor, depending on the engine 
speed. As the carburetor was left in place when oper¬ 
ating with the injection system, any gain in volumetric 
efficiency must be attributed to the difference between 
external and internal carburetion. 

A comparison of the brake mean effective pressure 
and the economy obtained with safety fuel and gasoline 
when operating with the fuel-injection system shows 

u --------i-1-1--1— 
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Figure 6.—B.m.e.p. and fuel consumption obtained when operating at a com¬ 
pression ratio of 5.85 and an engine speed of 1,750 r.p.m. with gasoline and with 

safety fuel. 

EFFECT ON BRAKE MEAN EFFECTIVE PRESSURE AND FUEL 

CONSUMPTION 

Compression ratio, scavenging, fuel, and fuel sys¬ 
tem.—Figure 6 presents the comparative performance 
obtained at a compression ratio of 5.85 with gasoline 
and safety fuel and with the fuel-injection system and 
the carburetor. The performance curves with gasoline 
show that the maximum brake mean effective pressure 
obtained with the fuel-injection system is greater than 

that the maximum power is the same for the two fuels, 
and that the fuel consumption is 5 to 10 percent lower 
with gasoline. 

There were more exhaust odors and fumes present 
when operating with the safety fuel than when oper¬ 
ating with the gasoline. However, the exhaust fumes 
were not so noticeable that the operating conditions 
could be considered disagreeable or unsatisfactory. 
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The results that have been discussed so far are for 

standard valve-timing conditions. In figure 6 there 

are also shown performance curves for valve timing 

giving 130 crankshaft degrees overlap. When oper¬ 

ating with atmospheric pressure at the intake with this 

valve overlap a maximum brake mean effective pressure 

of 145 pounds per square inch is obtained and when 

Figure 7.—B.m.e.p. and fuel consumption obtained when operating at a com¬ 
pression ratio of 7.0 and an engine speed of 1,750 r.p.m. with gasoline and with 

safety fuel. 

operating with 2 inches of mercury boost pressure a 

maximum brake mean effective pressure of 170 pounds 

per square inch is obtained. The large increase in 

maximum brake mean effective pressure obtained with 

a small boost pressure is caused principally by the 

scavenging of the clearance volume. In these tests 

with safety fuel at a compression ratio of 5.85 there was 

a small increase in fuel consumption for the scavenged 

condition, whereas in earlier tests with gasoline on 

another engine there was a slight decrease in fuel con¬ 

sumption when scavenging (reference 4). 

The curves in figure 7 for a compression ratio of 

7.0 and no boost pressure show that with safety fuel 

the brake mean effective pressure is approximately 10 

pounds per square inch greater and the specific fuel 

consumption is 7 to 8 percent lower than for the 5.85 

compression ratio. The compression ratio could prob¬ 

ably be further increased without the addition of fuel 

dope to the safety fuel, for there was no indication of 

detonation in these tests. W hen operating with a 

valve overlap of 130 crankshaft degrees and 2 inches of 

mercury boost, a brake mean effective pressure of 175 

pounds per square inch was obtained with a fuel con¬ 

sumption of 0.50 pound per brake horsepower hour. 

The specific fuel consumption was the same for the 

scavenged condition as for the condition with no 

scavenging. 

In the comparison of the curves for these two com¬ 

pression ratios it should be borne in mind that a con¬ 

stant fuel quantity per cycle does not mean a constant 

mixture ratio, because the volume of air inducted per 

cycle depends on the valve overlap and the boost pres¬ 

sure. A charge that is excessively lean may not give 

as much power as a smaller charge of about the right 

proportion of fuel and air for maximum power. 

Boost pressure.—Figure 8 shows the comparative 

brake mean effective pressure and fuel consumption 

obtained when operating at compression ratios of 5.85 

and 7.0 with boost pressures varying from 0 to 6 inches 

of mercury. Increasing the compression ratio from 

5.85 to 7.0 resulted in a reduction of fuel consumption 

of 10 to 13 percent over this range of boost pressures 

and an increase in power of 8 percent at no boost pres¬ 

sure and 3 percent at 6 inches of mercury boost pres¬ 

sure. It might be well to mention here that the uni- 
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Figure 8.—Effect of boost pressure on b.m.e.p. and fuel consumption, 
fuel; fuel injection; 130° valve overlap; 1,750 r.p.m. 

Safety 

versa! test engine, an engine of practically the same 

design, has been operated with no boost pressure at a 

compression ratio of 9.0 with this fuel. In the tests 

with the universal test engine an increase in maximum 

brake mean effective pressure of 12 pounds per square 

inch was obtained by increasing the compression ratio 

from 7.0 to 9.0, even though, to avoid detonation, the 
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spark was retarded 16 crankshaft degrees from the 

optimum spark setting at a compression ratio of 7.0. 

Speed.—Figure 9 shows the fuel consumption and 

the power obtained at speeds from 1,250 r.p.m. to 

2,200 r.p.m. The maximum brake mean effective 

pressure on this engine is obtained at speeds from 

1,700 to 1,900 r.p.m. and there is very little falling off 

in the brake mean effective pressure at speeds up to 

2,200 r.p.m. 

Table I is included for a convenient comparision of 

the power and economy obtained with gasoline and 

safety fuel and the friction mean effective pressure at 

each compression ratio for several speeds with normal 

valve timing. The values given in this table have been 

taken for the lowest fuel quantities per cycle at which 

the maximum brake mean effective pressure is ob¬ 

Some time ago, when operating the universal test 

engine with another hydrogenated safety fuel, a large 

improvement in the economy was obtained by operat¬ 

ing at high coolant temperatures (reference 3). In 

those tests the fuel consumption was high at coolant 

temperatures of 150° F., whereas in the present tests 

the fuel consumption was normal. High coolant 

temperatures apparently result in improved economy 

where the economy is poor at low temperatures, but 

increasing the coolant temperatures when the economy 

is already good results in no improvement. When 

operating with safety fuel, low coolant temperatures 

(150° F.) are to be preferred because high coolant 

temperatures impair the antiknock properties of the 

safety fuel. From the results obtained on the universal 

test engine with a different safety fuel it is believed 

that since this safety fuel can be used at 7.0 

compression ratio with coolant temperatures of 

250° F., it can be used at a compression ratio of 

8.5 with coolant temperatures of 150° F. 

Figure 9.—B.m.e.p. and fuel consumption obtained for various engine speeds. 7.0 com¬ 
pression ratio; safety fuel; fuel injection; normal valve timing; no boost pressure. 

tained. These tabulated results show that the brake 

mean effective pressure obtained with safety fuel is 

equal to that obtained with gasoline and that the fuel 

consumption obtained with safety fuel is only from 5 

to 10 percent higher than that with gasoline. As the 

calculated lower heating value of the safety fuel of 

17,560 B.t.u. per pound is 7 to 8 percent lower than that 

of gasoline, the thermal efficiency for the two fuels 

would be practically the same. It is believed that the 

fuel economy obtained with safety fuel as compared 

with that obtained with gasoline cannot be appreciably 

improved. 

Coolant temperature.—The tests so far discussed 

were conducted at coolant temperatures of 150° F. 

Other tests made at coolant temperatures of 200, 250, 

and 280° F. showed that no improvement in the brake 

mean effective pressure or the fuel consumption could 

be obtained by operating at high coolant temperatures. 

IDLING AND STARTING 

The idling of the engine with normal valve 

timing when operating with safety fuel is entirely 

satisfactory. When operating with a large valve 

overlap the idling is poor with the usual throttle 

arrangement, because some of the exhaust gases 

flow into the intake manifold whenever the engine 

is throttled. The idling with a large valve overlap 

will be satisfactory if the throttle is placed close 

to the inlet valve so as to reduce to a minimum 

the volume between the throttle valve and the 

intake valves. The universal test engine oper¬ 

ating with a valve overlap of 112° would idle at 

an engine speed of 150 r.p.m. when the throttle 

valve was close to the intake valve. 

Starting with safety fuel was difficult when the 

engine was cold; that is, when it had been standing 

overnight at a temperature of 50°-60° F. It has 

been started cold when motoring at 700 r.p.m. with a 

compression ratio of 5.85, but starting under these 

conditions is not satisfactory. In later tests satisfac¬ 

tory starting was obtained by injecting a small quan¬ 

tity of gasoline into the intake manifold while the 

engine was being motored at speeds as low as 120 

r.p.m. and while safety fuel was being injected into 

the cylinder. Immediately after the engine was 

started on gasoline it would continue to run on safety 

fuel. This method of starting requires only the addi¬ 

tion of a small gasoline tank, as the priming system is 

identical with the present priming system used on air¬ 

craft engines. On engines equipped with air starters 

the fuel might be mixed with the starting air just 

before it is inducted. Both of these methods would 

require the use of two fuels, but the supply of gasoline 

carried for starting would be very small. 
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intake air, the fuel, or both were heated. The curve 

in figure 10 shows approximately the minimum air 

temperature at which the engine will start with dif¬ 

ferent fuel temperatures. The engine would start 

Fuel temperature,°F 

been tried on the universal test engine. The results 

of all these tests indicated that better economy and 

power could be obtained when the length of the injec¬ 

tion period was from approximately 60 to 90 crankshaft 

degrees. 

All data submitted in this report were obtained 

with a commercial fuel pump, an injection-valve open¬ 

ing pressure of 2,000 pounds per square inch, and 

injection pressures as shown in figure 13. A few tests, 

however, have been conducted with other fuel pumps 

and with gasoline as a fuel. In some of these tests a 

valve-opening pressure of 800 pounds per square inch 

and an injection pressure of 1,200 pounds per square 

inch were used. The results obtained with these low 

injection pressures were, for practically all conditions, 

equal to those obtained with high injection pressures. 

It is believed that an injection system operating with 

injection pressures as low as 500 pounds per square 

inch or lower would be satisfactory. 
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Figure 10.—Minimum fuel and air temperatures required for starting at a compres¬ 
sion ratio of 7.0 when motored at 350 r.p.m. 

consistently at a speed of 350 r.p.m. with air and fuel 

temperatures as shown in this figure. 

THE INJECTION SYSTEM 

In these tests the fuel consumption and the brake 

mean effective pressure were not critically sensitive to 

the timing of the start of the injection period, the dur¬ 

ation of the injection period, the injection 

pressure, or the valve-opening pressure. The 

effect of the timing of the start of the injection 

period on the brake mean effective pressure is 

shown by the curve in figure 11. With the 

injection system used in these tests, the best 

results were obtained when the start of injec¬ 

tion was from 70 to 90 crankshaft degrees after 

top center on the suction stroke. 

The curves in figures 12 and 13 show the 

characteristics of the injection system used. 

For these tests the pump setting gave a fuel quantity 

of approximately 0.00058 pound per cycle at an engine 

speed of 1,750 r.p.m. It will be noted from figure 7 

that this is the fuel quantity giving maximum power 

with a compression ratio of 7.0 and 2 inches of mer¬ 

cury boost pressure. Although the rate of injection 

shown in figure 12 gave the best performance of the 

several rates tried, it is believed that some deviation 

from these rates will not appreciably impair the per¬ 

formance. The length of the injection period increased 

from 74 to 93 crankshaft degrees with an increase in 

pump speed from 750 to 1,100 r.p.m. In other tests 

on the same engine with the injection period varying 

from 150 to 200 crankshaft degrees the fuel consump¬ 

tion was higher and the power lower. An injection 

period of approximately 30 crankshaft degrees has 

MECHANICAL CONSIDERATIONS 

The use of a large valve overlap requires a consider¬ 

ation of several mechanical problems. The overlap 

must be sufficiently large to give the desired scavenging 

at sea level with a pressure difference across the valves 

of from 2 to 5 inches of mercury, but not so large that 

an appreciable amount of the air is wasted at moderate 

or high altitudes, when the pressure difference across 

the valves may be 10 to 15 inches of mercury. The 

-IQ T.C. 
Time of 

10 30 50 70 90 HO 130 150 
start of injection, crank deqrees after suction top center 

Figure 11.—Effect of start of injection period on b.m.e.p. 

pressure difference across the valves on a supercharged 

engine increases with the altitude of operation because 

the pressure at the intake is usually kept constant up 

to some definite altitude, whereas the atmospheric 

pressure at the exhaust decreases with altitude. 

Under these conditions the importance of scavenging 

the clearance volume decreases with altitude. For 

instance, the gain obtained by scavenging the clearance 

volume of an engine at 18,000 feet is only 50 percent of 

that obtained at sea level because the reduced exhaust 

pressure permits more of the exhaust gas to escape. 

Exhaust back pressure.—A few tests were made to 

determine the effect of reduced exhaust back pressures 

on the volumetric efficiency and the power when oper¬ 

ating with a large valve overlap. The results of these 

tests showed that the air supplied to an engine oper- 
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ating with a valve overlap ol 130 crankshaft degrees 
corresponds to volumetric efficiencies of 110, 117, and 
122 percent at engine speeds of 2,200, 1,800, and 

__I_!___1_I_A_!___ 

O 20 40 60 80 too 
Crank degrees 

Figure 12.—Effect of pump speed on the length of the injection period and the 
rate of discharge. 12-millimeter plunger diameter; 0.125-inch tube diameter; 
32-inch tube length; 2,000 pounds per square inch valve-opening pressure. 

1,500 r.p.m., respectively, when operating with atmos¬ 
pheric pressure at the intake and a pressure 8 inches of 
mercury less than atmospheric at the exhaust. For 
these conditions the volumetric efficiency increased at 
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Figure 13.—Effect of pump speed on injection characteristics. 12-millimeter 
plunger diameter; 0.125-inch tube diameter; 32-inch tube length; 2,000 pounds 
per square inch valve-opening pressure. 

a greater rate than the power, indicating that a large 
amount of the fresh air escaped during the scavenging 
process. With the exhaust pressure from 3 to 5 
inches of mercury lower than the intake, the increase 
in volumetric efficiency was practically equal to the 

increase in power, indicating that very little of the 
fresh air was wasted. 

Some tests were also made to determine the effect of 
exhaust back pressure of 3 K inches of mercury on the 
maximum brake mean effective pressure when operat¬ 
ing with a valve overlap of 130 crankshaft degrees 
and intake pressures varying from 0 to 10 inches of 
mercury boost. The results of these tests are shown 
in figure 14. Note that when the intake pressure is 
7 inches of mercury and the exhaust pressure is in¬ 
creased from 0 to 3% inches of mercury the powder de¬ 
creases 4 percent as compared to 20 percent when the 

230 

220 

210 

200 

/ 90 

.C 
CF 

$ 
Q. 
*>/80 
E 

■o 

170 

160 

150 

740. 

— 

A 
| . 

fmo spheric ?xhc ust 

y 
/ / / 

/ / 

/ 

3.5 in. of Hg 
bock pressure 

j 
c 

/ 
l 
/ 

7 

O 2 4 6 8 10 
Boos t pressure, in. of Hg 

Figure 14.—Effect of 3H inches of mercury exhaust back pressure on the power 
with the boost pressure varying from 0 to 10 inches of mercury. 1,750 r.p.m.; 
7.0 compression ratio; safety fuel. 

intake pressure is 2 inches. It is very important that 
the intake pressure be greater than the exhaust pres¬ 
sure when operating with a valve overlap. If the 
exhaust back pressure is higher than the inlet pressure 
the gas flow' may be reversed during part of the cycle, 
and exhaust gas may fill part of the displacement 
volume and induction pipes. 

Air and fuel control.—When applying fuel injection 
to a spark-ignition engine for aircraft service the air 
throttle and fuel-quantity control should be intercon¬ 
nected so that the engine will receive air and fuel in 
the proper proportions over the entire range of loads 
and speeds. This problem may require the working 
out of a complicated linkage, particularly if an accu¬ 
rate proportioning of fuel and air is attempted. 
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Spark setting.—The maximum cylinder pressures 

were determined for the most severe operating condi¬ 

tion tried and are plotted in figure 15. With the 

spark at 30° before top center, the setting for maximum 

power, the maximum pressure recorded was 890 

pounds per square inch. This pressure could be re¬ 

duced to 800 pounds per square inch by setting the 

spark for 22° before top center—a reduction of 10 

Figure 15.—Effect of spark advance on b.m.e.p. and maximum cylinder pressure- 
1,750 r.p.m.; 7.0 compression ratio; safety fuel; 10 inches of Hg boost pressure; 

3.5 inches of Hg back pressure. 

percent in maximum cylinder pressure with a sacrifice 

of 2% percent in brake mean effective pressure. 

CONCLUSIONS 

1. The hydrogenated safety fuel manufactured pri¬ 

marily to eliminate fire hazard in aircraft gives a 

maximum brake mean effective pressure equal to that 

with gasoline when using the fuel-injection system, 

and the fuel consumption is from 5 to 10 percent 

higher. 
2. The high antiknock value of the hydrogenated 

safety fuel permits a higher compression ratio to be 

used than can be used with most gasolines without 

the addition of fuel dope, thus improving both the 

power and the economy. 

3. At present the hydrogenated safety fuel can be 

used to best advantage by employing fuel injection, 

and the use of fuel injection makes scavenging by the 

use of large valve overlap and moderate supercharging 

feasible. 
4. The results of the test with 130 crankshaft 

degrees overlap show that so long as the pressure 

difference between the intake and the exhaust is not 

greater than 5 inches of mercury practically no air is 

wasted in the scavenging process. 

5. Additional measures must be taken to insure 

starting when using safety fuel. Priming with gasoline 

is a simple and practical way of solving this problem. 

Langley Memorial Aeronautical Laboratory, 

National Advisory Committee for Aeronautics, 

Langley Field, Ya., June 13, 1933. 
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TABLE I 

ENGINE PERFORMANCE WITH GASOLINE AND HYDROGENATED SAFETY FUEL 

(Best Setting for Maximum Power; Normal Valve Timing; No Boost) 

Engine 
speed, 
r.p.m. 

1 

5.85 compression ratio 
7.0 compression ratio 

Carburetor with 
gasoline 

Fuel injection 

f.m.e.p., 
lb./sq. in. 

Fuel injection 

f.m.e.p., 
lb./sq. in. Gasoline Safety fuel Gasoline Safety 7 fuel 

b.m.e.p., 
lb./sq.in. 

s.f.c., lb./ 
b.hp./hr. 

b.m.e.p., 
lb./sq.in. 

s.f.c., lb./ 
b.hp./hr. 

b.m.e.p., 
lb./sq.in. 

s.f.c., lb./ 
b.hp./hr. 

b.m.e.p., 
lb./sq. in. 

s.f.c., lb./ 
b.hp./hr. 

b.m.e.p., 
lb./sq.in. 

s.f.c., lb./ 
b.hp./hr. 

1,250 
1,500 

1,750 

2,000 
2, 200 

128 
129 

129 

129 
127 

0.485 
.490 

.515 

.490 

.490 

130 
132 

133 

132 
132 

0. 550 
.550 

.530 

.530 

.530 

131 
131 

/ 135 
\ i 132. 5 

132 

0. 575 
.570 
.595 
.550 
.560 

17.8 
21.7 

j 25.4 

28.9 
33.9 

139 
141 

142.5 

141 
139 

0. 485 
.500 

.510 

.525 

.520 

140.5 
141.5 

145.5 

143.0 
142.5 

0.535 
.535 

.540 

.550 

.550 

18.1 
22.4 

26.5 

32.4 
37.4 

l 2 percent less than maximum power. 
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WIND-TUNNFX TESTS ON COMBINATIONS OF A WING WITH FIXED AUXILIARY 
AIRFOILS HAVING VARIOUS CHORDS AND PROFILES 

By Fred E. Weick and Robert Sanders 

SUMMARY 

Various auxiliary airfoils having three different 
airfoil sections and several different chord lengths were 
tested in combination with a Clark Y model wing in a 
sufficient number of relative positions to determine the 
optimum with regard to certain criterions of aerodynamic 
performance. The airfoil sections included a sym¬ 
metrical profile, one of medium camber, and a highly 
cambered one. The chord sizes of the auxiliary airfoils 
ranged from 7.5 to 25 percent of the chord of the main 
wing, and the span was equal to that of the main wing. 
The tests were made in the N.A.C.A. 5-foot vertical 
wind tunnel. 

It was found that each of the auxiliary airfoil com¬ 
binations tested, regardless of size or airfoil section, had, 
when located at its best position, substantially higher 
values of the maximum lift coefficient and of the ratio 

CLmax2ICDmin than the main wing alone. The maximum 
values of the lift coefficient obtained, based on the total 
area, were very nearly the same with all the auxiliary 
airfoils tested. The symmetrical airfoils gave lower 
values of the minimum drag coefficient and higher values 

of the ratio CLmax2ICDmin than the cambered auxiliary 
airfoils. The highest value of the ratio CLmaflCDmin 
was obtained with the symmetrical auxiliary having a 
chord length 11+.5 percent of the main wing chord. The 
positions giving the highest values of this ratio did not 
vary greatly for the diferent auxiliary airfoils tested, 
except for the narrowest ones, which gave higher values 

in lower positions. 

Additional tests, in which the auxiliary airfoils were 
supported separately, were made to determine the division 
of air load between the auxiliary and the main wing for 
two representative cases. The results showed that the 
auxiliary airfoil took a relatively large proportion of 
the total load, particularly in the case of the highly cam¬ 
bered auxiliary at low angles of attack. 

INTRODUCTION 

In a previous investigation (reference 1) it was found 

that with an auxiliary airfoil fixed in a certain position 

ahead of the main wing the combination had a sub¬ 

stantially higher value of the maximum lift coefficient 

(based on total area) and of the speed-range criterion, 

CLmaxlCDmin, than either of the airfoils alone. These 

earlier tests were made with a single form of auxiliary 

airfoil now referred to as the N.A.C.A. 22. The chord 

was 14.5 percent of the main wing chord, and the 

profile was highly cambered and of medium thickness. 

This auxiliary airfoil was tested in a large number of 

positions near the front of the main wing in order to 

find the best location. 

The tests described in the present report continue 

the investigation of fixed auxiliary airfoils to include 

the effect of variations in size and in airfoil section. 

Four sizes were tested having the original N.A.C.A. 

22 section, four having a symmetrical section (N.A.C.A. 

0012), and one having the Clark Y section. The lift 

and drag of the combinations were measured with 

each of the auxiliary airfoils in a sufficient number of 

positions ahead of the main wing to determine the 

optimum location. Pitching moments were then 

measured with each auxiliary airfoil in one or two of 

the best positions. Finally, the air force on the 

auxiliary airfoil was found for two representative 

combinations. 

APPARATUS AND METHODS 

Wind tunnel.—The tests were made in the 5-foot 

vertical wind tunnel under essentially the same con¬ 

ditions as those of the original portion of the investi¬ 

gation (reference 1). The wind tunnel is described 

in detail in reference 2. A ‘'reflection plane” and 

half-span model were used to permit as high a Rey¬ 

nolds Number as possible. 

Models.—The main wing was a rectangular Clark 

Y airfoil, constructed of mahogany, with a 10-inch 

chord and a 30-inch semispan. The auxiliary air¬ 

foils, whose semispans were also 30 inches, were con¬ 

structed of aluminum alloy. The chords of the auxil¬ 

iary airfoils were varied until the tests indicated that 

the optimum range had been covered. The original 

highly cambered section (N.A.C.A. 22) was tested 

with chords of 7.5, 11, 14.5 (check on original in 

optimum position only), and 25 percent of the main 

567 
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wing chord. The symmetrical section, which was 
the next tested, was the N.A.C.A. 0012. This section 
was tested with chords of 7.5, 11, 14.5, and 18 percent 
of the main wing chord, the 25 percent size having 
been indicated as definitely too large by the tests with 
the original N.A.C.A. 22 section. The Clark Y sec¬ 
tion was tested with the 14.5 percent chord only. 

independently of the main wing. The air force on 
the main wing was measured in the presence of the 
auxiliary and subtracted from the total force to give 
the force on the auxiliary alone. 

Tests.—The lift and drag over a range of angles of 
attack were measured with each of the auxiliary air¬ 
foils in a sufficient number of positions with respect 

ORDINATES OF AUXILIARIES 

N.A.C.A. 22 

Stations, 
percent 
chord 

Upper, 
percent 
chord 

Lower, 
percent 
chord 

0 2.88 2.88 
1.25 5. 40 1.09 
2.5 6.48 .65 
5 8. 02 .28 
7.5 9. 11 .08 

10 9. 96 .00 
15 11.34 . 12 
20 12. 29 .44 
30 13.35 1.46 
40 13. 42 3.08 
50 12. 60 4. 78 
60 11. 12 5.63 
70 9.15 5.79 
SO 6. 68 4.68 
90 3.95 2. 67 
95 2.51 1.32 

100 1. 13 0.00 

L. E. Radius=2.00 

N.A.C.A. 0012 

Stations, 
percent 
chord 

Upper, 
percent 
chord 

Lower, 
percent 
chord 

0 0.00 0.00 
1.25 1.89 1.89 
2.5 2.62 2.62 
5 3. 56 3. 56 
7.5 4. 20 4. 20 

10 4.68 4.68 
15 5.35 5. 35 
20 5.74 5.74 
30 6.00 6.00 
40 5.80 5.80 
50 5.29 5. 29 
60 4.56 4.56 
70 3. 66 3.66 
80 2.62 2. 62 
90 1.45 1.45 
95 .81 .81 

100 . 13 . 13 

L. E. Radius=1.58 

CLARK Y 

Stations, 
percent 
chord 

Upper, 
percent 
chord 

Lower, 
percent 
chord 

0 3.50 3. 50 
1.25 5. 45 1.93 
2.5 6. 50 1.47 
5 7.90 .93 
7.5 8.85 .63 

10 9.60 .42 
15 10.69 . 15 
20 11.36 .03 
30 11.70 0 
40 11. 40 0 
50 10.52 0 
60 9.15 0 
70 7.35 0 
80 5. 22 0 
90 2.80 0 
95 1.49 0 

100 . 12 0 

L. E. Radius = 1.50 

Figure 1.—Sections of auxiliary airfoils tested. 

All three sections have approximately the same thick¬ 
ness and form except for the camber, which varies 
through a large range. The cross-sectional views of 
the various auxiliary airfoils are shown together with 
a table of ordinates in figure 1. The auxiliary air¬ 
foils were supported at each end and at two interme¬ 
diate positions by metal fittings, as shown in figure 2. 

For obtaining the force on the auxiliary airfoil 
separately, fixtures were made to suppoit the auxiliary 

to the main wing to determine the optimum location 

according to the criterion CLmax2/CDmin, which was 
used in reference 1. The variations in position were 
made in the following manner. The angle <5 between 
the chord line of the auxiliary and that of the main 
wing was changed about an axis through the trailing 
edge of the auxiliary until the angle giving the high¬ 
est value of the ratio CLmax2ICDmin was determined. 
This procedure was repeated for various trailing-edge 
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locations until closed contour charts of the maximum 
value of the ratio CLmax2ICDmin obtained at each trailing- 
edge location could be drawn, showing that the position 
giving the highest value had been determined. 

The 14.5 percent N.A.C.A. 22 auxiliary airfoil, 
which was the one tested in various positions in 
reference 1, was retested only at the best position, as 
a check. The results are slightly different from those 
of the previous tests, which is partly due to a change 
of the fittings supporting the auxiliary airfoil and 
partly to the normal experimental error. The new 
fittings, designed to increase the rigidity of the set-up, 
caused an interference effect resulting in a reduction 
of the maximum lift coefficient of about 3 percent 

(reference 3). 
The pitching moments, which were obtained with 

a slight change in the balance arrangement, were 
measured for the best positions of each auxiliary 

airfoil. 
The tests to determine the distribution of load 

between the auxiliary airfoil and the main wing were 
made with two representative auxiliary airfoils. One 
had the highly cambered N.A.C.A. 22 section and the 
other the symmetrical N.A.C.A. 0012 section, both 
being 14.5 percent of the main wing chord. Each of 
the auxiliary airfoils was tested at two different set¬ 
tings of the angle 8. The values of the air loads on 
the auxiliary airfoils must be considered as approxi¬ 
mate, for they were obtained as the difference between 
two relatively large forces and the accuracy was 

therefore not high. 

RESULTS AND DISCUSSION 

The results of the simple lift and drag tests are 
given in tables I to IX in terms of several critical 
values, or criterions, of the aerodynamic character¬ 
istics. The lift and drag coefficients are based on 
the area of the main wing plus that of the auxiliary, 
and for this reason the various combinations must be 

compared as complete units. 

CONTOURS OF PERFORMANCE CRITERIONS 

The variations of four of the criterions with changes 
in the locations of the various auxiliary airfoils are 
shown by means of contour charts which serve as 
convenient aids to the selection of the optimum loca¬ 
tions (figs. 3 to 10). The values on the contour charts 
are those obtained with the auxiliary airfoil set at the 
angles giving the highest value of CLmax2 1C'omin for each 
trailing-eclge location; where two angles gave the same 
value within the experimental error, the choice was 
based on the other criterions. The values for the dif¬ 
ferent angles are given in tables I to IX. The four sets 
of contours shown on each of the figures are for the 

following criterions: 
a. Chmax 2/CDmin, which is the main criterion in 

selecting the optimum position. This is an arbitrary 

40768—34-37 

criterion which gives equal weight to the maximum lift 
coefficient and the speed-range ratio CLmax/CDmin. 

b. Ci,max‘ 

c. L/D at Ch — 0.7, which is used as a criterion of the 
effectiveness in climbing flight. 

d. LID at CLmax, which gives an indication of the 
steepest gliding angle obtainable in unstalled flight. 
An examination of the contour charts shows that no 
single auxiliary airfoil had the best characteristics on 
the basis of all the criterions. The variation of the 
characteristics with size, profile, and location of the 

Reflection plane 

Detail of intermediate 
support 

auxiliary is complex and requires that the data be 
studied in detail in order to select the best auxiliary 
airfoil to fulfill the requirements of any particular set of 

operating conditions. 
Effect of location.—In general, the location giving the 

highest value of the ratio CL,nax2ICDmin for any of the 
auxiliary airfoils was not greatly different from that 
giving the highest value of CLmax, being in most cases 
slightly lower and farther forward. The positions giving 
the highest values of CLmax2ICDmin did not vary greatly 
with airfoil section or with size of auxiliary, except for 
the smallest size, which required a lower position for 
both the airfoil sections tested. In fact, for each size 
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Loci of trailing-edge positions for equal values of Ci,maI2ICi>min obtained with a 7.5 
percent c N.A.C.A. 22auxiliary airfoil set at the optimum angle for each position. 

Loci of trailing-edge positions for equal values of Cimai obtained with a 7.5 per¬ 
cent c N.A.C.A. 22 auxiliary airfoil set at the optimum angle for each position. 

Loci of trailing-edge positions for equal values of L/D at Cl = 0.7 obtained with a 7.5 
percent c N.A.C.A. 22 auxiliary airfoil set at the optimum angle for each position. 

Loci of trailing-edge positions for equal values of L/D at Cl*,*x obtained with a 7.5 
percent c N.A.C.A. 22 auxiliary airfoil set at the optimum angle for each position. 

Figure 3. 

Loci of trailing-edge positions for equal values of obtained with an 11.0 
percent c N. A. C. A. 22 auxiliary airfoil set at the optimum angle for each position. 

Loci of trailing-edge positions for equal values of obtained with an 11.0 per 
cent c N.A.C.A. auxiliary airfoil set at the optimum angle for each position. 

Loci of trailing-edge positions for equal values of L/D at Cl=0.7 obtained with an 11.0 
percent cN.A.C.A. 22auxiliary airfoil set at the optimum angle for each position. 

Loci of trailing-edge positions for equal values of L/D at CLmox obtained with an 11.0 
percent c N.A.C.A. 22auxiliary airfoil set at the optimum angle for each position. 

Figure 4. 
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Loci of trailing-edge positions for equal values of Ci.maSICDmin obtained with a 
25.0 percent c N.A.C.A. 22 auxiliary airfoil set at the optimum angle for each 

position. 

Loci of trailing-edge positions for equal values of Cimax obtained with a 25.0 
percent c N.A.C.A. 22 auxiliary airfoil set at the optimum angle for each 
position. 

Loci of trailing-edge positions for equal values of L/D at Cl=0.7 obtained with a 
25.0 percent c N.A.C.A. 22 auxiliary airfoil set at the optimum angle for each 

position. 
Figure 5. 

Loci of trailing-edge positions for equal values of LID at Cimo* obtained with a 
25.0 percent c N.A.C.A. 22 auxiliary airfoil set at the optimum angle for each 

position. 
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Loci of trailing-edge positions for equal values of CLma^lComin obtained with a 
7.5 percent c N.A.C.A. 0012 auxiliary airfoil set at the optimum angle for each 

position. 
position. 

15 ~ 

(L/D at CL = 0.7) -tO 

Loci of trailing-edge positions for equal values of L/D at Cl — 0.i obtained with 
a 7.5 percent c N.A.C.A. 0012 auxiliary airfoil set at the optimum angle for each 

position. 
position. 

Figure 6. 
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Loci of trailing-edge positions for equal values of CLmaJ/Cpm.n obtained with an 
11.0 percent c N.A.C.A 0012 auxiliary airfoil set at the optimum angle for each 
position. 

Loci of trailing-edge positions for equal values of obtained with an 11.0 
percent c N.A.C.A 0012 auxiliary airfoil set at the optimum angle for each 
position. 

Loci of trailing-edge positions for equal values of L/D at Cr.=0.7 obtained with 
an 11.0 percent c N.A.C.A 0012 auxiliary airfoil set at the optimum angle for 
each position. 

Loci of trailing-edge positions for equal values of L/D at Cc,ma* obtained with an 
11.0 percent c N.A.C.A. 0012 auxiliary airfoil set at the optimum angle for each 
position. 

Figure 7. 

Loci of trailing-edge positions for equal valuesof obtained with a 14.5 
percent c N.A.C.A. 0012 auxiliary airfoil set at the optimum angle for each 
position. 

Loci of trailing-edge positions for equal values of obtained with a 14.5 
percent c N.A.C.A 0012 auxiliary airfoil set at the optimum angle for each 
position. 

Loci of trailing-edge positions for equal values of LID at O.=0.7 obtained with 
a 14.5 percent c N.A.C.A. 0012 auxiliary airfoil set at the optimum angle for 
each position. 

Loci of trailing-edge positions for equal values of L/D at C/.max obtained with a 
14.5 percent c N.A.C.A. 0012 auxiliary airfoil set at the optimum angle for each 
position. 

Figure 8. 
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18.0 percent c N.A.C.A 0012 auxiliary airfoil set at the optimum angle for each 

position. 

Loci of trailing-edge positions for equal values of L/D at Cl=0.7 obtained with 
an 18.0 percent c N.A.C.A. 0012 auxiliary airfoil set at the optimum angle for each 

position. 

Figure. 9 

Percenl chord 

Loci of trailing-edge positions for equal values of Ci„az obtained with anjJlS.O 
percent c N.A.C.A. 0012 auxiliaiy airfoil set at the optimum angle forjeach 

position. 

Loci of trailing-edge positions for equal values of LID at Ci.ma, obtained with an 
18.0 percent c N.A.C.A. 0012 auxiliary airfoil set at the optimum angle for each 

position. 

Loci of trailing-edge positions for equal values of C7. m a* 2/Cd min obtained with a 14.5 
percent c Clark Y auxiliary airfoil set at the optimum angle for each posi¬ 

tion. 

Loci of trailing-edge positions for equal values of L/D at C/.—0.7 obtained with 
a 14.5 percent c Clark Y auxiliary airfoil set at the optimum angle for each posi¬ 

tion. 

Loci of trailing-edge positions for equal values of Cimm obtained with a 14.5 per¬ 
cent c Clark Y auxiliary airfoil set at the optimum angle for each position. 

Loci of trailing-edge positions for equal values of LID at Cimm obtained with 
a 14.5 percent c Clark Y auxiliary airfoil set at the optimum angle for each posi¬ 

tion. 

Figure 10. 
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of auxiliary airfoil except the extreme 7.5 and 25 per¬ 
cent sizes, and for each of the three airfoil sections, a 
position with the trailing edge 14 percent ahead of the 
nose and 12 percent above the chord line of the main 
wing gave a value of CLmax within 2 percent and a value 
of the ratio CLmax2ICDmin within 5 percent of the maxi¬ 
mum value obtained for the particular auxiliary airfoil 
at any position. The best angle <5 was within 3° of 
zero for all medium-sized auxiliary airfoils, regardless 
of section. 

In most cases, moving the auxiliary airfoil closer to 
the main wing than the position giving the highest J 
value of the ratio CLmax2/CDmin gave a slight increase in 
the value of L/D in the climbing range and at the same 
time a decrease in the value of L/D near maximum lift, 
both of which result in an increase in the range of 
possible gliding angles. Considering this fact, together 
with the similar condition in regard to the maximum 
lift coefficient, and also the structural requirements, 
the optimum position would seem to be somewhat 
closer to the main wing than the position giving the 

highest ratio of CLmax2/CDmin- No rigid general rule can 
be drawn, however, for the details of each case must be 
considered separately. 

Effect of size.—A comparison of the results for the 
different sized auxiliary airfoils as given on the contour 
charts shows that for any one airfoil section there was 
no great change in the values of the criterions with 
change in size within the range covered, if the values 
taken are for each size in its best position. The maxi¬ 
mum lift coefficients obtained with the auxiliary airfoils 
of all sizes and sections, set at the value of 8 which gave 
the highest value of the ratio CLmax2ICDmiTlt were all 
within 2 percent (or approximately within the experi¬ 
mental error) of the value 1.64, except for the value 
with the 25 percent auxiliary airfoil, which was within 
4 percent. With the highly cambered N.A.C.A. 22 
section the smaller auxiliary airfoils had slightly higher 
values of the ratio CLmax2/CDmin than the larger ones, but 
the entire range was only 7 percent. With the sym¬ 
metrical section the variation of the maximum value of 
the ratio CLmax2ICDmin with size was about twice as great, 
the highest value being obtained with the medium size 
and the lowest values with the extreme sizes. 

The values of the climb criterion, L/D at CL — 0.7, 
were nearly the same for all sizes, but were slightly 
greater for the smallest size than for the others. The 

smallest sized auxiliary airfoils, unfortunately, also 
gave definitely higher values of the criterion of steep 
glides, LID at CLmax, than the others. The variation 
among the larger sizes was very small. 

Effect of auxiliary airfoil section.—Although the 
auxiliary airfoils of all sizes and sections gave approxi¬ 
mately the same values of the maximum lift coefficient, 
the minimum drag coefficients were found to be decid¬ 
edly lower with the auxiliary airfoils of symmetrical sec¬ 
tion than with the cambered ones, so that higher values 

of the ratio CLma/{CDmln were obtained with them. 
The cross plots for the three different sections with the 
14.5 percent chord indicated that the highest values of 
the ratio obtained with each varied consistently with 
the camber, the value with the symmetrical N.A.C.A. 
0012 auxiliary airfoil being 199, that for the Clark Y 
being 166, and that for the highly cambered N.A.C.A. 
22, being 154. The value of 199 obtained with the 
14.5 percent symmetrical auxiliary airfoil was the high¬ 
est found in the investigation. 

The values of L/D at CL = 0.7 were approximately the 
same for the symmetrical and for the highly cambered 
sections, but the values of L/D at CLmax were slightly 
lower with the highly cambered sections. 

LIFT, DRAG, AND CF.NTER-OF-PRESSURE CURVES FOR OPTIMUM 
POSITIONS 

Curves of lift, drag, and center-of-pressure coeffi¬ 
cients against angle of attack are given in figures 11 to 
19 for each of the auxiliary airfoils in one or more of 
the optimum positions, selected mainly on the basis of 
the ratio CLmax2ICDm{n. In addition, values of the 
pitching-moment coefficients for all the angles of attack 
measured are given in table X. The values of center- 
of-pressure positions were computed on the basis of 
the main wing chord and the values of Cm on the basis 
of the main wing chord and the combined area. 

The numerical value of Cn at zero lift for the combi¬ 
nation with the 14.5 percent Clark Y auxiliary airfoil 
was found to be 14 percent less than the value for the 
plain Clark Y wing alone. With the symmetrical 
auxiliary airfoil having the 11 percent chord the value 
was the same as for the plain wing, but it became 
greater if the size of the auxiliary was either increased 
or decreased from the 11 percent point. The highly 
cambered N.A.C.A. 22 auxiliary airfoils gave somewhat 
smaller negative values than the plain Clark Y" wing, 
the values decreasing as the size of the auxiliary was 
increased. If Cm is plotted against CL the curve will 
not in any case be a straight line, but will have a defi¬ 
nite bend in the neighborhood of the 5° angle of attack. 

DIVISION OF AIR LOAD BETWEEN MAIN WING AND AUXILIARY 
AIRFOIL 

The results of the tests to show the division of the 
air load between the main wing and the two selected 
auxiliary airfoils are shown in figure 20. The load on 
the auxiliaries is divided into normal and chord com¬ 
ponents and these are given in terms of the total lift 
on the main wing plus the auxiliary. The auxiliary 
airfoil having the symmetrical section sustained in 
the neighborhood of one fifth of the total load through¬ 
out the entire angle-of-attack range tested. The 
highly cambered N.A.C.A. 22 auxiliary airfoil sus¬ 
tained about the same portion of the total load at the 
high lift coefficients, but a higher proportion if the 
angle of attack w’as reduced. At a = 0o the lowest 
angle of attack which could be obtained with the set-up 
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(A) Aux. T.E. 16.0 percent ahead of L.E., 4.5 percent above chord, <5=5°. 
(B) Aux. T.E. 19.3 percent ahead of L.E., 2.5 percent above chord, 5=2^°- 
(C) Aux. T.E. 11.1 percent ahead of L.E., 7.4 percent above chord, 6 = 10°. 

Figure 11.—Characteristics with N.A.C.A. 22, 7.5 percent chord auxiliary. 

(A) Aux. T.E. 11.5 percent ahead of L.E., 14.0 percent above chord, 5=0°. 
(B) Aux. T.E. 16.0 percent ahead of L.E., 4.5 percent above chord, S = 2}4°. 

Figure 12.—Characteristics with N.A.C.A. 22, 11.0 percent chord auxiliary. 

(A) Aux. T.E. 15.2 percent ahead of L.E., 12.0 percent above chord, 5=0°. 

Figure 13.—Characteristics with N.A.C.A. 22, 14.5 percent chord auxiliary. 

(A) Aux. T.E. 16.0 percent ahead of L.E., 14.0 percent above chord, 5=0°. 
(B) Aux. T.E. 27.5 percent ahead of L.E., 14.0 percent above chord, 5=0°. 
(C) Aux. T.E. 21.2 percent ahead of L.E., 8.8 percent above chord, 5 = 2*^° 

Figure 14.—Characteristics with N.A.C.A. 22, 25.0 percent chord auxiliary. 
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(A) Aux. T.E. 19.3 percent ahead of L.E., 2.5 percent below chord, 6=0°. 
(B) Aux. T.E. 19.3 percent ahead of L.E., 2.5 percent below chord, 6 = 2J^°. 

Figure 15.—Characteristics with N.A.C.A. 0012, 7.5 percent chord auxiliary. 

ci, degrees 

(A) Aux. T.E. 10.0 percent ahead of L.E., 14.0 percent above chord, 6=2J^°. 
(B) Aux. T.E. 11.5 percent ahead of E.E., 14.0 percent above chord, 6=0°. 
(C) Aux. T.E. 11.5 percent ahead of L.E., 14.0 percent above chord, 6=—2J^°. 

Figure 17.—Characteristics with N.A.C.A. 0012, 14.5 percent chord auxiliary. 

d} degrees 

(A) Aux. T.E. 11.5 percent ahead of L.E., 14.0 percent above chord, 6=2^°. 

Figure 16.—Characteristics with N.A.C.A. 0012, ll.o percent chord auxiliar; 

Figure 18—Characteristics with N.A.C.A. 0012, 18 percent chord auxiliary. 
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used, approximately half the total load was taken by 
the N.A.C.A. 22 auxiliary airfoil. 

CONCLUSIONS 

1. Each of the auxiliary airfoil combinations tested, 
regardless of size or airfoil section, gave, in the best 

positions, substantially higher values of CLmax and of 
the ratio CLmaJICDmin than the main wing alone. 

2. The maximum values of CL obtained, based on 
the total area, were very nearly the same with all the 
auxiliary airfoils tested. 

3. The symmetrical auxiliary airfoils gave lower 
values of the minimum drag coefficient and higher 
values of the ratio CLmax2ICDmin than the auxiliary air¬ 
foils having other sections, the highest value of the 
ratio CLmax/CDmin being obtained with the 14.5 per¬ 
cent symmetrical auxiliary airfoil. 

4. The positions giving the highest values of the 

ratio CLmax !Ct,min did not vary greatly for the auxil¬ 
iary airfoils of different sizes and sections tested, except 
for the smallest size, which required a lower position. 

5. In most cases within the range of the tests, mov¬ 
ing the auxiliary airfoil closer to the main wing than 
the position giving the highest value of the ratio 
CLmax2/CDmin gave a slight increase in the value of L/D 
in the climbing range and a decrease in the value of 
LID near maximum lift, thus giving a dual increase in 
the range of possible flight angles. 

6. The air load on the 14.5 percent symmetrical 
auxiliary airfoil was about one fifth the total air load 
on the combination at all angles of attack; the pro¬ 
portional air load on the highly cambered auxiliary 
airfoil was about the same at the high values of the 
lift coefficient, but approximately half the total air 
load at low. values of the lift coefficient. 

Langley Memorial Aeronautical Laboratory, 

National Advisory Committee for Aeronautics, 

Langley Field, Va., June 10, 1983. 
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(A) Aux. T.E. 16.0 percent ahead of L.E., 14.0 percent above chord, 5=2J^°. 
(B) Aux. T.E. 11.5 percent ahead of L.E., 14.0 percent above chord, 5=0°. 

Figube 19.—Characteristics with Clark Y, 14.5 percent chord auxiliary. 

c: 

<0 y 
<u 
V 
0 

-vj 

(A) N.A.C.A. 0012, T.E. 11.5 percent ahead of L.E., 14.0 percent above chord. 
(B) N.A.C.A. 22, T.E. 15.2 percent ahead of L.E., 12.0 percent above chord. 

Figure 20.—Normal and chord components of the force on 14.5 percent chord 
auxiliary airfoils. 
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TABLE I.—CHARACTERISTICS AND CRITERIONS FOR AN N.A.C.A. 22, 7.5 PERCENT AUXILIARY WITH A 
CLARK Y WING 

Position o 
auxiliar 

Ahead 

f T.E. of 
y airfoil 

Above 

4 C/D min C/Lmax aCr *-/ I. max 
C/Lmax 

(/Dmin C/Dmin 

L 
Dfor 

Cl—0.7 

1 

L t 
D for 

C/Lm ax 

Percent c Percent, c Degrees Degrees 
16.0 14.0 5 0.0187 1.458 21 78 114 11.1 4. 42 

7 H . 0185 1.462 21 79 116 10.0 4. 27 
IDA .0185 1.478 21 80 118 7.6 4. 06 

11.5 14.0 2H .0188 1. 560 24 84 130 10.4 3.84 
5 .0188 1. 602 25 85 137 10.4 3.61 
DA .0185 1.602 25 87 139 10. 1 3.54 

10 . 0196 1.620 25 83 134 8.9 3. 47 
12A 0199 1.602 25 81 129 8.6 3. 37 

27.5 14.0 0 .0184 1. 400 20 76 107 10.8 5.19 
2lA .0170 1.374 22 79 109 13.0 4.07 
5 .0187 1. 390 20 74 103 11.7 4.81 

21.2 8.8 0 .0201 1.415 23 70 100 12. 1 3. 94 
2>i .0185 1.420 23 77 109 14.0 3.86 
5 .0180 1.415 23 79 111 12. 1 3.74 
DA .0191 1.510 22 79 119 10.8 4. 18 

10 .0201 1.563 23 78 122 10.0 3.74 
12^ .0199 1. 551 23 78 121 18.4 3.96 

16.0 4. 5 2!i .0160 1.523 21 95 145 12.1 4. 62 
5 .0174 1.646 25 95 157 10.9 3.85 
1A .0168 1. 605 24 96 153 10.0 3. 96 

7.5 9.6 0 .0204 1.563 25 77 120 10.0 3. 45 
DA .0199 1.563 26 79 123 9.9 3.21 
5 .0204 1. 522 25 75 114 9.9 3. 24 

10.7 0.0 0 .0185 1.401 24 76 106 11.3 3. 80 
5 .0157 1.340 23 86 114 11.3 3.79 
DA .016.3 1.380 24 85 117 11.3 3. 69 

12 ^ .0166 1.323 23 80 106 11.3 3.66 

19.3 ' -2.5 -5 .0218 1. 628 23 75 121 14.0 4.92 
0 .0177 1. 620 24 92 149 11. 1 4. 33 
2^ .0171 1.615 24 94 153 10.6 4.39 
5 .0177 1.598 24 91 145 10.6 4. 19 

11. 1 7.4 0 .0196 1.640 25 84 137 9.7 3. 82 
5 .0185 1.618 25 87 141 10.3 3. 58 
DA .0182 1.605 25 88 142 9.3 3. 48 

10 .0191 1.575 25 83 130 8.9 3. 26 

TABLE II. CHARACTERISTICS AND CRITERIONS FOR AN N.A.C.A. 22, 11.0 PERCENT AUXILIARY WITH A 
CLARK Y WING 

Position of T.E. of 
auxiliary airfoil 

5 C^Dmin C/L max aC, C/Lmax 
C/Lmax 

Clfm in 

(CLnto*) 2 

C'Dmin 

L , 
D[m 
Ci= 0.7 

L 
D for 

C/Lmax 

Ahead Above 

Percent c Percent c Degrees Degrees 
7. 50 22. 5 -5 0. 0172 1. 470 22 85 126 12.5 4.26 

-DA .0161 1.480 22 92 136 11.5 4.08 
0 .0172 1.492 22 87 129 10.8 3. 94 

16.0 18.9 —5 .0203 1.435 21 71 102 12.3 4. 60 
0 . 0169 1.452 21 86 124 12.5 4. 27 
da .0169 1. 465 21 87 128 4. 30 
5 .0185 1.474 21 80 117 11.9 3.97 

16. 0 14.0 -5 . 0201 1.481 22 74 109 14.0 4. 32 
0 .0172 1.532 22 89 136 13.5 4. 14 
DA .0172 1.571 23 91 143 13.7 3.79 
5 .0183 1.610 24 88 142 12.7 3.41 

11.5 14.0 -5 .0209 1.650 25 79 130 10.9 3.69 
0 .0183 1.678 26 92 154 10.9 3.34 
DA . 0183 1.660 26 91 151 10.9 3. 22 
5 .0191 1.610 25 84 136 10.9 3. 20 

27.5 14.0 -5 .0211 1.395 20 66 93 13.5 5.03 
0 .0185 1.410 20 76 107 10.9 4.70 
2 A .0182 1.420 20 78 111 10.8 4. 44 
5 .0185 1.426 20 77 111 10.9 4.34 

21.2 8.8 0 .0180 1.510 21 84 127 13.7 4. 47 
DA .0182 1. 558 22 86 134 12.3 4. 15 
5 .0180 1.545 22 86 132 13.2 3. 99 

16.0 4. 5 -5 .0225 1.605 23 72 115 15.9 4. 34 
0 .0175 1.580 23 90 143 8.9 3. 97 
DA .0167 1.584 24 95 150 9.0 3.56 
5 .0178 1.571 24 88 138 9.0 3. 58 

7.5 9.6 -5 .0215 1. 542 25 72 111 10.1 3.20 
-DA .0201 1.525 25 76 116 9.7 3. 27 

0 .0191 1.480 27 78 115 2.79 
5 .0209 1. 425 25 68 97 13.7 2. 85 

11.1 7.4 -5 .0225 1.648 25 73 121 12.7 3.77 
0 .0190 1.597 25 84 134 12. 1 3.47 
5 .0172 1.558 26 91 141 10.9 3.03 
7H .0175 1.520 25 87 132 10.9 3. 07 
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TABLE III. CHARACTERISTICS AND CRITERIONS FOR AN N.A.C.A. 22, 14.5 PERCENT AUXILIARY WITH A 
CLARK Y WING 

Position of T.E. of 
auxiliary airfoil 

6 Cumin CLmax a Ci I. max 
Cl.max 
Ct)min 

(Cl.max') S 
Cl) min 

L for 
D 
Cl=0.7 

L for 
D 
CLmax 

Ahead Above 

( Percent c 
15.2 

i 

Percent c 
12.0 

Degrees 
0 0. 0177 1.650 

Degrees 
25 93 1,54 8.0 3.56 

TABLE IV. CHARACTERISTICS AND CRITERIONS WITH N.A.C.A. 22, 25 PERCENT AUXILIARY' FOR EACH 
POSITION TESTED 

Position of T.E. of 
auxiliary airfoil 

£ Cx Dm in Cl.max 

Ahead Above 

Percent c Percent c Degrees 
7.5 22.5 -PA 0. 0238 1.575 

-5 .0186 1.504 
0 .0163 1.416 

16.0 18.9 -5 .0209 1.562 
-2lA .0188 1.574 

0 .0180 1.550 
5 .0180 1.527 

16.0 14.0 —5 .0207 1.656 
-2'A .0185 1.620 

0 .0162 1.592 
2 a .0178 1. 568 
5 .0178 1.510 

11.5 14.0 -5 .0206 1.576 
-2'A .0176 1. 528 

0 .0169 1.470 
5 .0169 1.365 

27.5 14.0 -5 . 0200 1.510 
0 .0156 1.498 
2'A .0179 1.534 
5 .0179 1.487 

21.2 8.8 -5 .0211 1.603 
0 .0182 1.556 
2Yi .0168 1.516 
5 .0168 1.480 

16.0 4.5 — 5 .0207 1.516 
— 2XA .0169 1.470 

0 .0155 1.405 
5 .0155 1.281 

Cl,m ax 

Degrees 
25 
24 
21 

24 
24 
24 
24 

26 
25 
25 
25 
24 

25 
24 
23 
21 

23 
22 
23 
22 

25 
24 
23 
23 

25 
24 
23 
20 

Cl a 

Cllmin 

66 
81 
87 

75 
84 
86 
85 

80 
87 
98 
88 
85 

77 
87 
87 
81 

75 
96 
86 
83 

76 
86 
90 
98 

73 
87 
90 
83 

(Cl.mar) 2 
Cn min 

105 
122 
124 

117 
133 
133 
130 

133 
141 
156 
138 
128 

121 
133 
128 
111 

114 
144 
131 
124 

122 
134 
137 
144 

112 
128 
127 
106 

L for 
D 

Ci. = 0.7 

11.9 
11.3 
10.0 

11.7 
12.3 
11. 1 
9.6 

10.4 
11.3 
10.4 
9.5 
8.1 

13.2 
11.5 
9.9 
8.6 

10.9 
12. 1 
11. 1 

10.8 
12.1 
9.0 
8.3 

11. 1 
10. 1 
10.3 
9.5 

L for 
D 
Climax 

3.24 
3. 12 
3.25 

3. 55 
3.42 
3. 19 
2. 85 

3. 27 
3.30 
3.07 
2.98 
2.87 

3.21 
3. 19 
3.11 
3.05 

3. 85 
3. 71 
3. 75 
3.39 

3.49 
3. 34 
3.41 
3.08 

3.43 
3. 46 
3. 44 
3.55 
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TABLE V. CHARACTERISTICS AND CRITERIONS FOR AN N.A.C.A. 0012, 7.5 PERCENT AUXILIARY WITH 
A CLARK Y WING 

Position 
auxiliar 

Ahead 

of T.E. of 
y airfoil 

Above 

5 Ql.maz 
ctr, 

'■'Lrn ax 
C'Lmax 

C- Drain 

' (CLmal) 2 

C Dmin 

L for 
D 

Ct=0.7 

L for 
D 
pLmax 

Percent c Percent c Degrees Degrees 
16.0 14.0 0 0. 0163 1.402 20 86 121 10.8 4. 93 

5 . 0155 1.418 20 91 130 11.3 4.80 
‘Vi .0152 1.428 20 94 134 9. 2 4. 65 

12M . 0166 1.434 20 84 120 8.3 4. 35 

11.5 14. 0 .0161 1. 438 21 89 129 10. 6 4.57 
5 .0166 1.500 22 90 136 9.5 4. 17 
' H .0164 1.520 22 93 141 8.9 4. 12 

10 . 0169 1. 545 23 91 141 8.4 3. 84 
12J/£ . 0180 1. 590 24 88 140 7.4 3.53 

21.2 8.8 -2]4 . 0169 1.401 20 81 114 10.3 4. 90 
0 .0150 1.383 19 92 128 11.5 5.47 
'P/2 .0152 1. 390 20 91 127 10. 6 4. 83 
5 .0161 1.420 20 88 125 10.4 4.91 

16.0 4.5 0 .0155 1.646 24 106 175 10.9 4.35 
2 H .0149 1.621 23 10!) 176 10.4 4. 45 
5 . 0152 1.609 23 106 170 9.9 4. 36 

. 0160 1. 637 24 102 167 9..5 4.07 

7.5 9.6 .0153 1. 580 24 103 163 10.9 3. 85 
0 .0147 1. 545 23 105 162 10. 1 3. 89 
5 .0158 1. 582 25 100 158 8.9 3. 35 

10.7 0.0 -2)4 .0146 1.475 22 101 149 11.9 4.71 
0 .0138 1. 470 22 106 157 10. 6 4. 50 
2J4 . 0133 1. 403 22 105 148 9. 5 4. 28 
5 .0133 1.407 21 106 149 9.7 4.53 

19.3 -2.5 -214 .0158 1. 622 23 103 166 13.0 4. 88 
0 .0141 1. 610 23 114 184 11.7 4 74 
2J-2 .0139 1. 610 23 116 186 10.9 4. 68 
5 .0144 1.600 23 111 178 10. 1 4.57 

11.1 7.4 -5 .0182 1.660 25 91 151 11.9 4 17 
—2V2 .0172 1. 670 25 97 162 11.5 3. 80 

0 .0172 1.636 25 95 156 10.6 3. 67 
5 .0172 1. 608 24 94 150 10.4 3.91 

20.0 2. 1 0 .0160 1. 540 22 96 147 11.3 4.87 
5 . 0155 1. 570 22 101 159 10.0 4. 68 

. 0155 1. 570 22 101 159 9.6 4.61 

16.0 -1.5 -2H .0163 1. 602 23 98 157 11. 9 4. 75 
0 .0152 1.590 23 105 166 11.3 4. 65 
2J4 . 0152 1.582 23 104 165 10. 1 4. 54 
5 . 0152 1. 570 23 103 162 9.9 4.41 

18. 6 -7.1 -2>2 .0169 1.570 23 93 146 12.5 4. 85 
0 .0163 1.571 23 96 152 12. 1 4 82 
2 H . 0163 1. 512 23 93 140 10.9 4. 61 
5 .0163 1.482 22 91 135 10.6 4. 72 

21.8 —2.8 —2H .0172 1.570 22 91 143 12.3 5. 06 
0 .0161 1.573 22 98 154 11.1 4. 97 
2^2 .0169 1.570 22 93 146 10. 1 4. 86 
5 .0169 1.590 23 94 150 9. 5 4.49 
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TABLE VI. CHARACTERISTICS AND C’RITERIONS FOR AN N.A.C.A. 0012, 11.0 PERCENT AUXILIARY 
A CLARK Y WING 

Positions of T.E. of 
auxiliary airfoil 

5 

I 

CeDmin CeLmaz 
a s-* 

l^Lmaz 
Cl max 

Cl) min 

(CinJ 2 
Comin 

L , 

~D for 
Cl=0.7 

L 

D for 
Climax 

Ahead Above 

Percent c Percent c Degrees Degrees 
7. 5 22.5 —5 0. 0153 1. 400 20 91 128 12.5 4.98 

0 .0151 1.413 20 94 132 10.1 4.67 
5 .0158 1.426 20 90 129 8.4 4. 26 

16.0 18.9 0 .0151 1. 392 20 92 128 10.8 4. 73 
5 .0153 1. 408 20 92 130 8.9 4.46 

10 , .0151 1.395 20 92 129 9.1 4.42 

16.0 14.0 0 .0157 1.413 20 90 127 10.4 4. 74 

214 .0148 1.410 21 95 134 9.7 4.47 
5 .0159 1.461 20 91 130 8.9 4.41 

11. 5 14.0 0 .0143 1. 568 23 110 172 10.0 3.95 
2>4 .0143 1.656 25 116 192 9.5 3. 58 
5' .0143 1.618 25 113 183 8.6 3. 60 

10 .0162 1.614 25 100 161 7.9 3.22 | 

21.2 8.8 0 .0156 1.432 20 92 132 11.1 4.92 

5 . 0169 1. 508 21 89 135 9.1 4. 42 

10 .0164 1.531 22 93 143 8.1 3. 89 
12>i .0164 1.536 22 94 144 7.9 3. 83 

16.0 4.5 0 .0143 1.560 22 109 170 11.3 4.46 

2 \i .0140 1. 562 22 112 174 9.3 4.27 

5 . 0136 1.558 23 114 178 9.0 3. 90 

7 X .0144 1. 527 22 106 162 8.5 4.00 

9.6 -5 .0157 1. 546 24 99 152 12.5 3.65 
—2}'2 .0154 1.540 24 100 154 10.4 8. 53 

o' .0152 1.535 25 101 155 9.3 3. 25 

5 .0152 1.468 24 97 142 7. 8 3. 14 

11. 1 7. 4 -5 .0172 1.610 23 94 151 11.7 4. 25 

-2 XA .0164 1.598 23 97 156 11.7 4. 13 

0 . 0156 1.571 23 101 159 10.1 3.96 

5 
1 

.0172 1.561 24 91 
1 

142 8.4 3.48 

TABLE VII. CHARACTERISTICS AND CRITERIONS FOR AN N.A.C.A. 0012, 14.5 PERCENT AUXILIARY 
A CLARK Y WING 

Positions of T.E. of 
auxiliary airfoil 

5 

Ahead Above 

Percent c 
7.5 

Percent c 
, 22.5 

Degrees 
0 
5 
7H 

16.0 18.9 —5 
—2« 

0 ) 2V6 
5 . 1 

16.0 14.0 0 
214 
5 
m 

11.5 14.0 -2>4 
0 
5 

27.5 14.0 0 
5 
7 y> 

21.2 8.8 -5 
0 2 y, 
5" 

16.0 4.5 —5 
-2H 

0 
5 

7.5 9.6 -7X 
—5 
-2X 

0 
5 

11.1 7.4 

1 
1 

—5 
-2X 

0 
5 

1 

I 

^ Dmin | 

‘ 1 

Climax CLmaz 
Climax 

CDm in Cumin 

L . 

T)l0T 

Cl=0.7 

L , 
D for 
Clmaz 

Degrees 
0.0151 1.443 21 96 138 10.0 4.23 

.0149 1. 556 24 104 162 7. 6 3. 34 

.0154 1.575 25 102 161 6.9 3.08 

.0159 1.390 20 87 122 12.3 4.90 

.0149 1. 400 21 94 132 12.1 4.42 

.0141 1.408 21 100 140 10.6 4. 27 

. 0149 1.443 21 97 140 9.2 4. 13 

.0146 1.460 21 97 139 8. 3 4.07 

.0129 1. 501 22 116 175 11.5 4.15 

.0129 1.603 24 124 199 9.2 3.67 

.0131 1.603 24 122 196 8.8 3. 58 

.0134 1.593 24 119 190 7.9 3. 38 

.0139 1.651 25 119 196 11.7 3.65 

.0137 1.639 25 120 196 11.1 3. 53 

.0137 1.613 25 118 190 8. 1 3.26 

. 0149 1. 333 19 89 119 11.5 5. 02 

. 0146 1.370 20 94 129 8.9 4.32 

.0164 1.434 21 87 125 7.9 3. 96 

.0164 1. 408 20 86 121 12.5 5.12 

.0149 1.485 21 100 148 11.1 4. 54 

.0157 1.540 22 98 151 9. 5 4. 17 

.0167 1.534 22 92 141 8. 5 4.02 

.0159 1.550 22 97 151 12.5 4. 56 

. 0129 1. 537 22 119 183 12.7 4. 38 

.0126 1. 520 22 121 184 10.8 4.15 

.0126 1.490 22 118 176 8.3 3. 92 

.0159 1.504 23 94 142 13.0 3.90 

.0146 1.513 24 103 156 12.3 3.61 

.0146 1. 466 23 100 147 10.9 3. 58 

. 0152 1.440 25 95 137 8.8 3. 00 

.0156 1.400 25 90 126 7. 3 2. 79 

. 0154 1. 605 24 104 167 12.5 3.91 

. 0142 1.542 23 109 167 11.9 3.96 

.0142 1. 518 23 107 162 9.9 3. 73 

.0144 1.480 
1 

23 103 153 8.2 3.51 

581 

WITH 
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TABLE VIIr. CHARACTERISTICS AND CRITERION^ FOR AN N.A.C.A 0012, 18 PERCENT AUXILIARY WITH 
CLARK Y WING 

Position of T.E. of 
auxiliary airfoil 

& CDm in CLmaz aCt UK max 
C?L muz 

CDmin 

(CLmaz) * 
Comin 

L 
D for 

Cl=0.7 

L 
Yfor 
Cl muz 

Ahead Above 

Percent c Percent c Degrees Degrees 
7.5 22.5 0 0. 0159 1.473 22 93 136 9.5 3. 77 

2J4 . 0159 1.578 25 99 157 8.0 3. 14 
5 .0159 1. 565 25 98 154 7.1 3.09 
7 a .0161 1.531 24 95 146 6.5 2. 96 

16.0 18.9 0 .0152 1.440 21 95 136 10.8 4.09 
DA .0161 1.485 22 92 136 8.5 3. 75 
5 .0161 1.488 22 92 ' 137 8. 2 3.65 
DA . 0166 1.580 24 95 150 6.6 3. 15 

10 .0169 1.530 23 89 139 6.2 3. 87 
12 A .0174 1.552 24 88 137 6. 1 2.91 

16.0 14.0 -2 A .0157 1.560 23 99 155 11.7 4.05 
0 .0155 1.621 25 104 169 11.1 3. 48 
2H .0152 1.550 23 102 158 8.3 3.59 
5 .0157 1.575 24 100 158 7.8 3.32 

11.5 14.0 0 .0164 1.600 25 98 156 10.4 3.33 
DA .0162 1.590 25 98 156 8.0 3. 15 
5 .0164 1. 580 26 96 152 7.4 3.01 

27.5 14.0 0 .0156 1.337 19 86 114 11.3 4.82 
5 .0156 1.395 20 89 125 8.0 4.21 
7 A .0164 1.426 21 87 124 7.4 3. 69 

21. 2 8.8 -DA .0166 1.470 21 89 130 11.7 4.51 
0 . 0156 1.544 22 99 153 11.3 3.71 
2 a .0166 1. 513 22 91 138 9.2 3. 99 

r- 5 .0176 1.510 22 86 130 7.5 3.83 

16.0 4.5 -DA .0157 1.488 22 95 141 12. 1 4.21 
0 .0149 1.488 22 100 149 11.1 4.02 
214 .0142 1.468 22 103 152 8.8 3.91 
5 .0144 1.418 21 99 140 11.9 3. 92 

TABLE IX. CHARACTERISTICS AND CRITERIONS FOR A CLARK Y, 14.5 PERCENT AUXILIARY 
WITH A CLARK Y WING 

Position of T.E. of 
auxiliary airfoil 

5 C Drain CLmaz “CLmaz 
CLmaz 

CDmin 

(CLmaz) * 

Comin 

L , 
Y)for 
Ci=0 7 

L 
7) for 
CLmaz 

Ahead Above 

Percent c Percent c Degrees Degrees 
7.5 22.5 0 0. 0156 1.460 25 94 137 11.7 3.06 

DA .0164 1.470 25 90 132 10.1 2.91 
5 .0174 1.571 25 90 142 7.3 3. 05 
DA .0179 1.555 24 87 135 6. 7 3.08 

16.0 18.9 0 .0164 1.446 21 88 128 11. 7 4. 14 
5 .0172 1.502 22 87 131 8.0 3. 65 
7 lA .0182 1.532 23 84 129 7.2 3.38 

16.0 14.0 0 .0159 1.612 24 101 163 11.7 3.73 
2H .0157 1.616 24 103 166 9.6 3. 51 
5 .0162 1.622 25 100 163 8.2 3.23 

11.5 14.0 -DA .0178 1. 665 26 93 156 11.7 3. 35 
0 .0170 1.647 2S 97 159 11.1 3.27 
da .0170 1.631 26 96 157 9.2 3. 21 
5 .0165 1.608 26 97 157 7. 6 2.96 

27.5 14.0 0 . 0169 1.390 20 82 114 11.9 4.51 
5 .0172 1.443 21 84 121 8.4 3.99 
DA .0182 1.475 21 81 120 7.7 3.91 

21.2 8.8 0 .0182 1.542 22 85 131 11.7 4.27 
5 .0180 1.578 23 88 138 8.5 3.71 
DA .0180 1.565 23 87 136 7.4 3.57 

10 .0178 1.587 24 89 141 6.9 3. 30 
12 A .0193 1. 536 23 79 122 6.5 3. 25 

16.0 4.5 -DA .0177 1.562 23 88 138 12. 1 4.06 
0 .0167 1.548 23 93 144 11.5 3.81 
DA .01.09 1.502 22 94 142 9.3 3.94 
5 .0159 1.480 22 93 138 7.4 3. 77 

7.5 9.6 -5 .0218 1.500 26 69 103 11.9 2.99 
-2^ .0192 1.470 26 77 113 11.3 2.84 

0 .0192 1.443 26 75 108 11. 1 2. 75 
5 .0192 1.400 24 73 102 6.7 2.84 
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ABLE X. CHARACTERISTICS OF A CLARK Y WING WITH VARIOUS AUXILIARIES IN THEIR MOST PROMISING 

NO AUXILIARY 

a 
(degrees) Cl Cd 

c. 
0.25c of 

main wing 

— 4 0. 047 0.016 -0. 077 
-3 .111 .015 -.076 
-2 . 188 .017 -. 076 

0 .331 .022 -. 076 
10 .984 .092 -.067 
13 1. 169 . 127 -.065 
14 1. 222 . 140 -.064 
15 1. 260 . 150 -.064 
16 1. 295 . 162 -. 064 
17 1.333 . 180 -.069 
18 1.319 .204 -.078 
19 1. 295 .224 -.086 
20 1.275 . 250 -.094 
30 .911 .552 -.168 

N.A.C.A. 22, 7.5 PERCENT AUXILIARY 

T.E. of auxiliary 0.150c ahead, 0.045c above, <5=5° 

a 
(degrees) Cl Cd 

Cm 
0.25c of 

main wing 

-6 -0. 084 0. 020 -0.071 
-5 -.019 .018 -.064 
-4 .046 .018 -.059 
-3 . 117 .019 -.055 

0 .305 .029 -.036 
10 .916 . 121 -.025 
20 1. 474 .311 -.004 
23 1.578 .381 -.001 
24 1.632 .405 .000 
25 1. 191 .444 -.056 
30 .968 .553 -.072 
35 .876 .647 -.088 

T.E. of auxiliary 0.123c ahead, 0.025c below, « = 2R° 

a Cl Cd 
Cm 

0.25c of 
main wing 

Degrees 
-4 
-3 
-2 

0 
10 
20 
23 

24 

25 
30 
35 

0.054 
.. 122 
. 196 
.321 
.887 

1.469 
1.585 

f 1.618 
\ 1.450 

1.418 
.993 
.870 

0.017 
.017 
.019 
.024 
.106 
.288 
.350 

} .374 

. 415 

.534 

.629 

’-0.068 
-.061 
-. 056 
-.050 
-.028 
-.012 
-.010 

f -.018 
\ -.015 

-.040 
-.080 
-.096 

POSITIONS 

N.A.C.A. 22, 25.0 PERCENT AUXILIARY 

T.E. of auxiliary 0.16c ahead, 0.14c above, S=0° 

a 
(degrees) Cl Cd 

cm 
0.25c of 

main wing 

-5 -0. 032 0. 024 -0. 047 
-4 .061 .017 -. 033 
-3 . 145 .018 -.015 

0 . 363 .038 .016 
10 1.015 . 129 . 100 
20 1.412 .370 . 165 
23 1. 521 .444 . 194 
24 1.555 .476 . 196 
25 1. 590 .507 . 199 
26 1. 114 .535 . 147 
30 .995 .582 . 100 
35 .935 .685 .089 

T.E. of auxiliary 0.212c ahead, 0.088c above, 
S = 2H° 

a 
(degrees) Cl Cd 

Cm 
0.25c of 

main wing 

-6 -0. 061 0. 020 -0.051 
— 5 .023 .017 -.028 
-4 .091 .017 -.008 

0 .332 .028 .065 
10 .903 . 144 . 126 
20 1.361 .367 . 193 
22 1.463 .417 .205 
23 1.518 .445 .213 
24 1.064 . 464 .114 
30 .989 .595 .114 
35 .903 . 695 . 107 

T.E. of auxiliary 0.275c ahead, 0.14c above, 5=0° 

a Cl Cd 
Cm 

0.25c of 
main wing 

Degrees 
-5 -0. 009 0.019 -0. 035 
-4 .061 .017 -.013 
-3 . 145 .017 .002 

0 .349 .026 .055 
10 .965 . 114 . 164 
20 1.397 .343 . 190 
22 1.480 .391 . 203 
23 1.516 .415 .207 
24 1. Ill .447 . 113 
25 1.043 .474 . 110 
30 .960 .585 . 109 

35 
.934 .691 . 115 

N.A.C.A.0012, 14.5 PERCENT AUXILIARY 

T.E. of auxiliary 0.115c ahead, 0.14c above, 5=0° 

a 
(degrees) Cl Cd 

Cm 
0.25c of 

main wing 

-5 -0.040 0.017 -0. 094 
-4 .035 .016 -.089 
-3 . 100 .017 -.081 

0 .310 . 022 -.040 
5 . 664 . 061 -.013 

10 .954 . 132 .004 
20 1.468 .333 . 045 
23 1.578 .411 .051 
24 1.630 .439 .053 
25 1.660 .469 .055 
26 1.685 . 495 .058 
27 1.000 .496 -.025 
30 .937 .554 -.026 
35 .889 .642 -.026 

T E. of auxiliary 0.115c ahead, 0.14c above, 
S=-2 

Cm 
a 

Cl Cd 0.25c of 
(degrees) main wing 

-5 -0. 039 0.018 -0. 097 
-4 .031 .017 -.093 
-3 . 095 .017 -.086 

0 . 306 .023 -.054 
5 .664 . 055 -.016 

10 .955 . 128 -.001 
20 1. 461 . 322 .042 
24 1.631 .429 .051 
25 1. 660 .457 .049 
26 1.696 .484 . 052 
26 1.010 . 464 -.029 
30 .929 .551 -. 033 
35 .894 .637 -.030 

T.E. of auxiliary 0.16c ahead, 0.14c above, 5 = 2H° 

a Cl Cd 
Cm 

0.25c Of 
main wing 

Degrees 
-5 -0. 023 0.016 -0.090 
-4 .049 . 016 -.079 
-3 . 127 .017 —.065 

0 .335 .024 -. 033 
5 . 660 .069 -.011 

10 .960 . 137 .010 
20 1.460 .335 .054 
23 1.590 .410 . 061 
24 1.620 .442 .063 
25 1.048 .469 -.021 
30 .931 .572 -.021 
35 .882 .656 

1 
-.019 
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TABLE X. CHARACTERISTICS OF A CLARK Y WING WITH VARIOUS AUXILIARIES IN THEIR MOST PROMISING 
POSITIONS—Continued 

N.A.C.A. 22,11.0 PERCENT AUXILIARY 

T.E. of auxiliary 0.115c ahead, 0.14c above, 5=0° 

a Ci. Cd 
Cm 

0.25c of 
main wing j 

Degrees 
-5 -0. 050 0.023 

i 
-0.062 1 

-4 .045 .019 -. 054 
-3 . Ill .018 -.047 
-2 . 185 .019 -.041 

0 . 320 . 025 -.027 
10 .929 . 133 .004 
20 1.460 . 331 . 032 
25 1.653 . 466 . 036 
26 1.682 .496 .035 i 
27 1.072 .509 -.041 
30 .997 . 564 -.041 
35 .903 .655 -. 050 

T.E. of auxiliary 0.16c ahead, 0.045c above, <5 = 2R° 

a Cl Cd 
Cm 

0.25c of 
main wing 

Degrees 
—6 -0.063 0.023 -0. 075 
-5 -.018 .017 -.062 
-4 . 048 .017 -.052 

0 .327 .027 -.024 
10 .900 . 127 . 000 
20 1. 436 . 322 .030 
22 1. 529 .374 .036 
23 1.568 . 399 .037 
24 1.591 .433 .031 
30 . 963 . 559 .035 
35 .945 .643 .043 

N.A.C.A. 22, 14.5 PERCENT AUXILIARY 

T.E. of auxiliary 0.15c ahead, 0.12c above, 5 = 0° 

a Cl Cd 
Cm 

0.25c of 
main wing 

Degrees 
-4 0.010 0. 024 -0.051 
-3 . 105 . 018 -.050 
-2 . 182 .019 -.040 

0 .325 .023 -.021 
10 .942 . 124 .026 
20 1.450 . 356 .063 
23 1.582 .407 .073 
24 1.610 .434 . 076 
25 1. 650 .465 .079 
25 1.080 .466 -.003 
26 1.014 .484 -.009 
30 .909 . 574 -.013 
35 .861 .661 -.013 

N.A.C.A. 0012, 7.5 PERCENT AUXILIARY 

T.E. of auxiliary 0.193c ahead, 0.025c below, 5 = 0° 

a Cl Cd 
C m 

0.25c of 
main wing 

Degrees 
-5 -0. 027 0.017 -0. 093 
-4 .044 . 016 -.084 ; 
-3 . 112 .016 -.083 

0 .325 .023 -.062 
5 .633 .052 -.042 

10 . 920 . 103 -. 040 
20 1.498 . 277 -.034 
22 1.577 .316 -.027 
23 1.605 .341 -. 025 
24 1.381 .365 -.056 
25 1. 210 .431 — .088 
30 .944 .530 -.095 
35 .856 .617 -. 109 1 

T.E. of auxiliary 0.193c ahead, 0.025c below, <S = 2L° 

a Cl CD 
Cm 

0.25c of 
main wing 

Degrees 
—5 -0. 022 0.016 -0. 089 
-4 .048 .015 -.085 
-3 . 112 .016 — .078 

0 .324 .022 -.059 
5 . 626 .055 -.041 

10 . 920 . 106 -. 040 
20 1.492 .284 -.030 
22 1. 592 .323 -.028 
23 1.616 .344 -. 026 
24 1.558 .376 -. 035 
25 1. 200 .425 -.076 
30 . 950 .534 -.093 
35 .862 .615 —. 103 

N.A.C.A. 0012, 11.0 PERCENT AUXILIARY 

T.E. of auxiliary 0.115c ahead, 0.14cabove, 5 = 2M>° 

a Cl Cd 
Cm 

0.25c of 
main wing 

Degrees 
-5 -0. 020 0.015 -0. 079 
-4 .055 .015 -.071 
-3 . 120 .015 -.061 

0 .331 .023 -.042 
5 . 654 .067 -.028 

10 .963 . 135 -. 008 
20 1.480 .335 . 023 
23 1.594 .413 .025 
24 1.630 .438 . 027 
25 1.660 . 466 .027 
26 1.013 .483 -.048 
30 .920 . 566 -.054 
35 .875 .654 -.055 

N.A.C.A 0012, 18.0 PERCENT AUXILIARY 

T.E. of auxiliary 0.16c ahead, 0.14c above, 5=0° 

a Cl Cd 
Cm 

0.25c of 
main wing 

Degrees 
—5 -0. 040 0.016 -0.108 
-4 .030 . 015 -. 097 
-3 .093 .015 -.085 

0 .312 .022 -.043 
5 .670 . 057 . 005 

10 .933 . 134 . 023 
20 1.446 . 333 .079 
23 1.565 .401) . 088 
24 1. 590 .439 . 091 
25 . 973 .458 .000 
30 .910 . 573 .004 
35 .870 .659 .009 

CLARK Y, 14.5 PERCENT AUXILIARY 

T.E. of auxiliary 0.115c ahead, 0.14c above, 5=0° 

a. Cl Cd 
C m 

0.25c of 
main wing 

Degrees 
-5 -0.010 0.018 -0. 071 
-4 .059 .017 -.062 
-3 . 135 .017 -.051 

0 .357 . 025 -.024 
5 . 705 .058 .008 

10 .973 . 141 .016 
20 1.473 .352 . 056 
24 1.619 .458 . 063 
25 1.654 .490 .064 
26 1.680 . 522 .064 
27 1.042 .516 -.014 
30 . 967 . 567 -.018 
35 .896 .663 —.019 

T.E. of auxiliary 0.16c ahead, 0.14c above, 5=2 

a Cl Cd 
Cm 

0.25c of 
main wing 

Degrees 
—5 -0. 003 0.017 -0.061 
-4 .065 .017 -.051 
-3 . 151 .018 -.041 

0 . 369 .027 -.012 
5 .690 . 069 .011 

10 . 965 . 146 .021 
20 1.471 .351 .063 
23 1.590 .432 .072 
24 1. 630 .460 .073 
25 1.656 .490 .074 
26 1.018 . 503 -.010 
30 .944 .593 -.013 
35 .944 .680 -.009 

1 
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STRENGTH TESTS OF THIN-WALLED DURALUMIN CYLINDERS IN COMPRESSION 

By Eugene E. Lundquist 

SUMMARY 

This report is the second of a series presenting the results 
of strength tests of thin-walled duralumin cylinders and 
truncated cones of circular and elliptic section. It con¬ 
tains the results obtained from compression tests on I+o 
thin-walled duralumin cylinders of circular section with 
ends clamped to rigid bulkheads. In addition to the 
tests on duralumin cylinders, there are included the re¬ 
sults of numerous tests on rubber, celluloid, steel, and 
brass cylinders obtained from various sources. 

The results of all tests are presented in nondimensional 
form and are discussed in connection with existing theory. 
In the theoretical discussion, it is shown that the buckling 
of the walls of a thin-walled cylinder in compression can 
be correlated with the buckling of flat plates under edge com¬ 
pression in an elastic medium, and that perhaps many 
solutions for problems in the buckling of plates can, with 
the proper fact errs, be applied to similar problems in the 

buckling of cylinders and curved sheets. 

INTRODUCTION 

In a stressed-skin or monocoque structure, the 

strength and stability of the curved skin are closely re¬ 

lated to the strength and stability of the walls of a thin- 

walled cylinder, not only for compression but for other 

types of loading as well. The National Advisory 

Committee for Aeronautics, in cooperation with the 

Army Air Corps; the Bureau of Aeronautics, Navy 

Department; the Bureau of Standards; and the 

Aeronautics Branch of the Department of Commerce, 

made on extensive series of tests on thin-walled cylin¬ 

ders and on truncated cones of circular and elliptic 

section at Langley Field, Va. In these tests the abso¬ 

lute and relative dimensions of the specimens were 

varied in order to stud}r the types of failure and to 

establish useful quantitative data in the following 

loading conditions: Torsion, compression, bending, 

and combined loading. 

The hist report of this series (reference 1) presents 

the results obtained in the torsion (pure shear) tests on 

cylinders of circular section. The present report is the 

second of the series and presents the results obtained 

in the compression tests on cylinders of circular 

section. 
40768—34-38 

In addition to the results of the N.A.C.A. compres¬ 

sion tests on duralumin cylinders, there are presented, 

through the courtesy of Dr. L. H. Donnell of the Cali¬ 

fornia Institute of Teclmologjq the unpublished 

results of 40 compression tests on steel and brass 

cylinders. There are also included the results of 

numerous compression tests on rubber, celluloid, 

and steel cylinders reported in references 2, 3, and 4. 

The latter two of these references came to the atten¬ 

tion of the author after the experiments of the present 

report had been completed. It is suggested that they 

be read in conjunction with the present report. The 

first is largely theoretical; the second, experimental. 

By way of introduction to the detailed discussion 

of the test data herein presented, it may be said that 

secondary, or local, failure in thin-walled cylinders of 

circular section under uniform compression seems to 

have been first investigated by Lilly (1905-07). 

Since that time Timoshenko, Lorenz, Southwell, and 

others have studied the problem theoretically. The 

first theoretical studies were confined to the case of 

deformation symmetrical with respect to the axis 

(fig. 1). Later the theory was extended to include the 

case of deformation not symmetrical with respect to 

the axis (figs. 2 and 6), but the results of the extensions 

did not always lead to the same conclusions. 

Perhaps the best known of the early treatises on the 

subject of the stability of thin-walled cylinders in 

compression is that by Southwell (reference 5), but 

unfortunately his interpretation of the general equa¬ 

tion is incomplete. In reference 2, Robertson shows 

that Southwell’s final equations are invalid for certain 

cases, and he derives new equations for these cases. 

In the present report it is shown that Southwell’s 

general equation contains the equations for the buckling 

of flat and curved plates subjected to edge compres¬ 

sion.1 
Until Robertson made the tests reported in refer¬ 

ence 2, there seem to have been no comprehensive tests 

made to verify the theory. Robertson found that fail¬ 

ure occurred by the formation of a multilobed wrinkle 

i In reference 3 Fliigge has presented the general equation in graphical form and 
has recognized that the buckling of flat plates is a special case of the buckling of a 

| cylinder of infinite radius. Timoshenko a.so seems to have recognized the same 

fact in some of his early work, 1914-16. 
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pattern, as predicted by his modification of South¬ 

well’s final equations, but that both the number of 

wrinkles, or lobes, forming in the circumference of the 

cylinder and the stress at failure were less than the 

theoretical values. The stress at failure was slightly 

less than the critical stress for the 2-lobed failure 

predicted by Southwell. 

Figure l.—Buckling symmetrical with respect to the axis. (Tubes tested by the 
Bureau of Standards.) 

TESTS ON DURALUMIN CYLINDERS 

Material.—The duralumin (Al. Co. of Am. 17ST) 

used in the N.A.C.A. tests was obtained from the man¬ 

ufacturer in sheet form with nominal thicknesses of 

0.011, 0.016, and 0.022 inch. The properties of the 

Figure 2.—Buckling not symmetrical with respect to the axis. (Tubes tested by 
the Bureau of Standards.) 

The results of the N.A.C.A tests herein reported 

confirm, quantitatively, the results obtained by Rob¬ 

ertson. Consequently, in the present report detailed 

consideration is given to the lack of agreement between 

theory and experiment. 

As an introduction to a study of the strength and 

behavior of curved sheet and stiffener combinations, 

a general discussion of the buckling of flat and curved 

plates under edge compression is given in an appendix. 

material, as determined by the Bureau of Standards 

from specimens selected at random, are given in table 

I. Typical stress-strain curves taken parallel and 

normal to the direction of rolling are given in figures 

3 and 4, respectively. 

In table I and figures 3 and 4, it will be observed 

that the modulus of elasticity is substantially the same 

in the two directions of the sheet but that the ultimate 

strength and yield point are considerably lower normal 
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to than parallel to the direction of rolling. However, as 

all the cylinders tested failed at stresses considerably 

below the yield-point stress, the difference in the 

strength properties in the two directions has no bear¬ 

ing on the results. 

Specimens.—The test specimens consisted of right 

circular cylinders of 7.5- and 15.0-inch radius with 

lengths ranging from 3.6 to 22.5 inches. The cylinders 

were constructed in the following manner: First, a 

duralumin sheet was cut to the dimensions of the 

for the bulkheads of 7.5-inch radius, and 3}4 inches 

thick for the bulkheads of 15.0-inch radius. These 

parts were bolted together and turned to the specified 

outside diameter. Steel bands approximately one 

fourth inch thick were used to clamp the duralumin 

sheet to the bulkheads. These bands were bored to 

the same diameter as the bulkheads. 

Apparatus and method.—The thickness of each sheet 

was measured to an estimated precision of ± 0.0003 

inch at a large number of stations, by means of a dial 

Figure 3.—Stress-strain diagram for sheet duralumin 0.011 inch thick, parallel to the direction of rolling. 

Figure 4.—Stress-strain diagram for sheet duralumin 0.011 inch thick, normal to the direction of rolling. 

developed surface. The sheet was then wrapped about 

and clamped to the end bulkheads. (See figs. 5 and 

6.) With the cylinder thus assembled, a butt strap 1 

inch wide and of the same thickness as the sheet was 

fitted, drilled, and bolted in place to close the seam. 

In the assembly of the specimen, care was taken to 

avoid having either a looseness of the skin (soft spots), 

or wrinkles in the walls when finally constructed. 

The end bulkheads, to which the loads were applied, 

were each constructed of two steel plates one fourth 

inch thick, separated by a plywood core lk inches thick 

gage mounted in a special jig. In general, the varia¬ 

tion in thickness throughout a given sheet was not 

more than 2 percent of the average thickness. The 

average thicknesses of the sheets were used in all 

calculations of radius/thickness ratio and stress. 

A photograph of the loading apparatus used in the 

compression tests is shown in figure 5. Loads were 

applied by the jack in increments of about 1 percent 

of the estimated load at failure. At first wrinkling, 

which usually occurred prior to failure, diamond-shaped 

wrinkles began to form and grew steadily in size and 
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sometimes in number with increase in load until failure 
occurred by a sudden formation of wrinkles in several 
circumferential rows. (See fig. 6.) Failure was 
always accompanied by a loud report and by a reduc¬ 
tion in load, which continued with deformation of the 
cylinder after failure. In all the tests, 5 to 10 minutes 
elapsed from the time that load was first applied to 
the specimen until failure occurred. 

complete information concerning the material, speci¬ 
mens, and method of testing, the reader is referred to a 
report by Donnell on the strength of cylinders in tor- 
tion (reference G). The compression cylinders were 
constructed in the same manner as the torsion cylinders 
and were tested in the same machine as the medium- 
length torsion specimens. 

For detailed information concerning the tests on 
rubber, celluloid, arid steel cylinders, the reader is 
referred to the original sources (references 2, 3, and 4). 
It should be mentioned, however, that the size and 
type of specimen and the method of testing differed 

greatly among the various groups of cylinders tested 
and that some of these differences were responsible 
for differences in the strengths obtained. These 
factors are considered in the discussion of the results. 

The results of all the test data considered in this 
report are given in tables II to VI, inclusive, and in 
figures 7, 8, and 9. 

Figure 5.—Loading apparatus used in N.A.C.A. compression tests. 

With the cylinder loaded at the axis, the 1-inch butt 
strap at the seam caused a slight eccentricity on all 
specimens. The effect of this eccentricity was small, 
however, as there was no tendency for failure to occur 
consistently on one side of the cylinder. 

TESTS ON RUBBER, CELLULOID, STEEL, AND BRASS 
CYLINDERS 

In the compression tests made by Donnell, brass 
and steel shim stock were used. The sheet that formed 
the walls of the cylinder was first cut to size and then 
wrapped about a mandrel and soldered at the seam. 
In order to stifen the ends for bearing against the 
heads of the testing machine, a light metal ring was 
soldered in place at each end of the cylinder. All the 
cylinders were tested in a special machine constructed 
at the California Institute of Technology. For more 

THEORY AND DISCUSSION OF RESULTS 

BRIEF RESUME OF GENERAL THEORY 

By use of the theory of thin shells as applied to a 
cylinder of infinite length, Southwell derived an equa¬ 
tion (equation 98 of reference 5) relating the critical 
stress, the properties of the material, and the phe¬ 
nomenon of failure. This equation as given by 
Prescott in a more simplified form (equation (17.126) 
of reference 7, p. 553) is 

“ Q2 f [(&2 + q2)2 + k2+2q2 + 2aq2] 

, .nk2 + q2)* + ki + ZJc2q2 + 2(l-a)qi 1 
: L~ 2k&- 7k*q2-(7 +a- 2a2)k'Y - 

+ <Z4 = 0 (1) 
where 

12(l-<r2)r2 

2 trr 

z 2ttt . 
Ic = -r—» an integer 

^C 

r, radius of cylinder 
t, thickness of cylinder w'all 
cr, Poisson’s ratio 
E, modulus of elasticity 
S, critical stress 
\a and \c, wave lengths of the wrinkles in the 

direction of the axis and circumference of the 

cylinder, respectively. 
In his interpretation of the general equation, South- 

well reasoned that for a lobed type of failure (&>1) q 
must be small if S/E is to have a value possible in 
practice. Upon the basis of this assumption, Southwell 
wrote as an approximation for equation (1): 

S q2 .Ak\k2~ l)2 
E k2(k2+\y (k2+l)q2 w 
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(e) r= 15.0 in.; 
I 
T 

=0.63; ~ = 1,415 (d) r=15.0in.; 
I 
r =0.50; y =711 

Figure 6.—Cylinders after failure, N.A.C.A. tests on duralumin cylinders. 

In reference 2, Robertson shows Southwell’s reason¬ 
ing to be in error, and that for a lobed type of failure, 
a possible value of S/E may occur with a large value of 
q. Upon the assumption that q is large, Robertson 
wrote as an approximation for equation (1): 

S 
E —2 + Aa2 

a 
(3) 

where 
F + q2 

a =- 
e 

In references 2 and 5 it is not clear as to which 
absolute values of q may be regarded as small and which 

as large. An inspection of equation (1) reveals that 
any given value of q may be regarded as small or large, 
depending upon the value of k. From equation (3) it 
is evident that Robertson regarded values of q approxi¬ 
mately equal to k as large. It would therefore seem 
better to say that equation (2) is an approximation for 
equation (1) when q/k is small, and that equation (3) 
is an approximation for it when qlk is not small. In 
any event it is desirable to examine the accuracy and 
limitations of equations (2) and (3). 

If q = ek and cr = 0.3, the quantities in the brackets in 
the first and second terms of equation (1), together 
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with the Southwell and Robertson approximations for 

them, became 

C, correct values 

First term [P(l + e2)2 + P(1 + 2.6e2)] 

Q , , rP(l + 62)4 + P(l + 3e2+1.4e4n 
Second term _ p{2 + 7e* + 7.1(< + o.3es) J 

S, Southwell approximation = small) 

First term [P + P] 

Second term [P + P — 2k6] 

R, Robertson approximation (e = 
k 

not small) 

First term [P(l + e2)2] 

Second term [P(l + e2)4] 

In table VII numerical values of the preceding quan- 

ties are tabulated for values of e ranging from 0.01 to 

10 and values of k from 1 to 25, the case k = 0 being 

omitted in the table because when k — 0, q is infinitely 

large with respect to k. Robertson’s approximation, 

which includes only the highest powers of q in each 

term of equation (1), is therefore valid for k~ 0.2 

From table VII, it is evident that for each value 

of e there is a value of k that cannot be exceeded if 

q/k is to be regarded as small. For values of k given 

above the horizontal lines in table VII, Southwell’s 

approximation (q/k small) is preferable to Robertson’s 

approximation (q/k not small). For values of k given 

below the horizontal lines, Robertson’s approximation 

is equally as good as, or preferable to, Southwell’s. 

SECONDARY FAILURE OR LOCAL BUCKLING 

[All values of k other than fc = ll 

All values of k other than 1 correspond to failure 

by local buckling of the cylinder walls. Figure 1 shows 

the type of failure for k = 0. Figures 2 and 6 show 

failures that correspond to &)>1. 

It will be recalled that equations (2) and (3) are 
merely approximations for the general equation relat¬ 

ing the critical stress, the properties of the material, 

and the phenomenon of failure. For a test cylinder 

that is free to buckle into any wrinkle pattern, insta¬ 

bility will occur at the minimum value of the critical 

stress. Thus differentiating S with respect to q as the 

independent variable in equation (2), it is found that 

Southwell’s approximation gives: 

when 

Smin P -1 0 rT _ P - 1 / 1 t 

E P + 1 ^ P+1 V 3(1-a2) r 

24 = p (P— l)2 A 
P (P-l)2f2 

12 (1 — cr2) r2 

(4) 

(5) 

In a similar manner, differentiating S' with respect 

to a in equation (3), the corresponding equations for 

Robertson’s approximation are: 

when 

^min 

E 

P 

= 2 JA = - 
1 t 

a. ■ 
<z 

3(1- a2) r 
(6) 

(7) 

PRIMARY FAILURE OR COLUMN ACTION (k = l) 

According to the theory (reference 5 or 7), the case 

& = 1 corresponds to a buckling of the cylinder as a 

whole in a manner similar to primary failure in col¬ 

umns. This type of failure is characteristic only of a 

long slender tube where the wave length X„ is large 

compared to the circumference {2irr). It therefore 

follows that for k= 1, both q and the ratio qfk must be 

small and Southwell’s approximation applies. Thus, 

putting k — 1 in equation (2) leads to the Euler column 

formula, 

s g* i/2*r Y 
E 2 2\ Xa / 

Since — the length of a pin-ended column, and 

T 
~j2 = P> the radius of gyration of a thin-walled tube, 

It will be noted from equations (4) and (6) that when 
p_ i 

qfk is small, the critical stress is jnri times the critical 

k~_i 
stress when q/k is not small. As the ratio y 2 is 

always less than unity for &)>1, the critical stress for 

the formation of lobes as given by Southwell is always 

less than the critical stress given by Robertson. Conse¬ 

quently, failure should occur in the manner predicted 

1)v Southwell unless the dimensions of the test cvlinder 

! are such that it is physically impossible for qfk to be 

small. 

For a cylinder of infinite length in which failure of 

the Euler type is prevented it is certainly possible for 

q/k to be small. In such a cylinder, buckling should 

occur at a stress equal to the smallest value of Smin 

given by equation (4) or when k = 2, the minimum 

value of k for Southwell’s approximation (table VII). 

P — 1 
For k = 2, the ratio p-qry = 0.6, and equation (4) 

becomes 

In terms of the total load this latter equation becomes 

P 
t2EI 

l2 

3 The statement that Robertson's approximation is valid for £ = 0, is made on 
the assumption that ?>1. In the end it '’an be shown that when fc=0 all practical 
values of q are greater than 1. 

E* °*6 V^3 (1 — crV (<S) 

From Southwell’s treatment of the buckling of a 

cylinder of infinite length, a section of length Xa/2 

may be regarded as equivalent to a cylinder of finite 
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Curve A, Robertson cylinders; graph of equation (6) with v=0.3 
Curve B, Cylinders of infinite length, graph of equation (8) with <r=0.3 

Curve C, Lower limit of test data for the most perfect test specimens 

‘FigI'ke 7—Logarthinic plot of S/E and A'c against rjt. 
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length with hinged ends. Thus for a test cylinder 

with hinged ends and of such length that the Euler 

type of failure does not occur, Aa/2 may approach the 

length of the cylinder and q may be as small as irr/l, 

where / is the length of the cylinder. If the value of k 

in equation (5) that corresponds to this value of q is 

greater than the value of k given bjr the horizontal 

line in table VII for the ratio of q/k obtained from 

equation (5), it is physically impossible for q/k to be 

small, as Southwell assumed; therefore Robertson’s 

equations based on q/k not small, apply. In this report 

a cylinder of such dimensions that it is impossible for 

q/k to be small is designated a “Robertson” cylinder, 

in contrast to a “Southwell” cylinder in which it is 

possible for q/k to be small. 

.0008 

.0006 

Kc 

.0004 

.0002 

0 

Figure 8.—Plot of Ke against length/radius ratio, N.A.C.A tests on duralumin 
cylinders. 

Although Southwell’s theory does not apply to a 

cylinder with ends clamped to rigid bulkheads, it is 

reasonable to assume that for such a cylinder the 

effective value of A„/2 is less than l. Consequently, 

if it be assumed that \a/2 = l and the test cylinder 

under consideration comes within the range of Robeit- 

son’s approximation as outlined in the preceding 

paragraph, it may certainly be classed as a Robertson 

cylinder. 

For the duralumin cylinders tested by the N.A.C.A. 

and the steel cylinders tested by Robertson and 

reported in reference 2, the lengths ranged from 

approximately 0.25r to 3.Or. Consequently, the 

smallest value of q that could occur in these cylinders 

7T /* • 
is or 1, approximately. From figure 10, where 

o T 

equation (5) is presented in graphical form, it is found 

T 
that for q= 1 and ^ = 100, k = 4, approximately, and 

hence | = approximately. Since 4 is below the hori¬ 

zontal lines in table VII for ^ = 0.2 and 0.4, it is impos¬ 

sible for jr to be small in this cylinder; hence, it is 

lymt 

O 

>o/ / fadius Radius 
(in.) 
7.5 

thickness 
625 — 7/4 

+ 

X 
15.0 
J 5.0 

67C 
127/ 

7— 757 
1-1415 
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-1 
\ 
- 

> 
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* 
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L ength l 

Radius ’ r 

classed as a Robertson cylinder. In a similar manner, 

it can be shown that all the test cylinders of these two 

groups are classed as Robertson cylinders and, so far 

as stressed-skin or monocoque structures are con¬ 

cerned, the radius, thickness, and spacing of bulkheads 

are such that any part of the structure is always a part 

of a Robertson cylinder. Consequently, the signifi¬ 

cance of Robertson’s equations will be discussed in 

considerable detail. 

CLOSE RELATION BETWEEN THE BUCKLING OF A ROBERTSON 

CYLINDER AND THE BUCKLING OF A FLAT PLATE 

Multiplication of the right-hand side of equation (6) 
by cc-^A (which is equal to unity, by equation (7)) 
gives 

$min 

~~E~ 
from which 

_ 8 trEf- f Aa AC"T2 
*min 12(1 - tx2) X«J 

On putting Aa = 2a and Ac = 26 

S, min 

2tr2Et2 Fa b~f 

12{\- a2)b\J> a\ (9) 

Inspection of equation (9) reveals that the critica] 

stress for a Robertson cylinder is twice the critical 

stress for a flat plate that buckles to form waves or 

wrinkles of the same size as form in the cylinder (refer¬ 

ence 8). In reference 9 it is shown that the critical 

load or stress for a long strut that buckles in an elastic 

medium 3 is also twice the critical load or stress for 

the same type of buckling without the lateral support 

of the medium. Consequently, by analogy, the buck¬ 

ling of a Robertson cylinder may be regarded as equiv¬ 

alent to the buckling of a flat plate under edge com¬ 

pression in an elastic medium. 

PHENOMENON OF FAILURE 

It will be noted that for a Robertson cylinder, equa¬ 

tion (7) does not define a particular wrinkle pattern, 

but rather a family of wrinkle patterns. For & = 0 

(Ae = oo), the walls of the cylinder form circumferential 

bulges or corrugations (fig. 1). For k^2, diamond- 

shaped or wavelike wrinkles of various dimensions 

form. (See figs. 2 and 6.) If equation (7) is solved 

for q it will be found that two values of q are asso¬ 

ciated with each value of k, one smaller and the other 

larger than k (reference 2, p. 598). In order to deter¬ 

mine which of the many wrinkle patterns described 

by equation (7) is most likely to occur, it is necessary 

to examine the condition of buckling for each. 

Although equation (7) shows that buckling may oc¬ 

cur by the formation of circumferential corrugations, 

this type of failure is not likely to occur in preference 

3 An elastic medium is assumed to provide lateral resistance to buckling. The 
resistance is distributed along the length of the column and is proportional to the 
lateral deflection. 
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to the formation of diamond-shaped or wavelike 

wrinkles. When buckling begins, circumferential 

tensions and compressions that are set up in the crests 

and troughs of the corrugations reinforce the longi¬ 

tudinally stressed elements and prevent complete fail- 

axis”, has ever occurred except in tubes of small 

radius/thickness ratio where the stresses have equaled 

or exceeded the yield point. (See reference 2.) 

If failure occurs by the formation of diamond-shaped 

or wavelike wrinkles, it might be expected, by analogy 

-* — 

Thickness t 
Figure 9—Effect of wrinkling prior to failure on the strength of thin-walled cylinders in compression. Tests by N.A.C.A. Curves A, B, and C obtained from figure 7. 

ure until the yield point of the material is reached 

or exceeded. In fact, it is doubtful if this type of 

failure, known in the theoretical literature by the 

name “deformation symmetrical with respect to the 

to the buckling of flat plates, that the wave lengths of the 

buckles in the direction of the axis and circumference 

of the cylinder will be equal. Differentiation of k with 

respect to q in equation (7) shows that the maximum 
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value of k is obtained when k = q or X^Xc. Thus, if 
Xa = Xc, equation (7) gives 

^max = 2^A = ^4 (1 ~ a‘)^t 

Examination of the graphical presentation of the 
general equation relating the critical stress with the 
properties of the material and the phenomenon of 
failure as given in figure 1G of reference 3 shows a 
gradual reduction of Smin and k with a decrease in q. 

Thus for both Southwell and Robertson cylinders it 
might be expected that the number of wrinkles will be 
given by equations (5) and (7), respectively, if q has 
the smallest (X„/2 the largest) value consistent with 
the length and end conditions of the test cylinder. 

Figure 10.—Graphical solution of equation (5), 

, kHk*-\)W 
Q 12(1 — 0-2) r2 

(curves drawn for <r=0.3) 

From the photographs of cylinders after failure (fig. 
6), it is evident that Xa tends to be equal to Xc. How¬ 
ever, upon reference to tables II to VI inclusive, where 
calculated and experimental values of k are tabulated 
for comparison, it is observed that the number of 
wrinkles that form in the circumference of the cylinder 
is always less than kmax• Except for short cylinders 
(l/r</ 1.0), the experimental values are generally greater 

than the smallest values of k calculated when assuming 
\a/2 = l/2 and X„/2=Z in equation (5) or (7). For cylin¬ 
ders of a given radius/thickness ratio, the experimental 
values of k vary inversely with l/r and approach a con¬ 
stant value for the larger values of l/r. These observed 
facts are explained as follows: 

When buckling occurs by the formation of diamond¬ 
shaped or wavelike wrinkles, the walls of the cylinder 
subdivide into a series of curved plates of length a and 
width b simply supported along the adjacent edges. 

| According to the equations of the deflected surface 
(equation (56), reference 5; or equation (17.116),reference 
7), these edges do not move out of the plane of the 
cylinder wall. However, when buckling begins there 
is no positive support provided to prevent a displace¬ 
ment normal to the cylinder wall. Consequent!}^ the 
edges of the curved plates behave like Euler columns 
and buckle, with the result that the cylinder collapses. 
If the type of buckling predicted by the theory actually 
took place so that the edges of the curved plates 
remained in the plane of the cylinder wall, a collapse of 
the cylinder would not occur and the curved plates 
woidd buckle in a manner similar to the corresponding 
flat plate simply supported at the edges. The load 
carried by the cylinder would then increase to a maxi¬ 
mum value that is dependent upon the properties of the 
material in the same manner as the load for a flat plate 
increases to a maximum. (See references 8 and 10.) 

From the preceding description of the behavior of a 
test cylinder during the process of failure, it is evident 
that the wrinkle pattern assumed by the cylinder when 
it collapses is dependent upon a type of buckling not 
described by the equations of the theory. It is, there¬ 
fore, to be expected that the number of wrinkles that 
actually form may differ from the theoretical number, 
although the two values may be related in some 
manner. 

For example, in a few of the N.A.C.A. tests where 
preliminary wrinkles formed prior to failure, the wave 

27rr 
lengths were very nearly equal to r-However, upon 

Kmax 

continued loading the wrinkles grew steadily in size 
until failure occurred. 

In another case a tube (r = 0.607 in.; r/t =15.7; 

'• l/r= 10.6) was observed that developed what would 
correspond to a 2-lobed deformation of the Southwell 
type, but failure occurred at one end by the forma¬ 
tion of three or four lobes of the Robertson type. 

STRESS AT FAILURE IN TEST CYLINDERS 

In figure 7 the results of all the tests are plotted 
logarithmically, S/E against r/t, together with the 
graphs of equations (6) and (8). It will be observed 
from this figure that except for a few of the tests 
made by Fliigge, all of the tests made by Fliigge, 
Robertson, and the N.A.C.A. plot between curves 
B and C. It will also be observed that for these tests, 
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the stress at failure approaches as a maximum the 

critical stress for a cylinder of infinite length, and that 

the results of the tests scatter widely and depart 

from the theoretical straight line at large values of 

the radius/thickness ratio. This departure from the 

theoretical stress relation is caused by imperfections 

and eccentricities in the elements of the cylinder 

which, relatively speaking, increase with increase in 

the radius/thickness ratio. 

The results of the tests on machined cylinders by 

Wilson and Newmark (reference 4) plotted in figure 7 

are in agreement with the results discussed in the 

preceding paragraph, except for radius/thickness 

ratios less than 235 where the stresses obviously 

approached or exceeded the proportional limit and 

yield point of the material. In fact, there were 

additional tests made by Wilson and Newmark on 

machined specimens, the results of which are not 

included in the present report because the stresses 

developed were so high that yielding of the material 

must have occurred. 

The results of the tests made by Wilson and New¬ 

mark on fabricated steel cylinders and the results of 

the tests made by Donnell on steel and brass cylinders 

plot below curve C in figure 7. In the tests by A\ ilson 

and Newmark the cylinders were loaded directly 

between the heads of a testing machine. The ends of 

the cylinder were held circular by means of either a 

steel angle or a wood ring, but contact with the heads 

of the machine was made by the shell alone. This 

fact, together with the fact that fabricated cylinders 

with riveted or welded seams are inherently less 

perfect than machined cylinders, may possibly account 

for the reduced strength of the Wilson and Newmark 

cylinders. 
~ In the case of Donnell’s tests, the reduced strength 

may possibly have been caused by imperfect cylinders. 

Obviously, in the construction of cylinders with shim 

stock of the small dimensions used by Donnell, greater 

skill is recpiired to obtain a given degree of perfection 

than would be required for larger cylinders of thicker 

material. 
Upon reference to the tests on the large fabricated 

cylinders of series E in table A I, it will be obsei\ed 

that a change from welded to riveted seams has but 

little effect upon the stress at failure. 
It should be mentioned here that the fabricated 

cylinders tested by W ilson and Newmark Mere built 

of structural material such as might be used in bridges, 

buildings, or ships, whereas the cylinders tested by 

Donnell were built of material much thinner than that 

used even in aircraft structures. As a consequence, | 

the test data should have a wide range of usefulness 

in various fields of engineering, particularly in "view 

of the fact that the results are in agreement when 

plotted nondimensionally. 

In view of the wide differences between the results 

of the various tests, it is concluded that for design 

purposes the compressive stress at failure is best given 

by an equation of the most general form 

Se = KcE (11) 

where Kc is a nondimensional coefficient that varies 

with the dimensions and imperfections of the cylinder. 

Except for very short cylinders the radius and thick¬ 

ness as expressed by the ratio r/t are the only dimen¬ 

sions of the cylinder that need be considered because 

the large effect of slight imperfections and eccentricities 

in the elements of the cylinder completely overshadow 

the small effect of length. (See fig. 8.) Conse¬ 

quently, the designer who uses these data must esti¬ 

mate the degree of perfectness of his particular design 

by a proper choice of the value of Kc from figure 7. 

In general, design values for Kc will be less than the 

values given by curve C which represents the lower 

limit of the results obtained with* the most perfect 

laboratory test specimens. 

The results of the N.A.C.A. tests plotted in figure 7 

are replotted in figure 9, where distinction is made 

regarding those points representing cylinders in which 

wrinkling occurred prior to failure. From this figure 

it is concluded that preliminary wrinkling did not 

apparently reduce the stress at failure. 

Why the critical stress for the Kobertson cylinders 

tested approached as a maximum, but did not exceed, 

the critical stress for a cylinder of infinite length, is 

difficult to explain. It may be that the type of buck¬ 

ling for a collapse of the cylinder is associated with the 

lower stress, or that when the stress given by equation 

(8) is reached a condition of instability is obtained and 

the cylinder deforms slightly as a part of a cylinder of 

infinite length. Then, since the cylinder is so sensitive 

to slight imperfections and eccentricities, failure is 

precipitated at the critical stress for a cylinder of 

infinite length, and the wrinkles assume a pattern 

consistent with the dimensions of the cylinder. This 

latter explanation of the inability to develop stresses 

greater than the critical stress for a cylinder of infinite 

length seems reasonable because it is impossible to 

construct a mathematically perfect cylinder. Thus, a 

slight deformation of the test cylinder may be expected 

at the critical stress for a cylinder of infinite length, 

and the upper limit of perfectness is established by this 

fact. 
EFFECT OF END BULKHEADS 

In view of the fact that the stress at failure is inde¬ 

pendent of length (Z/r>0.5, fig. 8) and approaches but 

does not exceed the critical stress for a cylinder of 

infinite length (fig. 7), it is concluded that the end 

bulkheads contribute little, if any, toward the stability 

of the cylinder walls. This conclusion appears reason¬ 

able so long as the length of the cylinder is greater 
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than several times the smallest value of Aa/2 likely to 

be associated with the type of failure characteristic of 

the cylinder under consideration. For the test cylinders 

considered in this report, the smallest value of Aa/2 

is not likely to exceed the value corresponding to the 

condition k — q in equation (7) or 

9 h 4 /o ' ' 

' Vj(i-^)vVT« 

In table VIII values of \a/2r obtained from equation 

(12) are tabulated for comparison with the smallest 

length/radius ratios of the test cylinders considered in 

this report. An examination of this table in con¬ 

nection with figures 7 and 8 shows that for practical pur¬ 

poses, if l/r is greater than three to five times the value 

of Aa/2r obtained from equation (12), bulkheads have no 

effect upon the stress at failure. 

EFFECT OF LONGITUDINAL STIFFENERS 

From consideration of the effect of bulkheads on the 

strength of thin-walled cylinders in compression, it 

follows by parallel reasoning that longitudinal stiffeners 

will contribute little toward the stability of the cylinder 

walls if spaced at a distance greater than several times 

the smallest value of Ac/2 likely to be associated with 

elastic buckling of the walls. Since the smallest values 

of Ac/2 are obtained wdien k = q in equation (7), this 

minimum value of Ac/2 is equal to the value of Aa/2 

given by equation (12). With longitudinal stiffeners, 

however, failure as characterized by a collapse of the 

cylinder is delayed until the stiffeners fail. The ulti¬ 

mate load supported by a cylinder with longitudinal 

stiffeners may therefore greatly exceed the load at 

which buckling begins. 

CONCLUSIONS 

1. For thin-walled cylinders in which failure occurs 

by elastic buckling of the walls, the stress at failure 

(collapse of the cylinder) is best given by an equation 

of the form 

SC = KCE 

where Kc is a nondimensional coefficient that varies 

with the dimensions and imperfections of the cylinder. 

Except for very short cylinders, the radius and thick¬ 

ness as expressed by the ratio r/t are the only dimensions 

that need be considered. 

2. Wrinkling prior to failure does not apparently 

reduce the stress at failure. 

3. For large fabricated cylinders, a change from 

welded to riveted seams has but little effect upon the 

stress at failure. 

4. After the cylinder has failed, the wave lengths of 

the wrinkles in the direction of the axis and cir¬ 

cumference are equal. The number of wrinkles that 

form in the circumference varies inversely with the 

length/radius ratio and for a given radius/tbickness 

ratio seems to approach a constant value at the larger 

values of l/r. 

5. The compressive stress at failure is independent 

of length so long as the length of the cylinder is greater 

than three to five times the value of \a/2 given by the 

equation 
Aa_ irr _ 7rr 

2 kmax 0.91 -yjr/t 

In the preceding conclusions, a cylinder whose length is 

less than from three to five times the value of \a/2 

given by the above equation is designated “ a very short 

cylinder.” 

6. Bulkheads, or transverse stiffeners, to be effec¬ 

tive in preventing failure by elastic buckling of the 

walls, hence in strengthening the walls, should be 

spaced at a distance less than from three to five times 

the value of \a/2 given by the above equation. The 

same conclusion applies for longitudinal stiffeners, 

except that failure as characterized by a collapse of the 

cylinder would be delayed until the stiffeners failed. 

Langley Memorial Aeronautical Laboratory, 

National Advisory Committee for Aeronautics. 

Langley Field, Va., June 10, 1933. 



APPENDIX 

GENERAL DISCUSSION OF THE BUCKLING OF FLAT AND CURVED PLATES UNDER EDGE COMPRESSION 

EQUATIONS FOR THE BUCKLING OF A FLAT PLATE UNDER EDGE 
COMPRESSION IN AN ELASTIC MEDIUM 

The critical stress for a flat plate under edge com¬ 

pression without the support of an elastic medium is 

equal to the critical stress for a pin-ended plate column 

of the same thickness with a length equal to 

b 

a b 

a 

where b is the half-wave length of a buckle normal to 

the direction of loading, and a is the half-wave length 

of the same buckle parallel to the direction of loading. 

Equation (11) of reference 9 gives the critical load for 

a column under compression in an elastic medium. 

Consequently, if 

b 

a , b 

b a 

is substituted for l in this equation and both sides 

divided by bt, the area of a strip of plate of width b, the 

following general expression is obtained for the critical 

stress in a flak plate under edge compression in an 

elastic medium: 

q Per E'hr 2f1 , Kp 
bt~ btfi2 L E'W 

T2Et2 [~ 12(1 -<r2)#/341 

' 12(1 — <r2) /32 L ' J 
(13) 

where 
PCT, critical load for a strip of plate of width b, 

pounds. 

t, thickness of plate, inches. 

S, critical stress, pounds per square inch. 

E' = z——2’ bending modulus for a plate as eon- 
1 — cr 

trasted with E, the bending modulus of a beam 

or column, pounds per square inch. 

I=jhbi3, moment of inertia of a strip of plate of 

width b, inches4. 
K, modulus of the elastic medium taken in such a 

way that y times the deflection represents the 

reaction of the medium per unit area of the 

plate, pounds per square inch, 

cr, Poisson’s ratio. 

fl-oTV 
b a 

If the plate is large and free to buckle in any manner, 

will assume such a value that S' is a minimum. Con¬ 

sequently, differentiation of S with respect to in 

equation (13) gives 

v — 9 j~KEt 
Omin “ Y 12(1 — a2)b 

(14) 

when 

/3 = 
Ebf 7T 

12(1 — o')K 
(15) 

EQUIVALENT ELASTIC MEDIUM FOR A ROBERTSON CYLINDER 

When buckling begins in a Robertson cylinder, the 

effect of curvature is such as to set up forces that 

oppose buckling. For small deflections, these forces 

are proportional to the deflections, hence they may 

be regarded as analogous to the lateral reactions of an 

elastic medium in the previous discussion of the 

buckling of flat plates. The modulus of an equivalent 

elastic medium for a Robertson cylinder may therefore 

be obtained bv equating Smin in equations (6) and (14) 

and solving for K. Thus, 

/ 1 EJ-o I KEt 

\ 3(1 — <r2) r \12(1 - a2)b 

from which 

(16) 

Substitution of this value of K in equation (13) gives 

the following general expression for the critical com¬ 

pressive stress in a Robertson cylinder 

r2Et2 |~1 : 12(l-<r_2)jn 

12(1 — o'2) /32L tW J 
(17) 

Equation (17), while different in form, is in sub¬ 

stance the same as equation (3). This fact will be 

shown by the following derivation: According to 

equation (3), 

+ Aa2 
rL a 

and 

S=EaM[l+<J2] (18) 

By definition 

« = % (19) 

Consequently, substitution of the values that define a. 

and A in equation (18) gives equation (17). 

597 
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BRIEF DISCUSSION OF FORCED FAILURE 

From the form of equation (17), it may be concluded 

that Southwell’s general equation (equation (1) of this ; 

report) contains the solutions for the buckling of both 

flat and curved plates subjected to edge compression. 

The second term in the brackets represents the effect 

of curvature on the critical stress. If r = co} this term 

becomes zero and equation (17) gives the critical com¬ 

pressive stress for a flat plate simply supported at the 

four edges. In a similar manner, if t and r have fixed 

values such as correspond to the dimensions of a par¬ 

ticular cylinder and /3 is forced with stiffeners to be less 

than the value that causes S to be a minimum 

/3 = 

4/ FrV4 
\ 12 (1 - <r) 

(20) j 

the second term in the brackets rapidly becomes a 

small fraction and the critical stress approaches that 

for a flat plate. If values of /3 less than half the value 

given by equation (20) are forced, the portion of the 

curved sheet under consideration may be regarded as 

flat with an error not greater than 6.3 percent. 

Further consideration of the subject of forced failure 

is beyond the scope of the present report. However, 

in view of the correlation of the buckling of thin-walled 

cylinders with the buckling of plates, it would appear 

that perhaps many solutions obtained for problems in 

the buckling of plates can, with the proper factors, be 

applied to similar problems in the buckling of cylinders 

and curved sheets. It is therefore recommended that 

theoretical and experimental research be conducted 

to explore this field, particularly as regards the 

compressive strength of curved sheet and stiffener 

combinations. 
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TABLE I.—PROPERTIES OF SHEET DURALUMIN USED IN STRENGTH TESTS ON THIN-WALLED 
CYLINDERS 

[Longitudinal and transverse refer to specimens taken parallel and normal to the direction of rolling, respectively] 

Material 
Ultimate tensile 

strength (pounds 
per square inch) 

Tensile yield point 
(pounds per 
square inch) 

Elongation in 2 
inches (percent) 

Modulus of elasticity 

Secant modulus at a 
stress of 5,000 pounds 
per square inch 
(pounds per square 
inch) 

Secant modulus at a 
stress of 20,000 pounds 
per square inch (pounds 
per square inch) 

Lot Specimen 
no. 

Longitu¬ 
dinal 

Trans¬ 
verse 

Longitu¬ 
dinal 

Trans¬ 
verse 

Longitu¬ 
dinal 

Trans¬ 
verse 

Longitu¬ 
dinal 

Trans¬ 
verse 

Longitu¬ 
dinal 

Trans¬ 
verse 

1 
1 
2 
2 
2 
2 
3 
3 
3 
3 
3 

17 
34 
48 
50 
55 
70 
2A 

14A 
46A 
63 A 
68A 

58, 500 
59, 400 

55, 500 
56, 600 
57,300 
56.800 
58, 200 
57.800 
62,850 
62.800 
61, 550 
61,400 
61,400 

41,400 
42, 500 

36, 500 
37,100 
36.800 
35, 800 
36, 500 
35.800 
33, 750 
41,000 
38, 750 
39, 050 
37,900 

18 
15 

16.5 
16.5 
16.5 
13.0 
18.0 
16.0 
19.3 
14.0 
19.0 
18.5 
18.5 

10,620, 000 
10, 720, 000 

10, 720,000 
10, 770. 000 
10, 570,000 
10, 550, 000 
10,470, 000 
10, 560, 000 
10, 270, 000 
10, 410,000 
10, 550, 000 
10,110,000 
10,410,000 

10,510,000 
10, 580, 000 

10, 520,000 
10, 570, 000 
10, 340, 000 
10, 380, 000 
10, 270, 000 
10, 440,000 
10,130, 000 
10,190,000 
10,350, 000 
10,060,000 
10, 070.000 

TABLE II— CALCULATED AND EXPERIMENTAL VALUES OF k FOR N.A.C.A. TESTS ON DURALUMIN 
CYLINDERS 

1 

T 

Radius=7.5 inches Radius=15.0 inches 

y =333-362 y =455-460 y=625-714 y =670-757 y = 909-920 y = 1270-1415 

H 
e 

E 

-a [CS| 

li T X 
O 

N 
O 

S 

-* II 

A* 

T 

w 

X 

-it; 

H 
a 
5 

•i* 

-* II « ? d 
X 
<v 

■iti 

H 
e 

S 
•it* 

-icq 

-* II r d 
X © 

■it; 

H 
e 

S 
•ii 

_ 
-|cq 

II 

W 

•it* H 

w 

© 
-ie 

5! 
s 

|<N 

II •« 7 
d^ 

s 

X 
© 

V—' 

•it* 

0.25 32.7 31.8 25.8 16 

.50 17.2 16.6 .3.3 12 

23.2 
23.3 
23.9 
22.8 

21.0 
21.1 
21.0 
20.4 

16.3 
16.3 
16.1 
15.7 

13-17 
24.4 
25.2 
25. 0 

21.3 
21.8 
21.7 

16.3 
16.6 
16.6 

12 
32.7 
34.5 

25.8 
27.0 

10.3 
20.2 

13-14 

.65 
23.4 
23.4 
23.5 

18.9 
18.9 
19.0 

14.2 
14.2 
14.3 

13-15 34.5 24.3 17.9 12-13 

1.00 

16.9 
17.2 
17.3 
17.3 

13. 1 
13.3 
13.4 
13.4 

9.8 
9.9 

' 10.0 
10.0 

9-10 

19.5 
19. 5 
19.5 
19.4 

14.5 
14.5 
14.3 
14.3 

10.8 
10.8 
10.6 
10.6 

10 

24.4 
23.5 
23.2 
23.2 

16.3 
16.0 
15.9 
15.9 

12.0 
11.7 
11.7 
11.7 

10-13 23.6 
23.9 

16.0 
16.1 

11.8 
11.8 

11 27.5 
27.7 

17.5 
17.6 

12.8 
12.8 11-13 

34.2 
34.4 

19.8 
19.8 

14.3 
14.4 12-15 

1.50 

23.8 
23. 1 
23.0 
23.0 

13.5 
13.3 
13.2 
13.2 

9.8 
9.7 
9.6 
9.6 

8-12 23.8 
23.8 

13.5 
13.5 

9.8 
9.8 

10 

2.00 
23.4 
23.6 
22.8 

11.7 
11.8 
11.5 

8.4 
8.5 
8.3 

8-10 

2.50 22.9 
23.2 

10.4 
10.5 

7.5 
7.5 

7-10 

3.00 23.0 9.6 6.8 8-10 
- 

T4BLE III—CALCULATED AND EXPERIMENTAL VALUES OF k FOR TESTS ON STEEL CYLINDERS REPORTED 
BY ROBERTSON IN REFERENCE 2 

j 

l r k k k 
r (in.) t km ax (exp.) 

(approx.) \ 2 2 ) \ 2 J 

0.68 7.32 500 20.3 17.0 12.9 12 
1.25 4.00 263 14. 7 11. 1 8.2 8 

| 2.00 2. 50 164 11.6 7.9 5.8 8 
| 3.07 1.63 110 9.5 5.9 4.3 7 
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TABLE IV.—CALCULATED AND EXPERIMENTAL VALUES OF k FOR TESTS ON STEEL AND BRASS CYLINDERS 
BY DONNELL 

Radius=0.943 Radius = 1.88 Radius=2.84 

a. 
E Material 

£ 
r 

r 
t 

k max cm) Qi-‘) 
k (exp.) fcmoi CM) C?-0 k (exp.) /C max CM) Ct-0 

k (exp.) 

Brass 483 20.0 10.5 7.5 10.0 0.000393 
Do 923 27.6 12.4 8.9 10.0 .000138 

971 28.4 12.6 9.0 11.4 .000146 
Do - 2. 12 1.013 

1,284 
1,307 
1,331 
1,383 

29.0 12.8 9. 1 11. 4 .000157 
Do---. 32.6 13.6 9. 7 12.0 .000062 
Do... 32.9 13.6 9.8 12.0 .000068 

Brass_ 33.2 13.7 9.8 11.0 .000074 
Do_ 33.8 13.8 9.9 10.5 .000073 

B rass 311 16.0 7.7 5.5 8.8 .000435 
Do 314 16.1 7.7 5. 5 8.0 .000414 

Steel _ 633 22.9 9.3 6.6 10.0 .000224 
Do_ 3. 20 660 23. 4 9. 4 6. 7 9. 6 .000292 
Do... 837 26.3 10.0 7.1 10. 4 .000161 
Do- 864 26.7 10. 1 7. 2 10.0 .000198 

Brass__ 864 26. 7 10.1 7. 2 9. 7 .000120 
Do-- 897 27.3 10.2 7.3 10.0 . 000106 

Brass_ 476 19.9 7.5 5. 4 9.0 . 000358 ! 
Do_ 490 20.1 7.6 5.4 9.0 . 000508 
Do.. 4.22 490 20. 1 7.6 5.4 9.2 . 000484 

Steel _ _ 1,058 
1,383 
1,440 

29.6 9.3 6.6 10.0 . 000121 
Do--- 33.8 9.9 7.0 10.0 . 000071 

Brass.... 34.5 10.0 7.1 10.0 . 000091 j 

Brass_ 160 11. 5 4.7 3. 3 8.0 .001200 
Do--- 315 16. 1 5. 6 4.0 6. 9 .000511 
Do-- 315 16. 1 5. 6 4. 0 7.4 . 000572 

Steel _ 6. 38 328 16.5 4.0 
4. 1 

6.7 . 000530 
Do.- 347 16.9 5.7 

6. 1 
9. 2 . 000758 

Do.. 451 19. 3 4.3 6.7 . 000348 
Do_ 460 19.5 6.1 4.4 7.5 .000420 

Brass __ . 311 16.0 5.5 3.9 7.2 .000472 
Steel. 6. 38 679 23. 7 6.8 4. 8 8. 7 . 000272 
Brass.. . 880 27. 0 7.2 5. 1 10. 0 . 000131 
Steel - .. . . 915 27.5 7.3 5.2 8.9 . 000129 

Brass_ . __ 10.6 474 19.8 4.9 3.5 6.8 .000352 

Brass__ _ 12. 7 160 11. 5 3. 5 2. 6 7.9 .001410 
Steel . 342 16.8 4.2 3.0 7.3 .000437 

Brass_ 16.0 315 16.1 3.7 2.7 7.4 .000535 

Steel_ __ 25.5 332 16.6 3.0 2.2 5.0 .000045 

Brass .. 158 11.4 2.3 2- 8.3 . 001472 
Steel - - 31.8 469 19.7 2.9 2 — 7.2 . 000245 

Note.-In calculating k for this table cylinders with y> 6.38 were considered as Southwell cylinders. 

TABLE V.—CALCULATED AND EXPERIMENTAL VALUES OF k FOR TESTS ON RUBBER AND CELLULOID 
CYLINDERS REPORTED BY FLttGGE IN REFERENCE 3 

Material £ 
r (in.) 

r 
t 

(approx.) 
kmat 

-v 
11 CH 

k 
(exp.) 

So 
E 

Rubber_ 1.76 1. 77 90.0 8.6 7.0 5.3 0 0.00479 
Celluloid_ 1.95 1.80 90.2 8.6 6.7 5.0 5 .00386 
Rubber_ 3. 53 1.77 90.0 8.6 5.3 3.8 2 . 00374 

Do.... 3.53 1.77 90.0 8.6 5.3 3.8 4 .00333 
Celluloid_ 3.97 1.80 174. 1 12.0 6.0 4.3 4 .00187 
Do. 4. 01 1. 80 90. 2 8. 6 5.0 3.6 .00317 
Do_ 4. 01 1. 80 90. 2 8.6 5.0 3.6 .00328 
Do.. 4.01 1.80 90.2 8.6 5.0 3.6 4 .00317 
Do_ 4. 02 1.80 96.4 8.9 5.0 3.6 4 .00357 
Do_ 4.02 1.80 90.2 8.6 5.0 3.6 4 .00394 
Do_ 4. 02 1.80 90.2 8.6 5.0 3.6 3 .00306 
Do. 4.02 1.80 90.2 8.6 5.0 3.6 4 .00317 
Do.... 4. 02 1.80 90.2 8.6 5.0 3.6 3 .00302 
Do_ 4. 02 1.80 90.2 8.6 5.0 3.6 4 .00291 
Do. 5. 02 1.43 138.0 10.7 5.0 3.6 4 . 00207 
Do_ 5.05 1.43 76.6 8.0 4.3 3. 1 4 .00281 
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TABLE VI.—CALCULATED AND EXPERIMENTAL VALUES OF k FOR TESTS ON STEEL CYLINDERS REPORTED 
BY WILSON AND NEWMARK IN REFERENCE 4 

Types of construction Test 
series 

Specimen 
no. 

l 
r (in.) 

r 
t It max G&) (H 

k 
(exp.) 

Sc 
E 

calculated 
from data 
given in 

reference 4 

Machined cylinders with no seams 

1 110 
111 
112 
113 

3.86 
3. 89 
3.89 
3. 88 

1. 94 
1.94 
1.94 
1.94 

66.5 
133.0 
67.5 

136.0 

7.4 
10.5 
7.5 

10.6 

4.6 
5.6 
4.7 
5.6 

3.4 
4.0 
3.4 
4.1 

5 
8 
5 
8 

0. 00186 
.00135 
.00176 
.00146 

6 610 
611 
612 
613 
614 
615 
616 
617 

1.39 
1.41 
1.39 
1. 39 
1.40 
1.35 
1.39 
1.39 

6. 82 
6. 82 
6.82 
6.82 
6. 82 
6. 82 
6. 82 
6. 82 

478 
206 
330 
435 
763 
510 
340 
235 

19.9 
13. 1 
16.5 
19.0 
25.1 
20.6 
16.8 
14.0 

12.6 
9.8 

11.4 
12.3 
14.3 
13.0 
11.5 
10.3 

9.2 
7.3 
8.3 
9.0 

10.4 
9.5 
8.4 
7.6 

10 
8 

10 
12 
12 
12 
10 
11 

.000525 

.00112 

.000822 

.000792 

. 000286 

. 000593 

. 000777 

. 00109 

E 816R 1.80 40.0 167 11.8 8.4 6.2 8 . 000836 
817R 1.80 40.0 172 11.9 8.4 6.2 8 .000812 

114 1.80 40.0 165 11.7 8.4 6. 1 8 . 000900 
86 1.80 40.0 167 11.8 8.4 6.2 8 . 000944 

7 710 6.00 5.0 166 11.7 4.8 3.5 8 . 000346 
711 6.00 5.0 168 11.8 4.9 3.5 8-9 .000493 

| 721 3.00 10.0 329 16.5 8.0 5.8 11-12 .000302 
730 2.00 15.0 518 20.7 11.0 7.9 10-12. .000299 
731 2 00 15.0 450 19.3 10.5 7. 6 10-12 . 000339 

Fabricated cylinders with either riv- 740 1 50 20.0 667 23.5 13.4 9.7 10 .000191 
eted or welded seams—R denotes 741 1.50 20.0 654 23.3 13.3 9.6 10 .000192 
riveted seams. 750 1.20 25.0 825 26. 1 15.7 11.4 13 .000148 

751 1.20 25.0 848 26.5 15.8 11.5 10-13 .000143 
760 1.00 30.0 971 28.4 17.8 13.0 10 . 000139 
761 1.00 30.0 990 28.6 18.0 13.0 10 . 000129 

8 810 24.7 17.0 139 11.7 2.5 2- (') . 000666 
811 24.7 17.0 151 11.2 2.5 2- 7 .000741 
820 14. 1 17.0 142 10.8 3.2 2.3 6-7 . 000772 
821 14. 1 17.0 142 10.8 3.2 2.3 7 . 000778 
830 4.24 17.0 151 11. 2 5.6 4.0 8 . 000894 
831 4. 24 17.0 145 11.0 5.5 4.0 7 .000941 

1 Irregular. 

Note.—In calculating k for this table cylinders with — > 6.00 were considered as Southwell cylinders. 

TABLE VII.—-TABLE FOR DIFFERENTIATION BETWEEN SOUTHWELL AND ROBERTSON CYLINDERS 

Mul- e= g/k =0.01 glk=0.05 g/fc=0.1 5/fc=0. 2 

1 

p?
 

II o
 

i*
. 

»C
5 

P
?

 

II o
 

glk = 10. 0 

k Term ing 
factor s C R S C R S C R S C R s C R s C R S i C i R 

r i 10-2 200 200 100 200 201 101 200 205 102 200 218 108 200 277 135 200 760 400 200 104 102 
1 2 10 -2 000 000 100 000 000 101 000 000 104 000 1 117 000 17 181 000 500 1,600 000 104 104 

i i io-i 200 200 160 200 201 161 200 204 163 200 217 173 200 273 216 200 784 640 200 164 163 
2 { 2 1 144 144 256 144 146 259 144 150 266 144 172 300 144 287 463 144 3,132 4,096 144 266 266 

r i 10_1 900 900 810 900 905 814 900 918 826 900 973 874 900 1, 220 1,094 900 3, 560 3, 240 900 828 826 
3 l 2 10 518 519 656 518 524 663 518 539 682 518 610 768 518 961 1, 189 518 9, 348 10, 500 518 683 682 

r i 1 272 272 256 272 273 257 272 277 261 272 295 277 272 369 346 272 1,082 1,024 272 261 262 
4 1 2 10 2 570 576 656 576 582 662 576 599 682 576 676 767 576 1,056 1,186 576 9,832 10,490 576 682 682 

r 1 1 050 650 625 650 653 628 650 664 638 650 703 675 650 879 844 650 2,590 2,500 650 638 638 
5 { 2 10 3 360 360 391 360 364 394 360 374 406 360 421 457 360 657 707 300 5, 997 6, 250 360 407 407 

r 1 10 133 133 130 133 134 130 133 136 132 133 144 140 133 180 175 133 531 518 133 132 132 

6 l 2 10 * 159 159 168 159 160 170 159 165 175 159 186 197 159 289 304 159 2,611 2,687 159 176 176 

r i 10 245 245 240 245 246 241 245 250 245 245 265 259 245 331 324 245 978 960 245 245 245 
7 { 2 10 5 553 554 577 553 559 582 553 576 600 553 648 675 553 101 105 553 904 923 553 60 GO 

r i 10 416 416 410 416 418 412 416 424 418 416 449 442 416 562 553 416 1, 661 1, 638 
8 I 10 5 163 163 168 163 164 169 163 169 175 163 190 196 163 296 304 163 2, 642 2,685 

r i 10 2 664 664 656 664 668 659 664 678 669 664 717 708 664 898 886 664 265 262 
9 \ 2 10 5 420 420 431 420 424 435 420 437 448 420 492 504 420 762 779 420 6, 800 6, 887 

10 2 101 101 100 101 102 101 101 103 102 101 109 108 101 136 135 101 404 400 
10 

{ 2 10 5 980 980 1,000 980 990 1,010 980 1,019 1,040 980 1, 147 1, 170 980 1,778 1,810 980 15, 840 16, 000 

f 1 10 2 509 509 506 509 511 509 509 519 516 509 549 547 509 687 684 
15 l 2 10 7 254 254 256 254 257 259 254 264 267 254 297 300 254 460 464 

r i 10 3 160 160 160 160 161 161 160 164 163 160 173 173 160 217 216 
20 l 2 10 8 255 255 256 255 257 259 255 265 266 255 298 300 255 461 463 

r i 10 3 391 391 391 391 393 393 391 399 398 391 423 422 391 528 528 
25 

{ 2 10 9 152 152 153 152 154 154 152 | 158 159 152 178 179 152 276 276 

i Multiplying factor=10 «Xvalues given in third column. 

40768—34-39 
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TABLE VIII—CALCULATED VALUES OF jr AND SMALLEST VALUES OF £ 

T 

(inches) 

r 

t 
(average) 

h 
2 r 

(equation 
12) 

T 

smallest in 
tests 

Remarks 

1. 63 110 0.33 3. 07 
2.50 165 .27 2.00 Tests on steel cylinders 
4. 00 260 .21 1. 25 by Robertson. 
7. 32 500 . 15 .68 
7.5 350 . 18 .50 
7.5 460 . 16 1.00 
7.5 670 . 13 .50 Tests on duralumin cyl- 

15. 0 715 . 13 .50 inders by N.A.C.A. 
15. 0 915 . 11 1.00 
15.0 1,340 .094 .25 



REPORT No. 474 

NOMENCLATURE FOR AERONAUTICS 
By the National Advisory Committee for Aeronautics 

INTRODUCTION 

The nomenclature for aeronautics presented in 

this Report No. 474 is a revision of the last pre¬ 

vious report on this subject (Report No. 240), which 

was issued in 1926. 

This nomenclature was prepared by a special con¬ 

ference on aeronautical nomenclature authorized by 

the executive committee of the National Advisory 

Committee for Aeronautics. The organization of the 

conference was as follows: 

CONFERENCE ON AERONAUTICAL NOMENCLATURE 

Dr. Joseph S. Ames, Chairman 

National Advisory Committee for Aeronautics: 

Mr. Charles H. Helms 

Mr. Carlton Kemper 

Mr. G. W. Lewis 

Mr. H. J. E. Reid 

Hon. Edward P. Warner 

Air Corps, U.S.A.: 

Capt. Karl S. Axtater, U.S.A. 

Capt. Albert C. Foulk, U.S.A. 

Capt. A. F. Hegenberger, U.S.A. 

Maj. C. W. Howard, U.S.A. 

Maj. William E. Ivepner, U.S.A. 

Capt. Clements MacMullen, U.S.A. 

Capt. E. R. Page, U.S.A. 

Bureau of Aeronautics, Navy Departmemt: 

Lt. Comdr. W. S. Diehl (C.C.), U.S.N. 

Commander Garland Fulton (C.C.), U.S.N. 

Lt. Comdr. R. D. MacCart (C.C.), U.S.N. 

Commander C. A. Pownall, U.S.N. 

Commander R. D. Weyerbacher (C.C.), U.S.N. 

Bureau of Standards: 

Dr. L. J. Briggs 

Dr. W. G. Brombacher 

Dr. H. C. Dickinson 

Dr. H. L. Dryden 

Aeronautics Branch, Department of Commerce: 

Col. Harry H. Blee 

Mr. Richard C. Gazley 

Capt. F. C. Hingsburg 

The members of the conference were engaged in 

the preparation of the report from the time of the 

appointment of the members August 11, 1931, to 

the date of approval of the report for publication 

by the executive committee of the National Advisory 

Committee for Aeronautics on November 14, 1933. 

This report supersedes all previous publications 

of the Committee on this subject. The entire text 

has been thoroughly revised and new sketches have, 

been inserted to replace obsolete photographs. The 

arrangement is alphabetical throughout and not by 

subjects, but the complete cross-indexing will, it is 

expected, make each term easily found. The defini¬ 

tions have been made as brief and as general as 

possible except in the cases where use of the term 

is restricted to a small specialized group. In cases 

where uncertainty or ambiguity is known to exist, 

the complete definition given herein represents the 

meaning ascribed to the term in the official publi¬ 

cations of the National Advisory Committee for 

Aeronautics. 

This report is published for the purpose of en¬ 

couraging greater uniformity and precision in the 

use of terms relating to aeronautics, both in official 

documents of the Government and in commercial 

publications. Terms in general use in other branches 

of engineering have been included only where they 

have some special significance in aeronautics, or 

form an integral part of its terminology. 





REPORT No. 474 

NOMENCLATURE FOR AERONAUTICS 
By the National Advisory Committee for Aeronautics 

absolute altitude-—See altitude, absolute. 
absolute ceiling—See ceiling, absolute. 
accelerometer—An instrument that measures the ac¬ 

celerations of an aircraft in a defined direction, 

acrobatics—Evolutions voluntarily performed with an 

aircraft other than those required for normal flight, 

adjustable propeller—See propeller, adjustable. 

aerodynamic center, wing section—A point located on 

or near the chord of the mean line approximately 

one quarter of the chord length aft of the leading 

edge and about which the moment coefficient is 

practically constant. (See fig. 2.) 

aerodynamics—The branch of dynamics that treats of 

the motion of air and other gaseous fluids and of the 

forces acting on solids in motion relative to such 

fluids. 

aerodynamic volume (or air volume)—The total vol¬ 

ume of an aerostat, including its projecting parts, 

aerodyne—A generic term for aircraft that derive their 

lift in flight chiefly from aerodynamic forces, 

aerograph—Same as meteorograph. 
aeronaut—The pilot of an aerostat, 

aeronautics—The science and art of flight, 

aerostat—(a) A generic term for an aircraft whose 

support is chiefly due to buoyancy derived from 

aerostatic forces. The immersed body consists of 

one or more containers filled with a gas that is lighter 

than air. (b) A balloon or airship, 

aerostatics—The science that treats of the equilibrium 

of gaseous fluids and of bodies immersed in them, 

aerostation—The art of operating aerostats, 

aileron—A hinged or movable portion of an airplane 

wing, the primary function of which is to impress a 

rolling motion on the airplane. It is usually part of 

the trailing edge of a wing. (See fig. 5.) 

external aileron—A separate airfoil mounted clear 

of the wing surfaces of an airplane but usually 

attached to them and deflected for lateral 

control. 

Frise aileron—An aileron having the nose portion 

projecting ahead of the hinge axis, the lower 

surface being in line with the lower surface of 

the wing. When the trailing edge of the aileron 

is raised, the nose portion protrudes below' the 

lower surface of the wing, increasing the drag. 

(See fig. 1.) 

aileron—continued. 

slotted aileron—An aileron having a nose and axis 

arrangement somewhat similar to a Frise aileron 

but having a smooth air passage between the 

nose portion of the aileron and the wing for the 

purpose of maintaining a smooth air flow over 

the upper surface of the aileron when its trailing 

edge is deflected downward. (See fig. 1.) 

upper-surface aileron—A split flap forming the 

rear upper surface of a wing, deflected for lateral 

control. 

aileron angle—See angle, aileron. 

aileron linkage arrangements: 

differential aileron linkage arrangement—Ailerons 

so interconnected that a given movement of the 

control stick results in the upward displacement 

of one aileron being greater than the downward 

displacement of the other, 

floating aileron linkage arrangement—Ailerons so 

linked together and to the control stick as to 

“float” freely in the air stream except when dis¬ 

placed by the lateral motion of the control stick, 

aircraft—Any weight-carrying device designed to be 

supported by the air, either by buoyancy or by 

dynamic action. 

aircraft carrier—A ship designed to carry aircraft and 

to permit their landing and tak 5-off. 

air duct—A tube, usually of fabiic, supplying air for 

filling or for maintaining pressure in the air-filled 

parts of an aerostat. (See fig. 4.) 

| airfoil—Any surface, such as an airplane wing, aileron, 

or rudder, designed to obtain reaction from the air 

through which it moves. 

airfoil profile—The outline of an airfoil section (fig. 2). 

airfoil section—A cross section of an airfoil parallel to 

the plane of symmetry or to a specified reference 

plane. 

airline—The great circle route between two points, 

air line—An established system of aerial transporta¬ 

tion, its equipment, or the company owning or oper¬ 

ating it. 

airplane—A mechanically driven fixed-wing aircraft, 

heavier than air, which is supported by the dynamic 

reaction of the air against its wings (fig. 5). 

canard airplane—A type of airplane having the 

horizontal stabilizing and control surfaces in 

in front of the main supporting surfaces. 

605 
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airplane—continued. 

pusher airplane—An airplane with the propeller 

or propellers aft of the main supporting surfaces. 

tailless airplane—An airplane in which the devices 

used to obtain stability and control are in¬ 

corporated in the wing. 

tractor airplane—An airplane with the propeller 

or propellers forward of the main supporting 

surfaces. 

airport—A tract of land or water which is adapted for 

the landing and take-off of aircraft and which 

provides facilities for their shelter, supply, and 

repair; a place used regularly for receiving or dis¬ 

charging passengers or cargo by air. 

air scoop—A scoop or hood designed to catch the air 

and maintain the air pressure in ballonets, inter¬ 

nal-combustion engines, ventilators, etc. (See fig. 3.) 

airship—An aerostat provided with a propelling sys¬ 

tem and with means of controlling the direction of 
motion. 

nonrigid airship—An airship whose form is main¬ 

tained by the internal pressure in the gas bags 

and ballonets (fig. 3). 

pressure-rigid airship—An airship combining the 

principles used in both rigid and nonrigid air¬ 

ships to maintain shape and skin tautness. 

rigid airship—An airship whose form is main¬ 

tained by a rigid structure (fig. 6). 

semirigid airship—An airship whose shape is 

maintained by means of a rigid or jointed keel 

an conjunction with internal pressure in the gas 

containers and ballonets (fig. 4). 

airship shed—See dock. 

airship station—(1) The complete assembly of sheds, 

masts, gas plants, shops, landing fields, and other 

equipment required to operate airships and supply 

their needs. (2) The base from which airships are 
operated. 

air speed—The speed of an aircraft relative to the air. 

air-speed head—An instrument which, in combina¬ 

tion with a gage, is used to measure the speed of an 

aircraft relative to the air. It usually consists of 

a pitot-static tube or a pitot-venturi tube, 

air volume—See aerodynamic volume. 

airway—An air route along which aids to air naviga¬ 

tion, such as landing fields, beacon lights, radio 

direction-finding facilities, intermediate fields, etc., 
are maintained. 

airworthiness—The quality of an aircraft denoting its 

fitness and safety for operation in the air under 

normal flying conditions, 

altigraph—A recording altimeter, 

altimeter—An instrument that measures the elevation 

of an aircraft above a given datum plane, 
altitude: 

absolute altitude—The height of an aircraft 
above the earth. 

altitude—continued. 

critical altitude—The maximum altitude at which 

a supercharger can maintain a pressure in the 

intake manifold of an engine equal to that 

existing during normal operation at rated power 

and speed at sea level. 

density altitude—The altitude corresponding to a 

given density in a standard atmosphere. 

pressure altitude—(1) The altitude correspond¬ 

ing to a given pressure in a standard atmos¬ 

phere. (2) The altitude at which the gas bags 

of an airship become full. 

altitude mixture control—See mixture control, 
ALTITUDE. 

amphibian—An airplane designed to rise from and 

alight on either land or water, 

angle: 

aileron angle—The angular displacement of an 

aileron from its neutral position. It is positive 

when the trailing edge of the aileron is below 

the neutral position. 

blade angle—The acute angle between the chord of 

a section of a propeller, or of a rotary wing system, 

and a plane perpendicular to the axis of rotation. 

coning angle—The average angle between the 

span axis of a blade or wing of a rotary wing 

system and a plane perpendicular to the axis of 
rotation. 

dihedral angle—The acute angle between a line 

perpendicular to the plane of symmetry and the 

projection of the wing axis on a plane perpen¬ 

dicular to the longitudinal axis of the airplane. 

If the wing axis is not approximately a straight 

line, the angle is measured from the projection 

of a line joining the intersection of the wing axis 

with the plane of symmetry and the aerody¬ 

namic center of the half-wing on either side of 

the plane of symmetry. (See fig. 5.) 

downwash angle—The angle through which an 

air stream is deflected by any lifting surface. 

It is measured in a plane parallel to the plane of 

symmetry. 

drift angle—The horizontal angle between the 

longitudinal axis of an aircraft and its path 

relative to the ground. 

effective helix angle—The angle of the helix 

described by a particular point on a propeller 

blade as the airplane moves forward through 

air otherwise undisturbed. 

elevator angle—The angular displacement of the 

elevator from its neutral position. It is posi¬ 

tive when the trailing edge of the elevator is 

below the neutral position. 

flapping angle—The difference between the con¬ 

ing angle and the instantaneous angle of the 

span axis of a blade of a rotary wing system 

relative to the plane perpendicular to the axis 

of rotation. 



NOMENCLATURE FOR AERONAUTICS 607 

angle—continued. 

flight-path angle—The angle between the flight 

path of the aircraft and the horizontal. 

gliding angle—The angle between the flight path 

during a glide and a horizontal axis fixed rela¬ 

tive to the air. 

landing angle—The acute angle between the wing 

chord and the horizontal when the airplane is 

resting on level ground in its normal position; 

also called “ground angle.” 

minimum gliding angle—The acute angle between 

the horizontal and the most nearly horizontal 

path along which an airplane can descend 

steadily in still air when the propeller is pro¬ 

ducing no thrust. 

rudder angle—The acute angle between the rud¬ 

der and the plane of symmetry of the aircraft. 

It is positive when the trailing edge has moved 

to the left with reference to the normal position 

of the pilot. 

trim angle—The angle between the horizontal and 

the longitudinal base line of a seaplane float or 

flying-boat hull. It is positive when the bow 

is higher than the stern. 

zero-lift angle—The angle of attack of an airfoil 

when its lift is zero. 

angle of attack—The acute angle between a reference 

line in a body and the line of the relative wind 

direction projected on a plane containing the refer¬ 

ence line and parallel to the plane of symmetry. 

(See fig. 9.) 

absolute angle of attack—The angle of attack of 

an airfoil, measured from the attitude of zero lift. 

critical angle of attack—The angle of attack at 

which the flow about an airfoil changes abruptly 

as shown by corresponding abrupt changes in 

the lift and drag. 

effective angle of attack—See angle of attack for 
INFINITE ASPECT RATIO. 

induced angle of attack—The difference between 

the actual angle of attack and the angle of 

attack for infinite aspect ratio of an airfoil for 

the same lift coefficient. 

angle of attack for infinite aspect ratio—The angle of 

attack at which an airfoil produces a given lift 

coefficient in a two-dimensional flow. Also called 

“effective angle of attack.” 

angle of dead rise—The angle with the horizontal 

made by a transverse line joining the keel of a hull 

with the chine. 

angle of heel—The angle between a horizontal plane 

and the lateral axis of a seaplane on the water, 

angle of incidence—Same as angle of wing setting. 
In British terminology the angle of incidence is 

equivalent to the American term “angle of attack.” 

angle of pitch (aircraft)—The acute angle between 

two planes defined as follows: One plane includes 

the lateral axis of the aircraft and the direction of 

the relative wind; the other plane includes the 

lateral axis and the longitudinal axis. The angle 

is positive when the nose of the aircraft is above 

the direction of the relative wind. (In normal 

flight the angle of pitch is the angle between the 

longitudinal axis and the direction of the relative 

wind.) 

angle of pitch (propeller)—Same as angle, blade. 

angle of roll (or angle of bank)—The angle through 

which an aircraft must be rotated about its longi¬ 

tudinal axis in order to bring its lateral axis into the 

horizontal plane. The angle is positive when the 

left side is higher than the right, 

angle of stabilizer setting—The acute angle between 

the longitudinal axis of an airplane and the chord of 

the stabilizer. The angle is positive when the lead¬ 

ing edge is higher than the trailing edge. (See fig. 5.) 

angle of wing setting—The acute angle between the 

plane of the wing chord and the longitudinal axis of 

the airplane. The angle is positive when the leading 

edge is higher than the trailing edge. (See fig. 5.) 

angle of yaw—The acute angle between the direction of 

the relative wind and the plane of symmetry of an 

aircraft. The angle is positive when the aircraft 

turns to the right. 

antidrag wire—See wire (airplane), antidrag. 

appendix—The tube, usually located at the bottom of 

a balloon, used primarily for inflation and deflation. 

In the case of a free balloon it may also serve as an 

automatic-discharge opening. The term should be 

restricted to the various types of balloons and 

should not be applied to airships, 

approach light—See light, approach. 

area, equivalent flat-plate—The area of a square flat 

plate, normal to the direction of motion, which 

offers the same amount of resistance to motion as 

the body or combination of bodies under consider¬ 

ation. 

area, measurement of (performance calculations): 

control-surface area, trailing—The area of a 

trailing control surface is the area of the actual 

outline projected on the plane of the surface, 

except that any portion of the movable surface 

lying forward of the hinge axis and within the 

fixed surface is included in the fixed surface. 

Auxiliary or paddle-type balance surfaces 

shielded by and lying outside of the fixed sur¬ 

face are not included in the area of either the 

fixed or the movable surfaces, 

horizontal tail area—The horizontal tail area is 

measured in the same manner as the wing area, 

that is, with no deduction for the area blanketed 

by the fuselage, such blanketed area being 

bounded within the fuselage by lateral straight 

lines that connect the intersections of the leading 

and trailing edges of the stabilizer with the sides 

of the fuselage, the fairings and fillets being 

ignored. 
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area, measurement of—continued. 

vertical tail area—The area of the actual outline of 
the rudder and the fin projected in the vertical 
plane, the fairings and fillets being ignored, 

wing area—Wing area is measured from the pro¬ 
jection of the actual outline on the plane of the 
chords, without deduction for area blanketed 
by fuselage or nacelles. That part of the area, 
so determined, which lies within the fuselage or 
nacelles is bounded by two lateral lines that 
connect the intersections of the leading and 
trailing edges with the fuselage or nacelle, 
ignoring fairings and fillets. For the purpose 
of calculating area, a wing is considered to extend 
without interruption through the fuselage and 
nacelles. Unless otherwise stated, wing area 
always refers to total area including ailerons. 

area, projected propeller—Projected blade area times 

the number of blades. 

area, projected propeller-blade—The projection of 
the propeller-blade area on a plane perpendicular to 
the axis of rotation of the propeller. 

area, propeller—Blade area times the number of 
blades. 

area, propeller-blade—The developed area of the 

blade face exclusive of the boss and the root; i.e., 

exclusive of that portion the thrust of which is 

negligible in comparison with the total thrust of 
the blade. 

area, propeller-disk—The total area swept by a 

propeller; i.e., the area of a circle having the same 

diameter as the propeller. 

arresting gear—The gear incorporated in aircraft and 
in the landing area to facilitate landing in a limited 
space. 

artificial horizon—(1) A device that indicates the 
attitude of an aircraft with respect to the true 
horizon. (2) A substitute for a natural horizon, such 
as a liquid level, pendulum, or gyroscope, incor¬ 
porated in a navigating instrument. 

aspect ratio The ratio of the span to the mean chord 

of an airfoil; i.e., the ratio of the square of the 

span to the total area of an airfoil. 

effective aspect ratio—The aspect ratio of an air¬ 
foil of elliptical plan form that, for the same lift 
coefficient, has the same induced-drag coeffi¬ 
cient as the airfoil, or the combination of air¬ 
foils, in question. 

aspect ratio, propeller-blade—The ratio of the tip 

radius to the maximum blade width. (Obsolete.) 
atmosphere: 

altimeter-calibration standard atmosphere—A 
standard atmosphere used in calibrating aero¬ 
nautic instruments. The standard now in use 
in the United States is completely defined in 
N.A.C.A. Report No. 246. 

atmosphere—continued. 

standard atmosphere—An arbitrary atmosphere 

used in comparing the performance of aircraft. 

The standard atmosphere in use in the United 

States at present represents very nearly the 

average conditions found at latitude 40° and is 

completely defined in N.A.C.A. Report No. 218. 
standard international atmosphere—The atmos¬ 

phere used as an international standard pre¬ 

sumes for mean sea level and a temperature of 

15° C., a pressure of 1,013.2 millibars, lapse rate 

of 6.5° C. per kilometer from sea level to 11 

kilometers, and thereafter a constant tempera¬ 

ture of —56.5° C. 

attack, angle of—See angle of attack. 

attitude Ihe position of an aircraft as determined by 

the inclination of its axes to some frame of reference. 

If not otherwise specified, this frame of reference is 
fixed to the earth. 

attitude of flight—Inclination of the three principal 

airplane axes to the relative wind. 

autogiro—A type of rotor plane whose support in the 
air is chiefly derived from airfoils rotated about an 
approximately vertical axis by aerodynamic forces, 
and in which the lift on opposite sides of the plane 
of symmetry is equalized by the vertical oscillation 
of the blades. 

automatic pilot An automatic control mechanism for 

keeping an aircraft in level flight and on a set course. 

Sometimes called “gyro pilot,” “mechanical pilot,” 
or “robot pilot.” 

automatic propeller—See propeller, automatic. 

aviation The operation of aircraft heavier than air. 

aviator The pilot of an aircraft heavier than air. 

axes of an aircraft—Three fixed lines of reference, 

usually centroidal and mutually perpendicular. 
The horizontal axis in the plane of symmetry, 
usually parallel to the axis of the propeller, is called 
the longitudinal axis; the axis perpendicular to this 
in the plane of symmetry is called the normal axis; 
and the third axis perpendicular to the other two is 
called the lateral axis. In mathematical discussions, 
the first of these axes, drawn from rear to front, is 
called the X axis; the second, drawn downward, 
the Z axis; and the third, running from left to right, 
the Y axis. (See page 32.) 

axial cone—See cone, axial. 

axis, elastic (stress analysis)—The locus of all points 
through which a force may be applied to a structure 
without causing torsional deflection. 

axis, wing—The locus of the aerodynamic centers of 
all the wing sections. 

backswept—See sweepback. 

balance—A condition of steady flight in which the 
resultant force and moment on the airplane are zero. 
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balanced surface: 

aerodynamic balanced surface—A control surface 
that extends on both sides of the axis of the 
hinge or pivot or that has auxiliary devices or 
extensions connected with it in such a manner 
as to effect a small or zero resultant moment 
of the air forces about the hinge axis, 

static balanced surface—A control surface whose 
center of mass is in the hinge axis, 

ballonet—A gas-tight compartment of variable volume 
constructed of fabric and placed within a balloon or 
airship. It is usually partly inflated with air to 
compensate for changes of volume in the gas con¬ 
tained in the envelope. (See figs. 3 and 4.) 

ballonet ceiling—See ceiling, ballonet. 
balloon—An aerostat without a propelling system, 

captive balloon—A balloon restrained from free 
flight by means of a cable attaching it to the 
earth. 

ceiling balloon—A small free balloon, whose rate 
of ascent is known, used to determine the ceil¬ 
ing. 

free balloon—A balloon, usually spherical, whose 
ascent and descent may be controlled by releas¬ 
ing ballast or gas and whose direction of flight 
is determined by the wind, 

kite balloon—An elongated form of captive bal¬ 
loon, fitted with lobes to keep it headed into 
the wind; if, usually derives increased lift from 
the inclination of its axis to the wind, 

pilot balloon—A small balloon sent up to show the 
direction and speed of the wind, 

sounding balloon—A small balloon used to send 
up a meteorograph, 

balloon fabric—See fabric, balloon. 
band: 

mooring band—A band of tape or webbing, over 
the top of a kite balloon, to which the mooring 
ropes are attached. It forms part of the moor¬ 
ing harness. 

suspension band—A horizontal fabric band, se¬ 
curely fastened to the envelope of a balloon 
or airship, to which are attached the main 
suspension lines of the basket or car, or the 
captive cable of a kite balloon, 

trajectory band—A band of webbing carried in a 
special curve over the surface of the envelope 
of an airship to distribute the stresses due to 
the suspension of the car. 

bank—The position of an airplane when its lateral 
axis is inclined to the horizontal. A right bank is 
the position with the lateral axis inclined downward 

to the right. 
bank—To incline an airplane laterally; i.e., to rotate 

it about its longitudinal axis, 
bank (or banking) indicator—See turn-and-bank 

indicator. 
bar, rudder—See rudder bar. 

basic load—See load, basic. 

basin, towing—See tank, seaplane. 

basket—The car suspended beneath a balloon for 
carrying passengers, ballast, etc. 

basket suspension—See suspension basket. 

beaching gear—An arrangement of wheels to be at¬ 
tached to the hull of a seaplane to permit handling 
ashore. 

beacon—A light, group of lights, or other signaling 
device, indicating a location or direction. 

airport beacon—A beacon light of high candle- 
power located at or near an airport for the pur¬ 
pose of indicating the general or specific location 
of the airport. 

airway beacon—A beacon light of high candle- 
power, other than an airport or landmark beacon, 
located on or near an airway for the purpose of 
indicating the location of the airway, 

auxiliary airport beacon—A beacon light, usually 
of lower candlepower than the main airport 
beacon light, located on the airport site to 
indicate the specific location of an airport 
that has a separate airport beacon visible at a 
greater distance to indicate the general location 
of the airport. 

auxiliary airway beacon—A beacon light, usually 
of lower candlepower than the principal airway 
beacon lights, used to mark special features of 
the terrain along an airway or otherwise to 
supplement the principal airway beacons, 

code beacon—A flashing beacon light having a 

recognizable characteristic of dots and/or 
dashes by which its individual identity can be 
established. 

landmark beacon—A beacon light, other than an 
airport beacon or an airway beacon, that 
serves to indicate a definite geographical loca¬ 
tion. 

beacon, radio-marker—See radio-directive devices. 

beacon, radio-range—See radio-directive devices. 

beam direction (stress analysis)—The direction paral¬ 
lel to the plane of the spar web and the plane of 
symmetry of an airplane (cf. chord, drag, lift, and 
side directions). 

beam force or component (stress analysis)—A force, or 
component, in the beam direction; i.e., parallel to 
the plane of the spar web and the plane of sym¬ 
metry of an airplane (cf. chord, drag, lift, and side 

forces). 
bearing projector—A fixed directional projector used 

in conjunction with a landmark beacon to indicate 
the direction toward a landing area by means of the 
direction of its beam. 

biplane—An airplane with two main supporting sur¬ 
faces placed one above the other, 

blade angle—See angle, blade. 

blade back—The side of a propeller blade that corre- 
I sponds to the upper surface of an airfoil. 



610 REPORT NATIONAL ADVISORY COMMITTEE FOR AERONAUTICS 

blade element—A portion of a propeller blade con¬ 

tained between the surfaces of two cylinders coaxial 

with the propeller cutting the propeller blades, 

blade face—The surface of a propeller blade that cor¬ 

responds to the lower surface of an airfoil. Some¬ 

times called “thrust face” or “driving face.” 

blade section—A cross section of a propeller blade 

made at any point by a plane parallel to the axis of 

rotation of the propeller and tangent at the centroid 

of the section to an arc drawn with the axis of rota¬ 

tion as its center. 

blade-width ratio—The ratio of the chord of a pro¬ 

peller blade section to the diameter of the propeller, 

mean blade-width ratio—The ratio of the mean 

blade width to the diameter of the propeller, 

blast gate (supercharger)—A device for controlling the 

pressure in the nozzle box of a turbosupercharger by 

discharging into the free atmosphere a portion of 

the exhaust gases that would otherwise pass through 

the turbine wheel. 

blimp—A colloquial term for a nonrigid airship, 

blind flying—See instrument flying. 

blinker light—See light, blinker. 

blister—A sheet of clear water raised by the motion 

of a float or hull and separated from the free-water 

surface by an air space, 

boat, flying—See flying boat. 

boom, tail—See tail boom. 

boost—To supply an engine with more air or mixture 

than it would normally induct at sea level, 

boost control, automatic—An automatic regulator of 

boost pressure. 

booster magneto—See magneto, booster. 

boundary layer—A layer of fluid, close to the surface 

of a body placed in a moving stream, in which the 

impact pressure is reduced as a result of the viscosity 

of the fluid. 

boundary light—See light, boundary. 

bow cap—See cap, bow. 

bowheavy—The condition in which, in normal flight, 

the forward end of an airship tends to sink, and 

which requires correction by means of the horizontal 

controls. It may be due to either aerodynamic or 

static conditions, or to both (cf. sternheavy). 

bow-weighing device—An instrument for measuring 

the horizontal and vertical forces between an airship 

and its mooring mast (cf. stern-weighing device). 

box girder—See girder, box. 

breathing—The passage of air into or out of an aero¬ 

stat, due to changing volume, 

bridle—(a) A sling of cordage or cable which has its 

ends fixed at two different points, to the bight of 

which a single line may be attached, either movable 

or fixed, thus distributing the pull of the single line 

to two points or more in the case of a multiple bridle, 

(b) A towing or mooring line having two legs and 

intended to reduce yawing when towing or mooring. 

buffeting—The repeated aerodynamic forces experi¬ 
enced by any part of an aircraft, caused and main¬ 
tained by unsteady flow arising from a disturbance 
set up by any other part of the aircraft (cf. flutter). 

bump—A sudden acceleration of an aircraft caused by 
a region of unstable atmosphere characterized by 
marked local vertical components in the air currents, 

bumper bag—A cushion secured to the bottom of an 
airship to prevent damage when in contact with the 
ground. (See figs. 4 and 6.) 

buoyancy: 

center of buoyancy (aerostat)—The center of 
gravity of the air displaced by a balloon or air¬ 
ship. It is approximately the center of gravity 
of the contained gas. 

center of buoyancy (seaplane)—The center of 
gravity of the fluid displaced. 

reserve buoyancy (excess buoyancy)—The differ¬ 
ence between the buoyancy of a completely sub¬ 
merged float and the buoyancy of the float when 
submerged to the normal-load water line, usu¬ 
ally expressed as a percentage of the normal- 
load buoyancy. 

burble—A term designating the breakdown of the 
streamline flow about a body, 

cabane—An arrangement of struts used for bracing on 
an aircraft. 

cable: 

axial cable—The axial member sometimes fitted 
in a rigid airship. It is attached to the central 
fitting of the radial or diametral wires of each 
main transverse and to the hull structure at bow 
and stern. 

control cable—The line of wire or stranded cable 
leading from the control levers to the control 
surfaces or interconnecting the control surfaces. 

(See fig. 5.) 

main mooring cable—The wire cable by which an 
airship is hauled in to a mooring mast, 

camber—The rise of the curve of an airfoil section, 
usually expressed as the ratio of the departure of the 
curve from a straight line joining the extremities of 
the curve to the length of this straight line. “Upper 
camber” refers to the upper surface; “lower camber” 
to the lower surface; and “mean camber” to the 
mean line of the section. Camber is positive when 
the departure is upward, and negative when it is 
downward. (See fig. 2.) 

canard airplane—See airplane, canard. 

canopy, parachute—The main supporting surface of a 

parachute. 

cap, bow—(1) A cap of metal or fabric used to re¬ 
inforce the extreme forward end of a bow stiffener 
of a nonrigid or semirigid airship. (See figs. 3 and 
4.) (2) The conical or cap-shaped structure at the 
extreme bow of a rigid airship to which the longi- 
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tudinal girders are attached and which supports the 

bow mooring spindle. (See fig. 6.) 

capacity—The volume of the gas cell or cells of an 

aerostat. 

nominal gas capacity—The volume of the gas cell 

or cells of an aerostat under certain definite 

conditions of pressure and inflation, 

cap-strip—A continuous member on the outer edge of 

a wing rib. 

captive balloon—See balloon, captive. 

car—A structure in, or suspended from, the hull or en¬ 
velope of an airship for carrying crew, engineers, 
passengers, etc. (See figs. 3 and 4.) 

side car—A car suspended off the center line of an 

airship; also called “wing car.” 

car, subcloud—An observation car which may be 

lowered from an airship to a position below the 

clouds. 

card compass—See compass, card. 

catapult—A device by which an airplane can be 

launched at flying speed. 

cat walk—A narrow footway along the keel of a rigid 

airship. 

ceiling—Height of the lower level of a bank of clouds 

above the ground. 

ceiling: 
absolute ceiling—The maximum height above sea 

level at which a given airplane would be able to 

maintain horizontal flight under standard air 

conditions. 

ballonet ceiling—The altitude from which a pres¬ 
sure airship with empty ballonets can return 
to sea level without loss of operating pressure, 

service ceiling—The height above sea level, under 
standard air conditions, at which a given air¬ 
plane is unable to climb faster than a small 
specified rate (100 feet per minute in the United 
States and England). This specified rate may 

differ in different countries, 
static ceiling—The altitude in standard atmos¬ 

phere, at which an aerostat is in static equilib¬ 
rium after removal of all dischargeable weight, 

ceiling balloon—See balloon, ceiling. 

ceiling-height indicator—A device that measures the 
height from the horizontal to the illuminated spot 
produced by a ceiling projector as seen from a fixed 

position. 
ceiling projector—A projector that produces an illumi¬ 

nated region on the under side of a cloud for the 
purpose of determining the height of that part of 

the cloud above the indicator, 
cell, gas—In an airship, one of the bags containing the 

aerostatic gas. (See figs. 4 and 6.) 
cellule (or cell)—In an airplane, the entire structure of 

the wings and wing trussing of the whole airplane 
on one side of the fuselage, or between fuselages or 

nacelles, where there are more than one. 

center, aerodynamic—See aerodynamic center, wing 

section. 

center, elastic (stress analysis)—A point within the 
wdng section at which the application of a single 
concentrated load will cause the wing to deflect 
without rotation and, conversely, a point within 
the wing section about which rotation occurs when 
the wing is subjected to rotational deflection. 

center of buoyancy—See buoyancy, center of. 

center of pressure of an airfoil—The point in the chord 
of an airfoil, prolonged if necessary, which is at the 
intersection of the chord and the line of action of 

the resultant air force. 

center-of-pressure coefficient—The ratio of the dis¬ 
tance of the center of pressure from the leading edge 
to the chord length. 

center section—The central panel of a wing; in the case 
of a continuous wing or any wing having no central 
panel, the limits of the center section are arbitrarily 
defined by the location of points of attachment to 

the cabane struts or fuselage, 

centrifugal-type supercharger—See supercharger, 

centrifugal-type. 

chandelle—An abrupt climbing turn to approximately 
a stall in which the momentum of the airplane is 
used to obtain a higher rate of climb than would be 
possible in unaccelerated flight. The purpose of 
this maneuver is to gain altitude at the same time 
that the direction of flight is changed (fig. 8). 

chine—The intersection of the bottom with the sides 

or deck of a seaplane float. 
chord—An arbitary datum line from which the ordi¬ 

nates and angles of an airfoil are measured. It is 
usually the straight line tangent to the lower surface 
at two points, the straight line joining the ends of 
the mean line, or the straight line between the lead¬ 
ing and trailing edges. (See figs. 2 and 5.) 

chord, mean aerodynamic—The chord of an imagi¬ 
nary airfoil which would have force vectors through¬ 
out the flight range identical with those of the 

actual wing or wings. 
chord, mean, of a wing—The quotient obtained by 

dividing the wing area by the span, 
chord direction (stress analysis)—The direction par¬ 

allel to the intersection of the plane of the internal 
wing truss with the plane of symmetry of the air¬ 
plane. When a wing lias two internal trusses in 
nonparallel planes, the plane bisecting the dihedral 
angle between those two planes should be used (cf. 

beam, drag, lift, and side directions). 

chord force, or component (stress analysis)—A force, 
or component, in the chord direction; i.e., parallel 
to the intersection of the plane of the internal wing 
truss with the plane of symmetry of the airplane 

(cf. beam, drag, lift, and side forces). 

chord length—The length of the projection of the air¬ 

foil profile on its chord. 
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cockpit—An open space in an airplane for the accom¬ 
modation of pilots or passengers. When com¬ 
pletely enclosed, such a space is usually called a 

cabin. (See fig. 5.) 
column, control—See control column. 

compass: 
card (or card magnetic) compass—A magnetic 

compass in which the magnets are attached to 
a pivoted card on which the directions arc 
marked. 

earth-inductor (or induction) compass—A com¬ 

pass the indications of which depend on the 
current generated in a coil revolving in the 
earth’s magnetic field. 

sun compass—A compass in which the direction 
of the sun is utilized instead of the direction of 
the magnetic north or south pole, 

compression-ignition engine—See engine, compres¬ 
sion-ignition. 

compression ratio—The ratio of the volume of the gas 
in an engine cylinder at the beginning of the com¬ 
pression stroke to its volume at the end of the stroke, 

cone: 

axial cone—(1) The cone-shaped fabric fitting, in 
the end of a gas cell of a rigid airship, which pro¬ 
vides a gas-tight connection of the cell to the 
axial cable and yet permits the cell some degree 
of freedom in its movements. (2) A special 
form of conical sleeve. 

danger cone—A pennant or a hollow cone of light 
cloth on the wire cable of a captive balloon to 
warn aircraft of its presence. 

entrance cone—That portion of a wind tunnel 
from which the air flows to the experiment 
chamber. (See fig. 7.) 

exit cone—That portion of a wind tunnel into 
which the air flows from the experiment cham¬ 
ber. (See fig. 7.) 

mooring cone—The grooved conical member at 
the extreme bow of an airship which engages 
with a hollow cone at the top of the mooring 
mast and provides the coupling between the 
airship and the mooring mast. (See fig. 6.) 

wind cone—A tapered fabric sleeve pivoted on a 
standard to indicate the wind direction, 

coning angle—See angle, coning. 

control cable—See cable, control. 

control column—A lever having a rotatable wheel 
mounted at its upper end for operating the longi¬ 
tudinal and lateral control surfaces of an airplane. 
This type of control is called “wheel control.” 

control, servo—A control devised to reinforce the 
pilot’s effort by an aerodynamic or mechanical relay, 

controllability—The quality of an aircraft that deter¬ 
mines the ease of operating its controls and/or the 
effectiveness of displacement of the controls in pro¬ 
ducing change in its attitude in flight, 

controllable propeller—See propeller, controllable. | 

controls—A general term applied to the means pro¬ 
vided to enable the pilot to control the speed, direc¬ 
tion of flight, attitude, power, etc., of an aircraft, 

control stick—The vertical lever by means of which 
the longitudinal and lateral control surfaces of an 
airplane are operated. The elevator is operated by 
a fore-and-aft movement of the stick; the ailerons, 
by a side-to-side movement. (See fig. 5.) 

control surface—A movable airfoil designed to be ro¬ 
tated or otherwise moved by the pilot in order to 
change the attitude of the aircraft, 

control-surface area, trailing—See area, measure¬ 

ment of. 

cord, rip—See rip cord. 

course light—See light, course. 

cove—The line of intersection between two surfaces of 

a hull, the vertex of the angle of intersection point¬ 

ing inward. 

cowling—A removable covering. 
cockpit cowling—A metal or plywood cowling 

placed around a cockpit. 
engine cowling—A removable covering placed 

around all or part of an airplane engine. 
N.A.C.A. cowling—A cowling enclosing a radial 

air-cooled engine, consisting of a hood, or ring, 

and a portion of the body behind the engine so 

arranged that the cooling air smoothly enters 

the hood at the front and leaves through a 

smooth annular slot between the body and the 

rear of the hood; the whole forming a rela¬ 

tively low-drag body with a passage through a 

portion of it for the cooling air. 

cowling, ring—See ring cowling. 

cradle: 

building cradle—A support provided for the 
frame of a rigid airship or the keel of a semi¬ 
rigid airship during construction. 

docking cradle—A support for the car of an air¬ 
ship while it is being inflated in the shed; 
mostly used with rigid airships, 

crew, landing (or ground)—A detail of men necessary 
for the landing and handling of an airship on the 
ground. 

critical altitude—See altitude, critical. 

critical angle of attack—See angle of attack, 

critical. 

cross-wind force—The component perpendicular to 

the lift and to the drag of the total air force on a 

body. 

crowsfoot—(1) A system of diverging short ropes for 
distributing the pull of a single rope. (2) An ar¬ 
rangement in which the strands of a cord are opened 
out so that they can be effectively cemented to a 
fabric surface. 

cyclogiro—A type of rotor plane whose support in the 
air is normally derived from airfoils mechanically 
rotated about an axis perpendicular to the plane of 
symmetry of the aircraft, the angle of attack of the 
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airfoils being always less than the angle at which the 

airfoils stall. 

dead rise—In a cross section of a float or flying-boat 

hull, the amount by which the height of the chine 
differs from that of the keel, 

dead rise, angle of—See angle of dead rise. 

decalage—The difference between the angular settings 
of the wings of a biplane or multiplane. The deca¬ 
lage is measured by the acute angle between the j 

chords in a plane parallel to the plane of symmetry. 
The decalage is considered positive if the upper 
wing is set at the larger angle. (See fig. 5.) 

deflation sleeve—See sleeve, deflation. 

density altitude—See altitude, density. 

derivatives, resistance—Quantities expressing the vari¬ 
ation of the forces and moments on aircraft due to 
disturbance of steady motion. They form the ex¬ 
perimental basis of the theory of stability, and from 
them the periods and damping factors of aircraft 
can be calculated. In the general case there are 18 
translatory and 18 rotary derivatives. 

lateral resistance derivatives—Resistance deriva¬ 
tives expressing the variation of moments and 
forces due to small changes in the lateral, yaw¬ 
ing, and rolling velocities, 

longitudinal resistance derivatives—Resistance 
derivatives expressing the variation of moments 
and forces due to small changes in the longi¬ 
tudinal, normal, and pitching velocities, 

rotary resistance derivatives—Resistance deriva¬ 
tives expressing the variation of moments and 
forces due to small changes in the rotational 

velocities of the aircraft. 
translatory resistance derivatives—Resistance de¬ 

rivatives expressing the variation of moments 
and forces due to small changes in the transla¬ 

tional velocities of the aircraft, 

design load—See load, design. 
diaphragm, ballonet—The fabric partition between 

the gas and air compartments of the envelope of a 
nonrigid or semirigid airship or kite balloon, 

differential aileron linkage arrangement—See aileron 

linkage arrangements. 
dihedral angle—See angle, dihedral. 
directional gyro—A gyroscopic instrument for indi¬ 

cating direction, containing a free gyroscope which 
holds its position in azimuth and thus indicates 

angular deviation from the course, 
directional stability—See stability, directional. 
discharge header—The duct through which the air is 

conducted from the supercharger to the engine, 
displacement, engine—The total volume swept by 

che pistons of all the cylinders during one complete 

stroke of each piston. 
displacement, float or hull—The total volume, or total 

weight, of water displaced by a seaplane float or 

hull. 

dive—A steep descent, with or without power, in 
which the air speed is greater than the maximum 
speed in horizontal flight. 

dive (stress analysis)—A design condition for the 
wings representing a steady state of flight char¬ 
acterized by high speed and an angle of attack 
approximately that of zero lift (cf. inverted flight 

and pull-up, sudden). 
dock—A large shed used for housing airships, 
dock—To haul an airship into its dock, 

dope: 

airplane dope—The liquid material applied to the 
fabric surfaces of airplanes to increase their 
strength, to produce tautness by shrinking, and 
to act as a filler for maintaining airtightness, 

fuel dope—Any material added to the fuel in 
small quantities for the purpose of preventing 
detonation. 

down wash—The air deflected perpendicular to the 
direction of motion of an airfoil, 

downwash angle—See angle, downwash. 

drag—The component of the total air force on a body 
parallel to the relative wind. (See fig. 9.) 

induced drag—That part of the drag induced by 

the lift. 
parasite drag—That portion of the drag of an 

aircraft exclusive of the induced drag of the 

wings. 
profile drag—The difference between the total 

wing drag and the induced drag, 
profile drag, effective—The difference between 

the total wing drag and the induced drag of a 
wing with the same geometric aspect ratio but 

elliptically loaded. 
drag direction (stress analysis)—The direction of the 

relative wind (cf. beam, chord, lift, and side direc¬ 

tions). 
drag force, or component (stress analysis)—A force, 

or component, in the drag direction; i.e., parallel to 
the relative wind (cf. beam, chord, lift, and side 

forces). 
drag rope—A long rope which can be hung overboard 

from a balloon so as to act as a brake and a variable 
ballast in making a landing. Sometimes called 

“trail rope” or “guide rope.” 
drag strut—A fore-and-aft compression member of the 

internal bracing system of an aircraft. (See fig. 5.) 
drift angle—See angle, drift. 

drip flap—A strip of fabric attached by one edge to the 
envelope of an aerostat so that rain runs off its 
free edge instead of dripping into the basket or car. 
It also assists in keeping the suspension ropes dry 
and nonconducting. Also called “drip band” or 

“drip strip.” 
dry weight of an engine—See engine, dry weight of. 

dynamic factor (stress analysis)—The ratio between 
the load carried by any part of an aircraft when 
accelerating and the corresponding basic load. 
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dynamic load—See load, dynamic. 

dynamic pressure—The product % pV2, where p is the 
density of the air and V is the relative speed of 

the air. 

dynamic stability—See stability, dynamic. 

dynamometer, hub—A device built into a propeller 
hub for measuring the engine thrust and/or torque, 

earth - inductor compass — See compass, earth- 
inductor. 

edge, leading—See leading edge. 

edge, trailing—See trailing edge. 

efficiency, propeller—See propeller efficiency. 

efficiency, propulsive—See propulsive efficiency. 
elastic center—See center, elastic. 
elevator—A movable auxiliary airfoil, the function of 

which is to impress a pitching moment on the air¬ 
craft. It is usually hinged to the stabilizer. (See 
figs. 3, 4, 5, and 6.) 

elevator angle—See angle, elevator. 
emergency flotation gear—A device attached to a 

landplane to provide buoyancy in case of an emer¬ 
gency landing on the water, 

empennage—See tail, airplane. 
engine: 

axial-type engine—An engine having its cylinders 
equidistant from and parallel to the main shaft. 
Power is transmitted to the shaft through a 
wabble plate, swash plate, or gears. 

cam engine—A type of engine in which the pistons 
are reciprocated by means of a cam-and-roller 
mechanism. 

compression-ignition engine—A type of engine in 
which the fuel is sprayed into the cylinder and 
ignited by the heat of compression of the air 
charge. 

double-row radial engine—An engine having two 
rows of cylinders arranged radially around a 
common crankshaft. The corresponding front 
and rear cylinders may or may not be in line. 

left-hand engine—An engine whose propeller 
shaft, to an observer facing the propeller from 
the engine end of the shaft, rotates in a counter¬ 
clockwise direction. 

right-hand engine—An engine whose propeller 
shaft, to an observer facing the propeller from 
the engine end of the shaft, rotates in a clock¬ 
wise direction. 

supercharged engine—An engine with a compres¬ 
sor for increasing the air or mixture charge 
taken into the cylinder beyond that inducted 
normally at the existing atmospheric pressure, 

engine, dry weight of an—The weight of an engine 
exclusive of fuel, oil, and liquid coolant, 

engine weight per horsepower—The dry weight of an 
engine divided by the rated horsepower, 

entrance cone—See cone, entrance. 

envelope—(1) The outer covering of an aerostat, 
usually of fabric. (2) The bag containing the 
aerostatic gas of a free balloon, kite balloon, or non- 
rigid airship. (See fig. 3.) 

equivalent monoplane—A monoplane wing equivalent 
as to its lift and drag properties to any combination 
of two or more wings. 

exhaust-collector ring—A circular duct into which the 
• exhaust gases from the cylinders of a radial engine 
are discharged, 

exit cone—See cone, exit. 
experiment (or test) chamber—The central portion of 

a wind tunnel, where aircraft models or other objects 
are tested, 

fabric: 
balloon fabric—The finished material, usually 

rubberized, of which balloon or airship envelopes 
are made. 

gas-cell fabric—The fabric used in making gas 
cells for rigid airships. 

goldbeaters-skin fabric—A fabric consisting of 
a layer of light, fine, strong cloth, usually 
cotton, to which one or more layers of gold¬ 
beaters skin have been cemented, 

factor, dynamic—See dynamic factor. 
factor, load—See load factor. 
factor of safety (stress analysis)—The ratio of the 

ultimate load to any applied load. This term 
usually refers to the probable minimum factor of 
safety, which is the ratio of the ultimate load to 
the probable maximum applied load, 

fairing—An auxiliary member or structure whose 
primary function is to reduce the drag of the part 
to which it is fitted. 

feather—In rotary wing systems, to periodically 
increase and decrease the incidence of a blade or 
wing by oscillating the blade or wing about its 
span axis. 

fin—A fixed or adjustable airfoil, attached to an 
aircraft approximately parallel to the plane of sym¬ 
metry, to afford directional stability; for example, 
tail fin, skid fin, etc. (See figs. 3, 4, and 5.) 

fin carrier—A frame to which the inboard edge of 
the fin of a nonrigid or semirigid airship is attached, 
so as to prevent the edge of the fin from sinking 
into the envelope. 

fineness ratio—The ratio of the length to the maxi¬ 
mum diameter of a streamline body, as an airship 
hull. 

fishtail—-A colloquial term describing the motion 
made when the tail of an airplane is swung from 
side to side to reduce speed in approaching the 
ground for a landing. 

fitting—A generic term for any small part used in 
the structure of an airplane or airship. If without 
qualification, a metal part is usually understood. 
It may refer to other parts, such as fabric fittings. 
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fixed light—See light, fixed. 
flap—A hinged or pivoted airfoil forming the rear 

portion of an airfoil, used to vary the effective 

camber. 

split flap—A hinged plate forming the rear 

upper or lower portion of an airfoil. The 

lower portion may be deflected downward to 

give increased lift and drag; the upper portion 

may be raised over a portion of the wing for 

the purpose of lateral control (cf. upper-sur- 

jace aileron). 
flap, drip—See drip flap. 
flap, pressure—See pressure flap. 
flapping angle—See angle, flapping. 

flare: 
parachute flare—A pyrotechnic device attached 

t,o a parachute and designed to illuminate a 

large area when released from an aircraft at 

an altitude. 

signal flare—A pyrotechnic signaling device of 

distinctive color and characteristics. 

wing-tip flare—A pyrotechnic device attached 

to an aircraft for illuminating the ground 

while landing. 

flat-plate area, equivalent—See area, equivalent 

flat-plate. 
flat spin—See spin, flat. 
flight path—The flight path of the center of gravity of 

an aircraft with reference to the earth, or with 

reference to a frame fixed relative to the air. (See 

fig- 9.) 
flight-path angle—See angle, flight-path. 
float—A completely enclosed watertight structure 

attached to an aircraft to give it buoyancy and 

stability when in contact with water. 

float, inboard stabilizing—A stabilizing float 

placed relatively close to the main float or hull. 

float, outboard (or wing-tip) stabilizing—A stabi¬ 

lizing float placed relatively far out from the 

main float or hull, usually at or very near the 

tip of the wing. 
float, single—A single central float fitted under a 

seaplane and usually requiring two stabilizing 

floats to give adequate stability and complete 

the float system. 
float, stabilizing (or side)—A float used in addition 

to a single float or hull and intended to provide 

lateral stability while the seaplane or flying 

boat is at rest on the water, 

float system—The complete system of permanent 

floats, used to give buoyancy and stability to a 

seaplane or a flying boat while it is at rest on the 

water, and to provide hydrodynamic lift while it is 

t» king off. 
floating aileron linkage arrangement—See aileron 

linkage arrangements. 

floodlight, landing-area—A device designed to illum¬ 

inate the surface of a landing area. 

floodlight system, landing-area—A complete instal¬ 

lation of floodlighting equipment designed to 

illuminate a landing area, 

flotation gear—See emergency flotation gear. 

flow: 

laminar flow—A particular type of streamline 

flow. The term is usually applied to the flow 

of a viscous liquid near solid boundaries, when 

the flow is not turbulent. 

streamline flow—A fluid flow in which the 

streamlines, except those very near a body 

and in a narrow wake, do not change with 

time. 

turbulent flow—Any part of a fluid flow in which 

the velocity at a given point varies more or 

less rapidly in magnitude and direction with 

time. 

flutter—An oscillation of definite period but unstable 

character set up in any part of an aircraft by a 

momentary disturbance, and maintained by a 

combination of the aerodynamic, inertial, and 

elastic characteristics of the member itself (cf. 

buffeting). 

fly—(1) To operate an aircraft in flight. (2) To ride 

as a passenger in an aircraft, 

flying boat—A form of seaplane whose main body or 

hull provides flotation. 

frame, field handling—A portable frame which may 

be attached to an airship when it is on the ground 

and which is intended to provide a hold for more 

men than could grasp the handling rails of the 

cars. (See fig. 6.) 

framing, stern—All framework, aft of the cruciform 

girder, necessary to complete the shape and con¬ 

tour of a rigid airship, 

free balloon—See balloon, free. 

free-balloon net—See net, free-balloon. 

Frise aileron—See aileron, Frise. 

fuel bypass regulator—See regulator, fuel bypass. 

fuselage—The body, of approximately streamline 

form, to which the wings and tail unit of an airplane 

are attached. (See fig. 5.) 
monocoque fuselage—A fuselage construction 

which relies on the strength of the skin or shell 

to carry either the shear or the load due to 

bending moments. Monocoques may be di¬ 

vided into three classes (reinforced shell, semi- 

monocoque, and monocoque), and different 

portions of the same fuselage may belong to 

any one of these classes. The reinforced shell 

has the skin reinforced by a complete frame¬ 

work of structural members. The semimono- 

coque has the skin reinforced by longerons 

and vertical bulkheads, but has no diagonal 

web members. The monocoque has as its only 

reinforcement vertical bulkheads formed of 

structural members. 
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gap—The distance separating two adjacent wings of 
a multiplane. (See fig. 5.) 

gas—To replenish a balloon with fresh gas, in order to 
increase the purity, or to make up for a loss of gas. 

gas-cell fabric—See fabric, gas-cell. 

gas-cell net—See net, gas-cell. 

gassing factor—The quantity of aerostatic gas re¬ 
quired to maintain an aerostat for one year. It is 
ordinarily expressed as a percentage of the gas 
volume. 

geared propeller—See propeller, geared. 

geometrical pitch of a propeller—See pitch of a pro¬ 

peller, GEOMETRICAL, 

get-away speed—See speed, get-away. 

girder: 

box girder—Any built-up girder of rectangular 
section. Frequently used for the rectangular 
longitudinal members in the keel of a rigid 
airship from which the fuel tanks and gas cells 
are suspended. 

cruciform girder—The structure, consisting of 
vertical and horizontal transverse girders, 
fitted at the stern of a rigid airship for the pur¬ 
pose of supporting the inboard ends of the 
sternposts of the fins or of the rudder posts, 

walkway girder—A girder supporting a walkway 
along the keel or other part of a rigid or semi¬ 
rigid airship. 

gland—A short tube fitted to an envelope or gas bag 
so that a rope or line may slip through it without 
leakage of gas or air. (See fig. 4.) 

glide—To descend at a normal angle of attack with 
little or no thrust, 

glide landing—See landing, glide. 

glider—An aircraft heavier than air, similar to an air¬ 
plane but without a power plant. 

primary-type glider—A ruggedly built glider 
designed for use in elementary training of 
student glider pilots. 

secondary-type glider—A glider designed to ave 
better aerodynamic performance than the pri¬ 
mary type, but rugged enough for the use of 
pilots with limited training, 

performance-type glider—A glider having a high 
degree of aerodynamic refinement and low 
minimum sinking speed, 

gliding angle—See angle, gliding. 

goldbeaters-skin fabric—See fabric, goldbeaters- 
SKIN. 

ground angle—Same as landing angle. 

ground gear—The gear, or equipment, necessary for the 
landing and handling of an airship on the ground, 

ground loop—An uncontrollable violent turn of an 
airplane while taxying, or during the landing or 
take-off run. 

ground speed—See speed, ground. 

guide rope—See drag rope. 

gyro, directional—See directional gyro. 

gyro horizon—A gyroscopic instrument that indicates 
the lateral and longitudinal attitude of the airplane 
by simulating the natural horizon, 

gyro pilot—-See automatic pilot. 

gyroplane—A type of rotor plane -whose support in the 
air is chiefly derived from airfoils rotated about an 
approximately vertical axis by aerodynamic forces, 
and in which the lift on opposite sides of the plane 
of symmetry is equalized by rotation of the blades 
about the blades’ axes, 

hangar—A shelter for housing airplanes, 
head, air-speed—See air-speed head. 

heaviness, nose—See noseheavy. 

heaviness, stern—See sternheavy. 

heaviness, tail—See tailheavy. 

heaviness, wing—See wingheavy. 

height, pressure—The altitude at which the gas cells 
of a rigid airship or the gas bag of a nonrigid airship 
are completely full of gas. 

helicopter—A type of rotor plane whose support in 
the air is normally derived from airfoils mechanically 
rotated about an approximately vertical axis, 

honeycomb—A grid of intersecting surfaces used to 
check lateral disturbances in a fluid stream. (See 
fig. 7.) 

hood: 

gas-shaft hood—A hood, or cowl, located on the 
outer cover of a rigid airship at the outer end 
of a gas shaft. 

maneuvering-valve hood—A hood, or cowl, located 
on the outer cover of a rigid airship just over a 
maneuvering valve. It is usually made of 
light wood or fabric and is faced to facilitate 
the escape of gas. 

valve hood—The appliance, having the form of a 
hood or parasol, which protects the valve of an 
airship or balloon against rain; also called 
“valve cover” or “bonnet.” (See fig. 4.) 

hood, N.A.C.A.—The ring portion of an N.A.C.A. 
cowling. 

hook, arresting—A hook attached to an airplane 
which engages the arresting gear in landing, 

horizon, artificial—See artificial horizon. 

horn—A short lever attached to a control surface of an 
aircraft, to which the operating wire or rod is con¬ 
nected. (See fig. 5.) 

horsepower of an engine, rated—The average horse¬ 
power developed by a given type of engine at the 
rated speed when operating at full throttle, or at a 
specified altitude or manifold pressure, 

hub dynamometer—See dynamometer, hub. 

hull: 

airship hull—The main structure of a rigid air¬ 
ship, consisting of a covered elongated frame¬ 
work which incloses the gas cells and supports 
the cars and other equipment. 

seaplane hull—That portion of a flying boat which 
furnishes buoyancy when in contact with the 
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surface of the water. It contains accommoda- ! 
tions for the crew and passengers, usually com¬ 
bining the functions of both float and fuselage, 

hump speed—See speed, hump. 

hydrofoil (or hydrovane)—Any surface designed to 
obtain reaction from the water through which it 
moves. 

hydroplane—See plane. 

identification light—See light, identification. 

Immelman turn, normal—A maneuver made by com¬ 
pleting the first half of a normal loop; from the 
inverted position at the top of the loop, half-rolling 
the airplane to the level position, thus obtaining a 
180° change in direction simultaneously with a 
gain in altitude. (See fig. 8.) 

impact pressure—The pressure acting at the forward 
stagnation point of a body, such as a pitot tube, 
placed in an air current. Impact pressure may be 
measured from an arbitrary datum pressure, 

incidence, angle of—See angle of wing setting. 

inclinometer—An instrument that measures the atti¬ 
tude of an aircraft with respect to the horizontal, 

induced drag—See drag, induced. 

induction compass—See compass, earth-inductor. 

induction system, rotary—A carburetor induction 
system used on radial engines, in which a rotary fan 
assists in distributing the fuel charge to the cylinders, 

inflation net—See net, inflation. 

inflation sleeve—See sleeve, inflation. 

inflow—The flow of air into a propeller, 
instability, spiral—A type of instability, inherent in 

certain airplanes, which becomes evident when the 
airplane assumes too great a bank and sideslips; the 
bank continues to increase and the radius of the 
turn to decrease. 

instrument flying—The art of controlling an aircraft 
solely by the use of instruments; sometimes called 
“blind flying.” 

intake header—A short duct extending from outside 
the engine cowling to the supercharger intake, 

interceptor—A lateral-control device consisting of a 
small plate placed just back of a wing slot to spoil 
the effect of the slot at high angles of attack. (See 
fig 1.) (Cf. spoiler.) 

interference—The aerodynamic influence of two or 
more bodies on one another, 

inverted flight (stress analysis)—A loading condition 
for the wings simulating the conditions of flying up¬ 
side down and of commencing a dive (cf. dive (stress 

analysis).) 
jackstay—A longitudinal rigging provided to maintain 

the correct distance between various parts in the 

fil ings of an aerostat. 
keel, airship—The assembly of members at the bot¬ 

tom of the hull of a semirigid or rigid airship, which 
provides special strength to resist hogging and sag¬ 
ging and also serves to distribute the effect of con¬ 
centrated loads along the hull. (See fig. 4.) 

40768—34-40 

kite balloon—See balloon, kite. 

laminar flow—See flow, laminar. 

landing—The act of terminating flight in which the 
aircraft is made to descend, lose flying speed, estab¬ 
lish contact with the ground, and finally come to 
rest. 

glide landing—A landing in which a steady glide 

is maintained to the landing surface without the 
usual leveling-off before contact, 

level landing (stress analysis)—A loading condi¬ 
tion for the fuselage and landing gear, repre¬ 
senting a two-point landing with the fuselage 
horizontal. 

normal (or three-point) landing—A landing in 
which a path tangential to the landing surface 
and the loss in flying speed are attained at ap¬ 
proximately the instant of contact, 

pancake landing—A landing in which the leveling- 
off process is carried out several feet above the 
ground, as a result of which the airplane settles 
rapidly on a steep flight path in a normal 
attitude. 

three-point landing (stress analysis)—A loading 
condition for the fuselage and landing gear, 
representing landing with the wheels and tail 
skid touching the ground simultaneously (cf. 
level landing). 

landing angle—See angle, landing. 

landing area, effective—That portion of the landing 
area, with approaches clear within the allowable 
safe climbing and gliding angle, available for the 
take-off and landing of aircraft, 

landing-direction light—See light, landing-direc¬ 

tion. 

landing field—Any area of land designed for the take¬ 
off and landing of aircraft. It may or may not be 
part of an airport. 

landing gear—The understructure which supports the 
weight of an aircraft when in contact with the land 
or water and which usually contains a mechanism 
for reducing the shock of landing. Also called 
“undercarriage.” (See fig. 5.) 

retractable landing gear—A type of landing gear 
which may be withdrawn into the body or 
wings of an airplane while it is in flight, in order 
to reduce the parasite drag, 

landing light—See light, landing. 

landing strip—A narrow and comparatively long area 
forming part of a landplane airport or of an inter¬ 
mediate or auxiliary field, which is suitable for the 
landing and take-off of airplanes under ordinary 
weather conditions. 

landplane—An airplane designed to rise from and 

alight on the land. 
lateral axis—See axes of an airplane. 

leading edge—The foremost edge of an airfoil or pro¬ 

peller blade. 
length, chord—See chord length. 
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level landing—See landing, level. 

level-off—To make the flight path of an airplane 
horizontal after a climb, glide, or dive, 

lift: 
aerostatic lift—The difference between the weight 

of a volume of air and of an equal volume of a 
gas lighter than air under given conditions, 

dynamic lift—The component of the total aero¬ 
dynamic force on a body perpendicular to the 
relative wind. (See fig. 9.) 

gross lift (aerostat)—The buoyancy under stand¬ 
ard conditions of density, purity, and fullness, 

useful lift (aerostat)—The lift available for carry¬ 
ing passengers, fuel, oil, supplies, cargo, etc. 
It is the difference between the gross lift and the 
fixed weight of an aerostat, 

lift direction (stress analysis)—The direction in the 
plane of symmetry perpendicular to the relative 
wind (cf. beam, chord, drag, and side directions). 

lift/drag ratio—The ratio of the lift to the drag of any 

body. 
lift force, or component (stress analysis)—A force, or 

component, in the lift direction (cf. beam, chord, drag, 
and side forces). 

light: 
anchor light—A light, or group of clear lights 

carried on an aircraft to indicate its position at 
night while at anchor. 

approach light—A light, usually green, designed 
to indicate a favorable direction of approach for 
landing an aircraft. 

blinker light—A flashing light giving more than 
20 flashes per minute. 

boundary light—Any one of the lights designed to 
indicate the limits of the landing area of an air¬ 
port or landing field. 

ceiling light—Same as ceiling projector. 

course light—A light projected along the course 
of an airway so as to be visible chiefly from 
points on or near the airway, 

fixed light—A light which is constant in lumi¬ 
nous intensity with respect to both time and 
direction. 

flashing light—A light which is intermittent as 
viewed from a single direction, 

identification light—A group of lights, clear and 
colored, carried on the rear part of an airplane 
for identification at night, 

landing-direction light—A light designed to indi¬ 
cate, either by itself or in conjunction with 
other lights, the direction in which landings 
are to be made. 

landing light—A light carried by an aircraft to 
illuminate the ground while landing, 

navigation light—Same as position light. 

obstruction light—A red light designed to indicate 
the position and height of an object hazardous 
to the operation of aircraft. 

light—continued. 
position light—Any one of a group of lights—red, 

green, and clear—used aboard an aircraft to in¬ 
dicate its position and direction of motion. 

line: 
control line—One of the lines leading from the 

control car or compartment to the various parts 
of an airship and operating (either through 
mechanisms or directly) the rudders, valves, 
etc., which control the speed, altitude, etc., of 
the airship. 

handling line (aerostat)—A line attached to the 
side of an airship or balloon for use by the 
ground crew in handling the aerostat. (See 

fig. 3.) 
handling line (airplane)—Two lines of steel strand 

attached to the upper wings of a seaplane for 
steadying it when hauled out of the water 
aboard ship. 

main mooring line—The line dropped from the 
bow of an airship to be coupled to the main 
mooring-mast line. 

main mooring-mast line—A line leading from the 
main winch of a mooring mast through the 
mooring attachment at the top of the mast for 
the purpose of attaching the main mooring line 
of an airship. 

mast yaw line—One of the two lines leading from 
the winches at the base of the mooring mast 
through snatch blocks and carried to the lee¬ 
ward of the mast 60° from the wind direction. 
The airship’s yaw lines are coupled to these 
lines. The snatch blocks are fixed to anchor¬ 
ages selected so that the joined lines tend to 
keep the bow of the airship into the wind and 
prevent its overriding the mast. These lines 
are sometimes called “mast yaw guys” or 
“mast bow-steadying lines.” (The main moor¬ 
ing line and the yaw guys, when taut, establish 
a fixed point in space.) 

mooring line—A line attached near the bow of an 
aircraft for securing it to the ground, buoy, 
anchor, or to a mooring mast, 

sandbag line—A rope extending along the line of 
suspension ropes or bridles of a kite balloon to 
which are hooked the sandbags used in mooring 
the balloon. The purpose is to prevent wear on 
the suspension cordage. 

shroud line—The suspension cords of a parachute 
which attach the harness to the canopy, 

suspension line—A line attached to the hull or 
envelope of an airship for supporting an ap¬ 
pendage, such as a car or fin. 

yaw line—A line dropped from the bow of an air¬ 
ship, when mooring to the mast, to be coupled 
to the mast yaw line and act as a steadying 
line to prevent yawing and overriding the mast. 
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load: 

basic load (stress analysis)—The load on a struc¬ 
tural member or part in any condition of static 
equilibrium of an airplane. When a specific 
basic load is meant, the particular condition of 
equilibrium must be indicated in the context. 

design load (stress analysis)—A specified load 
below which a structural member or part should 
not fail. It is the probable maximum applied 
load multiplied by the factor of safety. Also, in 
many cases, an appropriate basic load multi¬ 
plied by a design load factor. 

full load—Weight empty plus useful load; also 
called gross weight. 

normal load (stress analysis)—The load on that 
part of a wing assumed to be unaffected by tip 
losses or similar corrections. In any given 
case, it may be a basic, design, gross, net, or 
ultimate load, depending on the context. 

pay load—That part of the useful load from which 
revenue is derived, viz, passengers and freight. 

ultimate load (stress analysis)—The load that 
causes destructive failure in a member during a 
strength test, or the load that, according to 
computations, should cause destructive failure 
in the member. 

useful load—The crew and passengers, oil and 
fuel, ballast other than emergency, ordnance, 
and portable equipment. 

load factor (stress analysis)—The ratio of two loads 
(the second being a basic load) that have the same 
relative distribution. The first load may be the 
load applied during some special maneuver, the max¬ 
imum probable load on the airplane or part, the 
design load, or the ultimate load. Whenever a load 
factor is mentioned, the context should indicate 
clearly what load is being compared with the basic 
load. If the context does not so indicate, the load 
factor is usually the ratio of the design load to the 
weight of the airplane, 

loading: 
power loading—The gross weight of an airplane 

divided by the rated horsepower of the engine 
computed for air of standard density, unless 

otherwise stated. 
span loading—The ratio of the weight of an air¬ 

plane to its equivalent monoplane span. 
unsymmetrical loading (stress analysis)—A de¬ 

sign loading condition for the wings and con¬ 
necting members, representing the conditions 

as in a roll. 
wing loading—The gross weight of an airplane 

divided by the wing area. 
longeron—A principal longitudinal member of the 

framing of an airplane fuselage or nacelle, usually 
continuous across a number of points of support. 

(See fig. 5.) 

longitudinal: 
intermediate longitudinal—A light longitudinal 

girder between main longitudinals of a rigid 
airship, primarily intended for support of th 
outer cover. 

main longitudinal—A main longitudinal strength 
member of a rigid airship, which connects the 
various transverse frames. (See fig. 6.) 

loop—A maneuver executed in such a manner that the 
airplane follows a closed curve approximately in a 
vertical plane. 

inverted normal loop—A loop starting from in¬ 
verted flight and passing successively through 
a dive, normal flight, climb, and back to in¬ 
verted flight. 

inverted outside loop—An outside loop starting 
from inverted flight and passing successively 
through a climb, normal flight, dive, and back 
to inverted flight. 

normal loop—A loop starting from normal flight 
and passing successively through a climb, in¬ 
verted flight, dive, and back to normal flight. 

(See fig. 8.) 
outside loop—A loop starting from normal flight 

and passing successively through a dive, in¬ 
verted flight, climb, and back to normal flight, 
the pilot being on the outside of the flight path, 

loop, ground—See ground loop. 

loop, radio—A specified number of turns of wire located 
in the wings or wound around the fuselage of an 
airplane. Small portable loops on a rectangular 

frame are also used. 
loop, safety—A loop formed in a rip cord of an aero¬ 

stat and attached to a securing patch by a breakable 

cord or a spring clip. 
loop, sandbag—A system of cordage loops on the en¬ 

velope of a balloon for suspending sandbags, 
magneto, booster—An auxiliary magneto used for 

starting. 
maneuver—(a) To operate an aircraft in a skillful 

manner, so as to cause it to perform evolutions out 
of the ordinary, (b) To perform tactical or acro¬ 
batic evolutions with aircraft, 

maneuverability—That quality in an aircraft which 
determines the rate at which its attitude and direc¬ 
tion of flight can be changed, 

maneuvering valve—See valve, maneuvering. 

manhole, appendix—A short appendix of large diam¬ 
eter used for access to the interior of the envelope 

of an aerostat. 
manometer pressure (aerostat)—See pressure, ma¬ 

nometer. 

margin of safety (stress analysis)—The difference be¬ 
tween the ultimate load and any applied load, 

marker, boundary—-A painted cone, solid circle, disk, 
or other device used to mark the boundary of the 
available landing area on an airport or landing field. 
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marker, circle—A circular band marking the approxi¬ 
mate center of the landing area or the intersection of 
the principal landing strips on an airport or landing 

field. 
mast, mooring—See mooring mast. 

mast, radio—See radio mast. 

mean line (of an airfoil profile)—An intermediate 
line between the upper and lower contours of the 

profile. (See fig. 2.) 
mechanical pilot—See automatic pilot. 

meteorograph—A recording instrument for obtaining 
meteorological information above the earth’s surface. 
It contains elements to record temperature, pres¬ 
sure, and humidity. (Also called aerograph.) 

mixture control, altitude—A device on the carburetor 
for regulating the weight proportions of air and fuel 
supplied to the engine at different altitudes, 

moment, trimming—See trimming moment. 

monocoque fuselage—See fuselage, monocoque. 

monoplane—An airplane with but one main supporting 
surface, sometimes divided into two parts by the 
luselage. 

high-wing monoplane—A monoplane in which the 
wing is located at, or near, the top of the fuselage, 

low-wing monoplane—A monoplane in which the 
wing is located at, or near, the bottom of the 
fuselage. 

midwing monoplane—A monoplane in which the 
wing is located approximately midway between 
the top and bottom of the fuselage, 

parasol monoplane—A monoplane in which the 
wing is above the fuselage. 

monoplane, equivalent—See equivalent monoplane. 

mooring band—See band, mooring. 

mooring cone—See cone, mooring. 

mooring-cone outrigger—See outrigger, mooring- 

cone. 

mooring drag—Same as tail drag. 

mooring harness—A system of webbing bands, fitted 
over the top of a balloon, to which the mooring ropes 
are attached; usually found only on kite or observa¬ 
tion balloons. 

mooring mast—A mast or tower at the top of which 
there is a fitting to which the bow of an airship may 
be secured. 

multiplane—An airplane with two or more main sup¬ 
porting surfaces placed one above another, 

nacelle—An enclosed shelter for personnel or for a 
power plant. A nacelle is usually shorter than a 
fuselage, and does not carry the tail unit, 

navigation light—See light, navigation. 

net: 
free-balloon net—A rigging made of ropes and 

twine shaped to fit the upper surface of the 
envelope, which supports the weight of the 
basket, etc., and distributes the load over the 
entire upper surface of the envelope, 

gas-cell net (rigid airship)—A small-mesh netting 
of cord, intended to assist the fabric of the gas 

net—continued. 
cells in transmitting the gas force to a wire net¬ 
ting of coarser mesh and to the longitudinals 
both being fitted between the longitudinals. 
It may be compared to the net of a free balloon. 
Sometimes called “gas-cell netting” or “cord 
netting.” (See fig. 6.) 

inflation net—A rectangular net of cordage, used 
to restrain the envelope of a kite balloon or 
nonrigid airship during inflation. Also applied 
to a free-balloon net designed to be removed 
after inflation. 

net weight—See weight, net. 

nonrigid airship—See airship, nonrigid. 

nose-down—To depress the nose of an airplane in flight, 
noseheavy—The condition of an airplane in which the 

nose tends to sink when the longitudinal control is 
released in any given attitude of normal flight (cf. 
tail heavy). 

nose-over—A colloquial expression referring to the 
accidental turning over of an airplane on its nose 
when landing. 

nose-up—To elevate the nose of an airplane in flight. 
Number, Reynolds—See Reynolds Number. 

obstruction light—See light, obstruction. 

octant—A variation of the aircraft sextant which meas¬ 
ures angles up to 90°. Its artificial horizon is 
usually the bubble type. 

oleo gear—A type of oil-damping device that depends 
on the flow of oil through an orifice for its shock¬ 
absorbing effect in a landing gear, 

ornithopter—A form of aircraft heavier than air, de¬ 
riving its chief support and propelling force from 
flapping wings, 

oscillation: 

phugoid oscillation—A long-period oscillation 
characteristic of the disturbed longitudinal mo¬ 
tion of an aircraft. 

stable oscillation—An oscillation whose amplitude 

does not increase. 

unstable oscillation—An oscillation whose ampli¬ 
tude increases continuously until an attitude is 
reached from which there is no tendency to re¬ 
turn toward the original attitude, the motion 
becoming a steady divergence, 

outrigger, mooring-cone—-The member, usually tubu¬ 
lar, which supports the mooring cone at the bow of 
an airship; sometimes referred to as the “mooring 

spindle.” (See fig. 6.) 

over-all length—The distance from the extreme front 
to the extreme rear of an aircraft, including the 

propeller and the tail unit. 

overhang—(1) One half the difference in span of any 
two main supporting surfaces of an airplane. The 
overhang is positive when the upper of the two 
main supporting surfaces has the larger span. (See 
fig. 5.) (2) The distance from the outer strut at¬ 

tachment to the tip of a wing. 
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overshoot—To fly beyond a designated mark or area, 
such as a landing field, while attempting to land on 

the mark or within the area, 

pancake landing—See landing, pancake. 

panel (aerostat)—(1) The unit piece of fabric of which 
the envelope or outer cover of an aerostat is made. 
(2) In rigid airships, the area bounded by two con¬ 
secutive longitudinals and two consecutive trans- 

verses. 

panel (airplane)—A portion of an airplane wing con¬ 
structed separately from the rest of the wing to 

which it is attached. 

panel, rip—A strip of fabric, inserted or fitted in the 
upper part of the envelope of a balloon or semirigid 
or nonrigid airship, which is torn or ripped open when 
immediate deflation is desired. (See fig. 3.) 

parachute—An umbrella-like device used to retard 
the descent of a falling body by offering resistance 

to its motion through the air. 
pilot parachute—A small auxiliary parachute 

attached to the apex of the main parachute, 

designed to pull the latter out of its pack when 

the rip cord is pulled, 

parachute flare—See flare, parachute. 

parachute harness—A combination of straps, buckles, 

and fastenings used to attach a parachute to the 

wearer. 

parachute pack—A parachute and its container, 
parachute rigger—A person who packs, repairs, and 

inspects parachutes, 
parasite drag—See drag, parasite. 

parasol monoplane—See monoplane, parasol. 

patch—A strengthened or reinforced flap of fabric of 
special shape and construction cemented to the 
envelope or gas cell of an aerostat. It usually 
forms an anchorage by which some portion of the 
structure may be attached to the envelope, or by 
which the positioning lines controlling the gas cell 

may be attached to the cell. 
channel patch—A channel-shaped fabric fitting 

secured to the envelope of an aerostat to allow a 
rod or spar to be laced to the envelope, 

finger patch—A special form of patch having 
“fingers” extending from the central portion to 
distribute the load more widely to the fabric of 

an envelope or gas cell. 
suspension patch—A patch, secured to the envel¬ 

ope or to a gas cell of an aerostat, to which a 

suspension line may be attached, 
path, flight—See flight path. 

pay load—See load, pay. 

pendant, sighting—A vertical wire on the center line 
and forwrard of the control car of an airship, used as 
a guide in steering and to assist in determining the 

direction of the wind. 
permeability—The measure of the rate of diffusion of a 

gas per unit area of any material used in the con¬ 

struction of a gas container. 

pilot—One who operates the controls of an aircraft in 

flight. 
pilot, automatic—See automatic pilot. 
pilot balloon—See balloon, pilot. 
pilot parachute—See parachute, pilot. 
pilot plane—An auxiliary airfoil pivoted near the 

leading edge of a main airfoil and free to take up a 

position in line with the wind, 
pitch—An angular displacement about an axis parallel 

to the lateral axis of an aircraft, 
pitch, angle of—See angle of pitch. 
pitching—Angular motion about the lateral axis (fig. 12). 
pitch (or pitching) indicator—An instrument for 

indicating the existence and approximate magnitude 
of the angular velocity about the lateral axis of an 

aircraft. 
pitch of a propeller: 

effective pitch—The distance an aircraft advances 
along its flight path for one revolution of the 

propeller. 
geometrical pitch—The distance an element of a 

propeller would advance in one revolution if it 
were moving along a helix having an angle equal 

to its blade angle. 
zero-thrust pitch—The distance a propeller would 

have to advance in one revolution to give no 
thrust. Also called “experimental mean pitch.” 

pitch ratio (propeller)—The ratio of the pitch to the 

diameter. 
pitot-static tube—A parallel or coaxial combination of 

a pitot and a static tube. The difference between 
the impact pressure and the static pressure is a func¬ 

tion of the velocity of flow past the tube, 
pitot tube—A cylindrical tube with an open end pointed 

upstream, used in measuring impact pressure, 
pitot-venturi tube—A combination of a pitot and a 

venturi tube. 
plane (or hydroplane)—To move through the water 

at such a speed that the support derived is due to 
hydrodynamic and aerodynamic rather than to 

hydrostatic forces. 
plan form, developed—The plan of an airfoil as drawn 

with the chord lines at each section rotated about 
the airfoil axis into a plane parallel to the plane of 
projection and with the airfoil axis rotated or devel¬ 
oped and projected into the plane of projection, 

plan form, projected—The contour as viewed from 

above. 
platform, observation—A small deck fitted on the top 

of an airship for a lookout and defense or for mak¬ 
ing observations used in navigating the airship, 

plowing—Taxying a seaplane at low speed before rising 

on the step. 
pontoon — Obsolete as applied to aircraft. (See 

FLOAT.) 
porpoising—An undulatory movement of a seaplane 

consisting of a combination of a vertical oscillation 
and an oscillation about its transverse axis, which 
occurs at certain stages of planing. 
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position light—See light, position. 

power loading—See loading, power. 

pressure, altitude—See altitude, pressure. 

pressure, dynamic—See dynamic pressure. 

pressure, impact—See impact pressure. 

pressure, manometer (aerostat)—The excess pressure 
inside the envelope of an aerostat over the atmos¬ 
pheric pressure at a standard reference point. The 
point of reference for the excess pressure is usually 
the bottom of the envelope or gas cell on airships 
and the level of the basket on kite balloons, 

pressure flap—A flap valve fitted in the outer cover 
or envelope of a rigid airship and arranged to per¬ 
mit the rapid flow of air in and out—particularly 
inward. The purpose is to facilitate the rapid equal¬ 
ization of the pressure of the air in the envelope 
with that of the surrounding air. 

pressure height—See height, pressure. 

primary structure (stress analysis)—The main frame¬ 
work, including fittings and attachments. Any 
structural member, the failure of which would seri¬ 
ously impair the safety of the airplane, is a part 
of the primary structure, 

profile drag—See drag, profile. 

profile thickness—The maximum distance between 
the upper and lower contours of an airfoil, measured 
perpendicularly to the mean line of the profile. 
(See fig. 2.) 

projected propeller-blade area—See area, projected 

PROPELLER-BLADE. 

projector—A device for projecting a beam of light, as 
a searchlight projector, 

projector, bearing—See bearing projector. 

projector, ceiling—See ceiling projector. 

projector, traffic-control—See traffic-control pro¬ 

jector. 

propeller—Any device for propelling a craft through 
a fluid, such as water or air; especially a device 
having blades which, when mounted on a power- 
driven shaft, produce a thrust by their action on 
the fluid. 

adjustable propeller—A propeller whose blades 
are so attached to the hub that the pitch may 
be changed while the propeller is at rest, 

automatic propeller—A propeller whose blades are 
attached to a mechanism that automatically sets 
them at their optimum pitch for various flight 
conditions. 

controllable propeller—A propeller whose blades 
are so mounted that the pitch may be changed 
while the propeller is rotating, 

geared propeller—A propeller driven through 
gearing, generally at some speed other than the 
engine speed. 

pusher propeller—A propeller mounted on the 
rear end of the engine or propeller shaft, 

tractor propeller—A propeller mounted on the 
forward end of the engine or propeller shaft. 

propeller area—See area, propeller. 

propeller-blade area—See area, propeller-blade. 

propeller-disk area—See area, propeller-disk. 

propeller efficiency—The ratio of the thrust power to 
the input power of a propeller, 

propeller radius—See tip radius. 

propeller rake—The mean angle which the line join¬ 
ing the centroids of the sections of a propeller blade 
makes with a plane perpendicular to the axis, 

propeller root—That part of the propeller blade near 
the hub. (See fig. 5.) 

propeller thrust—The component of the total air force 
on the propeller which is parallel to the direction 
of advance. 

propeller thrust, effective—The net driving force de¬ 
veloped by a propeller when mounted on an aircraft, 
i.e., the actual thrust exerted by the propeller, as 
mounted on an airplane, minus any increase in the 
resistance of the airplane due to the action of the 
propeller. 

propeller thrust, static—The thrust developed by a 
propeller when rotating without translation, 

propeller tipping—A protective covering of the blade 
of a propeller near the tip. (See fig. 5.) 

propulsive efficiency—The ratio of the product of the 
effective thrust and flight speed to the actual power 
input into the propeller as mounted on the airplane, 

pull-out—The maneuver of transition from a dive to 
horizontal flight. 

pull-up—A maneuver, in the vertical plane, in which 
the airplane is forced into a short climb, usually from 
approximately level flight, (cf. zoom). 

sudden pull-up (or sudden pull-out) (stress 
analysis)—A loading condition for the tail sur¬ 
faces resulting from a sudden application of 
up-elevator (cf. dive). 

purity (of gas)—The ratio of the partial pressure of 
the aerostatic gas in the container to the total 
pressure of all the contained gases, 

push-down—The opposite of pull-up. 
pusher airplane—See airplane, pusher. 

pusher propeller—See propeller, pusher. 

radial engine—See engine, radial. 

radio-directive devices: 
landing beam—A beam projected from the field 

to indicate to the pilot his height above the 
ground and the position of the airplane on the 
proper path for a glide landing, 

radio-marker beacon—A radio transmitter of low 
power emitting a characteristic aural signal to 
indicate course positions with respect to a land¬ 
ing field or an airway. 

radio-range beacon—A radio transmitter supply¬ 
ing directive radio waves that provide a means 
of keeping an aircraft on its proper course, 

runway localizing beacon—A small radio-range 
beacon giving accurate lateral direction along 
the runway of an airport or landing field and a 
few miles beyond. 
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radio loop—See loop, radio. 

radio mast—A mast attached to an aircraft which 
serves as part of the radio-antenna structure, 

rail, docking—A rail or guide, installed on the landing 
field and extending into the shed, which affords a 
means for resisting the lateral pull of an airship’s 
docking or handling lines, 

rake, propeller—See propeller rake, 

ram—The combination of tubes and springs mounted 
in gimbals at the top of a mooring mast to ease the 
shock when the moor is made, 

ramming—The effect obtained when the air intake 
to the engine is placed in the slipstream in such a 
manner as to take advantage of the difference in 
velocity of this air intake and the slipstream, in 
order to increase the pressure in the induction 
system. 

range, maximum—The maximum distance a given 
aircraft can cover under given conditions, by flying 
at the economical speed and altitude at all stages of 
the flight, 

range at maximum speed—The maximum distance a 
given aircraft can fly at full speed at the altitude for 
maximum speed under given conditions, 

rated horsepower of an engine—See horsepower of 
AN ENGINE, RATED. 

rate-of-climb indicator—An instrument that indicates 
the rate of ascent or descent of an aircraft, 

recovery, water—See water recovery. 

reference area—The area used in the equations defin¬ 
ing the coefficient of the air force acting upon a 
body or the coefficients of the components of the air 
force. This area is logically or conveniently chosen 
in different manners for different types of bodies, 

regulator, fuel bypass—A device placed in the fuel line 
of a supercharged engine for regulating the fuel 
pressure in the carburetor float chamber so that it 
will be a fixed amount above the carburetor air 

pressure. 

relative efficiency of biplane wings (stress analysis)— 
The ratio of the normal load per square foot on the 
upper wing to that on the lower, 

relative wind—See wind, relative. 
renversement—A maneuver consisting of a half roll 

and a half loop in the order named, 
resistance derivatives—See derivatives, resistance. 
retractable landing gear—See landing gear, retract¬ 

able. 
Reynolds Number—A nondimensional coefficient used 

as a measure of the dynamic scale of a flow. Its 

usuo1 form is the fraction p — in which p is the 
M 

density of the fluid, V is the velocity of the fluid, l is 
a linear dimension of a body in the fluid, and p is the 
coefficient of viscosity of the fluid (cf. scale effect). 

rib, wing—See wing rib. 

rig: 
(aerostat)—To attach and adjust the car, rudders, 

valves, controls, etc., of an airship, i.e., to erect, 
(airplane)—To assemble, adjust, and aline the 

parts of an airplane, 
rigger—One who rigs aircraft. 
righting or restoring moment—A moment that tends 

to restore an aircraft to its previous attitude after 
any small rotational displacement, 

rigid airship—See airship, rigid. 

ring, concentration: 

airship concentration ring—A ring to which several 
rigging lines are led from the envelope and from 
which one or more lines also lead to the car. 

free-balloon concentration ring—A ring to which 
are attached the ropes suspending the basket 
and to which the net is also secured; some¬ 
times called “load ring.” 

ring, exhaust-collector—See exhaust-collector ring. 

ring cowling—A ring-shaped cowling placed around a 
radial air-cooled engine to reduce its drag and 
improve cooling. 

rip cord—(1) The rope running from the rip panel to 
the car or basket, the pulling of which tears off or 
rips the panel and causes immediate deflation of a 
balloon or a nonrigid airship. (See fig. 3.) (2) 
The cord, together with the handle and fastening 
pins, which, when pulled, releases a parachute from 
its container. 

roach—A heavy jet or vertical sheet of water thrown 
above the water surface behind a seaplane float, 

roll—A maneuver in which a complete revolution 
about the longitudinal axis is made, the horizontal 
direction of flight being approximately maintained, 

aileron roll—A roll in which the motion is largely 
maintained by forces arising from the displace¬ 
ment of the aileron (fig. 8). 

outside roll—A roll executed while flying in the 
negative angle-of-attack range, 

snap roll—A roll executed by a quick movement 
of the controls, in which the motion is largely 
maintained by autorotational couples on the 
wings (fig. 8). 

roll—An angular displacement about an axis parallel 
to the longitudinal axis of an aircraft, 

rolling—Angular motion about the longitudinal axis 
(fig. 10). 

root, propeller—See propeller root. 

Roots-type supercharger—See supercharger, Roots- 

type. 

rotor—The complete rotating portion of a rotary wing 
• system. 
rotor plane—A form of aircraft whose support in the 

air is chiefly derived from the vertical component 
of the force produced by rotating airfoils, 

rudder—A hinged or movable auxiliary airfoil on an 
aircraft, the function of which is to impress a yawing 
moment on the aircraft. (See figs. 3, 4, 5, and 6.) 
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rudder angle—See angle, rudder. 

rudder bar—The foot bar by means of which the con¬ 
trol cables leading to the rudder are operated. 
(See fig. 5.) 

rudder pedals—The foot pedals by means of which the 
controls leading to the rudder are operated, 

runway—An artificial landing strip permitting the 
landing and take-off of airplanes under all weather 
conditions. 

safety, factor of—See factor of safety. 
sailplane—A performance-type glider, 
scale effect—The change in any force coefficient, such 

as the drag coefficient, due to a change in the value 
of Reynolds Number. 

school, ground—A school in which instruction is given 
to a student undergoing flight training, 

scoop, air—See air scoop. 

seaplane—An airplane designed to rise from and alight 
on the water. 

semirigid airship—See airship, semirigid. 

separation—The phenomenon in which the flow past 
a body placed in a moving stream of fluid separates 
from the surface of the body, 

separation point—The point at which the separation 
of the boundary layer begins, 

service ceiling—See ceiling, service. 
servo control—See control, servo. 

sesquiplane—A form of biplane in which the area of 
one wing is less than half the area of the other, 

shaft: 

climbing shaft—A shaft, fitted with a ladder, 
which leads from the bottom to the top of an 
airship hull to provide access to the upper 
portion. (See fig. 4.) 

gas shaft—A passage-way between the gas cells 
of an airship to permit the escape of gas which 
has been discharged from the cells, 

shed, airship—See dock. 

shipboard plane—A landplane designed to rise from 
and alight on the deck of a ship, 

side direction (stress analysis)—The direction perpen¬ 
dicular to the plane of symmetry, 

side force or component (stress analysis)—A force, 
or component, perpendicular to the plane of 
symmetry. 

sideslipping—Motion of an aircraft relative to the air, 
in which the lateral axis is inclined and the air¬ 
plane has a velocity component along the lateral 
axis. When it occurs in connection with a turn, 
it is the opposite of skidding. (See fig. 11.) 

signal flare—See flare, signal. 

sinking speed—The vertical downward component of 
velocity that an aircraft would have while descend¬ 
ing in still air under given conditions of equilibrium, 

skid, tail—See tail skid. 
skid, wing—See wing skid. 

skidding—Sliding sidewise away from the center of 
curvature when turning. It is caused by banking 
insufficiently, and is the opposite of sideslipping. 

skid fin—A longitudinal vertical surface, usually 
placed above the upper wing to increase the lateral 
stability. 

skin friction—The tangential component of the fluid 
force at a point on a surface, 

sky writing—The act of emitting from an aircraft a 
trail of smoke or other visible substance, the flight 
of the aircraft being so directed as to cause the 
trail to assume the form of letters or symbols, 

slat—A movable auxiliary airfoil, attached to the 
leading edge of a wing, which when closed falls 
within the original contour of the main wing and 
which when opened forms a slot. (See fig. 1.) 

sleeve: 

deflation sleeve—(1) A sleeve or appendix made 
of fabric provided for the special purpose of 
facilitating the deflation of an aerostat. (2) 
The sleeve or appendix fitted in the lower lobe 
of a kite balloon and used to permit the rapid 
escape of the air in the lobes when the balloon 
is hauled down. 

inflation sleeve—A tubular fabric attachment to 
an envelope or gas bag, serving as a lead for 
the inflation tube. (See figs. 3 and 4.) 

towing sleeve—A tubular fabric envelope towTed 
by an aircraft and used as a target, 

slip—The difference between the geometrical pitch 
and the effective pitch of a propeller. Slip may be 
expressed as a percentage of the mean geometrical 
pitch, or as a linear dimension, 

slip function—The ratio of the speed of advance 
through the undisturbed air to the product of the 
propeller diameter and the number of revolutions 
per unit time; i.e., V/nD. 

slipstream—The current of air driven astern by a 
propeller. 

slot—The nozzle-shaped passage through a wing whose 
primary object is to improve the flow conditions at 
high angles of attack. It is usually near the leading 
edge and formed by a main and an auxiliary airfoil, 
or slat. (See fig. 1.) (Cf. slat.) 

slotted aileron—See aileron, slotted. 

soar—To fly without engine power and without loss 
of altitude, as does a glider in ascending air currents, 

solidity—The ratio of the total blade area of a rotor 
to the area of the disk swept by the blades, 

sounding balloon—See balloon, sounding. 

span—The maximum distance, measured parallel to 
the lateral axis, from tip to tip of an airfoil, of an 
airplane wing inclusive of ailerons, or of a stabilizer 
inclusive of elevator. (See fig. 5.) 

effective span—The true span of a wing less 
corrections for tip loss. 
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span loading—See loading, span. 
spar, wing—See wing spar. 
speed: 

air speed—See air speed. 

get-away speed—The air speed at which a sea¬ 
plane becomes entirely air-borne, 

ground speed—The horizontal component of the 
velocity of an aircraft relative to the ground, 

hump speed—The speed of a seaplane during 
take-off at which the float resistance reaches a 
maximum. 

landing speed—The minimum speed of an airplane 
at the instant of contact with the landing area 
in a normal landing. 

minimum flying speed—The lowest steady speed 
that can be maintained, with any throttle 
setting whatsoever, by an airplane in level 
flight at an altitude above the ground greater 
than the span of the wings, 

operating speed—The speed in level flight cor¬ 
responding to 87.5 percent of the rated speed 
of the engine. 

pitch speed—The product of the mean geometri- j 
cal pitch and the number of revolutions of the 
propeller in unit time. 

rated engine speed—The rotative speed of an 
engine at which its reliability has been deter¬ 
mined for continuous performance, 

sinking speed—See sinking speed. 
slip speed (supercharger)—The supercharger 

speed necessary to maintain a given pressure 
difference between intake and discharge when 
there is no air delivery. 

stalling speed—The speed of an airplane in steady 
flight at its maximum coefficient of lift, 

take-off speed—The air speed at which an air¬ 
plane becomes entirely air-borne, 

terminal speed—See velocity, terminal. 
spin—A maneuver in which an airplane descends along 

a helical path of large pitch and small radius while 
flying at a mean angle of attack greater than the 
angle of attack at maximum lift (cf. spiral). 

flat spin—A spin in which the longitudinal axis 
is less than 45° from the horizontal, 

inverted spin—A maneuver having the character¬ 
istics of a normal spin except that the airplane 

is in an inverted attitude, 
normal spin—A spin which is continued by reason 

of the voluntary position of the control surfaces, ! 
recovery from which can be effected within two j 
turns by neutralizing or reversing all the con¬ 
trols. Sometimes called “controlled spin” 

Tig. 8). 
uncontrolled spin—A spin in which the controls 

are of little or no use in effecting a recovery, 
spinner—A fairing of approximately conical or para- ; 

boloidal shape, which is fitted coaxially with the 

propeller hub and revolves with the propeller. (See 
fig. 5.) 

spiral—A maneuver in which an airplane descends in 
a helix of small pitch and large radius, the angle of 
attack being within the normal range of flight angles 
(fig. 8) (cf. spin). 

split S—A maneuver consisting of a half snap roll fol¬ 
lowed by a pull-out to normal flight, thus obtaining 
a 180° change in direction accompanied by a loss of 
altitude (fig. 8). 

spoiler—A small plate arranged to project above the 
upper surface of a wing to disturb the smooth air 
flow, with consequent loss of lift and increase of drag. 
(See fig. 1.) (Cf. interceptor.) 

squat—A downward, or negative, displacement of the 
center of gravity of a seaplane while running on the 
water. 

spray strip—A strip projecting from the hull of a sea¬ 
plane to change the manner in which the spray is 
thrown. 

sponson—A protuberance from a seaplane hull designed 
to increase the beam or give lateral stability at rest. 

stability—That property of a body which causes it, 
when its equilibrium is disturbed, to develop forces 
or moments tending to restore the original condition, 

automatic stability—Stability dependent upon 
movable control surfaces automatically operated 
by mechanical means. 

directional stability—Stability with reference to 
disturbances about the normal axis of an air¬ 
craft, i.e., disturbances which tend to cause 

yawing. 
dynamic stability—That property of an aircraft 

which causes it, when its state of steady flight 
is disturbed, to damp the oscillations set up by 
the restoring forces and moments and gradually 
return to its original state, 

inherent stability—Stability of an aircraft due 
solely to the disposition and arrangement of its 
fixed parts; i.e., that property which causes it, 
when disturbed, to return to its normal attitude 
of flight without the use of the controls or the 
interposition of any mechanical device, 

lateral stability—Stability with reference to dis¬ 
turbances about the longitudinal axis; i.e., dis¬ 
turbances involving rolling or sideslipping. The 
term lateral stability is sometimes used to in¬ 
clude both directional and lateral stability, since 
these cannot be entirely separated in flight, 

longitudinal stability—Stability with reference to 
disturbances in the plane of symmetry, i.e., 
disturbances involving pitching and variation 
of the longitudinal and normal velocities, 

static stability—That property of an aircraft 
which causes it, when its state of steady flight 
is disturbed, to develop forces and moments 
tending to restore its original condition. 
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stabilizer (airplane)—Any airfoil whose primary func¬ 
tion is to increase the stability of an aircraft. It 
usually refers to the fixed horizontal tail surface of 
an airplane, as distinguished from the fixed vertical 

surface. (See fig. 5.) 
stabilizer (aerostat)—Same as fin. 

stabilizer, stub-wing—A projection from the side of 

the central hull of a flying boat intended to increase 
the buoyancy and stability of a flying boat while the 
boat is at rest and to increase the hydrodynamic lift 
during the take-off. It is an integral part of the 
hull, and usually takes the form of a stumpy airfoil 
or a stub wing. 

stagger—-A term referring to the longitudinal position 
of the axes of two wings of an airplane. Stagger of 
any section is measured by the acute angle between 
a line joining the wing axes and a line perpendicular 
to the upper wing chord, both lines lying in a plane 
parallel to the plane of symmetry. The stagger is 
positive when the upper wing is in advance of the 
lower. (See fig. 5.) 

stall—The condition of an airfoil or airplane in which 
it is operating at an angle of attack greater than the 
angle of attack of maximum lift, 

stalling speed—See speed, stalling. 

standard atmosphere—See atmosphere, standard. 

static ceiling—See ceiling, static. 

static pressure—The force per unit area exerted by a 
fluid on a surface at rest relative to the fluid, 

static stability—See stability, static. 

static tube—A cylindrical tube with a closed end and a 
number of small openings normal to the axis, 
pointed upstream, used to measure static pressure, 

station, airship—See airship station. 

step—A break in the form of the bottom of a float or 
hull, designed to diminish resistance, to lessen the 
suction effects, and to improve control over longi¬ 
tudinal attitude. 

stern-droop—A deformation of an airship in which its 
longitudinal axis bends downward at the after end. 

sternheavy—The condition in which, in normal flight, 
the after end of an airship tends to sink and which 
requires correction by means of the horizontal con¬ 
trols. It may be due to either aerodynamic or 
static conditions, or to both (cf. bowheavy). 

stern-weighing device—An instrument located near 
the stern of an airship for measuring its buoyancy 
(cf. bow-weighing device). 

stiffener, bow—A rigid member attached to the bow 
of a nonrigid or semirigid envelope to reinforce it 
against the pressure caused by the motion of the 
airship. (See figs. 3 and 4.) 

sting—A light rod attached to and extending backward 
from a body for convenience of mounting when 
testing in a wdnd tunnel. 

streamline—The path of a particle of a fluid, sup¬ 
posedly continuous, commonly taken relative to a 
solid body past which the fluid is moving; generally 
used only of such flows as are not eddying, 

streamline flow—See flow, streamline. 

streamline form—The form of a body so shaped that 
the flow about it tends to be a streamline flow, 

stresses, breathing—Stresses produced in an aerostat 
by breathing. They are of importance in the enve¬ 
lope and keel of a semirigid airship, due to the 
interaction of the envelope and keel when the 
envelope breathes. 

strut—-A compression member of a truss frame. (See 
fig. 5.) 

oleo strut—A shock-absorbing telescopic strut in 
which an oleo gear is incorporated, 

stub plane—See stabilizer, stub-wing. 
sun compass—See compass, sun. 
supercharge—To supply an engine with more air or 

mixture than would be inducted normally at the 
prevailing atmospheric pressure. The term super¬ 
charged is generally used to refer to conditions at 
altitudes where the pressure in the intake manifold 
is parti}7 or completely restored to that existing 
under normal operation at sea level (cf. boost). 

supercharger—A pump for supplying the engine with a 
greater weight of air or mixture than would normally 
be inducted at the prevailing atmospheric pressure. 

centrifugal-type supercharger—A high-speed ro¬ 
tary blower equipped with one or more multi¬ 
blade impellers wdiich, through centrifugal 
action, compress the air or mixture in the induc¬ 
tion system. 

positive-driven-type supercharger — A super¬ 
charger driven at a fixed speed ratio from the 
engine shaft by gears or other positive means. 

reciprocating-type supercharger—A positive-dis¬ 
placement reciprocating pump in which the air 
or mixture is compressed by a piston working in 
a cylinder. 

Roots-type supercharger—A positive-displace¬ 
ment rotary blower consisting of two double- 
lobed impellers turning in opposite directions on 
parallel shafts within a housing, the impellers 
rolling together except for a small clearance, 
meanwhile alternately trapping incoming air or 
mixture in the ends of the housing and sweeping 
it through to the outlet. 

vane-type supercharger—A positive-displacement 
rotary blower having an eccentrically located 
rotor provided with one or more vanes, 

supercharger control: bypassing (Roots)—Regulating 
the pressure of the air supplied to the carburetor by 
discharging into the free atmosphere the excess 
delivered by the supercharger. 
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superheat—The amount by which the temperature of 
the gas in the envelope or gas cells of an aerostat 
exceeds the temperature of the surrounding air. If 
the gas has a lower temperature, the superheat is said 
to be negative. 

superpressure—The excess of pressure at the bottom 
of an airship gas cell or envelope over the outside 
atmospheric pressure, 

suspension band—See band, suspension. 
suspension bar (or ring)—A bar to which the suspen¬ 

sion ropes of the balloon basket are secured. It is 
also fitted with ropes and toggles for attachment 
to the basket suspensions from the envelope or net; 
also called “ trapeze bar.” 

suspension, basket—The suspension by means of which 
the basket of a kite balloon is supported beneath the 
balloon body proper. It is independent of the winch 
suspension. 

suspension, winch—The rigging by means of which the 
lift and drag of a kite balloon are transmitted from 
the envelope to the towing or traction cable, 

sweepback—The acute angle between a line perpen¬ 
dicular to the plane of symmetry and the plan pro¬ 
jection of a reference line in the wing. (See fig. 5.) 

tab—An auxiliary airfoil attached to a control surface 
for the purpose of reducing the control force or 
trimming the aircraft. 

tachometer—An instrument that measures in revolu¬ 
tions per minute the rate at which the crankshaft 
of an engine turns. 

tail, airplane—The rear part of an airplane, usually 
consisting of a group of stabilizing planes, or fins, 
to which are attached certain controlling surfaces 
such as elevators and rudders; also called “em¬ 

pennage.” 
tail area—See area, measurement of. 
tail boom—A spar or outrigger connecting the tail sur¬ 

faces and the main supporting surfaces, 
tail drag—A movable or variable weight suspended 

from the after part of an airship moored to a mast, 
to aid in restraining the vertical and lateral motions 
of the stern of the airship. 

tailheavy—The condition of an airplane in which the 
tail tends to sink when the longitudinal control is 
released in any given attitude of normal flight (cf. 

noseheavy). 
tail skid—A skid for supporting the tail of an airplane 

on the ground. (See fig. 5.) 
tailless airplane—See airplane, tailless. 

tail slide—Rearward motion, relative to the air, of an 

aircraft in flight. 
tail surface—A stabilizing or control surface in the tail 

of an aircraft. 
tail wheel—See wheel, tail. 

take-off—The act of beginning flight in which an air¬ 
plane is accelerated from a state of rest to that of 
normal flight. In a more restricted sense, the final 
breaking of contact with the land or wTater. 

take-off distance—The distance in which an airplane 
wall finally break contact with the land or water, 
starting from zero speed. Take-off distance is con¬ 
sidered in a calm or at a specified wind velocity, 

tank, seaplane—An elongated tank filled with water 
through which models of seaplane floats, boat hulls, 
hydro vanes, etc., are towed, and the forces and 
moments on the model are measured, 

tank, service—A fixed fuel tank near each power unit, 
into which fuel from other tanks is pumped and from 
which the fuel supplying the engine is drawn, 

taper in plan only—A gradual change (usually a 
decrease) in the chord length along the wing span 
from the root to the tip, with the wing sections 
remaining geometrically similar, 

taper in thickness ratio only—A gradual change in the 
thickness ratio along the wing span with the chord 
remaining constant. 

taxi—To operate an airplane under its own power, 
either on land or on water, except as necessarily 
involved in take-off or landing, 

taxiway—A specially prepared area over which air¬ 
planes may taxi to and from the landing area of a 
landing field. 

tee, wind—See wind tee. 

terminal velocity—See velocity, terminal. 
test chamber—See experiment chamber. 
thickness ratio—The ratio of the maximum thickness 

of an airfoil section to its chord, 
three-point landing—See landing, three-point. 
thrust, effective propeller—See propeller thrust, 

EFFECTIVE. 

thrust, propeller—See propeller thrust. 
thrust, static propeller—See propeller thrust, 

static. 
tip radius (or propeller radius)—The distance of the 

outermost point of a propeller blade from the axis of 
rotation. 

torque stand—A test stand on which the engine torque 
is measured. 

towing sleeve—See sleeve, towing. 
tractor airplane—See airplane, tractor. 
traffic-control projector—-A projector designed to give 

light signals to an aircraft pilot, 
trailing edge—The rearmost edge of an airfoil or of a 

propeller blade, 
trail rope—See drag rope. 
trajectory band—See band, trajectory. 
transition strip—A section of the landing area adjacent 

to a runway or other hard-surfaced area, constructed 
of crushed stone, or other suitable material, properly 
bound, to insure the safe landing and taxying of air¬ 
planes across such a runway or area in any direction, 

transverse: 
intermediate transverse—An open unbraced 

transverse frame of a rigid airship between two 
main or braced transverse frames. 
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transverse—continued. 
main transverse—One of the main transverse 

strengthening frames of a rigid airship provided 
with wire or girder bracing and spaced at regular 
intervals throughout the length of the airship. 

trim: 
(airplane) trim—The attitude with respect to 

wind axes at which balance occurs in rectilinear 

flight with free controls. 
(airship) trim—The attitude of the longitudinal 

axis of an airship with respect to the horizontal. 
(seaplane) trim—The angle with the horizontal 

surface of the water assumed by the float or 
hull under given conditions, 

trimming moment—The moment about a reference 
point, usually the center of gravity, exerted by the 
seaplane hull or float when held at1 a fixed trim angle. 
It is considered positive when the bow tends to rise, 

tunnel, water—See water tunnel. 

tunnel, wind—See wind tunnel. 

turbulent flow—-See flow, turbulent. 

turn, Immelman—See Immelman turn. 

turn-and-bank indicator—An instrument combining in 
one case a turn indicator and a lateral inclinometer, 

turn indicator—An instrument for indicating the ex¬ 
istence and approximate magnitude of angular veloc¬ 
ity about the normal axis of an aircraft, 

turnmeter—An instrument that measures the rate of 
turn of an aircraft about any predetermined axis, 

ultimate load—See load, ultimate. 

undercarriage—See landing gear. 

undock—To remove an airship from its dock, 
useful load—See load, useful. 

valve—To release air or supporting gas from an aero¬ 
stat into the atmosphere. 

valve: 
automatic valve—(1) A spring-loaded relief valve 

fitted to the envelope, ballonet, or gas cell 
of an aerostat and set to open at a predeter¬ 
mined pressure for the purpose of preventing 
excessive internal pressure. (See figs. 4 and 6.) 
(2) A type of valve, used on some aerostats, 
which opens at a predetermined volume or hull 
dimension. 

maneuvering valve—A manually operated valve 
fitted to the envelope, ballonet, or gas cell of an 
aerostat for the purpose of releasing gas or air 
from within the envelope or gas cell as desired, 

valve petticoat—A special sleeve between the valve 
and gas container making it possible to tie off the 
sleeve and change valves without loss of gas. 

valve seal—A fabric cover used to seal the automatic 
valves of a rigid airship while it is docked, 

vane-type supercharger—See supercharger, vane- 
type. 

velocity, terminal—The hypothetical maximum speed 
that an airplane could attain along a specified 
straight flight path under given conditions of weight 

and propeller operation, if diving an unlimited dis¬ 
tance in air of specified uniform density. If the 
term is not qualified, a vertical path angle, normal 
gross weight, zero thrust, and standard sea-level air 
density are assumed, 

vent: 
fuel-tank vent—A small tube used to conduct sur¬ 

plus fuel from a fuel tank, overboard clear of 
the airplane, and to equalize pressures. 

oil-tank vent—A large tube used to conduct oil 
vapors from the engine to the oil tank. 

parachute vent—A distendable opening in the 
apex of the canopy of a parachute designed to 
relieve excess pressure and to stabilize the para¬ 
chute in descent. 

venturi tube (or venturi)—-A short tube of varying cross 
section. The flow through the venturi causes a 
pressure drop in the smallest section, the amount of 
the drop being a function of the velocity of flow, 

visibility—The greatest distance at which conspicuous 
objects can be seen and identified, 

volume, aerodynamic—See aerodynamic volume. 
volume, gas (airship)—The volume of the contained 

gas (cf. capacity). 
walkway girder—See girder, walkway. 
warp—To change the form of a wing by twisting it. 

Warping was formerly used to perform the function 
now performed by ailerons. 

wash—The disturbance in the air produced by the 
passage of an airfoil. Also called the “wake” in the 
general case for any solid body, 

washin—A warp of an airplane wing giving an increase 
of the angle of attack toward the tip. 

washout—A warp of an airplane wing giving a decrease 
of the angle of attack toward the tip. 

water recovery—The process and the equipment used 
on an airship for condensing and recovering the 
water contained in the exhaust gases of internal- 
combustion engines, in order to avoid the valving 
of gas as the fuel is consumed, 

water tunnel—A device similar to a wind tunnel, but 
using water as the working fluid, 

weight: 
dischargeable (or consumable) weight (airship)— 

All weight that can be consumed or discharged 
and still leave the airship in safe operating con¬ 
dition with a specified reserve of fuel, oil, water 
ballast, and provisions, and with the normal 
crew. 

empty weight—The structure, power plant, and 
fixed equipment of an aircraft. Included in 
this fixed equipment are the water in the radi¬ 
ator and cooling system, all essential instru¬ 
ments and furnishings, fixed electric wiring for 
lighting, heating, etc. In the case of an aero¬ 
stat, it also includes the amount of ballast that 
must be carried to assist in making a safe 
landing. 
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weight—continued. 
fixed weight (airship)—The weight of the ma¬ 

chinery and all equipment and parts that are 
fixed in position and nonconsumable. Liquids in 
the cooling systems of the engines are included, 

fixed power plant weight for a given airplane 
weight—The weight of the power plant and its 
accessories, exclusive of fuel and oil and their 

tanks. 
gross weight (airplane)—The total weight of an 

airplane when fully loaded. (Cf. load, full.) 
net weight (stress analysis)—The gross weight, 

less some specific partial weight. Very often 
the partial weight is the dead weight of the 
wings, but it may be the useful load. The par¬ 
tial weight in question should always be clearly 

indicated by the context, 
wheel control—See control column. 
wheel, tail—A wheel used to support the tail of an 

airplane when on the ground. It may be steerable 

or nonsteerable, fixed or swiveling, 
winch suspension—See suspension, winch. 

wind cone—See cone, wind. 
wind indicator—A device that indicates the direction 

and velocity of the surface wind, 
wind, relative—The velocity of the air with reference 

to a body in it. It is usually determined from 
measurements made at such a distance from the 
body that the disturbing effect of the body upon 

the air is negligible. 
window, inspection—A small transparent wdndow fitted 

in the envelope of a balloon or airship, or in the 
wing or fuselage of an airplane, to allow' inspection 

of the interior. (See figs. 3 and 5.) 
wind tee—A large T-shaped weather vane located on 

a landing field or on the top of an adjacent struc¬ 
ture to indicate the direction of the wdnd. It may 
have the form of an airplane and may be illuminated 
for night landings. Also called “landing tee.” 

wind tunnel—An apparatus producing an artificial 
wind or air stream, in which objects are placed for 
investigating the air flow about them and the aero¬ 

dynamic forces exerted on them (fig. 7). 
wing—A general term applied to the airfoil, or one of 

the airfoils, designed to develop a major part of the 

lift of a heavier-than-air craft. 
equivalent wing (stress analysis)—A wing of the 

same span as the actual wing, but with the 
chord at each section reduced in proportion to 
the ratio of the average beam load at that sec¬ 
tion to the average beam load at the section 

taken as the standard, 
wing ar a—See area, measurement of. 

wing axis—See axis, wing. 
wingheavy, right or left—The condition of an airplane 

whose right or left wdng tends to sink when the 
lateral control is released in any given attitude of 

normal flight. 

wing loading—See loading, wing. 

wing-over—A maneuver in which the airplane is put 
into a climbing turn until nearly stalled, at which 
point the nose is allowed to fall while continuing 
the turn, then returned to normal flight from the 
ensuing dive or glide in a direction approximately 
180° from that at the start of the evolution (fig. 8). 

wing profile—The outline of a wing section, 
wing rib—A chord wise member of the wing struc¬ 

ture of an airplane, used to give the wing section 
its form and to transmit the load from the fabric 

to the spars. 
compression wing rib—A heavy rib designed to 

perform the function of an ordinary wing rib 
and also to act as a strut opposing the pull of 

the w'ires in the internal drag truss, 
former (or false) wing rib—An incomplete rib, 

frequently consisting only of a strip of wrood ex¬ 
tending from the leading edge to the front spar, 
which is used to assist in maintaining the form 
of the wing where the curvature of the airfoil 

section is sharpest. (See fig. 5.) 
wing section—A cross section of a wing parallel to the 

plane of symmetry or to a specified reference plane, 
wing section, aerodynamic center of—See aerody¬ 

namic center. 

wing skid—A skid placed near the wing tip to protect 
the wing from contact with the ground, 

wing spar—A principal spanwise member of the wing 

structure of an airplane. (See fig. 5.) 
wing tip—The outer end of an airplane wing, 
wing-tip flare—See flare, wung-tip. 

wing-tip rake—A term referring to the shape of the 
tip of the wing when the tip edge is sensibly straight 
in plan but is not parallel to the plane of symmetry. 
The amount of rake is measured by the acute angle 
between the straight portion of the wdng tip and the 
plane of symmetry. The rake is positive when the 
trailing edge is longer than the leading edge, 

wire (airplane): 

antidrag wire—A wire intended primarily to resist 
the forces acting fonvard in the chord direction. 
It is generally enclosed in the wing. (See fig. 5.) 

drag wire—A wire intended primarily to resist 
the forces acting backward in the chord direc¬ 
tion. It is generally enclosed in the wing. (See 

fig. 5.) 
landing wire—A wire or cable wdiich braces the 

wing against the forces opposite to the normal 

direction of the lift. (See fig. 5.) 
lift wire—A wdre or cable which braces the 

wings against the lift force; sometimes called 

“flying wire.” (See fig. 5.) 
stagger wire—A wire connecting the upper and 

lower wdngs of an airplane and lying in a 
plane substantially parallel to the plane of 
symmetry; also called “incidence wire.” (See 

fig. 5.) 
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wire (airship): 
antiflutter wire—A wire in the plane of the outer 

cover for local reinforcement and for reducing 
flutter due to variations in air pressure or pro¬ 
peller wash. 

chord wire—A wire joining the vertices of a main 
transverse frame. 

diametral wire—A chord wire that passes through 
or near the center of a main transverse frame. 
It is usually attached to the axial fitting, 

fairing wire—A wire provided as a point of attach¬ 
ment for the outer cover to maintain the con¬ 
tour lines of the envelope of an airship, 

main shear wire—A diagonal wire taking up main 
shear loads in the structure of a rigid airship, 

netting wire—Diagonal or circumferential wire 
netting fitted between the longitudinals over 
the entire hull of a rigid airship to transmit the 
lift of the gas cells to the structure. 

wire—continued. 

radial wire—A wire that extends from an axial 
fitting at the center of a transverse frame of a 
rigid airship to one of the vertices of the frame, 

secondary shear wire—An additional reinforcing 
shear wire. 

yaw—An angular displacement about an axis parallel 
to the normal axis of an aircraft. 

yawing—Angular motion about the normal axis (fig. 
13.) 

yaw line—See line, yaw. 

yawmeter—An instrument that measures the angle of 
yaw of an aircraft. 

zero-lift angle—See angle, zero-lift. 

zoom—To climb for a short time at an angle greater 
than the normal climbing angle, the airplane being 
carried upward at the expense of kinetic energy. 



AERONAUTIC SYMBOLS 

1. FUNDAMENTAL AND DERIVED UNITS 

W, 

g, 

m, 

I, 

M, 

S, 
Sw, 
G, 

b, 
c, 
b2 
S’ 
V, 

a, 

L, 

D, 

D0, 

Du 

Dv, 

C, 
B, 

Metric English 

Symbol 
Unit 

Abbrevia¬ 
tion 

Unit 
Abbrevia¬ 

tion 

l 
t 
F 

mptf>r m foot (or mile) - ft. (or mi.) 
Rp.p.nnd __ __ _ s second (or hour). ... sec. (or hr.) 

Force. weight of 1 kilogram. _ _ kg weight of 1 pound lb. 

p horsepower- hp. Power- 

Speed . _ V 
/kilometers per hour — 
\meters per second- 

k.p.h. 
m.p.s. 

miles per hour — 
feet per second _ 

m.p.h. 
f.p.s. 

2. GENERAL SYMBOLS 

Weight = mg 
Standard acceleration of gravity = 9.80665 

m/s2 or 32.1740 ft./sec.2 
W 

Mass = — 
9 

Moment of inertia = mk2. (Indicate axis of 
radius of gyration k by proper subscript.) 

Coefficient of viscosity 

v, Kinematic viscosity 
P} Density (mass per unit volume) 
Standard density of dry air, 0.12497 kg-m_4-s2 at 

15° C. and 760 mm; or 0.002378 lb.-ft.~4-sec.2 
Specific weight of “standard” air, 1.2255 kg/m3 or 

0.07651 lb./cu.ft. 

3. AERODYNAMIC SYMBOLS 

Area 
Area of wing 
Gap 
Span 
Chord 

Aspect ratio 

True air speed 

Dynamic pressure = ^pU2 

L 
Lift, absolute coefficient CL = -g 

D0 

Drag, absolute coefficient GD = ^ 

Profile drag, absolute coefficient CDo = 

Induced drag, absolute coefficient CDi = ^ 

Parasite drag, absolute coefficient GDp = ^ 

C 
Cross-wind force, absolute coefficient Gc~—g 

Resultant force 

^W) 

Q, 
o, 

VI 
p—, 

a, 

aoy 

«<, 
Ota, 

Y, 

Angle of setting of wings (relative to thrust 

line) 
Angle of stabilizer setting (relative to thrust 

line) 
Resultant moment 
Resultant angular velocity 

Reynolds Number, where l is a linear dimension 
(e.g., for a model airfoil 3 in. chord, 100 
m.p.li. normal pressure at 15° C., the cor¬ 
responding number is 234,000; or for a model 
of 10 cm chord, 40 m.p.s. the corresponding 

number is 274,000) 
Center-of-pressure coefficient (ratio of distance 

of c.p. from leading edge to chord length) 

Angle of attack 
Angle of downwash 
Angle of attack, infinite aspect ratio 

Angle of attack, induced 
Angle of attack, absolute (measured from zero- 

lift position) 
Flight-path angle 

631 
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Positive directions of axes and angles (forces and moments) are shown by arrows 

r 

Axis 

Force 
(parallel 
to axis) 
symbol 

Moment about axis Angle Velocities 

Designation 
Sym¬ 

bol 
Designation 

Sym¬ 
bol 

Positive 
direction 

Designa¬ 
tion 

Sym¬ 
bol 

Linear 
(compo¬ 

nent along 
axis) 

Angular 

Longitudinal . X X Rolling_ L Y- Roll._ </> u V 
Lateral. __ Y Y Pitching_ M Z -*X Pitch_ 9 V q 
N ormal _ Z Z Yawing— N X- Yaw_ * w r 

Absolute coefficients of moment 

L „ M 
qbS 

(rolling) 

a- Cm qcS 
(pitching) 

Angle of set of control surface (relative to neutral 
r _ A7 position), <5. (Indicate surface by proper subscript.) 
Ln~qbS 
(yawing) 

4. PROPELLER SYMBOLS 

D, 

V, 
P/D, 

V', 
VS, 

T, 

Q, 

Diameter 
Geometric pitch 
Pitch ratio 
Inflow velocity 
Slipstream velocity 

T 
Thrust, absolute coefficient CT~ — 

’ p 

Torque, absolute coefficient CQ = Q 
pn2D5 

P, 

c» 
v, 
n, 

4>, 

Power, absolute coefficient CP = —^zjjs 

Speed-power coefficient = 

Efficiency 
Revolutions per second, r.p.s. 

Effective helix angle = tan-1 (^-^ 
& \2irrnJ 

1 hp. = 76.04 kg-m/s = 550 ft-lb./sec. 
1 metric horsepower = 1.0132 hp. 

1 m.p.h. = 0.4470 m.p.s. 
1 m.p.s. = 2.2369 m.p.h. 

5. NUMERICAL RELATIONS 

1 lb. = 0.4536 kg 
1 kg = 2.2046 lb. 
1 mi. = 1,609.35 m = 5,280 ft. 
1 m = 3.2808 ft. 
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Slat 

Slot 

Interceptor 

Main wing 

Wing equipped with leading-edge slot, 
interceptor, and slotted aileron. 

Axis 
of 

Wing equipped with spoiler and Frise aileron 

Figure 1.—Wing equipped with special control devices 

Leading edge Trailing edge '' | 

4 
a/c, upper camber 
b/c, lower camber 
m/c, mean camber 
c, chord length 

Figure 

d, mean line of the airfoil profile 
c/4, aerodynamic center (quarter- 

chord point) 
/, profile thickness 

2.—Dimensions of an airfoil profile. 

A, air pipe to ballonet 

B, air scoop 
C, air valve 
D, balanced surface 

E, ballonet 
F, ballonet manhole 
G, ballonet seam 
H, ballonet valve cord 

I, bow cap and stiffeners 

J, car 
K, drag rope stowage 
L, elevator (balanced) 
M, elevator controls 
N, .elevator-control fairlead 

O, envelope 
P, fin, vertical 

Q, fin, horizontal 
R, gas manhole 

S, gas valve 
T, hand rail 
U, handling lines 
V, horn (rudder, elevator) 

W, inflation sleeve 
X, inspection window 

Figure 3.—A uonrigid airship. 

Y, martingales 
Z, mooring line 
A', rip cord 
B', rip panel 
C', rudder (balanced) 
D', rudder controls 
E', suspension wires, car 

F', valve controls 

A, air duct 
B, air valve 
C, automatic and manual valve 
D, axial suspension band 
E, balanced surface 
F, ballast (water) 
G, ballonet 
H, ballonet blc ver 
I, bow cap 
J, bow stiffeners 
K, car (control and power) 
L, catenary 
M, climbing shaft 

N, control cables 
O, drag rope (stowage) 

(gas) P, elevator (balanced) 
Q, fin (horizontal) 
R, fin (vertical) 
S, gas cell 
T, gasoline tank 
U, gland 
V, handling lines 
W, inflation sleeve 
X, keel, continuous from bow to stern 

(articulated) 
Y, longitudinal diaphragm 

Figure 4.— 

Z, mooring line 
A', observation platform 
B', outer cover 
C', pneumatic bumper bag 
D', radiator 
E', rudder (balanced) 
F', suspension wires 
G', transverse diaphragm 
H', valve hood 
I', ventilator 
J', wall of gas cell under partial de 

flation 

A semirigid airship. 

40768—34 41 
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A, aileron A', lift wires 

B, angle of landing B', longeron 

C, angle of stabilizer setting C', overhang 

D, angle of wing setting D', propeller blade 

E, antidrag wires E', propeller boss 

F, balanced surface F', propeller hub 

G,chord G', propeller root 

H, cockpit H', propeller tipping 

1, control stick 1', rudder 

J, control wires J', rudder bar 

K, cowling K', shock absorber 

L, decalage L', span' 

M, dihedral angle M', spinner 

N, drag strut N', stabilizer 

O, drag wires, external O', stagger 

P, drag wires, internal P', stagger wires 

Q, elevator Q', stay 

R, fin R', strut 

S, fire wall S', sweepback 

T, fuselage T', tail skid 

U, gap U', trailing edge 

V, horn V', wing rib 

W, inspection window W', wing rib, former 

X, landing gear X', wing spar 

Y, landing wires Y\ wing tip 

Z, leading edge 

Figure 5.—An airplane. 
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A, a wing-over 
B, a snap roll 
C, a chandelle 
D, an aileron roll 
E, a split S 

F, an Immelman turn 

G, a spiral 
H, a normal spin 

I, a normal loop 

Figure 8. Airplane maneuvers. 
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C, center of pressure 
D, direction of relative wind 

E, drag 

H, lift, dynamic 
I, positive lift axis 
J, resultant force 

D 
A, angle of roll 
B, c.g. and longitudinal axis 

C, lateral axis 
D, positive direction of roll 

Figure 10.—Rolling. 

Figure 9.—Lift and drag axes. 

C, c.g. and normal axis 

Figure ll.—Sideslipping. 

C, direction of relative wind F, propeller thrust 

Figure 12.—Pitching. 

Figure 13.—Yawing. 
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